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Foreword 


Separation-induced  vortex  flows  are  an  important  part  of  the  design  and  off-design  performance  of  conventional  fighter 
aircraft,  and  new  or  unconventional  advanced  fighter  desi^s,  missiles,  and  space  plane  concepts,  A  better  understanding  is 
needed  in  order  to  predict  and  control  these  vortex  flows  throu^out  the  flight  envelope  at  subsonic,  transonic,  and  supersonic 
speeds,  and  especially  during  high  lift  opemtions  for  take-offs,  landings,  and  sustained  and  instantaneous  maneuvers. 

The  principal  emphasis  of  the  Symposium  was  on  the  understanding  and  prediction  of  vortex  flows  and  their  effects  on  vehicle 
performance,  stability,  control,  and  structural  design  loads.  Topics  of  interest  included  vortex  development  and  burst,  modeling 
and  validation  of  the  full  range  of  analytical  methods,  sicndcr-body  vortex  flows  at  high  angles-ot-attack,  vortex  control  and 
management,  and  unsteady  vortex  flow  effects 


J.F.  Campbell/A.D.  Young 
Co-Chairmen 


Avant-Propos 


Lcs  ecoulements  tourbillonnaires  lies  au  decollement  juueni  un  role  imporianl  dans  les  performances  normalisees  cl  les 
performances  hors  normes  des  avions  de  combat  conventionneK,  ainsi  que  dans  la  conception  des  avions  de  combat  modernes 
evolues  ou  expenmentaux,  des  missiles  et  des  avions  spatiaux. 

Une  meilleure  comprehension  de  ces  phenomenes  permettrait  de  predire  et  de  mailriser  les  ecoulements  lourbillonnaires  dans 
tout  le  domaine  de  vol  a  des  vitesses  subsoniques,  transsoniques  el  supersoniques,  en  particulier  tors  des  operations  de 
sustentation  au  d&ollage,  a  Paterrissage,  et  lors  des  manoeuvres  soutenues  et  ponctuelles. 

L'accent  principal  du  symposium  a  ele  mis  sur  la  compreheasion  et  la  prediction  des  ecoulements  lourbillonnaires  et  leurs 
effets  sur  les  performances,  la  stabilite,  le  pilotage,  et  les  efforts  strucUraux  d’etude  des  vehicules  aeriens.  Parmi  les  sujets 
examines  on  distingue:  I’evolution  et  I’eclatement  des  tourbillons,  la  modelisalion  et  la  validation  de  I'integrahle  des  methodes 
analytiques,  les  ecoulements  tourbillonnaires  autour  des  corps  effiles  aux  grands  angles  d’attaque,  le  controle  et  la  maitnse  des 
tourbillons  et  les  effets  des  ecoulements  tourbillonnaires  instationnaires. 


J.F.Campbell/A.D.  Young 
Co-Presidents  du  Comitc 
de  Programme 
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MODfiUNG  AND  NUMERICAL  SIMULATION  OF 
VORTEX  FLOW  IN  AERODYNAMICS 

by 

lI.W.M.Hoeijmakers , 

National  Aerospace  Laboratory  NLR 
Anthony  Fokkerweg  2, 1059  CM  Amsterdam 
TTie  Netherlands 


SUMMARY 

A  review  is  presented  of  msthemstical  models  of 
different  level  of  approximation  for  and  their  ap* 
plication  to  the  numerical  simulation  of  vortical 
type  of  flows  occurring  in  subsonic  and  transonic 
aircraft  aerodynamics.  The  paper  covers  compuca* 
tional  methods  for  predicting  the  downstream  de¬ 
velopment  of  vortex  wakes  as  well  as  methods  for 
simulating  the  detailed  characteristics  of  config¬ 
urations  with  leading-edge  or  body  vortices.  The 
emphasis  is  on  the  latter,  strong- interaction, 
type  of  vortical  flows. 

Promising  new  developments  of  the  methods  used  at 
present  are  discussed  in  some  detail.  The  possi¬ 
bilities,  limitations  and  prospects  of  improvement 
of  the  methods  are  indicated  and  results  of  dif¬ 
ferent  methods  are  discussed.. 

Also  considered  are  some  more  fundamental  aspects 
of  the  numerical  simulation  such  as  separation  at 
sharp  and  round  leading  edges,  separation  at  a 
smooch  part  of  the  surface  the  structure  of  the 
leading-edge  vortex  and  the  merging  of  two  vor-' 
tices. 


1.  INTRODUCTION 

In  aircraft  aerodynamics  flows  involving  free 
shear  (vortex)  layers  and  vortex  cores,  generally 
termed  vortex  flows,  play  an  important  role 
(Kuchemamii  Ref.  1).  At  the  high  Reynolds  numbers 
pertinent  to  aircraft  aerodynamics  free  shear  lay¬ 
ers  form  whenever  the  flow  encounters  a  sharp 
edge.  The  properties  of  the  (chin)  shear  layer  are 
determined  by  the  conditions  that  at  the  edge  (a 
geometrical  singularity)  the  velocity  remains  fi¬ 
nite  and  that  vorticlty  is  convected  away  from  it, 
i.e.  the  Kutta  condition.  It  should  be  realized 
chat  in  the  three-dimensional  hi^-Reynolds-number 
flow  of  Interest  here  the  vorticlty  contents  of 
Che  shear  layer  is  prioutrily  determined  by  the 
shear  of  the  velocity  vector  (i.e.  magnitude  of 
the  disconcinulty  in  its  direction)  across  the 
separation  line,  not  by  the  vorticlty  within  the 
vlsco'is  layers  meeting  at  the  separation  line 
(Hirschel,  Ref.  2). 

Away  from  the  edge  the  shear  layer  usually  rolls 
up  into  one  or  more  vortex  cores  which  remain  em¬ 
bedded  within  the  shear  layer  and  are  continuously 
fed  with  vorticlty  from  the  shear  layer..  Sooner  or 
later  most  of  the  vorcici^  generated  at  the  edge 
will  be  concentrated  in  these  regions  with  dis¬ 
tributed  vorticity.  The  resulting  vortical  flow 
structure  is  often  well-ordered,  steady  and  per¬ 
sistent. 

On  an  aircraft  configuration,  the  flow  may  separate 
before  a  sharp  edge  is  reached,  i.e.  at  a  smooth 
portion  of'ithe  surface.  In  contrast,  to  the  separa¬ 
tion  at  a  sharp  edge  the  location  vof-  the  smooth- 
surface  separation  depends,  on  Mach  number,  inci¬ 
dence,  Reynolds  n\^er,t  state  of  the  bowdary.v  lay¬ 
er,  etc.  and  is  not  knovn.>a  priori.  In  three-,di- 
meMional  flow  -  this  ^  type  .of  separation  (i.e.  spe¬ 
cifically  the  so-called  "open*  %pe'  of,  separation) 
may  result  4n  another  well-defined  .and..steady. -vor¬ 
tical  flow  structure,. which  itself,  is  not  very  de¬ 
pendent  on  Reynolds  number; 


Ocher  separations  such  as  "closed*  type  of  separa¬ 
tions  involve  regions  with  recirculating  flow. 

This  type  of  vortex  flow  is  largely  dominated  by 
viscous  effects,  often  occurs  at  off -design  condi¬ 
tions  and  has  associated  with  it  a  usually  un¬ 
steady  and  not-well-ordered  vortical  flow  struc¬ 
ture.  The  latter  type  of  vortical  flow  is  outside 
the  scope  of  the  present  paper,  which  is  primarily 
concerned  with  controllable  and  exploitable  types 
of  vortex  flow. 

Two  t3rpe8  of  vortex  flow  may  be  distinguished, 
vortex  flow  where  there  is  a  weak  and  vortex  flow 
where  there  is  a  strong  interaction  between  the 
vortical  flow  structures  and  the  flow  over  the 
surface  of  the  configuration. 

EXTENDED 


The  flow  in  the  wake  downstream  of  the  trailing 
edge  of  a  transport  type  of  wing  is  usually  a 
weak- Interaction  type  of  vortex  flow.  In  this  case 
the  vorticity  vector  is  in  a  direction  approxima¬ 
tely  perpendicular  to  the  separation  line.  i.e.  in 
this  case  the  trailing  edge  (Fig.  1).  This  means 
that  the  region  with  vortical  flow  is  not  in  the 
close  proximity  of  the  configuration  and  that  the 
influence  of  the  vorticlty  on  the  velocity  and 
pressure  distribution  on  the  surface  of  the  con- 
figuratlon  vill  be  small.  For  weak- interaction 
vortex  flow  the  lift  Increases  approximately  lin¬ 
early  with  Incidence,  at  least  until  viscous  flow 
effects  become  significant. 

Strong-lnteractlon^vortex  flow  can  occur  when  the 
flow  separates  at  the  side  edge  of  a  lov-aspect- 
ratio  wing  of  low  sweep  or  at  the  highly  swept 
leading  edge  of  a  slender  wing  (Fig.  2)' and  also 
when  the  flow  separates  from  the  smooth  surface  of 
the  forebody  of  a  fighter  aircraft  or  the  elong¬ 
ated  body  of  a  missile configuration.  In  these* 
cases  the  vorticity  vector  is  approximately  paral¬ 
lel  to  the  separation  line.  A  strong  interaction 
also ^ takes  place  when. the  vortex  wake  of  one  com¬ 
ponent  of  the  configuration  closely  approaches 
other  components  of- the  aircraft.  Exai^les  are  the 
interaction  of  the  wake  of  the  wing  with  the'  flow 
about  the  tail  surfaces,  fhe  flow- about  a  "close- 
coupled*  canard^wlng  configuration  and  the  flow 
about  a  strake-wing'configuratidn;  In  the  case  of 
strong  interaction- the  rotational  flow'reglon(8) 
are  close  to  the  surface  of' the* configuration  and 
often  remain  ih  the  near  proximity 'of“the  sepafa- . 
tibVt  line.  The  local . surface  velocity  and’pressure 
distribution '  and  -the  'overall  characteristics  of 
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Fig.  2  Delta  wing  with  leading- edge  vortices; 
Strong- Interaction  vortex  flow 


earltles  (e'.g.v  Refs.  7,  8  and  9).  In  the 
present  paper  nethods  that  can  be  applied  to  cases 
where  there  Is  a  coupled  effect  uf  the  two  nonlln- 
earltles  will  be  considered.  In  this  paper  the  em¬ 
phasis  will  be  on  aetnods  for  the  numerical  simu¬ 
lation  of  Invlscld  flows.  Methods  for  the  numeri¬ 
cal  simulation  of  viscous  flow  applied  to  conflgu-' 
rations  with  vortex  flow  are  discussed  in  more  de¬ 
tail  in  Paper  6  of  this  Symposium  (Ref.  10). 

Computational  methods  for  unsteady  flow  or  tor  the 
flow  about  oscillating  configurations  have  not  yet 
been  developed  to  the  same  extent  as  the  methods 
for  steady  flow.  Although  aome  of  the  steady  flow 
methoda  discussed  here  have  been  extended  (or  can 
be  applied)  to  the  case  of  unsteady  flow,  here  we 
will  consider  steady  flow  only. 


the  configuration  are  affected  considerably,  in 
some  cases  favourably  in  other  cases  unfavourably. 
For  strong- Interaction  vortex  flow  typically  the 
lift  Increases  nonllnearly  with  Incidence,  up  to 
higher  Incidences  than  without  vortex  flow.  Ulti¬ 
mately  a  limit  to  the  favourable  effects  is 
reached  when  large-scale  vortex  burst  occurs  above 
the  configuration  and  eventually  the  steady  and 
ordered  vortex-flow  pattern  Is  destroyed. 

Well-known  are  the  favourable  effects  Induced  by 
the  leading-edge  vortices  on  highly  swept  wing  and 
strake-wlng  configurations  at  high  Incidence,  re¬ 
sulting  in  a  substantial  Increase  of  their  lift 
capability  (a.g.  Ref.  3).  This  Is  of  great  pract¬ 
ical  importance  for  configurations  employing  these 
wings  with  their,  according  to  classical  wing  the¬ 
ory,  relatively  small  lift  slope  (dCi/3a). 

Other  details  of  the  vortex  flow  characteristics 
of  fighter  aircraft  are  still  emerging,  as  demon¬ 
strated  by  Lamar  et  al.  (Ref.  4),  Campbell  et  al. 
(Ref.  S),  Erickson  et  al.  (Ref.  6)  in  several 
flow  visualization  Investigations. 

If  the  vortex  lift  capabilities  of  slender-wlng, 
strake-wlng,  canard-wing  and  even  more  exotic  con¬ 
figurations,  that  for  their  characteristics  rely 
on  ordered,  controllable  vortex  flow,  are  to  be 
fully  utilized  a  detailed  knowledge  and  adequate 
mathematical  modeling  of  this  type  of  flow  is  re¬ 
quired. 

It  Is  In  this  area  that  computational  methods  can 
make  a  major  contribution.  The  use  of  computation¬ 
al  methods  does  not  depend, on  the  availability  of 
experimental  data  and,  at  least  in  principle,  It 
is  possible  to  consider  additional  flight  parame¬ 
ters  and/or  new  configurations  without  much  diffi¬ 
culty.  This  leads  to  a  reduction  of  the  number  of 
candidate  configurations  to  be  considered  for  ex¬ 
tensive  wind-tunnel  testings  or  ouiy  even  suggest 
improved  designs.  If  the  theoretical  tools  are  ca¬ 
pable  of  predicting  not* only  the  overall  forces 
and  moments «,spanwl8e  loadings,  etc.  but  also  the 
detaHed  surface  velocity  and. pressure  distribu¬ 
tion  they,  will  be  ;of,  great  .help  to  the  aircraft 
designer,  i^irthermore  the  possibility  to  analyze 
In  detail  the  complete  flow  field  will. help  sig¬ 
nificantly  in  the  analysis, of  the  vortical  flow 
structures. 

It  is  ^e  purpose  of,,^ls^papef  to  review  computa¬ 
tional  methods  for,.che  s^iation  of  the  hlgh- 
^ynoida-humber.  flow  about  confl^ratlons^  featur¬ 
ing  vortical  floy-struc^es;.  The  .characteristic 
fea^re  of  ^Is'^c^e.of.  floy^is.its  strong  nonllnr 
eari^;  Due  to,  the  tn^raejtiph  of  the- vortical 
flow..s,truc;^a8  with flow  oyer  tha^confl^fa- 
tion  .^e.airloads  vary .noniii»aciy'yl'th.-the  dlrecr 
tldn  of  fHe,,.^rea  stream;.  A.'second  hdnlinear.^fXov. 
phenomenon  ;appears^M  t^  frae-stfeu  MacH-number 
is  increased  from  low-subsonic  to -transonic* and 
supersonic^  i.e.r  c^e.to  cbmpressiblll^  effects*. : 
shock  waves  form,  ft  is  not  uncommon  that  there  Is 
a  strong  coupling  between  the  two'  t^as  of  nonlln- 


Earller  reviews  on  vortical  flow  modeling  and 
their  computation  can  be  found  in  Refs.  11, 

12,.  13,  14  and  15. 

In  the  next  sections  we  will  start  wltn  a  descrip¬ 
tion  of  the  main  features  of  the  physics  of  a  num¬ 
ber  of  vortex-dominated  flows^  followed  by  a  dls-' 
cusslon  of  the  various  nuithematlcal  models  for  the 
flow.  In  the  subsequent  sections  examples  are  dis¬ 
cussed  of  the  application  of  these  models  to  a 
number  of,  mostly  generic,  configurations.  Ref.  10 
provides  examples  of  applications  to  more  complete 
aircraft  configurations. 

2.  DESCRIPTIOK  OP  ORDERED  VORTEX  FLOWS 

In  this  section  the  physical  features  of  a  number 
of  vortex  flows  are  described.  In  all  cases  we 
will  deal  exclusively  with  flows  that  will  be 
termed  ordered  vortex  flows.  Ordered  vortex  flows 
are  flows  with  a  topologlcally-vell-deflned, 
steady  and  stable  flow  pattern,  which  Is  main¬ 
tained  within  a  sizable  range  of  flight  parameters 
(Mach  number,  Incidence,  sideslip,  Reynolds  num¬ 
ber,  etc.).  This  Implies  that  most  cases  consider¬ 
ed  here  are  vortex  flows  nssor.l'ated  with  "control¬ 
led"  flow  separation,  l.e.  flow  separating  at 
"aero^mamlcally”  sharp  edges. 

2.1.  Vortex.  Makes  -  Weak  Inttr.ctlon 
At  the  trailing  edge  of  a  wing  of  finite  rpvn  at 
incidence  the  velocity  on  the  lov^r  wing  surface’ 
and  the  velocity  on  the  upper  wing  surface  differ 
in  direction.  Actually  the -static  pressure  should 
be  continiious  at  the  trailing  edge,  which  for  in*' 
compresslble-'lnvlscid  flow  and'  for  compressible' 
invlscld  flow  without  shocks  results  In  the  veloc¬ 
ity  vectors  at  the  trailing  edge  'uelng  equal  In 
magnitude  but  different  In  direction.  This  three- 
dimensional  flow  effect,  caused  by  ihe  elr  tending 
Co  flow  around  the  wing  tip  from  the  lowers ("pres¬ 
sure")  side  to  the  upper  ("suction")  plde  of  the' 
wing,  results  in  the  generation  of-votcictty  and 
Che  formation  of  the  vortex  wake.  In  the  yoctex 
wake  the  vortex  lines  are  approxlmat^ly^directad 
in  free-stream  direction,  l.e.  away 'from* 
trailing  edge,  and  they  are  hot  located  hearf^the 
surface  of  the  generating  wing,  resulting  In  a 
"weak  interaction"  between  the  vortex  wake  and  rhe 
surface  pressure  distribution, 

Since  the  Reynolds  number  is  large',  'con^'ctloii  Is 
much  larger  than  diffusion  and  the. vbrticlt^ -re¬ 
mains  within  a  thlir  free -sheaf^TeyfirV  It'ie'tb’''tKe^ 
velbcl^  Induced  by  the  vorti'clty/cbntalhe'^i^.wlthlh 
the -layer,  the  Wye r  tends  to  rbXi'’\^ llnto  yorteX' 
cores.  This  roillng'-'up  nay  occur  iti  yariousTW^a^" 
The  most,  well-known  is’^the  tip  Vot'teXr* 
single-branched  Vorttx  that  fon^kyjche<frrd-e4ia 
of  a  sheaf  ' layer '(Fig;  iy;  ''In'cirse?^e  tfilliVig/^*^ 
wake  contains  yortlclty  of  both'‘5ig^i^-vcrtlc^t^^:-' 
of  each  sign  will  roll-up  int^' sepafate\yoftWes>.. 
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Examples  of  this  are  the  wake  of  a  highly  swept 
wlrg  and  the  wake  of  a  wing  with  deployed  part* 
span  flaps.  Such  wakes  contain  both  slngle-branch- 
ed  (at  the  edges)  and  double -branched  vortex 
cores.  Even  if  the  shed  vortlclty  is  of  one  sign 
one  or  more  double-branched  vortices  may  be  formed 
(see  Pig.  1).  Vhere  these  centers  of  roll-up  de¬ 
velop  is  not  always  a  priori  evident.  For  a  single 
straight  trailing  edge  the  local  extrema  of  the 
trailing  vortlclty  (inflection  points  in  the  span- 
wise  loading)  act  often  as  a  center  of  roll-up» 
but  for  more  complex  shapes  the  situation  is  less 
clear. 

In  downstream  direction  vortlclty  from  the  shear 
layer  is  continuously  fed  into  the  vortex  core(s),^ 
resulting  into  a  growth  of  the  vortex  core(s), 
both  in  strength  and  usually  also  in  cross-sec- 
tiorul  dimension.  The  stretching  of  Che  shear  lay¬ 
er  associated  with  the  roll-up  process  counteracts 
the  effect  of  viscous  diffusion,  so  chat  quite 
often  one  observes  that  the  shear  layer  remains 
relatively  thin  up  to  several  spans  downstream  of 
the  trailing  edge. 

Further  downstream  of  the  configuration  the  roll¬ 
up  process  will  be  completed,  most  of  the  vortlci- 
ty  residing  within  a  limited  number  of  vortex 
cores  (e.g.  the  trailing  vortex  pair).  The  concen¬ 
tration  of  vortlclty  into  these  relatively  compact 
regions  of  rotational  flow  Is  probably  responsible 
for  their  surprisingly  stable  and  persistent  char¬ 
acter.  The  strong  and  persistent  trailing  vortex 
system  of  large  transport  aircraft  has  proven  to 
present  a  possible  hazard  for  ocher  air  traffic, 
which  has  resulted  in  stringent  rules  imposed  at 
present  on  air  traffic  involving  large  aircraft. 

Still  further  downstream,  cores  with  vortlclty  of 
the  same  or  opposite  sign,  If  close  enough  to  each 
other,  start  to  merge,  accompanied  by  viscous  dif¬ 
fusion  and  decay.  Alternatively,  complicated  long¬ 
itudinal  Instabilities  may  be  triggered  before  the 
merging  or  decay  process  has  started,  resulting  in 
a  somewhat  earlier  break-up  of  the  trailing  vortex 
system. 

In  the  present  paper  we  will  not  consider  the  a- 
bove  type  of  week-interaction  vortex  flow  in  much 
more  detail  but  rather  concentrate  on  strong- in¬ 
teraction  vortex  flow, 

2.2.  Delta-wlnp  leading-edge  vortex _£lQw^Strong 
interaction 

The  low  speed  hlgh-angle-of-attack  flow  about  low- 
aspect-ratio  highly  swept  wings  with  leading-edge 
vortex  separation  has  been  described  extensively 
In  the  literature.  Based  primarily  on  experimental 
investigations  by  amongst  others  Legendre  (Ref. 
16),,  Eamshaw  (Ref.  17),  Ventz  &  McMahon  (Ref. 

18),  Fink  &  Taylor  (Ref.  19),  Hummel  (Ref. 

20)  and  others  the  topology  of  the  hi^-Reynolds 
number  flow  about  these  wings  is  well-established. 
At  moderate  to  high  angles  of  attack  the  flow  sep¬ 
arates  at  the  leading  edge,-  resulting  In  a  free 
shear  layer  emanating  from  the  edge  (Fig.  2). 

Under  influence  of  the  vortlclty  contained  within 
it,  the  free  shear  layer  rolls  up  in  a  spiral 
fashion  to  form  a  relatively  compact  single- 
branched  core  with  distributed  vortlci^,  the  so- 
called  leading-edg  vortex.  The  presence  of  this 
core  in  the  proximity  of  the  wing  surface  affects 
the  pressure  distribution  on  the  wing  to  a  large 
extent,  the  predominant  effect  being  a  low  pres¬ 
sure  region  underneath  the  position  of  the  vortex 
core.  It  is  this  suction  peak  that  Is  mainly  re¬ 
sponsible  .for  the  increment -in  the  lift  due  to  ^e 
vortex  flow,  the' so-called  vortex  lift.  Depending 
oh  the  leading-edge'  sveep  a  stable  vortex-flow' 
pattern  can  persist  up  to'incidences  as  hl^  as  25 
to  35  deg. 


It  has  also  been  observed  in  experiments  that  the 
adverse  pressure  gradient  in  the  region  Just  out¬ 
board  of  the  lateral  position  of  the  center  of  the 
leading-edge  vortex  core  causes  a  so-called  sec¬ 
ondary  separation.  The  free  shear  layer  emanating 
smoothly  at  the  line  of  secondary  separation  rolls 
up  In  a  vortex  core  also.  Its  vortlclty  being  of 
opposite  sign  compared  to  that  of  the  vortlclty 
within  the  leading-edge  vortex  core.  The  extent  of 
the  effect  of  secondary  separation  on  the  surface 
pressure  distribution  has  been  observed  to  depend 
strongly  on  whether  the  boundary  layer  is  laminar 
or  turbulent  (Ref.  20).  It  appears  that  secondary 
separation  effects  are  largest  for  the  laminar 
case.  Generally  for  both  laminar  and  turbulent 
flow  they  become  relatively  more  important  for 
cases  with  narrower  suction  peaks,  l.e.  for  wings 
at  smaller  incidences  or  for  wings  with  lower 
leading-edge  sweeps. 

Viewed  in  downstream  direction,  the  leading-edge 
vortex  is  continually  being  fed  with  vortlclty 
generated  at  the  leading  edge  which  is  transported 
through  the  free  shear  layer  to  the  vortex  core,^ 
so  that  the  latter  is  increasing  in  strength  as 
well  as  in  cross-sectional  dimension.  Downstream 
of  the  trailing  edge,  l.e.  in  the  wake,  the  free 
shear  layer  continues  to  feed  vortlclty  into  the 
leading-edge  vortex  core.  In  the  wake  the  vortlci- 
ty  of  sign  opposite  to  that  within  the  leading- 
edge  vortex  core,  which  Is  generated  along  almost 
all  of  the  trailing  edge  between  the  plane  of  sym¬ 
metry  and  the  wing  tip,  starts  to  roll  up  in  a 
double-branched,  so-called  traillng-edge  vortex 
core.  This  two-vortex  system,  mushroom  shaped,  has 
first  been  observed  experimentally  by  Malcby  (Ref. 
21)  and  more  recently  by  Hummel  (Ref.  20) , 
Verhaagen  (Refs.  22  and  23),  KJelgaard  et  al. 

(Ref.  2A),  Sollgnac  et  al.  (Refs,  25,  26) 

and  others.  The  latter  few  references  also  provide 

detailed  surface  and  flow-field  data. 

A  limit  to  the  favourable  effects  induced  by  the 
vortex  flow  is  reached  when  large-scale  vortex 
breakdown  occurs  above  the  wing.  Vortex  breakdown 
manifests  itself  as  an  abrupt  increase  in  the 
cross-sectional  area  of  the  vortex  core,  a  de¬ 
crease  In  the  magnitude  of  axial  and  circumferen¬ 
tial  velocity  components  near  the  center  of  the 
vortex  core  and  in  an  increase  in  the  turbulence 
level  in  the  vortex  core.  However,  the  global 
strong  circulatory  flow  pattern  does  not  disappear 
abruptly  at  the  point  vhere  vortex  breakdown  oc¬ 
curs,  it  still  persists.  Upstream  of  this  point 
the  vortex  is  hardly  affected.  Vortex  breakdown 
has  first  been  identified  in  experimental  investi¬ 
gations  by  e.g.  Feckham  (Refs.  27,  28),  Elle 
(Ref.  29)  and  Laaboume  A  Bryer  (Ref.  30)  in 
the  late  fifties.  The  mechanism  xinderlying  vortex 
breakdown  is  still  unclear,  e.g.  Hall  (Ref.  31). 
However,  vortex  breakdown  does  appear  to  depend 
rather  weakly  on  Reynolds  number.  The  latter  may 
suggest  that  in  essence  it  is  an  inviscid  flow 
phenomenon.  It  has  been  observed  that  with  in¬ 
creasing  angle  of  attack  vortex  breakdown  pro¬ 
gresses  in  upstream  direction  and  that  it  occurs 
in  regions  where  there  is  an  increase  in  the  pres¬ 
sure  along  the  core,  e.g.  Erickson  (Ref.  32). 

Fart  of  the  increase  in  core  diisension  may  possi¬ 
bly  be  explained  as  the  response  of  the  inviscid 
outer  part  of  the  rotational  core  to  a  pressure 
rise.  Further  experimental  investigations  have 
been  carried  out  by  Kegelmah  A  Roos  (Refs.  33, 

34  and  35)  who  meesured^at  a  low  free-steam 
Mach  nu^er  the  flow  field  above  60-,  and’70-deg 
delta  wings  employing  a  Ldser-Doppler-Velocimeter 
(LDV)  and  a  7-h61e  probe.  In'^the  case' of  vortex 
breakde^  they '  found'  f rom  '^e  LDV  measurements 
that' on:  the  vbrfex'axis  the  axia!  coi^qneht  la  * 
about  constant  up'-to  thi  hre^own 'ibcatloh  where 
the  axial  dqsponeht  of  the  ^veloel^'idecreases 
ebi:^tly''and^asyMtricallyi  but'sti^s  'positive. 
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The  probe  measurement  showed  chat  In  Che  vortex 
core  the  tocal-prescure  lost  is  also  about  con¬ 
stant  up  to  Che  breakdcwn  location  where  It  In¬ 
creases  sharply.  The  portion  of  the  vortex  core 
with  high  losses  in  total  pressure  decreases  up  to 
the  burst  location^  increases  abruptly  at  the  lo¬ 
cation  of  the  burst  and  then  starts  to  fill  the 
entire  vortex  core  In  this  area  the  total-pres¬ 
sure  losses  start  to  decrease  again. 

At  Che  higher  incidences  vortex  breakdown  la  cfcen 
accompanied  by  an  asymmetric  flow  pattern.  For 
simple  delta  wings  asymmeCrlc  flew  patterns  with¬ 
out  vortex  breakdown  have  been  observed  for  lead¬ 
ing-edge  sweep  angles  in  excess  of  80  degrees. 

Recently  Gad-el-Hak  4  Blackwelder  (Ref.  36). 

Payne  et  al.  (Ref.  37)  and  Lowson  (Ref.  3S). 
have  obtained  results  of  low-speed  experimental 
studies  chat  indicate  that  Che  leading-edge  shear 
layer  is  not  really  a  smooch  layer,  but  consists 
of  a  sequence  of  small  vortices  travelling  along 
the  layer  tovards  the  vortex  core.  Whether  this 
Chin  shear-layer  type  of  instability  observed  at 
low-Reynolds  number  and  laminar  flow  conditions  is 
a  true  characteristic  of  leading-edge  vortex  lay¬ 
ers  or  possibly  was  Induced  by  vibrations  of  the 
model  or  flow  unsteadiness,  is  not  yet  completely 
clear.  Recently  Verhaagen  &  van  Manen  (Ref.  39) 
found  that  also  at  higher  speeds  the  leading-edge 
shear  layer  might  consist  of  small-scale  vortical 
flow  structures.  It  is  not  clear  what  effect  the 
small-scale  scrucfjres  have  on  the  time-averaged 
structure  of  the  shear  layer  and  on  the  formation 
of  the  vortex  core.  However,  in  the  present  study 
we  will  assume  that  the  flow  is  steady  and  that 
free  shear  layers  may  be  considered  as  steady  re¬ 
gions  with  continuous  rotational  flow  without 
small-scale  sub-structures. 

2.3  Stiake-wlne  vortex  flow  -  strong  Interaction 
For  wings  with  low  or  modorACo  loading*edge  swoop 
favourable  vortex  flow  effects  can  be  Invoked  by 
adding  a  relatively  small,  highly  swept  leading- 
edge  extension,  commonly  named  'strake".  The  vor¬ 
tex  flow  above  strake-wing  configurations  is  more 
complex  than  the  delta-wing  vortex  flow.  Investi¬ 
gations  by  amongst  others  Ventr  4  McMahon  (Ref. 

18),  Lamar  &  Luckring  (Ref.  40),  Btennenstuhl  4 
Hummel  (Refs.  41..  42)  have  provided  valuable 
insight  into  the  vortex  layer  structure  above 
strake-wing  configurations.  Verhaagen  (Ref.  23), 
employing  a  laset-llghv-ehoet  flow  visualization 
technique,  has  acquired  additional  valuable  topo¬ 
logical  informatio.r.  Thompson  (Ref.  43)  has  also 
provided  such  information  from  water- tunnel 
studies.  From  these  investigations  it  follows  that 
above  a  strake-wing  configuration  the  (single- 
branched)  leading-edge  vortex,  originating  at  the 
leading  edge  of  the  strake  continues  above  the 
wing.  The  vortex  modifies  the  wing  flow  field  con¬ 
siderably  inducing  in  addition  to  the  favourable 
effects  on  the  strake  Itself,  favourable  effects 
on  the  main  wing  as  well.  In  case  of  sufficiently 
(depending  on  leading-edge  sharpness,  etc.)  swept 
wing  leading  edges  and  at  high  angle  of  attack  the 
flow  separates  also  at  the  wing  leading  edge.  Ths 
shear  layer  emanating  from  the  wing  leading  edge 
constitutes  the  downstream  continuation  of  the 
shear  layer  emanating  from  the  strake  leading  edge 
(Fig.  3).  In  this  single  shear  layer  a  double- 
branched  vortex  develops.  This  so-called  wing  vor¬ 
tex  starts  close  to  the  kink  in  the  leading  edge 
and  viewed. in  downstream  direction,  travels  along 
tae  shear  layer,  looping  around  the  (single- 
branched)  strike  vortex.  At  some  point  downstream 
of  the  kink,  the  two  cores  (with-distributedvor- 
®™.-»l8n)  merge  into  one  core.  At 
sMller, sweep. angles  and  at..l6ver-incidences .the 
flow  ^es  not.^Aeparate,at  the  win^aeidlng  edge.. 

,  .  .*".®*?®  ^®.'fi9?.-P^®bure.is..not, yet  compXete- 

.'‘°**=ly,it,is  MsuMd,^t,the  shear  lay¬ 
er  detaches  (from  ,^e  leading  .edge)  at  -the  -kink 
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Fig.  3  Strake-wing  configuration;.  Strong- inter¬ 
action  vortex  flow 


(as  proposed  by  Kuchemann,  Kef.  1,  p.  254).  It 
might  also  be  hypothesized  that  downstream  of  the 
kink  the  strake  leading-edge  shear  layer  continues 
as  a  shear  layer  that  is  attached  to  the  wing  up¬ 
per  surface,  now  emanating  from  some  sepnraticu 
(?)  line  (see  also  the  discussion  in  Smith.  Ref 
44). 

For  the  case  of  simple  delta  wings  the  angle  of 
attack  at  which  vortex  breakdown  reaches  the 
trailing  edge  depends  strongly  on  the  sweep  of  the 
leading  edge.  For  double-delta  wings  and  strake- 
wing  cenfigurettons  such  a  simple  correlation  can 
not  bo  obtained.  Depending  on  the  magnitude  of  the 
kink  in  the  leading  edge  the  wing  vortex  saay  burst 
long  before  the  strake  vortex  breaks  down. 


The  close-coupled  canard  wing  configuration  is 
another  example  of  a  configuration  exploiting  vor¬ 
tex  flow,  which  has  been  applied  in  advanced 
fighter  concepts.  The  flow  about  a  canatd-wing 
combination  Is  rather  complex,  eapecially  In  cases 
where  both  llf.lng  surfaces  have  highlv  swept 
leading  edges  with  leading-edge  vortices.  Fig.  4, 
from  Hummel  and  Oelker  (Refs,  45,  46),.  shows 
the  flow  structure  at  low  speed  apd  not  too  high 
incidence  for  a  configuration  consisting  of  two 
60-deg  swept  delta  wings. 

In  the  following  a  ^sslble  explanation  is  pro¬ 
vided  for  the  functioning  of  the  canard-wing  com¬ 
bination,  this  in  terms  of  the  modification  of  the 
flow  structure  about  the  wing  in  isolation  et  the 
same  incidence. 

the  part  of  the  wine  underneath  the  canard  vor- 
fVA  Vpkg  the  vortex  wake  from  the  canard  causes  a 
non-uniform  downwash  which  will  reduce  the  effec¬ 
tive  incidence  on  this  part  of  the  ming.  This  re¬ 
sults  In  a  delay  of  the  formation  of  the  wing 

■'“ttex  and  a  reduction  In  the  rate  at 
which  its  strength  builds  up.  This  combined  with 
the  sidewasb  Induced  by  the  canard  wake  will  caaoe 
the  flow  In  the  root-section  region  of  the  upper 
wing,  purface  to  be  Jess  susceptible  to  boundary- 
layer  type  of  separations. 

yjnr  wftMrt-vf  T,hr,  cfnual 
HSU  •Elective'- IncldAnee  is  increased' by  the 
Induced  upwash,  but,at,  the  same- time -also  the  »f. 
lActlva.  leadihg-adgd-sweep  angle.  Is'Clncfeased  by 
the  induced  slctevashe  The. rate  at  iihich  yorticity 
is  generated  at  the  leading  edge  Is  increased  by 
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Fig.  4  Canard-wing  con£igurac!on:<  Strong- Inter¬ 
action  vortex  flow 

the  first  but  dacreaged  by  the  second  effect,  the 
net  influence  of  the  two  counteracting  effects  de¬ 
pending  on  the  details  of  the  lay-out  of  the  con¬ 
figuration  and  Che  specific  flow  conditions. 

Pri&iarily  because  of  the  slower  build-up  of  the 
strength  of  the  wing  leading-edge  vortex  along 
that  part  of  the  edge  situated  underneath  the 
canard  wake. the  effect  wtn^  vortex  is  that  the 
wing  vortex  will  be  weaker  when  it  encounters  the 
adverse  pressure  gradient  near  the  wing  trailing 
edge.  The  result  is  that  the  occurrence  of  vortex 
breakdown  above  the  wing,  as  well  as  stall,  will 
be  postponed  to  a  higher  incidence. 

The  wing  induces  an  upwash  on  the  canard  thereby 
Increasing  its  effective  Incidence.  This  Istplles 
that  the  effect  on  canard  vortex  Is  that  the 
canard  vortex  will  be  stronger  and  consequently 
would  experience  vortex  breakdown  at  a  lower  inci¬ 
dence  than  is  the  case  for  an  isolated  canard. 
Hovovor,  in  the  case  cf  a  close-coupled  canerd, 
upon  passing  tha  canard  trailing  edge  the  canard 
vortex  wake  encouncers  a  favourable  prossuie  gra¬ 
dient  due  to  the  cxpahsloir  of  the  flow  over  the 
forward  part  of  the  wing  delaying  and  sonatibe): 
even  re-structvurlng  the  canard  vortex. 

At  a  given  incidence,  below  the  oneet  of  vortex 
breakdown  or  bounddi7  layer  aeparationo.  the  net 
effect  of  the  Interference  is  that  the  life  on  the 
wing  of  the  wing- canard  configuration  will  be 
lower  than  for  the  case  of  the  wing  alone.  It  ap¬ 
pears  tVut  usually  this  loss  in  lift  is  fully  coa- 
pensated  b/  the  lift  on  the  canard^  l.e.  the  lift 
of  the  wltig-csnard  and  the  wing  alone  are  alaost 
equal.  At  the  higher  incidences  the  favourable  ef¬ 
fects  of  the  Interference  prevail  yielding  an  Im¬ 
proved  lift  capability.  In  addition  the  carard 
also  provides  an  additional  trim  and  control-capa¬ 
bility  o£  the  configuration. 

Ferretcl  ^  Salvatore  (Ref;  47)  provide  detailed 
experioental  Inforoatlon  on  the  flow  over- a  delta- 
canard  configuration. 


cause  seif- induced  coning,  nose-slice  notlon» 
while  the  interference  with  downstream  lifting 
surfacu  could  cause  dynamic  stability  problems 
such  us  excessive  wing  rock.  e.g.  Ericsson  & 
Reding  (Ref.  48). 

The  separation  of  the  flow  from  the  body  depends 
on  Mach  number,  incidence,  on  the  state  (laminar 
or  turbulent)  of  the  boundary  layer  and  on 
Reynolds  number.  To  illustrate  this  consider  a 
slender  body  of  revolution  which  is  pitched  from  0 
to  90  deg  angle  of  attack  in  subsonic  flow.  Ac¬ 
cording  to  Chapman  A  Xeecer  (Ref.  49)  four  f^ow 
categories  can  be  distinguished  (Fig.  5): 

(1)  Fully  attached  flow; 

(ii)  At  moderate  incidenciis  (>10  deg)  the  cross- 
flow  starts  to  separate  over  cne  rear  end  of 
the  body  at  a  point  on  its  lee -ward  side. 
This  results  in  a  svrwBetric  lee-side 
vortex- flow  patcem:- 

(ill)  At  intermediate  incidences  (t0<a<20  deg)  the 
separation  point  gradually  moves  in  upstream 
direction,  while  also  the  cross-flow  separa¬ 
tion  point  moves  towards  the  shoulder  Of  the 
body; 

(iv)  At  high  angle  of  attack  (>20  deg)  the  vortex 
fl.7v  paLtei'n  over  the  base  region  may  become 
asymmetric,  resvilting  in  the  body  experienc¬ 
ing  a  side  force  and  a  yawing  moment. 

The  factors  that  determine  the  onset  of  the  Asym¬ 
metric  vortex  flow  pattern  are  angle  of  attack, 
Mach  number,  staco  of  the  boundary  layer,  Reynolds 
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The  loog  slendef'nosa  of  at)  iiodern  fighter  air¬ 
craft,  operating  at  hl^  incidence,  experiences 
vortical  type  of  flow  separations  on  its  lee  side. 
The  vortices  resulting  from  these  separations  not 
only  gmeTate  high  local  aetodynaaie  forres  but 
also  Intarfere  with  the  flcv  about  further  do^- 
streaa  co^on'.nts  of  the  aircraft  such  as  wing  and 
tall  surfa&ea'.  '  ' 

At  Ibv .incidences  tha'floy  separates  symmetrical¬ 
ly.  'reabltlng  in  a  s^etclc  flow  pattern.  At 
hlglier^incidances  ttie'flow  nay  still  separate 
zvarly  dyanetrlCally,.  or*  forced -to  ^'so.  but  the 
vorticXVfloy  aSour-^e'forebbdy  nay  become  as^m^ 
nocrit fdrccA  df  the  sane  order  of  magni¬ 
tude’^  nbfteX  fer^e  iiay  be  induced.  This  re¬ 
sults  ^  large. yawihg'-i>09|«n^'vh  be  beyond 

the  ^ntrbl  'capability' of  ^a  aircraft,  Fur^er^ 
.mbre'^^cTbolipling  between  fprebody' separated 
flov^  p^t^bzh  and  ^e^adVlotf  bf'the  aircraft  can 
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Fig.  5  Slender  body;  Strong  interaction  vortex 
flow 

number,  the  shape  of  the  body  (forebody,  after¬ 
body.  cross;sectlon) .  For  Instance  increasing  the 
Mach  hu^er  at  fixed  Incidence  causes  the  separa¬ 
tion  lines  on  the  body  to  nove  towards  the  wind¬ 
ward  side.^^ich  delays  the  onset  of  asymmetric 
flow.  The  critical  Reynolds  number  bounds]^. be¬ 
tween  laniiMr  a^  traiisitlonal^  flow  .is  almost  in¬ 
dependent  of  angle  of  attack,  while  the-bbuhdary 
between^tranait  IomI  and  ^  turbulent  f Tow^^s .  af fee  t  - 
ad  oy^.incideiweV a.g.  see  Laiidnt  (Ref:  SO). 


Other  factore  Include  nose  bluncnesa  (increasing 
the  bluntness  delays  the  onset  of  asysmetry).  The 
reasons  for  an  asyauBetrlcal  flow  structure  about  a 
synmetrical  body  at  syimetrlc  free>sfreaa  condi¬ 
tions  are: 

asynmetries  in  the  position  of  transition  and 
separation  lines •  e.g.  the  ones  on  the  starboard 
side  starting  closer  to  the  nose  than  the  ones 
on  the  port  side,  or  differences  in  the  location 
in  the  cross-flow  plane; 

•  asynnetric  solution  for  nominally  syaaoetric 
conditions. 

Especially  the  latter  possibility  of  multiple  (in- 
viscid)  solutions  and  their  stability  is  an  inter¬ 
esting  feature  of  the  nonlinear  flow  problem  at 
hand. 

2.6.  Reynold,  number 

It  appears  that  for  a  number  of  above  discussed 
types  of  well-developed  high-Reynolds-number  vor¬ 
tex  flows  the  influence  of  the  Reynolds  number  on 
the  flow  structure  is  relatively  small.  For  in¬ 
stance  for  the  case  of  a  sharp -edged  delta  wing  it 
has  been  observed  that  for  angles  of  attack  not 
too  close  to  the  angle  of  attack  for  which  the 
flow  is  still  attached,  the  flow  pattern  depends 
only  weakly  on  Reynolds  number.  The  location  of 
the  secondary  separation,  Just  outboard  of  the 
suction  peak  induced  by  the  leading-edge  vortex, 
depends  primarily  on  the  state  (laminar  or  turbu-' 
lent)  of  the  boundary  layer  on  the  upper  surface 
of  the  wing,  the  latter  has  been  demonstrated  by 
for  instance  Hummel  (Ref.  20)  for  a  76-deg  swept 
delta  wing  at  20. S  deg  incidence.  In  Fig.  6 
Hummel's  result  is  reproduced.  It  shows  the  sur¬ 
face  pressure  distribution  at  low  speed  for  a 
Reynolds  number  of  0.9H  for  laminar  and  for  turbu¬ 
lent  flow.  For  laminar  flow  an  early  separation 
occurs  at  about  65%  local  semi-span,  while  for 
turbulent  flow  separation  takes  place  much  more 
outboard,  l.e.  at  about  85%  local  semi-span,  re¬ 
sulting  in  a  much  more  pronounced  leading-edge 
vortex  induced  suction  peak. 

For  delta-like  wings  with  rounded  leading  edges, 
the  flow  does  separate  all  along  the  leading  edge 
merely  when  the  incidence  exceeds  a  certain  thres- 
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76-deg  DELTA  WING  ALPHA  -  20. S  deg 
HUMMEL  (AGARO  CP-247) 

Fig.  6  Sharp-edged  delta  wing;  Effect  of  laminar 
or  turbulent  state  of  the  boundary  layer 


MILLER  &  WOOD  (NASA  TP  2430) 
Fig.  7  Sharp-edged  delta  wing;-  Effect  of  Mach 
number 

2.7.  Machjnumber  effects 

For  thin  slender  wings  at  moderate  incidence  the 
influence  of  the  Mach  number  on  the  characteristic 
features  of  the  flow  is  small  as  long  as  H«cosa, 
l.e.  the  Mach  number  normal  to  the  leading  edge, 
is  less  than  about  0.7  and  the  Incidence  (in  a 
plane  normal  to  Che  leading  edge)  is  not  too  high, 
see  Fig.  7  taken  from  Miller  &  Wood  (Ref.  8).  At  a 
given  incidence  for  higher  Mach  numbers,  or  at  a 
given  Mach  number  higher  incidences  or  for  fixed 
Mach  number  and  Incidence  for  thicker  wings,  or 
for  less  slender  wings,  etc.,  nonlinear  compress¬ 
ibility  effects  can  become  of  dominating  impor¬ 
tance.  This  results  in  a  wealth  of  possible  flow 
patterns  involving  primary  and  secondary  vortex 
cores,  ("cross-flow"  and  "rear")  shocks  on  the 
surface  as  well  as  in  the  flow  field,  regions  with 
distributed  vorticity  produced  downstream  of 
shocks,  shock- induced  rather  than  pressure-gradi¬ 
ent  induced  smooth-surface  secondary  separation, 
and  all  their  mutxial  interactions,  sometimes  re¬ 
sulting  in  an  abrupt  rather  than  a  gradually  pro¬ 
gressing  vortex  breakdown.  Some  of  these  flow  pat¬ 
terns  are  discussed  by  Szodruch  &  Oanzer  (Ref. 

51) ,.  Miller  &  Wood  (Ref.  8),  Wood  et  al.  (Ref. 

52) ,-  Vorropouloa  &  Wendt  (Ref.  9),  Houtman  & 
Bannink  (Ref.  53),  etc. 

Schrader  et  al.  (Ref.  54)  report  extensively  on 
the  influence  of  Mach  and  Reynolds  number  on 
delta-wing  vortex  flow.  Ashlll  et  al.  (Ref.  55) 
report  on  a  detailed  investigation  into  the  flow 
on  swept  wings  at  moderate  to  high  incidences  in 
transonic  and  supersonic  flow. 

An  illustration  of  the  effect  of  compressibility 
on  primary  separation  is  given  in  Fig.  8,  taken 
from  Boersen  &  Elsenaar  (Ref.  56).  It  compares 
for  a  65-deg  cropped  delta  wing  spanwise  sections 
of  the  surface  pressure  distribution  obtained  for 
the  case  of  a  sharp  with  those  obtained  for  the 
case  of  a  round  leading  edge,  and  that  for  one 
si^^nic  0.4,  a  -  10  deg,  Re,  -  9M)  and  one 

transonic  -  0.85,  a  -  10  deg.  Re,  -  9i1)  flow 
condition.  For  the  sharp-edged  wing  the  flow  sepa¬ 
rates  all  along  the  leading  edge,  for  both  the 
sub.oonic  and  the  transonic  case.  For  the  round- 


hold  value.  For  lower  angles  of  attack  the  flow 
separates  along  part  of  the  edge  only,  usually 
termed'^ part-span  leading-edge  separation.  At 
angles  of  attack  just  above, the  attached  flow  con- 
dltioh  the  floir  separates  close  to  the  wing  tip 
only.  Vi^  incressing  Incidence  the  point  on  the 
leading  edge.^ere  ^e  priui:7''8eparatioh  and  the 
foz^tloh  bf  the" fading' edge  vortex  swts  moves 
in  upstream’^ direction  froa^the  yitig  tip  toward 
the  apex,  rate*' at  which  ttiia' process' of  part- 
span  prlmaty  separation  processes  ^es' depend  oh 
Che  leading-edge  radius  ah^  oh  Reynold  hu^er./ 


edged  configuration  the  situation  Is  father  dif¬ 
ferent.  Here  the  primary  separation  takes  place 
along  part  of  the  leading  edg**,  for  the  subsonic 
Hach  number  the  flow  reuihs  attached  along  most 
of  the  leading  edge,  while  for  the  transonic  Mach 
number  the  flow  is  separated,  (shock-induced?),, 
along  most  of  the  edge.  Apparently  die  effect  of 
the  shape  of  the  leading  edge.  on  the.  flow  pattern 
decreases  with. increasing  Ka^^nli^ef. 

It  awc  be  resided  tbat^vof^x  flow'vi^  hohlin- 
eshcoi^fessibiiit^  affeccsj.are  of 'udnosc.  inpof-.^ 
tshei  fbf  the  aefod^i^'cs^>9^alrcfafh  capable,  of 
tfMsohlc  maneuver ing  'rad^  supefsbhlc  speeds. 
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Fig.  8  Round-  and  sharp-edged  6S-deg  cropped 
delta  wing:  effect  of  coDpressibility 


F  -  ,^uw  ,(E+p)u]^  (11) 

G*  (pv.puv  .^v^p.pvw  ,(E+p)vj^  (IJ) 

H  -  [pw.puw  ,/>vw  (E+p)w}*  (Ik) 

while  the  conponents  of  the  viscous  fl‘.tx  vector 
are: 

F-y  -  (11) 

G,  -  {0,r^,ryy,yy*,ur,y+Vfyy+wfy*-Qy)*  (Ira) 

H, .  -  (0,r„.ry,,fjj.Uf„+vrye+Wfjt-Q,l’  (In) 


In  above  expressions  p  denotes  tho  raass  density,  p 
the  static  pressure,  u  -  <u,v,w)^  the  velocity 
vector,  E  -  p|e+(a*4v*+w*)/2)  the  total  onerj^  per 
unit  voluae,  F  the  shear  stress  tensor  and  Q  ^ 
(Qx*Qy*Q*)^  the  heat  fl‘-x  vector. 

The  stress  censor  7  is  related  to  the  race  of 
strain  through  Newton's  law,  while  the  heaC'il>4X 
vector  Q  is  related  to  gradient  of  the  teir^crature 
through  Fourier's  lav,  l.e. 

7  -  /i(^  +  (^)^)  +  A{^)I  <lo) 

Q  -  -k^  (ip) 

respectively.  Here  ft  is  the  molecular  viscosity 
coefficient,  A  is  the  bulk  viscosity  coefficient 
and  k  is  Che  ooXecular  thenoal  conductivity  coef¬ 
ficient. 

The  above  system  of  equations  is  supplentenced  by 
the  equations  of  state.  For  the  present  type  of 
flows  the  gas  may  be  assumed  to  be  an  Ideal  per¬ 
fect  gas  for  which: 

P  -  PRT  (Iq) 

e  -  CyT  (lr> 


% 


3.  MATHEMATICAL  MODELS 

3.1.  Navler-Stokfts,  equations 
In  aerodynamics  the  Navler-SCokes  equations  model 
essentially  all  relevant  flow  details  such  as  sep¬ 
aration  and  associated  generation  of  vortlcity, 
transport  and  stretching  of  vorticlcy,  shock 
waves,  transition  from  laminar  to  turbulent  flow, 
etc..  For  most  applications  the  equations  are 
solved  on  a  body-fitted  computational  grid.  If  x  - 
x<?)  deno::es  the  coordinate  mapping,  the  equations 
for  the  consorvatlon  of  mass,  the  three  components 
of  momentum  and  the  total  energy  per  unit  volume 
of  the  continuous  flow  model  of  a  gas  in  thermody¬ 
namic  equilibrium,  in  the  absence  of  body  forces 
and  external  heat  sources,  generally  designated  as 
the  Navier-Stokes  equations,^  can  be  expressed  as: 

.  ^(F-F,)  .  ^(C-G.)  .  .  0  (la) 


In  Eq.  (la)  U  Is  the  coluan  vector  containing  the 
flow  variables,  expressed  as: 

U  -  (P.pu.pv.pw.EjVJ  (lb) 

-  U/J 


vhere  J  Is  the  Jacobian  J  -  3(? .i),f)/3(x.y,z).  In 
Eq.  (la)  F,  G,  and  H  are  Che  conponents  in  the 
three  coordinate  directions  of  the  inviscid  flux 
vector,  l.e. 

?  -  (f:.F+«7W?,H)/J  (Ic) 

5  -  (').F+q,C+i),H)/J  (Id) 

H  -  (rsF+C,C+f.H)/J  (le) 


while  Fy,  and  Hy  are  the  components  of  Che 
viscous  flux  vector,  l.e. 


Fy  -  (f,Fy+f,Gy+e,Hy)/J  (If) 

Or  -  (9aF,+^,Gy+,A-)/J  (1«) 

Hy  -  (faFy+r,Gy+f.Hy)/J  (Ih) 

The  conponents, of  the  inviscid  flux  vector  In 
terns  of  the  Cartesien  coordinate  syscen  follow 
fron;  '  '  ' 


where  R  -  c,  -  Cy  Here  c,  and  Cy  are  the  specific 
heats  which  may  be  assuned  Co  be  constant.  The 
bulk  viscosity  X  is  related  to  Che  molecular  vis¬ 
cosity  It  through  Stoke's  hypothesis,  i.e.  X  -  - 
Zit/i.  The  thermal  conductivity  k  is  also  related 
to  Che  nolecular  viscosity  p,  via  the  assumption 
of  constant  Prandtl  number  Fr,  i.e.  k  -  pc,/Pr. 

For  air  the  Prandtl  number  is  Pr  «  0.72.  The  nole¬ 
cular  viscosity  Itself  is  a  fu.".ctlcn  of  the  tempe¬ 
rature  T  only,  as  given  by  Sutherland's  law  (Ref. 
57). 

The  boundary  conditions  are  that  at  solid  surfaces 
the  velocity  vanishes  (no  slip)  and  that  solid 
surfaces  are  adiabatic  or  at  a  given  constant 
temperature.  At  tho  far  field  distinction  is  to  be 
made  between  Inflow  and  outflow  boundaries.  For  a 
well -posed  problem  five  conditions  are  required 
at  inflow  and  four  at  outflow  boundaries. 

3.2.  Revtiolds-gvoraged  Wavier-Stokes  equation.. 

The  Navier-Stokes  equations  as  presented  in  Eq. 

(1)  form  tho  basis  of  methods  for  laminar  flow. 
However,  at  Reynolds  numbers  typical  of  full-scale 
flight  tho  flow  becomes  turbulent.  Die  disparity 
of  scales  In  a  turbulent  flow  is  very  large  and 
at  Che  moment  a  direct  numerical  simulation  of 
turbulent  flows  is  quite  impractical.  The  approach 
to  overcome  this  difficulty  is  to  split  the  flow 
quantities  into  a  macroscopic  part  and  a  turbulent 
fluctuating  part  and  use  a  statistical  averaging 
procedure.  Following  Rubesin  &  Rosa  (Ref.  58) 
the  density  p,  pressure  p,  shear  stress  tensor  7 
and  heat  flux  vector  Q  ore  decomposed  in  a  time- 
averaged  mean  and  a  fluctuating  part,  e.g.  p  -  <p> 
+  p'  ,  the  other  flow  quantities  in  a  mass -weighted 
time-averaged  and  a  fluctuating  part,  e.g,  u  - 
<pu>/<p>  +  u".  Substitution  into  (1),  followed 
by  taking  the  time-average  of  the  equations  and 
neglecting  some  of  j^e  second-order  correlations, 
yields  l^s  so-called^  Reynolds- averaged,  Navier- 
Stokes  equations'.  This  set  of  equations,  for  the 
time-  ,or  massrweighted  time-averaged  values- of  the 
flow  variables  tuu  exactly,  the  same  form  as  given, 
i*i  11) »  hdc  with  Che  definition  of-  the^  viscous 
stress  tensor  f  and  the  ,one,  of.  the-  heat-flux  vec¬ 
tor  Q,  as  given  in  ^s.  (lo)  and  (Ip)  respective¬ 
ly,  replaced  by; 


f  -  /»(7u  +  <vu)^|  +  A(7u)I  -  </>u''u''>  (2a) 

Q  -  -k^  +  <pe*u'*>  (2b) 

where  the  flow  qiuntlcies  now  deitoco  the  corre* 
aponding  Clme-averoged  quantities. 

While  the  full  Navler -Stokes  equations  in  general 
do  not  allow  a  steady-state  solution  tho  Reynolds- 
averaged  equations  do  allow  a  steady  state  solu¬ 
tion.  Our  Interest  is  In  steady  solutions,  but 
since  a  number  of  computational  methods  attain 
steady  state  as  the  limit  for  large  cine  in  a 
pseudo  time-dependent  approach,  the  tlae-depen- 
dence  has  been  retained. 

The  Reynolds-averaged  Navier-Stokes  equations  r-'- 
quire  a  turbulence  model  for  closure,  l.e,  one 
has  to  define  appropriate  constitutive  relations 


wall  layers.  In  that  case  the  length  scale  is 
based  on  the  thickness  of  the  wall  layers,-  ex¬ 
pressed  in  terms  of  the  location  of  Che  maximum  of 
some  function  involving  the  vorclclcy  in  the  wall 
layer.  If  there  is  large-scale  separation  in 
streamvise  direction  the  simple  algebraic  models 
become  inadequate.  Equilibrium  models  such  as  the 
above  ones  are  not  suited  for  separated  flows  for 
which  the  diffusion  and  convection  of  the  turbu¬ 
lence  are  no  longer  negligible  and  introduce  some 
imbalance  between  the  production  and  dissipation 
of  the  turbulence.  While  retaining  the  eddy  vis¬ 
cosity  assumption  these  non-equillbrlum  effects 
can  be  taken  into  account  by  two-equation  models 
e.g.  the  k  .-  c  model.  However,  despite  its  univer¬ 
sality  Che  two-equation  models  do  not  improve  sig¬ 
nificantly  and  consistently  the  correlation  with 
experimental  data  for  separated  flows. 


for  the  "Reynolds  stress-tensor”  ^<pu^u''>  and  the 
"turbulent  heat  flux  vector"  <pe''u'^. 

3.3.  Turbulence  roodellog 

A  universally  satisfactory  turbulence  model  has 
not  yet  been  formulated.  It  appears  that  for  engi¬ 
neering  applications  a  turbulence  model,  in  which 
Che  Reynolds  stress  tensor  and  beat  flux  vector 
are  expressed  in  terms  of  just  mean- flow  quanti¬ 
ties  rather  than  found  from  a  act  of  additional 
transport  equations  for  these  quantities,  derived 
fro^  the  equations  for  the  fluctuations,  performs 
as  good  as  any  ocher  more  sophisticated  model, 
e.g.  Harvin  (Ref.  59).  In  the  simpler  of  these 
models  Che  Bousslnesq  assumption  of  effectively 
isotropic  eddy  viscosity  and  local  equilibrium 
between  production  and  dissipation  of  turbulent 
energy  is  made.  This  results  into  the  so-called 
eddy-viscosity  model  In  which  the  Reynolds-stress 
censor  and  heat-flux  vector  are  assumed  to  be  pro¬ 
portional  CO  the  rate  of  strain  and  the  tempera¬ 
ture  gradient,  respectively,  both  of  the  mean-flow 
component.  This  leads  to  the  situation  in  which  f 
and  Q,  defined  in  £qs.  (2a)  and  (2b),  can  be  ex¬ 
pressed  In  the  same  form  as  is  the  case  for  lami¬ 
nar  flow,  i.e  as: 

f  -  (/J+P,)(5a  +  (tU)*)  +  (A+At)<5S)I  {3a) 

q  -  .(k+k,)5T  (3b) 


In  £q.  (3)  the  "turbulent  diffusivicies"  and 
are  related  to  a  characteristic  length  scale  L  and 
a  characteristic  velocity  scale  V,  e.g.  i-  pLV. 
In  the  most  simple,  zero- equation,  model  L  and  V 
are  correlated  to  the  mean  flow  properties  throu^ 
algebraic  lavs.  In  more  sophisticated  eddy-viscos¬ 
ity  models  L  and  V  are  derived  from  quantities 
such  as  Che  turbulent  kinetic  energy  and  turbulent 
dissipation  through  partial  differential  equa¬ 
tions.  The  algebraic  model  u^ed  most  often  in 
three-dimensional  aerodynamics  is'the  one  ^ue  to 
Baldwin  &  Lomax  (Ref.  60),  which  itself  is  based 
on  the  two-layer  model  reported  by  Cebecl  eC  al. 
(Ref.  61).  In  the  model  different  definitions  of 
L  and  V  are  taken  in  the  inner  and  outer  part  of 
the  viscous  shear  layer.  The  "turbulent  theraal 
conductivity*  k^  follows,  analogous  to  the  mole¬ 
cular  conductivity,  from  the  assumption  that  the 
"turbulent  Prandtl  number*  Prt  is  constant  (• 

0.9),  i.e.  kt  «  Baldwin  &  Lomax  model 

is  an  equilibrium  model  that  does  not  Include  any 
turbulence  history  effects,  it  depends  on  the 
local' flow,  prof  He  only  and  Its  basis  iS' two-di¬ 
mensional  boundary- layer  flow.  However,  Oeganl  & 
Schiff  (Refs.' 62  ,63)  Have  shoved  that  even' in 
cases  of  massive  cross-flow  separation  reasonable 
results  can  be  obtained  with  a  'slightly  modified 
model.  They  argue  that  the  vortical' lee- side  flow 
can  be  viewed  as-xonslsting  of  attached  boundary 
layers*  primarily  directed  ln''btreiwise*'direc- 
tion;  and ‘a  basically ‘  in^scid  fr^ 'shear  layer 
which  convects 'the'  vorticl^' generated  wlthln''tHe 


The  modeling  of  transition  from  laminar  to  turbu¬ 
lent  flow  or  vice  versa,  which  has  a  significant 
effect  on  the  secondary  separation  on  slender-wing 
configurations  as  well  as  the  primary  separation 
on  slender  bodies,  is  an  even  greater  problem.  At 
present  it  appears  that  most  numerical  simulations 
are  carried  out  for  all-laminar  flow,  all-turbu¬ 
lent  flow  or  mixed  flow  with  the  transition  loca¬ 
tions  specified  empirically.  It  must  be  realized 
that  in  reality  transition  from  laminar  to  turbu¬ 
lent  flow  does  not  occur  at  one  discrete  point  but 
rather  In  a  zone  which  length  depends  on  amongst 
others  the  Reynolds  number.  However,  for  the  high 
Reynolds  numbers  of  interest  here  transition  can 
be  assumed  to  take  place  at  a  single  curve  on  the 
surface.  The  location  of  the  curve  depends,  in 
general,  on  Reynolds  and  Mach  number,  pressure 
gradient  and  streamline  curvature  (wing  sweep), 
wall  temperature,  surface  roughness,  external 
disturbances,  etc.  A  recent  review  on  laminar- 
turbulent  transition,  the  physics  of  turbulence, 
the  modeling  of  turbulence,  etc.  has  been  pre¬ 
sented  by  Landahl  (Ref.  64). 

3.4.  ThlnaaverLHavler-Stokes^eouatlons 

In  cases  where  there  Is  no  large-scale  streamvise 
flow  separation  the  viscous  terms  in  all  direc¬ 
tions  but  the  one  normal  to  the  solid  boundaries 
may  be  neglected.  This  results  into  the  mathemati¬ 
cal  flow  model  governed  by  the  "thin-layer  Navler- 
Stokes  equations"  (TLNS).  For  a  body-fitted  coor¬ 
dinate  system  (f,i},C)  with  f  approximately  normal 
to  the  body  surface  the  governing  equation  be¬ 
comes,  see  Eq.  (la): 

In  the  thin- layer  assumption  the  viscous  terms  are 
simplified  by  assuming  that  all  derivatives  except 
those  in  the  normal  direction  are  small  and/or  not 
adequately  resolvable  on  the  grid  used  and  thus 
dropped.  So  also  in  only  derivatives  in  f-di- 
rection  are  retained.  This  mathematical  model  re-' 
quires  a  fine  grid  in  the  direction  normal  to  the 
body  and  that  close  to  the  body  only,  while  in  the 
directions  along  the  body  surface  a  much  coarser 
mesh  suffices.  It  will  be  clear  that  in  the  thin- 
layer  approximation  cases  wi^  strong  adverse 
pressure  gradients  in  streamvise  direction  cannot 
be  handled. 

3.5.  Eulen  equations 

For  most  of  the  high-Reynolds  number  flows  of  in¬ 
terest  in  vortex-fXow  aerodynamics  viscous  effects 
are  confined  to  thin  boundary  layers,  thin  wakes 
and^centers  of  vortex  cores,  i.e.  ^e^  global. flow 
features  depend  only  weakly' on  Rey^lds  number. 
Neglecting  in  Eq.  (I)  the  viscous  and  heat  induc¬ 
tion  terms  altogether  leads'  to  the  Euler  eqiutlons 
for  inyiscld  flow,  ThH  flw  model.^alldwsxi^e^6c- 
currence  oFshock  waves',. 't£e'  genera'tlq'h'of^^rtic- 
ity  tlixou^'  shocks  ""bf  vixyihg  strength' as 'well 


through  intersecting  shocks  and  finally  the  con*^ 
vection  and  stretching  of  vortlcity.  Vorticity  aay 
occur  in  the  form  of  distributed  vorticity  as  well 
as  in  the  form  of  vorticity  concentrated  in  thin 
shear  layers  or  vortex  filaments.  On  a  local 
scale,  specifically  at  points  where  the  flow  sepa* 
rates  from  the  surface  vorticity  is  generated  and 
shed  into  the  flow  field,  a  model  (Kutta^type  of 
conditions)  for  viscous-flow  dominated  features 
will  be  required.  The  Euler  equations  follow  from 
Eq.  (1)  as 

au  ^  at  ^  ac  ^  3H  .  0  ,5. 

St  -3^  Sn  Tif  ^  ^ 

in  differential  form.  The  mathematical  model  based 
on  the  Euler  equations  requires  explicitly  the 
condition  that  the  entropy  is  allowed  to  increase 
only,  this  to  avoid  the  physically  unrealistic  ex¬ 
pansion  shocks.  In  the  subsonic  and  transonic  flow 
regime  steady-state  solutions  are  often  obtained 
in  a  time-asymptotic  fashion.  The  system  of  five 
equations,  Eq.  (S),  is  hyperbolic  and  the  five 
eigenvalues  corresponding  to  the  characteristic 
velocities  in  each  space  direction,  of  the  three 
Jacobian  matrices  are  real.  For  subsonic  flow  four 
eigenvalues  are  positive,  one  Is  negative.  Thus  at 
the  Inflow  boundary  four  conditions  are  specified 
from  free  stream  quantities,  one  is  obtained  by 
extrapolation  from  the  interior.  At  the  outflow 
boundary  one  condition  needs  to  be  specified  and 
the  other  four  involve  extrapolated  quantities. 

At  the  solid  surface  the  normal  component  of  the 
velocity  becomes  zero  (u.n  «  0),  but  the  tangenti¬ 
al  velocity  is  nonzero. 

For  the  case  of  steady  supersonic  flow,  it  is 
often  much  more  economical  to  solve  the  steady- 
flow  equations  using  a  space-marching  technique. 

In  this  approach  the  solution  is  obtained  by 
marching  the  (conical)  solution  obtained  in  the 
nose  region  to  subsequent  stations  along  the 
length  of  the  configuration. 


If  there  are  no  strong  shocks  end  if  the  vorticity 
is  confined  to  compact  regions,  the  flow  may  be 
modeled  as  potential  flow  with  embedded  free  vor¬ 
tex  sheets  and  vortex  cores  (filaments).  The  gov¬ 
erning  equation  is  obtained  from  the  Euler  equa¬ 
tions  upon  introduction  of  the  velocity  potential 
♦  such  that  u  ••  V#,  resulting  in 

v.(pv#)-0  (63) 

(6b) 


round  the  configuration,  poses  considerable  pro¬ 
blems  for  computational  methods  solving  the  full- 
potential  equation.  Usually  the  position  of  the 
wakes  are  fixed  and  wake  roll-up  is  not  accounted 
for,  limiting  the  application  to  low  angles  of  at¬ 
tack. 

In  case  shock  waves  are  absent  altogether  and  the 
perturbation  to  the  free  stream  due  to  the  pres¬ 
ence  of  the  configuration  is  small,  the  full-po¬ 
tential  equation  can  be  linearized,  which  leads  to 
the  Prandtl-Glauert  equation.  Writing  the  velocity 
as  the  sum  of  the  free-stream  and_^the  gradient  of 
the  perturbation  potential,  i.e.  u  ••  U«  -f  the 
full-potential  equation  Eq.  (6a)  becomes 

^  .  ifij .  0  (7) 

a?  ap  ^ 

For  subsonic  flow  (H»  <  1)  the  equation  is  ellip¬ 
tic,  while  for  supersonic  flow  the  equation  Is 
hyperbolic.  The  criterion  on  the  magnitude  of  the 
allowable  perturbations  due  to  the  presence  of  the 
geometry  depends  on  the  free-stream  Hach  number, 
the  criterion  being  least  strict  for  the  lower 
Mach  nui^ers.  For  incompressible  flow  (H«  *  0)  the 
small-perturbation  assumption  is  no  longer  needed: 
both  the  Prandtl-Glauert  and  the  full-potential 
equation  then  reduce  to  Laplace's  equation. 

The  velocity  potential  and  the  pofiltion  of  the 
wakes  can  be  solved  for  by  using  the  boundary- 
integral  type  of  approach.  In  this  approach  the 
velocity  field  can  completely  be  expressed  in 
terms  of  singularly  distributions  on  the  surface 
of  the  configuration  and  the  wakes,  hence  a  spati¬ 
al  grid  is  not  required.  The  computational  methods 
based  on  this  formulation,  the  so-called  panel 
methods,  have  proven  to  be  a  very  effective  tool 
for  computing  both  the  global  and  the  local  aero¬ 
dynamic  characteristics  of  the  most  complex  air¬ 
craft  configurations. 

The  main  problem  associated  with  the  panel-method 
type  of  approach,  aside  from  those  associated  with 
its  relatively  poor  physical  flow  model  for  flows 
involving  shocks,  is  the  computation  of  the  posi¬ 
tion  of  the  rolling-up  wakes  through  satisfying 
the  nonlinear  boundary  conditions  on  the  free  vor¬ 
tex  sheets.  At  lover  incidences  a  rigid  wake  as¬ 
sumption  often  suffices,  rendering  the  problem 
linear,  but  at  the  higher  incidences  one  has  to 
account  more  accurately  for  the  Interaction  of  the 
wakes  with  the  flow  on  the  nearby  surfaces. 


4.  POTENTIAL- FLOW  METHODS 


=  I 


The  pressure  coefficient  then  follows  from  the 
isentropic  relation 

c,  •  (p-p.)/‘p.u*  •  (6 


The  governing,  so-called  full-potential,  ecuation 
is  nonlinear,  allows  the  occurrence  of  weak  (isen- 
tropic)  shocks,  but  requires  that  vortical  flow 
regions  are  •fitted"  explicitly  into  the  solution. 
The  latter  in  contrast  with  the  above  more  com¬ 
plete  models  where  they  are  •captured*'  Implicitly 
as  integral  part  of  the  solution. 

The  boundary  conditions  are  along  with  the  usual 
far-field  condition  that  the  solid  surfaces  are 
stream  surfaces  (u'.n  -  0)  that  the  vorUx  sheets 
are  stream  surfaces  across  which  the  static  pres¬ 
sure  is  continuous  while  for  vortex  filaments 
vafiotia  conditions  ere  pdsaible. 

In  the  potential-flow 'forMlation  the  problem  re- 
duces'  to  solvl5^  for  the  velocity  potential'  to¬ 
gether  with  the  position  md  strength  of  the  vdr-' 
tex^sheets  and  cores'^ (wakes).-  The^treataenc  of  the 
wakes,  free-floating 'in  afjaced  spatiaL  grid  a¬ 


The  most  widely  used  engineering  method  for  pre¬ 
dicting  the  characteristics  of  configurations  emp¬ 
loying  leading-edge  vortex  flow  is  the  so-called 
•Polhamus'  suction  analogy"  (Polhamus,  Ref.  65). 
The  analogy  is  based  on  the  empirical  conjecture 
that  the  vortex  lift  effect  can  be  predicted  uti¬ 
lizing  the  edge  auction  forces  of  the  attached- 
flow  solution.  In  classical  lifting-surface  poten¬ 
tial-flow  theory  the  velocity  tends  to  infinity  at 
all  edges  except  the  (trailing)  edges  where  the 
Kutta  condition  is  imposed,  resulting  in  a  finite 
suction  force  at  leading  and  side  edges.  This 
force  acts  normal  tc  the  leading  edge  end  lies  In 
t)  plane  of  ^the  wing,  (partly)  countaracting  the 
d.  ig  force.  The  magnitude  of  the  suction  force  de¬ 
pends  on. the  amplitude  of  the  singularity  in  the 
loading  at  the  edge;  On  a  titree-dlmensldnal  wing 
the  normal  force,  found  from  integration  of  the 
distribution  of -the  pressure  difference  across  the 
lifting  surface  coi^ines  with  the  auction  force  to 
yield  the^  correct Aift, '8ide5£orce  and  induced' 
drag  of  ^e.irlng;  Vheh-the"fiov<aeparate8^at*the 
edga :  the  tl^tta  ’  cdndltidn<^iS‘  satisf  Ibd^v^.  thej'^c- 
tlon  fdfea^is  lost.  -In -the -"suetldh  analogy*  1^e 
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suction  force  is  "recovered"  as  a  force  rotated 
through  90  deg  to  act  in  the  direction  normal  to 
the  wing  surface.  This  implies  that  the  aerody* 
namlc  forces  and  moments  on  configurations  with 
vortex  flow  can  be  computed  by  utilizing  any  con¬ 
ventional  linear  attached  flow  method  with  rigid 
wakes  attached  to  trailing  edges,  without  the  ne¬ 
cessity  of  having  to  solve  a  complex  nonlinear 
problem.  The  magnitude  of  the  suction  force  then 
follows  from  the  behaviour  of  the  loading  near  the 
edge  where  in  reality  the  flow  is  know  to  sepa¬ 
rate.  The  suction  analogy  has  been  applied  to  a 
variety  of  cases,  both  in  subsonic  and  in  super¬ 
sonic  flow.  In  general  the  correlation  of  computed 
forces,  and  to  a  lesser  extent  moments,  with  ex¬ 
perimental  data  is  surprisingly  good.  Thus  far  no 
theoretical  explanation  appears  to  have  been  given 
for  the  success  of  the  suction  analogy.  However,, 
the  major  drawback  of  the  methods  that  use  the 
suction  analogy  is  that  the  pressure  and  velocity 
distribution  cannot  be  predicted  by  the  method  and 
that  more  complex  situations,  e.g.  the  interaction 
of  a  canard  vortex  with  a  wing,  strake-wing  vortex 
flow,  vortex  breakdown,  etc.  require  the  develop¬ 
ment  of  new  empirical  concepts. 

With  a  vortex- lattice  method  as  attached- flow 
solver  Lamar  and  his  co-workers  (e.g.  Lamar,  Ref. 
66)  have  developed  the  method  towards  a  very 
useful  engineering  tool  both  for  analysis  and  for 
design  of  quite  general  configurations,  including 
strake-wing  configurations. 

4.2.  Fitted  vortex-flow  methods 

The  surface  pressure  distribution  and  the  detailed 
flow  field  can  be  provided  by  methods  based  on  the 
potential  flow  model  with  embedded  ("fitted")  vor¬ 
tex  sheets  and  cores.  Although  some  success  has 
been  booked  incorporating  free  vortex  sheets  into 
the  full-potential  formulation  (e.g.  Refs.  67,, 

68,  69),  here  we  will  consider  linearized 
potential  flo«* .specifically  incompressible  flow, 
only  (Fig,  9). 
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leading-edge  vortex  flow.  In  the  early  fifties, 
Legendre  (Ref.  16)  and  Brown  &  Hichael  (Ref. 

70),  devised  an  approximate  model  in  this  frame¬ 
work  in  which  all  vortlcity  generated  at  the 
leading  edge  is  assumed  to  be  concentrated  in  one 
isolated  vortex.  The  strength  of  the  vortex,  i.e. 
the  total  circulation  of  the  vortex  system  is 
determined  by  applying  the  Kutta  condition  at  the 
leading  edge.  In  order  to  allow  for  the  streamwise 
(here  linear)  growth  in  the  strength  of  the 
vortex,  the  vortex  is  connected  to  the  leading 
edge  by  a  so-called  "feeding  sheet”.  This  feeding 
sheet  carries  the  cross-flow-plane  component  of 
the  vortlcity  and  to  first  approximation 
contributes  to  the  streamwise  velocity  component 
only.  The  condition  imposed  on  the  isolated 
vortex/feeding  sheet  combination  is  that  it  sus¬ 
tains  no  net  force. 

The  flow  problem  (for  zero  side-slip)  is  solved 
employing  a  conformal -mapping  technique.  This  re¬ 
duces  the  problem  to  having  to  determine  the  solu¬ 
tion  of  a  system  of  just  three  nonlinear  algebraic 
equations  for  the  strength  and  position  of  the 
vortex. 

Later  Mangier  &  Smith  (Ref.  71)  and  Smith  (Ref. 

72)  improved  upon  this  early  model  by  including 
a  representation  for  the  not  rolled-up  part  of  the 
leading-edge  vortex  sheet.  This  vortex  sheet  of 
finite  extent,  discretized  by  piecewise  continuous 
constant-vorticity  elements  (panels^ ,  has  a  large 
effect  on  the  Kutta  condition.  The  model  for  the 
vortex  core,  i.e.  the  tlghcly  rolled-up  part  of 
the  vortex  sheet  (of  Infinite  length),  is  Brown  & 
Michael's  model  described  above,  but  with  the 
feeding  sheet  now  connecting  the  vortex  with  the 
end  of  the  vortex  sheet.  This  vortex-core  model 
provides  a  good  description  for  the  flow  field 
away  from  the  discrete  vortex  and  its  associated 
feeding  sheet.  In  Smith'f  method  the  stream-sur¬ 
face  boundary  Condition  on  the  wing  is  satisfied 
using  conformal  mapping,  while  the  vortex-sheet 
boundary  conditions  that  a  vortex  sheet  is  a 
stream  surface  and  that  the  pressure  is  ermtinuous 
across  it  are  imposed  at  discrete  points  (colloca¬ 
tion).  This  results  with  the  no- force  condition  on 
the  vortex/feeding- sheet  combination  in  a  system 
of  nonlinear  algebraic  equations  for  the  strength 
and  position  of  the  vortex-.sheet  elements  and  oc 
the  vortex.  Results  of  Smith's  vortox  sheet  method 
compare  quite  satisfactorily  with  experimental 
(turbulent)  flow  data. 

The  above  slender-body-approximation  contcal-flow 
methods  have  also  been  extended  to  the  case  of 
slender  wings  with  curved  leading  edges  or  chord- 
wise  camber.  Clark  (Ref.  73)  has  extended 
Smith's  method  to  non-conical  planforms.  He  found 
that  the  method  was  unable  to  deal  with  cases 


U  — U«o 

Fig.  9  Potential-  flow  model  of  three-dimensional 
flow  about  slender  wing 


4.2.1.  Slandtr-bodY  approxlnatlon 
Configurations  that  develop  leading-edge  vortex 
flow  are  in  general  slender,  in  the  sense  that  in 
the  streamwise  direction  variations  in  geometry 
and  in  the  ^ow  quantities  are  much  smaller  than 
those  in  the  cross-flow  plane.  In  that  case  the 
full  three-dimensional  problem  can  be  reduced  to  a 
sequence  of  quasi. twordimensional  problem  in  suc¬ 
cessive  croos-flow  planes.  Vithin  this  framework 
the  streamwise  component  of  the  >pert\u:bation  ve¬ 
locity.,  required  to  compute rthe  pressure,  follows 
directly  from  the  cross-flow-plane  solution.  If  in 
addition  the  geometry -is  .conical,  «:g.  a  delta 
wihg)dr  a  cone,  .the > potential- flow  solution  is 
conical  as  .well  and  only  one  cross-flow  .plane  pro¬ 
blem  nee^  to.be  considered.  .The  methods  employing 
the  ^slendar-t^y  approximation,  to,  conical*  configu¬ 
rations  ware  the. first. to  be  applied  with, success 
to  the  computation.of ^tbe 'flow  about  wings  with. 


where  second  centers  of  roll-up,  I.e.  double- 
branched  vortices,  began  to  develop.  This  is 
partly  due  to  the  difficulty  of  representing  the 
details  of  tightly  rolled-up  parts  of  free  vortex 
sheets  using  a  continuous  panel  discretization. 
Discretizing  vortex  sheets  by  discrete  vortices 
has  a  long  history,  primarily  because  of  its  sim¬ 
plicity  and  flexibility.  Sacks  et  al.  (Ref.  74) 
treated  ;rihg-body  coiAlnations  employing  a  dis¬ 
crete-vortex  representation  for  the  leading-edge 
vortex  sheet.  Although  the  vortex  sheet  .^pears 
chaotic  the  predicted  fqrcea  compare  re^qnably 
well  with  experimental  data.  Xleyuan  (Ref.  75) 
applied  Sacks*  method  to  almulate  the  flow  about 
atrakad  (doubla-dalta)  wings,  also  showing  d^- 
ordarly  arrangements  of  the  discrete  vortices, 
thou^  the  'position  of  clusters  ,qf  vortices  agreed 
with  the  experimentally  found^posltiohs  of  the 
strake  and  wing  vortex.  Ref.  76  gives  more  re¬ 
sults  of  this  metiiod.  neth- 

od  xavaral  ta^iniquaa  can  be  uaad^.to  delay  ^tha 
onset  jof  ^qs^-.^e^g.  radiscratlxatlon,  amalgama- 
tidn,  ra^diaentixation^uaing  aub-vorticea,-..etCA 
Also  ti)avW^,.J^^::^«Aich.tha  atrangtii.'and^^si^oh  of 


the  vortex  closest  to  the  leading  edge  are  deter- 
nlned  can  be  Inproved  upon.  Peace  <Ref.  77)  de¬ 
veloped  an  improved  discrete-vortex  method  employ¬ 
ing  among  other  things  the  sub-vortex  technique 
and  a  nev  vortex  shedding  model.  The  method  has 
been  applied  to  various  slender  wings  including 
strake-ving  configurations  ;•  for  the  latter  both 
the  strake  and  the  double -branched  wing  vortex 
were  *>redicted.  This  demonstrated  that  discrete- 
vortex  methods «  thou^  prone  to  nusericaX  problems 
requiring  careful  tuning  of  the  discretization, 
have  the  flexibility  to  cope  with  the  vortex  flow 
about  more  complex  geometries,  see  also  Haskev  & 
Rao  (Ref.  78),  Nathman  (Ref.  79),  etc.  A  re¬ 
cent  paper  on  application  of  a  discrete-vortex 
method  in  the  framework  of  a  slender-body  approxi¬ 
mation  is  the  one  by  Mendenhall  and  Lesleucre 
(Ref.  80).  The  method  is  applied  to  a  flattened 
fighter  forebody  with  a  sharp-edged  chine.  The 
separation  of  the  flow  Is  fixed  at  the  edge  and 
the  generation  of  vortex  sheet  at  the  edge  is 
well-predicted.  However,  probably  because  the  up¬ 
stream  influence  of  the  wing  is  not  accounted  for 
in  the  method  the  correlation  of  computed  and  mea¬ 
sured  surface  pressures  is  unsatisfactory. 

Further  interesting  applications  of  the  slender- 
body  discrete -vortex  method  are  given  by  Cheng  et 
al.  (Ref.  81)  who  treat  delta  wings  with  lead¬ 
ing-edge  flaps,  which  for  extreme  flap  deflections 
feature  additional  vortex  systems,  and  compare 
predictions  with  data  obtained  from  extensive  flow 
visualization  Investigations. 

In  Ref.  82  a  description  is  given  of  a  slender- 
body-approxlmation  method  (VORSfiA) ,  developed  at 
HIR,  in  which  the  vortex  sheet  is  discretized  more 
accurately  using  curvec^  panels  and  a  model  for 
single-  and  double-branched  vortex  cores.  In  the 
VORSBA  method  the  problem  is  solved  In  physical 
space  rather  than  in  some  transformed  space,  which 
requires  a  discretization  of  the  full  cross-sec-' 
tlon  of  the  configuration,  but  fs'^ilitates  a  more 
conv^ient  application  to  configurations  with  com¬ 
plicated  cross-sections.  Some  applications  of  this 
method  are  described  later  on  in  the  present 
paper . 

In  the  slender-body  approximation  applied  to  sub¬ 
sonic  flow  the  upstream  influence  of  the  trailing 
edge,  as  well  as  the  singularity  at  thd  apex.  Is 
net  accounted  for.  Furthermore  discontinuities 
such  as  occur  at  the  kink  in  the  leading  edge  of 
straked  wings  are  not  allowed  in  the  strict  sense 
of  the  slender-body  approximation.  Furthermore,  It 
must  be  realized  that  In  subsonic  flow  a  conical 
geometry  cannot  invoke  a  conical  velocity  field 
and  pressure  distribution,  although  geometricallv 
the  streamline  pattern,  vortex  flow  topology, 
etc.,  observed  In  experiments  on  slender  (nearly) 
conical  configurations  in  subsonic  flow  have  a 
strikingly  conlcdl  appearance. ' 

6.2.2.  M.thgds  fot-thrg.-dliiwnslonal  flow 
In  the  framework  of  three-dimensional  flow  the 
equivalent  of  the  discrete-vortex  method  is  the 
non-linear  vortex- lattice  method,  which  has  at¬ 
tracted  considerable  attention,  e.g.  Belotsorkov- 
skii  (Ref.  83),  Rehbach  (Ref.  84).  Kandil  et 
al.  (Ref.  85),  Kim  &  Kook  (Ref.  86).  Rusak  et 


and  induced  drag  of  such  configurations  can  be 
predicted  reasonably  well,  but  that  the  pitching 
moment  and  also  the  detailed  pressure  distribution 
on  the  wing  are  in  poor  agreement  with  experimen-' 
tal  data. 

From  a  perusal  of  published  results  of  nonlinear 
vortex- lattice  methods,  it  must  be  concluded  that, 
although  forces  and  moments  can  be  predicted  rea¬ 
sonably  well,  representing  a  vortex  sheet  by  dis¬ 
crete  vortex  filaments  Is  apparently  a  too  crude 
and  too  singularly  behaved  approximation,  see  also 
Uickring  (Ref.  90)  where  a  similar  conclusion  is 
reached. 

In  the  panel-method  approach  such  as  developed  by 
Johnson  et  al.  (Ref.  91),  vortex  sheets  are  rep¬ 
resented  more  accurately  by  a  piecewise  continuous 
doublet  distribution  on  flat  panels.  The  vortex 
sheet  emanating  from  the  leading  edge  is  allowed 
to  attain  a  position  and  strength  such  that  the 
boundary  conditions  (zero  normal  velocity  and  con¬ 
tinuous  pressure)  on  the  vortex  sheet  are  satis¬ 
fied.  The  rolled-up  part  of  the  leading-edge  vor¬ 
tex  sheet  is  modeled  using  the  three-dimensional 
equivalent  of  Smith's  dlscrete-vortex/feedlng- 
sheet  combination,  i.e.  a  vortex-fllanent/feeding- 
sheet  combination.  The  wake  downstream  of  the 
trailing  edge  is  taken  as  a  surface  that  is  a 
smooth  continuation  of  the  wing  and  leading-edge 
vortex  sheet :•  i.e.  the  geometry  of  this  vortex 
sheet  Is  fixed.  The  doublet  strength  of  the  wake 
follows  from  imposing  the  condition  that  the  pres¬ 
sure  Is  continuous  across  the  sheet,  while  the 
nonaal-veloclty  condition  is  not  imposed. 

The  main  difficulty  in  the  vortex-sheet  method  is 
that  one  has  to  solve  for  the  strength  and  the  po¬ 
sition  of  the  vortex  sheet  simulDOaously.  i.e. 
one  imposes  boundary  conditions  that  are  of  mixed 
analysis  (the  normal  velocity  condition) /design 
(the  pressure  condition)  type.  Constructing  a  nu-' 
merically  st'tble  scheme,  l.a.  exprersing  the  pan- 
elvlsa  representations  for  gaometry  and  doublet 
distribution  in  terms  of  unknown  parameters  to  be 
solved  for,  hAS  proven  to  be  difficult.  Tinally  it 
was  found  that  a  scheme  derived  frois  a  least-' 
squares  fit  involving  parameters  associated  with 
the  representations  on  16  neighbouring  ranels  pro¬ 
vided  Sufficient  stability  for  most  cases.  In  gen¬ 
eral  t^ie  (mostly  usitg  a  rather  coarse  paneling) 
coQputed  forces  and  moments  are  in  satisfactory 
agreement  with  experimental  data,  while  pressure 
d^stributionll  are  often  unsufficiently  resolved  to 
reveal  the  details  in  the  distribution  in  the  re¬ 
gion  underneath  the  vortical  flow  region. 

In  Ref.  82  a  panel  method  (VORSEP)  is  described, 
developed  at  NLR,  for  the  three-dimensional  flow 
problem.  It  is  based  on  Johnson's  formulation  but 
has  a  near  wake  which  Is  free  to  assume  the  posi¬ 
tion  where  both  vortex-sheet  boundary  conditions 
are  satisfied.  Also  the  numerical  approach  differs 
from  the  one  of  Johnson's  (LEV)  method,  e.g. 
curved  panels  instead  of  flat  panels  and  a  simpler 
scheme  for  the  local  representations  of  the  dou¬ 
blet  distribution  and  the  geometry.' 

In  the  next  section  some  applications  of  the  panel 
methods  VORSEP  and  VORSBA  to  some  Incompressible 
flow  cases  are  discussed  in  some  detail. 


al.  (Ref.  87).  In  the  hoh-linear  vortex- lattice 
method  the  free  vortex  sheets  from  the  leading  and 
trailing  edges  are  represented  by  discrete  vortex 
filaments.  These  trailing  line  vortices  are  re¬ 
laxed  until  their  direction  corresponds,  with  the 
local  flow  direction.  Ih  reglono  of  large-'yarla- 
tlohs,  as  us^lly  occur  In  casas  yi^  vortex  flow 
from  leading' and  side  edges',  considerable  ht^ri- 
cal'  probleM  are  encountered'  which  becoM  worse 
when  more  < vortices  are  employed!!  Recent  papers  bh 
the  aj^licatlbh'bf  a  vortex-lattice  Mthbd'to 
strake-delta  and  clbse-cbupied^vihg-Mhard'cohfig- 
uratibns'have  been' pres'ahted 'by  Rom  ^(Ref.  88) 
and  hbr&  n  (Ref;:  89);’ It  Is  shown’that 'the  lift 


4.3.  Solution  for  delta  vines  with  leading-edge 
vortices 

In  this  section  the  potential-flow  solution  is 
considered  for  three  flat  delta. wings  of  different 
sweep  angle  (A  r  65,  70  and. 85  deg)  all  .inclined 
at  an  «igie  of  20. ^g^wi^  respect  to  the  oncoming 
flow.  The 'solution,  from  the  yORSEP. panel  method  is 
presented  in  Fig'.^IO.  .It^shows  fbr.each.pf  the. 
tliree  cases  the  spanwlse  pressure  distribution  at 
the  chordwise  sections  x/cg  •'.0.^6:I)0.9.  .and  a 
three-dlMhsioMl  .view.of  ^e.geomet^  of  ^e 
wing,  therjeadi^-edge  yortex.sheeV-inciudi^^theh . 
voftex-fflMent//eedi^-^^eet  yortex-core«m(^l  - 
and  'fhe  The^faf  -v^^.' 
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Fig.  10  Potenclal'flov  solution  of  Incoapresslble 
flow  about  thin  delta  wings 

which  consists  of  straight  vortex  lines  attached 
to  the  last  section  of  the  near  wake,  is  onitted 
fros  the  figure.  The  solution  Is  obtained  assuislng 
starboard/port'side  symmetry  with  for  half  of  the 
configuration  13  strips  of  32,  34  and  27  panels 
for  the  65*,  70-  and  76-deg  delta  wing,  respec¬ 
tively.  The  length  of  the  leading-edge  vortex 
sheet  Is  chosen  such  that  at  least  one  complete 
turn  of  the  sheet  Is  taken  Into  account.  For  the 
70-  and  76-deg  delta  wings  the  length  of  the 
three-strip  near  wake  is  30%,  for  the  65'deg  delta 
wing  it  is  10%  root  of  the  chord. 

It  is  clear  that  the  leading-edge  vortex  sheet  has 
a  conical  appearance  almost  up  to  the  trailing 
edge  of  Che  wing.  It  Is  evident  from  Fig.  10  that 
with  increasing  sweep  angle  the  vortex  system  in¬ 
creases  in  cross-sectional  dimension  relative  to 
the  wing  seal-span. In  the  VORSEP  method  the  near¬ 
wake  is  fully  relaxed,  but  the  trailing-edge  vor¬ 
tex  is  not  modeled  explicitly  as  another  vdrtex- 
fllamcht/feeding-sheet  combination.  However,  the 
wrinkling  showing  up  in  the  hear  wake  vortex  sheet 
forms  the  smoothed-out  representation  of  the 
double-branched  trailing-edge  vortex  chat  forms  at 
precisely  that  location. 

Analysis  of  the  solutions  has  shown  that  at  the 
trailing  edge  the  Mghitude  of  the  circulation  as¬ 
sociated  with  the  vortici^  of  si^  opposite  to 
that' in  the  leading-edge  vortex  system  is,  in 
terms  of  the  circulatlbh  of  the  leading-edge  vor¬ 
tex  system,  lerger  fqr  the  Idwer.than  for  the 
higher  sweep  angles.  Since  all*  of  the  hegatiye 
vorticlty  eventually  wlil  ehd’up  In  the  trailing- 
edge  vortex,  the  latter  'wlll  be'^relatl^iy" 
strohger-'and  more  pfdhouhced^fof 'yings  '^^lqwer 
sve^p  angles,  a's'is  elsd' evident  from" Fig.'' 1.0^ 


Pig.  10  also  demonstrates  that  on  the  wing  surface 
the  pressure  distribution  is  not  conical  (l.e. 
constant  along  lines  y/x  •  constant)  at  all:  In 
chordwlse  direction  the  pressure  coefficient  in¬ 
creases  nonotonlcelly  from  e  region  near  the  apex 
to  the  trailing  edge.  However,  because  of  the  geo¬ 
metrical  conlcity  of  the  solution  the  position  of 
the  leading-edge  vortex  core  and  therefore  the  up¬ 
per-surface  suction  peak  is  at  about  the  same  per¬ 
centage  local  semi-span  for  most  of  the  spanwise 
distributions  shown.  For  the  lover  leading-edge 
sweep  angles  the  rate  at  which  vorticlty  is  gener¬ 
ated  at  Che  leading  edge  is  largest,  which  at  a 
given  chordwlse  station  results  in  the  strongest 
vortex  and  in  the  highest  level  of  the  suction 
peak  on  the  upper  surface  of  the  wing.  On  the 
other  hand,  at  the  higher  sweep  angles  the  level 
of  the  suction  peak  is  lower  but  the  influence  of 
the  leading-edge  vortex  is  felt  on  a  relatively 
larger  part  of  the  span  of  the  wing. 

Comparison  of  the  computational  results  with  ex¬ 
perimental  data  demonstrates  that  the  VORSEP  meth¬ 
od  is  capable  of  predicting  the  characteristics  of 
vortex  flow,  see  Fig. IX.  In  this  figure  the  com¬ 
puted  spanwise  surface  pressure  distribution  is 
compared  with  experimental  data  of  Verhaagen  (Ref. 
92)  and  of  Hummel  (Ref.  20)  for  the  case  of  the 
76-deg  (unit-aspect-ratio)  delta  wing  at  20  deg 
Incidence.  Although  agreement  of  computed  (VORSEP) 
and  measured  pressure  distributions  Is  quite  sat-' 
Isfactory,  it  also  demonstrates  one  of  the  main 
difficulties  of  cootparing  computed  (invlscid)  and 
real-life  vortex  flow  results,  namely  the  occur-' 
rence  of  (smooth-surface)  secondary  separation  on 
the  upper  surface  of  the  wing.  In  Hummel's  experi¬ 
ment  the  boundary  layer  was  fully  turbulent  (trip 
wire),  while  In  Verhaagen's  experiment  (natural) 
transition  from  laminar  to  turbulent  flow  took 
place  at  about  60%  root  chord.  This  corresponds 
with  the  secondary- separation  effects  being  more 
pronounced  in  the  latter  experiment  when  compared 
with  Hummel's  test. 


*  VERHAAGEN  — VORSEP 

•  HWm  — VORSBA 

Fig.  11  Comparison  of  computed  and  measured 

surface  pressure  distribution  for  76-deg 
delta  wing  at  a  -  20  deg 


Further  note  that  the  method  for  ^ree-dlaensional 
flow  (VORSEP)  correctly  predicts  ^ei.i^rease  of 
the  pressure  .coefficient  from  apex  towards  trail-' 
Ing  edge.  It^slsb  appears  t^at  tiie  VO^M  method, 
based  dn^the  slen^r-body  approxlauition,  provides 
a  good  prediction,  ard^^  50%  root,  chord.  However, 
on  the  aft^'pdrtion  wing  the  upstream  effect 

of  t^e  traliitig  edge  ;becoiM8  rapidly... larger, .jin- , 
valid4|ing^^e^aiiu^didns  "{m^flying . the  slehder- 
body  approxioiaHon.' 
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F?g.  12  Lift,  drag  and  pitching-moment  coeffici¬ 
ent  for  delta  wings  at  a  -  20  deg 

The  effects  of  secondary  separation  become  larger 
for  lover  incidence  and  lower  sweep  (more  peaky 
upper-wing- surface  pressure  distributions)  and  are 
more  severe  for  laminar  flow  compared  to  turbulent 
flow. 

The  lift,  drag  and  pitching  moment  coefficients  as 
a  function  of  K  -  cotA  are  plotted  in  Pig.  12  It 
shows  that  as  the  wing  sweep  decreases  the  lift 
increases,  just  like  in  attached  flow.  The  rola-' 
tive  amount  of  nonlinear  lift  decreases  with  de¬ 
creasing  sweep  angle,  as  comparison  with  results 
of  attached  flow  theory  learns.  Comparison  with 
experimental  data  shows  further  that  the  lift  co¬ 
efficient  is  predicted  quite  well  for  sweep  angle;, 
above  7S  deg.  but  that  at  the  lover  sweep  angles 
the  present  method  tends  to  overpredict  the  lift. 
This  Is  primarily  due  to  the  neglected  secondary 
separation  effects,  which  as  remarked  above  are 
more  severe  for  wings  with  lower  sweep  angles  than 
for  the  more  slender  wings. 

4.4.  An^fltceaiPt  to  model  secondary  _separatlon 
As  Indicated  above  secondary  separation  can  have  a 
large  effect  on  the  pressure  distribution  on  the 
upper  surface  of  a  delta  wing.  The  position  of 
secondary  separation  Is  determined  by  viscous-flow 
phenomena.  In  this  section  we  study  the  effect  on 
the  invlscid  solution  of  modeling  the  region  of 
vortical  flow  due  to  the  secondary  separation  by 
an  additional  vortex  sheet  that  starts  at  some 
prescribed  location  on  the  upper  wing  surface  and 
rolls  up  Into  a  vortex  core.  Here  it  is  assumed 
that  the  Reynolds  number  is  hl^  enough  for  the 
secondary  separation  vortex  system  to  stand  clear 
from  the  boundary  layer  on  *.ne  wing. 

The  test  case  chosen  Is  the  6S-deg  delta  wing  at 
20  deg  Incidence  also  discussed  above,  for  which 
secondary  separation  effects  are  relatively  se¬ 
vere.  This  choice  of  beirs  on  the  availability  of 
experimental  data  from  the  International  Vortex 
Flow  Experiment  for  a  similar  wing  (Ref.  56).  For 
reasons  of  keeping  the  study  as  simple  as  possible 
the  method  based  on  the  slender -body  approximation 
(VORSBA)  was  used,  which  avoids  some  of  the  com¬ 
plexities  of  the  three-dimensional  problem  while 
retaining  the  essential  part  of  the  problem. 
Furthermore  the  wing  Is  considered  to  be  infini¬ 
tesimally  thin  and  conical,  while  the  configura¬ 
tion  used  in  the  experiment  has  a  non-conlcal 
thickness  distribution.  The. results  of  the  Inves¬ 
tigation  are  presented  In  Fig.  13.  It  shows  the 
case  where  there  Is  no  secondary  separation  and 
the  cases  where  secondary  separation  (SS)  Is  pre¬ 
scribed  at  60(5)85  percent  semi-span,  respective¬ 
ly.  In  the  experiment  (Ref.  56)  secondary,  separa¬ 
tion  was  turbulent  and  took  place  at  about  77.5 
percent  semi-span,  as  can  be  deduced  from  the 
measured  pressure  included  In  the  figure.  In  the 
case  of  laminar  flow  on  the,,  wing  surface  the  sepa¬ 
ration  will  be  more  inboard. 
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Fig.  13  shows  chat  inclusion  of  the  second  vortex 
system  has  the  qualitatively  correct  effect  on  Che 
position  of  Che  primary  vortex  core,  it  moves  in¬ 
board  and  upward.  Furthermore,  inspection  showed 
that  as  the  point  of  secondary  separation  moves 
outboard  the  magnitude  of  circulation  within  the 
primary  vortex  system  and  that  within  the  second¬ 
ary  system  both  decrease,  while  the  normal  force 
is  almost  constant.  The  effect  on  the  upper  wing 
surface  pressure  distribution  is  that  the  height 
of  Che  suction  peak  Is  reduced  while  Its  location 
Is  slightly  more  Inboard.  Just  like  In  the  experi¬ 
mental  data  a  plateau  of  obout  constant  pressure 
is  formed  just  outboard  of  the  secondary  aepara- 
clon  point.  However,  between  this  plateau  and  the 
leading  edge  Che  present  computatlonai  model  pre¬ 
dicts  a  second  suction  peak.  This  suction  peak, 
right  underneath  the  vortex  filament  of  the  sec¬ 
ondary  vortex  system,  Is  much  more  pronounced  than 
Che  one  found  in  any  experimental  data,  e.g.  Refs 
20,  56  and  92.  In  the  numerical  results  the  height 
of  the  secondary  suction  peak  is  directly  associ¬ 
ated  with  the  presence  of  the  vortex  filament, 
representing  the  concentrated  vortlcity  of  the 
secondary  vortex,  in  the  near  proximity  of  the 
wing  surface.  Including  tertiary  separation  would 
probably  reduce  the  height  of  the  peak,  but  It  may 
also  be  argued  that  In  the  real  flow  viscous  ef¬ 
fects  will  have  a  relatively  large  effect  on  the 
relatively  weak  secondary  vortex,  preventing  the 
formation  of  a  concentrated  vortex  core.  Note  that 
apart  from  the  second  suction  peak  the  improvement 
of  the  correlation  of  computed  and  measured  pres¬ 
sure  distribution  (with  secondary  separation  at 
77.5  percent  semi  apan)  la  quite  remarkable.  At 
first  sight  the  crosa-sectlonal  dimension  of  the 
secondary  vortex  system  appears  to  be  rather 
large,  though  similar  large  structures  have  been 
observed  In  LDV  surveys  by  Schrader  (Ref.  54)  for 
a  63-deg  sharp-edged  delta  wing  and  have  been  ob¬ 
served  In  water-vapour  pictures  for  the  round- 
edged  65-deg  delta-wing  configuration  (Ref.  93). 
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Fig  13  Simulation  of  secondary  separation  for 
65-deg  delta  wing  at  a  20  deg 


In  an  attempt  to  predict  the  secondary  separation 
position  it  has  been  tried  to  match  the  assumed 
separation  point  with  the  separation  point  as  fol¬ 
lows  from  a  boundary-layer  calculation 'with  as  in¬ 
put  the^iiiviscid  pressure  distribution  obtained  in 
the  presence  of  a  primary  and  a  aecondary  vortex 


system,  the  Istter  eaanstlng  from  the  assumed 
secondary  separation  point  (see  de  Bruin  & 
Hoeijmakers,  Ref.  9A).  This  attempt  was  not  sue- 
cessful,  the  laminar  boundary  layer  always  sepa¬ 
rated  just  downstream  (outboard)  of  the  primary 
suction  peak,  i.e.  always  upstream  (Inboard)  of 
the  assumed  point  of  separation.  This  appears  to 
be  due  to  the  singular  behaviour  of  the  inviscld 
solution  at  the  assumed  point  of  separation.  The 
singular  behavior  la  Indicated  in  Fig.  14  where 
two  quantities  are  plotted: 

♦  Aj,  the  parameter  in  the  expansion  for  the  posi¬ 
tion  cc  the  secondary  vortex  sheet  near  the  point 
of  secondary  separation  y,*,,  i.e. 

z/Kx  -  A,((y-y«)/Kx)’'*  +  ■■• 

indicative  for  the  magnitude  of  the  singular  be-' 
haviour  in  the  curvature  of  the  vortex  sheet  at 
y„,  see  F.T.  Smith  (Ref.  95). 

-  Ap,  the  parameter  in  the  expansion  for  the  pres¬ 
sure  upstream  of  y,,  i.e. 

Cp  -  (Cp)..  -  Ap((y-y„)/Kx)'«  +  .  .  (8b) 

indicative  for  the  singularity  <dCp/dy  «)  in  the 
pressure  distribution  as  y  -*  y«^. 

Hie  case  of  so-called  "smooth  separation”  corre¬ 
sponds  to  the  case  of  A^  (and  Ap)  becoming  zero. 
Due  to  inaccuracies  in  determining  A^  and  Ap  from 
the  discrete  solution  they  do  not  become  zero  at 
exactly  the  same  value  of  y.g.  For  the  present 
case  smooch  separation  occurs  at  about  60  percent 
semi-span.  Only  in  that  case  Che  singularity  has 
disappeared  and  the  boundary  layer  calculation 
could  proceed  up  to  y,g.  However,  the  so  found  lo¬ 
cation  is  much  too  far  inboard  when  compared  with 
experimental  data. 


From  F.  T.  Smith's  analysis  and  using  quantities 
obtained  from  a  three-dimensional  boun^ry- layer 
calculation,  It  can  be  shown  (see  Ref.  82  for  the 
details)  that  for  a  Reynolds  number  of  9M  based  on 
root  chord: 

A,  -  0.4506(Re,)*»'«  (8c) 

where  Re,  is  the  Reynolds  number  based  on  the 
chordwise  distance  along  the  root  chord.  It  turns 
out  that  the  so  found  permissible  singularity  in 
the  curvature  of  the  vortex  sheet  is  quite  small, 
shifting  the  position  of  the  secondary  separation 
by  at  most  2.5  percent  semi-span,  see  Fig.  14. 

This  shift  is  small,  but  presumably  In  line  with 
F.T.  Smith's  asymptotic  theory,  and  does  not  help 
much  to  arrive  at  a  computed  separation  position 
chat  agrees  more  satisfactorily  with  experimental 
data. 

This  finding  contrasts  with  the  result  of  Fiddes 
(Ref.  96)  where  for  the  case  of  the  (primary) 
smooth-surface  separation  from  a  5-deg  cone  a  much 
larger  shift  was  found  and  correlation  with  ex¬ 
periment  was  remarkably  good.  Unfortunately  subse¬ 
quent  inspection  of  the  Fiddes'  analysis  revealed 
t^at  a  factor  4  is  missing,  reducing  the  shift  by 
this  same  factor  and  destroying  the  earlier  found 
excellent  correlation  with  experiment  However,  it 
brings  the  present  result  in  line  with  the  result 
for  the  primary  separation  from  a  slender  cone. 

In  case  of  turbulent  flow  the  ”weak-lnteraccion” 
model  does  not  result  in  a  satisfactory  match  be¬ 
tween  predicted  and  assumed  locations  of  secondary 
separation  either,  see  de  Bruin  &  Hoeijmakers 
(Ref.  94).  For  the  case  of  turbulent  flow  an  as-' 
ymptotlc  formulation  has  not  yet  been  developed. 

As  a  matter  of  fact,  carrying  out  a  boundary-layer 
calculation  with  the  measured  pressure  distribu¬ 
tion  as  input,  such  as  attempted  by  DeJamette  & 
Woodson  (Ref.  97)  and  Houtman  &  Bannink  (Ref. 

98),  also  results  in  a  separation  just  upstream 
of  the  measured  location. 

So  in  conclusion,  predicting  secondary  separation 
location  will  require  more  elaborate  models  of  the 
vlscous-inviscld  interaction  than  employed  here. 


4.5.  Solutlon_withln  leadlngredge_jyortex  core 
In  the  potential  flow  solution  the  vortex  core  is 
represented  by  a  number  of  turns  of  the  vortex 
sheet  as  far  as  its  outer  region  is  concerned  and 
with  the  vortex-filament/feeding-sheet  combination 
for  its  inner,  tightly  rolled-up  part.  The  latter 
only  serves  as  a  means  to  account  for  the  inner 
part  in  regions  away  from  the  center  of  the  vortex 
core.  In  the  potential-flow  model  the  vorticity  is 
concentrated  in  the  turns  of  the  vortex  sheet  and 


Fig,  14  Singularity  at  secondary  separation  in 
curvature  and  pressure  distribution 

The  way  to  proceed  is  to  allow  for  a  strong  inter¬ 
action  between  the  boundary  layer  and  the  inviscld 
flow  field.  In  such  an  Interaction  the  influence 
of  the  singularity  due  to  the  inviscld  separation 
is  spread  in  upstream  direction  which  is  not  pos¬ 
sible  within  classical  boundary  layer  theory.  This 
then  induces  a  dlsplaceaenb  effect  of  the  boxmdary 
layer  which  weakens  the  adverse  pressure  gradient 
and  enables  the  bouxtdary  layer  to  reach  the  assum¬ 
ed  line  of  separation.  For  the  case  of  separation 
from  a  slender  cone  Fiddes  (Ref.  96)  used  the 
triple-deck  formulation  of  Sychev  ^d  F.T.  Smith, 
as  extended  to  some  special  three-dimensional  flow 
cases  by  F.T.  Smith  (Ref.  95),  an  asymptotic  theo¬ 
ry  for.  large  Reynolds  numbers,  to  derive  the  per¬ 
missible,  value  of  A,^  as  a.  function-  of  the  Reynolds 
number.  The  resulting, expression  Involves,’  aside 
from  the  Reynolds  number i  certain-boundary-leyer 
quantifies  to  be  obtained  frba-the  case  of 
"smooth-separation” ; 


the  direction  of  the  velocity  vector  will  be  dis¬ 
continuous  across  the  sheet.  In  reality  the  vortex 
region  will  consist  of  distributed  vorticity  and 
the  velocity  will  be  continuous  with  at  most  steep 
gradients  near  the  edge  of  the  vortex  core  where 
some  remains  of  the  shear  layer  may  still  be  dis¬ 
cernible.  In  order  to  investigate  the  potential- 
flow  vortex  core  a  solution  was  obtained  with  a 
long  (5  semi-spans)  vortex  sheet.  The  case  con¬ 
sidered  is  the  (VORSBA)  slender-body-approximation 
solution  for  the  76-deg  delta  wing  at  20  deg  inci¬ 
dence,  The  solution,  presented  In  Fig.  15,  has  20 
wing  panels  and  112  panels  on  the  vortex  sheet. 

The  panel  'scheme  of  the  wing  was  uniform,  that  on 
the  vortex  sheet  non-uhlfom,  the  panel  width  de¬ 
creasing  with -Increasing  curvature. 

The  vortex  sheet  loops  5  times  around  the  vortex 
filaaent'j- with'- the  last  turns  becomings  nearly  cir¬ 
cular;  The  circulation  contained  in  the  vortex 
sheet  amounts  to  77.5  per  cent  of^'the'^  total 
circulation 'In^the  vortex  >system:'^The  -strength  of- 
the' vortex 'sheeti  largest'at^the  daading.edge,  de- 
creaseBVgrad^ily.^Iong^the^vortex'sHeet;'  ^e  lo¬ 
cal  extfeiM  in  nr.coinci^'Vith^'the  local'  extreiu 
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Fig.  15  Comparison  of  computed  and  measured  velocity  components  or  horizontal 
traverse  through  vortex  core  <A  -  76  deg,  o  -  20  deg) 


In  the  curvature.  have  a  good  description  of  the  flow  field  Inside 

Included  In  Pig.  IS  are  the  distribution  of  the  the  core  a  short  leadlng>edge  vortex  sheet  suf* 

streanwlse  (parallel  to  U«  -  tunnel  axis)  and  ver*  flees.  However,  predicting  the  onset  of  vortex 

tlcal  component  of  the  velocity  along  a  horizontal  breakdown  with  this  hybrid  model  proved  to  be  un¬ 
traverse,  in  plane  normal  to  through  the  cen-  satisfactory. 

ter  of  the  vortex  core.  The  computed  distributions  A  further  experimental  and  numerical  study  Into 

show  that  towards  the  center  of  the  vortex  core  the  flow  inside  the  vortex  core  can  be  found  in 

the  streanwlse  (axial)  component  increases  step-  Verhaagen  &  van  Ransbeeck  (Ref.  101). 

wise  In  magnitude,  reaching  a  value  of  about  2 

times  the  free^stream  velocity.  Steps  corresponds  4.6.  Separated  flow  from  a  slender  cone 

with  passages  through  successive  turns  of  the  vor-  In  this  section  another  Interesting  feature  of  the 

tax  sheet.  The  vertical  (circumferential)  compo-  present  nonlinear  flow  problem  is  considered:-  the 

nent  has  the  saw-tooth  like  distribution  one  would  possibility  of  multiple  solutions, 
expect  from  a  vortex-sheet  core  model.  Kote  that  For  this  consider  the  flow  about  a  slender  clrcu- 

the  Jumps  In  the  velocity  components  become  lar  cone,  with  prescribed  (primary)  separation 

smaller  as  the  center  of  the  core  Is  approached,  lines.  The  cone  has  a  seml*vertcx  angle  of  10  deg 

corresponding  with  the  decreasing  strength  oC  the  and  Is  at  30  deg  Incidence  with  prescribed  separa-^ 

vortax  sheet  as  It  spirals  around  the  center.  tlon  at  9  •»  ±130  deg,  where  6  ••  0  denotes  the 

Since  the  spacing  between  successive  turns  becomes  bottom  of  the  cone  (see  Fig.  16) .  Geometrically 

smaller  the  corresponding  spatial  vorticlty  dis-  this  configuration  Is  symmetric  with  respect  to 

trlbuClon  actually  will  increase  In  strength  to-  the  vertical  (y  -  0)  plane,  while  also  the  un- 

vards  tlie  center.  coming  free-stream  is  symmetric  with  respect  to 

Comparison  of  the  computed  shape  of  the  vortex  this  plane.  However,  since  asymmetric  solutions 

sheet  with  the  total  pressure  contours  obtained  by  are  to  be  searched  for  no  symmetry  can  be  assumed 

Verhaagen  &  Kruisbrlnk  (Ref.  99)  at  the  Delft  In  the  computations  and  both  starboard  and  port 

University  of  Technology  has  shown  that  the  loca-'  sides  of  the  cone,  each  with  their  own  vortex 

tlon  of  the  free  shear  layer  and  that  of  the  com-  sheet,  are  to  be  considered.  Here  results  will  be 

puted  vortex  sheet  agree  quite  well,  while  also  presented  from  again  the  VORSBA  slender-body-ap- 

the  posltioT.  of  the  vortex  core  la  predicted  sat-'  proximatlon  panel  method,  applied  directly  In  the 

lafactorlly.  physical  plane.  Similar  results  have  been  obtained 

Figs.  ISa  and  ISb  Include  a  comparison  of  the  com-  by  Flddes  &  Smith  (Ref.  102)  using  a  succession 

puted  velocity  components  (invariant  with  x)  with  of  saveral  conformal  transformations  followed  by  a 

the  measured  (S-hole  probe)  components  for  a  horl-  panel-method  type  of  approach  to  solve  for  the 

zontal  traverse  through  the  vortex  core  at  the  position  and  strength  of  the  vortex  sheets  within 

midchord  position,  also  from  Ref.  99.  For  the  the  transformed  plane. 

streamwlse  velocity  component  the  agreement  be*'  Fig;  16  shows  the  VORSBA  solutions  found  for  30 

tween  computed  and  measured  distribution -is  re-  deg  incidence,  one  symmetric  and  one  asymmetric 

markably  good.  For  the  vertical  component  theory  solution.  The  mirror-image  of  the  latter  solution 

and  experiment  still  correlate  qualitatively,  but  is  of  course  also  a  valid  solution, 

theory  appears  to  underpredict  the  measured  values 

of  the  circumferential  velMl^:  Reasons  for  the  The  symmetric  solution  vas  obtained  by  starting 

dlscrepwcy  could  .be tunnel  wall  interference  with  short  sheets  and  exUndlng  them  panel  by 

whicH  for  the  ralatl^ly half-model  employed  panel  using  one  of  ^e  continuation  procedures  of 

are  known  to^rasuft'in  an  effective  incidence  the  VORSBA  method.  The  aSyaiMtric  solution  gave 

larger  th^_^ajvai^Vof  20  deg^ad  for  the  con-  more  problems:  The  solution  for  short  sheets  was 

putatloMy. M^e 'tiiat^.ue  flrst^tiro  full. turns  of  easily  obtalned  by. choosing. the- position  of  the 

the  leidln|'-4^e  v^tM^sheat  can  be  recognized  in  vortex  filaments  In  an.asyaMtric  manner.  However, 

the  ai^erlmentai  data,  the  remainder  of  the  core  extending  ^e  port-sl^  ,aheet' to  a  lex^th  such- 

'may'be'^cohsrdered'^as'-a-Teglon'With  distributed  that^lt  J.oops  around. ^e>fllaiMntiusing  a* panel  by 

vortlcl^.  jpanel.«rtehsibn.iwas  not  successful:  .^e  iMt/one  ' 

I^kfing  •  300)  describes  a  method  to  in-  or-tvo' p«neia-of^the^v6rtM'iheet\hadva^  strongs 

co^orate  a  slen^r-bod^' vortex  core  with  distrlb-  tendehcy.^to^cufvarlhwardi',  Ue;  to  rbll-iip.beforei 

uted  vortici^  and  a  viscous  sub-core  liito  the  so-  wlndl^varoi^'^e  i^rtex  core:^Ref.  82' describes ; 
lutibn..b£  the<;^ree-dijMnslbnal .pMel-iMthodi(LEV)  li^.^^ail^.»^tha^pfoce^a- tiiat  did  irofkr for? this  . 

of  Johnson  (Ref.  91)v^^owlag.j^toin  order  to  case^  ’  'i 
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a)  SYMMCTRIC  SOt.UTlON 


b)  ASYMMETRIC  SOLUTION 


Fig. 


16  Synoecrlc  «nd  asymmeeric  solution  for  10- 
deg  cone  at  o  •  30  deg 


Fig.  16  presents  the  final  result  of  the  computa¬ 
tion.  where  the  synmetrlc  solution  has  72  panels 
on  the  cone  and  20  panels  on  each  of  the  two  vor¬ 
tex  sheets,  while  the  asymmetric  solution  has  46 
panels  on  the  cone,  30  panels  on  the  starboard  and 
4S  panels  on  the  port  side  vortex  sheet,  respec¬ 
tively.  There  Is  a  large  difference  between  the 
two  solutions,  especially  In  the  geometry  of  the 
port-side  vortex  sheets  and  the  pressure  distribu¬ 
tion  on  the  lee-side  of  the  cone,  i.e.  underneath 
the  vortex  system.  The  pressure  distribution  on 
the  windward  side  of  the  cone  is  not  very  much 
different  for  the  symmetric  and  asymmetric  case. 
Although  the  pressure  distribution  on  the  cone  is 
so  different  for  the  two  solutions  the  normal 
force  is  about  the  same,  which  for  the  asymmetric 
solution  is  produced  almost  entirely  by  the  star¬ 
board  vortex.  The  side  force  produced  by  the  asym¬ 
metric  solution  amounts  to  about  20  percent  of  the 
normal  force.  Further  analysis  of  the  symmetric 
and  asymmetric  solution  shoved  that  the  vortex 
sheet  that  moves  away  from  the  cone  becomes 
weaker,  while  the  one  that  stays  near  the  cone 
becomes  stronger. 

The  problems  we  encountered  for  the  asymmetric  so¬ 
lution  with  the  port-side  vortex  sheet  appear  to 
be  associated  with  the  circumstance  that  the  rela¬ 
tively  long  first  part  of  this  vortex  sheet  is  al-' 
most  straight  (Fig.  16a)  and  of  uniform  strength 
which  makes  It  susceptible  to  the  Kelvin-Helmholtz 
instability.  It  also  suggests  that  still  another 
solution  is  possible,  i.e*  one  in  which' a  third 
(double -branched)  vortex  core  is  embedded  within 
the  port-side  vortex  sheet. 

4.7.  ygrtCT-8h**t  stability 
In  general  one. may  state  that  a  vortex  sheet  is 
unstable  to'ssuill  perturbations,  unless  it  is  cur¬ 
ved  and/or  stretching  faster  than  some-critical 
rate  (eig.  Moore,  Refs.- 103,  104,  105)-.- 
Both  curvature' and-stretching  are  associated  with 
S' variation  , of  3  the  surface  vorticlty  dlstrlbutloh. 
In  factr  for-a  two-dimensional  vortex- sheet  of' 
constant  strength'  it^ is. rather icatastrophlc;  -  the- 
smaller  the’ wave  length  of,the;perturbation,,  the^ 
faster -is  its  linear. rate' of  grow^.  .Vhether  a^lor 
cal  distortion' of  the  vortex' sheet,  caused. hy- this: 
so-called  Kelvin-Helsdioltz  instability  grows  into 


a  larger-scale  flow  structure  (rolled-up  vortex 
core)  depends  on  its  nonlinear  growth  behavior  as 
allowed  within  the  global  flow  pattern.  However, 
vortex  sheets  employed  here  model  free  shear  lay-, 
ers  at  high  Reynolds  numbers.  These  (thin)  shear 
layers  are  also  unstable,  but  not  as  dramatic  It 
appears  that  perturbations  with  wave  lengths 
smaller  than  a  few  times  the  shear -layer  thickness 
are  damped  (Rayleigh,  Ref.  106). 

In  potential-flow  methods  with  free  vortex  sheets, 
like  the  nonlinear  panel  methods  discussed  above, 
the  numerical  scheme  necessarily  Implies  some 
mechanism  to  damp  the  local  vortex-sheet  Instabil¬ 
ity,  though  the  important  large-scale  structures 
still  evolve  as  part  of  the  solution.  For  the 
panel  method  the  parameter  that  Implicitly  con¬ 
trols  the  damping  Is  the  panel  dimension.  This  has 
become  evident  in  various  applications  of  panel- 
method  type  of  methods  (Ref.  82).  For  Instance  In 
the  case  of  the  method  for  computing  the  evolution 
of  two-dimensional  vortex  sheets  (wake  roll-up) 
the  panel  size  actually  determines  the  number  of 
vortex  cores  developing. 

As  far  as  the  slender-body-approxlmation  method 
(VORSBA)  for  computing  the  flow  about  slender  con¬ 
figurations  with  free  vortex  sheets  Is  concerned 
the  following  can  be  remarked.  Applying  the  method 
to  a  conical  configuration  means  that  the  problem 
reduces  to  Just  one  cross-flow-plane  problem.  This 
implies  that  any  perturbations  to  the  free  vortex 
sheets  will  be  constrained  to  be  conical  as  well. 
It  turns  out  that  in  this  case  the  leading-edge 
vortex  sheet,  such  as  shown  in  Figs.  13,  15  and 
16,  is  very  stable.  The  latter  has  been  investi¬ 
gated  numerically  by  Caking  a  specific  portion  of 
Che  vortex  sheet  and  increasing  the  panel  density 
for  that  portion  by  orders  of  magnitude.  No  insta¬ 
bility  whatsoever  was  observed,  not  even  for  cases 
for  which  in  the  literature  (Payne  et  al.,  Ref. 

37)  experimental  evidence  for  the  formation  of 
small-scale  structures  has  been  given,  nor  for 
cases  for  which  vortex-breakdown  has  been  report¬ 
ed.  However  as  noted  above,  signs  of  instability 
modes  ha^e  been  experienced  for  the  case  of  the 
asymmetric  conical  flow  about  the  slender  cone 
(Fig.  16).  Furthermore,  as  is  shown  in  Fig.  17, 
applying  VORSBA  to  a  slender  double-delta  configu¬ 
ration  using  a  fine  paneling  in  the  cross-flow 
planes  and  a  very  small  chordwise  step  to  march 
from  plane  to  plane  in  downstream  direction,  re¬ 
sulted  in  waves  on  the  vortex  sheet  in  the  region 
downstream  of  the  kink  in  the  leading  edge  (Ref. 
107),  In  this  figure  two  waves  are  seen  to 
travel  along  the  vortex  sheet,  the  first  one 
starting  at  the  kink,  the  second  one  further 
downstream.  The  first  one  is  not  amplified  as  It 
travels  along  the  stretching  vortex  sheet.  The 
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second  one  develops  Into  a  highly  curved  part  of 
the  vortex  sheet  suggesting  the  fonaatlon  of  a 
second  center  of  roll-up,  i.e.  the  wing  vortex. 
Comparison  with  experimental  data  Indeed  shows 
that  the  second  wave  closely  follows  the  path  of 
the  wing  vortex. 

For  the  case  of  three-dimensional  leading-edge 
vortex  sheets  a  possible  Instability  may  develop 
less  constrained  than  for  the  quasi -two -dimension¬ 
al  cases  considered  above.  However,  in  the  appli¬ 
cations  carried  out  sofar  no  "standing  wave*  type 
of  small-scale  structures  have  been  encountered 
other  than  the  one  representing  the  tralling-edge 
vortex,  see  Pig.  10.  Possibly  the  panel  schemes 
employed  sofar  were  not  fine  enough  to  resolve 
these  instabilities.  Whether  refining  the  paneling 
to  a  still  higher  levels  will  allow  corresponding¬ 
ly  finer  scale  structures  to  develop,  or  that  the 
"standing-wave"  type  structures  furnish  sufficient 
stretching  to  stabilize  the  sheet,  can  only  be 
speculateo  on.  Also  subject  to  speculation  is 
whether  at  each  level  of  refinement  the  global 
vortical  flow  structure  as  is  predicted  for  the 
present  level  of  panel  densities,  and  which  shows 
good  agreement  with  high-Raynolds-number  experi¬ 
mental  data,  remains  the  same. 


5.  EULER  METHODS 
5.1.  aacVv&CPVfld 

In  the  fitted-vortex-flow  methods  the  topology  of 
the  vortical  flow  field  must  be  known  in  advance, 
i.e.  one  nsust  decide  on  the  global  structure  of 
the  vortex  sheets  and  filaments  (embedded  vortex 
cores).  Furthermore,  most  methods  require  some 
reasonable  initial  guess  for  the  location  of  the 
vortex  sheets  and  vortex  filaments.  For  most  slen- 
der-ving  configurations  at  subcritlcal  conditions 
this  is  not  much  of  a  problem,  but  for  geometri¬ 
cally  more  complex  configurations  it  is  much  more 
difficult  to  derive  the  topology  of  the  vortical 
flow  field  in  advance. 

Computational  methods  solving  the  Euler  equations 
have  the  advantage  that  regions  with  vorticity  are 
"captured"  rather  than  "fitted"  as  in  the  panel 
method  approach,  but  one  of  the  major  drawbacks  is 
that  now  an  adequate  spatial  mesh  is  required. 
Also,  just  like  is  the  case  for  the  potential-flow 
methods  the  generation  of  vorticity,  due  to  the 
separation  of  the  flow  from  the  solid  surface 
whether  at  a  sharp  edge  or  at  a  smooth  part  of  the 
geometry,  must  still  be  modeled  since  it  is  a  pro¬ 
cess  dominated  by  viscous  forces.  It  should  there¬ 
fore  be  expected  that  in  order  to  obtain  physical-' 
ly  relevant  solutions  of  the  Euler  equations  one 
or  more  additional  conditions  (i.e.  Kutta  condi¬ 
tions)  have  to  be.  provided  explicitly  or  are  sat¬ 
isfied  implicitly  vi^ln  the  ntmerical  scheme  uti¬ 
lized  to  solve  Euler's  equations.  On  the  other 
hand  distributed  vorticity  generated  at  strong 
shocks  is  accounted  for.. 

Historically  seen  the  development  of  computational 
methods  for  solving  Euler's  equations  has  been  mo¬ 
tivated  by  the  need  to  compute  transonic  flow  in¬ 
volving  strong  <non-isentropic)  shocks.  Later  li 
was  realized  that-these  methods  allow  for  rota¬ 
tional'  flow  effects-and  can  be  used  to  coespute 
convection  dominated' separated  flows.  In  this  view 
the  mathematical  model  based' on  Euler's  equations, 
Eq.  (5)  admits  ‘'weak"  solutions  with  botli  shock 
waves  and  vortex  sheets*  However,,. it  should  be 
noted. here  that  there^arei  somm*  £undamehtai:differ- 
ehces  between^ shock^wayes  and-yortex'^  sheets^  which 
could  have^atrongii^lications.  for  their  numerical 
treatment  vi^ln  Euler  methods: 


(i)  Acro.'ss  shock  waves  there  is  a  convective 
mass  transfer,  across  vortex  sheets  there  is  none; 

(ii)  For  shock  waves  uniqueness  is  provided  by 
the  entropy  condition,  for  vortex  sheets  there  ap¬ 
pears  to  be  no  such  condition;- 
(ill)  The  strength  of  a  shock  wave  is  determined 
by  its  shape  and  the  conditions  on  one  side  of  the 
shock,  for  vortex  sheets  the  jumps  are  arbitrary, 
except  in  the  static  pressure  and  the  component  of 
the  velocity  normal  to  the  sheet  which  are  contin¬ 
uous  across  the  vortex  sheet; 

(iv>  Introduction  of  viscosity:  The  thickness  of 
a  shockwave  is  independent  of  the  dissipation, 
while  the  vortex  sheet  discontinuity  turns  into  a 
vortex  layer  which  thickness  does  depend  on  the 
dissipation.  Furthermore,  depending  on  their 
stretching  and  curvature  vortex  sheets  may  be 
prone  to  Kelvin-Helmholtz  type  of  instabilities 
while  the  stability  of  a  vortex  layer  depends  on 
the  stretching  and  curvature  of  the  layer  but  also 
on  the  thickness  of  the  layer,  i.e.  its  stability 
decreases  with  decreasing  thickness. 

Specifically  the  latter  implies  that  for  Euler 
methods  it  will  be  much  more  difficult  to  accu¬ 
rately  capture  vortex  sheet  discontinuities  than 
it  is  to  capture  shock  wave  discontinuities. 

5.2.  Types  of  computational  methods 
In  the  literature  at  least  three  different  types 
of  numerical  approaches  to  solve  the  Euler  equa¬ 
tions  can  be  found.  Before  describing  some  of  the 
moat  used  schemes  a  short  description  is  given 
first. 

a)  Space-marching  method.  This  type  of  method  ap¬ 
plies  to  steady- supersonic  flow  only.  In  this  case 
the  disturbances  propagate  in  downstream  direction 
only  and  a  marching  procedure  can  be  devised. 
Starting  at  some  station  near  the  nose  of  the 
configuration  where  the  cross-flow-plane  flow 
field  is  defined  using  a  known  solution  for  a 
cone,  the  solution  is  "marched"  cross-flov-plane 
wise  in  downstream  direction.  Only  the  flow  field 
between  the  surface  of  the  configuration  and  the 
bow  shock  needs  to  be  resolved.  The  letter  is  de¬ 
termined  as  part  of  the  solution  using  a  shock 
fitting  procedure  which  exactly  satisfies  the 
Rankine-Hugoniot  relations.  In  most  methods  the 
embedded  shock's  are  captured.  The  spatial  marching 
procedure  is  rather  efficient  and  requires  a  com¬ 
putational  mesh  in  the  successive  cross-flow 
planes  rather  than  a  fully  three-dimensional 
(blocked)  grid.  For  the  space-marching  Euler  meth¬ 
od  to  work  it  is  required  that  the  component  in 
the  marching  direction  of  the  local  velocity  is 
supersonic.  In  many  cases  of  interest  here  this 
will  not  be  the  case  and  an  alternative  approach 
is  needed. 

b)  Time-stepping  method.  In  this  approach  the  un¬ 
steady  Euler  equations  are  solved  using  a  time¬ 
marching  procedure  to  drive  the  solution,  from 
some  arbitrary  initial  state,  to  its  time-asymp¬ 
totic  steady-state  solution.  Using  such  a, pseudo¬ 
time  dependent  approach  solutions  have  been  ob¬ 
tained  in  the  subsonic,  transonic  and  low-super- 
sonic  flow  regime. 

It  ^  wll-knbwn  .that  the,  convergence  to  steady 
state  ^teriorates  badly  for  dacreasing  ^ch  num-. 
bars.  For  the'  often  v^ed  n^tl-stage  Ruhge-Kutta 
scheme  the  chafactefis'tlV  tlme'-s'cale  'is  of  the  or; 
der  of.,L/(u  +  where  L. la  'the,length  scale  of  . 
the  problem, of  the  loVal  ^velocity 
and.  a  the'  speed  of  aqtmd.r  ^e  (^^racteriatic^  time 
scale  of  changes  In  phya^lcal  flow- field  fea¬ 
tures  are  of  order  L/u,  which,  for  the.. lower  Mach 
makers  Is  such  larger  .than  .tha-^tlme-scaXa  of  ^e 
Runge-i^»a 

stl££;.  xov^utatitoMl^  ^ar.  tho 
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presslbillty  concept  (e.g.  Rizzi,  Ref.  108), 
also  used  for  solving  the  Navler>Stokes  equations 
for  incoapressible  flows. 

c)  Vorttcal-oarticle  method.  This  method,  due  to 
Rehbach  (Rehbach,  Ref.  109  and  Morcholsne,  Ref. 
110)  does  not  require  the  construction  of  a 
spatial  mesh.  In  the  (Incompressible  flow)  method 
the  velocity  field  is  expressed  as  the  contribu¬ 
tion  due  to  the  "bound*  wing  surface  vorticity 
(represented  by  the  vortex- lattice  method)  and  the 
contribution  due  to  free  floating  "vortlcity- 
carrylng  particles*  The  latter  represent  the 
spatial  vorticity  distribution.  The  approach 
followed  is  a  time-dependent  one;  starting  from 
rest,  the  vortical  particles  are  traced.  At  each 
time  step  the  strength  of  the  "bound"  vortices  is 
determined  by  satisfying,  for  a  given  spatial 
vorticity  distribution,  the  normal  velocity 
boundary  condition  on  the  wing.  Subsequently,  from 
predetermined  separation  lines,  here  sharp  edges, 
new  vortical  particles  are  shed  into  the  flow 
field.  The  strength  of  the  new  vortices  Is  derived 
from  Kutta-condltlon  type  of  considerations. 

The  vortical  particles  already  In  the  flow  field 
are  convected  with  the  local  velocity,  while  the 
rate  of  change  of  the  total  amount  of  vorticity 
contained  In  any  particle  is  obtained  from  an  In¬ 
tegral  form  of  the  vorticity  transport  equation. 

In  this  grid- free  method  for  solving  Euler's  equa¬ 
tions  for  incompressible  flow  vorticity  is  pro¬ 
duced  at  predetermined  locations  only,  but  the 
vortex  shedding  mechanism  used  in  the  numerical 
model  may  have  a  considerable  effect  on  the  com¬ 
puted  flow.  In  this  Lagranglan  type  of  approach 
for  solving  the  vorticity  transport  equation  ex¬ 
cessive  spreading  of  vorticl^  Is  avoided,  which 
can  not  always  be  said  from  finite-difference  or 
finite-volume  methods.  A  drawback  of  vortical-par¬ 
ticle  method  is  that  in  order  to  obtain  a  suffi¬ 
ciently  detailed  pressure  distribution  on  the  sur¬ 
face  of  the  configuration  the  number  of  vortical 
particles  has  to  be  quite  large,  resulting  in  con¬ 
siderable  computational  cost. 


5.3.  Schemes  for  Euler  and  Navter-Stokes  methods 
Before  turning  to  specific  methods  a  summary  is 
given  of  a  number  of  often  used  numerical  schemes. 
The  type  of  finite-difference  and  finite-volume 
schemes  used  to  solve  the  Euler  (and  Navier- 
Stokes)  equations  have  been  central  and  upwind 
difference  methods.  The  evolution  of  the  methods 
has  been  from  explicit  finite-difference  methods 
with  central  differencing  to  implicit  finite-vol¬ 
ume  methods  employing  upwind  difference  schemes. 

At  present  finite-volume  methods  are  preferred 
over  finite-difference  methods,  primarily  because 
the  former  have  shown  to  be  particularly  suited 
for  solving  the  Euler  equatio.is.  In  the  flnlte- 
voluEfte  method  the  flow  equations  are  expressed  In 
integral  form,  l.e.  from  Eq.  (1): 

•^JJJudV  ♦  JJ[F-E,.G-C:,.H-H,l».J!dS  .  0  (9) 


second-order  accurate.  However,  dissipative  terms 
have  to  be  added  to  eliminate  oscillations  in  the 
vicinity  of  shocks.  A  problem  associated  with  this 
scheme,  if  used  in  time-stepping  procedures,  is 
that  the  ultimate  steady  state  reached  depends  on 
the  time  step. 

An  often  used  imoliclt  central-difference  method 
Is  the  Beam  &  Varnlng  (Ref.  112)  scheme.  In  ex¬ 
plicit  methods  the  step  size  is  limited  for  sta¬ 
bility  by  the  CFL  condition.  An  implicit  scheme 
may  be  unconditionally  stable,  at  least  in  the 
sense  of  linear  stability  analysis,  so  that  there 
is  no  theoretical  limit  to  the  allowable  step 
size.  However,  because  of  the  way  in  which  the 
boundary  conditions  are  implemented  and  most  im¬ 
portantly  because  of  the  nonlinearity  of  the  Euler 
and  Havier-Stokes  equations,  too  large  time  steps 
can  still  lead  to  Instabilities  and  In  addition 
can  have  an  adverse  effect  on  the  solution  accura¬ 
cy.  Furthermore,  implicit  schemes  are  more  expen¬ 
sive  per  time  step,  more  complex  and  difficult  to 
vectorize. 

The  well-known  Flo- 57  algorithm  of  Jameson  (Ref. 
113)  employs  a  central-difference  scheme  for 
the  time-dependent  flow  equations.  It  is  based  on 
an  explicit  multi-stage  Runge-Kutta  time  dis¬ 
cretization  within  a  finite-volume  formulation. 

The  Euler  equations  do  not  contain  dissipation  and 
the  centered  spatial  difference  schemes  are  not 
dissipative  to  lowest  order.  Artificial  damping  or 
viscosity  is  required  to  damp  out  high-frequency 
modes  in  the  solution  of  the  discrete  equations 
and  to  capture  shocks  and  contact  discontinuities. 
To  this  purpose  blended  second  and  fourth  differ¬ 
ence  dissipation  terms  are  added  to  the  discre¬ 
tized  ihviscid  equations.  The  parameters  control- 
ing  the  precise  blend  of  the  added  terms  depend  on 
the  local  pressure  gradient  and  therefore  adapt  to 
the  evolving  solution.  In  some  way  the  artificial 
dissipation  mimics  the  effect  of  the  true  viscous 
terms  In  the  Navier-Stokes  equations  by  smoothing 
out  steep  gradients  and  damping  oscillations.  The 
order  of  magnitude  of  the  added  terms  is  of  the 
order  of  the  truncation  error  of  the  basic  scheme,, 
so  that  the  added  terms  have  little  effect  on  the 
solution  in  smooth  parts  of  the  flow.  Hear  steep 
gradients  the  solution  is  significantly  changed, 
e.g.  near  a  shock  it  eliminates  pre-  and  post¬ 
shock  oscillations  but  also  smears  out  the  shock. 
In  conservative  formulations  usually  the  smoothing 
terms  are  designed  such  that  they  retain  the  con¬ 
servation  property  of  the  algorithm. 

A  disadvantage  of  explicit  methods  is  that  they 
only  slowly  converge  to  steady  state.  To  improve 
the  rate  of  coiwergence  most  computational  methods 
feature  some  or  several  acceleration  techniques 
such  as  grid  sequencing,  local  time  stepping,  re¬ 
sidual  averaging,  enthalpy  damping,  multi-grid, 
etc..  It  is  also  often  found  that  the  convergence 
race  is  highly* sensitive  to  the  grid  size,  grid- 
point  distribution,  skewness  of  the  grid,  etc.. 

The  dependence  of  the  convergence  properties  of  a 
method  on  the  precise  details  of  the'  grid  is  unde¬ 
sirable  for  any  aerodynamic  design  and  analysis 
code  that  has  to  be  applied  in  practise. 


which  is  applied  to  a  large  number  of  patched  vol¬ 
umes  V,  Each  control  volume  V  consists'  of  one  cell 
of  the  co^utational  grid  (cell-centered  methods) 
or  part's  of  a  number  of  hei^borlng  cells'  of  ^e 
cdnputational  grid  (celi-veccex  methods)',  in  ^e 
finite-volume  foimlatlon  the  How  algorithm  can 
be  decoupled  from  the  gf Id ''gehefaTidh  wd  there- 
fdrV  glWs  more;  flexibility  i^th  regard  to  genome- 
try.  '  '  \  - 

7'  -  .I*  I 

S; 3 ,l\  CehtraT^dlfference - ichVmeir  T"  / 

The  mosb' widely ''used' s'cheme  in  eulier^  Euler  and 
Navier-Stbkeb  methods}  is  the  explicit:  preActor- 
corfectoc'  schemd^’of'  MacCofmaclf  'CRef 111) .  This  ' 
two-level  'ce'htxal -difference  scheme  is"  stable^'wo 


Due  to  the  relative  sijq>licity  of  the.expllcit 
central-difference  schemes  they»  offer  high  compu-* 
rational  efficiency  on  vector; computers,  which  is- 
one  of^the  reasons  these  schemes  are* among; those . 
most  commonly  used'  ih-the  numerical  simulation'of 
three-dimensional*,  flowi-.^  - . 

5.3.2.  anflnd-dlffeireiice  sch«ae».  ' 

In.  recent  years''iMthbdr.  based^  oh'  vario^iu^ihd' 
differencing.-, tectmiqws  (e;g;r.^fsv<!il4j**’  ^ 

115). have  beeht developed  f6r>  application? to  ‘ 

inviscid-  and  vlscotis-flbw^The^^wihdtaechods^aim 
at  closely  following.thd  physical;  piropertles  of 
the  Elder  equations.^  .in  most  of' the^formulatidns 
posltive'::4^  negatlve'^nw-componentscare:  defined 


I 


^  J. 


^Jfci':.  I' 


based  on  the  sign  of  the  eigenvalues  of  the 
Jacoblans.  These  cooponenta  are  then  discretized 
with  one-sided  differences  In  the  direction  upwind 
of  the  direction  of  the  characteristic  propagation 
speed,  often  in  some  Total  ^Variation-Diminishing 
(TVD)  formulation.  Sometimes  higher-order  accuracy 
is  attained  by  using  so-called  flux  limiters  near 
critical  points  such  as  stagnation,  sonic  and 
shock  points. 

The  upwind  schemes  possess  inherent  dissipation 
and  usually  it  is  not  necessary  to  explicitly  add 
dissipative  terms.  Although  user  control  of  arti¬ 
ficial  dissipation  may  be  a  desirable  option  in 
some  applications,  it  Is  not  necessarily  to  be 
preferred  and  it  does  burden  the  application  of 
the  method  with  extra  parameters  to  be  tuned, 
sometimes  on  a  case  by  case  basis.  The  upwind  for¬ 
mulations  attempt  to  model  the  wave-like  nature  of 
the  Euler  equations,  but  the  physical  interpreta¬ 
tion  of  this  flux  splitting  technique  is  clear  and 
unambiguous  only  for  one-dimehsional  flows.  More¬ 
over.  compared  to  central-difference  schemes  the 
amount  of  algebraic  operations  involved  is  large. 

5.4.  Examples  o£_Euler  methods 

5.4.1.  Space^marching  methods 

These  methods  are  restricted  to  steady  hvoorsonlc 
£1^. Space -marching  Euler  methods  are  most  exten¬ 
sively  used  for  the  prediction  of  the  aerodynanlcj^ 
of  missile  configurations,  including  flow  condi¬ 
tions  at  hi^  angles  of  attack  (e.g.  Refs.  116. 
117,  118,  119,  120,  121,  122). 

In  all  cases  it  appears  that  lo  order  to  obtain 
consistent  results  a  Kutta  condition  is  required 
at  sharp  leading  edge^,  of  for  example  fins.  Some 
of  these  methods  alac  have  the  possibility  to  im¬ 
pose  'a  Kutta  condition  at  appoint  on  a  smooth' part 
of  ,^e  cross-sections  of  the- elongated  body  of  the 
confi^ration.  This  is  utillred  to  provoke  separa¬ 
tion  at  empirically  prescribed  locations  and  to 
include  in  the  numerical  simulation  the  for  mis¬ 
sile  aerodynamics  often  important  interference  of 
body  vortices  with  downstream  lifting  surfaces. 
Vardlav  &  Davies  (Ref.  123)  apply  their  upwind 
method  space-marching  Euler  method  (Ref.  121), 
without  imposing  any  Kutta  condition,  to  round- 
and  sharp-edged  conical  delta  vlngs  and  demon¬ 
strate  the  importance  of  the  mutunl  interaction  of 
the  cross-flow  shock  with  the  vortical-flow  region 
associated  with  it  and  the  influence  of  the  numer¬ 
ical  errors  Induced  at  the  leading  edge  on  this 
Interaction. 

5.4.2.  Tlme-stepplny  methods 

One  of  the  first  applications  of  a  flnltw-volume 
tiae-atepping. method  for  solving  Euler's  equations 
to  slender  delta  wlngs  vas  reported  by  Eriksson  & 
Rizzi  (Ref.  124).. It  emerged  that  this  method, 
comparable  to  Jameson's  method  (Ref.  113) 
generated  a  vortical  flow  without  explicitly 
imposing  a  Kutta' type  of  condition  at  the  sharp 
leading  edge.  Compering  the  computed  results  with 
experimental  data,  and  also  with  results’from  panel 
method  computations  suggest.^  that  due  to  the 
relatively  coarse^mesh  used-'in-these  early  appli¬ 
cations,  the  amount  of- voctlcity:  contained  in  the 
vortical  flow,  region  is  tob- small- and  the  vortlci- 
spreads  over  a- too  large  area.  As  a  result 
the.  computed  xtpper^  surf acei  mti'oh  peaks  are  lover 
than  computed  by)  a  panel  «e^od;  .even'  lower  than 
Masured-  in  .axperisienC;.»A  ^Chef. ^anomaly,  is  the 
appearance:  of  a^  second,'  spike-like^-  suctlon’peak 
rig)it  at  the  leading  edge.  This  indicates  that  the 
flow  turns  around  the  edge  before  it  separates  at 
a  location  on  the  upper  wing  surface  slightly 
inboard  of  the  leading  edge. 

In.  la^r^aj^lications’  <Hl^£^&>Sch^dtv^Ref; 
125$^i^N&iul  Ref  25 126)‘;':?tlM;spil»*lU^V 
sucti^/peak^ls  hbt-sb  dojtiw^y/pfesenc^<;^ile 
studlea:.,ravthe/dh£luehce  .6f*iMKfdmityi<Mzxl>. 
^f:^l^'6)'^reveal^a{rather;^l4bgeXi^I^'mkbf^mesh 
de^itiy  and  lay-out  on  computed' pressure  dist^bu- 
tibns;  - 


The  treatment  of  flow  separation  at  "aerodynaml- 
cally  sharp”  edges  in  methods  solving  Euler's 
equations  is  a  major  issue.  When  Invlscld  flow 
turns  around  the  edge  it  will  expand  to  the  limit 
of  vacuum  pressure.  However,  viscous  flow  will 
separate  at  the  edge  before  the  invlscld  expansion 
limit  is  reached.  This  suggests  that  truly  simu¬ 
lating  hlgh-Reynolds  number  flow  using  Euler's 
equations  requires  some  kind  of  modeling  (Kutta 
conditions).  This  Is  common  practice  in  Euler 
methods  for  supersonic  flow  employing  a  space¬ 
marching  solution  technique  (see  above) ,  but  not 
so  in  the  more  recent  Euler  methods  that  use  a 
time-stepping  solution  technique. 

Two  reasons  have  been  put  forward  for  the  Invlscld 
separation  phenomenon  occurring  In  the  latter  type 
of  methods.: 

(1)  During  the  time  stepping  process,  from  rest 
to  steady  state,  a  transient  shock  wave  appears  at 
the  leading-edge  which  produce  vorticity  due  to 
the  variation  of  Its  strength  along  the  shock,  re¬ 
sulting  In  the  formation  of  the  leading- edge  vor¬ 
tex  (Eriksson  &  Rlzzl,  Ref.  124;  Hltzel  &  Schmidt, 
Ref.  125). 

(li)  Separation  occurs  because  of  vlscous-llke 
terms  due  to  (explicit  and/or  implicit)  dissipa¬ 
tive  terms  in  the  numerical  scheme,  e.g.  shock- 
capturing  algorithm,  terms  cr  procedures  added  for 
stability,  surface  boundary  conditions,  etc.  (Raj, 
Refs.  127,  1?8:-  Newsome.  Ref.  129;  Kandll 
&  Chuang,  Ref.  130). 

Raj  (Ref.  128)  reports  that  for  the  low  Mach  num¬ 
ber  cases  he  studied  (using  Jameson's  FLo-57,  Ref. 
113)  the  flow  near  the  sharp  leading  edge  remained 
subcrltlcal  throughout  the  evolution  to  steady 
state  and  still  a  vortical  type  of  flow  emerged. 

It  Is  also  quite  unlikely  that  in  subsonic  or 
transonic  flow  a  leading-edge  shock  of  varying 
strength  would  produce  the  amount  of  vorticity 
actually  found  in  the  numerical  solutions.  Usually 
it  is  observed  that  attached-flow  Euler  solutions 
for  sharp-edged  wings  are  obtained  for  very  coarse 
meshes  only. 

Influence  of  mesh  density  is  more  conveniently 
being  studied  for  cohicel  flows,  where  Just  one 
cross-sectional  quasi  tvo-dlaenslohal  problem 
needs  to  be  considered.  In  a  careful  study  by 
Newsome  (Ref.  129)  for  the  case  of  supersonic  con¬ 
ical  flow  about  a  delta  wing  with  subsonic  (not 
Infinitely  sharp)  leading  edges,  using  a  central- 
difference  scheme,  two  Euler  solutions  evolved, 
one  for  a  relatively  coarse  mesh  with  and  one  for 
a  fine  mesh  without  leading-edge  vortex  separa¬ 
tion.  The  latter  solution,  with  the  explicit  dis¬ 
sipative  terms  turned  off  at  the  edge  involves  a 
cross-flow  shock  about  25%  inboard  of  the  leading 
edge,  bn  its  dbimstreaa  side  acebmpehied  by  a 
small  region  of '^distributed  vorticity,  similar  to 
solution  fotuid  earlier  using  shock- fitting.  Fol¬ 
lowing -the  tlme-eccurate  transient  solutions  it 
was  observed  that  the  coarse-grid  solution  evolved 
from  one  with  a  cross-flow  shock  to  one  with  lead¬ 
ing-edge  vortex  separation.  Using  a  similar  con¬ 
figuration  Kandll  &  Chuang  (Ref.  130)  confirmed 
these  findings  and  also  showed  tbet  increasing  the 
artificial  dissipation  on  one  and  the  same  grid' 
could  change  an  attached- ^bw  solution  to  a  sepa- 
ratedVflov  solution.'  Newsome  &  Thon.as  (Bef. 

131)  imd  ^^ravarthy''&  Ota  (Ref.'  1J2). 
using  up^hd  schms,  pi>tained  attached  coarse- 
mesh  solutions  for  the' above  delta,  witig  yith  round 
leading'ojlges,  s^gestl^  t^t  the^^-wihd  schemes 
invoke '^less  dissipatibn^'For'^e  sHarp-edged  wing 
ah^at^ched  eparse-grid  and^a  separated,  fine-.mesh 
solution. Was  bbtarnedt.';  .  “  '  * 
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At  sharp  edges  nor  at  other  positions  can  Kutta 
type  o£  conditions  be  imposed. 


The  above  investigations  strongly  suggest  that  in 
the  time*8tepping  Euler  methods  numerical  dissipa* 
tion  is  responsible  for  the  flow  separating  "auto* 
natically",  i.e.  without  explicitly  having  to  im¬ 
pose  a  Kutta  condition,  at  the  sharp  leading  edge. 

Hicheltree  et  si.  (Ref.  133  )  use  an  Euler  code 
based  on  Jameson's  formulation  (Ref.  113)  to  com¬ 
pute  the  roll-up  of  the  wake  immediately  down¬ 
stream  of  a  number  of  configurations.  For  this 
initial  wake  roll-up  problem  the  Euler  method  is 
applied  in  a  computational  space  encompassing  the 
near  wake  region  only,  the  inflow  and  initial  eon-' 
ditions  were  provided  by  a  conventional  vortex- 
lattice  method.  The  results  of  this  study  indicate 
that  the  Euler  method  gives  vortex  wake  structures 
comparable  to  experimental  data  and  other  computa¬ 
tional  methods. 

In  the  following  we  will  concentrate  on  leading- 
edge  vortex  flow,  i.e.  the  case  of  strongly  inter¬ 
acting  vortex  flows. 

In  the  literature  many  computational  investiga¬ 
tions  report  on  predicting  the  steady  vortex-domi¬ 
nated  flow  around  delta  wings,  strake-delta  wings 
and  canard-wing  configurations  employing  a  time- 
stepping  Euler  method,  addressing  various  aspects 
of  the  ntmierical  simulation  of  this  type  of  flow 
through  Euler  methods.  Here  we  mention  Rlzzi 
(Refs.  134,  13S,  136),  Murman  &  Rizzi 
(Ref.  137).  Powell  et  al.  (Refs.  138, 

139),  Longo  (Refs.  140,  141),  Hitzel  ' 

(Ref.  142,  143).  O'Neill  et  al.  (Ref. 

144),  Raj  et  al.  (Refs.  145,  146), 

Sirbaugh  (Ref.  147) ,  Goodseil  (Ref.  148) , 

31archbank  (Ref.  149),  etc.. 

In  the  following  some  results  will  be  discussed 
obtained  with  the  NIR  Euler  method  for  the  three- 
dimensional  Inviscid  flow  about  aircraft  cohfigu* 
rations. 


5.S.  Application  of  Wl^'s  Euler  method 
In  this  section  some  results  obtained  with  the 
Euler  method  under  development  at  NLR  (Ref. 

ISO)  are  presented  for  the  flow  about  a  65-deg 
sharp-edged  cropped  delta  wing  at  subsonic  and 
transonic  speed.  The  wing  has  a  taper  ratio  of 
0.15.  The  chordwise  airfoil  section  is  the  NACA 
64A005  airfoil  which  upstream  of  its  point  of  max¬ 
imum  thickness  (0.4  c)  .ls  smoothly  blended  into  a 
biconvex  shape.  For  this  configuration,  with  an 
xinder-wlng  body,  experimental  data  is  available 
(Ref.  56)  which, was  already  used  in  the  preceding 
chapter.  For  ^is  same  configuration  more  detailed 
information  has  recently  become  available,  see 
Ref.  ISi.  It  is  presumed  that  the  presence  of 
the  uhder-wing  body  has  only  a  small  effect, on  ^e 
flow  field  away  from  the  apex  of  the  wing',  so  that 
the  computatidhal  results  for  the  wing^alone  coxi- 
figuration^can  be  compared  with  thermeasured  data 
for  the^coi^lete  confli^atibh.  '^rthef  computa¬ 
tional  results  oh.different  aspects  of.  the  simla- 
tipn'have  been  reported  ln;Ref8.  152,  153"  .  . 

and  154. 

^e  Editi  method,(^f .  ISO)  solves.  the,.time- 
dapei^nt^Euler  e'^iMCipM.  e^ldyii^^  the  '^fiiily- 
conseHatiye,,  ceilrcentered  'scheM  of  "Jameson  et  , 
air'(Re£«  1X3)';^ To  obtain  a'stea(^-stete,[sblutibn, 
Integfatibh  in  tlM  is '^ix^ed^^t  by -a/fbuirstage 
Ruhge-Kutta  scheme,'  in J^icH  the'^diisi^tiye  terms 
ue ,  ^^Mted ;  at '  ^ef  f Iri^C  Ipi 
to^a^stea^'  S^^ 'is^acceiera^d^^ 
tlMrSte^ingf  en^l^  radj^sidMl'^^sr- 

agi^r  ■ -X  ^ 

Fbr^the''"cbn<litlbiu  on^diie^  solid.  s^^cej^we^M^^ 
ea^ioys  a  linear  extrapolation^  of ?^Mrpressi^e* 
from  the  flow  field  to- the  wall:  the  botodaiy  con¬ 
ditions  at  the  outer  boundary  of  the  cb^utational 
domain  are  implemented  using  Rlemimh  ini^fiants. 


The  method  can  handle  a  grid  with  a  patched  multi¬ 
block  structure.  Since  at  internal  block  inter¬ 
faces  special  boundary  conditions  can  be  imposed 
slope-discontinuous  grid  lines  as  well  as  Jumps  in 
cell  size  across  tha  boundary  are  allowed,  provid¬ 
ing  flexibility  to  facilitate  application  to  com¬ 
plex  configurations. 

5.5.1.  Grids 

For  the  results  presented  here  two  (8-block)  grids 
of  0-0  topology  have  been  used. 

(i)  A  "fine"  grid,  which  (for  the  starboard  half 
of  the  wing)  has  grid  dimensions  288x76x56 
(1,225,728  cells),  that  la  in  chordwise  direction 
144  cells  on  both  the  wing  upper  and  lover  sur¬ 
face,  in  spanwiae  direction  76  cells  and  in  normal 
direction  56  cells  between  the  wing  surface  and 
the  outer  boundary  of  the  computational  domain, 
(ii)  A  "medium"  grid,  obtained  by  combining  groups 
of  eight  cells  of  the  "fine"  grid.  This  grid  has 
dimensions  144x38x28  (153,216  cells). 


Fig.  18  Details  of  "medium"  grid  used  in  Euler 
calculations 


Both  grids  are  symmetric  with  respect  to  the  hori¬ 
zontal  plane  of  symmetry  of  the  wing. 

On  the  forward  portion  of  the  wing  surface  the 
grids  are  "conical"  as  is  shown  in  Fig.  18  which 
presents  details  of  the  medium  grid.  The  quasi- 
conical.  arrangement  of  the  grid  preserves  the  grid 
resolution  near  the  apex.  On  the  wing  surface  the 
grid.  lines  are  clustered  near  the  apex,  near  the 
leading  edge  and  near  the  trailing  edge.  In  normal 
direction  the  cell  stretching  ratio  is  close  to 
\mity  in  the  region- where  large  gradients  in  the 
flow  quantities  are'  expected,  specifically  close 
to' the  wing  surfacer 

The  outer  boundary  of  the  computational  domain  is 
formed  by;  the  surface  of  a  sphere  with*  a  radius  of 
5  root  chords  cx;  which  ;has  proven  to  bev  suffici¬ 
ent  for  the  present’ applications;  ' 

The  grid  consists  bf^ei^t  patched'' blocks,- the 
gridllims  are  continuous  across  block  boundaries 
while' the  slope  of^  the;  grid,  lines. is  very  nearly 
continuous;  The  grid  >  contains ‘a  singular-:  line 
which  starts-at^the^apex  and‘Tunstalong%the'X-axla 
in  tipstfeam. direction  uhtll -it^meets  the^outer 
bmmdafy...  '  .•?  .  .. 

5.5.2.  Flow  conditions. 

The  flovs  efqimd^^e^cMpped;  6S£Mg,  shaxp-edge'd' 
delta  wingia^anflncidMce^o^d^dbg^l^'^beenr-sim* 
ulated^in»^eVstA8q^c?fiM''n^ 
streamiMachf mmbbctb^Ot  S:^^:4s^..^eitrMbnic  jf 

'  t-r> 
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For  the  .results  of  the  coDputstions  presented  the 
Euler  method  converged  In  1500  to  2500  iterations, 
in  which  the  root-mean-square  norm  of  the  time- 
like  variation  of  the  density  dropped  by  four  or¬ 
ders  of  magnitude,  starting  from  the  solution  on 
the  preceding  grid  level  and  from  uniform  free 
stream  on  the  coarsest  level. 

Typical  computing  times,  on  the  NEC  SX-2  supercom¬ 
puter  Installed  at  NUl,  are  one  CPU  hour  for  a 
complete  computation  on  the  "medium*,  five  CPU 
hours  for  a  complete  computation  on  the  "fine* 
grid. 

5.5.3.  Subsonic  flow  M,  -  0.50.  a_-  2Q^eg 
For  the  calculation  on  the  "medium*  grid  the  sec¬ 
ond-order  dissipative  term  was  not  used.  The  cal¬ 
culation  on  the  "fine"  grid  was  carried  out  with 
both  the  second-  and  the  fourth-order  dissipative 
terms  switched  on. 


MCACUENT  aop.oj 


a)  "MEDIUM"  GRID  144x38x28  b)  "FINE*  GRID  288x76x56 

Fig.  20  Isobars  in  cross-flow  plane 
•*  0.5,  a  -  20  deg 


terns  clearly  reveal  the  presence  of  a  leading- 
edge  vortex  above  the  wing  upper  surface.  The  min¬ 
imum  value  of  the  pressure,  attained  at  the  center 
of  the  vortex  core,  is  lover  for  the  solution  on 
the  "fine*  grid  than  it  is  for  the  one  on  the  "me¬ 
dium*  grid.  The  position  of  minimum  static  pres¬ 
sure,  l.e.  the  position  of  the  center  of  the  vor¬ 
tex  core,  is  almost  the  same  for  the  two  grids.  It 
turns  out  that  the  solution  on  the  "fine”  grid 
features  a  "cross-flow  shock"  underneath  the  vor¬ 
tex  and  Just  outboard  of  its  center.  In  the  cross¬ 
flow  plane  Isobar  pattern  (Fig.  19b)  the  weak 
cross-flow  shock  is  most  clearly  seen  as  a  clus¬ 
tering  of  isobars  at  that  location. 
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«)  ’MEDIUM"  GRID  144x38x28  b)  "FINE*  GRID  288x78x56 

Fig,  19  Isobars  on  wing  upper  surface 
M,  -  0.5,  a  -  20  deg 

The  Isobar  pattern  on  the  upper  wine  surface  ob- 
tained  from  the  computed  results  on  the  "medium* 
and  "fine"  grid  are  shown  in  Fig.  19a  and  19b.  re¬ 
spectively.  For  both  grids  the  low-pressure  region 
on  the  wing  upper  surface,  forming  the  footprint 
of  the  leading-edge  vortex,  indicates  that  flow 
separation  from  the  sharp  leading- edge  starts  very 
close  to  the  apex.  As  already  observed  for  the  po¬ 
tential-flow  solutions  of  the  preceding  chapter 
the  lowest  values  of  the  surface  pressure  coeffi-' 
dent  are  found  near  the  apex  vindemeath  the  vor¬ 
tex,  Epical  for  subsonic  flow  esses  where  there 
is  a  relatively  large  effect  of  the  singularity  at 
the  apex  as  well  as  a  relatively  strong  upstream 
influence  of  the  trailing  edge.  For  higher  free- 
stream  Hach  n\imbers  the  region  with  lowest  pres-, 
suras  moves  to  a  more  aft  position  on  the  wing,  as 
will  be  shown  later  on. 

Comparison  of  Figs.  19a  and  b  shows  that  the  Euler 
solution  on  the  "medium”  grid  and  the  one  on  the 
"fine"  grid  do  not  differ  In  character.  However, 
on  the  "fine”  grid  the  pressures  in  the  suctiem 
peak  are: substantially  lover  than  those  foimd  in 
^e'^’resuit'  oh'ths'  "medium”, grid. 

For  b6t£  grids  the  flow  oh  the  .upper  wing  surface 
is  siq>efsonlc-lnvthe  lov<>press<u:e  region,  reaching 
Mach  m^ers  above  1.5  on  the  "fine"  g^ld. 

In  Fig.  20a  the  isobar  patterns  ^n-the^^cross-flow 
plane  x/c^  -  0.6*are"pfe'setitedr“^AO  '6htAii^d:^fom 
the  sdiition  on  the  "medium!' 

"fine"  grid.  These  cross -flow-plane  isq^r . 


- 288  X  76  X  56 

- 144  X  38  X  28 
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Fig.  21  Spanwise  pressure  distribution 
M.  -  0.5,  a  -  20  deg 


In  Fig.  21  the  spanwise.pressure  distribution  as 
computed  on  the  "medium"  and  the  "fine"  grid  are 
compared  with  each  other  and  with  experimental 
data  (Ref,  151)  for  the  station  x/Cg  -  0.6. 
Comparison  of  the  solution  on  the  "fine"  mesh  with 
the  "medium”  one  shows  that  when  the  grid  is  re- 
finedi  'the  upper -wing  surface  pressure  peak  be¬ 
comes  steeper  and  higher  while  Its  position  shifts 
slightly  in  outboard  direction.  There  is  an  excel¬ 
lent  agreement  in  the  spanwise  pressure  distribu¬ 
tions  on  the  lower  wing  surface,  as  well  as  on  the 
upper  wing  surface  in  the  region  close  to  the 
plane  of  symmetry  and  the  region  near  the  leading 
edge.  The  location  of  the  cross-flow  shock,  in  the 
"fine*. grid  result  just  outboard  pf.the  suction 
peak  is  recognized  as  the  location  where  the  span- 
wise  pressure  distribution  steepens  lip. 

Comparison  of  the  computed  results  with  experl- 
mentai  data  shows  that  for  the  lower  wing  surface 
the  agfe^nt-ls^qulte  satlsfactd^'.  However,  on 
^e  tipper  wing  'stu^ace  the  Euler  Mthod  grossly 
over-pretUcts' ^  ^suction  peak,  also  resulting,  in 
im  byen>redtct^|C/.of  J^e:^if  t  <c^fficient,.by.  about 
15  pcnenb^^^Tms’  is  prij^ily  due  to  ^e  circum- 
-  Mthod  lacks  the  ablll^  '.to 

^ <<sittuiaVe1flpwViiep¥ratlqn^frbm:a,  smooth  surface; 
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l.e.  here  the  secondary  separation,  without  ex¬ 
plicitly  incorporating  soae  kind  of  a  model  for 
such  viscosity  dominated  phenomenon.  It  might  be 
expected  that  seen  in  the  light  of  the  findings  of 
the  study  within  the  framework  of  potential -flow 
theory  (see  preceding  chapter  and  Fig.  13).  also 
within  the.  framework  of  an  Euler  method  the  inclu¬ 
sion  of  a  model  for  smooth-body  separation  will 
result  in  an  improved  correlation  of  predicted  and 
measured  surface  pressure  distributions. 

MCACUEKT 


a)  "MEDIUM"  GRID  144x38x28  "FINE"  GRID  288x76x56 


Fig.  22  Contours  of  equal  total-pressure  loss  in 
cross -flow  plane.  M«  0.5,  a  —  20  deg 

Figs.  22a  and  b  show  the  cross^flow  plane  contours 
of  equal.total-oressure  loss  in  the  cross-flow 
plane  at  the  station  x/cjt  •  0.6  for  the  "medium" 
and  "fine"  grid,  respectively.  For  inviscld  flows 
without  shocks  the  total  pressure  should  be  con¬ 
stant,  equal  to  its  free-stream  value.  In  Euler 
methods  errors  are  caused  by  the  artificial  dissi¬ 
pation  introduced  by  the  numerics.  Primarily  due 
to  a  fine  grid  resolution  in  the  direction  nottaal 
to  the  wing,  the  error  in  total  pressure  on  the 
major  part  of  the  upper  wing  surface  is  small 
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a)  TOTAL-PRESSURE  LOSS 


!  \  - 288  X  76  X  56 
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(less  than  0,5%  gain)  for  the  solution  obtained  on 
both  grids,  with  the  "fine"  having  the  smallest 
error.  The  error  on  the  lower  wing  surface  is  due 
to  the  smaller  gradients  in  the  solution  an  order 
of  magnitude  smaller. 

In  the  solution  obtained  on  the  "medium"  as  well 
as  in  one  on  the  "fine"  grid  one  observes  that  on 
the  upper  surface,  at  about  75%  local  semi-span, 
there  is  a  sudden  increase  in  total-pressure  loss, 
to  about  1%  and  2%  on  the  "medium"  and  "fine" 
grid,  respectively.  This  increase  is  due  to  the 
occurrence  of  the  (weak)  cross-flow  shock  discuss¬ 
ed  above,  which  is  strongest  on  the  finer  grid. 
Right  at  the  leading  edge,  where  the  flow  sepa¬ 
rates,  without  explicitly  prescribing  separation, 
total-pressure  losses  increase  rather  abruptly  to 
values  of  about  10%  of  the  free-stream  value. 

Figs.  22a  and  b  clearly  reveal  that  in  the  lead¬ 
ing-edge  vbrtex  above  the  wing  upper  surface  the 
total-pressure  loss  becomes  largest,  attaining 
values  of  30  to  35%.  The  value  of  total-pressure 
loss  at  the  center  of  the  vortex  core  is  higher  in 
the  "fine"  grid  solution  than  in  the  "medium"  grid 
solution.  However,  on  the  "fine”  grid  the  area  in 
which  there  are  significant  total-pressure  losses 
is  smaller,  i.e.  it  is  more  confined  around  the 
center  of  the  vortex  core.  Apparently  for  the  pre¬ 
sent  subsonic  case  the  reductions  due  to  grid  re¬ 
finement  of  Che  errors  in  total  pressure  cause  the 
area  in  which  they  occur  to  be  reduced,  but  at  the 
center  of  the  core  the  reduction  due  to  grid  re¬ 
finement  cannot  balance  Che  Increase  of  the  errors 
associated  with  the  improved  resolution  of  steeper 
gradients. 

Spanwise  cross-sections  taken  at  different  chord- 
wise  stations  of  the  wing  indicate  chat  there  is 
very  little  variation  with  chordwise  distance  of 
the  total-pressure  loss,  including  the  values  at 
the  center  of  Che  vortex  core. 

5.5.4.  SolutiofLWlthln  leadlng^edce  vortex  core 
As  for  the  case  of  potential  flow  (see  Fig.  15) 
the  solution  within  the  leading-edge  vortex  core 
is  considered  in  more  detail.  Fig.  23  presents  the 
"medium"  and  "fine”  grid  solution  along  a  horiton- 
tal  traverse  through  the  center  of  the  vortex 
core.  The  traverse  is  located  in  the  plane  x/cr 
0.4.  Fig.  23a  shows  the  distribution  of  Che  total- 
pressure  loss  along  the  traverse.  In  this  figure 
the  effect  of  the  fineness  of  the  grid  is  clearly 
evident,  namely  the  total-pressure  loss  decreases 
everywhere  except  near  the  center  of  the  vortex 
core  and  In  the  leading-edge  vortex  "layer".  In 
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the  "fine" -grid  solution  two  passages  of  the  layer 
through  the  traverse  can  be  detected.  Fig.  23b 
shows  the  distribution  of  the  streamwise  (parallel 
to  the  direction  of  0«)  velocity  cooponent  of  the 
velocity  vector.  At  the  center  of  the  vortex  core 
this  cooponent  reaches  values  of  about  2.3  times 
the  free-straam  value  for  the  *fine*  grid  and 
about  a  10%  lower  value  on  the  "oedluffl”  grid. 
Crossings  through  the  vortex  layer  appear  as 
clearly  steeper  parts  in  the  distribution.  Fig. 

23c  displays  the  distribution  of  the  vertical 
(clrcunferentlal)  cooponent  of  the  velocity  vec¬ 
tor.  Also  here  It  Is  demonstrated  that  refining 
the  oesh  results  in  an  loproved  resolution  of 
steep  gradients,  l.e.  the  change  in  the  direction 
of  the  velocity  vector  across  the  vortex  layer  is 
better  represented  on  the  "fine*  grid. 


It  nay  be  concluded  that  the  conputatlonal  results 
on  the  two  grids  are  qualitatively  the  saae,  l.e. 
both  solutions  feature  the  sane  flow  phenomena. 
Quantitatively  there  are  sooe  differences  which 
can  be  understood  in  terns  of  differences  in  grid 
density.  However,  as  far  as  the  surface  pressure 
distribution  Is  concerned  the  differences  between 
the  results  on  the  two  grids  are  considerably 
saaller  than  the  differences  with  experimental 
data. 

In  Ref.  ISS  It  has  been  deaonstrated  that  the 
differences  between  an  Incompressible  Euler  solu¬ 
tion  and  a  potential -flow  panel-nethod  solution 
are  snail. 


5.5.5.  Total-oressufe  losses 

As  far  as  the  tQtaL-oressure.loases  in  the  numeri¬ 
cal  solution  Is  concerned  It  will  be  clear  that' 
they  are  largest  in  regions  with  the  largest  gra¬ 
dients  in  the  flow  field,  such  as  occur  in  regions 
where  vortlcityjij  or  becones  concentrated.  For 
the  present  applications  these  regions  are  the 
center  of  the  vortex  core  and  the  part  of  the 
leading-edge  shear  layer  closest  to  the  leading 
edge  where  it  is  strongest.  It  has  been  conjec¬ 
tured  by  anongst  others  Hlrschel  (Ref.  2)  and 
Powell  (Refs:*  139,  156)  that  simulating  nuaeri- 
cally  a  shear- layer  employing  an  Euler  method  as 
the  one  used'above  implies  total-pressure  losses. 
Here  it  wl^  be  shown  that  this  is  not  necessarily 
the  case:  Starting  from  Crocco*s  relation 

^  .  I^S  ♦  uxu  (10a) 

where  h  t^ls.  the  total  •nthalp^  (h  •  E  p/p) ,  «  is 
theVvortlclty  vector  (w  *  v>cu)  and  S  is  the  entro- 
py.t  TKe^latter  can  be  related  to  the  total  pres¬ 
sure  pt  throu^ 


where^z  €^(-5,6),  l.e.  within  the  layer.  Setting 
Chen  u  X  (j  0  yields: 

a(z)  -  l/cosh  f(2)  (lOe) 

b(z)  -  tanh  f(z)  (lOf) 

where  f(-5)  -  .-f(6).  It  may  be  expected  that  these 
types  of  total-pressure  conserving  velocity  pro¬ 
files  can  be  supported  by  a  discrete  Euler  solu¬ 
tion  as  long  as  locally  the  thickness  of  the  layer 
is  of  Che  order  of  3-5  cells  of  the  grid.  This  is 
confirmed  by  the  cross-flow  Iso-contour  plots  of 
the  total  pressure,-  such  as  Fig.  22,-  where  the 
total-pressure  losses  In  the  leading-edge  vortex 
layer  rapidly  diminish  with  distance  from  the 
leading  edge  where  the  vortlclty  Is  less  high  and 
the  numerical  dissipation  has  spread  the  layer  to 
a  sufficient  degree. 

Above  klnematlcal  arguments  are  quite  similar  to 
the  ones  used  by  Hlrschel  and  Powell,-  but  with  the 
difference  that  In  above  analysis  the  component  of 
Che  velocity  along  the  average  direction  (e^)  Is 
allowed  to  vary  through  the  shear  layer  while  It 
was  held  constant  by  Hlrschel  and  Powell. 

An  additional  Important  question  to  be  posed  Is 
whether  the  total-pressure  losses  Invoked  by  the 
numerics  (l.e.  errors  of  the  numerical  method  used 
to  solve  the  Ihviscld  flow  equations)  In  the  In¬ 
sufficiently  resolved  thin  shear  layer  near  che 
leading  edge  remain  local  ££  correct  somehow,  sub¬ 
ject  to  some  diffusion,  along  the  vortex  layer  to¬ 
wards  the  center  of  the  vortex  core.  The  present 
(subsonic)  results  strongly  suggest  that  the  er¬ 
rors  have  a  local  implication  only,  l.e.  that  the 
numerical  total-pressure  losses  behave  differently 
from  the  total-pressure  losses  encountered  in  the 
real  viscous  flow. 
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Fig.  24  Velocity  distribution  through  finite- 
thickness  shear  layer 


Pi/Pt.  -  ,exp(-*S/R) 
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Sinca  in  vmateady  Invlscid  flow' It  follows  froa 
the  equation  for  the  conservation  of  energy  that  h 
U  eonstra^  .one  finds  froa  Eqs.  ,(10a)  .and  (10b) 
^at.  Ih^cue  .u  uid  u~are  puallei  (so^cailed  . 
Beitraal.flqw)  :the.toui.pressure.wlli:mt^c^ngs 
across.,  the  ..layer.  .Are  aare.dlstflbutloM  of'.ulmd 
satufy^^ese  cq>nUtions|..^c^bsli^  the. 
yel'ocl^~yactqr'ln^te^~oE.  'co^nent^  alongr 
Aa  syeragerjof /tha^yeiocity  at.,tto'ujiper  a^'the 
lower  aiiu.qf  tke.layerf.and^a.ct^qmhtrnoraai'^to 
this  (see^ig.,  24)‘j|s: -  :V  ;  -J 

.  ...  cite). 

It  follows  frra  .^e^deJlhltlon7^..Ae  vortlclty,  '. 

that;,,.!  '-..’j  ..j'.'.'S  *' 


As  far  as  the  'vortex'cofe  Is  concerned  It  can  be 
renarked'^at  Stewaftson  &.Uail'(Ref 157)  de¬ 
rived  a  'constuit-total-prassure  Edlef  solutidn 
for  the  case  of  im*  Isolated  slehd^^r’ conical  vortex 
core  in  ihcpnpressible'flow', 'whlch'cah  lie' extended 
to  the  slendef-^hut'lioh'-conlcal  'cue  '(Ref.  82) .  The 
inviscld 'solution  is 'valid-t^  to  the''axis  of  the-' 
core  where  a  singularity  le  present..  By  aatchlhg  a 
viacotU  solution  for  As  region  very  close  to  Aa 
core^«is'''(Ae;yieHous''eub£ore)''to  ;tfie,'inviscid 
solutibn^fpr'^a  outer  parujof" Ae  coreV  'Aa''int 
•vlacid^^w^ai;^lu't&^couid’^b''«iipyed:  -  In''^is 
nodal.,  t6'tai|pfesS^e';loii8u',oecur''in^tfiejVis'coua‘ 
a'i£eore?ohly',“’^'il* '  “^*€*e***F  vortex^&a ’thole' 

vprticil^npw'iregton'eApita' totallpreaadre?  '' 
loaaea“''inJapite'blE''thii^&£5>aloci‘tyyimdfpreuMe 
dietri£u&tbh^thxbu|)i  iKe'-’co'reXa^ae .  eitlifaetdrily 
^&>iuuiurw*sf;CRefJ,i|}*M^rlMi^li1iataV''^B^own 
(ftft:’;iS8);-^cohei3eiM«r'il»rcMeojf|ah,,'ieolltid''-*! 
-eiraddf'^onielit^TOi^u  'cpIi^’^^^c’iS^c^reSi'S 
'lfelSfflo»lifi>8/ilso=i:uoa“'e^Switci5^?«M'fiuiEl^''  ^ 
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proximate  framework  derived,  but  analytical,  in- 
viscid  solutions  singularities  appear  at  the  cen¬ 
ter  of  the  core.  The  large  gradients  near  the  sin¬ 
gularities  will  not  be  resolvable  on  a  finite  grid 
of  a  discrete  solution  leading  to  total-pressure 
losses  in  the  vortex  core.  However,  as  the  mesh  is 
refined  more  and  more  the  total-pressure  losses  in 
the  numerical  Euler  solution  will  be  confined  to 
an  region  near  the  sharp  leading  edge  and  a  region 
around  the  center  of  the  vortex  core  and  Beltrami 
flow  will  prevail  everywhere  else. 

In  Euler  solutions  on  a  finite  grid  it  appears  in 
general  that  for  a  given  geometry  at  one  specific 
free-stream  condition  the  total-pres¬ 

sure  loss  at  the  very  center  of  the  vortex  core  is 
rather  insensitive  to  computatiom|l  parameters, 
such  as  the  coefficients  in  the  explicitly  added 
artificial  dissipation  terms,  as  well  as  the  den* 
sity  of  the  grid,  e.g.  see  Jacobs  et  al.  (Ref. 
152),  or,  but  to  a  lesser  extent,  the  numerical 
algorithm  used  to  solve  Euler's  equations  (Ref. 
159).  This  insensitivity  has  been  found  espe¬ 
cially  for  Euler  solutions  at  transonic  and  super¬ 
sonic  free-stream  Mach  numbers  (see  also  next  sec¬ 
tion),  and  to  a  lesser  extent  at  lower  Mach  num¬ 
bers  %diere  for  given  incidence  etc.,  the  total 
pressure  losses  (in  terms  of  p^*)  are  smaller.  For 
conical  flow  about  delta  wings  at  supersonic  free- 
stream  Kach  numbers  Powell  (Refs..  139,  156), 

Human  etai.  (Refs.  137,  160)  in/estlgated 
(central-difference)  Euler  solutions  and  found 
them  to  be  insensitive  .to  cooputational  parame¬ 
ters,  iiq>lementaCion  of  boundary  conditions,  grid 
density,  etc..  Furthermore,  the  level  of  the 
total-pressure  loss  at  the  center  appears  to  agree 
with  experimental  data.  However,  it  must  be  con¬ 
cluded  that  also  at  transonic  and  supersonic  Kach 
numbers  this  is  fortuitous  and  the  total-pressure 
loss  at  the  center  of  the  core,  just  like  in  the 
rest  of  the  core,  is  a  purely  spurious  numerical 
artifact. 

On  the  other  hand,  similar  to  the  po.tential-flow 
solutions the  position  of  the  vortex  core,  its 
vorticity  contents,  as  well  as  ^e'flow  outside 
the  core  appear  to  be  influenced  only  very  little 
by  exactly  what  occurs  within  the  vortex  core. 
However,  it  is  to  be  expected  .that  the  character¬ 
istics,  such  as  the  onset  of  vortex  breakdown,  of 
the  vortex  core  are  affected  by  the  numerically 
induced  total -pressure  losses  within'Euler  solu¬ 
tions.  Models  for  isolated  axisynBetric  conical 
vortex  cores  have' been  considered  by  Powell  & 
Hurmah' (Ref.  161)  for  incompressible  viscous 
flow  and  by  Mayer  &  Powell  (Ref.  162)  for  both 
incompressible  and  coaq)re8slble  viscous  flow.  For 
lnc«qiresslble  flow  ^t  is  shown  that  the  total- 
pressure  loss  at  the  . center  . of -the  core  is  only  a 
function  of  the  swirl  («  circumferential  /  axial 
co^OMnt  of. the  velocity)  at. the. edge  of , the  vor¬ 
tex  core,  i.e*  not.^of^the  Reynol<U .number.  How-, 
ever,  ,radlaVdi8tributlbh.,bf  ^le  total-pres¬ 
sure  ..loss  does  Idepe^  bn  Reynolds  number,  as-does 
^e  iocatlbn  .of -the'e^e:Of  ^the.xqfe.  the  latter 
-is  unfortunate,  .since '^e  dimen8i6n.,o£  .leadi^- 
edge  vort^es  is  'alMSt''ln^pendent..b£  Refolds 
nunier".._^  ‘  ^  . 

SoM,.iwestigaterS;haye^pitfsued  tqtal-ptfessufe- 
Ibss  Jff ee.’Euler^  ioluf ioM  ‘oitr.  ^e  Euler  ileqvMtiqns . 
Fof.,co^ciI^s|^efsbnic^stea^.'ln^^ 
i63}..used4M6Vetti.{s  ^ial&^].i^eM*‘.ba8ed'on.7‘. 
ehuacmrisbics  ,.,ih.^^lchT|he'bbv  UhoclTis  .fitted 

^M£alVMiipbMnb^of"Ui|^^eToci^tiey^bbtalne<l^frM^ 
'tbe 'condition 't^b^e^otal ’'enthalpy 'ibuconstant 
and^entr^OT}  is  ^traced.. along  atreamiinea.  ^Crocco* s 


edge  without  an  explicit  Kutta  condition  and  a 
leading-adge  vortex  is  formed.  It  has  been  checked 
numericelly  that  ^  and  vS  are  at  machine-zero 
levels.  Indeed,  it  turns  out  thst  the  magnitude  of 
u  X  M  is  acceptably  email  everywhere,  except 
close  to  Che  leading  edge  and  near  the  center  of 
the  vortex  core  where  larger  values  ere  found.  It 
also  turned  out  that  the  ccosa-flow-plane  velocity 
components  end  the  static  pressure  are  not  much 
different  from  the  ones  found  using  a  Jamaaon-type 
Euler  solver,  tdiile  the  chordvlse  velocity  compo¬ 
nent  la  affected  somewhat.  Kandil  et  al.  (Ref. 

164)  found  almiler  results.  They  Inveatigated 
several  non-standard  eats  of  non-standard  zero- 
totel-presaure-loss  Euler  equations  by  replacing 
the  energy  equation  by  a  homantroplc  or  isencroplc 
condition  and/or  the  x-momentum  or  continuity 
equation  by  the  condition  that  the  total  enthalpy 
is  constant. 

Finally  the  Eulerian/Lagranglan  scheme  proposed  by 
Feliel  &  Drela  (Ref.  165)  la  to  be  mentioned. 

In  this  scheme  numerical  diffusion  of  the  Euler 
solution  in  vortical  flow  regions  Is  reduced  by 
locally  correcting  the  Euler  solution  employing  a 
Lagranglan  (vorticity  and  entropy)  particle-track¬ 
ing  solution. 

5.5.6.  Transonic  flow  M.--  0.85.- a  -  20  deg 
The  solutions  on  the  "medium*  and  "fine"  grids 
were  obtained  with  the  parameters  controlling  the 
diaaipative  terms  set  at  their  standard  values  for 
transonic  flow,  i.e.  using  both  the  second-  and 
the  fourth-difference  diasipatlve  terms. 
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a)  "MEDIUM"  GRID  144x38x26 


"FINE"  GRID  288x76x56 


4 ,  deg, ''the  "flow'^indeed/lepKates'* et,1^  lea^^ 


Fig.  25  Isobars  on  wing  upper  surface 
M.  -  0.85,  o  -  20  deg 


In  Fig.  25*  the  upper  Wirit  »uff«c«  Itobar  pattern 
is  presented  For -the  'aedlua*  grid,  in' Fig.  2Sb 
for  ^e  ’fine*' grid. 'Both  fi^be- indicate  that 
’ffie  fofiutim'bf  tha-vortex  itarta  vary  close  to. 
the 'a,>ex.  FtufAeiswrer'lh' both' pictures  fhe  elbse- 
ly-spacad'.isbhafa  outhoud'of -the  pfessufa  ainiinia 
Indlcafe  t£e\-preiehce  of 'a’-"cross-fiw'aHTCk*, 

Boat ‘clearly  fab  oSn'tKe- faar^artr'of-the  wing.  '’Oh 
this  part  of  tha  wing,,  ou^bard^bf  ttib-erbas-nbu 
shock  a  aacohd  shock  appears;  At  jdiout  93%  root 
chor^'  thsae  ^,fKbckii'.aarge'atdfforB'‘a  Y-ahbpad 
shock  aystra,.  with  as'  stos  .tha  strong  .crbss.;fiow 
shbek^daiMtfen*bf‘’dw‘’9jii‘root:'ChbrdVst3itibii.  'Oh 
the- central  psft..b£’'the'  wii^  at.  J^u£;83%-root'*‘‘/ 
chord  a  third  shock  apiMra,  the. so-called  ’rear 
shock*.  .This  wea^Wl>v£3E-;f*.;<wrw^3:b-.^e  ^ahs-bf 
,inMtry\,^^<l«t<m^  <11? 
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ruction.  Comparison  of  tho  upper  wing  surface  iso* 
bar  patcom  of  the  solution  on  the  "fine"  grid 
with  the  one  on  the  "oodiun'*  mesh  shows  that  on 
Che  "fine**  ^rid  the  shocks  are  steeper,  but  mere 
importantly,  that  no  new  flow  features  evolve. 
Compared  to  the  pressure  distribution  at  the  lower 
Mach  nusiber  the  suction  peaks  are  much  seduced  In 
height.  Tho  suction  peak  is  now  also  in  height 
about  constant  in  chord<ulse  direction,  i.e.  at 
least  on  the  forward  pnrt  of  the  wing  the  surface 
pressure  distribution  is  more  conical. 
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a)  “MEDiUH**  CRIO  14*4x33x28  "FINE**  GRID  288x76x56 

Fig.,  26  Isobars  in  cross>flov  plane. 

M,  -  C.85,  c.  -  aO  deg 

Fig.  26  presents  the  cross* flov?Dlane  _lfobar  uat« 
tern  in  thu  plane  x/c%  -  0.6  as  obtained  from  the 
solution  on  the  "medltia*  and  tlxe  "fine*  grid.  For 
this  case  of  compressible  vortex  flow  the  cross* 
flow  shock  is  strong  and  clearly  evioent  in  the 
plot.  The  shock  appears  Co  bridge  the  gap  between 
the  wing  upper  surface  and  tba  vortical  flow  re¬ 
gion.  Outboard  Cl>o.  dowrstraain)  of  the  cross-flow 
shock  and  underneath  the  shear  layer  emanating 
from  the  leading  edge  there  exists  a  rolatlve 
large  region  where  the  static  and  as  will  be  seen 
later  on  also  the  total  pressure  ara  only  slowly 
changing.  Especially  on  the  “fine*  grid  <Fig. 

26a),  td-.ere  Che  shock  Is  somewhat  stronger,  this 
is  a  rather  extensive  portion  of  Khh  flow  field. 
The  "rear  shock"  Is  clearly  visible  in  the  laobar 
patcom  in  the  plane  of  symmacry  (Fig.  2/),  ob¬ 
tained  from  the  solution  on  Che  "fine"  grid.  Al¬ 
though  it  is  a  weak  (normal)  shock  it  apparently 
extends  quite  some  distance  into  the  flow  field. 


Fig. 


"FinE"  GRID  288x76x56 


27  Isobars  in  the  plane  of  symmetry. 
H«  -  0.85.  a  20  deg 


Id  Fig.  2S  (note  change  In  verti.cal  scale  compared 
with  fig.  2>I)  the  spanwlse  surface  pressure- dls- 
x/cx  •  0.6  computed  on*the'*iiedluB* 
and  t^er”flne'f  grid  are  .compared .with  each  other 
and.  with  experimental  data^of  the^InCerhatlonal 
Vortex  Flow  Experiment  (Refv  .56)1 'For  the  lower 
vii^  surface  agreement  of  .co^uted- wd.  Bea¬ 
med- pressure,  distribution  ia^iaxcalient.  For  the 
upper,  vli^, surf  ace.  it  ls"ahowa;thac  coat¬ 

ed, results  '^e^;^cxp6s-n^;Shock|iie^’l6cate3betweeh 
70  nand;75t.  loeal^seml-^ani  \ln7ChmrMesured  data 
the  xRich^.wai^:^..crpss-flpv  sbipcleUs«^iltMtad,a 
lh^ard>  hemaly  ac^abmti60%yloMi'3i^. 
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Fig.  28  Spanwlse  pressure  distribution 
H*  -  0.85,  a  -  20  deg 

may  be  concluded  from  the  pronounced  second  suc¬ 
tion  peak,  chat  the  cross-flow  shock  provokes  an 
oarly  secondary  separation  that  results  in  a  rela¬ 
tively  strong  secondary  vortex.  As  for  the  case  of 
subsonic  vortex  flow  it  is  clear  that  in  order  to 
improve  the  correlation  of  the  numerical  simula¬ 
tion  with  experiments  secondary  separation  effects 
must  be  Included  in  the  simulation.  However,  be¬ 
cause  of  the  less  negative  pressure  coefficients 
for  the  higher  Hach  number,  for  the  present  case 
the  effect  of  secondary  separation  is  less  severe¬ 
ly  felt  in  the  Integrated  force  and  moment  coeffi¬ 
cients. 

Fig.  29  presents  the  chordwlse  surface  pressure 
distribution  along  the  section  situated  In  the 
plane  of  symaetry.  Computed  results  are  compared 
with  experimental  data  from  Ref.  ISl.  It  Is  seen 
that  on  the  "fine!*  grid  the  "rear  shock"  is  better 
resolved  than  on  the  "medium"  grid,  but  also  that 
it  is  at  about  the  same  position  on  both  grids. 
There  Is  a  difference  between  the  predicted  and 
the  measured  position  and  strength  of  the  "rear 
shock",  presiamably  in  part  due  to  viscous  effects. 
On  the  other  hand,  it  nay  be  expected  that  the  po-. 
sitlon  and  strength  of  the  leading  edge  vortex, 
the  cross- flow  shock  and  the  rear  shock  are 
strongly  Interrelated.  Improving  the  numerical 
simulation  by  ^including  a  secondary  separation 
model  will  affect  all  three  flow  features. 

In  terms  of  lift  coefficient  the  Euler  solutions 
result  in  values  which  are  about  7.5%  higher  than 
the  value  found  in  the  experimental  investigation. 
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Fig.  29  Chordwisa  prasiura'^^lstribution' 
-  ,  ,  ^  .M.  -  O.85,_o -.20 vdeg\ 


In  suniBkry  It  can  be  concluded  that  comparison  of 
the  results  on  the  "medium"  and  on  the  "fine”  grid 
Indicates  that  for  the  surface  pressure  distrlbu* 
tlon  increasing  t^^  grid  density  results  In  a 
steeper  but  also  s>ievhat  stronger  *cross>flow 
shock"  shifts  the  suction  peak,  l.e.  the  position 
of  the  vortex,  slightly  Inboard  steepens  the  "rear 
shock"  has  no  effect  on  the  lover  wing  su«‘face 
pressure  distribution. 

Fig.  30a  presents  the  cross-flow-olane  pattern  of 
contours  of  equal  total-pressure  loss  in  the  plane 
x/cjt  ••  0.6,  as  obtained  from  the  solution  on  the 
"medium"  grid.  Fig.  30b  shows  the  corresponding 
plot  for  the  "fine"  grid.  For  this  case  of  com¬ 
pressible  vortex  flow  the  cross-flow  shock  la 
strong  and  clearly  shows  up  In  plot.  As  the  flow 
passes  through  the  cross-flow  shock  the  total 
pressure  Is  reduced  by  13-14%  on  the  "medium”  and 
by  23-24%  of  its  free-stream  value  on  the  "fine" 
grid.  For  the  latter  grid  the  shock  Is  stronger, 
which  explains  the  larger  loss  In  total  pressure. 
On  the  wing  surface  away  from  the  shock  the  errors 
In  total  pressure  are  smaller  on  the  "fine"  grid 
than  those  on  the  "medium"  grid  and  comparable  to 
those  encountered  at  the  lower  Mach  number.  Out¬ 
board  <l.e.  downstream)  of  the  cross -flow  shock 
and  underneath  the  sheaf  layer  emanating  from  the 
leading  edge  there  exists  a  relative  large  region 
where  the  total  pressure  Is  about  constant,  equal 
to  the  lower  value  outboard  of  the  shock.  Across 
the  shear  layer  from  the  leading  edge  the  total 
pressure  Jumps  again  to  Its  free-stream  value. 

Hg.  30  shows  that  at  the  center  of  the  vortex 
core  the  total  pressure  drops  to  45  percent  of  its 
free  stream  value,  both  on  the  "medium*  and  on  the 
"fine"  grid,  higher  for  transonic  flow  than  for 
subsonic  flow  primarily  because  *  M«^.  Further 
note  that  compressibility  has  a  considerable  ef¬ 
fect  on  the  shape  of  the  vortex  core.  Increasing 
the  Kach  ntodiet  results  In  a  more  flattened  vortex 
core,  which  as  a  result  of  the  Interaction  with 
the  cross-flow  shock  Is  at  a  more  Inboard  loca¬ 
tion.  As  for  the  lover  Mach  number  the  total-pref' 
sure  loss  at  the  center  of  the  core  does  not  vary 
very  much  with  longitudinal  distance  along  the 
vortex  core. 
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a)  SUBSONIC  FLOV  M«  -  0.5,  a  -  20  deg 

nCMHIWT  laat* 


b)  TRANSONIC  FLOW  M*  -  0.85,  0-20  deg 


Fig.  31  Contours  of  equal  total-pressure  loss  In 
near-wake  cross-flow  plane  ("fine"  grid) 


refinement  does  not  result  in  new  flow  features 
and  differences  between  computed  and  measured  re*, 
suits,  though  considerably  smaller  here,  are  due 
to  the  Euler  method  not  simulating  secondary  sepa¬ 
ration.  In  addition  It  Is  demonstrated  that  ef¬ 
fects  due  to  compressibility  result  In  very  signi¬ 
ficant  changes  In  the  flow  solution,  not  unlike 
those  found  In  the  experimental  investigation  of 
for  Instance  Bannlnk  et  al.  (Ref.  166)  for  a 
similar  65-deg  delta-wing  configuration. 
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a)  "MEDIUM"  GRID  144x38x28  b)  "FINE"  GRID  288x76x56 


Fig;  30  Contours  of  equal  total-pressure  loss  in 
cross-flow  plane.  M«  «■  0.85,^  o  r  20  deg 

Coiqiarlng  .the  cross-flow-plane  results  obtained  on 
the  "medium*  grid  with  those  obtained  on  the 
"fine*  grid  it  Is  observed  that  on  the  "fine”  grid 
the  region  of  the  flow  field  with  total-pressure 
losses  has  shrunk  in  dimension.  However,  the  mini¬ 
mum  total  pressure,  which  occurs  at  the  center  of 
the  vortex  core,  Is  about  the  same  for  both  grids. 
It  Is  hypotheslzed  that  as  far  as  the  total-pres¬ 
sure  loss  hear  ^e  center  of  the  core  Is  concerned 
here  also  refining  the  mesh  tends  to  decrease  the 
discretization 'error  and  at  the  same  tlM  in¬ 
creases  the  gradients  in  the  flow  solution  and 
^us  the  discretization  error,  now  apparently  such 
that,  on  the  present  type  of- grid  and  for  ^is 
particular  ifree-stream  flow  condition  and  this 
setting  of  the  artificial  dissipation  parameters, 
the  net  effect  is  about  the  same  loss  in  total 
presswe  at^the  center  of  ^e  core. 

The  overall  cohclUsions  ^t  can  be  drawn  for  this 
flow  condition  are  very  similar  to  the  ones  drawn 
for  the  subsonic  flow  condition,  naMly  that  grid 


5.5.7.  Flow  field  in  the  near  wake 
The  development  of  the  flow  In  the  near  wake  Just 
downstream  of  the  trailing  edge  is  considered  for 
both  the  subsonic  and  the  transonic  free-stream 
Mach  number.  This  region  of  the  flow  field  Is  of 
extreme  Importance  for  cases  at  somewhat  higher 
Incidences  where  the  experiments  (e.g.  Refs.  56., 
151  and  166)  have  shown  that  vortex  breakdown 
occurs.  For  low  bubsonlc  flow  Uumnel's  (Ref.  20) 
mushroom- shaped  vortex  wake  consisting  of  the 
leading-edge  vortex  and  the  traillng-edge  vortex 
Is  well  known.  It  forms,  even  in  invlscld  flow,  as 
has  been  demonstrated  In  t^e  preceding  chapter  for 
the  case  of  potential  flow  (Ref.  82). 

Fig.  31a  shows  for,  the  subsonic  case  (M«  -  0.50,,  a 
«*  20  deg)  the  contours  of  equal  total-pressure 
loss- in  four  consecutive  plimes.x/cjt  -  constant, 
namely  x/ct  ■?'>!. 0,  1.025,  l;b5  and  1.10,  as  ob- 
tainod  from  ^e  solution  on  the  "fine"  grid.  This 
figure  clearly*  indlcatesothe -formation  of 'a  mush¬ 
room-shaped.  wake  .vitii  itvo^regions  ^6f  increased 
total-pressure 'losses  ,^  indicative  forireglohs 'with 
vortical,  flbw...'In^the*  near  wake  the^leadihg-adge 
vortex  can -be-' identified  as^'theeontihuattoh-be- 
yond  the.tfalKhg  edgeiof  the^reglon'^th^signlfi- 
'ceht-tbtkl^pressure  losses, r^.sueh^aa;sh(^..in^Fig. 
22b  and  ’4n-  the  top  -  f  ig^e '  of '  Fig^"  Sla^f  brXtKe 
.plexie?]^^  •■'/p.6»4md'l';0, ‘feajieetlvely.^^Thl^^vor- 
'  '<tex  imiuf6utb6ard;^^,^i$wardr*Apparently5becati8e 
« ,^evtegiphWbflilder^?^e^gfld^is"^l|Ulnirela- 

*vdfteJc?femalM?coi^adt  and>'ltf/^l^'di£f(Medi^the 
'^Ie^l5pf^fhe1fdtal-prd1isi^e?ibas^ifat^^e.ceh£er 
bf-thie-jcofe:  resins  at  ^  sama\ieyei-,<»  35-40%^. 


The  formation  of  the  traillng-edge  vortex  starts 
rl^t  at  the  trailing  edge  (x/Cr  -  1.0)  as  evi¬ 
denced  by  the  local  naximun  (0.15)  in  the  total*' 
pressure  loss  at  about  90%  semi-span,  caused  by 
the  high  gradients  in  the  solution  In  that  region. 
Further  downstream  a  vortex-Hke  structure  devel¬ 
ops  with  increasing  total-pressure  losses  at  its 
center.  Eventually.  Just  like  in  low-speed  flow  a 
mushroom-shaped  vortex  wake,  consistlr^  of  th^ 
leading-edge  and  the  traillng-edge  vortex  evolves. 
For  the  transonic  case  (H*  -  0.85,  a  •  20  deg)  the 
contours  of  equal  total-pressure  are  presented  In 
Fig.  31b,  for  the  same  4  cross-flow  planes,  again 
obtained  from  the  solution  on  the  *'flne"  grid.  For 
the  case  of  compressible  vortex  flow  the  situation 
is  complicated  by  the  presence  of  the  strong 
cross-flow  shock.  It  follows  from  Fig.  31b  that 
downstream  of  the  trailing  edge  the  cross-flow 
shock  disappears  very  rapidly  (actually  between 
x/ck  •  1.01  and  1.025).  As  for  the  lower  Mach  num¬ 
ber  the  leading-edge  vortex  continues  downstream 
of  the  trailini',  edge,  again  without  touch  diffu¬ 
sion,  but  now  it  does  not  appear  to  move  upward 
and  outboard  that  much.  Furthermore,  the  formation 
of  the  trailing-edge  vortex,  by  the  roll-up  of  the 
wake,  is  now  more  vigorous  resulting  in  higher 
total -pressure  losses  at  its  center.  At  x/c^  •>  1.1 
the  wake  has  again  a  mushroom- shaped  structure  but 
now  occupying  a  larger  area  in  the  cross -flow 
plane  than  is  the  case  for  the  lover  Mach  nui^er. 
In  the  first,  two  cutting  planes  presented  in  Fig. 
31b  an  additional  flow  feature  is  observed,  char¬ 
acterised  by  a  local  minimum  In  the  total-pressure 
distribution.  This  feature  can  be  traced  back  to 
the  kink  in  the  leading  edge.  l.e.  to  x/cJ^  -  0.85, 
and  is  termed  the  "tip  vortex".  Seen  in  consecu¬ 
tive  cross-flow  planes  this  vortex  travels  around 
the  leading-edge  vortex  and  at  x/cjt  *1.05  is  so 
close  to  the  core  of  the  leading- edge  vortex  that 


Fig.  33  Surface  velocity  vectors  near  the  leading 
edge,  M«  -  0.85,  a  -  20  deg  ("fine"  grid) 


tlal)  flow  a  vortex  sheet  will  form  which,  because 
of  the  nonzero  tralling-edge  angle,-  will  leave 
either  the  upper  or  the  lower  surface  tangentially 
(e.g.  Hatigler  &  Smith,  Ref.  167).  For  the  pres¬ 
ent  flow  conditions  this  contact  dlscontinuitv 
will  be  tangential  to  the  lower  wing  surface,  im¬ 
plying  that  on  the  upper  wing  surface  the  velocity 
right  at  the  edge  (still  being  a  weak  singular 
point)  has  to  be  directed  along  the  edge.  On  the 
upper  side  of  the  vortex  sheet,  just  downstream  of 
the  trailing  edge,  the  velocity  vector  will  then 
to  some  extent  turn  back  in  chordwlse  direction. 

In  the  present  discrete  solution  of  the  Euler 
method  it  appears  that  on  the  upper  surface,  2  to 
three  grid  cells,  upstream  of  the  trailing  edge 
the  velocity  vector  already  starts  to  turn  in 
chordwlse  direction. 

Fig.  33  presents  the  corresponding  velocity  vec- 


it  can  no  longer  be  distinguished  and  may  be  as¬ 
sumed  to  be  fully  merged  with  the  latter 


Fig.  32  Surface  velocity  vectors  near  the  trailing 
edge,  M«  -  0.85,  a  «  20  deg  ("fine"  grid) 


5.5.8.  Flov_near  the  sharp  edges 
In  the  following  the  solution  near  the  sharp 
trailing  and  leading  edge  is  considered  in  some 
more  detair  for  the'- transonic  case  (M«  -  0.85,  d  •> 
20' deg);  ’  It' has-been  verified  that  for  the  si^son- 
ic  case:  the'' solutidh  near  the  edges  behaves^’quall- 
tatlvely  qulte'^similaV'to  the’  traruonlc  case  dls- 
c\wsed;belwr  Fig'.'  32‘pfe'senc's  the  veloclty'vec- 
t6rs/(ih 'the  ^cell-face-  nil^oihts  of '"the  "fine" 
grid)  oh  ^et^'p'ef  land 'loiter'  wing^swface  Ih'a  - 
smair  fegiTO''ciBse'  tythe  'tratlinyledge'^.r  The  post- 
^diT'cHosen  ^dh  ^the^tfaillng-edge  Hs  'li'locat'lon  ' 
where  thV  magnitude  ^6f ’the  -^ail'ing  ybjticl^^ 
wltK 'its>malh''cbnpphent' perpendicular 'Ifc  the  edge, 
is  largiF/It*  Is  ^howtftHat  et  tHe*'^aiiiTi^Vdge  ” 
the  velbcl^  vector  orf^tKe'  \^er''ahd:the'^pt»-'oh' 
the  lower  surface^^afe 'e^l'Hn  Ba'^ii^<&  bu^  dif¬ 
ferent  in  direction,  resulting  in  a  vortlclty.  vec¬ 
tor  of  negative  sign.  In  truly  inviscid  (poten- 


tors  in  a  small  region  close  to  the  leading  edge 
at  about  the  mid-chord  position.  Here  the  main 
component  of  the  vortlclty  vector  is  along  the 
edge.  It  is  shown  that  at  the  leading  edge  the  ve¬ 
locity  vector  on  the  upper  and  the  one  on  the 
lover  surface  are  equal  in  megnitude  but  different 
in  direction,  resulting  in  a  vortlclty  vector  of 
positive  sign.  In  an  Inviscid  (potential)  flow  mo¬ 
del  the  leading-edge  vortex  sheet  will  be  tangen¬ 
tial  to  the  lover  wing  surface,  so  that  on  the  up¬ 
per  surface  the  velocity  at  the  edge  should  be 
tangential  directed  along  the  edge,  turning  away 
from  the  edge  on  the  (here  strongly  curved)  vortex 
core.  However,  in  the  present  discrete  solution  of 
Euler's  equations  the  surface  velocity  vector 
starts  to  turn  already  4  to  5  cells  before  the 
leading  edge  is  reached. 


Fig.  34  Possible  inviscid  separation  at  a  sharp  edge 

It  might  be'  conjectured  that  for  the  case'  o^  flows 
at  hl^ "Refolds 'nui*bers’'att'^‘lhviscid'mbdel  in' 
which*  ragibiis'’WitKj'dlsVfibUted  v6'rti'cl't^;arb  al- 
ldwed,^'‘llto-8ketcKedTln^P^r''’34V  ffonis'  an^  appro-  - 
prlata*  altorhatlve'^‘aei‘*’fbr  'the  'class'lcaVffphteh- 
tlml-flpw)-^ahafp-'idge>Mp^afatibri 
167^:  -iH*whlcff^fc%1g)aratioir  ^ 

at  the  sharp  ddga.rMulta  ln  a  hjdjhle/With^  d^^^^ 
tzibuted  vortic'ii^^altwted  In  t^e  coraer  between 


Che  vortex  sheet  and  the  wing  upper  surface.  This 
greatly  relieves  the  singularity  at  the  edge,>  fa* 
cllltatlng  a  more  smoothly  variation  of  the  veloc* 
Ity  field  In  the  Immediate  neighborhood  of  the 
sharp  edge.  Above  bubble*cype  model  has  been  in* 
spired  by  Kuchemann's  (Ref.  168)  bubble*cype 
separation  model  for  the  flov  near  the  trailing* 
edge  of  an  airfoil  section. 

S.6.  Application  of  Euler  methods  to  more  complex 
confl^rations 

There  have  been  already  quite  some  atteotpcs  to 
apply  time-stepping  Euler  methods  to  more  complex 
configurations  In  subsonic  and  transonic  speeds. 

An  early  example  Is  given  In  Ref.  169,  where  an 
explicit  finite-volume  modified  MacCormack  pre¬ 
dictor-corrector  scheme  Is  employed  to  solve  the 
Euler  equations  on  a  grid  with  about  52SK  cells 
around  the  F'16.  At  the  free-stream  condition  K*  • 
0.9,  a  •  4.1  deg  convergence  difficulties  were  re-- 
ported  while  also  comparison  with  experiment  re¬ 
vealed  some  deficiencies.  Argawal  et  al.  (Ref. 

170)  use  an  Euler  code  based  on  Jameson's  Flo57 
(Ref.  113),  enhanced  with  amongst  others  a  TVD 
formulation,  to  simulate  the  flow  about  generic 
fighter  consisting  of  a  wing,  body,  horizontal  and 
vertical  tails  and  a  falred*ln  inlet.  The  269K* 
cell  grid  is  still  rather  coarse,  possibly  for  the 
higher  incidences  contributing  to  a  less  satisfac*' 
tory  correlation  of  predicted  surface  pressures 
with  experimental  data.  Goodsell  at  al.  (Refs. 

171,  172)  apply  an  Euler  code  also  based  on 
Jameson's  Flo57  (Ref.  113)  to  the  generic  fighter 
configuration  testeo  by  Erickson  (Ref.  6),  l.e.  a 
configuration  with  a  sharp-edged  5S-deg  swept 
cropped  delta  wing,  a  fuselage  with  relatively 
long  forebody  with  or  without  a  (decoupled)  chine 
and  a  bump  as  canopy.  Computed  results,  obtained 
on  a  grid  of  about  425K  cells,  for  subsonic  and 
supersonic  flow  conditions  are  compared  with  ex¬ 
perimental  data.  It  appears  that  In  case  of  the 
fuselage/vlng  configuration  attached  flow. Is  pre¬ 
dicted  quite  satisfactorily.  At  the  higher  inci¬ 
dences  the  flov  is  dominated  by  the  smooth- surface 
separations  on  the  forebody,  precluding  good  cor¬ 
relation  with  results  of  an  Euler  method.  For  the 
fuselage/wing/chlne  combination  the  sharp-edged 
chine  fixes  the  separations  on  the  forebody  and  a 
much  better  correlation  of  theory  and  experiment 
Is  obtained.  For  flow  conditions, at  which  the  ex¬ 
perimental  data  show  the  occurrence  of  vortex 
breakdown,  the  Euler  results  become  unstable  and 
exhibit  an  oscillatory  behavior. 

Application  of  a  FXo-S7  type  of  Euler  method  to  a 
canard-wlng-body  and  to  a  rather  complete  close- 
coupled  wing-canard  flgh^r  configuration,  the 
first  one  at  M«  ••  6.9  on  several  grids  with  up  to 
SQQK  points,  the  second  one  at  M,  -  I ;  19  employing 
a  grid  with  about  375K  points,  has  been  reported 
by  ReJ  et  al.  (Ref.  173)  showing  reasonable 
agreement  of  predicted  and  measured  surface  pros- 
sures,  with  some/doviatloiis  occurring  due  to 
shock/boundary- layer  Interaction. 


component  of  the  velocity  decelerates  and  stag¬ 
nates  on  the  vortex  axis  and  a  region  with  revers¬ 
ed  flow  appears  apparantly  with  (bubble)  or  with¬ 
out  (spiral)  a  zone  with  recirculating  flow,  l.a. 
in  the  vortex  core  the  flow  changes  from  a  jet- 
llke  (as  In  Fig.  22c)  to  a  waka-llke  type  of  flow. 
Downstream  of  the  stagnation  point  the  flow  usual¬ 
ly  becomes  unsteady  and  turbulent. 

The  process  of  leading-edge  vortex  breakdown  is  a 
thrae-dlmenaional  unsteady  and  highly  nonlinear 
problem  and  la  not  yat  fully  understood.  Important 
ingredients  appear  to  be 
(1)  an  in  axial  direction  adverse  external  pres¬ 
sure  gradient  and 

(11)  the  strength  (circulation)  or  rather  the 
swirl  ratio  (clrcumfarantlal  /  axial  component  of 
the  velocity)  at  the  edge  of  the  core. 

If  there  Is  an  adverse  pressure  gradient  and  the 
swirl  ratio  exceeds  a  critical  value  (slightly 
above  1.0)  vortex  breakdown  will  occur. 

The  role  of  the  total-pressure  losses  at  the  cen¬ 
ter  of  the  vortex  core  In  the  breakdown  process  Is 
not  clear.  However,  If  these  total-pressure  losses 
play  an  Important  role  (as  conjectured  by  Lambour- 
ne  &  Bryer,  Ref.  30)  it  might  also  be  expected 
that  viscosity  snd  the  Reynolds  number  would  plsy 
an  equally  Important  role,  precluding  an  inviseld 
model  to  be  used  for  predicting  vortex  breakdown. 
This  appears  to  be  the  esse  when  (bubble-type) 
vortex  breakdown  la  explained  In  terms  of  an  anal¬ 
ogy  with  boundary -layer  aeparaclon,  l.e.  the  flow 
with  low  total-pressure  encountering  an  adverse 
external  pressure  gradient.  However,  also  note 
that  in  the  case  of  the  boundary  layer  the  pres¬ 
sure  throuj^  the  layer  is  constant  and  the  veloci¬ 
ty  near  the  wall  la  low,  while  In  ease  of  the  vor¬ 
tex  core  the  pressure  decreases  rapidly  towards 
the  axis  and  the  velocity  Is  high  although  both 
qtuintltles  are  lower  then  they  would  have  been  In 
an  Invlscld  flov. 


In  the  following  a  possible  explanation  of  the 
spiral-type  breakdown  Is  given  in  tens  of  invis* 
cld  flow,  derived  from  characteristics  of  vortex 


5.7.  Eul.r  Mthod..  and  vortex  breakdown 
It  has  b«en  clsiaed-'that  the  flnlte-voluoe  tios- 
stepplng  nethods-fpr  solving  Euler's  equations 
also  slnulate  vot^ex'breekdoTO.  Experinental  wl- 
denca  Indicates  th«t''vort«C'I>ieaIcddim,''at  least 
Its  onset,  depends  only  m'alcly  on  Reynolds  nuaber, 
so  Indeed,  there  nay  be  soiu  possibility  that  it 
can  be  oodeled  by  Euler's  equations. 
In.ei^erlMncs-voxtextbreakdowh,  or  burst,  is 
characterized  by  o  sudden  «vansian  and  e  change 
In.  the  ;cbberent- stttusture.  of,  tl)e,,TOrtex.c3re.  .Tvo 
types  of  brea]^(m4uva>,bben;.>ldehtt£led,.;bubble-' 
type  and  apifal.-^t^e,-  tbou^.aoM.  lnve8.^gator%  , 
argue.thab.  &&yUl8i^iwtian,jc^^ot  .really,  lie  ;iiade, 
whila  pthwaJ/li^  ,eyen!^ra,;^esi. 
mXdtJmapna  ,pSj  lniwfeat,hefcr,'ifutMlly,’  ^a-  Spifal- 
typ5-o£^ib*ea1^wn.Myura.  axial 

-!j.  ■'  '  y  -•  e  r*-'*'  -.V'  , 


cores  given  In  Ref.  82.  In  the  vortex  core,  up- 
stresa  of  the  brsekdown  point,,  the  vortex  line# 
(curves  at  each  point  t^gent  to  tbs  vortlclty 
vector,  l.e.,  if  Crocee'a;;i!;elatlon  is  satlsfle.1, 
curves' identical  to  etreus  lilies)  spiral  tiellcoi* 
dally  inuarda,',  from  Uie  e^e,  towards  the  axts„af. 
the  core  . (see. sketch  In  35).  Jtnthle, process 
the  clfcu^efetitiar  cn^nent^of.the..vpcticlty 
cenvertod  info  an  axis)i,  empohent  wd  .at'.the.axis, 
where  ;tfe\vMte>i'ltD,i',M^<Ufecttd  along  the  ,ex- 
ia,  .iSe  ybrirM-llMs  iw/closely;togather;  This. 
Implies'., ti>at:^ar_the,.j«ia;..the,,vortlcity,-,iahiS>» 
sst.f^abel'aS>d'1itoectly;.wlA-tlw,;axlBl  cb^phent 
.of  liie-^f tlcl^j xdlatrl^utipt(;pp  tjie  clr 
cuaf er&blif  .'die; 

fsr«atiil|^«ipSMtt^o^  tt^Cyioigei^ '&£ices_;,^ 
ix^^5Mji^e^nBjpf5!^.^oc.ij^jj£e;.  .tte.compo-.^ 
n*nt'tluit;^comi>s  jl.iu:gB'.it'jiib  ’  ~ 
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Upstreaa  of  vortex  breakdovn  the  axial  coaponent 
of  the  velocity  near  the  axla  of  the  core  la  re¬ 
tarded  and  even  reverted  In  direction.  In  an  In- 
vltcld  flow  oodel  with  distributed  vortlclty  this 
laplles  that  the  clrcunferentlal  component  of  the 
vortlclty  has  to  switch  sign  somewhere  as  It  Is 
convected  from  the  edge  of  the  core  towards  the 
center  of  the  core.  One  possibility  to  accomplish 
this  is  that  the  region  with  highly  concentrated 
vortlclty  near  the  center  of  the  core  (the  "sub- 
core")  Is  regarded  as  a  vortex  filament  of  small 
but  finite  cross-sectional  dlnenslon»  embedded 
within  the  remainder  of  the  rotational  core.  If 
curved  such  a  filament  may  be  subject  to  some  tor¬ 
sional  Instability  mode  <e.g.  Betchov,  Ref. 

174)  and  the  core  axis  could  start  to  meander 
In  a  spiral  fashion,  the  direction  of  the  spiral 
being  opposite  to  the  direction  of  the  circulation 
of  the  filament.  The  tilting  of  the  filament  (that 
region  of  the  core  with  the  highest  vortlclty  con¬ 
tents)  then  provides  the  large  circumferential 
vortlclty  component  In  the  sought  for  direction, 
and  associated  with  It  a  large  axial  velocity  com¬ 
ponent  reducing  abruptly  the  net  velocity  In  up¬ 
stream  direction.  Whether  the  spiralling  vortex 
core  Is  a  standing  wave  and  steady  or  a  travelling 
wave  and  unsteady  or  breaks  up  rapidly  Is  to  be 
Investigated.  In  this  model  the  outer  part  of  the 
vortex  core  has  still  the  more  or  less  coherent 
structure  of  the  original  vortex  core.<  while 
closer  to  the  axis  the  vortex  lines  spiralling 
around  the  meandering  core  center  yield  a  less  co¬ 
herent  picture.  The  Internal  structure  of  the  vor¬ 
tex  filament  will  be  determined  by  viscosity,  but 
Its  strength  and  position  In  space  will  be  deter¬ 
mined  by  the  external,  basically  Invlscld  flow 
field. 

An  alternative  to  the  meandering  vortex  filament, 
yielding  a  more  continuous  description  of  the  vor- 
tlcity  and  velocity  distribution  In  the  Inner 
parts  of  the  vortex  core.  Is  that  the  sub-core 
"opens  up".  In  this  model  It  Is  conjectured  that 
the  axial  vortex  lines  close  to  the  axis  suddenly 
start  to  spiral  (counter-circulation  vise)  around 
a  central  region,  so  forming  a  cigar-shaped  shell 
of  high  vortlclty  (Fig.  35), 

A  possible  further  alternative  explanation  for  the 
(Invlscld)  onset  of  vortex  breakdown  is  that  the 
outer  turn  of  the  leading-edge  shear  layer  becomes 
unstable  near  the  trailing  edge  and  prevents  the 
shear  layer  from  rolling  up  into  a  tlyht  vortex 
core.  However  it  seems  unlikely  that  this  can  re¬ 
sult  in  a  situation  In  which  the  circumferential 
component  of  the  vortlclty  switches  sign  and  a  re¬ 
gion  with  reversed  flow  Is  induced. 

Quite  some  research  oh  .'ortex  breakdovn  (e.g. 

Pagan  &  Benay,  Ref.  175;  .te  et  al.<.,Ref. 

176) ,  both  experimental  and  theoretical,  has 
concentrated  on  cpnfined  vortex  flow  Inside  a  tube 
(see  Hall.  Ref.<  31  and  review  by  Lelbovlch.  Ref. 

177) .  It  is  not  quite  clear  whether  this  -type 

of  vortex  has  exactly  the  same  characteristics  as 
a  leading-edge  vortex  resulting  from  tiie  roll-up 
of  a  free  shear  layer. 

Experimental  investigations . including  ^flow- field 
surveys  on  ^lta,,wingSi  .above  ^the  Inci^ncevat  ,  . 
which  >vorCex  breakdown  starts , ;,hayeVbeen'  pursued, 
at  low,^peed,  by  Mongst  others  KegeWnv&^Roos 
(Refs.  33,  34ijj35),  ^Pay^e-et  al^  .(Refs.p37, 

178)  .and^Havk  et.  al.  (Ref..  179) .  -In.  some  -of 
these  investigations  .the.  splral-t^e  of- 
instability  has  been  observed. 

.. 

In  the^appllca^ons  pf.tEuler{|ae^O(to..tb  .configura- 
tions/V^th>leadingtedgeXyortex^flpv.^^yorcex  brpak- 
dom* jhas>  been  rpp6rted;;On -seve'raUqccMio^;?:  ’ 
Probably  the£,£irst^bnes^were^^|ii'^el^&;,Scbai4t' ' 
(Ref*.  1^5)  who^rei^rtedj  a  presimabiy^steady, 
"vortex  bre^dcdbv^  iound-e5lgedxa]nrpW;;iHng-at 
O.'S'.to.sJe  c^e  tof -t^ejilft^begiiming-^^ 


decrease  at  35  deg  incidence.  Rizzl  &  Purcell 
(Ref.  135)  report  for  a  thin  round-edged  twisted 
and  cambered  cropped  (55/45-deg)  double-delta  wing 
at  -  0.3  and  io  deg  Incidence  a  grid 
sensitivity  Investigation.  For  the  coarse  (76,800) 
0-0  type  grid  the  Euler  method  converged,  for  the 
much  finer  (614,400)  0-0  grid  a  converged  solution 
was  obtained  with  about  the  same  Integrated  forces 
and  moments,  but  with  smaller-scale  features  ap¬ 
pearing  In  the  free  shear  layer  from  the  wing 
leading  edge,  which  is  conjectured  to  be  the  onset 
of  the  Instability  of  the  vortex  core.  Continuing 
this  investigation  Rizzl  &  Purcell  (Ref.  180) 

(see  also  Murman  &  Rizzl,  Ref.  137)  report  conver¬ 
gence  on  the  coarse  mesh  also  for  higher  Inci¬ 
dences.  On  the  fine  mesh  the  situation  la  differ¬ 
ent,  at  12.5  deg  Incidence  the  flow  becomes  un¬ 
steady  while  at  20  deg  Incidence  the  flow  Is 
steady  but  the  vortex  appears  to  be  fully  "burst" 
and  the  lift  is  lower  than  at  12.5  deg  incidence. 
On  the  surface  relatively  lerge  errors  (total- 
pressure  losses)  occur.  For  this  case  of  rather 
low  sweep,  experiments  indicate  vortex  bursting  at 
higher  incidences  thsn  10  deg,  so  the  onset  of 
"vortex  breakdown*  is  predicted  prematurely. 

Raj  et  al.  (Ref.  145)  found  that  the  solution  on  a 
C-H  type  of  grid  with  about  105,000  cells  became 
unsteady,^  l.e.  that  the  solution  procedure  did  not 
converge,  for  a  straked  wing-body  configuration  at 
high  Incidence.'  For  the  acrake-off  case  the  criti¬ 
cal  incidence  lowered  from  30  to  18  deg.  Pao  (Ref. 
181)  used  Raj's  (Ref.  145)  TEAM  Euler  code  to 
investigate  the  flow  about  the  P-1065  aircraft 
(60-deg  round-edged  thin  delta  wing)  and  reported 
for  a  C-H  grid  with  about  80,000  cells  failure  of 
the  solution  to  converge  at  30  deg  subsonicslly 
and  at  19  deg  transonlcally.  In  these  two  cases  a 
region  with  reversed  flow  started  to  occur  at  23 
and  17  deg,  respectively. 

Hltzel  (Refs.  142,  143)  presents  Euler  solutions 
for  Che  sharp-edged  65-deg  delta  wing  considered 
earlier  in  this  chapter.  For  M»  -  0.85  and  a  •  24 
deg  experiments  indicate  that  vortex  breakdovn 
occurs  above  the  configuration.  In  the  computed 
results  complex  flow  structures  appear  which 
include  shocks  and  regions  with  reversed  flow.  It 
is  also  indicated  that  in  solutions  for  different 
grid  densities  rather  different  features  may 
appear.  Also  for  the  subsonic  case  M«  •  0.4,  a  - 
28.7  deg  results  with  reversed  flow  regions  aro 
given.  Longo  (Ref.  140)  applies  a  cell-vertex 
Euler  method  to  the  sane  6S*deg  delta  wing 
employing  an. 0-0  type  grid  with  about  110,000 
points.  He  finds  that, reversed  flow  Indicates  the 
onset  of  "vortex  breakdown”.  Furthermore  It  is 
found  that  while  the -total-pressure  loss  at  the 
coie  axis  is  more  or  less  independent  on  the 
parameters  governing  the  explicitly  added 
artlflclaV dissipation V terns,  the  location  where 
reversed  flow  appears  first  Is  a  function,  of  these 
parameters.  In  Ref.  141  Longo  shows  that  for  the 
case  of  a. canard/delta  wing  configuration  the 
Euler  method-eppears. to  simulate  realistically  the 
"bulg^gr-of^the^canard  vortex-as  it  undergoes 
reversed  flow  and'Sid>sequent  restructurlngLln,  the 
region  between  tlie  .canard  and.  the^maln  wing. 
Coodsell  et  Bl;..(Ref.  172)  report^  ?vorCexj break¬ 
down!!  to  occurs  in  thelr.'Euler-solutlons-for^a 
chine-delta  configuration. 

The  Euler  methods  dlscxissed  above^are.-all  central- 
dlffefence''.t^e.;b£^^nethods;^:^0'Nell^  et.:^al.  (Ref. 
344 present  ;resultsi.  of  ^an  upwind.  Euler /method  'i 
.vhicb^.alsp.jshoy^  "vortex^bre^cdovn"  for^ sharp -edged 
60,.and/70,^deg^delta  wing8.^at-«lovv£8peed:^andlhlgher 
iTMldmce'SiV'iier/sXower,  co^ergenceAthoughialmost 
alv^s^cpnvergence  i^aehleved^  for ,  thex„ihtegrated 
fprce^Va^«Bmhts««^'Forvtheif7H-Ort3^e?qf^gri^f^> 
^’^'^i£but^i70tQ0b~po^.ts.,theycrobsewe -t^e^apiral 
bfjiManderingiof^^ie^vbrj^xicore*  -TKey^argue 
onset  of  vor^x.  bteak^m'  ,cm;beTjctet^^^ 
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Also  developing  aodels  for  Che  viscous  vortex 
cores  <e.g.  Povell  et  el.,  Refs.  161,  162)  is  of 
prscticel  interest  to  help  in  unraveling  the  ne> 
chanisas  involved.  Siallar  to  what  Luckring  (Ref. 
100)  did  fora  potehtial>flov  aethod»  it  is 
worthwhile  to  investigate  the  feasibility  to 
incorporate  a  viscous-core  aodel  into  an  Euler 
aethod.  Lee  &  Brandt  (Refs.  162,  163)  have 
atteoipted  to  eabed  a  siaple  viscous^core  aodel  in 
a  Jaaeson-cype  Euler  aethod.  The  viscous-core 
aodel  is  derived -froa^ the  Navier-Stokes  equations 
for  steady,  Incoapressible,  axisyaaetric  and 
laainar  flow  in  a  slender  vortex  cote.  The 
solution  in  the  core  is  foraulated  eaploying,  in 
axial  direction  siailar,  velocity  profiles  for  the 
axial  and  circuaferential -velocity  coaponents, 
allowing  the  equations  to  be  Integrated 
algebraically;  The  coupling  is'accoaplished  by 
adding  a  source  of  aoaentua, '  directed  along  the 
axis  of  the  core,  to  the  aoaentua  and  energy  eqiia- 
tlons;. During 'the  ItecatlOA  process ;che  Euler  so- 
iutibh  ihi<^e  cbraireglon  is^updated^re^larly: 
Results  obtalnad^for^a  luoiber  of  delta  yln^  at- 
low  speedion'^a  rather  coarse^H-O't^e  of-grid  wlth 
abbu^^30;000^polnts-  show^tiiat  wlthbut^^the'  vlscous- 
cota^aodel:  the*>onset?of  "vortex  breakdown^^^ls'pre* 
dicted<At>a?.too?hi^^lncldsnc.e  whlleTwith^the  '  ^ 
Bodal^^e>predlcti'on-ofT  the'Upstreaa^'prbgress'^of 
the  onset  of >  «Vortex'^ breakdown* tib. predicted  in^ 
reiarkably  accordance  with  axperiaenUl^data. 


alned  eaploying  an  Euler  code  by  using  a  so-called 
*shear-layer-collapse*  criterion.  This  criterion 
considers,  in  cross-flow  planes,  the  locus  mapped 
out  by  the  point  at  which  the  swirl  ratio  reaches 
its  aaxiaua  on  successive  radial  lines  emanating 
froa  the  vortex  axis.  For  part  of  the  circle  the 
locus  turns  out  to  coincide  with  the  shear  layer 
froa  the  leading  edge,  rather  than  to  identify  the 
edge  of  the  vortex  core.  It  is  observed  that  *vor- 
tex  breakdo%m*  is  preceded  by  the  swirl  ratio  hav¬ 
ing  its  aaxiauB  at  the  axis  and  consequently  a 
part  of  the  locus  (not  the  shear  layer  as  they 
claim)  collapses  onto  the  axis.  Actually  this 
"collapse*  occurs  because  at  the  axis  of  the  core 
the  axial  component  of  the  velocity  becomes  small 
and  even  zero  yielding  large  values  of  the  swirl 
ratio.  It  is  shown  that  the  locus  obtained  froa 
computed  results  correlates  reasonably  well  with 
the  locus  derived  froa  measured  data.  Although  the 
deteraination  of  the  locus  requires  some  criterion 
for  finding  the  axis  of  the  core,  which  may  be  a 
non-crivial  matter  for  "burst”  vortices,  while 
also  the  notion  of  decomposing  the  velocity  in  an 
axial  and  a  circuaferential  component  is  not  real-' 
ly  relevant  for  parts  of  the  flow  field  not  close 
to  the  vortex  core,  the  locus  provides  some  mea-' 
sure  of  the  structural  change  of  the  vortex  core 
neat  breakdown. 


For  all  of  above  pseudo-time  marching  Euler  Dec¬ 
ode  the  non-converged  ("unsteady”)  solutions  are 
physically  meaningless  and  often  largo  errors  in 
total  pressure  (losses  and  gains)  appear,  not  only 
in  the  flow  field  but  also  on  the  upper  surface  of 
the  configuration.  It  appears  also  that  as  far  as 
the  onset  of  vortex  breakdown  in  converged  Euler 
solutions  is  concerned  quite  often  observed  simi¬ 
larities  between  experiaental  findings  and  compu¬ 
tational  results  of  Euler  methods  are  spurious  nu¬ 
merical  effects  associated  with  the  particular 
discretization  used.  It  is  not  uncommon  that  com¬ 
pared  with  experiments  "vortex  breakdown"  occurs 
at  too  hi^  an  incidence  oh  relatively  coarse 
meshes  end  prematurely  bn  fine  meshes.  This  means 
that  detailed  studies  of  the  influence  on  the 
Euler  solution  of  grid  characteristics  such  as 
lay-out,  density,  stretching,  skewness  and  aspect 
ratio  in  the  vortical  flow  region,  is  a  prerequi¬ 
site  for  further  progress  in  the  understanding  of 
the  phenomenon  as  well  as  in  its  prediction. 


GRID:  -  IM  POTNTS 


GRID:  -  26SK  POINTS 


Fig.  36  Euler  solution  for  6S-deg  cropped  delta  wing 
Rizzl,  Ref.  174 


5.6.  Euler  methods  and  smooth- surface  separation 
For  highly-swept  wings  at  incidence  the  primary 
source  of  the  vorticity  in  the  flow  field  is  the 
shear  of  the  velocity  vector  across  the  separation 
line,  not  the  boundary  layer  approaching  the  sepa¬ 
ration  line.  However,  the  location  of  the  separa¬ 
tion  line  is  determined  by  viscous  effects.  In  the 
case  of  a  sharp  leading  edge  the  geometrical  sin¬ 
gularity  fixes  the  separation  at  the  edge  all 
along  the  leading  edge,  in  reality  as  well  as  in 
the  Euler  solution.  In  the  latter  case  through  the 
numerical  dissipation  due  to  the  explicitly  added 
terms,  the  solution  algoritha,  grid  characteris¬ 
tics,  lapleaentatioh  of  the  boundary  conditions, 
etc..  In  the  case  of  a  round  leading  edge  near  the 
edge  the  gradients,  and  accordingly  the  numerical 
dissipation,  in  the  Euler  solution  will  be  large, 
sometimes  so  large  that  the  flow  separates  at  or 
close  to  the  edge.  The  resulting'^vortlcal  flow 
pattern  depends  strongly  on  the 'location  of  the 
point  at  which  the  separation  starts  and  the  part- 
span  voffex  begins  to  build  up^ln^strength.  "This 
ii^iles'that  separation  from  found  leading  edges 
may  occur  lit  Euler  solutions  but  in  a''na^r  de¬ 
pendent  oh  numerical  dissipation  and  in  general 
different  from  reality  .wtiefe  sepafat^h  is  deter¬ 
mined  by  the  effects ‘bf  the'physical  viscosity;' ' 


There  have  been  aeyeral.  appHcatior^  of  Euler 
method-  to  fotmd-e'dged-hl^iy  sweptiT#ihgit|at''incl- 
dehce,  ^  ihrgehefailtKe  *  measure  bffsuccMsY^pendent 
oh  the"  leadihgradgeV'fadlus^im4^jcihe'grid  ^larictsf- 
Isticii^'^Espeelally^t^lnirer/I^h'^nd^ets  where^the 
inf luehce*^of  ’  ifia 'lea4i^-edgh'4ra^us:;bn  ‘  t&t  par t  • 
il^taeparatiomls”'-I^geI  (eigt'  ieeJiection^2l7  'and 
Wg??E)rc;^'ist5ent?co«e^tlbft-^th:e^er^nttl- 
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data  Is  not  possible.  As  an  exanple  consider  the 
result  of  Rlzzi  (Ref.  184)  for  the  6S>deg 
round-edged  cropped  delta  wing,  which  sharp-edged 
counterpart  was  considered  In  section  5.5.  at  a 
relatively  low  incidence  of  10  deg.  The  conparison 
of  computed  and  measured  spanwlse  surface  pressure 
distributions  is  reproduced  in  Fig.  36.  The  Euler 
solution  shown  In  Fig.  36a  Is  obtained  for  - 
0.1  on  a  fine  mesh  with  about  one  million  grid 
points.  Analysis  of  the  computed  and  measured  (M* 
<-0.4)  pressure  distributions  reveal:  that  In  the 
experiment  the  primary  flow  separation  occurs  near 
the  station  at  x/cr  -  0.8.  while  In  the  Euler  so¬ 
lution  the  flow  is  already  separated  at  the  x/cr  * 
0.3  station,  resulting  In  large  discrepancies  be¬ 
tween  theory  and  experiment.  These  cannot  be  ex¬ 
plained  In  terms  of  the  difference  In  the  Mach 
number  since  at  lower  Mach  numbers  experiments 
generally  show  the  primary  separation  to  start  at 
stations  even  further  domstream. 

At  higher  Mach  numbers  where  the  flow  separates 
earlier,  the  correlation  might  be  better.  This  Is 
demonstrated  In  Fig.  36b  for  M«  -  0.85  and  the 
same  Incidence  of  10  deg.  On  the  grid  with  about 
285,000  points  the  flow  separates  Just  downstream 
of  the  x/Cr  «  0.3  station.  In  the  experiment  Just 
upstream  of  this  station. 

As  far  as  secondary  separation  Is  concerned  It  Is 
noted  that  on  the  surface  underneath  the  leading- 
edge  vortex  generally  the  gradients  (along  stream¬ 
lines)  In  the  flow  quantities  are  much  smaller 
than  near  the  round  leading  edge.  This  Implies 
that  "secondary  separation*  usually  does  not  occur 
in  Euler  solutions.  This  implies  that,  though  typ¬ 
ically  Integrated  forces  and  moments  are  In  satis¬ 
factory  agreement  with  experimental  data,  pre¬ 
dicted  spanwlse  upper-surface  pressure  distribu¬ 
tions  have  higher  suction  peaks  too  far  Inboard 
and  no  plateau  region  characteristic  for  secondary 
separation. 

It  has  to  be  concluded  that  Euler  methods  are  In¬ 
adequate  to  capture'  consistently  separation  of  the 
flow  at  geometrically  smoth  parts  of  the  surface, 
in  particular: 

•  secondary  separation  on  sharp-  or  round-edged 
configurations,  and 

-  primary  (often  part- span)  separation  on  round- 
edged  configurations. 

It  might  be  of  practical  Importance  to  extend  the 
capability  of  Euler  methods  by  a  model  for  these 
phenomena  such  that  also  the  effects  of  smooth- 
surface  separation  are  captured.  Foi  such  a  model 
Incorporated  in  an  Euler  method,  the  location  of 
the  smooth-surface  separation  alines  on  the  surface 
of  the  configuration  have  .to  be  prescribed,  l.e. 
have  to  be  obtained  from  experiments,  empirical 
correlations  or  otherwise.  The  primary  objective 
Is  to  obtain  with  such  an  augmented  Euler  method 
an  aerodynamic  tool  with  .an  Improved  modeling  ca- 
pabillQr  for  which  the  computer  requirements  are 
affordable  and  the  tum-around  tlm^  practical 
enough  for  routine  application  In  an  design  envir¬ 
onment.  Such  a  method  bypasses  the  computational 
issues.  Qrplcal  for  Navler-Stokes  Mthods,  which 
are  associated  .wlth-the  sma^  leng^  scales  char¬ 
acteristic. of  viscous  phenomena  such  as:high-Rey- 
nolds-nuober  boundary  layers.  ^However,  because  of 
the  empiricism  required. as  well  as  the  assumptions 
that  boundary  and  free- shear  layers^  remain  thin, 
no  recirculating-flow  ^regions  bccur,  etc. .  -the 
augmented  method. can  be  viewed  .upon  as  being  com- 
plementai^  to,  ra^er  than  as  an  alternative  for, 
a  Navler-Stokes  methodi  - 

There  have,  been  attempts  to^incorpofate  smooth- 
surface  separation  models  Euler^thbds; 

Marconi  (Ref.  ~X85>  presented  .a>^  smooth-surface  > 
separation  model,  based  on  the  work  of'’Smith.'(Re£. 
186),  for  secondary  separation.  In  RdfVv:163v"- . 


1-31 

Marconi  applies  the  Kutta-type  of  conditions  to  a 
number  of  flat-plate  delta  wings  with  leading-edge 
separation  In  conical  supersonic  flow,  demonstrat¬ 
ing  that  vorticlty  Is  generated  at  the  prescribed 
location  and  subsequently  captured  in  the  Euler 
solution  as  a  free  shear  layer  rolling  up  into  a 
second  vortex.  Correlation  with  experiment  Is 
greatly  Improved.  However,  not  unlike  described 
for  the  attempt  to  model  secondary  separation  In 
potential  flow  (see  section  4.4  and  Fig.  13),  the 
surface  pressure  distribution  underneath  the  sec¬ 
ondary  separation  Is  higher  than  found  In  experi¬ 
ments.  This  discrepancy  Is  attributed  to  viscous 
effects,  such  es  In  the  botindary  layer  underneath 
the  secondary  vortex.  In  Ref.  187  this  same  mo¬ 
del  is  used  in  a  space-marching  Euler  method  to 
predict  the  three-dimensional  supersonic  flow  over 
simple  missile-type  bodies,  now  prescribing  both 
primary  and  secondary  separation  lines.  The  re¬ 
sults  for  the  primary  vortex  are  satisfactory, 
those  for  the  secondary  separation  region  are  sim¬ 
ilar  to  above  less  satisfactory,  again  attributed 
to  dominating  viscous  effects. 

In  the  model  of  Smith  and  Marconi  the  conditions 
applied  on  the  surface  at  the  separation  line  are 
derived  from  the  properties,  l.e.  the  Jumps  In  the 
flow  variables,  of  a  tangentially  (In  the  case  of 
Isentroplc  flow)  separating  vortex  sheet.  Kvong  & 
Myring  (Ref.  188)  propose  a  similar  model  for  a 
finite-volume  tlme-marchlng  three-dimensional 
Euler  method.  Their  model  involves  the  choice  of 
four  parameters  with  which  the  direction  of  the 
velocity  on  either  side  of  the  separation  line 
have  to  be  specified.  Applications  sofar  for 
rather  coarse  meshes  only  show  promising  results, 
though  having  to  specify  four  parameter's,  possibly 
varying  along  the  separation  line,  mi^  t  introduce 
arbitrariness  and  turn  out  to  be  impractical. 

Lee  &  Brandt  (Refs.  163,  182),  employing  a 
Jameson-type  of  Euler  method,  account  for  the 
viscous  boundary  layer  on  the  wing.  Using  simple 
formulae  from  the  theory  for  incompressible 
turbulent  flat-plate  boundary  layers,  a  shear 
stress  directed  along  the  surface  velocity  vector 
is  added  as  a  source  term  to  the  momentum  and 
energy  equations.  The  effect  of  the  shear-layer 
thickness  is  simulated  by  modifying  the  usual  way 
of  extrapolation  to  find  the  surface  pressure. 
Although  no  detailed  comparison  with  experimental 
data  is  carried  out  it  is  suggested  that  for  the 
65-deg  cropped  delta  wing  with  round  leading  edges 
improved  results  are  obtained.  Including  both 
primary  and  secondary  separation. 


6.  MAVIER-STOKES  METHODS 
6.1.  Background 

An  Euler  method  Is  not  the  suitable  method  for 
hlgh-Reynolds-number  flows  with  extensive  regions 
of  rotation  originating  from,  massive  boundary- 
layer  separation  on  smooth  parts. of  the  configura¬ 
tion  surface.'  In  ^ese  cases  there  exists  a  close 
coupling  between  the  strength^and  the  location  of 
the  leeward  vertical  flow  and  the  position  of  the 
viscous  layer  separation  lines  on^theisurface  of 
Uie  configuration,  which. has  precluded  consistent, 
let  alone  accurate,  predictions  of  the  hlgh-ahgle- 
of -attack  flows  with ;Euler. methods.'  This  is  also 
the  case  when -regions  with.reelrculatlng  flow  and 
j>^er  ”closed-t^e*. of. separation  phenomena  ap¬ 
pear,  ‘posslbly.iAenivortex  breakdown  occurs  and  in 
general  when''frlctlonal  forces  .have  to  ^be.  account¬ 
ed^  for*  .  ,  ,  ^  ‘  ' 

Ccn^^tioMl^methdds&thacltake  -the  ttrue^vlscotis 
terms^lhtoraecbwtiv  at -least  Iniprihcljpleit.cwis  - 
sfiniXate^fcqrrect^Ly  alL.of.^ve  •how.phetioi^haV..In 
praetice,..f  l^^siaurktlra  capablU^-is^lialted  by 
^e  r^id^resolutibn  .faastbie.iott5:cufrent..computeri; 


and  by  the  lack  of  adequate  turbulence  and  tranal* 
tlon  aodela. 

Navier-Stokes  nethods  have  been  developed  for 
three-dlnensional  flow  as  well  as  for  conical 
flov.  The  latter  case  relates  to  the  supersonic 
flow  about  a  conical  geoaetry.  In  inviscid  flow 
the  assuaption  that  then  the  flow  does  not  depend 
on  the  streanviae  coordinate  (l.e.  is  conical).  Is 
exact  for  supersonic  flow,  and  approximate  for 
subsonic  flow  about  slender  conical  configure* 
tlons.  For  viscous  flow  the  streanwise  coordinate 
cannot  be  eliminated -from  the  viscous  terns,  which 
leads  to  the  notion  of  "locally  conically"  flow  in 
which  the  Reynolds  number  determines  the  location 
of  the  cro83*flow  plane  (or  intersection  with  a 
sphere  centered  at  the  apex) .  The  assuaption  of 
conical  similarity  reduces  the  3D  problem  to  a  2D 
problem  in  the  cross -flow  plane.  Note  that  in  case 
of  viscous  flow  the  method  does  not  properly  ac* 
count  for  the  upstream  influence  of  the  flow,  in* 
stead  it  is  assumed  that  the  flow  at  an  infinites* 
imally  small  distance  upstream  is  conically  simi* 
lar,  which  might  be  a  valid  approximation  for  vis* 
cous  flows  chat  vary  slowly  in  streamwise  direc* 
tion.  However,  the  computational  expense  of  run¬ 
ning  a  conical* flow  method  is  a  fraction  of  that 
of  a  fully  3D  method.  For  solving  the  conical  flow 
problem  two  ways  can  be  followed.  The  first  one  is 
to  introduce  the  conical  similarity  directly  into 
the  governing  equations  and  boundary  conditions 
and  reformulate  them  in  terms  of  cross* flov  coor¬ 
dinates.  resulting  in  source  terms  in  the  equa¬ 
tions.  The  second  possibility  is  to  employ  a  3D 
method  on  a  single  array  of  volumes  obtained  by 
linearly  scaling  a  cross-flow  plane  grid  cowards  a 
second  cross-flow  plane.  At  each  iteration  of  Che 
solution  procedure  the  inflow  conditions  are  up¬ 
dated  with  the  results  of  the  previous  iteration, 
yielding  a  conical  solution. 

Especially  for  the  hi^-speed  flow  about  missile 
configurations  there  exists  a  rich  history  of 
numerical  flow  simulation  employing  some  for  this 
type  of  flov  appropriate  form  of  the  Navler-Stokes 
equations  (e.g.  see  Ref.  189  for  a  survey). 

Here  the  emphasis  is  on  subsonic  and  transonic 
flov  about  wings  and  bodies. 

In  the  present  paper  the  flov  about  relatively 
simple,  generic,  configurations  is  considered, 
Uickring  (Ref.  S6)  paper  includes  a  survey  of 
Navier-Stokes  computations  for  the  flov  about 
complex  configurations. 

6.2.  Leading- edge  vortex  flow 

Several  numerical  simulations  of  leading-edge  vor¬ 
tex  flov  using  Navier-Stokes  methods  have  been  re¬ 
ported.  Distinction  can  be  made  between  implicit 
and  explicit  methods.  The  implicit  methods  to  some 
extent  avoid  the  CFL-conditlon  time  step  restric¬ 
tion  when  fine  grids  are  to  be  used  to  resolve  the 
viscous  layers.  In  the  next  sections  results  of  a 
number  of  implicit  and  explicit  methods  will  be 
discussed. 

6.2.1.  Implicit  methods 


resolved  primary  secondary  vortex,  very  much 
resembling  the  vapour-screen  visualization  of 
Miller  6t‘Vood  (Ref.  8).  Also  the  computed  spanwise 
surface  pressure  distribution  is  in  good  agreement 
with  experimental  data  for  a  range  of  incidences. 
It  is  demonstrated  that  the  results  of  the  method 
run  in  conical  mode  and  those  of  the  method  run  in 
3D  mode  on  a  grid  with  20  planes  of  the  same 
cross-flow-plane  grid  point  density  and  distribu¬ 
tion  (-  226K  points  in  total)  are  in  close  agree¬ 
ment.  up  to  20  deg  incidence.  In  Ref.  191  the 
conical  flow  computations  are  extended  to  other 
flow  conditions  and  sweep  angles.  Furthermore  the 
laminar  flov  results  are  compared  with  results  of 
Powell's  (Ref.  139)  Jameson's  type  Euler  method 
(on  a  different  grid).  It  is  demonstrated  that  the 
Navier-Stokes  method  captures  both  the  primary  and 
Che  secondary  vortex,  while  the  Euler  method  cap¬ 
tures  Just  Che  primary  vortex.  At  the  relatively 
high  Mach  nui^et  chosen  (2.8)  for  the  comparison 
the  differences  in  the  surface -Cp  distributions 
are  only  small.  Also  compared  are  results  of  the 
laminar  thin-layer  Navier-Stokes  method  with  re¬ 
sults  of  the  method  extended  to  solve  the  thin- 
layer  Reynolds-averaged  Navier-Stokes  equations 
for  turbulent  flow  employing  the  Baldwin  &  Lomax 
(Ref.  60)  turbulence  model  as  modified  for  exten¬ 
sive  cross-flow  separation  by  Degani  &  Schiff 
(Ref.  63) .  This  comparison  does  show  some  signifi¬ 
cant  differences  in  the  flov  field,  not  in  the 
surface  Cp  distribution. 

In  Ref.  192  the  method  is  used  to  investigate 
computationally  the  onset  of  primary  separation  on 
round-edged  6S*deg  delta-wings  for  the  case  of  su¬ 
personic  (N«  *  1.6)  conical  laminar  and  turbulent 
flov  for  incidences  between  0  and  8  deg.  Employing 
a  0*type  grid  with  93  points  in  normal  and  121 
points  along  the  cross-section  it  is  shown  that 
for  turbulent  flov  increasing  the  leading-edge  ra¬ 
dius  delays  the  primary  separation.  The  effect  of 
increasing  the  Reynolds  number  from  1  to  5  million 
has  not  much  effect  on  the  primary  separation  but 
moves  secondary  separation  in  outboard  direction. 
For  Re«  •  IH  it  is  shown  that  for  a. given  wing  and 
fixed  incidence  the  flow  pattern  may  change  from 
attached  for  turbulent  flow  to  separated  for  lami¬ 
nar  flov,  while  separated  turbulent  flov  always 
corresponds  with  separated  laminar  flov.  In  gener¬ 
al  cases  with  attached  flov  converged  better  than 
cases  with  separated  flov.  For  laminar  separated 
flow  "unsteadiness”  in  the  solution  could  be  elim¬ 
inated  by  changing  to  a  constant  time  step  In  the 
region  encompassing  the  viscous  layer,  which  also 
improved  the  convergence  history  dramatically.  For 
turbulent  separated  flow  much  more  severe  "un¬ 
steadiness”  ,  in  the  region  between  the  primary 
vortex  and  the  leading  edge,  could  not  be  elimi¬ 
nated  and  convergence  is  only  marginal.  It  is  con¬ 
jectured  that  this  problem  is  due  to  the  interac¬ 
tion  of  secondary  separation  with  the  turbulence 
model,  specifically  the  determination  of  the 
length  scale  in  the  region  where  the  separating 
shear  layer  foias  within  the  boundary -layer. 

In  Ref.  193  the  ^'method,  with  multi-gridimple- 


The  method  developed  by  Thomas.  Newsome  and  others 
solves  the  thin-layer  Navier-Stokes  equations  for 
unstea<fyi  three -dimensidnal  combresslblo  laminar 
flov:  It  is  S' finite-volume  "method  employing  an 
upwind.'(first  flux-veeior,  later  .flux-difference 
splitting)  scheme  for  the  convective  fluxes,  S' 
central-difference  'scheae>;for  the ^.viscous^^ terms 
and/ah  iaplicit\  time  .-integration'  with ' f  el'^atioh 
in. streamwise  and’^approximate  factorlzationVih - 
cross-now. plmes:  Local  ^time-stepping.  Is.used  to 
spe^  '.convergence  'tb^steady  s^ter'In:  the  .meth¬ 
od. artificial  dissipation  tenu^arelnot  required:' 
In  Ref.  190  the  me^od  is  applied  bo  the  cbi^*^ 
calfas-^ll-ras  tha-3b^fl6wjab6^t-a■^'flat-plice~7S-^ 
dee»swept  -dblta  Vihg'./^fegithe- caseydff^-y:"!;^/" ' 
Re«  v»-3i5.M''and'.8  ’deg-ihcf^t^'.^e  'conital'  solu^  « 
tion  dn-anxO-type7^idr,withMl5lViwintS;  clrcv^er* 
entialiy  rand’*75^poiht^norMliy features  -a^weU'i** 


mented  to  speed  up  convergence,  is  applied  to  the 
low*  speed  laminar 'flow  over  the  sharp-ed^:3d  76-deg 
delta* wing ^of  Huimsel  '(Ref.  20):  The  solution  ob¬ 
tained  on  a  U-0  type 'grid  with  -  545K  points '^for 
•'013V  Ri^  •‘0;95H‘and'a--  20;5  deg  reveals  a 
well-developed' primary  vortex  and  a'belatively^ 
large 'secdhoary  vortex  almost  entirely  embedded  in 
a  thick. leadlT^-edge^  layer^(see'Fig. '37,  re¬ 
produced  from  Ref;  .193).  ^The'computed  surface- 
presswe  distribution  ^is '  in  reasonable  'agreement 
wltii  ex]^flaen^l^^ta,  with  some.discrepi^ies  in 
the  seconda^  separation  region  close-^  ;^e 
leadi^  e^e.  Grid  refinement  studies  indicated 
thatr^et^respiutlra^in  .normal'^  direction  bf^'^the 
grld-oh  '^eNieera]^rsi^-b£::the  ‘Wing  is:: of  crucial 
importanceWA^TAO^degliiieldehce  ^'/(presumable'  “ 
stea(fy>r  bubble-  ^^Vb£\^]^ex';breakd6wh/''With 
reversed  :»ialv£lmi-siaV«H^ht'’4^  ^tbe^iresults.:  - 
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Fig.  37  Navler*Stok6fi  solution,  laalnar  flow, 

K.  -  0.3,  a  -  20.5  deg.  Re«  -  0.95M 
Thomas.  Ref.  193 

In  Ref.  19<(  the  method  is  applied  to  the  low- 
speed  laminar  flow  about  a  sharp-edged  75-deg  del¬ 
ta  wing,  using  a  grid-embedding  technique.  In  this 
technique  the  (structured)  H-0  type  grid  is  en¬ 
riched  in  those  regions  of  the  flow  where  large 
gradients  are  expected.  The  basis  grid  consists  of 
37  cross-flow  planes,  each  with  65  x  65  points. 
From  the  apex  to  the  trailing  edge  the  grid  is 
doubled  in  all  three  directions  in  a  region  about 
75%  of  the  way  circun. 'erentlally  around  the  lead¬ 
ing  edge,-  with  a  second  doubling  in  the  two  cross¬ 
flow-plane  directions  in  the  region  around  the 
vortex.  The  effective  grid  density  amounts  to  a 
grid  with  nearly  5  million  grid  points.  It  is 
shown  that  for  ••  0.3,  Re«  0.5M  and  a  •  20.5 
deg  the  solution  in  the  leading  edge  vortex  core 
improves  considerably.  The  peak  value  of  the 
streamwlse  velocity  increases  from  1.5  to  1.85  and 
2.0  for  successive  grid  enrichments,  while  in  the 
experiment  a  peak  value  of  3.1  was  measured. 


The  method  developed  by  Hartwlch.  Hsu  and  Liu 
solves  the  Navier-Stokes  equations,  in  artificial 
compressibility  formulation,  for  three-dimension¬ 
al,  unsteady,  incompre^sib),e  laminar  flow.  The 
method  employs  an  algorithm  with  an  upwind  TVO- 
like  finite-difference  scheme  for  the  invlscid 
fluxes,  central-differences  for  the  viscous  fluxes 
and  an  implicit  time-integration  procedure  (with 
local-time  stepping).  In  the  method  Approximate- 
Factorization  (AF)’  is  employed  in  cross-flow 
planes  and  Gauss-Seidel  relaxation  in  chordwise 
direction.  Ko  artificial  dissipation  terms  are  re¬ 
quired  for  numerical  stability.  Later  the  method 
was  extended  to  the  solve  the  thin-layer  (Rey¬ 
nolds-averaged)  Navier-Stokes  equations  for  lami¬ 
nar  (turbulent)  flow. 

In  Ref.  195  the  method  is  applied  to  the  sharp- 
edged  7$y60-degL  double-delta  winy  of  Verhaagen 
(Ref.  23).  The  Reynolds  number  was  1.4H.  Results 
obtained  on  a  H-0  type  grid  with  -  531K  points  for 
the  case  20  deg  incidence  indicate  that  the  strake 
vortex  is  rather  diffuse,  the  wing  vortex  is  not 
resolved  at  all,  upper-surface  suction  peaks  are 
too  low  and  too  far  outboard  while  tHe  secondary 
separation  is  vei^  shallow.  This  is  thoii^t  to  be 
due  to  a  too  coarse. grid  in  the  vortical  ^ow  re¬ 
gion  and  the  upwind  scheme  (at  that  tlioe  still 
first-order  hoh-TVD}'  having  too  mich  humeri'cal 
dating,  i^rbying/tim  \^vln^;  scheme  to  a  higher- 
bruf^T^-like  scheW 'iii^rove^  the  results  sub- 
stentially',  ^bu^  ^'e'secon&^  separation  is 
still  not  fesqlved. efficiently  e.!^  mu^  "top  far 
ou^oard,,  indicatlhg^that  the^b^lnd 'scheme  has 
still  Itbo^inich  'disslpatlpn'."  This  is' also  the' case 
for  ^9) 

wix^  'e  20-5  deg  iiwideiKe  ed  He«  •  0.9M  coMid- 
efed  'in  Ref.  19i^  ^Is^cc^ujutloh  was.'cw^ed' 
out  oh 'iai  hXP"  ^e  grid  wlth'.^  370K  ^inte^  a^ar- 
ently  iMufficleht'Ito.o^t^n  a  .I^f^ie^^^ 
paVttlfeadingtedg^yprtM^  M/^lafeid^yith  it  a 
satisfactoi^  liei^'t  of  'die  iBUctlon  peaks'  and  ac-' 


companylng  extensive  secondary  separation.  Inter¬ 
estingly  it  is  also  shown  that  Introduction  of  the 
thin-layer  approxlnation  gave  almost  Identical  re¬ 
sults,  albeit  with  a  small  (2t)  saving  in  co&put- 
ing  time.  Computat.  9ns  at  Incidjnces  up  to  40  deg 
incidence  resulted  into  steady-state  solutions 
with  for  incidences  above  32  S  deg  a  bubble -type 
of  "vortex  breakdown"  with  reversed  flow.  In  Refs.  197 
and  198  the  investigation  with  the  thin- layer 
approximation  is  continued  using  different  grids, 
but  with  very  similar  results.  Also  including  the 
Baldwin  &  Lomax  (Ref.  60)  turbulence  model  as  mo¬ 
dified  for  extensive  cross-flow  separation  by 
Degani  &  Schlff  (Ref.  63)  In  this  formulation  did 
not  improve  the  correlation  with  experiment. 

In  Refs.  198  and  199  the  method  Is  applied  to 
the  thin_roupd-edged  80/60-deg  double^del.ra  wing 
of  Brennenstuhl  (Refs.  41.  42).  The  Reynolds 
number  was  1.3M.  On  the  H-0  type  of  grid  with  - 
531K  points  the  laminar-flow  solution  for  12  deg 
Incidence  does  show  the  strake  vortex,  but  not 
much  of  the  wing  vortex  or  the  secondary 
separation.  In  Ref.  200  this  case  is  considered 
for  a  range  of  incidences  using  a  H-0  type  grid 
with  ~  850K  grid  points.  Steady  solutions  could 
only  be  obtained  for  incidences  below  25  deg. 

Although  this  grid  is  not  refined  in  the  vortical- 
flov  region  the  merging  process  of  the  strake  and 
the  wing  vortex  is  resolved  more  or  less  in 
accordance  with  experimental  observation.  However, 
details  like  the  total-pressure  loss  at  the  center 
of  the  two  vortex  cores  and  the  pressure  suction 
peaks  on  the  upper  surface  of  the  wing  are 
predicted  at  lower  levels  than  found  in  the 
experiment.  These  differences  are  attributed  to 
too  low  grid  density  in  the  flow  field  and  to 
laminar/turbulent  transition  effects  not  modeled 
in  the  numerical  aimulation.  On  a  coarser  mesh 
with  -  225K  points  the  solution  remained  "steady* 
and  is  reported  to  feature  a  bubble-type  of 
•vortex  breakdown"  including  a  region  with 
reversed  axial  flow. 

Further  results  for  this  case  and  for  other  plan- 
forms  have  been  reported  in  Refs.  201  and  202. 

Full!.  Kutler  and  Schlff  developed  a  method  that 
solves  the  thln-leyer  Navier-Stokes  equations  for 
three-dimensional  tmsteady  compressible  laminar 
flow.  The  algorithm  employs  central  differences 
for  both  convective  and  viscous  terms  in  combina¬ 
tion  with  an  implicit  time- Integration  scheme  with 
an  LU-AOI  factorization  adaptation  of  the  Beam- 
Harming  (Ref.  112)  method.  A  mix  of  nonlinear 
second-  and  fourth-order  artificial  dissipation 
terms  Is  added  to  ensure  stability. 

Fujll  &  Kutler  (Ref.  203)  simulate  the  laminar 
flow  about  thick  rounded  and  blunted  delta-wings 
as  well  as  strake-wing  configurations  at  -  0.5. 

At  the  leading  edge  pressure  spikes  occur  similar 
to  those  that  show  up  in  the  results  of  finite - 
difference  methods  for  solving  Euler's  eqtiations. 
These  again  indicate  that  the  flow  is  attached  at 
the  leading  edge  and  separates  a  short  distance 
inboard  of  the  leading  edge.  In  general  .this  re¬ 
sults  in  a  weaker  vortex  than  in  case  the  flow 
separates  at  the  edge.  Although  laminar  flow  was 
assumed,  there  is  no  sign  of  any  secondary  separa¬ 
tion  so  dominantly  present  in  laminar-flow  experi¬ 
ments.  In  Ref.  204  the  method  is  applied  to  the 
8Q/tO- J«g-  r6und-«d£«d  thin  doubl.-delta  discussed 
above;  Using  also  a  H-0  type  of.grid,  vith  -  8S3K 
points,  t^e. solution  is  obtained  at  H.  -  0:3  for 
Re,  •>'1,3H  at  a  nu^eriof  incidences:  At  the 
highsr  incidences  flow  unsteadiness  was  observed 
so  that  a  constant  tiae  atap.was  uaed  in  all  coo- 
putacibns.  For  42  dag  lmidence  ;tbe  narging  of  the 
strake  ud  the  wing  vortex  is  well  sioulated,  al¬ 
though  reportedly  the  upper-surface  suction  peaks 
sfe  tmdarrpredictad  and  tha  secondary  separation 
is  too  far  outboard  indicative  for  a  cob .weak 
leadi^-e^e  vortex  ^sten.  At  30  deg  Incidence 
bubble-ty^  "vortex  breUcdbwn",  with' reversed 


flow,  occurs.  Cooputatlons  on  such  coarser  grids 
revealed  no  vortex  breakdown.  At  35  deg  incidence 
a  splral'type  of  vortex  breakdown*  occurred  with 
small  regions  with  recirculating  flow  and  increase 
ed  unsteadiness'.  The  seme  code  but  with  the  vis- 
cous  terms  switched  off  was  also  run  on  the  same 
grid.  This  Euler  solution  showed  for  the  present 
round-edged  configuration  anach  weaker  vortical 
flow  with,  lift  coefficients  lower  than  those  of 
the  Navier-Stokes  solution.  In  an  attempt  to  im¬ 
prove  the  accuracy  of  the  numerical  simulation 
Ref.  205  considers  a  zonal  method  with  overlap¬ 
ping  zones  of  different  grid  densities.  In  Ref. 

206  results  of  an  upwind  version  of  above 
method  are  presented,  together  with  a  comparison 
of  results  of  the  upwind  and  the  central- 
difference  method.  This  indicates  chat  the  upwind 
scheme  is  less  dissipative  chan  the  central 
scheme . 

Ekaterlnaris  &  Schtff  (Ref.  207)  investigated 
several  aspects  of  simulating  the  flow  about  the 
sharp-edged  75^deg  delta_wlng  of  Kjelgaard  & 
Sellers  (Ref.  24)  with  the  unsteady  three-dimen¬ 
sional  compressible  laminar  Navler-Stokes  equa¬ 
tions  in  the  thin-layer  approximation.  Use  is  made 
of  Fujii*s  (Ref.  204)  central-difference  implicit 
method  and  of  Ste^er  &^Schlff!s  (e.g.  Ref.  208) 
implicit  partially  upwind  method  in  which  for  the 
inviscid  fluxes  flxix-vector  splitting  is  applied 
in  chordwise  and  central  differences  in  cross-flow 
planes.  The  viscous  fluxes  are  centrally  differ¬ 
enced.  Artificial  dissipation  terms  are  added  for 
numerical  stability.  Considered  are  an  0-0  and  a 
H'O  type  of  grid  with  -  823K  points  in  single¬ 
block  as  well  in  multi-block  ("zonal*)  mode.  Also 
the  Chimera  scheme  of  cverlapping  ("embedded") 
grids  was  used  to  preserve  the  grid  resolution  in 
the  leeward  vortical  flow  structure  but  to  reduce 
the  number  of  grid  points  in  less  critical  areas. 
Results  were  obtained  for  H.  ••  0.3,  Re«  •  IH  and 
incidences  of  20.5,  32  and  40  deg.  At  20.5  deg  a 
good  agreement  with  experimental  data  is  obtained 
using  the  upwind  method  on  the  single-block  fine 
grid,  though  there  are  discrepancies  in  the  sec¬ 
ondary-separation  region.  For  this  condition  the 
effect  of  grid  density,  grid  topology,  zonal  and 
embedded  grids  as  well  as  numerical  scheme  were 
investigated.  The  study  into  the  effect  of  the 
grid  density  emphasized  the  need  for  adequate  res¬ 
olution  in  the  direction  normal  to  the  wing  upper 
surface.  Grid  topology  had  a  sll^t,  multi-block¬ 
ing  had  little,  and  grid  reduction  through  embed¬ 
ding  had  some  effect  on  the  solution.  As  far  as 
the  numerical  algorithm  is  concerned  It  appeared 
that  the  central-difference  method  resulted  In  a 
smaller  secondary  separation  located  further  out¬ 
board.  At  the  higher  Incidences  of  32.5  and  40  deg 
steady  solutions  were  obtained  with  a  bubble-type 
of  vortex  breakdown  with  reversed  flow. 

Further  study  in  Ref.  209  using  the  upwind 
method  with  the  Baldwin  &  Lomax  (Ref.  60)  turbu¬ 
lence  model  as  modified  by  Oeganl  &  Schiff  (Ref. 
63)  showed  no  major  influence  of  the  turbulence  at 
20; 5  deg  angle  of  attack:  an  unexpectedly  slight 
shift  of  the  secondary  separation  In  outboard  di¬ 
rection  and  not  much  of  an  increase  in  the  height 
of  the  upper  surface  suction  peak.  As  far  as  the 
solutions.  Jit  hi^er  incidences  Is  concerned  there 
appears  .to  be  an  effect  of  the  Inclusion  of  the- 
turbulence  modeling  ^on  the  ;locatlonxand, extent  of 
the  vortex  breakdown  region.-  Above  '50  ^^g  inci¬ 
dence  vortex  bre^cdown  changes  from.btibble-  into  a 
spiralrtype.and.the  solution' becomes  unsteady. 

Also  considered  :is  the  influence  .of  the  sweep 
angle  oh  theisolutlon.by  considering  the  thin 
sharp-edged  wing  of  .Schrader  et  al;v<Ref.  54). 


In  Refs.  210  and  211  Webster  &  Shang  discuss 
several  aspects  of  the  application  of  (approxi¬ 
mately-factorized  implicit  Beam-Warming  (Ref.  112) 
algorithm,  central-difference)  Kavier-Stokes 
methods  to  the  supersonic  flow  around  a  thin 
sharp-edged  75-dea_ delta  wing  with  subsonic  lead¬ 
ing  edges.  For  Ha  -  1.95  and  Re*  -  4.48M  the  flow 
is  considered  at  10,  20  and  30  deg  incidence. 

Host  comparisons  were  carried .out  for  ^e  20  deg 
case  on  a  H-H  type  grid,  with  5X2K  points.  It  turn¬ 
ed  out  that  Uiere  are  only  minor  differences  be¬ 
tween  results  of  the  thin-layer  laminar  method, 
those  of  the  thin- layer  turbulent  (Baldwin  & 

Lomax)  method,  as  well  as  those  of  the  full 
Mavier-Stokes  method.  Also  doubling  the  number  of 
grid  points  to  -  IH  did  not  result  in  essential 
differences.  For  the  case  of  30  deg  incidence  the 
laminar  solution  of  both  the  thin-layer  and  the 
full  Navler-Stokes  method  revealed  an  embedded  re¬ 
verse  flow  region,  surprisingly  not  in  the  primary 
vortex  core  but  In  the  region  of  the  secondary 
vortex  core.  Per  iteration  and  time  step  the  full 
Navler-Stokes  method  is  about  30%  more  expensive 
in  CPU  time  than  the  thin-layer  method. 

In  Ref.  212  the  above  laminar  full  Navler- 
Stokes  method  is  applied  to  the  low-speed  (Ha  - 
0.2,  Re«  -  0.9H)  flow  about  the  sharo-edeed  76-dpg 
del£a  wing  of  Hummel  (Ref.  20)  at  20.5  deg  inci¬ 
dence.  On  an  H-H  type  of  grid  with  -  435K  points 
the  solution  is  steady  but  shows  only  fair  agree¬ 
ment  with  experiment,  especially  in  the  secondary 
separation  region.  For  the  same  type  of  grid  with 
Increased  resolution  in  normal  and  spanwise  direc¬ 
tion  and  a  total  of  -  IH  points  the  (temporal  in¬ 
accurate)  solution  did  not  reach  a  steady  state. 
The  resulting  flow  field  features  a  leading-edge 
shear-layer  with  small-scale  structures  conjectur¬ 
ed  to  be  due  to  a  Kelvin-Heli^oltz  type  of  insta¬ 
bility.  However,  the  small-scale  strxictures  appear 
close  to  the  leading  edge,  l.e.  in  that  part  of 
the  shear  layer  that  is  most  changing  in  strength 
(stretching)  and  most  curved,  and  not  in  the  least 
curved  part  of  the  shear  layer  like  observed  ex¬ 
perimentally  by  Payne  et  al.  (Ref.  37). 


6.2.2.  Explicit  Bfcthgte 

As  early  as  1963  Krause,  Shi  &  Hartvich  (Ref. 

213)  reported  on  results  of  an  explicit  finite- 
difference  Navler-Stokes  method  for  three-dimen¬ 
sional  incompressible  flow,  for^lated  in  terms  of 
Cartesian  coordinates.  It  concerned  a  flat-plate 
delta  wing  of  unit  aspect  ratio  at  15  deg  Inci¬ 
dence.  It  was  found  tiiat  in  the  numerical  simula¬ 
tion  the  influence  of  the  Reynolds  number  on  the 
development  of  the  leading-edge  vortex  is  negli¬ 
gible.  It  is  also  indicated  that  the  effect  the 
truncation  errors  associated  with  the  finite-dif¬ 
ference  scheme  for  inviscid  flow  already  introduce 
an  (artificial)  vorticlty  production  term  in 
otherwise  Irrotational  Qov.,  However,  on  the  rela¬ 
tively  coarse  grids  used  a  secondary  vortex  did 
not  develop. 

Rizecta  6r  Shang  (Ref.  214)  compare  results  of 
an  Euler  and  a  Reynolds -averaged  Navler-Stokes 
method  based  on  MacCbrmack/s  (Ref.  Ill)  time- 
dependent,  ‘explicit,  two-step' p'redlctor-correctof, 
central-difference  scheme. ^ The  se^bds  are  applied 
to  a.^e'rp-.edged  7S-deg  delta,  wing  wltlV^subsonlc 
leading  edges  Iti  threb-dlaexisionar  supersonic  How 
(K*  *  1.95,'  a  •  ib'deg)  onj^one  and  the''saae  H^H' 
type  of  grid.wl^  Jwt  -  51K  j)blnf8'.  Coapj^i'son  of 
the  Euler  mjid  ]^'e  (iaaiMr)\N^Ur -Stokes' ^results 
indica^s  ^e  qccuneWe  of/secomUiy  separation, 
embedded  vl^ih  the'  viscous 'lkyer;*JLn^^ 
StolMs^solutlon.  "it  is sKowi^  €Kat  ^a^si'ze, 
and  ^^e^  location  ■  of  ;^e;prlii»^  W]^t«  not 

fected.pucH  J^y  .'Ihcl^ibn-  of  ^  the"^yisc6lu^?  ter» , 

whiiar'ti^'effacC  bh'tlujust^ace "pressure  /UstribU- 

use^d  ^flhltlW'ebncli«iV^4cbuld\nb^t^ba'''dfaw 
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MuIIt  &  Rtzzl  extend«d  Rlzzl'fi  Euler  nechod  (ex¬ 
plicit  Runge-Kutte  with  local  Clme-scepplng,  cen¬ 
tral-difference  finite-voluae.  added  artificial 
dissipation  terns)  to  a  nethod  solving  the  tioe- 
dependenc  lanlnar  Navier-Stokes  equations. 

In  Ref.  215  the  nethod  is  applied  to  the  round- 
edged^65-deg_cropped  delta  vlng  for  the  flow  con¬ 
dition  K,  «-  0.65,  a  •  10  deg.  Re«  -  2.38K  for 
which  experinents  indicate  primary  separation 
along  almost  the  whole  span.  Employing  an  0-0  type 
grid  with  only  -  53K  points,  the  numerical  solu¬ 
tion  also  appears  to  feature  primary  separation 
along  most  of  the  leading  edge,  but  the  suction 
peak  underneath  the  resulting  primary  vortex  is 
too  low  and  the  secondary  separation  is  absent  or 
very  shallow.  In  Refs.  216  and  217  the  sane 
case  is  considered  on  a  much  finer  (-  410K  point) 
grid,  for  which  convergence  is  degraded  remarkably 
but  which  gives  a  much  better  resolution  of  the 
prli&ary  vortex  and  of  the  secondary  separation. 
Compared  to  an  earlier  Euler  solution  (on  grid 
with  IH  points)  correlation  of  computed  and  mea¬ 
sured  surface  pressure  distributions  is  also  much 
improved,  but  there  remain  relatively  large  dis¬ 
crepancies  in  the  region  of  the  secondary  separa¬ 
tion  ^ere  further  vortices  appear  in  the  numeri¬ 
cal  simulation. 

Comparison  of  the  Havier-Stokes  solution  with  an 
Euler  solution  on  a  similar  (-  300K  point)  grid 
with  about  the  same  density  along  the  surface  but 
coarser  in  normal  direction  can  be  found  in  Ref. 
218. 


Development  of  a  Navier-Stokes  method  starting 
from  an  Euler  method  has  been  carried  out  at  sev¬ 
eral  other  places.  For  instance  Ra^  et  al.  (Ref. 
173)  developed  a  method  for  three-dimensional 
viscous  flow  starting  from  their  on  Jameson's 
time-explicit,  spatial  central-difference  finite- 
volume  scheme  based  TEAM  code.  This  method  can 
solve  for  laminar  flow  or  for  turbulent  flow.  In 
the  latter  case  the  Reynolds-averaged  Navier- 
Stokes  equations  are  solved  with  the  usual  Baldwin 
it  Lomax  turbulence  model  or  with  some  other  more 
sophisticated  models. 

Siclarl  et  al.  (Ref.  219)  describe  a  (cell-ver¬ 
tex)  finite-volume  method  for  solving  both  the 
time-dependent  Euler  and  (laminar)  Navier-Stokes 
equations  for  conical  flow.  The  scheme  used  em¬ 
ploys  explicit  Runge-Kutta  time  integration  and 
central  differences  to  spatially  discretize  the 
inviscld  and  the  viscous  fluxes.  The  usual  arti¬ 
ficial  dissipation  terms  are  added  for  stability. 
Hultigrid  is  \tsed  to  speed  up  convergence. 

Also  Kandll  et  al.  (Ref.  164)  report  oxX  the  devel¬ 
opment  of  a  Jameson  type  explicit,  central-differ¬ 
ence  Euler  and  (laminar)  Navier-Stokes  method  for 
conical  as  well  as  three-dimensloraX  flow. 


7  EXPERIMENT  (NLR-HST) 
- THEORY  (WING  ALONE) 
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x/c,  •  0.3 
INFLUENCE  OF  TRANSITION  LOCATION 

65-deg  CROPPED  DELTA-UING/BODY  CONFICURVTION,  ROUND  L.E. 
GRID  -  2M  POINTS 


Fig.  39  Navier-Stokes  solution,  laminar/turbulent  flow, 
M,  -  0.8$,  Q  -  10  deg.  Re,  -  9M 
Kilgenstock,  Ref.  220 


In  the  (full)  Reynolds-averaged  Navier-Stokes 
method  of  Hllgenstock  (Ref.  220)  a  finite-vol¬ 
ume  cell -centered  central-difference  scheme  Is 
used  together  with  a  four-stage  Runge-Kutta  proce¬ 
dure  for  time  integration.  The  multi-block  method 
employs  an  algebraic  turbulence  model  based  on 
that  of  Baldwin  and  Lomax  (Ref.  60)  and  includes 
the  modifications  for  separated  flow  proposed  by 
Degani  and  Schiff  (Ref.  63).  The  method  is  applied 
to  the  65-deg  cropped  delta  vine  configuration  of 
the  "International  Vortex  Flow  Experiment*  (Ref. 
56)  for  the  flow  condition  H,  -  0.85,  o  -  10  deg. 
For  the  case  of  the  sharp  leading  edge,  employing 
a  H-H  type  of  multi -block  grid  with  -  770K  points,, 
the  computed  surface  pressure  distribution  for 
turbulent  flow  at  Re,  -  9M  correlates  satisfactor¬ 
ily  with  the  neiuufed  data  (Fig.  38,  reproduced 
from  Ref.,  220) .  The  dlscrepmcies  on  the  lower 
surface  are  due  to  the  omission  of  ^e  unctorving 
fuselage/sting  In  ^lii  coli^uMtlon.  ^e  in  span- 
wise  direction  H-^^e  of  grid  is  hear  the  apex  too 
coarse  to  resolve  ^e 'flow  accurately  oh  the' for¬ 
ward  part  of  the  i^per  ‘^ng  sut^ Ace  (see  x/cjt  •• 
0.3).  On  ^e  aft  paj^  of  the  wing  bbdt  ti)e  posi¬ 
tion  Md  heigiit  of ‘^e  (pfln^,  mo's r  inboard) 
suictioh  peek  is  predicted  very  %rell.'  However,*  in 
the  results^'of  the' Tn^ricsl  stimulation  Ip^^ 
tloh  of  i^e  sebon^i^.  separation  is  sli^tly  too 
far  ^Ihbb'al^tl'fs^ti^  in  Vy^onger" secpn^i^  ' 
vorf^ex  tHsa  evidenced  by^^^e^'Mite-  " 

prondt^'edjiecd^^ucti^  ^^i^^  "  w  / 

For^ithe^eWe  of  "rbuhd^iVadihif^iy^^s'J,^^  jci^lete  , 

-for  tfiir  case  "isro^*'C;H  ^e' withT'diout 
2Nrj>oi^^:  For  this  more  deandihg  cue -it  biinied 
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out  that  for  a  given  user-specified  location  of 
the  transition  location  the  solution  for  Re«  <• 

4.SK  is  alnost  Identical  to  the  one  for  Re«  •  9M. 
However,  the  solution  proved  to  be  father  sensl* 
tlve  to  the  choice  of  the  transition  location,  as 
Is  shown  In  Fig.  39  for  Re«  -  9M,  also  reproduced 
froB  Ref.  220.  Unfortxmately  for  the  present  flow 
condition  the  precise  transition  location  has  not 
been  recorded  In  the  experiment.  Apparently  the 
best  computational  results  are  obtained  for  the 
case  In  which  the  primary  separation  Is  laalnar. 
For  the  latter  case  the  agreeaent  of  theory  and 
experiment  Is  excellent  on  the  lower  wing  surface 
but  requires  still  soae  loprovenent  on  the  upper 
wing  surface. 

6.3.  Slender-bodv  vorteX-flow 
The  flow  about  slender  SBOoth  bodies  like  cones 
and  ogival  bodies  Is  dominated  by  flow  separation 
at  some  separation  line  along  part  of  Its  length,' 
In  the  cross-sections  located  near  the  shoulder  of 
the  body.  Besides  the  primary  separation  and  the 
vortical  flow  pattern  associated  with  It,  is  It 
the  possible  occurrence  at  higher  Incidences  of 
asymmetric  flow  patterns  chat  has  attracted  much 
attention.  Though  the  latter  may  be  Invlscid  in 
nature,  as  has  been  Indicated  In  the  preceding 
chapters,  primary  separation  Is  a  viscous  process 
which  simulation  requires  Navler-Stokes  methods. 

Stclarl  &  Harcont  (Ref.  221)  present  results  of 
Chair  explicit,  central^dlffarence  method  (Ref. 
219)  for  solving  the  Navler>Scokes  equations  for 
the  supersonic  laminar  flow  about  a  slender  S^deg 
seml>vertex  angle  circular  cone.  The  free-stream 
condition  chosen  Is  H*  ••  1.8  and  Re«  ••  O.IH,  the 
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CONVERGENCE  HISTORY  FOR  ASYMHEIKIC  SOUITION 
5 -deg  SEHI -VERTEX-ANGLE  CONE 
GRID  161x81  POINTS 

Fig.  40  Navler-Stokes  solution,  laminar  conical  flow, 
H,  -  1.8,  o  20  deg.  Re.  -  O.lH 
Harconl  &  Siclarl,  Ref.  221 


grid  contains  81  points  In  normal  direction  and  81 
points  oh  the  half-circle  In  circumferential  di¬ 
rection.  It  Is  shown  that  half-plane  solutions 
with  symmetry  forced  at  the  vertical  plane  feature 
primary  separation  for  incidences  oyer  10  deg. 

On  the  full-plane  grid  without  symmetry  invoked 
the  solution  reiulned  syimietrlc  up  to  about  12.5 
deg  incidence  and  becomes  asyomtrlc  above  this 
critical  value.  Fig.  40  reproduces  the  result  for 
20  deg  incidence.  For  ^Is  case  the  solution 
started  out  synaetflc.  but  after  a  si^stwtlal  re¬ 
duction. of  .the  residual  asyimtry  creeps.  Into  the 
solution  and,  following  an  Imrease  In  the  resi<hial 
the  iteration  process  converges  ..towards .  an  asym¬ 
metric  .solution.  . latter  is  a  .truly  cpr^efged 

solution  jwi^/a  residual  .^ibh  oould  be  held^at 
"machlne-xerq”  to£  any  number  ^of 'further  i^ra- 
tlons.,  The  convergence,  histd'ry^s'u^es^^t^jt  above 
the 'cfltlca\''incldenee,^e^  syonetrlc  solution 'is 
uhst^ie,  while  t^e.  ^ymmatric  solution  is  actable. 


Uniqueness  Is  assessed  by  starting  the  solution 
procedure  with  the  free  stream  at  a  alight  (2  deg) 
side  slip*  returning  to  zero  side-slip  after  a 
number  of  Iterations,  which  as  reported  results  In 
the  seme  asymmetric  solution  but  at  lower  computa¬ 
tional  expense. 

Although*  as  shown  in  Fig.  40*  the  vortical  struc¬ 
ture  In  the  near  field  Is  rather  asymmetric  the 
location  of  the  starboard  and  port-side  primary 
separation  points  Is  almost  symmetric. 

This  contributes  to  the  conjecture  that  the  asym¬ 
metry  may  be  an  Invlscid- flow  feature  and  provides 
prospects  for  the  Invlscid  flow  computations  with 
user-specified  separation  lines  (e.g.  see  Fig.  16 
for  the  VORSBA  potential- flow  solution  for  the 
case  q/S  -  3).  In  the  symmetric  solution  shown  In 
Fig.  40  (for  a/s  4)  three  centers  of  roll-up  ap¬ 
pear  In  each  half  plane:  the  primary  vortex,  the 
counter-rotating  secondary  vortex  and  a  third  co- 
roCatlng  vortex  within  the  primary  vortex  layer. 

In  the  asymmetric  solution  one  of  the  vortex  sys¬ 
tems  has  the  above  described  topology,  the  other 
one  features  just  the  primary  vortex  which  has 
moved  away  from  the  cone.  This  contradicts  the 
findings  from  the  VORSBA  computations.  There  it 
was  conjectured  that  possibly  the  relatively  long 
free  shear  layer  of  the  second  vortex  system  might 
become  unstable  and  a  co-rotatlng  embedded  vortex 
was  expected  to  form. 

At  incidences  above  25  deg  the  asymmetry  of  the 
still  steady  solution  Is  reduced  and  symmetry  is 
recovered,  which  Is  also  observed  in  experiment, 
though  there  the  flow  then  becomes  unsteady. 

In  Ref.  222  the  Investigation  into  asymmetric 
solutions  is  extended  to  other  Mach  numbers  as 
well  as  to  other  cone  angles  and  other  cross-sec¬ 
tional  shapes.  At  higher  Mach  numbers  the  asymmet¬ 
ry  Is  reduced,  conjectured  to  be  due  to  diminished 
communication  between  starboard  and  port  side  vor¬ 
tex  systems  associated  with  the  cross  flow  becom¬ 
ing  sitpersonic.  Also  In  accordance  with  experimen¬ 
tal  evidence  it  Is  demonstrated  that  thinning  the 
circular  cone  to  a  cone  with  an  elliptic  cross- 
section  reduces  the  asymmetry,  while  adding  a 
small  sharp-edged  stroke  completely  eliminated  the 
asymoHitry.  It  Is  also  reported  that  the  upwind  im¬ 
plicit  method  of  Thomas  (Ref.  193),  run  in  conical 
node  on  a  similar  grid,  produced  the  same  steady 
asymmetric  solutions.  However,  in  order  to  reduce 
the  residual  to  "machine-zero”  the  flux  limiters 
had  to  be  turned  off. 

Finally  three-dimensional  flow  computations  are 
reported  on  for  the  case  of  the  flow  about  a  cone- 
ogive-cylinder  configuration.  Taking  the  asymmet¬ 
ric  conical  solution  as  the  solution  at  the  start-' 
Ing  station,  results  are  obtained  of  an  implicit 
marching  (parabolized)  Navler-Stokes  method  with 
both  cross-flow  viscous  terms  retained.  These  re¬ 
sults  Indicate  that  the  solution,  computed  on  26 
cross-flow  planes  with  a  191  x  95  grid,  remains 
asymmetric  and  on  the  cylindrical  part  of  the  con¬ 
figuration  evolves  into  a  vortex-street  type  of 
vortical  flow  pattern. 

Results  similar  to  Siclarl* s  have  been  reported  by 
Kandtl  et  al.  (Refs:  223,  224  and  225) 
using  various  Implicit  methods  for  laminar  flow 
including  thin-layer,  double-layer  and  full 
Navler-Stokes  methods  employing  upwind,  and  central 
difference  schemes.  However,  for  the  cases  at 
higher  incidences  unsteady  asymmetric  solutions 
are  reported. 

Vatsa  &  Thomas  (Ref.  226)  compare -results  of 
two  thin-layer  Navler-Stokes  methods,  both  using 
Baldwin  &  Lomax's  turbulence  imdel,  applied  to  the 
low-speed  (k»  ••  0.4  in  the' calculations)  turbulent 
flow  over'‘ar6:l^^>rolate~  spheroid.,  (extensively  mea¬ 
sured  .by.Meler:  at  DIR>vatvhi^>incldence.  One 
method  Is  Vatsa* s  iJemetph'^^e  ei^ilclt  central- 
dlffereroe  issjf^bd  extended^ito,,  t^e  .^yler-Stokes 
e(^tloI»>^.t&^secbn•^aiej^pdYis^TtJ«|^s^  li^llcit 
u^lhd  nuxTdlf fef'e^e  ^Httljig^ met^^d.  The  com- 


I 


!-37 


I 


parison  is  carried  out  for  a  range  of  Reynolds 
numbers  and  incidences.  For  the  C-0  type  grid  with 
~  175k  points  it  appears  that  the  two  approaches 
give  qualitatively  similar  results;  often  the  dif¬ 
ference  between  the  two  methods  being  smaller  chan 
the  difference  between  the  experimental  data  and 
either  of  the  two  computational  methods. 

Hartwich  applies  his  implicit  upwind  flux-differ¬ 
ence  splitting  scheme  (Ref.  198)  for  solving  the 
thin- layer  Navier-Stokes  equations  to  the  flow 
about  the  3 . 5  calibre  -tancent-oytv<L  forebodv  con¬ 
figuration  tested  by  Keener  &  Chapman  (Ref.  49, 
see  also  Fig.  5).  The  incompressible  three- 
dimensional  turbulent  flow  at  Re«  ~  0.8H  is 
simulated  using  the  Baldwin  &  Lomax  turbulence 
model  with  Oeganl  &  Schiff*s  modification  and  also 
modified  slightly  different  in  the  region  of 
primary  separation. 

Steady-state  solutions  are  obtained  on  C-0  type 
grids  with  for  the  half-space  calculations  (Ref. 

227)  about  190K  points  with  a  refinement  to 

3S3K  points,  for  the  full-space  calculations  (Ref. 

228)  about  37SK  points  in  some  eases  refined  to 
a  grid  of  -  S35K  points.  Solutions  are 'obtained 
for  a  variety  of  flow  conditions,  including  cases 
with  transitional  flow.  The  numerical  results  show 
a  satisfactory  agreement  with  experimental  data. 

For  20  deg  incidence  the  solution  is  symmetric, 
for  both  30  and  40  deg  the  solution  is  asymmetric. 
Modification  of  the  axisymmetric  geometry  by  de¬ 
forming  the  nose  into  an  elliptic  shape  demon¬ 
strated  that  with  this  imperfection  the  symmetric 
solution  remained  symmetric  while  the  asymmetric 
solution  could  be  biased  to  yield  either  positive 
or  negative  side  force,  l.e.  the  flow  could  be 
controlled,  by  rolling  the  configuration.  It  is 
further  reported  that  for  the  case  of  laminar  flow 
the  solution  also  becomes  asymmetric  above  20  deg 
incidence,  but  then  is  unsteady. 

Also  Degapl.  S^hiff  et  al.  study  the  simulation  of 
viscous  flow  about  slender  smooch  bodies.  The  flow 
is  simulated-solving  the  thin- layer  Mavier-Stokes 
equations  for  three-dimensional  laminar  or  turbu¬ 
lent  time -dependent  compressible  flow  using  Steger 
&  Schiff's  (Ref.  208)  Implicit,  in  streamwlse  di¬ 
rection  upwind  and  in  cross-flow  planes  central- 
difference  scheme.  Several  aspects  of  the  solu¬ 
tions  were  considered;  such  as  the  influence  of 
gridding,  the  effect  of  different  turbulence  mo¬ 
dels,  etc.  (see  Refs.  229  and  230).  As  far 
as  the  influence  of  the  turbulence  model  is  con¬ 
cerned  it  is  shown  that  for  the  low-speed  flow 
about  Meier's  6:1  prolate  spheroid  the  Baldwin  & 
Loouix  model  with  degani  &  Schiff's  modification 
performs  best  or  comparable  with  more  sophisticat¬ 
ed  models,  especially' in'capturing  primary  and 
secondary  smooth-surface  separation.  In  Ref. 

231  Degani  numerically  Investigated  the  three- 
dimensional  compressible  flow  about  the  same  3.5 
calibre  tangent-ogive  as  considered  above  by 
Hartwich  for  the  case  of  incompressible  flow,  but 
this  at  a  lover  Reynolds  number  (Re,  -  0.2M)  and 
for  laminar  flow'.  Time-accurate  solutiohs  were  ' 
obtained  for  M«  «  0.2  on  a  full-space  C-0  type 
grid  has  -  354K  points.  Near  the  nose  of  the  body 
a  space-fixed  time-invariant,  geometrical  distur¬ 
bance  could  be  added.  For  20  deg  Incidence  the  so¬ 
lution  -is  steady  and’ symmetric,^  irrespective  of 
the  presence^ of  a  nose  disturbance;  Fdf'40<deg  In¬ 
cidence,  die  solutibh  is  steady  and  symmetric  for 
the  unpertuflMd  nose,,  steady  and' asyiiMtrlc*  for 
the  perturbed  hose,  in  the  latter,  case  ^th6  level 
of  asynnedry  was  found  to  be’/dependent  oh.^the  size 
and 'the  location' of  the  perturbatioh,.'.with-  the 
asymMtry'  disappearing  completely  upon'  the 
of iiq>exfectibiir This-  finding  Is-ilh  xontrastr 
widi  the  results  of  some  of  the  cbntcsl.  imd  thfee- 
dimensionsl  flow  computstions  discussed. above,  but 
in  accordance  with  ^e  results  of  earlier  three- 
dimensional  flow  computations  with  the  same. method 


where  a  the  disturbance  due  to  a  jet  could  turn 
the  asymmetry  oh  or  off.  This  leads  Degani  and 
Schiff  to  the  conjecture  that  in  their  numerical 
solution  procedure  the  asymmetry  is  caused  by  a 
convective  type  of  Instability  growing  in  space 
only,  rather  than  an  absolute  type  of  instability 
growing  both  in  space  giui  time.  For  incidences  ex¬ 
ceeding  40  deg  the  flow  around  the  cylindrical 
part  becomes  unsteady  and  vortex  shedding  develops 
as  soon  as  for  some  finite  time  a  small  temporal 
disturbance  is  introduced. 

6.4.  Vortex  breakdown 

Employing  viscous  flow  methods  vortex  cores  in 
isolation  or  In  tubes  have  been  studied  rather 
intensively,  e.g.  Hafez  &  Ahmad  (Ref.  232),  Liu 
&  Menne  (Ref.  233),  Spall  &  Gatskl  (Ref. 

234)  and  Krause  &  Liu  (Ref.  235).  In  these 
numerical  simulations  of  viscous  flow  both  bubble- 
snd  spiral-types  of  vortex  breakdown  have  b'*8n 
found.  However,  It  is  not  very  clear  how  tube  vor¬ 
tex  flow  is  related  to  the  flow  in  a  three-dimen¬ 
sional  leading-edge  vortex. 

The  discussion  in  section  6.2  of  results  of 
Navier-Stokes  methods  for  leading-edge  vortex  flow 
already  included  cases  with  vortex  breakdown.  Here 
it  is  to  be  noted  that  though  the  mathematical  mo¬ 
del  used  is  more  complete  then  the  one  of  the 
Euler  methods,  the  grid  densities  used  in  the  vor¬ 
tical  flow  region  for  calculations  with  Navier- 
Stokes  methods  is  usually  not  much  different  from 
the  grid  densities  used  for  Euler  computations. 
This  implies  that  in  the  vortex  core  the  flow  fea¬ 
tures  captured  by  a  Navier-Stokes  method  will  not 
differ  much  from  the  ones  captured  by  an  Euler 
method.  Resolution  of  viscous-flow  dominated  fea¬ 
tures  (if  any)  of  Importance  for  the  process  of 
(the  onset  of)  vortex  breakdown  will  require  much 
finer  grids,  both  in  the  cross-flow  plane  and  in 
axial  direction  near  the  breakdown  point,  than 
hitherto  used.  Also  of  importance  in  this  respect 
Is  the  way  in  which  turbulence  models  are  to  be 
implemented  in  vortex  cores,  a  subject  that  has 
not  received  much  attention  at  all. 


7.  ASSESSMENTS 

7.1.  £otentlal-flow  methods 

The  main  limitation  of  the  potential-flow  methods 
(i.e.  panel  methods)  considered  in  the  present 
survey  is  that  they  are  based  on  a  limited  mathe¬ 
matical  model  of  the  physics,  i.e.  the  model  gov¬ 
erned  by  the  Frandtl-Glauert  equation  for  linear¬ 
ized  sub-critical  compressible  potential  flow,  or 
Laplace's  equation  for  Incompressible  flows.  The 
methods  can  handle  flows  with  vorticlty  by  means 
of  free  vortex  sheets  and  vortex  filaments  fitted 
into -the  otherwise  potential  flow,  but  cannot  ac¬ 
commodate  shocks.  A  practical  drawback  of  poten¬ 
tial-flow  methods  applied  to  configurations  with 
Strong-Interaction  vortex  flow  is  that  for  complex 
geometries  vortex- sheet  fitting  becomes  too  com¬ 
plex  for  routine  application; 'An  advantage  of  the 
relatively  low-cost  method  Is  that  It  can  give  a 
good  insight  In  some  of  the  fundamental  aspects  of 
low-speed  well-ordered  'Vortex  flows.  This  because 
the  method  treats  thin  free  shear  layers  as  vortex 
sheets  ra^er  than  layers  smeared  out  by  numerical 
effects ; 

7.2.  Euler ^methods 

The^Eulef  met^ds  alloW' rotational  flow  as  well  as 
shocks  eyezywhere  ^wl^in^the*  flow  field;  ai^  coii- 
vectl6nyax^<  stretching -of  voftfci'ty  Is  accoimted 
for^wlthoiit^haVlhg-to’deal-expllcltly  wlfh  dis-' 
cohtihuityysuffaces;-^S6Xutlons  to  the  'Eulef' equa¬ 
tions  ^fmlt'-'geheratloh  of -voftlcl^, "  l^l^clHIy, 
through  ^dcks^of' vailing  snengt^  or  tKefihter- 
sectldh  of  shocks.  However,  Euler's  equations ^db 
.notyaccoimt  tot  vorticlty  generated  through  vis- 


C01X8  processes  such  es  boundary^layer  separation. 
In  three*diaenslonal  £lov  fields  such  as  on  the 
lee*side  of  a  smooth  slender  body  at  Incidence,  at 
round  leading  edges,  or  on  the  configuration  sur¬ 
face  underneath  a  primary  vortex,  open  type  of 
boundary- layer  separation  is  outside  the  viscous 
layer  accompanied  by  a  shear  in  the  velocity  vec¬ 
tor  across  the  separation  line.  This  shear  in  the 
veloci^  acts  as  the  source  of  the  flow  field  vor- 
tlcity.  To  simulate  these  flows  the  effects  of 
viscosity  have  to  be  modeled  employing  Kutta  type 
conditions  at  user-specified  separation  lines.  As 
Is  the  case  for  the  potential-flow  methods  above 
the  position  of  these  lines  is  obtained  empirical¬ 
ly  or  possibly  through  a  (strong-interaction) 
boundary- layer  computation.  In  pseudo -xmsteady 
methods  to  solve  the  discretized  Euler  equations 
the  Kutta  condition  at  sharp,  subsonic,  edyeg  is,, 
or  appears  to  be,  enforced  Implicitly  by  the  nu- 
merical  dissipation  invoked  by  the  numerical 
scheme.  Since  the  separation  point  is  determined 
by  the  geometry  Its  position  is  insensitive  to  the 
magnitude  of  both  physical  and  numerical  viscosi¬ 
ty,  at  least  for  the  high  Reynolds  numbers  of  in¬ 
terest.  For  separation  from  smooth  parts  of  the 
surface  smooth-surface  separation  models  have  to 
be  applied  at  user-specified  separation  lines. 
Utilisation  of  such  models  could  enhance  the  use 
of  Euler  methods  as  an  aerodynamic  tool  with  for 
an  Industrial  design  environment  affordable  com- 


It  is  now  possible,  at  least  In  principle,  to 
treat  high-angle-of-attack  flows  over  bodies  and 
aircraft  components  with  methods  based  on  the 
Reynolds-averaged  Navier-Stokes  equations  with 
sufficient  grid  resolution  to  resolve  the  main 
features  of  the  three-dimensional  separated  flow 
field.  The  practical  limit  Is  set  by  the  time  re¬ 
quired  for  convergence  of  the  calculations  and  by 
the  cost  of  these  large-scale  computations.  The 
CPU  requirement  for  a  Reynolds-averaged  Navier- 
Stokes  method  for  steady  flow  Is  typically  of  the 
order  of  50  >isec  per  grid  point  per  iteration.  The 
number  of  grid  points  is  of  the  order  of  IM  and 
more,  the  number  of  iterations  may  be  several 
thousands,  which  leads  then  to  run  times  exceeding 
35  hours.  These  computer-time  requirements  are 
such  that  a  frequent  application  within  a  design 
environment  is  not  feasible. 

Navier-Stokes  methods  have  demonstrated  their  ca¬ 
pability  to  simulate  viscosity-dominated  features 
in  vortex  flow  aerodynamics.  However,  the  current 
status  of  turbulence  and  transition  modeling  Is 
not  such  that  reliable  predictions  based  on  the 
Reynolds-averaged  Navier-Stokes  equations  are  pos¬ 
sible  for  those  flow  situations  where  they  are 
most  needed:  high  angle-of-attack  transitional  or 
turbulent  flows  with  shocks  and  separated  vortex 
flow. 


puter  requirements  and  practical  tum-around 
times. 

In  numerical  flow  simulations  using  the  Euler 
equations  vortlclty  may  be  generated  by  numerical 
error,  while  on  the  other  hand  the  numerical 
schemes  are  dissipative  and  even  without  the  ex¬ 
plicit  addition  of  artificial  dissipation  will 
diffuse  vortlclty.  This  counteracts  the  concentra¬ 
tion  of  vortlclty  into  strong  vortices  in  a  manner 
that  may  not  be  similar  to  what  occurs  in  the  real 
(viscous)  flow.  Since  the  degree  of  diffusion  de¬ 
pends  on  the  grid  quality  and  in  particular  ths 
grid  point  density  it  means  that  grids  should  be 
fine  not  only  near  the  surface  of  the  configura¬ 
tion  but  also  in  the  vortlcal-flow  regions.  Also 
In  order  to  accurately  predict  the  strong  Interac¬ 
tion  of  "long-living"  vortical  flow  structures, 
due  to  separation  from  a  forebody  or  from  canard 
surfaces,  with  the  flow  about  the  rest  of  the  con¬ 
figuration  will  require  a  large  number  of  grid 
points. 

As  far  as  vortex  breakdown  is  concerned  the  situa¬ 
tion  is  not  yet  clear. .Euler  methods  do  seem  to 
Indicate  a  transition  of  the  vortex  core  structure 
from  a  compact  filament  type  of  core  to  a  spiral 
or  bubble  type  of  structure <  More  research  is 
needed  In  this  area  to  sort  out  the  sensitivity  of 
the  computed  "vortex  breakdown"  to  grid  topology, 
grid  point  density,  artificial  ..dissipation, ’etc. , 
as  well  as  into  the  fundamental  physics  of  the 
vortex  breakdown  phenomenon. 

7.3.  Navier-Stokes  methods 

The  advent  of ’superco^utefs  and  mini-supercomput¬ 
ers  has  brought  the  application  of  Euler  codes 
within  reach  of  the  airframe  designer.  The  compu¬ 
tational  requirements  for  a  Navier-Stokes  method 
are  an  order  of  magnitude  highef'.than  those  for  an 
Euler  method.  This  becatise  additional  terms, in'the 
flow  equations  have  to  be  evaluated  and  specifi¬ 
cally  because  the  grid  must  be  aubs^ntlally  finer 
in  order  to, resolve  adequately,  the  viscous  payers. 
The_  intrpductlon^of  _8upercoaq)uters:such-as  tha 
C^y  2  and  C^Y  sYNP  has  permitted  .a  quantum  Jump 
’Cqaputatlonai.-grids;-  Central.memory 

sete  the  practical -llalt.  of 
of  cells  ..and  hezice  the-spatlal  fesblu- 
tlon.  ,  ^ ‘ 


In  most  applications  of  Navier-Stokes  methods  the 
grid  is  refined  adequately  near  the  solid  sur¬ 
faces,  this  to  resolve  the  viscous  surface  flow 
and  secondary  separation.  For  the  slawlation  of 
vortical  flow  the  grid  should  also  be  refined  In 
the  vortical  flow  regions,  i.e.  the  grid  should  be 
fine  enough  to  resolve  the  convection-dominated 
free-floating  shear-layers  and  vortex  cores.  For 
cases  with  vortex  breakdown,  though  presumably  not 
a  vlscous-domlnated  process,  the  grid  should  be 
still  fine  enough  to  capture  the  small-scale  de¬ 
tails  of  the  flow  near  the  point  where  the  bubble 
and/or  spiral' forms  within  the  leading-edge  vor¬ 
tex.  This  implies  that  In  the  numerical  simulation 
it  has  to  be  made  sure  that  the  invlscid  (Euler) 
terms  in  the  equations  will  behave  consistent  and 
in  the  appropriate  manner. 

7.4.  AsYimetrlc  vortex  flows 

The  vortical  flow  about  configurations  at  high  in¬ 
cidence  constitutes  a  nonlinear  flow  problem.  Even 
for  the  case  of  linearized  potential  flow  the  pro¬ 
blem  is  nonlinear,  namely  through  the  boundary 
conditions  on  the  free  vortex  sheets.  The  nonlin¬ 
earity  of  the  problem  allows  multiple  solutions  to 
exist.  The  intriguing  grossly  asymmetric  vortex 
flow  patterns  at  nominally  symmetric  free-stream 
conditions,  observed  in  experimental  investiga¬ 
tions  on  slender  bodies,  have  also  been  found  in 
numerical  simulations  by  potential-flow  methods 
within  the  frame-work,  of  slender-body  theory  as 
well  as  by  Euler  and  Navier-Stokes  methods  for 
conical  and  for  three-dimensional  flow.  The, origin 
of  the  asymmetry  as' well  as  the  stability  of  both 
the  symmetric  and  the  asymmetric  solutions  needs 
to  be  further  investigated. 

7.5.  Grid  sensitivity  of  solution 

In  the  literature  there  are  not  too  many  examples 
of  ii^estigatlons  into  the  sensitivi^  of  the- 
Euler  and< Navier-Stokes  solutions  to  grid- point 
densi^  ahd^grid^poirt  distribution.. Itvappears 
that,  the  resolution  of;the-grid  has, a*  large- influ¬ 
ence  on  the  way.  In  which  vortlclty -is- concentrated 
into  vortex  cores..  This  has  a-  direct,  influence,  on 
^e  induced  low  pressure.'reglbns,  on,  nearby  config¬ 
uration  surfaces  and, bn. seconjdary-separation, phe¬ 
nomena  caused -by -^efpfimal^-vorticalrnow  stfuc- 


A  Bore  funduental  matter  concerns  the  solution  of 
the  Euler  equations  for  increasingly  finer  aeshes. 
In  the  limit  of  zero  aesh  size  the  free*shear>lay* 
ers,  captured  within  the  solution,  tend  to  free* 
vortex* sheets.  The  latter  however,  may  be  prone  to 
Kelvin-Helaholtz  Instabilities  which,  in  a  tiae* 
stepping  aethod,  will  becoae  evident  as  "unsteadi* 
ness”  in  the  nuaerlcal  solution.  In  this  respect 
it  is  quite  useful  to  compare  solutions  of  differ* 
ent  aethods,  such  as  a  Navler-Stokes  solution,  an 
Euler  solution  and  a  free*vorcex*sheec  panel  aeth* 
od  solution. 

7.6.  MMrtUon 

To  obtain  the  nuaerlcal  solution  of  the  flow  field 
other  than  with  a  panel  method,  l.e.  using  an 
Euler  or  a  Navier*Stokes  aethod,  the  flow  doaain 
Bust  be  discretized  first.  The  basic  requlreaent 
for  an  accurate  and  efficient  nuaerlcal  slaulation 
of  the  flow  field  about  a  3D  configuration  is  a 
coaputatlonal  grid  possessing  the  for  the  specific 
CFD  aethod  required  level  of  saoothness  and  or* 
thogonallty.  The  generation  of  such  a  grid  tdilch 
in  addition  has  an  adequate  density  In  chose  re* 
glons,  often  of  disparate  length  scale,  where 
large  gradients  are  expected  while  still  having  an 
acceptable  nuaber  of  points  Is  a  task  that  re* 
quires  auch  expertise  and  a  substantial  nuaber  of 
manhours . 

A  description  of  the  various  approaches  to  grid 
generation  and  developaents  alaed  at  obtaining 
more  flexibility  in  Che  grid  generation  process  is 
beyond  the  scope  of  Che  present  paper.  However,  it 
is  generally  recognized  that  especially  for 
Navier*Stokes  aethods  soae  fora  of  grid  adaptation 
is  required  in  order  to  Increase  accuracy  and  res* 
olution  for  a  given  level  of  cost.  As  far  as  coa* 
putational  vortex  flow  is  concerned  there  have 
been  proaislng  developaents  for  structured  grids 
(e.g.  Powell  et  al.,  Ref.  236)  as  well  as  for 
unstructured  grids  (e.g.  Batina.  Ref.  237), 
both  for  conical  flow  coaputations.  Three*dlaen* 
slonal  solutlon*adaptive  grid  methods  are  not  yet 
far  enough  developed  to  be  used  in  practical  ap* 
plications. 


8.  CONCUmiNG  REMARKS 

Considerable  progress  has  been  booked  In  the 
Bodellng,  the  nuaerlcal  simulation  and  the  under¬ 
standing  of  aerodynamic  vortex  flows  at  subsonic 
and  transonic  speeds.  Euler  and  Navier-Scokes 
aethods  have  deaonstrated  their  potential  capabil¬ 
ity  to  simulate  the  details  of  the  flow  nonlinear- 
isles  due  to  compressibility  and  vortical  flow,  as 
well  as  of  the  interaction  of  shocks  and  vortices. 

Before  the  more  advanced  CFD  aethods  will  play  a 
significant  role  in  the  prediction  of  the  aerody- 
nsaics  of  complex  configurations  in  that  part  of 
the  flight  .envelope  where  it  is  aost  needed;  auch 
Bore  work  needs  to  be  done  on  algorltha  develop¬ 
ment,  efficient  grid  generation,  adaptive  grid 
techniques,  assessing  the  sensitivity  of  solutions 
to  nuBsrically  paraaeters,  controling  the  influ¬ 
ence  of  artificial  dissipation,  .t^bulence  model¬ 
ing  for  shock* induced  separation  and' large-scale 
separated  flow,  sMdeling  of  .'transition  etc.  .Much 
effort  is  required  to  validate  and  integrate  vari¬ 
ous  techniques  into  an  effective  aerodynaalc  tool 
that  dndeed^can  treat  arbitrary  configurations  and 
complex  flows; 

Metiiods'based  on.  the  inviscid*flow  approxlaatiqii, 
with  nonlinear  coapressibili^  and-f6tatidnal>flow 
effects  (convection  and  stretching  of  voftlcity, 
possibly  fss  ^well  as  generation^  of  yortici^z  - 
through^scNM  aodel*^for^saodth*surface%se^rati6ii)" 
included,  ..williplay  «i‘ increasingly  iMreilapoftaht 
role  in  the  prediction  of  vortex  flow  aerodynaa- 
ics; 


Viscous  flow  methods  have  demonstrated  their  proa¬ 
islng  potential  capability,  but  auch  research  Is 
required  to  reduce  their  computational  costs  and 
to  improve  their  turbulent -flow  capability. 

Verification  of  computational  methods  requires  the 
detailed  coaparlson  of  results  produced  by  compu¬ 
tational  aethods  based  on  different  mathematical 
Bodels  as  well  as  produced  by  methods  based  on  the 
same  matheaatlcal  model  but  using  a  different  nu¬ 
aerlcal  scheme.  Furthermore  verification  requires 
the  comparison  of  predicted  results  with  well- 
understood,  clearly  documented  experimental  data. 
The  experimental  data  must  be  of  the  proper  type 
and  in  sufficient  detail  to  accurately  describe 
the  physics  of  the  flow  field.  Only  a  few  system¬ 
atic  experlaental/theoretlcal  programs  on  obtain¬ 
ing  detailed  tallor-aade  data  for  CFD  verification 
have  been  carried  out  to  date. 

Vortex  flow  aerodynamics  has  many  Interesting  fa¬ 
cets  on  a  more  fundamental  level.  This  includes 
the  behaviour  of  evolving  wakes,  the  formation  of 
vortex  cores,  the  Interaction  of  vortices  with 
solid  surfaces,  the  Interaction  of  vortices  and 
shock  waves,  the  stability  and  dynamics  of  vortex 
systems,  aultlple  solutions  and  their  stability, 
the  generation  of  vorticlty,  vortex  breakdown, 
etc.  Computational  aethods  are  Indispensable  in 
the  analysis  leading  to  a  further  insight  into  and 
eventually  exploitation  of  these  flow  phenomena. 
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SUMMARY 

For  the  flov  about  a  sharp-edged  cropped  65-deg 
delta  wing  numerical  solutions  obtained  vlth 
different  Euler  methods  are  compared  with  each 
other,  vith  the  numerical  solution  of  a  Reynolds- 
averaged  Navler-Stokes  method  and  vith  experimental 
data.  Ac  the  selected  free-stream  Mach  number  of 
0.85  and  angle  of  attack  of  10  deg  the  flov  features 
a  leading-edge  vortex,  is  transonic  but  contains 
weak  shocks  only.  The  results  of  the  Euler  methods 
have  been  obtained  on  one  and  the  same  C-H  type  of 
grid  vith  close  to  300,000  cells.  This  investiga¬ 
tion,  carried  out  within  the  frame  work  of  a  four- 
nation  collaborative  program,  indicates  that  for 
Che  test  case  considered  there  are,  from  a  theore¬ 
tical  point  of  view,  significant  differences  between 
results  from  different  Euler  methods,  even  if  arti¬ 
ficial  dissipation  is  miniaixed.  However,  the  corre¬ 
lation  of  Che  Euler  solutions  with  experimental  data 
shows  much  larger  differences  due  to  the  failure  to 
represent  secondary  separation  in  the  Euler  methods 
and  is  therefore  unsatisfactory. 

The  results  of  the  Reynolds-averaged  Havier-Stokes 
method  demonstrate  an  improved  correlation  of  theory 
and  experiment. 

INTRODUCTION 

Vortical  flov  plays  a  critical  role  in  the  high- 
angle-of-attack  aerodynamics  of  contemporary  fighter 
aircraft.  Improving  the  performance  of  these  aircraft 
and  of  designs  of  the  next  generation  of  fighters 
requires  advances  in  the  knowledge  of  Che  physics  of 
vortical  flov,  improvements  in  wind-tunnel  techniques 
and  assessment  of  the  capabilities  of  numerical  flow 
simulation  methods. 

To  aid  the  development  of  conqiutational  methods 
for  simulating  the  vortical  flov  about  fighter  air¬ 
craft  a  collaborative  program  is  carried  out  tmder 
the  auspices  of  the  Independent  European  Frograzme 
Group  (lEPG),  Panel  III  Sub-Group  6.  Four  nations 
(United  Kingdom,  Germany,  Italy  and  the  Netherlands) 
participate  in  this  5-year  program,  designated 
Technical  Area  15  (TA15)  "Computational  Methods  in 
Aerodynamics".  The  program  started  in  June  1987. 

One  of  the  first  cases  considered  for  assessing 
the  capability  of  Euler  and  Navier-Stokes  computa¬ 
tional  methods  is  the  flov  about  the  isolated 
sharp-edged  wing  of  the  configuration  considered  in 
Ref.  1,  It  concerns  a  cropped  65*^cg  delta  wing  of 
taper  ratio  0.15.  The  chordvise  section  is  the  NACA 
64A005  airfoil  which  at  its  point  of  maximum  thick¬ 
ness  is  smoothly  blended  into  the  bi-convex  shaped 
nose.  During  the  early  s^ge  of  the  collaborative 
program  flow,  solutions  were  obt^hed  b^  all  parti¬ 
cipants  with-different  Euler . solvers  on  dlfferrat 
grids  for  the^tfanso^c  condition  of  *  0.85.  and 
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The  main  conclusion  that  could  be  drawn  from  the 
comparison  of  these  numerical  results  was  that  for 
this  sharp-edged  wing  the  differences  which  existed 
between  the  Euler  solutions  obtained  by  the  various 
methods  appear  to  arise  more  from  differences 
between  the  grids  than  from  differences  between  the 
solution  algorithms. 

To  confirm  this  conclusion  a  so-called  "common 
exercise"  was  set  up.  It  involved  each  participant 
using  its  own  Euler  solver  to  produce  a  flov  solu¬ 
tion  on  one  and  the  same  high-quality  grid.  The 
free-stream  condition  to  be  considered  was  once 
again  *  0.85,  a  •  10  deg.  For  this  condition  the 
flov  features  a  full-span  leading-edge  vortex,  is 
transonic  but  contains  weak  shocks  only*  At  the 
incidence  selected  vortex  breakdown  has  not  to  be 
accounted  for,  because  for  this  configuration 
vortex  breakdown  occurs  above  the  wing  for  angles 
of  attack  in  excess  of  20-22  deg. 

Any  solution  algorithm  for  numerically  solving 
the  Euler  equations  introduces  implicitly  or 
explicitly  artificial  dissipation  into  the  solu¬ 
tion,  which  affects  the  accuracy  of  the  solution  of 
Che  Euler  equations.  It  was  decided  that,  as  far  as 
the  explicitly  added  dissipation  is  concerned,  all 
solutions  to  be  generated  should  have  the  minimum 
amount  of  artificial  dissipation  commensurate  vith 
obtaining  a  converged  solution. 

The  purpose  of  the  present  paper  is  to  present 
the  results  of  the  comparison  of  the  "minimum- 
dissipation"  Euler  solutions  vith  each  other.  It 
concerns  seven  solutions,  namely  the  ones  obtained 
with  Euler  solvers  available  at: 

-  British  Aerospace  Warton  (BAe) 

-  MBB-MOnchen  (MBB) 

-  Domier-Friedrlchshafen  (DOR) 

-  DLR-Braunschveig  (DLB) 

-  Aeritalla-Turln  (AIT) 

-  Aermacchl  (AEM) 

-  NLR 


(United  Kingdom), 
^est-Germany) , 
(West-Germany) , 
(West-Germany) , 
(Italy), 

(Italy), 
(Netherlands) . 


Euler  methods  are  capable  of  simulating  flov 
separation  from  sharp  leading  (and  trailing)  edges: 
it  appears  that  at  sharp  edges  sufficient  artificial 
viscosity  is  introduced  to  model  faithfully  the 
effects  of  the  true  viscosity  (Ref.  2).  Secondary 
separation,  which  occurs  in  a  smooth  region  of  the 
upper  surface  of  the  wing,  just  outboard  of  the 
vortex  induced  suction  peak,  is  not  modeled  auto¬ 
matically  in  the  Euler  methods.  Like  any  other  sepa¬ 
ration  from  a  smooth  part  of  the  surface  it  has  to 
be  simulated^ through  a  viscous-flow  method.  To 
address  the  influence^ of  secondary  separation  the 
results  of  the  Euler  methods  are  compared  with 
results  of  the  Re^olds-ave'raged  Navler-Stokes  me¬ 
thod  of  DLR-G5ttingen,  for  the  same  case  but  ob¬ 
tained  on  a  different  grid,  as  well  as  with  avail¬ 
able  '^erlmental  data  (Refs.  1,  3). 
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OUTLINE  OF  THE  METHODS  USED 

The  Euler  methods  of  British  Aerospace»  Domler# 
Aeritalla,  Aermacchl  and  KLR  are  quite  similar.  All 
five  methods  are  based  upon  the  finite-volume 
central-difference  cell-centered  scheme  of  Jameson 
et  al  (Ref.  4).  Discretization  of  the  five  time- 
dependent  nonlinear  equations  for  the  conservation 
of  massi  momentum  and  energy^  expressed  In  Integral 
form*  proceeds  in  two  steps*  spatial  and  temporal. 
These  two  steps  are  not  Independent  since  the  sta¬ 
bility  of  the  temporal  Integration  depends  on  the 
type  of  the  spatial  discretization.  The  central 
difference  scheme  (here  with  the  flow  variables  lo¬ 
cated  at  the  cell  centers)  for  the  spatial  discre¬ 
tization  allows  odd-even  decoupling  of  the  flow 
variables  at  adjacent  cells.  Due  to  aliasing  errors 
this  decoupling  may  Inhibit  convergence  of  the  tem¬ 
poral  Integration  of  the  nonlinear  seml-dlscrete 
equations.  Furthermore*  discontinuities  In  the  flow 
field  may  cause  divergence  of  the  time-integration 
procedure.  Therefore  the  following  artificial  dis¬ 
sipative  terms  are  added  to  the  semi-discrete  equa¬ 
tions.  Fourth-difference  terms  to  provide  the  back¬ 
ground  dissipation  for  suppressing  point-to-point 
oscillations.  Second-difference  terms*  to  provide 
damping  for  stabilizing  the  Integration  in  regions 
with  large  pressure  gradients  such  as  near  shocks. 
The  steady-state  solution  is  obtained  using  a  four- 
stage  or  five-stage  (ASl)  Runge-Kutta  procedure  to 
Integrate  the  discretized  equations  in  time.  In 
this  procedure  the  dissipative  terms  are  evaluated 
at  the  first  stage  or  a  few  selected  stages  only* 
this  to  reduce  the  computational  cost.  Convergence 
is  accelerated  employing  local  time-stepping*  im¬ 
plicit  residual  averaging*  enthalpy  damping  and 
multi-grid*  not  necessarily  implemented  In  each  of 
the  five  Euler  solvers  considered  here.  For  the 
conditions  on  the  solid  surface  the  methods  employ 
an  extrapolation  of  the  pressure  to  the  wall.  The 
conditions  on  the  far-field  boundary  of  the  compu¬ 
tational  domain  are  Implemented  using  Rlemann  in¬ 
variants. 

Since  Euler  solutions  with  minimum  dissipation 
are  the  Interest  of  this  paper  the  explicitly  added 
artificial  dissipation  terms  are  described  in  more 
detail.  Added  to  the  rlght-hand-slde  of  the  discre¬ 
tized  equations*  written  as 


V  «  -  0 

ijk  ^ijk  ^IJk 

with  vector  with  the  5  flow  variables  at 

♦ 

the  center  of  cell  Ijk,  Q^jj^the  net  convective 
flux  out  of  cell  ijk  and  the  volume  of  cell 

Ijk,  Is  the  net  dissipative  flux  D^jj^ 

®l,J,k  ■  '*!+}, ^l,j+),k"^l,J-l,k 


_  '’l+l.l.k  ■  ^•’l.l.k  '*■  ‘’i-l.l.k* 

the  factors  and  are  defined  as 

(2)  .  (2) 
l+I.J,k  l+}.j,k 


1+1  .j.k 

BAe 

DOR.AIT.NLR 

AEM 

«ax(0,K'«-  j  ,^) 

BAe*AEM 

Max(0.K«’-  j  ,) 

DOR,AIT 

NLR 

‘'t.J.k+r’^i.J.k-J 


respectively,  with  Vj.j.k'  ««(''t«.J.k-“i.3.k> 
and  8  Is  a  switching  parameter. 

The  Euler-equatlon  method  of  DLR-Braunschwelg 
(Ref.  5)  uses  a  finite-volume  central-difference 
scheme  In  which  the  flow  variables  are  located  at 
the  cell  vertices.  A  5-stage  Runge-Kutta  procedure 
Is  used  for  time  Integration.  The  distribution  for¬ 
mula  for  the  cell  fluxes  Is  as  proposed  by  Rail 
iRef.  6).  Second-  and  fourth-order  artificial  dissi¬ 
pative  terms  Identical  to  the  BAe  ones  above*  are 
added  for  stability.  In  the  code  several  convergence 
accelerating  techniques  are  implemented. 

The  Euler-equatlons  method  of  MBB  uses  a  Godunov 
type  averaging  procedure  based  on  an  eigenvalue 
analysis  of  the  unsteady  Invlscld  equations  by  means 
of  which  the  fluxes  are  evaluated  at  the  faces  of 
the  finite  volume,  with  separate  sets  of  constant 
flow  variables  on  either  side  of  the  face  (the  flow 
variables  are  defined  at  the  cell  centers).  The  sum 
of  the  fltix  differences  is  approximated  by  a  third- 
order  spatial  characteristic  flux  extrapolation 
scheme.  Sensor  functions  are  used  to  detect  non- 
monotonous  behaviour  of  the  flow  variables.  At  lo¬ 
cations  where  such  behaviour  Is  detected*  e.g.  at 
shocks,  the  scheme  reduces  to  a  first-order  accurate 
scheme.  Dissipation  Is  Inherently  provided  In  the 
upwind  formulation  and  In  this  method  no  explicitly 
added  artificial  dissipative  terms  are  required. 

To  obtain  a  steady-state  solution*  an  explicit  time 
relaxation  technique  Is  used.  For  a  more  extensive 
description  of  the  method,  see  Ref.  7. 

The  (full)  Reynolds-averaged  Navler-Stokes  method 
of  DLR-Gdttlngen  uses  a  finite-volume  central-dif¬ 
ference  (flow  variables  located  at  cell  centers) 
approach  with  a  four-stage  Runge-Kutta  procedure 
for  time  Integration.  The  code  can  be  run  on  a 
multi-blocked  grid.  In  turbulent  flow  calculations 
a  modifiod  algebraic  turbulence  model  based  on  that 
of  Baldwin  and  Lomax  is  employed.  A  more  extensive 
description  of  the  method  can  be  found  In  Ref.  8. 


with  for  example 


i+i.j.k  ,  (2) 

l+}.j.k'’'i+2.J,k  ""i+l.J.k 


it  '’i+i.J.k 


a  non-linear  scaling  factor 


depending  on  ceil  dimensions*  the  veloclty'aad  the- 
speed  of  sound.  With  the  pressure  sensor  defined  as 


The  seven  Euler  solutions  were  computed  on  the 
so-called  BAe-A  grid*  generated  by  British  Aerospace 
VarCon.  Since  it  iasy  be  assumed  that  the  flow  Is 
syinetrlc*  only  the  solution  In  the  starboard  half 
space'ls  considered^:  The  grld'ls  generated  as  a  one- 
block  grid*  with  C-H  type  of  topology*  which  for 
some  of  the  codes  was  sub-divided  into  a  multi-block 
grid.  There  are  192  cells  in  chordwlse  direction* 

32.  cells  In  the  direction  normal  to  the  wing'  and  46 
ceils  in  '^i^lse^'dlfacfio^  '294*912 

cells;  ^b&;;tke  vl^  upper  surface ?  then  are  72  cells 
la  chordi^Se  and '34' cells'ln  spahvise  difactloh. 


‘V  •fa’, 


2-3 


i 


For  the  plime  r  •  0,  the  outer  boundary,  the  wing 
planfonn  and  the  outline  of  the  "tip  extension"  are 
presented  In  Fig.  la.  For  the  plane  of  symetry  the 
outer  boundary,  the  wing,  the  wake  cut  and  the  grid 
line  Intersecting  the  wing  trailing  edge  are  shown 
I  farfteld  boundary  la  nore 

than  10,  the  downstrean  one  more  than  4  root  chords 
away  .rom  the  wing.  In  lateral  direction  the  outer 
o>-.,ndary  Is  at-5  semi-spans  from  the  plane  of  sym¬ 
metry.  The  grid  on  the  wing  surface  consists  of 
curves  of  about  constant  percentage  chord  and  about 
constant  fraction  of  the  semi-span,  see  Fig.  Ic. 
lu-  mesh  Is  dense  near  the  leading  edge  and  near 
the  wli.j  tip.  with  mild  stretching  ratios  every¬ 
where.  Fig.  Id  shows  part  of  the  grid  In  the  plane 
of  symmetry.  Close-ups  of  the  grid  near  the  apex 
and  near  the  trailing  edge  are  presented  In  Figs, 
le  and  If,  respectively. 

The  Euler  code  of  DLS  Braunschweig  was  run  on  the 
grid  described  above  with  two  grid  surfaces  near 
the  trailing  edge  deleted,  l.e.  such  that  In  chord- 
wlse  direction  the  grid  Immediately  upstream  of 
the  trailing  edge  Is  coarser.  The  Euler  solver  of 
Aermacchl  was  run  on  the  grid  with  one  grid  surface 
near  the  wing  tip  deleted,  l.e.  such  that  In  span- 
wise  direction  the  grid  Inboard  of  the  tip  Is  coar- 
ser. 


The  Reynolds-averaged  Navler-Stokes  solution  was 
obtained  on  a  different  grid.  This  multi-block  grid 
Is  of  H-H  type  of  topology  with  about  a  total  of 
2  million  cells.  On  the  wing  upper  and  lover  sur¬ 
faces  the  grid  has  40x40  cells  each,  see  Fig,  2a. 

In  order  to  resolve  the  boundary  layer,  the  grid 
density  In  the  direction  normal  to  wing  near  the 
wing  surface  la  much  higher  than  for  the  BAe-A  grid 
used  for  the  Euler  calculations,  see  Pig.  2b. 

COKPARISON  OP  RESULTS  OF  EULER  METHODS 

The  following  characteristics  are  compareds 

-  pressure  and  total-pressure  distributions 

-  lift,  drag,  pitching  moment,  root-bending 
moment,  number  of  supersonic  points 

-  position  of  and  total-pressure  loss  at  the 
center  of  the  leading-edge  vortex. 

Before  presenting  the  results  of  the  compari¬ 
son,  the  setting  of  the  parameters  of  the  explicit 
A*^ffFiclal  dissipation  terms  la  discussed  and  the 
8®heral  features  of  the  Euler  solutions  are  descri¬ 
bed. 


Wumerlcal  Dissipation 

Each  of  the  seven  Euler-eouatlon  methods  has 
demonstrated  to  be  able  to  compute  a  fully-conver- 

ged  solution  on  the  BAe-A  vria.  p-v  - 

equation  methods  with  explicitly  added  artificial 
dissipation  terms,  the  mlmlmum  values  of  the  param¬ 
eters  In  the  expressions  for  the  artificial  dissi¬ 
pation  required  to  obtain  a  converged  steady-state 
minimum  dissipation”  solution  were: 


BAe 

0.0 

1/64 

DOR 

0.0 

1/32 

AIT 

0.15 

1/125 

A£M 

0,0 

1/64 

NLR 

0.0 

1.75 

DLB 

0.25 

1/256 

a 

,(2) 

,(4) 

- 

0 

1/64 

2 

0 

{0,1/32] 

0 

[O.i] 

1/125 

- 

0 

1/64 

0 

0  . 

7/256 

*• 

‘“ijk 

(0,1/256] 

algorithm  such  as  the  non-uniformity  of  the  grid, 
the  Implementation  of  the  fat-field  boundary  condi¬ 
tions  and  especially  the  boundary  conditions  at  the 
wing  surface,  play  a  different  role  In  each  of  the 
Euler  codes  considered. 

DESCRIPTION  OF  EULER  SOLUTIONS 

The  solutions  obtained  on  the  BAe-A  grid  by  the 
various  Euler  codes  are  qualitatively  very  similar. 
Before  discussing  the  quantitative  differences  in 
detail  the  global  characteristics  of  a  representa¬ 
tive  solution  are  described.  Fig,  3  shows  the  solu¬ 
tion  computed  with  the  NLR  Euler  method.  Presented 
are  the  Isobar  pattern  on  the  upper  wing  surface 
of  the  wing,  the  Isobar  pattern  In  three  consecu¬ 
tive  planes  perpendicular  to  the  wing  planform  and 
the  contours  of  equal  total-pressure  loss  In  the 
sane  three  planes. 

The  low-pressure  region  on  the  wing  upper  sur¬ 
face,  which  Is  the  foot  print  of  the  leading-edge 
vortex.  Indicates  that  flow  separation  starts  very 
close  to  the  apex.  The  lowest  values  of  the  pres¬ 
sure  coefficient  are  found  on  the  aft  part  of  the 
wing,  which  Is  typical  for  the  higher  free-stream 
Mach  numbers.  In  the  cross-flow  plane  Isobar  pat¬ 
terns  the  center  of  the  leading-edge  vortex  Is  lo¬ 
cated  at  a  point  of  minimum  pressure.  Although  the 
flow  la  supersonic  over  a  large  portion  of  the  wing 
upper  surface,  judging  from  the  Isobar  patterns, 
shocks  are  absent  In  the  flow  field,  except  possi¬ 
bly  close  to  the  trailing  edge  where  a  weak  cross- 
flow  shock  develops  just  out-board  of  the  position 
of  the  vortex. 

For  the  wing  In  steady  Invlscld  flow  without 
shocks  the  total  pressure  should  be  constant,  equal 
to  Its  free-stream  value.  For  such  a  flow  Euler 
methods  Introduce  variations  In  total  pressure  by 
the  dlscretlxatlon,  the  explicit  artificial  dissi¬ 
pation  terms,  boundary  conditions,  etc.  Due  to  the 
fine  grid  with  low  stretching  rates  close  to  the 
wing  the  error  In  total  pressure  Is  small  on  the 
upper  and  lover  surface  of  the  wing.  Right  at  the 
sharp  leading-edge,  where  the  flow  separatee,  there 
Is  a  spike  In  the  total  pressure  loss.  Also  In  the 
flow  field  the  high  gradients  In  the  free  shear 
layer  and  In  the  leading-edge  vortex  cause  signi¬ 
ficant  losses  In  total  pressure,  up  to  about  40Z 
at  the  center  of  the  core.  Therefore  contours  of 
equal  total  pressure  are  Instrumental  In  outlining 
the  structure  of  the  vortex  system. 

SPANWISE  DISTRIBUTIONS  OF  STATIC  AND  TOTAL  PRESSURE 

Fig.  4a  presents  spanwlse  sections  of  the  pres¬ 
sure  distribution  on  the  upper  and  lover  surface  of 
the  wing.  In  each  plot  the  results  of  the  seven 
Euler  methods  are  identified  by  different  symbols 
connected  by  straight-line  segments,  solid  ones  for 
the  upper  surface,  dashed  ones  for  the  lower  surface 
of  the  wing.  All  plots  are  at  the  same  scale,  faci¬ 
litating  easy  assessment  of  the  correlations. 

The  results  Indicate  the  following: 

(1)  The  pressure  distributions, on  the  lover  wing 
surface,  are  almost  Identical  (BC  <  0.02),  except 
near  the  apex  and  near. the.  trailing  edge  lA'ere  the 
differences. are  one  order. of  magnitude  larger. 
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because  flw  Is  very  nearly 
free  the  second^ifference  diaslpatidn  teni 
can  be  switched  off  In  most '^er  , codes.  A'.mdre  ' 
PTAh^se-Con^ar^onjOf ,  the  oioimt  of  ^tlfidlal 
dissipation  used  in  the  parlous. ..codes 'Is  not  pos- 
djecausi  It  ..sled  "depends  qn  'the  scaliig  fac- 
>  “«-.«Wva  ,a:^ress'lon  1"of  d,  ','.which''.apbeafs 
to  be  dlfferent.^for  .each = code*  Also  pother  sources 
of  numerical 'dlsslpatidii'lapilclt  In'th'd  sdlutlon 


(il),..The  pressure  distribution  on  the  upper  surface 
of  the  wing  Indicates  that  all. solutions, 'feature's 
concentrated  leading-edge  ,iwrtex.  The  height!  of  the 
suction  peak  unde»e.ath  the  vorteic"  ahowai'-dif fareil- 
ces  In  Cp  of. the.  order  of  0.15!  over  wet  perta.  of 
the  ylhg,  aomeidiat.  larger  values  hear  the"  apex  and 
the  trailing  edge,  the  spreading  In  the  lateral 
position  of  the  auction  peak  Is  of  the  order  of 
5Z  local  s^-spah. 
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(ill)  The  solutions  fall  into  two  groups: 

A)  Those  fron  the  Euler  methods  of  BAe,  Domlerf 
Aeritalia*  Aermacchi  and  KU($  these  are  the 
central^difference  (flow  variables  at  cell  cen¬ 
ters)  methods  based  on  Jaffle8on*8  approach.  The  so¬ 
lution  of  ait's  method  is  quite  similar  to  the 
other  four  but  with  a  somewhat  lover  suction  peak, 
giving  evidence  of  the  nigher  levels  of  numerical 
dissipation. 

B)  Those  from  the  Euler  methods  of  DLR  and  HBB,  a 
central-difference  (flow  variables  at  cell  verti¬ 
ces)  and  upwind  method,  respectively. 

(iv)  The  suction  peak  of  the  second  group  is  higher 
and  narrower  than  that  of  the  first  group  of  solu¬ 
tions. 

<v)  The  differences  in  the  results  of  the  seven 
Euler  codes,  despite  strong  similarities  in  the 
formulations  of  five  of  them,  are  most  apparent  at 
the  apex,  the  leading  edge  and  the  trailing  edge. 
However,  from  a  practical  point  of  view,  the  dif¬ 
ferences  between  the  various  results  are  accep¬ 
tably  small. 

(vl)  In  most  results  the  pressure  distribution  on 
the  upper  surface  of  the  wing  shows  a  spike,  or  a 
spike  and  a  wiggle  at  the  leading  edge. 

Fig.  4b  shows  spanvise  sections  of  the  total 
pressure  (loss)  on  the  upper  and  lover  surface  of 
the  wing  for  the  same  five  stations  considered  in 
Fig.  4a.  It  is  observed  that: 

(1)  On  the  lower  surface  Che  total  pressure  losses 
are  rather  small,  with  losses  of  Che  order  of  0.01 
of  the  free-stream  value  near  the  plane  of 
symmetry. 

(ii)  Total  pressure  losses  (or  gains)  on  the  upper 
surface  are  larger,  and  are  quite  different  for 
each  solution,  but  considering  characteristic 
features  of  the  distributions  the  same  classifi¬ 
cation  (groups  A  and  B)  of  Che  solutions  can  be 
made. 


CHORDWISE  DISTRIBUTION  OP  STATIC  AND  TOTAL  PRESSURE 

In  Fig*  5a  a  chordwise  section  of  the  surface 
pressure  distribution  is  given  for  y/s  ■  0.0,  0*5 
and  0*9,  where  s  denotes  the  local  semi-span.  In 
the  figures  the  same  identification  is  used  as  in 
the  previous  sections.  In  the  plane  of  symmetry 
(y/s*0.0)  the  solutions  are  close  together*  At  the 
trailing  edge  the  Kucta  condition  appears  to  be 
satisfied*  At  the  apex  the  solutions  show  a  sharp 
peak,  negative  Cp  on  the  upper,  positive  Cp  on  the 
lower  wing  surface,  indicative  of  the  singularity 
in  the  solution  at  Chat  point? 

Fig.  5a  confirms  what  was  observed  in  the  span- 
wise  sections  of  the  pressure  distribution,  i.e. 
the  solutions  fall  into  two  groups  with  acceptably 
small  differences  between  the  solutions  of  the  two 
groups. 

Near  the  wing  tip  (y/8>0.9)  Che  pressure  distribu¬ 
tions  on  the  upper  wing  surface  show  larger  diffe¬ 
rences  (up  to  0.5  in  Cp),  probably  due  Co  the 
large  gradients  in  the^solution  provoking  a  dif¬ 
ferent  behaviour  of  the  artificial  dissipative 
terms  in  that  region. 

In  Pig.  5b  chordwise  sections  of  the  total  pres¬ 
sure  distribution  on  the  surface  of  wing  are  com¬ 
pared.  Except  in  the  plane  of  symmetry  and  right 
at  the  tip  the  total  pressure  losses  on  the  wing 
lower  surface  are  small.  On  the  wing  upper  surface 
Che  total  pressure  coefficient  (losses  or  gains) 
differs  from  method  to  method.  Chough  the  charac¬ 
ter  of  the  distributions  is  quite  similar  for  the 
Euler  methods  of  NLR,  BAe,  Domier,  Aeritalia  and 
Aermacchi  (group  A).  The  result  produced  by  the 
NLR  code  has  total  pressure  production  over  rela¬ 
tively  the  largest  part  of  the  upper  surface. 

Group  B  of  Euler  methods  apparently  features  some¬ 
what  more  numerical  dissipation  at  the  wing  sur¬ 
face  than  the  methods  of  group  A.  In  HBB's  result 
wiggles  are  apparent  which  appear  to  travel  In 
downstream  direction,  i.e*  in  a  direction  away 
from  the  leading  edge.  In  the  results  of  each  par¬ 
ticipant  wiggles  appear  near  the  trailing  edge. 


(ill)  In  all  solutions  the  largest  values  of  total  FORCES,  MOMENTS,  NUMBER  OP  SUPERSONIC  POINTS 
pressure  losses  are  attained  at  the  apex,  at  the 

leading  edge  and  near  the  suction  peak,  i.e.  at  Using  the  surface  pressure  distributions  from 

locations  with  large  gradients  in  Che  solution.  the  Euler  solutions  the  lift,  drag,  pitching  mo- 

The  highest  values  exceed  lOZ  of  the  free-stream  ment  (with  apex  as  moment  center)  and  root-bending 

value.  Away  from  these  regions  the  errors  fall  moment  coefficients  were  computed.  Arbitrariness 

below  5Z,  with  the  method  of  BAe  having  the  lowest  was  eliminated  by  using  the  same  numerical  Inte- 

and  the  upwind  method  of  HBB  having  the  highest  gration  procedure, 

losses. 


(Iv)  Over  some  part  of  the  upper  surface  of  the 
wing  the  solutions  of  group  A  exhibit  a  gain  in 
total  pressure,  a  feature  most  pronounced  in  the 
solution  of  NLR  (about  3Z  of  the  free-stream 
value) . 

The  comparison  of  the  local  Mach  nximber  distri¬ 
bution  (not  shown  here)  has  indicated  that  this 
quantity  is  more  susceptible  to  differences  in  the 
methods  than  the  static  pressure  distribution.  This 
suggest  Chat  in  BeraouHl's  equation  the  loss  in 
total  pressure  is  converted  in  changes  In  velocity 
rather  than  in  static  pressure*  Notably  on  the  wing 
upper  surface  the  Mach  number  distribution  betw^n 
Che  plane  of  symmetry  and  the  suction  peak  shows  a 
considerable  spreading  (Al^O.Ob).  In  this  same  re¬ 
gion'  the  differences  ih  the  static  pressure  are  rel¬ 
atively  much  sMll'ef*  The'  differences  in'  the  peak 
values  (1*7  undexh'ea'th  the  vortex)  of  the  local  Mach 
number  are  of  the  order  of  0*15  at  most* 


The  result  is  given  below  reference  area  *  0.2279 
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where  C.  and  CL  are  the  lift  and  drag  coefficient, 
C^^ls  the  pitching  moment  about  the  ap«  and 
is^the  robt-bendlng  moment.  The  table  includes  ue 
values  from  the  ."intentional  Plow  Ei^eri- 

meut" '  (Ref*  1)  ,fbr  the  jam  l^ch^umber' and  'inci-' 
dehce  and. at  a  Re^olds^ni^er  ^of  9  mlllioii;/NQte 
that  the  measured  data^irarV^obVained  for  a^w^- 
(imde^wihg)bc^y  \cbmbiiiatlra  ^ile '  the  coi^utatdons 
were.'carrled^out'f6r/the';^l8olated  w^,’  '  'C 
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The  predicted  lift  coefficients  vary  between  0.515 
and  0.538,  the  aeasured  one  equals  0.457,  l.e.  the 
lift  coefficient  Is  over^predlcted  primarily  due 
to  the  neglect  of  the  secondary  separation  In  the 
Euler  computations.  The  drag  coefficients  vary  be¬ 
tween  0.0841  and  0.0822,  the  experimental  value  Is 
0.0846*  The  pitching  moment  coefficient  (referen¬ 
ced  to  the  apex)  has  been  predicted  In  the  range 
-0.319  to  -0.337,  the  experimental  value  Is  con¬ 
siderably  less  nose  down,  namely  -0.271.  The  pre¬ 
dicted  root-bending  moment  coefficient  has  a 
spreading  of  lOZ  with  values  between  0.0969  and 
0.1034. 

The  table  also  lists  the  number  of  supersonic 
points  found  in  the  computation.  It  Is  clear  that 
there  Is  some  scatter  In  this  global  flow  charac¬ 
teristic,  with  the  solutions  grouping  together  as 
found  before  for  the  pressure  distributions. 


(I)  Comparison  of  the  results  from  the  Euler  me¬ 
thods  with  the  experimental  data  shows  that  the 
Euler  methods  predict  an  upper  surface  pressure 
distribution  with  a  suction  peak  which  is  too  high 
and  too  far  outboard  and  without  a  plateau  region 
between  the  suction  peak  and  the  leading  edge. 

These  differences  are  primarily  due  to  the  failure 
of  the  Euler  methods  to  predict  secondary  separation 
and  associated  secondary  vortical  flow  region. 

(II)  Comparing  the  results  of  the  Euler  methods 

with  the  one  of  the  Reynolds-averaged  Navler- 
Stokes  method  shows  that  correlation  of  computed 
results  with  experimental  data  Is  much  better  for 
the  Navler-Stokes  method.  However,  note  that  on 
the  forward  part  of  the  wing  <  0.4)  the  reso¬ 

lution  of  the  Navler-Stokes  grid  on  the  wing  sur¬ 
face  Is  rather  too  coarse  (Pig.  2a)  to  yield  use¬ 
ful  results. 


POSITION  OP  THE  CENTER  OP  THE  VORTEX  CORE 

The  position  of  the  minimum  of  the  total  pres¬ 
sure  In  subsequent  cross-flow  planes  Is  often  pre¬ 
sumed  to  Indicate  the  trajectory  of  the  “center  of 
the  vortex  core".  This  trajectory  and  the  magni¬ 
tude  of  the  total-pressure  loss  along  the  trajec¬ 
tory  are  presented  In  Pig.  6.  The  "center  of  the 
vortex"  follows  a  path  which  more  or  less  lies 
along  a  ray  from  the  apex.  The  differences  in  the 
lateral  position  of  the  center  of  the  vortex  com¬ 
puted  by  the  various  codes  are  of  the  order  of 
5  percent  of  the  local  semi-span.  It  appears  that 
the  vertical  positions  of  the  vortex  center  pre¬ 
dicted  by  most  Euler  methods  are  close  together. 

The  magnitude  of  the  total  pressure  loss  at  the 
"center  of  the  vortex"  shows  chat  the  loss  Is  of 
the  order  of  40Z  of  the  free-stream  value,  with 
near  the  trailing  edge  larger  values  for  the 
solutions  of  OLR  and  MBB.  The  MBB  solution  shows  a 
linear  Increase  In  total  pressure  loss,  starting 
%dth  25Z  at  the  apex  and  increasing  to  55Z  at  the 
trailing  edge,  while  the  other  solutions  exhibit  an 
almost  constant  total  pressure  loss  along  most  of 
Che  vortex  axis. 

COMPARISON  OF  RESULTS  OF  EULER  AND  NAVIER-STOKES 
HETHOOS  AND  EXPERIMENTAL  DATA 

Fig.  7  shows  the  Isobar  pattern  on  the  upper 
surface  of  the  wing  as  obtained  from  the  results 
of  an  Euler  method  (NLR) ,  the  one  obtained  from  the 
(turbulent  flow)  results  of  Che  (full)  Reynolds- 
averaged  Navler-Stokes  method  of  DLR-Gottingen  and 
Che  one  obtained  from  experimental  data  (Ref.  3). 

It  should  be  remarked  here  again  that  the  wind- 
tunnel  model  has  a  body  attached  to  the  lower  sur¬ 
face  of  Che  wing.  The  body  extends  In  the  upstream 
direction  almost  up  to  the  apex  and  fairs  smoothly 
Into  the  sting  downstream  of  the  trailing  edge.  It 
is  presumed  that  on  the  major  part  of  the  upper 
surface  of  the  wing  the  Influence  of  the  body  on 
the  pressure  distribution  is  small.  For  the  case 
considered  here  It  Is  estimated  that  downstream  of 
the  25Z  root  chord  station  the  body  Influence  Is 
negligible. 

The  three  Isobar  patterns  of  Fig.  7  show  quali¬ 
tatively  the  same  dominating  feature,  l.e.  the 
region  with  low  pressure  underneath  the  leadlng- 


(111)  On  Che  upper  surface  of  the  wing,  secondary 
separation  la  observed  at  about  78,  81,  83  and  92 
percent  local  semi-span  at  x/c_  0.3,  0.6,  0.6 
and  0.967  respectively,  while  it  Is  predicted  by 
the  Reynolds-averaged  Navler-Stokes  method  at  about 
80,  78,  78  and  88Z  at  the  corresponding  stations. 
Anyway,  the  predicted  location  at  *  0.3  will 

not  be  very  accurate  because  of  the  low  resolution 
of  the  grid  on  the  forward  part  of  the  wing.  So  it 
appears  Chat  the  secondary  separation  occurs  too 
early  In  the  computation  with  the  Reynolds-averaged 
Navler-Stokes  method.  Furthermore,  the  clearly  vi¬ 
sible  second  suction  peak  in  the  computed  results, 
which  Is  not  that  pronounced  in  the  measured  data, 
suggests  that  the  predicted  secondary  vortex  is 
stronger  than  the  real  one. 

It  Is  suggested  that  the  main  reason  for  the  dis¬ 
crepancy  Is  the  lack  of  adequate  turbulence  model¬ 
ling,  l.e.  the  algebraic  model  employed  Is  not 
entirely  suited  to  simulate  turbulent  secondary 
separation  correctly. 

(Iv)  There  are  also  discrepancies  between  the  re¬ 
sults  of  the  Navler-Stokes  method  and  experimental 
data  In  the  tip  region  and  near  the  plane  of  sym¬ 
metry  close  to  the  trailing  edge.  In  the  latter 
region  the  Influence  of  the  sting,  not  represented 
In  the  computation,  is  probably  the  reason  for  the 
less  satisfactory  correlation. 

(v)  On  the  lower  surface  the  result  of  the  Reynolds- 
averaged  Navler-Stokes  method  Is  In  close  agreement 
with  the  result  of  the  Euler  methods.  Correlation 
with  experimental  data  is  also  satisfactory,  taking 
Into  account  the  effect  on  the  flow  of  the  underwing 
body  of  the  wind-tunnel  model. 

(vi)  The  lift  and  drag  coefficients  predicted  by 
the  Navler-Stokes  method  Is  In  better  agreement 
with  experimental  data  of  Ref.  1  than  those 
predicted  by  the  Euler  methods,  as  Is  Indicated  In 
the  table  below: 


S 

EULER-MAX. 

0.S38 

0.0882 

EULER-MIN. 

O.JIS 

0.0841 

NAVZER-STOKES 

0.461 

0.0855 

EXP. (REP.  1) 

0.457 

0.0846 
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CONCLUDING  REMARKS 

Results  of  seven  Euler  solvers  have  been  conpa> 
red  for  the  test  case  (M^  «  0.85>  a  •  10*)  of  the 
flow  about  a  65-deg  swept  sharp-edged  cropped  delta 
wing*  The  results  have  been  obtained  on  one  and 
the  same  grid  (BAe-A)  with  about  300,000  grid 
points.  It  appears  that  If  artificial  dissipation 
Is  minimized  as  much  as  possible  similar  solutions 
are  obtained  from  the  central-difference  (flow 
variables  located  at  cell  centers)  methods  of  NLR, 
British  Aerospace,  Oomler,  Aerltalla  and  Aer- 
macchl. 

A  second  group  of  solutions  by  OLR  with  a  central- 
difference  (flow  variables  defined  at  cell  verti¬ 
ces)  scheme  and  MBB  with  an  upwind  scheme,  tend  to 
a  similar  solution  which  Is  different  from  Che  one 
of  Che  first  group*  The  most  pronounced  difference 
between  Che  two  groups  of  solutions  Is  that  for 
Che  latter  group  of  two  methods  the  upper-surface 
suction  peak  Is  somewhat  narrower,  higher  and  at 
a  more  outboard  location. 

Locally  near  the  apex,  leading  edge,  tip  and  trai¬ 
ling  edge  Che  solutions  can  be  quite  different, 
but  practically  speaking  the  results  show  a  suffi¬ 
cient  degree  of  agreement. 

Comparison  of  Che  results  of  the  Euler  methods 
with  experimental  data  emphasizes  the  necessity  to 
include  some  modeling  of  the  effects  of  secondary 
separation  In  these  methods. 

The  results  of  the  Reynolds-averaged  Navler- 
Stokes  method  demonstrate,  compared  with  the 
results  of  the  Euler  methods,  an  Improved  corre¬ 
lation  of  computation  and  experiment,  primarily 
resulting  from  a  simulation  of  the  secondary 
separation. 
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Fig  1  BAe-A  grid  used  for  the  seven  Euler  solutions  (192x««x32) 
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Abstract 

Two  Euler  equation  solvers  based  on  finite  volume  for¬ 
mulations  on  structured  and  unstructured  grids  are  ap¬ 
plied  to  the  simulation  of  transonic  vortical  flow  around 
a  delta  wing-body  configuration.  The  description  of 
the  mesh  generation  techniques,  some  details  on  the 
flow  solvers  and  a  comparison  between  the  methods 
are  presented. 

Introduction 

In  this  work  v;c  will  present  numerical  results  for  a 
vortex  flow  on  a  wing-body  configuration  obtained  by 
employing  both  structured  grids  of  hexahedra  cells  and 
unstructured  tetrahedral  meshes.  The  reason  of  using 
both  strategies  is  twofold.  Firstly,  we  believe  that  the 
level  of  maturity  reached  nowadays  by  unstructured 
grid  generators  ruid  solvers,  which  is  testified  by  several 
works  [2,3,4,5,6j,  makes  this  approach  liable  to  belong 
with  full  rank  among  the  tools  used  for  computational 
fluid  dynamics  in  an  industrial  environment.  Secondly, 
we  wanted  to  assess  the  capabilities  of  the  unstructured 
grid  generator  and  solver  developed  at  Aeritalia  G.A.D. 
versus  a  more  traditional  structured  grid  approach.  In 
fact,  the  nature  of  the  flow  problem  one  wish  to  solve 
may  tip  the  balance  in  favour  of  the  use  of  one  or  the 
other  methodology.  We  then  feel  it  is  appropriate  to 
have  the  ability  of  using  effeciively  both  sirategies. 

VVe  will  here  briefly  recall  what  are,  in  our  opinion,  the 
pros  and  cons  of  the  two  approaches. 

Unstructured  grids 


•  Pros; 


-  Grid  generation  and  solution  time  may  be 
greater  on  relatively  simple  geometries. 

-  Less  experience  on  solvers  and  grid  genera¬ 
tion  algorithms. 

-  More  difficulties  in  visualising  meshes  and  so¬ 
lutions. 

-  Higher  memory  requirement  per  grid  point. 

Its  geometrical  flexibility  makes  the  approach  partic¬ 
ularly  suited  for  complex  3D  geometries  and  for  grid 
adaptation  [5,6].  In  particular,  the  possibility  of  hav¬ 
ing  highly  localised  refinements,  thanks  to  the  lack  of 
structure  in  the  grid,  may  allow  to  place  points  exactly 
whe'e  needed,  thus  resulting  in  a  better  control  on  the 
global  number  of  mesh  points. 

Structured  Grids 


•  Pres: 


-  High  geometrical  flexibility,  no  need  to  use 
muitiblock  strategies  even  with  complex  3D 
configurations. 

-  Possibility  of  localised  refinement. 

-  Relatively  straightforward  implementation  of 
adaptive  procedures. 


-  Fast  generation  and  solution  on  simple  grids 

-  Relative  easy  visualisation  of  meshes  and  so¬ 
lutions. 

-  More  experience  on  the  numerical  schemes. 

•  Cons: 

-  Difficult  handling  of  complex  geometries, 
with  necessary  implementation  of  multiblock 
strategies. 

-  Requites  an  highly  experienced  user  to  gen¬ 
erate  good  quality  meshes. 

-  In  an  adaptive  refinement  procedure  there  is 
a  risk  of  g»os8  overmeshing,  due  to  the  re¬ 
quirement  of  maintaining  the  grid  structure. 

-  More  constraints  on  grid  density  c.ontrol. 

It  seems  that  the  two  approaches  somehow  balance 
each  other,  Moreover,  they  mast  not  be  thought  nec¬ 
essarily  as  alternatives.  Some  authors  ate  investigating 
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the  possibility  of  combining  the  two  methodologies,  see 
for  instance  [7,8]. 

In  the  present  work  a  65-deg.  sharp  edged  cropped 
delta  wing-body  configuration  described  in  Ref.  [1] 
has  been  studied.  A  sketch  of  the  configuration  is  il¬ 
lustrated  in  Fig.  1. 

Unstructured  mesh  generation  algo¬ 
rithm 

The  algorithm  adopted  for  the  generation  of  unstruc¬ 
tured  3D  meshes  is  based  on  the  front  advancing  tech¬ 
nique  [5,9].  The  approach  may  be  divided  into  two 
steps;  surface  discretisation  and  domain  triangulation. 
In  the  first  step  triangular  meshes  are  generated  over 
the  surface  elements  which  define  the  boundary  of  the 
computational  domain.  This  triangulation  fornns  the 
boundary  discretisation.  The  geometry  of  each  surface 
element  is  normally  defined  by  means  of  surface  splines 
passing  through  an  array  of  points  (knots).  Fig.  2 
shows  the  surface  definition  and  corresponding  trian¬ 
gulation  of  4  of  the  10  surface  elements  which  define  the 
wing  body  configuration  of  Fig.l.  The  surfaces  defining 
the  exterior  limits  of  the  domain  are  illustrated  in  Fig. 
3.  In  order  to  generate  a  mesh  with  the  desired  density 
distribution,  a  measure  of  the  local  spacings  required 
inside  the  domain  must  be  provided.  The  dimensions 
of  a  typical  tetrahedron  are  defined  by  means  of  three 
spacing  parameters  si,S2,S3,  and  associate  directions 
<»i,ai,a;3  [9].  The  specification  of  the  value  of  those 
parameters  over  the  computational  domain  provides 
an  effective  tool  for  the  control  of  the  mesh  density 
and  skewness.  For  a  uniform  mesh  only  one  param¬ 
eter  is  required,  which  represents  the  desired  spacing 
throughout  the  domain.  Fig.  4  shows  the  surface  mesh 
obtained  by  two  different  spacing  distributions.  In  the 
second  mesh  an  higher  mesh  density  has  been  provided 
in  the  vortex  region. 

In  the  second  stage  of  the  generation  process  a  mesh 
of  tetrahedra  is  built  inside  the  domsun.  The  informa¬ 
tion  about  the  assembly  of  triangular  boundary  facets 
is  set  up  to  form  the  initial  front.  The  front  is  a  data 
structure  which  keeps  track  of  the  information  about 
the  set  of  triangular  facets  still  available  for  the  gen¬ 
eration  process.  The  assembly  of  those  facets  forms 
the  boundary  between  the  part  of  the  domain  which 
has  been  triangulated  and  the  part  which  has  not  yet. 
The  front  must  be  updated  every  time  a  new  element 
is  formed  and  it  becomes  empty  at  the  end  of  the  trian¬ 
gulation  process.  The  generation  proceeds  by  choosing 
a  triangle  in  the  front  as  a  base  for  a  new  tetrahedron. 
The  triangle  will  be  joined  either  with  an  existing  node 
or  with  a  new  one  in  order  to  form  an  element  whose 
dimension  is  as  near  as  possible  to  the  prescribed  one. 


Structured  mesh  generation  algorithm 

The  structured  grid  generator  is  based  on  the  multi¬ 
block  approach  [12,14,17]  implemented  without  con¬ 
straints  on  the  mesh  topology,  but  with  the  restriction 
of  block  continuity  across  faces  (i.e.  one  face  can  be 
shared  by  at  most  two  blocks  and  there  must  be  grid 
line  continuity  across  faces). 

The  first  step  necessary  to  handle  a  new  grid  is  the 
choice  of  its  overall  topology.  The  H-0  topology  has 
been  selected  for  the  65  degree  wing  sweep  configura¬ 
tion  in  order  to  obtain  a  quasi-conical  mesh  that  seems 
to  be  more  appropriate  to  resolve  the  expected  vorti¬ 
cal  flow.  The  far  field  is  a  cylinder  oriented  along  the 
longitudinal  axis.  Its  elliptical  sections  have  the  major 
axis  aligned  with  the  span  direction. 

The  second  step  is  the  generation  of  suitable  surface 
meshes  on  both  the  body  and  the  far  field.  The  grid 
can  be  generated  with  algebraic  techniques  [13]  that 
allow  a  good  control  of  the  grid  points  distribution  with 
few  parameters. 

The  block  decomposition  of  the  flow  domain  follows. 
The  body  and  far  field  surfaces  are  subdivided  in  order 
to  create  blocks  consistent  with  the  adopted  topology. 
Blocks  with  degenerated  edges  and/or  faces  are  allowed 
and,  in  our  case,  a  singular  line  on  all  the  blocks  in  con¬ 
tact  with  the  wing  apex  was  generated.  Inner  and  outer 
boundaries  are  connected  with  lines  whose  shapes  are 
properly  chosen  in  order  to  control  some  grid  proper¬ 
ties  such  as  orthogonality  and  smoothness. 

The  grid  generation  process  is  carried  out  working  first 
on  edges  then  on  faces  and  finally  on  blocks  and  once 
an  element  subdivision  has  been  established  it  will  be 
kept  fixed  in  the  next  step. 

The  mesh  generation  on  block  faces  is  performed  by 
algebraic  techniques.  The  point  distribution  depends 
on  the  shape  of  the  face  edges,  on  their  subdivision 
and  on  the  type  of  interpolation  function  used  to  blend 
an  edge  with  the  opposite  one  [15,17].  The  direction 
of  grid  lines  can  be  controlled  also  by  imposing  ad¬ 
ditional  constraints  like  surface  parametric  derivatives 
on  the  boundaries  in  order  to  obtain  the  desired  mesh 
characteristics.  Care  must  be  taken,  in  this  case,  to 
avoid  mesh  overlapping. 

Finally  grid  generation  inside  blocks  is  carried  out.  The 
same  technique  developed  for  the  faces  is  used  also  in 
this  case,  so  the  previous  considerations  can  be  applied 
again. 

Euler  solver 

Steady  solutions  to  the  Euler  equations  are  captured 
by  pseudo-time  integration  of  the  usual  conservation 
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dw  ,  dF{W)  dG{w)  dH(W)  _ 

dt  dx  ^  dy  dz  '' ' 

Eq.  (1)  is  a  locally  differential  version  of  a  more  general 
conservation  principle 

^J^WdQ+J^'FVd<r  =  0,  (2) 

which  expresses  that  the  rate  of  change  of  the  quantity 
Winn  volume  fi  is  equal  to  the  balance  of  the  fluxes  F 
of  this  quantity  through  the  boundary  F  of  fl.  Namely, 
it  expresses  the  conservation  of  mass,  momentum  and 
total  energy  for  an  inviscid  flow. 

Spatial  discretisation  is  performed  by  computing  the 
integral  form  of  the  Euler  equations  on  a  finite  control 
volume  C,,  illustrated  in  Figs.  5  and  6,  and  assuming 
a  constant  value  for  W  over  the  control  volume.  The 
flux  balance  is  evaluated  by  splitting  the  control  vol¬ 
ume  boundary  into  panels  dSij ,  so  that  each  panel  is 
shared  by  a  pair  of  cells  Ci  and  Cj.  Thus,  the  flux 
balance  reduces  to  the  sum  of  the  contributions  due 
to  each  panel  over  which  we  assume  that  the  fluxes 
are  constant.  The  following  integrated  normal  can  be 
computed; 


T./  =  i'fipnij.Vl,)  =  / 


The  discrete  equation  can  then  be  written  as  it  follows 
areaiC,)-^  +  ^  =  0  ,  (4) 


where  K(:)  represents  the  set  of  indices  of  neighbour-  where  VW  is  a  dii 
ing  cells  of  C,-.  The  numerical  flux  $  is  a  function  of  Laplacian  operator, 
the  quantity  at  the  cells  C,  and  Cj,  and  of  the  into-  , 

grated  normal.  This  formula  is  general  and  the  prop-  f^e  two  schemes,  the  seeing  f^tor  A  represents  the 

erty  of  the  scheme  will  depend  only  on  the  choice  for 

the  numerical  flux,  which  is  required  to  be  consistent  capturing  is  controlled  by  the  coefli- 

with  the  physical  one:  ^)'  proportional  to  a  non- 

dimensional  shock  sensor;  typically,  the  normalised  sec- 
^(w,W,r)  =  =  Fri-+Gff+Hr(‘  (5)  ond  difference  of  the  pr^sure.  The  coefficient  cW  pro- 

V  /  \  /  vides  the  background  dissipation  in  smooth  parts  of 

the  flow  and  can  be  used  to  improve  the  ability  of  the 
A  second  order  spatid  approximation  can  be  obtained  scheme  to  damp  high  frequency  modes.  In  the  neigh- 
by  setting:  borhood  of  shock  waves,  is  put  equal  to  zero  to  cut 

off  the  fourth  difference  operator  which  could  otherwise 
$  flV-  kF-  "n*- 1  d"  X  cause  oscillations.  More  details  about  the  unstructured 

'  "  2  ’’  solver  can  be  found  in  [111. 

.  GW)-l-G(HO)  ,  _ 

+  - 2 - %  The  multiblock  flow  solver  used  for  this  calculation  has 

ff (W.)  +  H{W-)  developed  with  the  main  goal  of  treating  grid 

+  - 2 - —  vf}  ■  (6)  blocks  independently  from  the  overall  mesh  topology. 

Two  layers  of  halo  cells  are  needed  to  coihpute  the  sec- 
This  rqiproximation  does  not  allow  a  clean  capture  of  ond  and  fourth  order  terms  in  the  artificial  viscosity 


We  describe  now  a  way  to  construct  such  artificial  dis¬ 
sipative  terms  both  for  structured  cell  centered  and  for 
unstructured  node  centered  schemes. 

Structured  cell  centered  scheme: 

In  a  structured  mesh,  we  can  associate  to  each  cell  G, 
a  triplet  of  indices  The  dissipative  operator  can 
be  written  as 

+  '  C^) 

where  the  dissipative  flux  is  defined  by  the 

usual  formula  [10] 

+3Wi,,.i-W..u,i))  .(8) 

Unstructured  node  centered  scheme; 

In  a  similar  manner,  the  dissipative  operator  fo-  the 
unstructured  grid  solver  is  written  as 

A(H')  =  Y. 

>eK(i) 

where  the  dissipative  flux  D,j  is  defined  by 

D,i  =  ^  (MO  -  Wi)  -  (VWj  -  VW.))  (10) 
where  VW  is  a  discretized  version  of  an  undivided 


A  second  order  spatid  approximation  can  be  obtained 
by  setting: 


F(M0)-bF(Wj) 

2 

G(Wj)-bG(M0)  „ 

2 

... 


flow  discontinuities  without  undesirable  spurious  oscil¬ 
lations  that  rauld  induce  numerical  instabilities,  there¬ 
fore,  we  needs  to  add  some  artificial  dissipative  terms. 


model.  These  cells  are,placed  on  each  .contact  %es 
between  two.  blocks  and  the  variable  vdu^.ate  takra 
from  the  adjacent  block.  The  scheme  does  not  require 


any  special  treatment  of  degenerated  edges  or  faces. 
Boundary  conditions  at  the  symmetry  plane  are  im¬ 
posed  by  simply  mirroring  the  variables,  at  solid  walls 
linear  pressure  extrapolation  from  the  inner  values  in 
the  flow  field  is  assumed,  while  at  the  far  field  a  flux 
splitting  procedure  is  used. 

The  unstructured  solver  does  not  require  any  special 
technique  for  symmetry  and  wall  boundary  conditions, 
as  it  is  a  node  centered  scheme.  At  far  field,  it  uses  the 
same  procedure  as  the  structured  solver. 

An  explicit  multistage  Runge-Kutta  time  stepping 
scheme  is  used  to  integrate  the  equation  in  time.  Con¬ 
vergence  to  steady  state  is  improved  by  the  use  of  accel¬ 
eration  techniques  such  as  local  time  stepping,  residual 
smoothing  and  enthalpy  damping 

Numerical  experiments 

We  have  investigated  transonic  vortical  flow  over 
the  previously  described  wing-body  configuration  at 
Moo  =  0.85  with  a  10  degrees  angle  of  attack. 

Structured  grid: 

Using  the  technique  described  above  a  mesh  composed 
by  12  blocks  with  a  total  of  309760  cells  was  gener¬ 
ated.  The  final  result  is  shown  in  Figs.  7-9.  The  block 
structure  is  reported  in  Fig.  7.  The  symmetry  plane 
and  the  body  surface  are  shown  in  Fig.8,  while  Fig.  9 
illustrates  three  I-constant  surfaces  to  give  an  idea  of 
the  mesh  resolution  in  the  fiow  field. 

A  vortex  over  the  wing  upper  side  has  been  captured  by 
our  calculation.  Fig. 10  shows  that  it  seems  to  originate 
quite  close  to  the  configuration  apex,  while  Fig.  11 
depicts  its  development  in  the  flow  field  in  terms  of 
pressure.  The  vortex  core  is  detectable  by  the  analysis 
of  the  to*al  pressure  losses  distribution.  Isoplots  of  this 
variable,  i  hown  in  Fig.  12,  are  used  to  trace  it  in  the 
flow  field  and  indicate  that  vorticity  is  generated  at  the 
wing  apex  and  is  fed  also  from  the  sharp  leading  edge. 
Finally,  the  surface  pressure  in  correspondence  of  three 
cuts  on  the  body  is  presented  in  Fig.  13. 

Unstructiured  grid: 

Firstly,  an  experiment  with  a  coarse  mesh  (30256 
nodes)  was  made  in  order  to  get  an  initial  solution 
which  would  indicate  the  trends  of  the  flow  structure. 
Fig.  14  shows  the  body  surface  discretisation,  which 
consist  approximately  of  12000  triangular  facets.  This 
initial  result  shows  a  vortex  on  the  wing  leeward  side. 


on  the  wing,  in  this  kind  of  vortical  flow,  is  strongly 
related  to  the  resolution  of  the  vortex,  whose  core  is 
located  over  the  body  surface.  Therefore,  a  better  res¬ 
olution  of  the  vortex  will  induce  a  better  resolution  of 
the  pressure  distribution  on  the  body  surface  without 
needing  to  create  more  points  on  it. 

The  criterion  used  for  the  mesh  refinement  procedure 
is  based  on  an  entropy  deviation  sensor,  which  best 
identify  the  vortex  location.  A  refined  mesh  of  55722 
nodes  was  generated  by  splitting  the  mesh  sides  where 
the  value  of  the  sensor  exceeded  a  prescribed  limit. 

The  new  solution  indicates  that  the  pressure  in  the  suc¬ 
tion  peak  is  substantially  lower  than  the  one  found  in 
the  results  on  the  coarse  level  grid  as  shown  in  Fig.  15. 
Figs.  16  to  18  illustrate  the  effect  of  mesh  refinement 
on  the  solution.  Isoplots  of  the  pressure  are  shown  in 
Fig.  19.  Finally,  the  surface  pressure  in  correspon¬ 
dence  of  three  cuts  on  the  body  is  presented  in  Fig. 
20. 

Comparison  between  the  two  approaches: 

Figs.  21  to  23  present  comparisons  of  the  solution  ob¬ 
tained  by  the  two  methods.  The  results  appear  to  be 
quite  similar  in  the  flow  field.  The  vortex  in  the  un¬ 
structured  grid  solution  is  well  resolved,  thanks  to  the 
adaptive  strategy,  even  if  the  number  of  nodes  is  much 
lower  than  the  one  used  in  the  structured  grid.  Com¬ 
parison  in  terms  of  pressure  coefficients  on  the  body 
surface  indicates  some  discrepancies  in  the  vortex  re¬ 
gion,  but  in  our  experience  we  think  that  they  could 
depend  from  different  mesh  resolution  in  critical  areas 
where  vorticity  is  generated.  Further  investigations  are 
still  necessary  to  better  understand  the  effects  of  mesh 
density  on  the  solution. 

Conclusions 

Solutions  of  vortex  flows  around  a  wing-body  configu¬ 
ration  obtained  with  structured  and  unstructured  grids 
have  been  presented.  Comparable  results  have  been 
obtained  which  confirm  the  suitability  of  the  unstruc¬ 
tured  approach  also  for  transonic  vortical  fiow  simu¬ 
lation.  We  have  found  that  the  mesh  density  in  the 
vortex  core  largely  influence  the  accuracy  of  the  solu¬ 
tion,  making  the  use  of  adaptive  strategy  quite  attrac¬ 
tive.  However,  we  believe  that  additional  studies  on 
the  effects  of  mesh  density  in  the  vortex  region  and  at 
sharp  leading  edges  are  needed,  together  with  further 
research  on  adaptive  strategies. 


In  order  to  improve  the  solution,  we  have  used  a  mesh 
refinement  technique.  A  first  problem  appears:  where 
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F»g.l3  Pressure  cocHicent  distribution  oa  the 
body  surface  in  correspondance  of  30%,60%  and 
80%  of  the  toot  chord. 


Fig-lS  Comparison  of  pressure  coefiiccnt  for  the 
coarse  and  adapted  unstructured  grid  at  80%  of 
the  root  chord. 
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Fig.16  Two  cuts  shoeing  the  brttet  resolution  in 
the  vortex  region  for  the  adapted  grid  (right). 


Fig.l4  Surface  disaeUsation  of  the  coarse 
unstructured  grid. 


Fig.l7  Pressure  coefficents  for  the  initial  (left)  Fig-W  Body  pressure  cocfficent  curves  in 
and  adapted  (right)  grid.  correspondence  of  three  cuts  in  the  unstructured 

grid. 
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pressure  coefliccnts  for  tbe  structured 
compared  with  the  unstructured 
result  (rrgfit)  at  30^60%  and  80%  of  r^S. 


entropy  deviation  for  the  struct! 
result  (ogiit)  at  30%,60%  and  80%  of  root  cb 
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ANALYSIS  OF  RESULTS  OF  A^^  EULER-EQUATION  METHOD 
APPLIED  TO  LEADING-EDGE  VORTEX  FLOW*' 
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P.O.  Box  90502, 1006  BM  Amsterdam 
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SUMMARY 

The  flow  about  a  65-deg  sharp-edged  cropped  delta 
wing  with  and  without  an  under-wlng  body  is  slau- 
lated  by  solving  the  Euler  equations. 

Results  are  presented  for  the  wing-body  configura¬ 
tion  at  a  transonic  free-strean  Mach  number  at  in¬ 
cidences  ranging  from  10  to  20  deg  for  which  In 
the  flow  field  above  the  wing  a  strong  vortex  de¬ 
velops  as  well  as  shocks  for  the  high  incidence  of 
20  deg. 

Results  for  .bsonic  to  transonic  free-stream  Mach 
numbers  at  high  incidence  are  obtained  for  the 
wing- alone  configuration  for  which  in  the  presence 
of  a  strong  vortex,  at  transonic  free-stream  Mach 
number  shocks  appear  in  the  solution. 

For  the  wing-body  configuration,  the  computational 
results  are  compared  with  experimental  data,  and 
the  solution  in  the  near  wake  is  Investigated. 


IMTRODUCTION 

Vortical  flow  due  to  separation  from  sharp  leading 
edges  plays  an  important  role  in  the  aerodynamics 
of  high-performance  fighter  aircraft  and  missiles 
operating  at  high  incidence.  The  formation  of  the 
leading-edge  vortex  above  the  upper  surface  of  the 
wing  as  a  result  of  the  rolllng-up  of  the  free 
shear  layer  which  forms  at  the  sharp  leading  edge, 
as  well  as  the  Influence  of  the  vortex  on  the  flow 
over  the  upper  surface  of  the  wing,  is  only 
slightly  dependent  on  Reynolds  number.  This 
implies  that  this  type  of  hlgh-Reynolds-number 
flow  can  be  simulated  by  invlscid  flow  models. 

Potential- flow  methods  have  been  applied  success¬ 
fully  to  the  sub-critical  flow  about  delta-like 
wing  configurations  (Ref.  1).  In  these  methods  tue 
vortical  flow  is  modelled  by  "fitting*'  vortex 
sheets  and  vortex  filaments  into  the  potential 
flow  field.  Although  their  position  and  strength 
is  determined  as  part  of  the  solution,  the  topolo¬ 
gy  of  the  flow  must  be  well-defined  and  known  in 
advance. 


Many  investigations  have  been  carried  out  to  study 
the  prediction  of  steady-state,  vortex-dominated 
flow  by  methods  based  on  the  Euler  equations 
(Refs.  2-7),  addressing  various  aspects  of  the  nu¬ 
merical  simulation  of  this  type  of  flow. 

In  the  model  based  on  the  Euler  equations  viscous 
effects  are  neglected.  However,  these  effects  are 
known  to  be  responsible  for  Che  occurrence  of  sec¬ 
ondary  separation  underneath  the  leading-edge  vor¬ 
tex  (see  Fig.  1).  The  secondary  vortex  which  re-, 
suits  from  this  smooth-surface  flow  separation, 
affects  the  position  and  strength  of  the  primary 
vortex.  To  take  these  effects  into  account  more 
elaborate  models  of  the  flow  must  be  used.  In  the 
literature  several  investigations  into  numerical 
boundary  conditions  to  prescribe  this  secondary 
separation  within  an  inviscld  flow  modal  can  be 
found  (Refs.  6-10).  Furthermore  several  investiga¬ 
tions  have  already  been  made  Co  extend  the  flow 
model  based  on  Euler's  equations  to  a  flow  model 
based  on  the  Navier-Stokes  equations  (Refs. 

11.13).  However,  compared  to  Euler  methods,  Ha- 
vier-Stokes  methods  require  relatively  fine  grids 
to  resolve  the  small-scale  viscous  effects,  lead¬ 
ing  to  computer  time  requirements  coo  large  for 
applications  in  a  design  environment. 

In  the  present  paper  Che  Euler  method  under  deve¬ 
lopment  at  HIR  is  applied  to  the  subsonic  and 
transonic  flow  about  a  65-deg  sharp-edged  cropped 
delta  wing  with  and  without  an  under-wing  body. 

The  delta  wing  has  a  taper  ratio  of  0.15.  The 
chordwise  airfoil  section  is  the  NACA  64A005  air¬ 
foil  which  upstream  of  its  point  of  maximum  thick¬ 
ness  (0.4  c)  is  smoothly  blended  Into  a  biconvex 
shape.  Attached  to  the  lover  wing  surface  is  a 
body  which  starts  at  the  apex  of  the  wing,  has  an 
ogival  type  of  nose  (x/c^  ^  0.35)  and  smoothly 
blends  into  a  cylindrical  body.  Downstream  of  the 
trailing  edge,  the  body  is  attached  to  a  sting  of 
circular  cylindrical  shape.  The  diameter  of  the 
sting  is  substantially  smaller  than  the  maximum 
width  of  the  body. 


i 
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The  mathematical  model  based  on  the  Euler  equa¬ 
tions  allows  for  rotational  flow  everywhere  in  the 
flow  field.  Computational  methods  based  on  this 
flow  model  "capture"  vortical  flow  regions  along 
with  (strong)  shocks  as  part  of  the  discrete  flow 
solution.  This  Implies  that  computational  methods 
based  on  this  mathematical  model  are  rather  at¬ 
tractive  for  cases  with  vortical  flow,  shocks  and 
the  mutual  interaction  of  these  two  non-linear 
flow  phenomena.  At  transonic  speed  the  latter  type 
of  flow  occurs  for  the  case  of  highly-swept  wing 
configurations  at  high  incidence. 

The  computer  resources  required  for  an  Euler 
method  can  be  met  by  the  presently  available  su¬ 
percomputers  .  Application  of  Euler  met*  Js  to  vor¬ 
tex  flow  have  already  demonstrated  their  potential 
for  utilization  in  the  aerodynuic  analysis  of 
fighter-like  aircraft  and  missiles. 


For  the  wing-body  configuration  detailed  experi¬ 
mental  data  is  available  up  to  higli  incidences  and 
the  structure  of  the  vortical  flow  field  is  rea¬ 
sonably  well  known  (Refs.  14-15). 


The  purpose  of  the  present  investigation  is  to  as¬ 
sess  the  capability  of  the  Euler  method  to  simu¬ 
late  accurately  the  details  of  the  flow  around  the 
generic  fighter-like  configurations  considered. 

For  these  configurations  the  flow  Is  dominated  by 
a  strong  vortex  resulting  from  flow  separation  at 
the  sha^  leading  edge.  At  transonic  speed  there 
is,  in  addition,  the  Interaction  of  this  vortex 
with  shocks  resul^ng  In  a  rather  complex  flow 
pattern.  The  present  computational  study  is  mainly 
concerned  with  the  following: 


•  comparison  of  computational  results  with  axper* 
Imental  data  for  the  wing-body  configuration;' 

-  analysis  of  fundamental  aspects  of  the  flow  in 
the  near  wake  of  the  wing-body  configuration;' 

-  evolution  of  the  solution  with  increasing  inci¬ 
dence  for  the  wing-body  configuration  at  fixed 
Hach-number; 

-  evolution  of  the  solution  with  increasing  Mach 
number  at  fixed  incidence  for  the  wing-alone 
configuration. 

In  Ref.  16  earlier  computational  results  have  been 
presented  for  the  flow  about  the  wing-alone  con¬ 
figuration. 


OUTLINE  OF  METHODS  USED 

The  Euler  simulation  system  under  development  at 
NLR  consists  of  subsystems  for  geometry  proces¬ 
sing,  grid  generation,  flow  calculation,  flow  vi¬ 
sualization  and  data  processing  (Ref.  17-19). 

The  computational  meshes  for  the  wing-alone  and 
the  wing-body  configuration  have  been  obtained  u- 
sing  the  HLR  grid-generator  (Ref.  17).  With  this 
grid  generator,  multi -blocked  surface- fitted  grids 
are  produced.  The  grids  are  initialized  through 
transfinite  interpolation,  and  tuned  through  a 
method  based  on  elliptic  partial  differential 
equations  with  interactively  controlled  weight 
functions.  The  grid  lines  are  continuous  but  may 
be  slope-discontinuous  across  block  boundaries. 

The  Euler  method  (Ref.  18)  used  solves  the  time- 
dependent  Euler  equations  employing  the  fully  con¬ 
servative  algorithm  of  Jameson  et  al.  (Ref  20). 

The  five  equations  for  the  conservation  of  mass, 
momentum  in  each  of  the  three  space  directions  and 
energy  are  discretized  using  a  cell-centered  cen¬ 
tral-difference  scheme.  Second-  and  fourth-order 
artificial  dissipation  terms  are  added  to  the  dis¬ 
cretized  equations.  The  fourth-order  dissipative 
term  provides  the  back-ground  dissipation  required 
to  suppress  the  tendency  for  odd-even  point  de¬ 
coupling  of  the  solution.  In  regions  with  large 
gradients,  e.g.  near  shocks,  the  second-order  dis¬ 
sipative  term  is  required  to  damp  pre-  and  post¬ 
shock  oscillations.  A  switch  function,  dependent 
on  the  second  derivative  of  the  pressure,  is  used 
as  sensor  to  detect  the  locations  where  the  sec¬ 
ond-order  dissipative  term  is  switched  on  and  the 
fourth-order  term  is  switched  off. 

To  obtain  steady-state  solutions,  Integration  in 
time  is  carried  out  by  a  four-stage  Runge-Kutta 
scheme  in  which  the  dissipative  terms  are  evalu¬ 
ated  at  the  first  step  only.  Convergence  to  steady 
state  is  accelerated  by  applying  local  time-step- 
ping,  enthalpy- damping  and  residual-averaging. 

At  the  solid  wall  the  boundary  condition  of  zero 
normal  velocity  is  applied,  combined  with  a  sec¬ 
ond-order  extrapolation  of  the  pressure  from  the 
flow  field  towards  the  solid-wall.  The  boundary 
conditions  at  the  outer  boundary  of  the  computa¬ 
tional  domain  are  based  on  one -dimensional  Riemann 
invariants. 

The  NIR  Euler  method  can  handle  multi -blocked 
grids.  At  the  internal  block  interfaces  a  special 
boundary  condition  is  implemented  which  accommo¬ 
dates  slope-discontinuous  grid  lines  as  well  as 
Jumps  in  cell  size  across  block  boundaries.  It  is 
permitted  to  have  a  grid  with  degenerated  cells, 
i.e.  cells  with  faces  and/or  edges. collapsed  into 
a  line  or  a  point.  Presently  the  blocks  are  pat¬ 
ched  one-to-one,  in  the-near  future  this  severe 
constraint  in  constructing  a  multi-block  grid  will 
be  relaxed. 


Visualization  and  inspection  of  the  solutions  is 
carried  out  on  graphical  workstations  using  in- 
house  developed  software  (Ref.  19) . 

The  methods  are  developed  and  implemented  on  the 
NLR  computer  networx  consisting  of  a  NEC-SX2  su¬ 
percomputer,  a  Cyber  962  mainframe  supplemented  by 
graphic  workstations  for  visualization,  a  file- 
transfer  and  a  terminal  network. 


GRIDS 

For  the  wing-body  configuration  a  16-block  C-0 
type  grid  is  used  to  discretize  the  starboard  half 
of  the  computational  domain.  In  chordvise  direc¬ 
tion  the  grio  is  of  C-type,  In  spanwlse  direction 
of  0-type  topology.  The  grid  has  dimensions 
108x82x28  (247,968  cells),  that  is  In  chordwise 
direction  108  cells  (80  from  the  apex  towards  the 
trailing  edge,  28  from  the  trailing  edge  towards 
the  downstream  outer  boundary) ,  82  cells  in  span- 
wise  direction  (38  on  the  upper  wing  surface,  44 
on  the  lower  wing-body  surface)  and  28  cells  in 
the  direction  from  the  configuration  surface  co¬ 
wards  the  outer  boundary.  On  the  forward  part  of 
the  upper  surface  of  the  wing  the  grid  is  "coni¬ 
cal”  (see  in  Fig.  2).  Grid  lines  are  clustered 
near  the  apex,  near  the  leading  edge  and  near  the 
trailing  edge.  Adjacent  to  the  solid  surface, 
where  the  gradients  in  the  flow  are  expected  to  be 
large,  the  cell-stretching  ratio  in  the  direction 
normal  to  the  solid  surface  is  close  to  unity.  The 
grid  has  a  singular  line  running  from  the  apex  in 
upstream  direction  towards  the  outer  boundary. 

The  outer  boundary  is  4.5c(i  from  the  apex  in 
upstream  direction,  Scjt  from  the  trailing  edge  in 
downstream  direction,  from  the  leading  edge  in 
spanwlse  direction  and  Sc;.  from  the  configuration 
surface  in  normal  direction,  where  is  the  root 
chord. 


For  the  wing-alone  configuration  an  S-block  grid 
has  been  generated  with  an  0-0  type  topology.  The 
grid  has  dimensions  144x38x28  (153,126  cells),' 
that  is  in  chordvise  direction  144  cells  on  both 
the  wing  upper  and  lover  surface,  38  cells  in 
spanwlse  direction  and  28  cells  between  the  wing 
surface  and  the  outer  boundary  of  the  computation¬ 
al  domain.  This  grid  is  symmetric  with  respect  to 
the  horizontal  plane  of  symmetry  of  the  wing.  On 
the  wing  upper  surface  the  grid  characteristics 
are  comparable  to  those  of  the  grid  of  the  wing- 
body  configuration.  The  grid  is  quasl-conical, 
cells  are  clustered  near  the  apex,  leading-  and 
traillng-edges.  Also  in  normal  direction  the  cell 
stretching  ratio  near  the  wing  has  been  kept  close 
to  unity.  The  grid  has  also  a  singular  line  which 
rxms  from  the  apex  in  upstream  direction  towards 
the  outer  boundary.  The  outer  boundary  of  the  com¬ 
putations''  domain  is  formed  by  the  surface  of  a 
sphere  with  center  at  f  •  x/cr  *  0.7, 

V  ~  y/s  "*  0.0,  -  z/s  -  0.0  and  radius  of  Scr, 

where  s  denotes  the  local  semi-span. 


FLOW  CONDITIONS 

With  the  Euler  method  the  flow  around  the  wing- 
body  configuration  has  been  simulated  in  ^e  tran* 
sonic  flow  regime  for  a  fixed  free-stream  Mach 
number  of  0,85  and  angles  of  attack  of  10,  IS  and 
20  degrees. 

The  flow  around  the  wing-alone  configuration  has 
been  computed  for  both  the  subsonic  and  transonic 
flow  regime.  Results  wiH  be  presented  for  free- 
stream  Mach-nuubefs  of  6. IS,  O.SO  and  0.85  for  a 
fixed  incidence  of  20  deg. 


-  -i* 


All  calculations  have  convcrge<l  1500  to  2500 
Iterations ,  in  which  the  root*nean*square  norta  of 
the  tioC'llke  variation  of  tho  density  reduces  by 
tour  Ciders  of  magnitude,  starting  from  the  solu> 
tlon  on  the  preceding  grid  level  and  from  uniform 
f^ee-strean  flow  on  the  coarsest  level. 

On  the  HSC*>SX2  supercomputer  typical  computing 
times  are  one  to  two  Cru  hours  for  a  complete 
computation  on  the  grids  described. 

ANALYSIS  OF  COMPUTATIONAL  RESULTS 


For  the  transonic  free  stream  Mach  number  of  0.85,; 
20  deg  Incidence,  the  nusorical  solution  on  Che 
wing-body  configuration  is  compared  with  experi¬ 
mental  data  obtained  in  the  NLR  HST  wind  tunnel  at 
a  Reynolds  number  of  9  tillllon  for  nominally  the 
same  configuration  (Ref.  IS).  The  t&ost  important 
difference  between  the  geometry  used  in  the  coepu* 
tation  and  that  of  the  wind-tunnel  model  is  that 
for  Che  first,  the  body  starts  at  Che  apex  of  the 
wing,  while  for  the  latter  the  body  starts  some¬ 
what  downstream  cf  the  apex  of  the  wing. 

The  solution  was  obtained  with  Che  parameters  con¬ 
trolling  the  artificial  dissipative  terms  set  at 
their  standard  values  for  transonic  flow,  i.e. 
with  the  fourth-difference  term  switched  on,  the 
second-difference  term  taking  over  at  locations 
with  large  gradients. 

Fig.  3  shows  the  isobar  pattern  on  the  upper  sur¬ 
face  of  the  wing-body  configuration  obtained  from 
the  Euler  solution  and  the  one  obtained  from  the 
measured  pressure  distribution. 

The  low-pressure  region  on  the  upper  surface, 
forming  the  foot  print  of  the  leading-edge  vortex, 
indicates  that  flow  separation  from  the  leading 
edge  starts  very  close  to  the  apex.  On  the  forward 
part  of  :he  wing  the  pressure  distribution  is  more 
or  less  conical. 

In  the  computed  result  the  closely  spaced  Isobars 
outboard  of  the  pressure  minimum  indicates  the 
presence  of  a  "cross-flow  shock"  underneath  the 
vortex  core.  On  the  rear  part  of  the  configuration 
upper  surface,  a  second  shock  appears  in  the  com¬ 
puted  result.  At  x/cji  -  0.95  this  shcck,  which 
starts  near  the  kink  in  the  leading  edge,  merges 
with  the  cross-flow  shock  into  a  Y-shaped  shock 
system,  with  as  stem  the  strong  cross-flow  shock. 
On  the  central  part  of  the  wing  a  so  called  "rear 
shock"  appears,  normal  to  the  plane  of  symmetry. 
This  shock  is  due  to  the  upstream  effects  of  the 
trailing  edge,  where  the  Kutta  condition  must  be 
satisfied. 


second  (weak)  shock  appears  at  the  Junction  of  the 
wing  and  the  sting.  Here  the  flow  first  acceler¬ 
ates  sharply  over  the  discontinuity,  followed  im- 
mediataly  by  a  conp.*'ession  throrgh  a  shock.  Exper¬ 
imental  data  is  not  available  that  close  to  the 
tralllng-edge,  but  it  may  be  expected  that  viscous 
effects  cause  local  flow  separation  which  will 
smooch  out  the  local  suction  peak. 


Fig.  5  presents  the  pressure  distribution  in  a 
cross-flow  plane  perpendicular  to  the  configura¬ 
tion  at  x/cji  -  0.6.  Due  to  Che  clearly  visible 
cross-flow  shock  and  ocher  compressibility  ef¬ 
fects,  the  vortical  flow  region  in  transonic  flow 
has  a  flatter  shape  chan  in  ca^e  of  subsonic  flow. 
This  cross-flaw  shock  causes  the  Isobars  to  lean 
backwards  cowards  the  plane  of  symmetry.  Outboard 
of  the  cross -flow  .»hock  and  underneath  Che  shear 
layer  from  the  leading  edge  there  is  a  relatively 
large  region  where  the  variations  in  the  pressure 
are  small. 

In  Fig.  6  the  computed  surface  pressure  distribu¬ 
tion  at  the  spanwlse  section  x/cj(  *  0.6  is  compared 
with  NLR  experimental  data  (Ref.  13).  On  Che  lower 
surface  tho  agreement  of  computed  and  measured 
data  is  excellent.  For  the  upper  surface  the  situ¬ 
ation  is  leas  satisfactory.  In  the  Euler  solutions 
the  cross-flow  shock  is  located  at  about  75X  local 
semi-span,  while  in  the  experiment  the  (weaker) 
cross-flow  shock  is  located  much  further  inboard 
at  60X  local  semi-span.  The  experimental  data  fur¬ 
ther  indicate,  as  may  be  concluded  from  the  pro¬ 
nounced  secona  suction  peak,  that  the  cross-flow 
shock  provokes  an  early  secondary  separation  chat 
results  in  a  relatively  strong  secondary  vortex. 


Pig.  7,  which  compares  the  computed  and  measured 
surface  pressure  distribution  along  the  chordwise 
section  in  the  plane  of  symmetry,  in  general  shows 
a  satisfactory  correlation.  The  rear  shock  shows 
jp  clearly  in  the  Euler  solution.  However,  in  the 
computation,  it  is  situated  at  a  slightly  more 
downstream  location  than  in  the  measurement,  prob¬ 
ably  due  to  the  neglect  of  viscous  effects  in  th^ 
numerical  simulation.  At  the  trailing  edge  the 
steep  expansion  and  subsequent  shock  associated 
with  the  flow  over  the  Junction  of  the  wing  and 
the  sting,  appears  to  be  rather  pronounced.  Vis¬ 
cous  effects  probably  will  modify  this  feature 
considerably.  Finally  note  that  at  the  apex  there 
ate  rela*'lveXy  large  differences  between  theory 
and  experiment.  These  are  presumably  due  to  dif¬ 
ferences  in  tho  geometry  as  well  as  to  viscous 
effects. 


In  the  Isobar  pattern  of  the  measured  data  the 
rear  shock  shows  up,  as  does  the  cross-flow  shock. 
However,  the  Y-shaped  shock  system  is  not  present. 
For  this  the  following  explanation  is  given.  In 
the  experiment  a  cross-flow  shock  is  formed  Just 
downstream  (—outboard)  of  the  suction  peak  under- 
ne.'*.th  the  leading-edge  vortex.  Viscous  effects 
will  cause  the  flow  to  separate  Immediately  down¬ 
stream  (-outboard)  of  the  cross-flow  shock.  The 
secondary  vortex  that  is  subsequently  formed, 
causes  the  leading-edge  vortex  as  well  as  the 
cross-flow  shock  to  move  to  a  more  inboard  loca¬ 
tion  and  simultaneously  will  lower  the  suction 
peak  due  to  the  primary -^voreex.  In  the  final  equi¬ 
librium  situation  the  cross-flow  shock  is  at  a 
much  more  inboard  position  than  formed  in  the  in- 
viscld  flow  solution  without  secondary  separation 
and  a  Y-shaped  shock  system  does  not  form. 

In  Fig.  4,  showing  the  calculated  isobar  pattern 
In  the  plane  of  syimetzy  (y/s  -  0.0)  j  the  rear 
shock  is  clearly  vCslbls:  The  extent  of  the  region 
with  supersonic  flow  can  be  determined  easily- 
since  the  -  -0.3  Isobar  corresponds  with  the 
critical  value  of  the  pressure  coefficient:  Also  a 


la  this  section  the  development  of  the  flow  field 
Just  upstream  and  Just  downstream  of  the  trailing 
eoge  in  the  near  wake  Is  analyzed  in  detail.  The 
case  considered  Is  again  the  transonic  flow  about 
the  wing-body  configuration  at  a  free-stream  Mach 
number  of  0.85  and  20  deg  incidence.  Since  experi¬ 
ments  ha\^e  Indicated  onset  of  vortex  breakdown  for 
^er  Incidences  than  the  one  considered,  we 
don't  have  to  consider  this  complex  and  not  yet 
fully  understood  flow  phenomenon. 

Hummel  (Ref.  21)  showed  that,  at  least  for  subson¬ 
ic  flow  conditions,  a  complex  vortex  structure 
develops  in  tho  near  waka.'  The  constitutive  ele¬ 
ments  of  this  mushroom- shaped  vortex  structure, 
are  the  leading-edge  vortex  and  the  so-called 
trailing- edge  vortex.'  Hie  latter  vortex  contains 
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vorticlcy  of  sign  opposite  to  that  contained  In 
the  leading*  edge  vortex  and  foms  ionedlately 
downstream  of  the  trailing  edge.  Although  the  sign 
(negative)  of  the  vortlclty  in  the  tralllng*edge 
vortex  Is  the  sane  as  that  In  the  vortex  resulting 
from  the  siiooth*surface  secondary  separation  un* 
derneath  the  leading*edge  vortex.  It  is  a  differ* 
ent  vortex.  This  has  been  confirmed  In  Invlscld 
flow  simulations  (Refs.  16,22).  It  forms  as  a  con* 
sequence  of  the  wake  at  the  trailing  edge 
(x/cji  -  1.0)  containing  vortlclty  of  both  signs, 
l.e.  negative  In  the  shear  layer  between  the  plane 
of  symmetry  and  some  lateral  location  near  that  of 
the  leading-edge  vortex,  positive  in  the  remainder 
of  the  shear  layer  from  of  the  trailing  edge,  in 
the  shear  layer  from  the  tip  and  In  the  leading* 
edge  vortex  Itself  (Ref.  22). 


In  Invlscld  flow  simulations  total-pressure  losses 
should  occur  In  shock  waves  only.  However,  in  re¬ 
sults  of  Euler  codes  total-pressure  losses  also 
occur  due  to  discretization  errors.  Implementation 
of  approximate  boundary  conditions  etc.,  as  well 
as  due  to  the  explicitly  added  artificial  viscosi¬ 
ty  terms  of  the  numerical  algorithm.  For  the  pres¬ 
ent  type  of  applications,  these  numerically  In¬ 
duced  total-pressure  losses  are  largest  In  regions 
with  large  gradients,  specifically  In  regions  with 
concentrated  vortlclty  such  as.  free  shear  layers 
and  In  particular  vortex  cores. 

Fig.  8  shows  the  distribution  of  the  losses  In 
total  pressure  In  five  consecutive  planes 
x/cx  constant,  namely  x/ck  *  0.95,  1.0,  1.025, 
l.OS  and  1.10.  In  the  planes  x/cr  •  0.95  and  1.0, 
the  leading-edge  vortex  can  be  Identified  by  the 
region  with  significant  total-pressure  losses,  up 
to  a  loss  of  60X  of  the  free -stream  value  at  the 
center  of  the  vortex  core.  The  closely-spaced  Iso- 
lines  perpendicular  to  the  surface  underneath  the 
vortex  core  Indicate  the  cross-flow  shock  which 
gives  rise  to  a  loss  of  15X  of  the  free-stream 
value.  That  the  total -pressure  losses  due  to  the 
cross-flow  shock  are  that  high,  can  be  explained 
in  terms  of  the  local  Hach  number  upstream  of  the 
shock  having  a  value  In  the  order  of  2. 

It  follows  from  Fig.  8  that  the  leading-edge  vor¬ 
tex  continues  downstream  of  the  trailing  edge,  as 
a  region  with  total -pressure  losses  of  about  the 
same  magnitude,  gradually  changing  Its  shape  In 
response  to  the  changing  flow  field.  Downstream  of 

the  trailing  edge  a  second  region  with  significant 
total-pressure  losses  (  up  to  ASX  of  the  free- 
stream  value)  develops  rapidly.  It  is  the  "trail- 
ing-edge  vortex*  which  results  from  the  roll-up  of 
the  negative  vortlclty  contained  In  the  wake.  The 
leading-edge  and  the  tralllng-edge  vortex  Interact 
with  each  other  and  at  the  section 
x/ck  -  1.10,  a  mushroom-shaped  vortex  system  re¬ 
sults,  just  as  found  In  subsonic  flow.  Also  note 
that  downstream  of  the  trailing  edge  the  cross- 
flow  shock  has  disappeared. 

Another  feature  can  be  detected  in  the  sections  at 
x/cJ^  -  0.95,  1.0,  1.025,  namely  a  distortion  in  the 
Isobar  pattern  signifying  a  t^lrd  region  with  con¬ 
centrated  vortlclty.  This  feature  has  associated 
with  it  a  loss  in  total  pressure  of  30-35Z  of  the 
free-stream  value  and  can  be  traced  back  to  the 
kink  in  the  leading  edge,  l.e.  to  x/cx  •  0.85.  It 
Is  termed  the  "tip  vortex".  Because  this  tip  vor¬ 
tex  leaves  the  leading  edge  at  a  relatively  large 
angle  with  respect  to  the  surface,  it  has  little 
effect  on  the  surface  pressure  distribution.  From 
the  contours  in  the  consecutive  cross -flow  planes 
It  can  be  seen  that  the  dp  vortex  travels  around 
the  leading-edge  vortex.  At  x/cg  »  1.10  It  Is  so 
close  to  the  core  of  the  leading-edge  vortex  that 
It  can  no  longer  be  distinguished  and  may  be  as¬ 
sumed  to  be  fully  merged  with  the  latter. 


Evolution  of  Euler  solution  with  incidence 
In  this  section  the  evolution  with  Incidence  of 
the  Euler  solution  around  the  wing-body  configura¬ 
tion  at  the  transonic  free-stream  Mach  number  of 
0.85  Is  discussed.  Computational  results  are  pre¬ 
sented  for  Incidences  of  10,  15  and  20  deg. 

Fig.  9  shows  the  Isobar  pattern  on  the  upper  sur¬ 
face  of  the  configuration  for  these  three  inciden¬ 
ces.  Judging  from  the  region  with  low  pressures  It 
is  seen  that  with  Increasing  Incidence  the  lead¬ 
ing-edge  vortex  becomes  stronger  and  shifts  to  a 
more  inboard  position.  For  all  cases  the  leading- 
edge  flow  separation  and  the  vortex  formation 
starts  at  the  apex.  At  10  deg  Incidence  the  flow 
Is  still  nearly  shock  free,  with  only  a  cross-flow 
shock  near  the  wing  tip.  For  the  Incidences  of  IS 
and  20  deg  the  cross-flow  shock  develops  on  the 
remainder  of  the  wing,  moving  in  Inboard  direction 
with  Increasing  incidence.  On  the  rear  part  a  Y- 
shaped  shock  system  evolves,  resulting  from  the 
process  in  which  a  second  shock  develops  on  the 
aft  part  of  the  wing  near  the  wing  tip,  which  sub¬ 
sequently  merges  with  the  cross-flow  shock.  As  far 
as  the  "rear  shock*  is  concerned  It  Is  seen  that 
It  starts  to  develop  at  15  deg  incidence  and  Is 
well-developed  at  20  deg  Incidence. 


In  Pig.  10a  the  Isobar  pattern  In  the  cross-flow 
plane  x/cx  ••  0.6  are  presented  for  the  three  Inci¬ 
dences.  with  increasing  Incidence  the  region  oti 
the  upper  surface  Influenced  by  the  leading-edge 
vortex  becomes  larger,  while  the  center  of  the 
vortex  moves  more  Inboard  and  upward.  In  the  flow 
field  above  the  upper  surface,  the  cross -flow 
shock  develops  accompanied  by  a  gradually  more 
backward  leaning  of  the  lsobar»  around  the  center 
of  the  vortex  core.  In  the  vortex  core  Itself,  the 
static  pressure  decreases  with  Increasing  Inci¬ 
dence,  Indicating  that  the  vortex  becomes  stron¬ 
ger.  Also  note  that  downstream  (•outboard)  of  the 
cross-flow  shock  the  region  where  the  static  pres¬ 
sure  Is  about  constant  Increases  In  area.  Fig.  10b 
shows  the  corresponding  cross-flow  plane  Isollnes 
of  total-pressure  losses.  It  Indicates  Chat  at  low 
Incidence  the  vortical  flow  region  Is  rather  close 
to  Che  surface  while  with  Increasing  Incidence, 

Che  region  with  vortical  flow  Increases  In  cross- 
sectional  area.  The  maximum  total-pressure  loss 
occur  at  the  center  of  the  vortex  core  and  Its 
magnitude  Increases  with  incidence  from  35X  at  10 
deg  to  60X  of  the  free-stream  value  at  20  deg  In¬ 
cidence.  Across  the  cross  flow  shock  the  total- 
pressure  losses  amount  from  5X  at  15  deg  Incidence 
to  15X  at  20  deg  incidence.  In  each  of  the  three 
cases  considered  In  Fig  10b,  the  shear  layer  from 
the  leading  edge  is  clearly  outlined  as  a  region 
with  significant  total -pressure  losses. 


Fig.  11  shows  the  development  with  incidence  of 
the  distribution  of  the  surface  pressure  coeffi¬ 
cient  at  the  spanwise  section  x/cg  -0.6.  Again  it 
shows  that  the  height  of  the  suction  peak  and 
therefore  the  strength  of  the  vortex,  increases 
with  Increasing  incidence.  The  suction  peak  grows 
both  In  height  and  In  width  and  moves  in  inboard 
direction,  while  on  its  outboard  flank  the  cross- 
flow  shock  develops.  'Ihe  i^per-surface  attachment 
point.  Indicated  by  a  local  maximum  In  the  pres¬ 
sure  coefficient  inboard  of  the  leading-edge  vor¬ 
tex,  rapidly  moves  towards  the  plane  of  symmetry 
with  increasing  Incidence.  At  20  deg  Incidence  it 
has  reached  the  plane  of  synmecry.  The  primary  at¬ 
tachment  point  on  the  lower  wing  surface,  which  at 
10  deg  incidence  is  still  very  close  to  the  lead¬ 
ing  edge,  gradually  moves  away  from  the  leading 
edge  with  increasing  incidence. 

The  distribution  of  ^e  surface  pressure  coeffi¬ 
cient  along  Uie  chordwlsa  secti'^n  in  the  plane  of 
synetJ^r^ presented  in  Fig.  'early  sh(n»  the 
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developaent  of  the  reer  shock  with  incidence.  As 
Incidence  Increases,  shock  strength  increaser  and 
its  location  moves  to  a  more  aft  position.  Fur¬ 
thermore  note  that  with  increasing  incidence  a 
suction  peak  on  the  upper  surface  develops  near 
the  wing  apex.  It  is  assumed  that  this  is  due  to 
the  singularity  in  the  Invlscid  transonic  solution 
at  the  apex  which  will  also  Include  the  influence 
of  the  body. 

Also  shown  is  the  development  of  the  suction  peak 
and  shock  at  the  junction  of  the  wing  and  the 
sting. 

Evolution  of  Euler  solution  with  Mach  number 
In  this  section  we  investigate  the  effect  of  in¬ 
creasing  the  Hach  number  at  a  fixed  incidence  of 
20  deg  from  a  low  subsonic  (O.IS)  to  a  subson¬ 
ic  ^0.50)  and  a  transonic  ^0.85)  free-stream  Hach 
number.  For  this  study  the  wing-alone  configura¬ 
tion  is  considered.  It  is  assumed  that  at  the  high 
incidence  of  20  deg  the  influence  of  the  under- 
wing  body  of  the  wind-tunnel  model  on  the  flow 
field  above  the  upper  surface  of  the  wing  will  be 
so  small,  that  we  can  consider  the  wing- alone  con¬ 
figuration  instead. 


Fig.  13  shows  the  isobar  pattern  on  the  upper  sur¬ 
face  of  the  wing  for  the  three  Mach  numbers.  The 
patterns  show  that  in  each  case  a  region  with  low 
pressure  develops  on  the  upper  surface  indicative 
for  the  presence  of  a  strong  leading-edge  vortex. 

On  the  forward  part  of  the  wing  the  lowest  values 
of  the  surface  pressure  coefficient  ^re  obtained 
for  the  lowest  free-stream  Hach  number.  This  is 
typical  for  subsonic  Hach  numbers  where  there  is  a 
relatively  large  effect  of  the  singularity  at  the 
apex  as  well  as  a  strong  upstream  influence  of  the 
trailing  edge,  and  for  which  in  addition  the  vacu¬ 
um  pressure  coefficient  (which  varies  like  1/mS)  is 
lowest.  With  increasing  Hach  number  the  height  of 
the  suction  peak  decreases  rapidly  and  the  region 
with  the  lowest  pressures  moves  to  a  more  aft  po¬ 
sition  on  the  wing,  resulting  in  a  more  conical 
pattern.  Simultaneously  the  location  of  the  suc¬ 
tion  peak  moves  to  a  more  inboard  position  and  a 
shock-wave  pattern  evolves. 

It  should  be  realized  that  apart  from  the  circum¬ 
stance  that  the  flow  is  still  not  fully  supersonic 
the  flow  pattern  cannot  become  exactly  conical  be¬ 
cause  the  wing-body  nor  the  wing-alone  configura¬ 
tion  have  a  conical  geometry. 


cross-flow  shock  appears  and  associated  with  it  a 
region  with  about  equal  static  pressure.  In  Fig. 

14b  the  corresponding  cross-flow  plane  patterns  of 
isolines  of  total-pressure  loss  are  presented.  It 
confirms  that  at  the  transonic  free-stream  Hach 
number  the  region  with  vortical  flow  is  much  flat¬ 
ter  than  at  subsonic  free-stream  Mach  numbers.  The 
maximum  total-pressure  loss,  occurring  at  the  cen¬ 
ter  of  the  vortex  core  Increases  rapidly  with  in¬ 
creasing  Hach  number. 

Comparison  of  the  patterns  for  M*  -  0.85,  a  -  20 
deg  in  Figs.  10  and  14,  for  the  wing-body  and  the 
wing-alone  configuration  respectively,  confirm 
chat  at  x/C]t  "*0.6  for  this  flow  condition  the 
effect  of  the  presence  of  the  body  on  the  flow 
above  the  upper  surface  of  Che  configuration  is 
small . 

In  Fig.  IS  the  spanwise  surface  pressure  distribu¬ 
tion  is  presented  at  x/c^  ~  0.6.  On  the  lower  sur¬ 
face  Che  pressure  coefficient  Is  not  effected  very 
much  by  compressibility  effects.  On  the  upper  sur¬ 
face  the  effect  of  the  Hach  number  on  the  distri¬ 
bution  of  the  pressure  coefficient  is  very  large. 
At  Che  section  at  x/c^  -  0.6,  increasing  the  Hach 
number  from  0.15  to  0.50  increases  the  height  of 
Che  suction  peak  somewhat,  reduces  its  width 
slightly  and  moves  it  to  a  more  inboard  position. 
Increasing  the  Mach  number  to  0.85  reduces  the 
height  of  the  suction  peak  dramatically  and  moves 
its  position  still  further  inboard,  while  also  one 
sees  Che  development  of  the  cross- flow  shock. 

The  chordwise  surface  pressure  distribution  along 
Che  section  in  the  plane  of  symmetry  (Fig.  16), 
indicates  the  effects  of  compressibility  on  the 
flow.  Increasing  the  Hach  number  results  in  a  dis¬ 
tribution  that  is  more  conical,  at  least  on  the 
forward  part  of  Che  wing.  On  the  aft  part  of  the 
wing  the  rear  shock  is  required  to  Increase  the 
pressure  discontinuous ly  in  order  to  enable  ful¬ 
fillment  of  the  KuCta  condition  at  the  craillng- 
edge.  Comparison  for  M*  -  0.85,  a  •  20  deg  of  the 
result  in  Fig,  12  for  Che  wing-body  configuration 
with  the  one  in  Fig.  16  for  the  wing-alone  confi¬ 
guration  shows,  naturally,  large  differences  for 
the  lower  side  of  Che  configuration  and  near  the 
apex  and  wing-sting  Junction  for  the  upper  sur¬ 
face. 


CONCLUDING  REMARKS  f 

The  effect  of  the  presence  of  the  under-wing  body  { 

on  the  upper-surface  pressure  distribution  can  be  Results  of  an  Euler  method  have  been  obtained  for  \  \ 

assessed  by  comparing  those  isobar  patterns  in  the  transoric  (M,  -  0.85)  flow  around  a  wing-body 

Figs,  9  and  13  that  were  computed  for  the  same  configuration  consisting  of  a  65’deg  sharp-edged  | 

condition  (M«  -  0.85,  o  -  20  deg).  It  indead  con-  cropped  delta  wing  and  an  xmder-wing  body  for  in-  <  ^ 

firms  that  for  the  wing-body  (Fig,  9)  and  for  the  cidences  of  10,  15  and  20  deg.  For  the  wing-alone  I  * 

wing-alone  (Fig,  13),  a  pattern  is  obtained  with  configuration  results  have  been  obtained  for  sub-  ^ 

strong  similarities  in  the  shape  of  the  region  sonic  (M,  -  0.15.  0.50)  and  transonic  (M«  -  0.85)  ; 

with  low  pressure,  the  location  of  the  cross-flow  fjow  at  20  deg  incidence.  For  the  wing-body  confi-  « 

shock,  the  occurrence  of  the  Y-shaped  shock  struc-  guration  the  calculations  were  carried  out  on  a  \ 

turc  on  the  aft  part  of  the  configuration,  the  lo-  grid  of  C-0  topology  with  240K  cells.  For  the  ^ 

cation  of  the  rear  shock,  etc.  Some  more  signifl-  wing-alone  configuration  a  comparable  grid  of  0-0  ^ 

cant  differences  are  found  near  the  junction  of  topology  with  150K  cells  is  used, 

the  wing  and  the  sting.  Smaller  differences  may  be 

attributed  to  differences  In  grid  topology  and  For  the  wing-body  configuration  at  M,  -  0.85  and 

grid  density.  a  •»  20  deg  computed  results  were  compared  with  ex¬ 

perimental  data  available  for  this  configuration. 

The  differences  in  the  hei^t  and  the  position  of 

In  Fig.  14a  the  isobars  in  the  cross-flow  plane  at  the  suction  peak  in  the  pressure  distribution  on 
x/c£  -  0.6  are  presented  for  the  three  Hach  numbers  the  upper  surface  of  the  configuration  as  obtained 
considered.  With  increasing  Hach  number  the  center  from  the  Euler  method  and  these  found  in  the  ex- 

of  the  vortex  core  (»  the  point  of  minimum  static  periment  are  primarily  attributed  to  the  effect  of 

pressure)  moves  inboard  and  downward.  Also,  with  secondary  separation,  which  is  not  modeled  in  the 
Increasing  Hach  number  the  pressure  coefficient  in  present  numerical  simulation;  To  obtain  a  better 

the  core  increases  rapidly.  For  the  transonic  Hach  agreement  between  theory  and  experiment  it  is 

nvtmber  the  contours  near  the  center  become  less  deemed  necessary  to  include  some  kind  of  explicit 

circular  in  appearance  indicating  a  vortex  core  of  modeling  of  the- effect  of  secondary  separation  in 
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It  is  sho%m  that  the  Euler  method  Is  capable  of 
simulating  the  mushroom- shaped  vortex  structure 
formed  by  the  leading-edge  vortex  and  the  trail- 
ing-edge  vortex  in  the  near  wake  of  the  wing.  This 
investigation  has  also  revealed  the  occurrence,  at 
transonic  speed,  of  a  third  vortex,  termed  the 
"tip-vortex" . 

The  investigation  into  the  evolution  of  the  flow 
field  about  the  wing-body  configuration  with  in¬ 
creasing  incidence  has  shown  that  there  is  a 
strong  influence  of  compressibility  on  the  flow 
solution.  Increasing  the  incidence  leads  to  the 
formation  of  a  strong  "cross-flow"  shock  under¬ 
neath  the  leading-edge  vortex,  while  on  the  aft 
part  of  the  configuration  a  "Y-shaped*  shock  sys¬ 
tem  evolves  On  the  aft  part  of  the  configuration 
in  addition  a  "rear  shock"  appears.  It  is  shown 
that  these  shocks  develop  quite  gradually  for  the 
incidence  Increasing  from  10  to  20  deg  (still 
below  the  onset  of  vortex  breakdown  obsexrved  in 
experimental  Investigations). 
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Compressibility  effects  have  also  been  assessed  by 
considering,  for  the  wing-alone  configuration,  the 
evolution  of  the  Euler  solution  at  fixed  incidence 
but  Increasing  freo-stream  Mach  number.  It  is 
shown  that  at  low  Mach  numbers,  the  lowest  values 
of  the  surface  pressure  coefficients  are  attained 
on  the  upper  surface  near  the  apex. 

With  increasing  Mach  number  the  height  of  the  suc¬ 
tion  peak  on  the  upper  surface  decreases  rapidly 
on  the  forward  part  of  the  configuration  and  less 
so  on  the  aft  part  of  the  configuration,  resulting 
in  a  more  conical  appearance  of  the  isobar  pat¬ 
tern. 
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EXPERIMENTAL  AND  NUMERICAL  INVESTIGAITON  OF  THE  VORTEX  FLOSV 
OVER  A  DELTA  WING  AT  TRANSONIC  SPEED 
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SUMMARY 

The  flow  sjound  a  shanj-edged  delta  wing  with  65®  sweep  and  a 
Sal  >ipp«»  surface  is  investigated  experimentally  as  well  as  n-jmeri- 
eaily.  The  experimental  program  contains  surface  pressure 
measurements,  oil  flow  visuab'aation  and  flow  field  explorations  at 
the  Mach  numbers  0  60  and  0.85  and  angles  of  attack  up  to  20®  The 
results  show  a  tiansoiuc  leeward  flow  structure  with  several  shock 
waves.  At  a  Mach  number  of  0.85  and  20®  angle  of  attack  vortex 
breakdown  is  observed.  The  vortex  breakdown  goes  along  witii  a 
double  shock  system  in  the  symmetiy  plane  region.  In  the  numerical 
program  a  3D  Euler  code  is  used  with  nvo  upwind  schemes;  one  of 
the  flux-splitting  type  and  one  ot  the  flux-differenee-splitting  type. 
'Ihe  results  show  sig.'uficant  differences  between  the  two  discretiz¬ 
ation  schemes,  in  particular  in  the  region  of  the  vortex.  Between 
computations  and  experiments  large  differences  ate  observed  due 
to  the  absence  of  secondaiy  separations  and,  at  the  higher  angles  of 
attack,  due  to  the  absence  of  vortex  breakdown  m  the  oinipntations 

LIST  OF  SYMBOLS 
,A1  primary  attachment  line 

c,  roolchord 

E  total  energy  per  unit  mass 

c  internal  e.nergy  per  unit  mass 

f,g,h  flux  veaors 

fn  numerical  flux  functien  (appioximate  Rtcmann  solver) 

H  total  enthalpy 

A,  characteristic  mesh  size 

Af  Mach  number 

It  outward  unit  normal  vector  on  control  volume 

p  static  pressure 

p,  total  pressure 

q  stale  vector  of  conserved  variables 

82  secondary  separation  line 

I  time 

u,v,w  velocity  components  in  Cartesian  coordinate  system 

i,  y,  z  Cartesian  coordinate  system 

a  angle  of  attack 

0  angle  between  umi  normal  and  x-axis 

P  density 

6  angle  of  uim  normal  in  y-z  plane  with  y-axis 

n  control  volume 

Sill,  finite  volume 

3  n  boundary  of  control  volume 

u>  damping  parameter  in  Defect  Correction  Iteration 

subscripts: 

i,  j,k  indices  in  computational  domain 

le  leading  edge 

“  free  stream  value 

INTRODUCTION 

The  vortical  flow  field  of  a  delta  wing  in  the  high  speed  range  has 
been  the  subject  of  intensive  study  during  the  last  decade.  The 
development  of  numerical  codes  based  on  the  Euler-  or  Navier- 
Stokes  equations,  which  ^e  able  to  predia  complex  vortical  flows, 
gave  rise  to  the  demand  for  experimental  data  to  vah'daie  the 
numerical  results.  In  the  high  speed  iwge  the  flow  above  a  delta 
wing  is  characterized  by  strong  vortices  and  embedded  shock  waves. 
Even  in  the  case  of  a  simple  geometry  like  a  flat  triangular  wing,  the 


flow  field  may  be  vciy  complex  and  difficult  to  predict  by  computa¬ 
tional  methods. 

Computational  methods  hnsed  -on  the  Euler  equations  are  able  to 
capture  strong  shock  wates  acd  vortical  flow  regions  as  integral  part 
of  the  discrete  soluiiop.  For  the  case  of  serodynamically  sharp 
leading  edges  iho  formation  of  leodmg  edge  voriex  flow  due  to 
separation  is  only  slightly  dependent  on  the  Reynolds  number.  Thu 
implies  that  such  a  flew  can  be  simulated  by  an  invisu-J  Boa  model 
The  opposite,  however,  is  true  for  secondan-  and  even  ternary 
vortices,  shed  off  from  the  smooth  upper  surface  flicsi  eateto’v  of 
vortices  is  of  an  entirely  viscous  natii.-e,  since  they  are  generated  at 
those  locations  where  the  bouiidaiy  layer  can  no  to.ngcr  sustain  an 
ad-verse  pressure  gradient  .-uid  ivill  separate  These  vor.iccs  have  a 
large  influence  on  the  pressure  distribution  on  ibe  surface,  and  a'sc 
on  the  strength  and  location  of  the  primafr  vortex.  The  conse¬ 
quence  IS  that  E-aler  meihods  usually  overcstiroate  the  expansion 
d-je  to  the  primary  va.^e^. 

In  1983  ajoiaed  experimental  and  theoretical  program,  known  as 
The  International  Vortex  Flow  Experiment  on  Euler  Code  Vali¬ 
dation’  jl,2),  was  started  up.  The  purpose  was  to  obtain  an  e’peri- 
menial  data  base  for  a  65°  delta  wing  in  the  high  speed  regime,  to 
validate  computational  results  This  program  comained  not  only 
exptrimems  to  get  integral  data  such  as  forces  and  surface  pres¬ 
sures,  but  also  detailed  flow  field  explorations,  in  order  to  be  able  to 
make  a  more  complete  comparison  and  to  get  a  better  insight  in  the 
physics  of  the  flow  field.  D.e  analysis  of  the  experimental  and 
computational  data  was  concentrated  on  some  topics,  hvo  of  which 
are  mentioned.  First  there  is  the  formation  of  different  types  of 
shock  waves.  Globally  two  different  types  of  shock  waves  can  be 
distinguished:  embedded  shock  waves  of  a  conical  nanire  between 
the  prfmaiy  vone»  and  the  upper  surface  and  the  so-called  rear 
shock  waves  in  the  symmetryplane  region.  Another  topic  is  the 
structure  and  mechanism  cf  vortex  breakdoivn.  Espedally  in  the 
transoruc  region  there  is  a  complicated  interaction  between  the  rear 
shock  and  the  voriex  breakdown  Although  a  large  amount  of  data 
is  available,  the  topics  are  as  yet  far  from  understood. 

Within  the  scope  of  the  International  Vortex  Flow  Experiment 
some  investigations  were  done  at  the  Delft  University  of  Techno¬ 
logy  on  a  65®  della  wing  with  flat  upper  surface  and  cropped  wing 

iWJ.  This  model  was  based  on  an  early  design  concept  of  the 
model  proposed  by  the  International  Vortex  Flow  Experiment 
Group.  These  investigations  included  oil  flow  visualization, 
Schliercn  pictures  and  flow  field  explorements  by  a  S-boIe  probe.  A 
rathe-  good  insight  in  the  topological  flow  structure  was  obtamed, 
but  the  existence  of  embedded  shock  waves  could  only  be  suggested. 
After  the  Int  Vortex  Flow  Exp.  Test  series,  a  new,  somewhat  dif¬ 
ferent,  model  was  manufactured  with  pressure  orifices,  in  order  to 
obtain  a  more  complete  set  of  experiments  [4], 

Beside  the  experimental  program,  a  numerical  experiment  was 
accomplished  with  a  3D-Euler  code.  This  code  is  developed  by  the 
first  author  as  an  extension  of  a  2D-code  developed  at  the  Centre  of 
Mathematics  and  Computer  Science  (CWI)  in  Amsterdam  by 
Keren  and  Spekreijse  [S],[6}.  The  3D-code  uses  three  different  types 
of  upwind  schemes  based  on  the  Riemann  problem  for  ID-flows, 
the  flux-splitting  scheme  of  van  Leer  [7]  and  the  flux-difference¬ 
splitting  schemes  of  Osher  (8]  and  Roe  [9].  For  the  solution  pro¬ 
cedure  a  nonlinear  Causs-Seidel  relaxation,  accelerated  by 
multigrid,  is  used.  The  investigation  of  the  behaviour  of  these 
upwind  schemes  in  the  simulation  of  vortical  flows  was  the  object  of 
this  numerical  program. 
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EXPERIMENTAL  EQUIPMENT 

The  experiments  have  been  performed  in  the  TST-27  tran¬ 
sonic-supersonic  windtunnel  of  the  Laboratory  of  High  Speed 
Aerodynamics,  Department  of  Aerospace  Engineering  at  the  Delft 
University  of  Technology.  The  windtunnel  is  of  the  blow-down  type, 
with  a  test  section  of  26cm  x  27cm  and  with  a  slotted  upper-  and 
lower  wall.  Two  identical  models  with  a  flat  upper  surface  and  a 
leading  edge  sweep  angle  of  65°  were  used,  the  rootchord  of  the 
models  was  120nun  (fig.  la,b).  One  of  the  models  is  provided  with 
43  pressure  taps,  the  other  one  (without  pressure  taps)  was  used  for 
oilflow  visualization  tests  and  flow  field  measurements.  The  tests 
have  been  performed  at  angles  of  attack  from  5°  to  20°  and  at  free 
stream  Mach  numbers  of  0.6,  0.7,  0  75,  08,  0  85  and  0.90,  with 
emphasis  on  0.85;  this  Mach  number  was  a  target  in  most  tests 
within  the  framework  of  the  International  Vortex  Row  Experiment. 
The  Reynolds  number  based  on  the  root  chord  varied  from  3.0  to 
3.6  million. 

Furthermore  some  flow  field  investigations  were  made  with  a 
S-hole  hemispherical  head  probe  The  probe  has  been  calibrated  at 
Mach  numbers  from  0.55  to  1.8  and  up  to  ang'.rs  of  attack  of  60°, 
which  covers  the  region  of  Mach  numbers  and  flow  angles  to  be 
expected  m  the  flow  field  above  a  delta  wing  in  transonic  flow.  Due 
to  the  time  consuming  character  of  the  flow  field  tests  have  been 
performed  at  only  one  Mach  number  (0  85)  and  at  two  angles  of 
atti.ck  (10°  and  15°).  The  measurements  were  made  in  cross-flow 
planes  normal  to  the  free  stream  direction,  by  traversing  the  probe 
in  spanwise  direction  at  constant  heights  above  the  surface.  The 
flow  field  in  the  symmetry  plane  was  invesrigated  by  making  tra¬ 
verses  in  upward  direction  (away  from  the  surface). 

NUTMERICAL  METHOD 

A  Discretization 

The  governing  equations  are  the  Euler  equations,  expressing  the 
conservation  of  mass,  momentum  and  energy  for  an  inviscid, 
non-heatconducting  perfect  gas  in  the  absence  of  external  forces. 
The  equations  in  integral  form  are  given  by: 

where  a  n  is  the  boundary  of  a  control  volume  D,(n»,ny,n,)^is 
the  outward  unit  normal  on  30,  q  is  the  vector  of  conserved  vari¬ 
ables; 

q-  (p.pu.pu.pui.pf)' 

Here  p  is  the  density,  u .  u .  lu  are  the  velocity  components  in  the 
x,y,z  direcuons  respectively;' f  is  the  total  energy  given  by 
£■-  c»j(u“  ui') ,  in  which  e  is  the  internal  energy  per  unit 

mass.  The  mtemal  energy®  may  be  expressed  in  terms  of  the  pres¬ 
sure  p  and  the  density  p  with  the  ratio  of  specific  heats  y  as 
c-p/(Y-  l)p. 

/(ql-gCvlandfifg)  are  the  flux  vectors; 

/(gl-fpu.pu**  p.puu.puui.puW)'^ 

g(g)-(pu,puu.pu^--p,pi«p,pi'W)^ 

h(c/)-(pw,puw,i>vw,pw‘*p,pw/f)’' 

where  W  is  the  total  enthalpy  defined  as  W  •  f  *  j .  This  equation 

may  be  simplified  by  the  use  of  the  property  that  the  Euler  equa¬ 
tions  are  rotationally  im-ariant: 

/(q)-n.*g(q)ny*h(q)-n,-T"-/(r-q) 


where  r  is  a  rotation  matrix  defined  as: 
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9  and  ^  define  the  unit  normal: 

,ny 

(Cos8.sin9cos4,sin0sin6)'. 

A  straightforward  and  simple  discretization  of  the  steady  equa¬ 
tions  is  obtained  by  subdividing^  into  disjoint  hexahedral  cellsn,;i 
(finite  volumes)  and  then  requiring  tiiat  for  each  volume  Cl,,, 
separately: 


IL 


T''/(T-Q)cls-0 


For  practical  reasons  the  physical  domain  is  sub  divided  into  a 
strucmred  grid,  where  fi ,  n  and  D  ,;i ,  j  are  the  neighbour¬ 

ing  cells  off!,,,.  Assuming  constant  states  within  the  cells  and  con¬ 
stant  flux  vectors  at  the  cell  interfaces,  the  finite  volume 
discretization  may  thus  be  written; 


with/,.;^,-T'_ 


s'* 


/(’■.'Sk-'’)- 


i-j/t 


and  similar  expressions  for 


is  thf  "irface  of  the  cell  interface. 


The  Dux  vectors *1)  have  to  be  calculated  by  a  numencal 

flux  function.  For  this  purpose  three  different  upwind  schemes  may 
be  used;  the  flux-splitting  scheme  of  van  Leer  (7)  and  the 
fl'.w-difference-sphtting  schemes  of  Osher  |8)  and  Roe  (9).  These 
schemes  need  no  additional  dissipation  teims.  Advantage  of  the 
flux-difference-splitting  schemes  over  the  van  Leer  scheme  is  that 
contact  discontinuities  (shear  layers)  are  maintained  in  a  better 
way.  On  the  other  hand  the  computational  costs  are  higher.  An 
upwind  scheme  may  be  written  as: 

/.-i;.  *  '  '’••I'* ' 

where /«  is  the  numerical  flux  function  andq'  andg'  are  the  state 
vectors  at  either  side  of  the  cell  interface  in  negative  and  positive 
i-direaion,  respectively.  The  spatial  accuracy  is  determined  by  the 
way  in  which  the  states  g '  and  g '  are  spet  Ified.  A  scheme  with  first 
order  spatial  accuracy  is  achieved  by  assuming  constant  sutes 
within  the  cells;  g"  > -  g,,!  ;  gj  i  „  -  g,,,.  First  order  accuracy  is 

too  low  for  practical  application,  and  discontinuities  not  aligned 
with  grid  lines  ire  smeared  out  disastrously.  A  second  order  accu¬ 
rate  scheme  is  obtained  by  applying  an  interpolation  of  the  states  in 
adjacent  fimte  volumes  with  the  K-scheme,  using  the  Van  Albada 
limiter  [10],  which  has  the  property  of  second  order  accuracy  in  the 
smooth  part  of  the  flow  field  and  of  steepening  discontinuities, 
without  introducing  non-monotonicity  (wiggles).  The  inteipolation 
formulae  arc; 

q'.!„"q.,i''^t(l  -Ks,)(g„,-g,.i„)  +  (l  •►KS,)(g,.,„-g,„)] 

where; 

'''  *  (q(-l;k~Qg*)*'*’(qi/i”t7i-l/l)*'^^ 

in  whiche  is  a  small  number  (“  1 0"')  to  avoid  divitog  by  zero.  The 
computations  shmm  in  this  paper  are  performed  withK  -  0  (Fromm 
schemi).  .  ,  ,  . 
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The  ucatment  of  the  boundaiy  conditions  is  very  consistent  with 
the  numerical  flux  calculations  at  the  internal  cell  faces  following 
the  Osher  scheme.  If  the  boundary  conditions  are  not  completely 
specified,  the  unknown  components  are  determined  by  means  of  the 
Riemann  invariants  [5], 

B.  Solution  Procedure 

The  system  of  nonlinear  discretized  equations  is  solved  by  a 
multigrid  technique.  Within  this  multigrid  a  nonlinear  variant  of  the 
Collective  Gauss-Scidel  relaxation  is  applied  to  the  first-order 
accurate  discretized  equations.  In  the  relaxation  method  one  or 
more  Newton  steps  are  used  for  the  collective  update  of  the  five 
state  vector  components  in  each  finite  volume.  Tne  relaxation 
sweeps  start  from  alternating  comer  points  in  the  computational 
domain  in  order  to  improve  ihe  robustness  of  the  method.  In  order 
to  permit  veclonzation  and  parallelization  on  a  modem  supercom¬ 
puter,  the  relaxation  sweeps  are  performed  in  diagonal  planes  of  the 
computational  domain;  finite  volumes  in  such  a  plane  can  be 
updated  simultaneously  without  any  recursion.  For  the  second- 
order  accurate  discretized  system  of  equations,  however,  no  robust 
relaxation  method  is  available.  In  that  case  a  an  Iterative  Defect 
Correction  (IDeC)  process  is  used  to  find  an  approximate  solution 
of  the  second  order  accurate  discretized  equations  (6).  The  nonlin¬ 
ear  muliigtid  is  preceded  by  a  nested  iteration,  which  consists  of  a 
number  of  nonlinear  multigrid  iterations  on  successive  finer  grids. 

A  nested  sequence  of  grids  (m  *  1 .2.  ...n)  is  developed, 
with  corresponding  mesh  sizes  h,  > hj > ...h».  Hence  Oi  is  the 
coarsest  grid  andfl.  is  the  finest  grid.  A  coarse  grid  is  created  by 
skipping  every  other  point  in  the  three  directions  on  the  finer  grid, 
so  that  a  finite  volume  on  a  given  grid  is  the  union  of  2x  2x  2  finite 
volumes  on  the  next  finer  grid.LetFi,(q„)-rm  and  F|(q„)-r„ 
denote  the  nonlinear  systems  of  first-  and  second-order  accurate 
discretized  equations  onn„,  withr  „  a  possible  non-zero  right-hand 
side.  Then  the  nonlinear  multigrid  (NMG)  is  defined  in  the  follow¬ 
ing  way: 

-  irnproveqm  by  a  number  of  (pre-)relaxation  iterations  to 

^ f  n, 

•  compute  the  defectcl„-r„-fj,(q„) 

-  calculate  an  approximate i  on  the  next  coarser  grid: 

•  iT'q'n,  where  IZ''  is  a  restriction  operator;  here  the 
average  of  the  values  at  the  eight  cells  at  the  finer  grid  is  used  to 
set  the  value  on  the  coarser  grid 

-  calculate  a  right-hand  sider„.,  where 

fZ  '  is  a  restriction  operator  for  the  defect;  the  defect  on  the 
coarser  grid  is  the  sum  of  the  defects  in  the  corresponding  eight 
finer  grid  cells 

-  improve  the  solution  of  Fm-iCgm-tl'Cn.,  by  a  number  of 
NMG-iterations;  the  result  is  called^™.  i 

-  conect  the  approximationgn  by: 

I-?..-!)  where  IZ-i  is  a  prolongauon 
operator;  the  correction  to  the  coarse  grid  cell  is  given  to  the 
corresponding  eight  finer  grid  cells 

-  improve  g  n  by  a  number  of  (post-)relaxation  iterau'ons  to 
Fnfgn)  “  I'm 

The  Iteranve  Defect  Correction  for  the  solution  of  the  second 
order  accurate  system  of  equations  can  be  written  as; 

■  t-0.1.2... 

wheregj  is  th'  solution  on  the  finest  grid  obtained  by  the  nested 
iteration  followed  by  a  number  (normtdly  1)  nonlinear  multigrid 
iterations  to  the  first  order  accurate  system  of  equations,  andixi  is  a 
damping  parameter.  In  the  first  part  of  the  solution  procedure  (ab- 
out-10  IDeC  iterations)  the  process  bad  to  be  damped  (u)  •  0.5); 
later.on  no  dampingf  u> 1 .0  )  was  necessary.  A  schematic  view  of 
the  solution  proadure  is  given  in  fig.  2.  The  total  amount  of  IDeC 
iterations  was  about  .50. -The  computations  are  performed  on  a 
Convex  C-240  mini-supercomputer. 


The  first-  and  second  order  operators  do  not  need  the  use  of  the 
same  numerical  flux  function.  For  reasons  of  computational  costs 
the  van  Leer  scheme  is  preferred,  in  particular  in  the  time-consum¬ 
ing  relaxation  procedure.  For  the  second  order  operator  the  more 
sophisticated  Osher  or  Roe  scheme  may  be  used,  without  a 
substantial  growth  of  computing  costs,  since  the  IDeC  mehtod 
requires  only  one  evaluation  per  cycle. 

CGrid 

For  the  computations  a  grid  of  a  C-0  topology  is  used.  This  grid 
consists  of  5-levels:  at  the  lowest  level  it  consists  of  4  x  4x  2cellsand 
at  the  highest  level  64  x  64  x  32  cells.  This  means  m  chordwise 
direction  64  cells  (C-type)  with  48  cells  on  the  wing,  in  spanwise 
direction  64  cells  (O-type)  covering  a  half  wing  and  32  cells  between 
the  wing  surface  and  the  outer  boundary.  Views  of  the  grid  can  be 
seen  in  fig.  3a  where  the  grid  in  the  symmetry  plane  and  on  the 
surface  is  shown  and  in  fig.  3b  where  the  grid  in  a  wing  cross-section 
IS  shown.  On  the  surface  the  grid  is  conical,  which  preserves  a  good 
resolution  near  the  apex.  The  grid  lines  are  clustered  both  near  the 
apex  and  the  trailing  edge. 

RESULTS 

A.  Experiments 

The  pressure  distributions  at  the  surface  for  the  lowest  Mach 
number  (M.  =  0.6),  shown  in  fig  4  and  5,  are  typical  for  conditions 
at  which  no  phenomena  like  embedded  shock  waves  and  vortex 
breakdown  occur.  The  suction  peak  induced  by  the  primaiy  vortex 
increases  with  increasing  angle  of  attack  and  moves  towards  the 
wing  symmetry  line.  A  second  much  less  pronounced  suction  peak 
appears  outboard  of  the  primary  one  at  higher  angles  of  attack  (IS® 
and  20»),  which  is  caused  by  secondaiy  separation.  The  pressure 
distribution  along  the  rootchord  (fig.  5)  shows  that  the  .^ow  is  not 
conical;  at  all  angles  of  attack  a  compression  towards  the  trailing 
edge  is  found. 

Some  results  of  the  oil  flow  visualization  snidy  are  shown  in  fig  6 
and  7  (a  =  10®  and  20®.  respectively).  At  angles  of  attack  up  to  18® 
a  well  known  flow  pattern  is  found,  which  is  almost  independent  of 
the  free  stream  Mach  number.  Apart  from  regions  in  the  vicinity  of 
the  wing  apex  and  the  trailing  edge  a  rather  regular  surface 
sueamline  pattern  is  found,  whidi  seems  to  have  a  conical  similar¬ 
ity;  this  in  contrast  to  the  pressure  measurements.  In  the  oil  flow 
picture  for  a  =»  iqo  (fig.  6)  a  primary  attachment  line  can  be 
distiguisbed.  The  place  of  the  attachment  line  may  also  be  recov¬ 
ered  from  the  spanwise  pressure  distribution,  where  a  local  pressure 
maximum  appears.  The  flow  in  between  the  two  lines  is 
approximate^  parallel  to  the  wing  symmetry  line.  For  angles  of 
attack  of  IS®  and  higher  the  primaiy  attachment  line  coincides  with 
the  wing  symmetry  line.  In  the  secondary  separation  lines  an  out¬ 
board  shift  at  approximately  40%  rootchord  position  can  be 
observed.  This  is  caused  by  transition  from  a  laminar  boundaiy 
layer  upstream  to  a  mrbulent  boundaiy  layer  downstream,  since  a 
turbulent  boundaiy  layer  can  sustain  an  adverse  pressure  gradient 
over  a  longer  distance  than  a  laminar  boundaiy  layer. 

At  an  angle  of  attack  of  20®  (fig.  7)  the  flow  pattern  reveals  a 
breakdown  of  the  starboard  vortex.  At  that  side  the  secondaiy-  and 
tertiaiy  separaUon  lines  run  into  each  other  at  60%  rootchord 
position  and  from  that  position  on  only  one  line  continues  at  a 
further  outboard  position. 

Increasing  the  Mach  number  to  0.85  introduces  some  drastical 
changes  in  the  flow  field.  For  angles  of  attack  up. to  15®  rather  reg¬ 
ular  pressure  distributions  are  measured  (fig.  8),  except  that  there 
appear  large  supeispnic  zones  in  the  flow  field.  At  an  angle  of  attack 
of  20^  an  .’uieguiar’  ^avipur  appears  in  the  pressure  distiftution. 
The  su^on  peak  in  spanwiM  Erection  has  collapsed,  apparently 
due  to  breakdown  of  toth  vortices,  wjuch  on  be  observed  in  the  oil 
flow  pattern  (fig.  io).  The  leading  edge  vortmt  becomes  ^organ¬ 
ized  .catis^  a  snaller  amount  of  cirgilar  mptipn.  ^so  the  ipotch-,, 
ord  pr^ure  distribution  has  (hanged  drastically  (fig.  9}  There  is  a 


strong  compression  in  the  30%  -  65%  rootchord  region,  followed  by 
a  substantiat  expansion  downstream  of  65%  rootchord.  At  80% 
position  again  a  compression  towards  the  trailing  edge  is  recog¬ 
nized.  The  expansion  may  be  explained  from  the  size  of  *he  burst 
vortex,  which  is  always  larger  than  that  of  a  non-burst  vortex.  Due  to 
this  obstacle  a  sort  of  converging  streammbe  of  chordwise  fiow 
develops  near  the  symmetiy  plane,  with  an  acceleration  of  the  Dow. 
The  rootchord  pressure  distribution  allows  two  shock  waves  to  be 
implemented,  one  between  50%  and  65%  rootchord  and  the  other 
at  82.5%  rootchord.  The  resolution  of  the  pressure  oriCces 
upstream  of  65%  rootchord  is  too  low  <0  illustrate  this.  These  poss¬ 
ible  shock  locations  are  however  confirmed  by  Schlieren  pictures 
(fig.  11).  Following  the  change  of  the  pressure  distribution  and 
observing  the  Schlieren  picmres  at  the  angles  of  attack  below  vortex 
breakdown  to  values  at  breakdown,  one  observes  that  the  upstream 
shock  already  exists  before  vortex  breakdown  occurs.  Therefore  a 
tentative  conclusion  would  be  that  the  downstream  shock  is  gener¬ 
ated  by  the  vortex  breakdown,  and  not  the  reverse. 

A  compilation  of  the  spanwise  and  rootchord  pressure  distribu¬ 
tions  at  an  angle  of  attack  of  20°  for  various  Mach  numbers  is  given 
in  6gs.  12  and  13.  The  pressure  distributions  for  the  Mach  numbers 
0.75  and  0.80  show  the  same  (but  less  pronounced)  behaviour  as  in 
the  case  ofM.  ■■  0.85,  but  in  these  cases  no  pressures  less  than  the 
critical  value  are  measured  (no  supersonic  zone).  Also  in  the 
Schlieren  pictures  no  shocks  have  been  observed.  The  conclusion 
could  be  that  the  shocks  occurring  at  the  high  subsonic  free  stream 
Mach  numbers  do  not  have  a  large  influence  on  the  vortex  break¬ 
down  position. 

Next,  some  results  of  the  flow  Geld  explorations  wQt  be  con¬ 
sidered.  These  explorarions  have  only  been  performed  at  an^es  of 
attack  of  10<>  and  15°.  For  an  angle  of  attack  of  2il°  the  flow  Geld  is 
dominated  by  vortex  breakdown  and  shock  waves.  Some  explora¬ 
tions  with  the  probe  in  this  flow  Geld  showed  drastical  changes  in 
the  Schlieren  picture  while  traversmg  the  probe,  indicating  that  no 
reliable  measurements  could  be  obtained. 

The  directional  flow  Geld  in  a  plane  normal  to  the  free  stream 
direction  is  shown  in  Gg.  14.  The  flow  Geld  is  drawn  according  to  a 
conical  representation,  since  the  oil  flow  visualization  study  gave  an 
indication  of  at  least  a  ’geometrical'  conical  flow.  By  ’geometrical' 
conical  we  mean  that  certain  phenomena  Uke  atuchment  lines, 
separation  Gnes  etc.  occur  along  straight  Unes  through  the  apex.  The 
positions  of  the  pnmaiy  attachment  line  (Al)  and  the  secondaiy 
separation  line  (S2)  have  been  obtamed  from  the  corresponding  oil 
flow  picture.  The  directional  flow  Geld  suggests  an  attachment  line 
at  almost  the  same  position.  The  lines  of  constant  total  pressure  at 
the  same  cross-section  have  been  drawn  in  Gg.  15,  which  shows  the 
great  influence  of  the  shear  flow  of  the  leading  edge  vortex.  A  total 
pressure  loss  of  43.4%  with  respect  to  its  free  stream  value  is 
measured. 

B.  Numerical  Results 

For  the  present  conGguration  calculations  have  been  performed 
for  the  Mach  number  0.60  and  0.85.  First  the  subsonic  flow  at  Af  .  = 
0.60  and  a  =  10°  will  be  considered. 

The  pressure  distributions  al  the  rootchord  station  x/c,  ■■  0.70 
and  along  the  rootchord  ace  drawn  in  Ggs.  17  and  18,  respectively. 
The  results  of  the  computations  with  the  vait  Leer-  and  the  Roe 
scheme  are  compared  with  the  experimental  results.  Along  the 
rootchord  the  agreement  of  both  numerical  solutions  with  the 
experiments  is  rather  good.  Major  differences  between  both 
numerical  solutions  and  experiments  are  observed  in  the  spanwise 
pressure  distribution  in  the  region  of  the  flow' affected  by  the  pri¬ 
mary  vortex.  The  pressure  distribution  from  the  Roe-scheme  re^t 
is  in  better  agreement  with  the  experimrat  than  the  van 
Leer-scheine  result.  An  explanation  for  this  could  be  the  foct  that 
the  Roe-scheme  models  Contact  discontinuities  (shear  layers)  in  a 
better  way  tbim  the  van  Leer-scheine.  The  pressure  peik  in  the 
Roe-sdieme  result  is  of  the  same  ma^tude  as  that  of  the  experi¬ 
ments.  This  is  in  contrast  with  the  usual  experirace'that  ^er 


computations  overestimate  the  pressure  peak,  due  to  the  absence  of 
the  secondaiy  separation.  Noteworthy  is  also  the  existence  of  a  local 
pressure  maximum  in  the  Roe-scheme  result  at  tlie  position  of  pri- 
maiy  attachment  in  contrast  to  the  van  Leer-scheme  result.  This 
local  pressure  maximum  is  in  agreement  with  the  experimental 
result  and  with  Ihe  theory  for  com'cal  stagnation  points. 

Next,  a  transonic  flow  at  a  Mach  number  of  0.85  is  considered.  In 
Gg.  19  the  pressure  distribution  at  the  rootchord  station  x/c,  °  0.70 
and  in  Gg.  20  the  pressure  distribution  along  the  rootchord  arc 
drawn.  For  this  case  also  the  Roe-scheme  result  is  in  better  agree¬ 
ment  with  the  experimental  result  than  the  van-Leer  scheme  result. 
The  local  pressure  maximum  at  the  position  of  the  attachment  line 
is  recovered  better,  and  the  pressure  increase  towards  the  trailing 
edge  is  more  realistic.  For  both  computational  results  no  cfrects  of 
secondaiy  separation  are  encountered. 

The  existence  of  the  primary  attachment  Ime  can  also  be 
observed  in  the  directional '  ;ld  following  a  conical  representation, 
in  the  plane x/c, »  0.70  (Gg.  21).  In  this  pichire  also  the  linep,/p,. 
»  0.98  is  drawn,  enclosing  a  region  of  flow  with  total  pressure  losses 
caused  by  the  primary  vortex.  The  value  of  total  pressure  loss  is 
45.1%  at  the  centre  of  the  vortex,  which  is  comparable  to  that  of  the 
experimental  result  (Gg.  15). 

At  an  angle  of  attack  of  20°  some  shock  waves  appear  in  the  flow 
Geld.  In  the  pressure  distribution  at  the  station  x/c^  “  0.70  (Gg.  22) 
a  sleep  pressure  gradient  can  be  observed  at  about  77%  local  span, 
which  is  clearly  a  cross-flow  shock.  For  both  schemes  the  shock 
consists  of  only  one  interior  pomt.  The  suction  peak  for  the  van 
Leer-scheme  result  is  less  than  that  for  the  Roe-icheme  result.  The 
second  shock  (the  so-called  rear  shock)  can  be  observed  in  the 
pressure  distribution  along  the  rootchord  (Gg.  23)  at  about  77% 
position,  also  consisting  of  only  one  interior  shock  point  for  both 
schemes.  The  agreement  with  the  expetiments  is  bad,  because  of 
the  absence  of  vortex  breakdown  in  the  computational  results. 

The  shape  of  the  two  shocks  on  the  upper  surface  is  visible  in  the 
isobar  pattern  (Gg  24).  The  aoss-flow  shock,  which  has  a  conical 
shape,  is  present  over  practically  the  complete  '  -'ng  length.  The  rear 
shock  in  the  symn.etry  plane  region  extends  e  distance  in  the 
direction  of  the  leading  edge  vortex. 

The  conical  directional  Geld  in  the  cross-plane  normal  to  the 
wing  surface  at  70%  rootchord  is  drawn  in  Gg  25,  together  with  the 
linep,/  p,.  •  0.98,  enclosing  a  region  of  total  pressure  losses.  The 
length  of  the  arrows  is  proportional  to  the  conical  Mach  number,  i.e. 
the  velocity  component  normal  to  a  line  through  the  wing  apex 
divided  by  the  speed  of  sound.  At  the  position  of  the  cross-flow 
shock  the  length  of  the  arrows  changes  abruptly.  Fig.  26  presents  the 
isobars  in  the  cross-plane  x/c,  =  0.70.  The  cross-flow  shock  shows 
up  in  the  clustering  of  the  isobars.  It  appears  to  extend  up  to  the 
vortical  flow  region. 

The  contours  of  total  pressure  are  drawn  in  the  Ggs.  27  and  28  for 
the  solutions  with  the  Roe-scheme  and  the  van  Leer-scheme 
re.spectively.  The  result  for  the  van  Leer-scheme  gives  a  slightly 
larger  total  pressure  loss  in  the  vortex  core  than  the  result  for  the 
Roe-scheme,  67.6%  and  65.7%,  respectively.  Furthermore  the 
region  of  flow  with  a  loss  of  total  pressure  for  the  van  Leer-scheme 
result  is  largei  than  that  for  the  Roe-scheme  result.  As  has  been 
noted  before,  this  may  be  written  on  the  account  of  the  better 
modelling  of  sbear-layeis  by  the  Roe-scheme.  For  this  result  also 
the  aoss-flow  shock  can  be  recovered  better  in  the  lines  of  constant 
total  pressure. 

CONCLUDING  REMARKS 

Experimental  and  computational  results  have  been  obtained  for 
a  delta  wing  with  65°  sweep  angle  in  subsonic  (Ma  “  0.60)  and 
transonic  flow  (Al,  =  0.85).  From  the  measurements’of  surface 
prc’sufes,  Schlieren  pictures,  on  flow  visualizations  and  5-bole 
probe  explorations  the  following  conclusions  may  be  drawn. 
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-  Local  supersonic  flow  regions  lerminated  by  shock  waves  exist  m 
the  leeside  flow  over  a  delta  wing  at  a  Mach  number  of  0.85  and 
angles  of  attack  a  >  15°. 

-  Vortex  breakdotvn  can  be  observed  in  the  pressure  distnbutions 
at  a  spanwise  station  (sudden  collapse  of  suction  peak)  and  along 
the  rootchord  (sudden  expansion  followed  by  a  strong  compres¬ 
sion). 

-  From  the  measured  spanwise  pressure  distribution  no  decision 
could  be  made  about  the  existence  of  cross-flow  shocks.  From  the 
measured  pressure  distributions  along  the  rootchord  some  shacks 
could  be  observed  confirmed  by  Scblieren  pictures. 

From  computational  results  with  a  multigrid  Euler-code  with 

upwind  discretixau'on  schemes  the  following  conclusions  may  be 

drawn. 

-  The  differences  between  computational-  and  experimental 
results  are  primarily  due  to  the  effect  of  secondary  separation, 
which  is  not  modelled  in  the  numerical  method.  Secondly  differ¬ 
ences  are  observed  at  conditions  where  vortex  breakdown  occurs 
in  the  experiments.  This  phenomenon  has  not  been  observed  m 
the  numerical  results. 

-  At  transonic  speed  (At .  =  0.85)  and  high  angle  of  attack  (o  = 
20°)  a  cross-flow  shock  of  almost  conical  shape  develops  on 
pracucally  the  complete  wing  length  and  a  rear  shock  on  the  aft 
part  of  the  wing 

-  The  flux-difference-spbtting  scheme  of  Roe  leads  to  a  better 
simulation  of  the  flow  fleld  outside  the  vortical  flow  region  (pri¬ 
mary  attachment  line,  rootchord  pressure  distribution)  than  the 
flux-splitting  scheme  of  van  Leer.  Furthermore  the  region  of  flow 
with  loss  of  total  pressure  is  smaller. 

REFERENCES 

1  A.  Elsenaar,  G.  Eriksson ;  "Proceedings  of  the  Symposium  on  the 
International  Vortex  Flow  Experunent  on  &ler  Code  Vali¬ 
dation",  Stockholm,  October  1-3, 1986 


2  A.  Elsenaar,  L.  Hjelmberg  K.  Butefisch,  WJ.  Baruunk  ;  The 
International  Vortex  Flow  Experiment",  in;  Validation  of 
Computational  Flmd  Dynamics,  AGARD  CP-437, 1988 

3  E.M.  Houtman,  WJ.  Bannink  :  "Experimental  Investigation  of 
the  Transonic  Flow  at  the  Leeward  Side  of  a  Delta  Wing  at  High 
Inddence",  Report  LR-S18,  Delft  University  of  Technology,  1987 

4  WJ.  Bannink,  E  M.  Houtman,  S.P.  Ottochian  :  "Investigation  of 
the  Vortex  Flow  over  a  Sharp-edged  Delta  Wing  in  the  Transonic 
Speed  Regime",  Report  LR-594,  University  of  Technology  Delft, 
1989 

5  S.P.  Spekreijse  :  "Multigrid  Solution  of  the  Steady  Euler  Equa¬ 
tions",  Doctoral  Thesis,  Delft,  1987 

6  B.  Koren :  "Defect  Correction  and  Multignd  for  an  efficient  and 
accurate  computation  of  airfoil  flows'.  Journal  of  Computational 
Physics  77,  pp.  183-206, 1986 

7  B.  van  Leer  :  "Flux-vector  splitting  for  the  Euler  Equations", 
Lecture  Notes  in  Physics  170,  pp.  507-512, 1982 

8  S.  Osher,  S.  Chakravarty  :■  "Upwind  Schemes  and  Boundary 
Condiuons  with  applications  to  Euler  equations  in  general 
geometries".  Journal  of  Computational  Physics  50,  pp.  447-481, 
1981 

9  P.L.  Roe  ;  "Approximate  Riematm  Solvers,  parameter  vectors 
and  difference  schemes".  Journal  of  Computational  Physics  43, 
pp.  357-372, 1982 

10  G.D.  Van  Albada,  B.  van  Leer,  W.W.  Roberts :  "A  comparauve 
smdy  of  computational  methods  in  cosmic  gas  dynamics",  Astron. 
Astrophys.  108,  pp  76-84,  1982 

ACKNOWLEDGMENTS 

The  authors  would  hke  to  thank  mr.  S.P.  Ottochian  and  mr.  F. 

Vossen  who  contributed  to  the  experimental  investigations  in  par¬ 
tial  fulfilment  for  their  final  engineering  degree. 


t 

! 

i 


VJle 


5-1 


I  M.sO^S 
a  =  200 
x/cr  «  0.70 
Roe-scheme 
—  |i,/p„*O.S 


0  m  0.20  0  40  0  00 


Fig  25  Computed  cross-flow  directions;  M.  -  0.85  ,  a  -  20* 


Fig.  26  Computed  isobars  using  the  Roe  scheme, 
.\i.*0.85 ,0-20* 
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Fig.  27  Computed  lines  of  constant  total  pressure  at 
.W.-0.8S  and  a -20*  using  the  Roe  scheme 
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Fig.  28  Computed  lines  of  constant  total  pressure  at 

M.  •  0.85  and  o  •  20*  using  the  van  Leer  scheme 
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RECENT  PROGRESS  IN  COMPUTATIONAL  VORTEX-FLOW  AERODYNAMICS 


James  M.  Luckring 
NASA-Langley  Research  Center 
Hampton,  VA,  23665-5225,  USA 


SUMMARY 


A  review  of  recent  progress  in  computational 
vortex-flow  aerodynamics  at  the  Langley  Research 
Center  is  presented.  Emphasis  is  placed  on  Navier- 
Stokes  methodology,  both  for  compressible  and  in¬ 
compressible  flows,  and  results  are  presented  from 
central  and  upwind-biased  schemes  for  fully  laminar, 
transitional,  and  fully  turbulent  flows.  In  addition, 
results  are  presented  from  selected  potential-based 
methods  to  address  the  hierarchy  of  formulations 
presently  available  for  the  computational  analysis  of 
aerodynamic  vortex  flows.  Some  comparisons  among 
this  hierarchy  of  methods  are  shown. 


NOMENCLATURE 


c 

D 

d 

E, 

F. G.H 
Fbl 

ho 

J 

k 

t 

Moo 

Pr 

Q 

? 

«oo 

Rt,RD,Ri 

Tn 

Stef 


axial  coefficient.  Axial  Fotce/qooSref 
drag  coefficient,  Drag/foo^re/ 
drag  coefficient  at  zero  lift 
Co  -  Cd,o 

skin  friction  coefficient. 

Skin  Ftiction/fooS're/ 
lift  coefficient,  Lih/qaoSref 
vortex-lift  coefficient 
pitching-moment  coefficient. 

Pitching  Moment /}oo5r«/c 
pressure  coefficient,  (p  —  poo)/?oo 
suction  coefficient,  Suction/^co^re/ 
specific  heat  at  constant  pressure 
specific  heat  at  constant  volume 
section  side-force  coefficient. 

Section  Side  Force/^cod 
mean  aerodynamic  chord 
body  base  diameter 
local  body  diameter 
total  energy  per  unit  volume 
flux  vectors 

Baldwin-Lomax  function 

total  enthalpy,  (E,  +  p)/p 

Jacobian  of  coordinate  transformation 

conductivity 

reference  body  length 

freestream  Mach  number 

Prandtl  number 

state  vector 

total  velocity 

freestream  dynamic  pressure 
Reynolds  number  based  on  c,  D,  t 
nose  rtulius 

area  of  reference  wing  planfotmi 
'extended  to  configuration  centerline 


wall-friction  velocity,  \/r^Jp 
fraction  of  semispan.  Also, 
fraction  of  LEX  exposed  semispan, 
inner-law  variable,  yv*  jv 
angle  of  attack,  degrees 
a  for  incipient  vortex  breakdown 
angle  of  sideslip,  degrees.  Also, 
incompressible  coupling  parameter, 
ratio  of  specific  heats,  Cp/c, 
viscosity 

kinematic  viscosity,  p/p 

circumferential  angle 

boat-tail  angle 

cone  angle 

sweep  angle,  degrees 

Perturbation  velocity  potential.  Also, 

roll  angle,  degrees 

body-fitted  coordinates 

density 

wall  shear  stress 


Subscripts 

It 


leading  edge 
laminar 


turbulent 
trailing  edge 


1.0  INTRODUCTION 


Vortex  flows  have  long  intrigued  scientists  and 
engineers  from  both  a  fundamental  fluid  mechan¬ 
ics  as  well  as  an  applied  aerodynamics  perspective. 
They  occur  at  all  aerodynamic  scales  (e.g.,  boundary 
layer,  wing,  triuling  wake)  and,  more  broadly,  also 
occur  on  geophysical  scales  in  the  form  of  tornados, 
hurricanes,  and  large  scale  ocean  structures.  To  this 
day  vortices  continue  to  be  a  very  challenging  and 
important  flow  to  measure,  compute,  and  use  effec¬ 
tively.  Along  with  shock  waves  and  boimdary  layers, 
vortices  complete  a  triad  of  extensively  studied  fluid 
entities  in  aerodynamics  and  fluid  mechanics. 

The  focus  of  this  paper  is  on  separation-induced 
vortex  flows  such  as  those  which  emanate  Rom  fore- 
bodiM  or  swept-wing  leading  edg^.  The  concept  of 
this  type  of  vortex  flow  appears  to  have  been  orig¬ 
inally  put  forth  by  Wilson  and  Lovell  (1947)  to  ex- 
plun  large  vort»-lift  intfeiiiehts'obf^n^  on  aDM- 


body-axis'Cutesian  velocity  components  1  glider  model' being  tMted  in  the  Lmigley-30  x  60 


y 
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foot  full-scale  wind  tunnel.  They  postulated  the  oc¬ 
currence  of  a  cross-flow  separation  near  the  leading 
edge  which,  when  superimposed  with  the  longitu¬ 
dinal  flow  on  the  slender  delta  wing,  would  cause 
a  vortex  to  form  inboard  of  the  leading  edges  rmd 
above  the  wing.  It  is  from  their  origin  in  a  cross  flow 
separation  that  these  vortex  flows  are  referred  to 
as  “separation-induced”  vortex  flows,  as  contrasted 
with,  for  example,  the  vortices  which  form  in  the 
wake  of  a  three-dimensional  lifting  surface  due  to  the 
spanwise  variation  of  lift.  The  primary  length  scales 
of  these  vortices  is  larger  than  typical  viscous  length 
scales,  thus  distinguishing  the  separation-induced 
vortex  from  other  vortices  which  arise  within  viscous 
layers  (e.g.,  Gortler  vortices,  juncture  vortices,  etc.) 

Efforts  to  computationally  simulate  separation- 
induced  vortex  flows  for  aerodynamic  applications  go 
back  at  least  to  Legendre  (1953)  for  delta  wings  and, 
more  classically,  to  Riabouchinski  (1922).  Most  re¬ 
cently,  significant  strides  in  numerical  algorithm  de¬ 
velopment  coupled  with  advanced  computer  technol¬ 
ogy  have  resulted  in  practical  formulations  capable  of 
simulating  the  subject  flow  with  the  Euler  equations 
or  the  thin-layer  form  of  the  Navier-Stokes  equations 
in  three  dimensions  for  elliptic  problems. 

Navier-Stokes  predictions  of  viscous  separation- 
induced  vortex  flows  are  emphasized  in  this  paper. 
Potential-based  methods  have  also  been  included  due 
to  their  speed  and  accuracy  in  estimating  force  and 
moment  properties.  This  class  of  technology  plays  an 
important  role  in  preliminary  design.  All  methodol¬ 
ogy  selected  for  this  paper  has  been  developed  at  the 
Langley  Research  Center;  it  is  indicative  of  present 
state  of  the  art  techniques  in  use  at  other  institu¬ 
tions  as  well. 

Three  Navier-Stokes  methods  which  have  proven 
to  be  both  accurate  as  well  as  efficient  have  been 
selected.  They  are  i)  CFL3D,  an  upwind-biased, 
finite-volume  formulation  for  compressible  flow,  ii) 
TLNS3D,  a  central-difference,  finite-volume  formu¬ 
lation  for  compressible  flow,  and  iii)  FMCl,  a  high- 
resolution  finite-difference  formulation  for  incom¬ 
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ods  employed.  Some  details  of  the  Navier-Stokes  for-  { 

mulations  are  included  in  the  appendices  to  clarify  |  ! 

differences  among  them.  |  | 

2.0  METHODOLOGY  I 

Consider  first  the  governing  equations  cast  in  an  | 

integral  finite-volume  form  i 

Here  the  time  rate  of  change  of  the  state  vector  Q 
within  a  cell  is  balanced  by  the  net  flux  /  across  the 
cell  surface.  Discretization  of  the  governing  equa¬ 
tions  results  in  a  consistent  approximation  to  the 
integral  form  of  the  conservation  laws 

Q,,  +{F-  +  (6-  G„),„  +  {H-  H^),(  =  0  (2) 

cast  in  generad  curvilinear  coordinates. 

2.1  Compressible,  Upwind  Difference 

The  upwind  method  CFL3D  has  been  developed 
by  Thomas  (1985b-1987)  for  the  thiee-dimensional, 

Reynolds-averaged,  Navier-Stokes  equations.  The 
state  vector  is  taken  as 

Q-  J~^\p,pu,pv,pw,Eof  (3) 

The  equations  are  typically  solved  in  their  thin-layer 
form 

n  =  Gv  =  0  (4) 

thus  accounting  for  viscous  flux  terms  only  in  the  ( 
direction  (normal  to  the  body)  and  the  various  flux 
terms  of  equation  2  aue  presented  in  Appendix  5.1 
for  the  thin  layer  approximation.  With  the  ideal  gas 
assumption,  the  pressure  emd  total  enthalpy  are  ex¬ 
pressed  as 

p  =  (7-l)(J5o-^pg’)  ;  *»  =  i 


pressible  flow.  (See  figure  1.)  Both  of  the  finite- 
volume  formulations  ate  cell-centered  schemes.  All 
of  these  methods  provide  for  laminar,  transitional, 
or  turbulent  flow  and  can  also  model  inviscid  Euler 
flow.  They  have  all  been  developed  for  structured 
grids. 

Two  potentiad  flow  formulations  which  have  con¬ 
tinued  to  be  extended  and  used  have  also  been  se¬ 
lected.  They  are  i)  FVS,  a  ftee-vortex-sheet  “fitting” 
higher-order  panel  method  based  on  the  Prandtl- 
Glauert  equation  with  nonlinear  boundary  condi¬ 
tions,  and  ii)  the  Suction  Analogy,  a  conservation 
principle  most  often  coupled  with  linear  tediniques 
such  as  lower-order  pand  methods.  (See  figure  2.) 

Sadient  attributes  of  the  .Navier-Stokes  and  po^ 
tential  method  are  presented  first;  followed  by  a 
variety  of.  implications,  demonstrating  pre^t  capar 
bilities  and.including  compatrispns  among  ^e.meth- 


Turbulence  effects  aue  accounted  for  through  the 
notion  of  an  eddy  viscosity  emd  eddy  conductivity. 


P  =  P<+Pt  =A«<(l  +  /<«/w) 
k  =  ki  +  ki  =  kt{l  +  kt/kt) 


(7) 

(8) 


and  k  =  /iCp/Pr  for  laminair  or  turbulent  fiow.  Tur¬ 
bulence  effects  are  modeled  with  the  two-layer  al- 
gebradc  eddy-viscosity  model  devdoped  by  Baldwin 
and  Lomax  (1978).  For  regions  with  separation  in¬ 
duced  vortex  flow,  the  vorticity  function  constructed 
by  Baldwin  and  Lomax,-fBi.(C),  will-exhibit  two  rel¬ 
ative  extrema,  the  first  of  which  is  associated  with 
the  attached  boundary  layer  eddy., viscosity.  The  sec¬ 
ond  (amd  larger)  inaximais  due  to  the  vorticity.  as^ 
ciated  with  the  sepamatipn-induced  wortex  flow.  The 
notions  of  i^gani.and;Schiff  (1983)  aue  drawn  .upon 
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to  differentiate  between  these  extrema  and  thus  de¬ 
termine  proper  turbulence  length  scales.  The  search 
for  FBL.maz  i®  terminated  when  local  values  of  Fbl 
have  diminished  to  approximately  90%  of  the  first 
relative  extrema  found  searching  away  from  the  wall. 

The  inviscid  fluxes  can  be  evaluated  with  either 
of  two  upwind  approaches,  the  flux-difference  split¬ 
ting  approach  of  Roe  (1986)  or  the  flux-vector  split¬ 
ting  approach  of  van  Leer  (1982).  Viscous  flux  terms 
are  evaluated  with  central  differences.  Characteristic 
far-fleld  boundary  conditions  are  used  as  described 
by  Thomas  and  Salas  (1985).  Typical  surface  bound¬ 
ary  conditions  are  employed  which  include  options 
for  adiabatic  wall  or  specified  wall  temperature. 

The  flow  is  advanced  in  time  with  the  condi¬ 
tionally  stable  three-factor  approximate  factoriza¬ 
tion  scheme  as  described  by  Anderson  (1988).  On 
the  NASA-Langley  Cray-2S  Voyager  the  algorithm 
requires  approximately  22  /i-seconds/cycle/grid 
point  for  the  Roe  scheme  and  approximately  45  /i- 
seconds/cycle/grid  point  for  the  van  Leer  scheme. 

The  method  allows  for  all  classes  of  structured 
grid  topologies.  Most  recently  the  Ramshaw  (1985) 
approach  was  implemented  by  Thomas  (1989)  to  ex¬ 
tend  this  method  for  blocked-grid  applications. 

2.2  Compressible,  Central  Difference 

The  central-difference  scheme,  TLNS3D,  has 
been  developed  by  Vatsa  (1986)  for  solving  the  three- 
dimensional,  Reynolds-averaged,  Navier-Stokes  equa¬ 
tions.  This  development  was  done  in  close  collabo¬ 
ration  with  Swanson  and  llirkel  (1986)  who  devel¬ 
oped  TLNS2D,  a  related  two-dimensional  method. 
Both  methods  are  extensions  to  the  Euler  methodol¬ 
ogy  developed  by  Jameson  (1981,  1983).  The  basic 
governing  equations  and  fluxes  are  the  same  as  de¬ 
scribed  for  CFL3D.  Ibrbulence  quantities  can  be 
evaluated  either  with  the  Baldwin  Lomax  (1978)  al¬ 
gebraic  model  or  with  the  Johnson- King  (1985)  clo¬ 
sure  model. 

The  numerical  evaluation  of  the  fluxes  is  per¬ 
formed  with  central  differences.  Dissipation  terms 
are  minimized  in  TLNS3D,  principally  through  a 
local  Mach  number  scaling  as  discussed  by  Swan¬ 
son  and  Turkel  (1987)  and  employed  by  Kaynak 
and  Flores  (1987).  Characteristic  far-fleld  boundary 
conditions  2ire  used  along  with  conventional  surface 
boundary  conditions. 

The  flow  is  advanced  in  time  with  an  explicit 
four-stage  Range  Kutta  technique,  and  the  method 
makes  extensive  use  of  multi-grid  and  mesh  sequenc¬ 
ing  along  with  other  convergence  acceleration  tech¬ 
niques.  The  algorithm  requires  approximately  50 
p-seconds/cycle/grid  point  of  Cray-2S  time. 

The  method  allows  for  most  classes  of  structured 
grid  topologies  and  is  presently  restricted  to  single 
block  applications. 

2.3  Incompressible,  High  Resolution 

This  high-resolution  scheme,  FMCl,  has  been 
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developed  by  Hartwich  (1986-1989)  for  the  incom¬ 
pressible  three-dimensional,  Reynolds-averaged, 
Navier-Stokes  equations.  The  state  vector  is  ex¬ 
pressed  as 

(j  =  7"*  [p,u,t),u)]’’  (9) 

This  draws  on  the  artificial  compressibility  concept 
of  Chorin  (1967)  and  the  coupling  parameter  0  can 
be  found  in  the  appropriate  flux  terms  of  appendix 
5.2.  In  most  cases  this  parameter  is  set  to  unity. 

Turbulence  effectes  are  again  represented  with 
the  algebraic  Baldwin  Lomax  (1978)  model.  In  addi¬ 
tion  to  the  Degani-Schiff  (1983)  model  for  massively 
separated  flows,  Hartwich  has  developed  a  model  for 
determining  proper  length  scales  in  the  case  of  mas¬ 
sively  separated  flows  from  a  smooth  surface  such  as 
a  forebody  or  a  missile.  This  model  has  been  used 
for  transitional  flow  computations  about  a  3.5  caliber 
tangent-ogive  model. 

Inviscid  fluxes  eue  determined  with  second-order 
discretization  based  upon  Total  Varation  Dimin¬ 
ishing  (TVD)  principles  as  described  by  Hartwich 
(1988b)  Viscous  fluxes  are  evaluated  with  central 
differences.  Hartwich  refers  to  his  approach  as  a 
high-resolution  scheme  since  spurious  oscillations  are 
suppressed  but  not  eliminated,  as  would  be  the  case 
for  a  TVD  scheme,  when  applied  to  one-dimensional 
nonlinear  hyperbolic  conservation  laws  and  linear 
systems. 

Far-fleld  boundary  conditions  are  treated  explic¬ 
itly  by  imposing  free  stream  conditions  on  all  bound¬ 
aries  except  for  the  the  outflow  boundary  where  first- 
order  extrapolation  is  used  in  conjunction  with  free- 
stream  pressure.  No-slip  surface  conditions  are  used 
along  with  pressure  extrapolation  from  the  limiting 
boundary  layer  form  of  the  Navier-Stokes  equations. 

The  solution  is  advanced  in  time  with  a  hybrid 
algorithm  comprised  of  approximate  factorization  in 
cross-flow  planes  with  symmetric  planar  Gauss-Seidel 
relaxation  in  the  third  dimension.  The  algorithm 
requires  approximately  55  /i-seconds/cycle/grid  point 
of  Cray-2S  time. 

The  method  allows  for  all  classes  of  structured 
grid  topologies  and  is  restricted  to  single  block  appli¬ 
cations. 

2.4  Potential  Formulations 

Consider  now  the  case  of  a  subsonic  or  super¬ 
sonic  flow  with  small  perturbations.  This  flow  is  gov¬ 
erned  by  the  linear  Prandtl-Glauert  equation 


(1  -  +  <t>,yy  +  <l>,zx  =  0 


(10) 


subject  to  appropriate  boundary  conditions.  When 
the  vortex  is  directly  simulated  or  ‘^tted”,  the  asso¬ 
ciated  boundary  conditions  render  the  overall  prob¬ 
lem  to  be  nonlinear.  The  free-vortex-sheet  method 
was  developed  to  solve  this  problem  with  higher- 
order  panel  technology  by  Brune  (1975)  and  sub^ 
sequently  improved  by  johnson  (1980)and.£uck-  ' 
ring  (1986).  The  method  has  also  been  extended 
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by  Luckiing  (1985)  to  model  details  of  the  vortex 
core  flow  by  coupling  the  asymptotic  Stewartson  and 
Hall  (1963)  solution  along  with  Hall’s  (1961)  parab¬ 
olized  Navier-Stokes  vortex  core  model  to  the  three- 
dimensional  free  vortex  sheet  for  estimating  incipient 
vortex  breakdown  (figure  3). 

When  the  vortex  is  not  directly  simulated,  it’s 
effects  on  forces  and  moments  can  be  represented 
through  the  Polhamus  suction  analogy  (1966).  This 
is  a  concept  of  conservation  of  leading  or  side-edge 
suction.  It  has  historically  been  coupled  with  simple 
linear-theory  panel  methods  to  achieve  rapid  and  ac¬ 
curate  estimates  of  the  nonlinear  force  and  moment 
properties  associated  with  the  vortex  flow.  For  sub¬ 
sonic  applications,  Lamar  and  Gloss  (1975)  coupled 
the  suction  analogy  with  the  vortex-lattice  method  of 
Margason  and  Lamar  (1971)  and  this  method  is  used 
for  the  subsonic  results  presented  in  this  paper. 

For  supersonic  applications  Carlson  (1979, 

1980)  developed  an  approach  to  evaluate  attainable 
leading-edge  suction  by  accounting  for  various  limit¬ 
ing  factors  (such  as  vacuum  pressure)  in  the  suction 
computation.  The  approach  has  been  effective  even 
for  relatively  complex  configurations  (Carlson,  1990). 

3.0  RESULTS 

Results  are  organized  to  wing-dominated  sepa¬ 
ration  followed  by  forebody-dominated  separation. 
Finally,  recent  applications  to  the  F/A-18  aircraft 
are  presented  which  embrace  both  wing  and  forebody 
separated  vortex  flows. 

3.1  Wing-Dominated  Sepauration 

Subsonic  force  and  moment  properties  can  be 
estimated  quite  accurately  for  isolated  vortices  at 
subcritical  conditions  with  the  potential  methods. 
More  recently,  estimates  of  the  vortex  state  (coher¬ 
ent,  burst,  or  asymmetric)  have  been  obtained  as 
well.  An  example  for  predicting  the  vortex  break¬ 
down  boundatry  is  presented  in  figure  4a.  Results 
from  the  coupled  FVS  viscous-vortex-core  model 
(Luckring,  1985)  predict  the  experimental  trends 
(Wentz  and  Kohlman,  1968)  due  to  leading  and  trail¬ 
ing  edge  sweep  variations  quite  well.  The  leading- 
edge  trend  is  repeated  in  figure  4b  along  with'  the 
predicted  vortex  asymmetry  boundary  from  con¬ 
sideration,  of  a  diverging  core  criterion  of  Polhamus 
(1986).  Also  shown  are  data  for  vortex  asymmetry 
from  Fox  and  L^ar  (1974)  as  well  as  vortex  burst¬ 
ing  as  determined  from  buffet  onset  by  Boyden  and 
Johnson  (1981). 

Lift  estimates  from  the  free  vortex  sheet  as  well 
as  the  suction  analogy  are  compared  to  the  experi¬ 
mental  results  of  Wentz  and  Kohlman  (1968)  in  fig- 
lure  5  for  two  delta  wings  of  differing  leading-edge 
sweep.  For  the  70*  wing,  both  methods  provide 
a  good  estimate  of  the  lift  up  to  the  point  where 
vortex  breakdown  is  manifested  in  the  experiment. 
However,  for  the  80°  wing  the  free  vortex  sheet  pro¬ 
vides  a  better  estimate  than  does  the  suction  anal¬ 


ogy  from  approximately  20  degrees  smgle  of  attack  to 
the  point  where  breakdown  is  once  again  manifested 
experimentally.  The  suction  analogy  has  tradition¬ 
ally  been  viewed  as  providing  a  conservative  upper 
bound  for  vortex  lift  increments  and  the  decrement 
between  it  and  the  free  vortex  sheet  is  due  to  vortex 
curvature  and  crowding  effects  implicitly  represented 
in  the  free  vortex  sheet.  (This  decrement  can  also 
be  viewed  as  a  lack  of  full  suction  recovery.)  Also 
shown  is  the  theoretical  condition  of  incipient  vor¬ 
tex  breakdown  (labeled  critical  swirl)  edong  with  the 
theoretical  condition  of  incipient  vortex  asymmetry 
(labeled  diverging  cores).  These  correlate  well  with 
the  appropriate  breaks  in  the  experimental  data. 

Force  and  moment  estimates  for  the  unit-aspect- 
ratio  Hummel  (1979)  delta  wing  are  presented  in  fig¬ 
ure  6.  The  free  vortex  sheet  provides  accurate  esti¬ 
mates  of  lift,  drag,  and  pitching  moment,  including 
the  camber  effects,  up  to  the  angle  of  attack  where 
vortex  breakdown  occurs  at  the  trailing  edge.  Al¬ 
though  not  shown  on  the  figure,  Navier-Stokes  so¬ 
lutions  from  CFL3D  (Thomas  and  Newsome,  1986) 
and  FMCl  (Hartwich,  1988)  also  predict  the  lift  well. 
Hartwich  has  also  shown  good  predictions  for  the 
pitching  moment  from  FMCl.  Both  methods  pro¬ 
vide  a  reasonable  approximation  of  the  aerodynamics 
associated  with  vortex  breakdown. 

Predictions  of  the  spanwise  turbulent  pres¬ 
sure  distributions  are  shown  in  figure  7  for  the  free- 
vortex-sheet  method.  Differences  on  the  upper  sur¬ 
face  are  primarily  due  to  secondary  vortex  effects  not 
modeled  in  the  inviscid  theory.  These  computations 
are  viewed  as  an  upper  bound  which  the  experiment 
would  approach  if  viscous  flow  effects  were  to  dimin¬ 
ish. 

Predictions  of  the  spanwise  laminar  surface 
pressure  distributions  are  shown  in  figure  8  for  the 
Navier-Stokes  methods  CFL3D  rmd  FMCl.  Both 
methods  predict  the  flow  quite  well.  Both  methods 
differ  from  experiment  in  a  very  consistent  manner. 
Most  notably,  they  both  predict  a  more  negative  suc¬ 
tion  peak  for  the  secondary  vortex  at  the  aft  two 
stations  and  they  both  predict  more  negative  lower 
surface  pressures  at  the  aft  most  station  shown.  A 
comparison  of  the  laminar  surface  flow  pattern  be¬ 
tween  FMCl  and  experiment  is  presented  in  figure  9 
and  shows  good  correlation.  Similar  predictions  of 
the  surface  flow  pattern  have  been  obtained  with 
CFL3D. 

Force  and  moment  properties  of  fairly  complex 
configurations  can  be  estimated  through  the  suction 
analogy  approach  with  considerable  accur2u;y.  An  ex¬ 
ample  for  a  generic  high-speed  configuration  (Luck¬ 
ring,  1988)  of  figure  10  is  presented  in  figures  11  and 
12  for  low-speed  aerodynamic  propertiM.  These  com¬ 
putations  were  performed  with  full  vortex  lift  esti¬ 
mates.  For  configurations  where  attainable  leading 
edge  thrust  is  a  factor,  Carlson’s  approach  also  pro¬ 
vides  quite  reasonable  Estimates.  ^  figures  13  and 
14. 
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At  supersonic  speeds  the  leading-edge  vortex 
flow  becomes  more  complex  due  to  shock  interac¬ 
tions.  A  useful  parametric  data  base  for  delta  wings 
was  developed  by  Miller  and  Wood  (1985).  They 
extended  the  Stanbrook  and  Squire  (1964)  classifica¬ 
tions  to  account  for  a  variety  of  shock,  vortex,  and 
shock-vortex  flow  regimes  in  terms  of  the  angle  of  at¬ 
tack  and  Mach  number  normal  to  the  leading  edge. 

A  limited  number  of  computations  by  Thomas  and 
Newsome  (1986)  with  CFL3D  showed  good  predic¬ 
tion  of  shocked,  vortex,  and  shock-vortex  flows,  both 
in  terms  of  surface  pressure  distributions  as  well  as 
off-body  flow  structure.  A  more  detailed  analysis  of 
these  flows  has  recently  been  completed  by  McMillin 
(1990)  with  CFL3D.  The  McMillin  results  led  to  a 
refinement  in  the  flow  classification. 


3.2  Forebody-Dominated  Separation 


Tangent  Ogive  -  Computations  for  the  sym¬ 
metric  flow  about  a  3.5  caliber  tangent-ogive  cylin¬ 
der  have  been  performed  by  Hartwich  and  Hall 
(1989)  with  the  incompressible  solver  FMCl  for 
o  =  20°, 30*  and  Rd  =  0.2, 0.8, 3.0  x  10«.  As  with 
many  forebody  flows,  transition  effects  and  blunt 
shear-layer  separation  details  can  play  an  important 
role  in  both  the  local  as  well  as  the  overall  aerody¬ 
namic  properties.  Hartwich  addressed  these  features 
with  a  variety  of  techniques. 

A  longitudinal  transition  location  of  the  at¬ 
tached  flow  was  extracted  from  the  data  baset  for 
one  set  of  flow  conditions.  The  variation  of  this  lo¬ 
cation  with  angle  of  attack  and  Reynolds  number 
was  approximated  with  an  Elsch  factor  (1975)  as  de¬ 
scribed  by  Polhamus  (1984).  Laminar  cross-flow  sep¬ 
aration  was  modeled  until  the  scale  of  the  separation 
exceeded  an  empirical  boundary-layer  thickness.  At 
this  point  the  turbulence  model  is  invoked,  thereby 
representing  a  flow  with  laminar  separation  followed 
by  transitional  shear  layer. 

C-0  topology  grids  were  generated  with  an  el¬ 
liptic  solver  of  Hartwich  (1986)  and  the  baseline  grid 
was  comprised  of  40  x  73  x  65  points  in  the  longitu¬ 
dinal,  circumferential,  and  normal  directions  respec¬ 
tively.  Grid  sensitivity  studies  showed  no  appreciable 
effect  of  varying  the  far-held  location  from  7  to  28 
body  diameters  or  of  varying  the  longitudinal  dis¬ 
cretization  from  40  to  105  stations.  Cross  flow  grid 
sensitivity  demonstrated  second  order  convergence  of 
normal-force  coefficient  to  the  experimentally  deter¬ 
mined  value.  These  solutions  require  approximately 
400  cycles  to  converge  which,  for  the  baseline  grid, 
correspond  to  about  1.2  hours  of  Cray-2S  time. 


t  The  data  included  in  Hartwich’s  publications  were 
obtained  by  Dr.  P.  J.  Lamont  whUe  at  the  NASA 
Ames  Research  Center;  access  to  these  otherwise  un¬ 
published  data  was  provided  by  Dr.  L.  B.  Schiff,  also 
of  NASA  Ames. 


Results  from  this  formulation  are  presented  for 
Rd  =  0.2  X  10®  and  a  =  20°  iu  figure  15  and  for 
Rd  =  0.8  X  10®  and  a  =  30°  in  figure  16.  At  the  for¬ 
ward  stations  the  flow  is  laminar,  and  either  the  fully 
laminar  or  transitional  flow  computations  predict  the 
data  well.  Further  downstream  the  flow  transitions 
and  the  transitional  flow  computation  provides  good 
estimates  of  the  surface  pressure  distributions.  There 
is  apparently  little  upstream  influence  of  transition 
on  the  laminar  flow  on  the  forward  portion  of  the 
configuration.  Good  predictions  of  Reynolds  number 
effects  were  also  shown  by  Hartwich  (1989). 

The  data  at  o:  =  30°  (figure  16)  indicate  the 
flow  to  be  slightly  asymmetric.  It  is  well  known  that 
roll  orientation  of  the  model  can  play  a  major  role  in 
the  extent  of  asymmetry  (see,  for  example.  Keener, 
1977)  and  the  data  selected  for  figure  16  correspond 
to  the  minimum  asymmetry  condition.  In  addition 
to  laminar  flow  results,  transitional  flow  results  are 
also  presented  not  only  for  Hartwich’s  model  (labeled 
method  A)  but  also  for  for  a  variation  on  that  model 
(labeled  method  B)  where  turbulence  effects  are  pat¬ 
terned  more  closely  after  the  Degani-Schiff  extensions 
to  the  Baldwin-Lomax  model.  Either  formulation 
provides  reasonable  estimates  of  the  data. 

Computations  allowing  for  flow  asymmetry  were 
performed  by  Hartwich  (1990)  for  a  =  20°, 30°, 40° 
at  Rd  =  0.8  X  10®.  At  higher  angles  of  attack  the 
flow  continues  to  become  more  asymmetric,  and 
Hartwich  showed  that  the  data  at  a  =  40°  exhibited 
a  bi-stable  state.  The  flow  exhibited  two  “equal  but 
opposite”  states  which  occurred  with  every  90°  of 
roll  angle;  the  flow  repeated  itself  with  180°  of  roll. 

Hartwich  deduced  that  a  small  out  of  roundness 
of  the  forebody  apex  could  be  a  causative  agent  for 
this  observed  flow  behavior.  For  asymmetric  compu¬ 
tations  the  tangent-ogive  geometry  was  modified  by 
linearly  increasing  the  cross-sectional  ellipticity  over 
the  first  3.6%  of  the  forebody  from  unity  to  a  value 
of  2  at  the  apex  (where  the  geometry  itself  is  singu¬ 
lar).  The  grid  was  comprised  of  40  x  145  x  65  points 
and  incorporated  increased  longitudinal  clustering 
to  resolve  elliptic  apex  effects  as  well  as  increased 
radial  stretching  for  improved  laminar  sublayer  res¬ 
olution.  The  circumferential  branch-cut  orientation 
and  boundary  condition  formulation  had  no  effect  on 
the  results. 

The  general  character  of  the  asymmetric  flow  is 
shown  in  figure  17  and  a  periodic  vortex  shedding 
is  observed.  The  condition  of  maximum  or  mini¬ 
mum  asymmetry  in  the  local  flow  pattern  was  found 
to  correspond  to  a  maximum  or  minimum  sectional 
sideforce,  in  absolute  value,  respectively. 

Results  for  a  =  40°  are  shown  in  figure  18.  For 
figure  18(a)  the  elliptic  nose  was  rolled  45°  and  the 
comparison  is  presented  against  Lamont’s  data  for 
one  of  the  bi-stable  states  which  occurred  experimen¬ 
tally  for  ^  =  0°.  For  figure  18(b)  results  are  shown 
for  both  experiment  and  computational  model  hav¬ 
ing  been  rolled:  by  90°.  In  both  cases,  the  correlation 
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is  quite  good.  Other  computations  for  a  =  20’  with 
the  asymmetric  geometry  yielded  essentially  symmet¬ 
ric  flow  solutions,  as  was  observed  experimentally. 
The  conjecture  of  an  apex  out-of-roundness  trigger¬ 
ing  the  stable  asymmetric  flow  patterns  seems  to  be 
substantiated  by  these  results.  Integration  of  the  sur¬ 
face  pressures  in  the  side-force  direction  is  consistent 
with  the  observed  flow  patterns  and  correlates  with 
experiment  well,  flgure  19. 

Prolate  Spheroid  -  Computations  for  the  sym¬ 
metric  flow  about  a  6:1  prolate  spheroid  have  been 
performed  by  Vatsa  (1987)  for  a  =  10°, 30°  and 
Ri  =  1.6, 7.2, 7.7  X  10®.  These  Reynolds  numbers 
correspond  to  Ro  =  -27, 1.2, 1.28  x  10®  which  are 
within  the  range  investigated  by  Hartwich  for'the 
3.5  tangent-ogive  conflguration.  This  work  included 
a  detailed  comparison  of  the  upwind  solver  CFL3D 
and  the  central-difference  solver  TLNS3D 

C-0  topology  grids  were  generated  with  an  al¬ 
gebraic  method  based  upon  the  principles  of  transfi- 
nite  interpolation  (Smith,  1982,  Eriksson,  1984).  The 
baseline  grid  was  comprised  of  73  x  49  x  49  points 
Grid  sensitivity  studies  showed  expected  trends  in 
solution  properties  with  the  baseline  grid  produc¬ 
ing  a  faithful  rendition  of  the  flow.  Solutions  from 
TLNS3D  required  approximately  3500  cycles  to  con¬ 
verge  the  flow  which  corresponded  to  about  7  hours 
of  Cray-2  time.  (Extensions  to  the  algorithm  since 
the  prolate  spheroid  study  have  resulted  in  many 
solutions  being  obtained  in  nominally  300  cycles.) 
Approximately  3500  cycles  were  required  for  CFL3D 
solutions  which  corresponded  to  3.5  Cray-2  hours. 
Results  were  computed  for  Moo  =0.4  whereas  the 
experimental  results  were  obtained  at  Mo,  =  0.1. 
Numerical  studies  showed  little  change  in  computed 
solution  properties  for  0.4  >  >  0.1  although  con¬ 

vergence  for  these  compressible  flow  solvers  degraded 
as  Moo  decreased. 

Typical  results  are  presented  in  flgure  20  for  a 
transitional  flow  simulation.  Both  formulations  pre¬ 
dicted  similar  surface  flow  patterns,  and  the  agree¬ 
ment  between  theory  and  experiment  is  excellent. 
(Discussion  of  the  experiment2d  findings  may  be 
found  in  the  papers  by  Kreplin  (1982)  and  by  Meier 
(1984, 1985).)  Laminar  flow  results  were  similar  ex¬ 
cept  for  skin  friction  results  at  the  rear  of  the  model 
which  were  underpredicted.  At  the  higher  angle  of 
attack  and  Reynolds  number  condition  the  structure 
of  the  off-body  flow  field  is  comparably  predicted  be¬ 
tween  the  two  formulations,  flgure  21.  The  central 
difference  method  is  slightly  more  dissipative  and 
most  of  the  differences  between  the  two  formulations 
is  consistent  with  this  feature. 

3.3  Aircraft  Appliration 

Computations  about  aircraft  geometries  with 
Navier-Stokes  formulations  have  recently  begun  to 
appear  in  the  literature.  A  considerable  effort  has 


been  directed  towards  the  F/A-18  aircraft  in  as¬ 
sociation  with  the  High  Alpha  Research  Program 
(HARP)  being  conducted  by  NASA.  Computations 
about  the  forebody-LEX  portion  of  the  aircraft  have 
been  performed  by  Ghaffari  (1989)  with  an  extended 
version  of  CFL3D  for  longitudinally  blocked  grids  by 
Thomas  (1989).  The  computations  have  been  per¬ 
formed  matching  recent  wind-tunnel  test  and  flight- 
test  conditions.  Some  of  these  computations  will  be 
summarized  in  this  section. 

H-0  topology  grids  were  generated  using  estab¬ 
lished  transflnite  interpolation  techniques  with  the 
method  (Richardson,  1987)  applicable  to  slender 
shapes.  A  baseline  grid  (of  approximately  185,0(10 
points)  was  established  with  sufficient  normal  clus¬ 
tering  near  the  surface  to  adequately  resolve  the  lam¬ 
inar  sublayer  for  the  turbulent  boundary  layer  flow 
for  the  selected  wind-tunnel  freestream  conditions 
(Moo  =  0.6,  Ri  =  0  8  X  10®,  and  a  =  20°).  This 
grid  produced  an  average  normal  cell  size  next  to  the 
wall  of  approximately  10“°c  which  corresponds  to 
J/+  «  2  for  the  turbulent  computations;  a  laminar 
sublayer  generally  extends  out  to  5/+  sa  8.5.  The 
same  grid  was  used  for  the  laminar  computations  as 
well.  At  the  flight  freestream  conditions  (Moo  =  0.34, 
Ri  =  13.5  X  10®,  and  or  =  19°)  the  baseline  grid 
produced  «  8.  Converged  results  required  ap¬ 
proximately  2.5  hours  of  Cray-2  computer  time 

Wind-Tunnel  Computations  -  The  computed 
total  pressure  contours  and  surface  streamline  pat¬ 
terns  are  shown  in  figures  22  and  23  for  fully  laminar 
as  well  as  fully  turbulent  flow,  respectively.  These  so¬ 
lutions  are  obtained  at  Moo  =  0.6,  Ri  =  0.8  x  10®, 
and  a  =  20°.  The  cross  flow  total  pressure  contours 
for  the  laminar  computations  (flgure  22(a))  clearly 
show  the  LEX  primary  and  the  secondary  vortex  sys¬ 
tems.  Furthermore,  there  exists  a  clear  primary  sep¬ 
aration  line  (as  indicated  by  the  converging  surface 
streamlines)  on  the  forebody  along  with  a  secondary 
separation  line  on  the  leeward  side  of  the  aft  fore¬ 
body.  These  are  fairly  flat  bubble-type  separations 
which,  in  general,  occur  on  the  order  of  a  boundary 
layer  thickness. 

A  closeup  view  of  the  LEX-body  laminar  flow 
structure  is  shown  in  flgure  22(b).  This  result  shows 
a  very  complex  separated  flow  that  exists  under 
the  LEX.  Figure  22(b)  also  provides  a  close  view 
of  the  surface  flow  in  the  vicinity  of  the  longitudi¬ 
nal  grid-patching  station  (i.e.,  the  LEX  apex  sta¬ 
tion).  Note  that  the  flow  properties  are  very  smooth 
across  this  interfacing  patch  between  the  two  blocks 
of  grid.  The  laminar  LEX  upper  surface  pattern  (fig¬ 
ure  22(c))  clearly  shows  the  secondary  separation 
line  with  the  subsequent  reattachment  line  (indicated 
by  the  diverging  surface  streamlines)  between  the 
secondary  separation  line  and  the  leading  edge.  A 
tertiary  vortex  is  also  indicated  outboard  of  the  sec¬ 
ondary  reattachment  line. 

The  turbulent  flow  computations  demonstrate 
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a  drastically  different  flow  structure  as  shown  in  fig¬ 
ure  23.  For  example,  it  appears  that  the  primary 
and  the  secondary  fcebody  separations  are  com¬ 
pletely  eliminated  in  the  turbulent  case,  figure  23(a). 
In  addition,  the  separated  flow  pattern  beneath  the 
LEX  (figure  23(b))  has  been  reduced  in  scale  and 
simplified  in  the  turbulent  case.  Compared  to  the 
laminar  flow  results,  the  turbulent  flow  pattern  on 
the  LEX  upper  surface  (figure  23(c))  shows  an  out¬ 
board  movement  of  the  secondary  separation  line,  as 
expected,  and  reduced  evidence  of  the  tertiary  flow 

A  comparison  of  the  computed  surface  pressure 
coefficients  for  both  laminar  and  turbulent  flow  are 
shown  in  figures  24  and  25  for  six  stations  located  at 
z/c  =  0.334,  0.587,  0.891,  1.390, 1.701,  and  2  143. 

For  reference,  the  nose  is  located  at  z/c  =0,  the 
LEX  apex  is  located  at  z/c  =  1.006  and  the  LEX- 
wing  juncture  at  z/c  =  2.482.  The  experimental 
data  obtained  by  Erickson  (1988)  are  also  shown  for 
both  the  starboard  and  port  sides  of  the  model  to 
assess  flow  symmetry.  Figure  24  shows  the  varia¬ 
tion  of  the  surface  pressure  coefficients  as  a  function 
of  azimuthal  angle  8  on  the  forebody.  (The  wind¬ 
ward  and  leeward  sides  of  the  forebody  correspond 
to  0  =  0°  and  180°,  respectively.)  Differences  be¬ 
tween  the  laminar  and  turbulent  solutions  occur  in 
the  range  130°  <  6  <  165°  in  association  with  flow 
separation  which  occurs  for  laminar  case.  In  general, 
a  good  correlation  with  experiment  is  achieved.  Most 
differences  between  theory  and  experiment  can  be 
attributed  to  grid  resolution  effects. 

The  LEX  computed  surface  pressure  coefficients 
are  shown  in  figure  25  along  with  the  experimental 
data  as  a  function  of  LEX  exposed  semispan,  y/s. 

(In  this  way,  y/s  =  0  corresponds  to  the  LEX-body 
juncture  and  y/s  =  1  corresponds  to  the  LEX  lead¬ 
ing  edge.)  Figure  25(a)  reveals  a  good  agreement 
between  the  experimental  data  and  the  turbulent 
flow  computation;  the  laminar  flow  under  predicts 
the  primary  vortex  suction  peak.  The  correlation 
between  theory  and  experiment  begins  to  degrade 
at  station  5  emd  continues  to  do  so  at  station  6. 

This  trend  is  consistent  with  differences  between 
the  computational  and  experimental  geometries  (i.e., 
forebody-LEX  vs.  complete  aircraft),  particularly  as 
regards  wing  and  inlet  induced  effects.  None  the  less, 
it  is  noteworthy  that  the  forebody  pressures  as  well 
as  the  pressures  on  the  forward  portion  of  the  LEX 
can  be  accurately  predicted  with  the  turbulent  com¬ 
putations  on  the  isolated  forebody-LEX  geometry. 

Flight-Test  Computations  -  Flight-test  solutions 
were  obtained  at  Moo  =  0.34,  Rc  =  13.5  x  10®,  and 
a  =  19°.  Grid  sensitivity  effects  in  the  normal  direc¬ 
tion  were  assessed  for  various  flow  parameters  (e.g., 
Mach  contours,  density  contours,  surface  flow  pat¬ 
terns,  surface  pressure  contours,  etc.)  and  no  major 
differences  were  found. 

A  side  view  of  the  computed  surface  flow 
streamlines  on  the  forebody  at  flight  condition  is 


shown  in  figure  26(a).  This  figure  also  shows  part 
of  the  LEX  geometry.  The  surface  flow  pattern  ob¬ 
tained  in  flight  as  reported  by  Fisher  (1988)  is  shown 
in  figure  26(b)  from  a  similar  vantage  point.  The 
body  separation  line  under  the  LEX  is  well  predicted 
by  the  theory.  Furthermore,  the  overall  surface  flow 
pattern  around  the  forebody  agree  well,  qualitatively, 
with  the  flight  test  results.  A  good  correlation  is  also 
achieved  on  the  windward  side  (of  the  front  part)  of 
the  forebody  as  shown  in  figure  27. 

Results  from  Thomas  (1989)  are  presented  in 
figures  28  and  29  for  a  =  30°  and  comparable 
Reynolds  and  Mach  numbers  to  the  results  of  fig¬ 
ures  27  and  28.  At  these  conditions  the  forebody 
flow  is  separated  and  the  correlation  between  theory 
and  experiment  is  still  quite  good. 

4.0  CONCLUDING  REMARKS 

A  review  of  some  recent  aerodynamic  compu¬ 
tations  for  cases  dominated  by  separation-induced 
vortex  flows  has  been  presented.  The  results  demon¬ 
strate  that  a  wide  range  of  computational  methodol¬ 
ogy  exists  for  analyzing  these  flows.  The  simplified 
methods  included  in  this  overview  are  based  upon 
potential  flow  assumptions.  They  typically  provide 
good  force  and  moment  estimates  for  a  range  of  con¬ 
figurations  including  fairly  complex  geometries. 

Advanced  computational  methods  presently 
solve  the  Navier-Stokes  equations  in  the  thm-layer 
form.  These  methods  have  also  been  successfully  ap¬ 
plied  to  a  variety  of  configuration  geometries  rang¬ 
ing  from  simple  delta  wings  and  forebodies  to  the 
forebody-LEX  portion  of  the  F/A-18  aircraft.  As 
part  of  these  results,  the  Navier-Stokes  methods  have 
been  demonstrated  to  provide  good  predictions  for 
both  sharp-edged  wing  separation  as  well  as  blunt 
forebody  separation.  In  addition,  successful  compu¬ 
tations  have  been  achieved  for  laminar,  turbulent 
and  transitional  flows. 

5.0  APPENDICES 

Basic  features  of  the  governing  equations  used 
for  the  results  presented  in  this  paper  are  provided 
below.  Additional  details  may  be  found  among  the 
references. 

5.1  Compressible  Governing  Equations 

The  inviscid  flux  terms  from  the  governing  equa¬ 
tion  are  defined  as  follows: 
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The  conttavariant  velocity  components  in  these 
equations  are  given  by: 

f  1  [  "I 

IW'J  Ic.ru  +  Gt'  +  C.ztnj 


The  viscous  flux  terms  from  the  governing  equa¬ 
tion  are  defined  as  follows: 
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5.2  Incompressible  Governing  Equations 

The  inviscid  flux  terms  from  the  governing  equa¬ 
tion  are  defined  as  follows: 
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Here  ^  is  an  artificial  compressibility  coupling  pa¬ 
rameter  which  is  typically  set  to  unity.  The  con- 
travariant  velocity  components  in  these  equations 
are  the  same  as  stated  in  appendix  5.1. 


The  viscous  flux  terms  from  the  governing  equa¬ 
tion  are  defined  as  follows: 
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and  <j>(i  and  are  given  by  the  expressions  in  ap¬ 
pendix  5.1. 
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•  CFL3D  -  Thomtt  •  TLNSSD  -  Vatti  •  FMC1  ■  Haitwich 
Cofnpressbie  Corripressble  Incompressible 

RnSe  volume  Finite  volume  RnSe  volume 

Upwind  difference  Cenfral  deference  High  resolution 

3  Factor  AF  Mubestage  RK  2  Factor  AF/SPGS 


Figure  1.-  Navier-Stokes  formulations. 
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(a)  Vortex  breakdown  boundaries.  (From  Luckring, 
1985.) 


(b)  Breakdown  and  Asymmetry.  (Prom  Polhamus, 
Figure  2.-  Potential-based  formulations.  1986.) 

Figure  d.-  Prediction  of  vortex  flow  regimes. 
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Figure  7.-  Pressure  correlation,  Hummel  delta  wing. 
Inviscid  FVS,  turbulent  experiment. 


(b)  Drag. 


(a)  Incompressible.  (FVom  Hartwich,  1987.) 


(c)  Pitching  moment.  (b)  Compressible,  Upwind.  (FVom  Thomas,  1987.) 


Figure  6.-  Force  and  moment  correlation,  Hummel 
delta  wing. 


Figure  8.-  Pressure  correlation,  Hummel  delta  wing. 
Laminar  CFD,  laminar  experiment. 
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Figure  9-  Upper  surface  flow  patterns,  Hummel 
delta  wing.  Laminar  FMCl,  laminar  experiment. 


Figure  10.-  Generic  high-speed  configuration.  (From 
Luckring,  1988) 


(b)  Drag-due-to-lift  estimate. 

Figure  11.-  Estimates  for  low  AR  canard  configura¬ 
tion.  Moo  =  0.3,  fir  =  18  X  10®.  (Prom  Luckring, 
1988) 
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-  Inviscid  theory 


a,  deg  Cl 


(a)  Lift  and  pitching  moment. 
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(a)  Arrow-wing  configuration. 
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(b)  Axial  force  and  pitching  moment. 


(b)  Axial  force  and  pitching  moment. 


(c)  Normal  and  drag  force. 

Figure  13.-  Estimates  for  arrow-wing  supersonic 
transport.  Afoo  =  0.09,  iJj  =  4.2  x  10®.  (Flrom 
Carlson,  1990) 


o.0tg 


(c)  formal  and  drag  force. 

Figure  14.-  Estimates  for  forward  swept  configura¬ 
tion.  Moo  =  0.6,  Rs  =  2.5  X  lO®.  (From  Carlson, 
1990) 
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Figure  15.-  Circumferential  pressures  for  a  3.5  cal-  Figure  16.-  Circumferential  pressures  for  a  3.5  cal¬ 
iber  tangent-opve  cyUnder.  or  =  20%  P.d  =  0.2  x  10®.  iber  tangen^ogive  cylinder,  a  =  30°.  fie  =  0  8  x  10® 

(From  Hartwich,  1989)  (ftom  Hurtwicb,  1989) 


RCj,  =  08  million 
alpha  -  40  degrees 


^  so  t20  UO  200  240  280  520  560 

0,  clrcumf«r«ntlal  ongle,  deg 


(a)  Surface  flow  with  crossplane  helicity  density. 


(a)  1^  =  45'. 


mi 

mJL 


maximum 
side  force 


(b)  Crossplane  helicity  density,  =  1.75 


minimum 
side  force 


(c)  Crossplane  helicity  density,  xjD  —  4.0 

Fijsure  17.-  Asymmetric  flow  solution,  a  =  40', 
Rd  =  0.8  X  10®.  (From  Hartwich,  1990.) 


0  40  so  120  ISO  200  240  280  520  5S0 

0.  circumforentiol  onplo*  deg 

(b)^=135'. 

Figure  18.-  Circumferential  pressures,  a  =  40', 
.  =  0.8  X  10®.  (From  Hartwich,  1990.) 


roll  angle,  deg. 


Figure  19.-  Sectional  side  force,  a  =  40' ,  Ro  — 
0.8  X  10®.  (From  Hartwich,  1990.) 


(a)  x/t  =  0.50. 


(a)  Surface  flow,  upwind. 


Figure  20.-  Prolate  spheroid  results,  transitional 
flow,  o  =  10%  Rd  =  1.6  X  10«.  (ftoin  Vatsa,  1987.) 


(c)  x/l  =  0.95. 

Figure  21.-  Prolate  spheroid  results,  turbulent  flow 
a  =  30%  /ic  =  7.2  X  10®.  (Prom  Vatsa,  1987.) 
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(a)  Forebody-LEX. 


(a)  Forebody-LEX. 


(b)  Body  detail. 


(b)  Body  detul. 


Block  1-  11x31x65 
Block  2*  17x31x65 

Block  3  31x65x65  * 

f 

(c)  LEX  upper  surface.  (c)  LEX  upper  surface.  * 

Figure  22.-  Total  pressure  contours  with  surface  flow  Figure  23.-  Total  pressure  contours  with  surface  flow  ; 

pattern.  Laminar  flow,  Ma,  =  0.6,  =  0.8  x  10®,  pattern.  Turbulent  flow.  Moo  =  0.6,  Rt  =  0.8  x  10  ,  » 

a  =  20°.  (From  Ghaffari,  1989.)  or  =  20*.  (From  Ghaffari,  1989.) 


Block  1  27x31x65 
Block  2  31x65x65 


!  , 


Block  1  11x31x65 
Block  2  17x31x65 
Block  3  31x65x65 


(a)  Computation. 


Brock  1.  IU3lx65 
Brccl<  2-  17x31x65 
Block  3  31x65x65 


(a)  Computation. 


(b)  Experiment. 


Figure  26.-  Comparison  of  computed  turbulent 
surface  streamlines  with  flight  test.  Bottom  view, 
=  0.34,  Re  =  13.5  x  10',  a  =  19°.  (From 
Ghaflari,  1989.) 


(b)  Experiment. 

Figure  27.-  Comparison  of  computed  turbulent 
surface  streamlines  with  flight  test.  Bottom  view, 
=  0.34,  Re  -  13.5  x  10',  a  =  19°.  (From 
Ghalfari,  1989.) 
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(b)  Experiment. 


(b)  Experiment. 


Figure  28.-  Comparison  of  computed  turbulent  sur¬ 
face  streamlines  with  flight  test.  Side  view,  Moa 
0.3,  iis  «  10  X  10®,  a  =  30”.  (From  Thomas,  1989.) 


Figure  29.-  Comparison  of  computed  turbulent  sur¬ 
face  streamlines  with  flight  test.  3/4  front  view, 

Moo  0.3,  Ae  «  10  X  10®,  Or  =  30'.  (FVom  Thomas, 
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ABSTRACT 

The  turbulent  flow  around  a  delta  wing  at  Inci¬ 
dence  is  simulated  numerically  using  a  finite-volume 
Navier-Stokes  method.  The  numerical  simulation  makes 
use  of  a  simple  algebraic  turbulence  model.  Using  a 
sharp  leading  edge  delta  wing,  the  influence  of  grid 
refinement  is  Investigated.  The  realistic  wing-body  con¬ 
figuration  with  round  leading  edge  is  used  to  discuss 
the  Influence  of  the  position  of  Ihe  transition  line 
Experimental  and  numerical  data  are  compared  to  vali¬ 
date  the  numerical  method  The  topological  stnicture 
of  the  flow  is  discussed.  An  explanation  is  given  for  ihe 
low  particle  density  area  close  to  the  primary  vortex  as 
It  Is  visualized  by  laser  light  sheet  technique  First 
results  for  a  closed  coupled  delta-wing-canard  config¬ 
uration  are  discussed  also. 

INTRODUCTION 

Within  the  IEPG-TA1S  program  a  reference  Navi- 
er-Stokes  solution  is  generated  to  be  compared  with  the 
results  of  Euler  solutions  and  with  experiments.  The 
comparison  with  the  Euler  solution  is  described  in  [1]. 
This  paper  covers  the  comparison  of  experimental  and 
numerical  data,  generated  by  the  solution  of  full  Navi- 
er-Stokes  equations.  The  grid  generation  technique  and 
the  numerical  method  as  well  as  additional  results  are 
reported  In  [2]. 

The  delta  wing  has  a  leading  edge  sweep  of  65° 
(Figure  1)  and  interchangeable  leading  edges;  a  sharp 
leading  edge  and  a  rounded  one.  For  the  sharp-edged 
wing  the  primary  separation  Is  due  to  the  geometrical 
singularity  at  the  leading  edge  and  is  not  depending  on 
viscous  effects  So  this  geometry  can  also  be  consid¬ 
ered  as  a  proper  test  case  for  Euler  methods.  For  the 
round  edge,  the  primary  separation  depends  for  small 
angles  of  incidence  on  viscous  effects,  so  that  Euler 
methods  fail  and  Navier-Stokes  methods  have  to  be 
considered.  For  the  selected  free-stream  conditions: 

•  free-stream  mach  number  -  0,85 

•  angle  of  incidence  «  =  10° 

•  yaw  angle  /)  =  0° 

•  Reynolds  numbers  for  turbulent  flows 
Re„  =  4,5 . 10*  as  well  as  Re.,  =  9,0  •  10* 

the  location  of  the  onset  of  primary  separation  for  two 
different  types  of  leading  edges  Is  also  sketched  in 
Figure  1.  The  separation  of  the  sharp-edged  wing  is 
sketched  oh  the  starboard  side  of  the  wing,  the  sepa¬ 
ration  at  the  round-hedged  wing  Is  shown  on  the  port- 
side.  Here'the  priihary  serration  starts  not  at  the  apex 
of  the  wing  but  outside  the  plane  of  symmetry  oh  the 
up^r  wirig  surface. 

A  typical  flow  situtatlon  for  the  sharphadged  wing 
is  shown  in  Hgim  2.  the  piirnay  vortex  separates  at 
the  apex  of  the'  vi^hg  ajdng  the;  entire  leadMg  edge  and 
attaches  at  the- primary  attachment  line  on  the  wfn'g 


upper  surface.  Inside  the  vortex  core  a  distinct  area  of 
low  pressure  can  be  found  The  "footprint"  of  the  vortex 
is  measured  by  pressure  taps  In  Ihe  experiment.  A  typ¬ 
ical  spanwise  pressure  distribution  is  shown  on  the  left 
(portside)  side  of  the  wing  The  pressure  is  nearly  con¬ 
stant  between  the  plane  of  symmetry  and  Ihe  attach¬ 
ment  line  of  the  primary  vortex  Then  the  pressure 
decreases  rapidly  to  its  lowest  value  below  the  vortex 
core.  Going  further  to  the  leading  edge,  the  pressure 
Increases  again  decelarating  the  flow  and  yielding  a 
smaller  counter  rotating  secondary  vortex  beiow  the 
primary  one  The  secondary  vortex  displaces  Ihe  pri¬ 
mary  vortex  Inbord  and  upward.  The  secondary  sepa¬ 
ration  line  is  also  shown  in  the  sketch. 

GRID  SENSITIVITY  STUDY  FOR  THE  WING  WITH  A 
SHARP  LEADING  EDGE 

As  mentioned  for  the  sharp-edged  delta  wing  the 
primary  separation  Is  due  to  the  geometry  and  not  pri¬ 
marily  dominated  by  viscous  effects  As  Ihe  separation 
is  fixed,  this  leading  edge  case  Is  selected  to  Investi¬ 
gate  the  grid  dependency  of  the  numerical  solution. 

The  mesh  is  divided  into  10  Blocks  with  H-H  and 
0-H  topology  (Figure  3)  The  reference  mesh  has  near¬ 
ly  770,000  node  points.  The  upper  wing  surface  is 
represented  by  40M0  points  and  40  points  are  distrib¬ 
uted  in  the  wing  normal  direction.  The  mesh  density  Is 
Increased  close  to  the  wing  to  resolve  the  boundary 
layer.  The  first  cell  above  the  wing  has  a  mesh  size  of 
the  order  of  C  •  10~*  to  resolve  the  viscous  sublayer.  C 
Is  ihe  local  chord  length  in  spanwise  direction  The 
mesh  topology  as  well  as  the  spacing  cf  the  first  cell 
and  the  farfleld  boundary  is  kept  constant  throughout 
the  mesh  variation. 

For  Ihe  second  mesh  the  number  of  points  in 
spanwise  direction  Is  Increased  from  40  to  70  node 
points  while  for  the  third  mesh  the  number  of  points  In 
the  wing  normal  direction  is  increased  to  70  The 
refined  meshes  have  approximately  1.400,000  node 
points.  The  mesh  variation  is  shown  in  table  1  (or  block 
3  (In  Figure  3) 

The  comparison  of  experimental  pressure  meas¬ 
urements  and  numerical  data  is  shown  for  three  differ¬ 
ent  stations  and  for  each  of  the  three  different  meshes. 
In  Figure  4  for  Ihe  reference  grid,  in  Figure  5  for  the 
second  grid  and  in  Figure  6  for  Ihe  third  grid.  The 
experimental  data  are  represented  by  triangles,  the 
numerical  results  by  lines. 

Looking  first  at  the  results  for  the  reference  mesh 
(Figure  4),  the  spanwise  location  of  the  suction- peak  is 
well  predicted.  At  30%  root  chord  the  numerical  result 
Mow  the  vortex  core  on  the  upper  wing  surface  is  not 
Ifi'.gdqd'  aoreemeht  "with'  Ihe  experimentar-  data.'  the 
sme  is  ralld  'M  the  lower  wing  side.  In  the'expbriments 
a  ftmiage  yras.mpunted'oh  thl  loimr  'slde'oh  ihe  wing, 
^e^^  upto'th^,apmpfthewl^^  Af30%‘  rooLchoW 
tfierndy  diameier  Is'half  the  wihg''spah,.lie.'the'lhflu- 
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wing  chord 

span 

normal  to  the  wing 

1  grid  (reference) 

40 

40 

40 

Z  grid 

40 

70 

40 

3  grid 

40 

40 

70 

Table  1.  Number  o(  grid  points  in  block  3  {Figure  3  ) 
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ence  of  the  body  on  the  tlow  may  not  be  neglected  This 
may  even  influence  the  flow  on  the  upper  wing  surface 
where  the  flow  Is  probably  accelerated  due  to  the  dis¬ 
placement  effect  of  the  fuselage.  At  60%  root  chord  the 
body  influence  is  negligible  and  the  agreement  between 
experimental  and  numerical  results  is  much  better 
Only  the  pressure  decrease  between  the  primay 
attachment  line  and  the  vortex  core  is  not  as  strong  as 
in  the  experiment.  The  same  is  true  at  80%  root  chord. 
At  this  station  additionally  the  secondary  separation  is 
not  well  predicted 

The  second  mesh  Is  refined  in  spanwise  direc¬ 
tion  The  suction  peak  at  30%  root  chord  is  slightly 
better  predicted  (Figure  5)  This  is  due  to  the  better 
spanwise  resolution  of  the  primary  vortex.  As  the  H-H- 
type  mesh  topology  creates  a  rather  coarse  mesh  in  the 
front  part  of  the  wing  a  more  conical  mesh  type  may  be 
better  to  resolve  the  vortex  in  this  area  At  60%  and 
80%  root  chord  the  results  are  nearly  the  same  as  in 
Figure  4  for  the  reference  mesh 

The  third  mesh  is  refined  only  in  the  wing  normal 
direction  The  results  are  shown  in  Figure  6  Although 
the  mesh  density  is  increased,  the  numericat  resutts  at 
the  30%  station  are  comparable  to  the  reference  mesh. 
In  this  area  the  primary  vortex  is  that  close  to  the  sur¬ 
face  In  the  already  highly  resolved  boundary  layer  that 
a  further  Increase  of  mesh  points  Is  not  necessary.  At 
60%  and  80%,  however,  the  pressure  decrease 
between  the  attachment  line  and  the  vortex  core  is  now 
in  better  agreement  with  experimental  data  The  vortex 
at  the  rear  part  of  the  wing  is  outside  the  highly  densed 
mesh  of  the  boundary  layer.  So  the  increase  ot  mesh 
points  In  the  normal  direction  will  result  in  a  better 
resolution  of  the  main  vortex.  The  secondary  vortex 
separates  too  early  in  spanwise  direction  and  the  suc¬ 
tion  peak  is  too  strong  This  indicates  that  the  flow  in 
the  experiment  is  more  turbulent  (higher  viscosity 
delays  the  secondary  separation)  than  in  the  numerical 
simulation. 

The  agreement  at  the  lower  wing  surface  at  30% 
root  chord  can  be  increased  by  simulating  the  body 
below  the  wing.  The  grid  sensitivity  study  shows  that 
the  numerical  solution  is  very  close  to  the  experimetal 
data  if  the  vortex  area  is  highly  resolved.  To  avoid 
wasting  of  mesh  points  outside  the  boundary  layer  in 
areas  where  no  vortical  flow  occours,  some  grid 
adaption  technique  should  be  used  to  optimize  the 
mesh  and  Improve  the  numerical  results. 

COMPARISON  WITH  EXPERIMENTAL  DATA  FOR  THE 
WING-BODY  CONFIGURATION  WITH  ROUNDED  LEAD¬ 
ING  EDGE 

Most  of  the  experiments  have  been  performed 
on  the  delta.wing  with  the  rounded  leading  edge.  For 
thisdeading  edge  type  the.primary  separation  is  highly 
dependent  on  viscous  effects, and  <not  as  much.o.n  the 
geometry  as,,. It  is  the  .case,  for, the,  sharped  ged  wing. 
Figure  ,7  shows,  the  surface  meslvused  and  the.mjsh  In 
the  plane  of  symmetry,  for  the  vyjngdiody  c^flgur^ipfi 
The.total  number  of. grid  points'isreduce,d.to  1,00,0,600 


by  selecting  a  C-H  mesh  topology,  keeprng  the  mesh 
resolution  constant  compared  to  the  sharp  leading 
edge  case.  The  wing  upper  surface  is  resolved  by  50*58 
points  and  65  points  are  used  in  the  surface  normal 
direction.  The  total  number  of  blocks  is  15.  The  blocks 
around  the  wing  have  C-H  mesh  topology,  behind  the 
wing  a  H-H  topology  is  used  to  simulate  the  turbulent 
wake  flow  with  the  Baldwin/Lomax  turbulence  model. 
Beside  the  wing  tip  two  blocks  with  0-H  type  meshes 
are  introduced  to  model  the  flat  cut-off  tip  of  the  wing 
correctly  (Figure  7) 

Experiments  for  the  selected  free-stream  condi¬ 
tions  were  carried  out  at  NLR  [3]  with  a  Reynolds 
number  based  on  the  root  chord  lenght  of  9  ■  10°  and 
at  DLR  [4]  with  the  Reynolds  number  4  5-10°  The  first 
step  IS  to  compare  the  two  experimental  surface  pres¬ 
sure  measurements  in  Figure  8  At  60%  and  80%  root 
chord  the  agreement  between  the  two  wind  tunnel 
results  is  excellent,  but  at  30%  root  chord  a  major  dif¬ 
ference  appears  The  NLR  results  show  a  distinct  pri¬ 
mary  vortex  (the  pressure  minimum  is  inbord  the  wing), 
whereas  the  DLR  resutts  Indicate  just  an  onset  of  pri¬ 
mary  separation  with  the  suction  peak  right  at  the 
leading  edge.  This  suggests  that  the  difference  in  the 
experimental  results  are  due  to  the  dlllerences  in  the 
Reynolds  numbers  In  order  to  check  this,  both  Rey¬ 
nolds  numbers  were  simulated  numerically  and  the 
results  are  shown  In  Figure  9  for  the  high  and  in 
Figure  10  for  the  low  Reynolds  number  together  with 
the  related  experimental  data.  Differences  between  the 
two  numerical  simulations  cannot  be  found.  This  indi¬ 
cates  that  there  Is  another  reason  that  forces  the  dif¬ 
ferent  onset  of  primary  separation  in  the  two  wind  tun¬ 
nel  results 

The  numerical  simulations  were  carried  out  with 
the  assumption  of  fully  turbulent  flow  on  the  entire 
wing,  because  experiments  with  an  artificial  transition 
strip  at  10%  root  chord  and  free  transition  did  not 
result  In  differences  in  the  experimental  data.  Earlier 
laminar  numerical  simulations  Indicate  strong  depend¬ 
ence  of  the  onset  of  primary  separation  on  the  local 
flow  conditions,  i.e.  whether  the  flow  is  turbulent  or  not. 
To  check  this  assumption,  the  transition  position  In  the 
numerical  simulation  is  changed  from  the  former  lead¬ 
ing  edge  position  to  2.5%  and  10%  local  chord  The 
transition  position  at  2.5%  local  chord  shows  good 
agreement  concerning  the  pressure  distribution  at  the 
30%  root  chord  location  (Figure  11)  except  that  the 
slope  of  the  pressure  decrease  between  the  primary 
attachment  line  and  the  vortex.cpre  cannot  be  resolved 
propfriy  due  to  .the  loyy  spanwise  mesh  density  in  this 
area.  At  60%  root  chord  the '  agreement  between 
experimental  data  and  numerjcal  sirmiiation  is  good  but 
with  the  restriction  that  the  secondary  separation  is  too 
dprhiriant.  The  secondary.. separation,  starts, too.  early 
because  pf.unadequate'turbulence.jfiiodeillng  and  lifts 
the  prirna'ry  vortex  off  the  wing.  This,  reduces,  the  .suc¬ 
tion  peak  calculated  on  the  wing  surface.' ilie  same 
applies  to  the  80%.root<.chord  station. 

..  -  .Another  to  c6ni{»re.^per^rhent^^^^^^ 

with  the.  nurne^ca!r$pl^iohTs,thy.|rderp^  oil 
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flow  pictures  and  skin  friction  lines  as  is  done  in 
Figure  12.  The  oil  flow  picture  on  the  portside  of  the 
wing  was  taken  after  the  tunnel  run.  The  skin  friction 
lines  on  the  starboard  side  are  numerically  integrated 
with  a  computer  graphic  system  called  coma<ll[9]  To 
compare  both  results  one  has  to  look  at  the  spanwise 
position  of  the  primary  attachment  line  and  the  sec¬ 
ondary  separation  line.  These  lines  are  marked  with 
arrows  at  the  60  %  root  chord  position.  For  this  root 
chord  position  the  general  agreement  between  the 
experimental  and  numerical  pressure  distribution  is 
excellent  with  respect  to  the  spanwise  position  of  the 
attachment  and  separation  line  (Figure  11).  The  span- 
wise  positions  are  listed  in  the  following  table  2: 


three-component  laser-doppler  anemometer  is  used  to 
measure  the  velocity  vectors  in  an  plane  at  B0%  root 
chord.  The  cross  flow  above  the  vortex  and  a  "hole"  In 
the  area  of  the  primary  vortex  are  clearly  Identified  The 
"hole"  Indicates  a  region  where  no  experimental  LDA 
data  could  be  received  within  an  acceptable  sampling 
time.  The  reason  for  this  will  be  discussed  in  the  next 
chapter.  Figure  14  presents  the  numerical  result  where 
the  loci  of  the  velocity  vectors  are  the  same  as  in  the 
experiment,  such  that  in  the  ideal  case  the  vectors 
should  be  aligned. 

Comparing  Figure  13  and  Figure  14  the  velocity 
vectors  above  the  vortex  look  the  same.  Below  the  vor- 


attachment  line 
primary 
vortex 

vortex  core 
primary 
vortex 

separation  line 
secondary 
vortex 

c,-distrlbutlon 
(exp.)  [4] 

60% 

75% 

90% 

skin  friction 
line  (num.) 

54% 

- 

86% 

oil  flow  visualisation 
(exp.)  [5] 

78% 

- 

97% 

i 

I 

} 

I 


Table  2.  Spanwise  position  of  primary  attachment  and  secondary  separation  line  at  60%  root  chord. 


The  first  line  in  the  table  shows  the  spanwise 
position  for  the  experimental  data  resulting  from  the 
pressure  measurements,  the  second  tine  represents  the 
results  of  the  numerically  simulated  skin  friction  lines 
and  the  third  line  represents  the  data  figured  out  from 
the  oil  flow  picture.  Especially  the  spanwise  position  of 
the  primary  attachment  line  determined  by  the  oil  flow 
picture  deviates  from  both  other  results,  the  exper¬ 
imental  pressure  distribution  and  the  numerical  skin 
friction  lines.  The  oil  flow  picture  suggests  a  primary 
vortex  much  smaller  than  In  the  numerical  simulation 
and  the  experimental  surface  pressure  result.  The  rea¬ 
son  for  this  may  be  found  in  the  oil  flow  visualisation 
technique  itself.  To  obtain  an  oil  flow  picture,  the  model 
surface  Is  covered  with  some  fluid  during  the  wind  tun¬ 
nel  is  set  off.  Then  the  tunnel  is  turned  on  and  the  flow 
Is  accellerated  to  the  desired  free-stream  conditions 
To  reach  these  conditions  will  take  a  finite  time  during 
that  the  oil  flow  Is  moving  on  the  wing  surface.  If  the  oil 
flow  dries  up  before  the  selected  free-stream  Mach 
number  In  the  tunnel  is  reached,  the  oil  flow  picture  will 
show  a  smaller  primary  vortex  because  of  lower  flow 
speed. 

The  numerical  simulation  of  the  skin  friction  lines 
also  Indicates  that  the  secondary  separation  is  not 
adequately  modeled.  Due  to  the  lack  of  correct  turbu¬ 
lence  modelling  the  secondary  separation  will  be  too 
dominant.  So  the  secondary  separation  occurs  )6o  ear¬ 
ly  (at  86%  span  at  60%  root  chord).  This  will,  of  course, 
displace  the  primary  vortex  too  much  Inboard  (54% 
span  instead  of  60%  as  in  the  experiment). 


tex  close  to  the  wing  upper  surface,  the  numerical  sim¬ 
ulation  Indicates  a  high  cross  flow  velocity  which  is  not 
present  In  the  experimental  data.  In  this  area  close  to 
the  surface  the  LDA  method  experiences  difficulties. 
The  high  cross  flow  velocity  vectors  are  also  found  In 
a  FFA  experiment  (Figure  15,  [6]),  where  the  velocity 
vectors  are  determined  using  a  5-hole  probe.  This 
experiment  validates  the  numerical  simulation 

PHYSICAL  INTERPRETATION  OF  THE  NUMERICAL 
DATA  FOR  THE  WING  WITH  ROUND  LEADING  EDGE 

Figure  13  shows  that  inside  the  primary  vortex 
area  no  velocity  vectors  could  be  measured  because 
of  low  fluid  particle  density  inside  the  vortical  area. 
These  fluid  particles  are  essential  necessary  for  the 
LDA  technique.  Another  technique  to  visualize  the  par¬ 
ticle  distribution  Inside  a  plane  is  the  laser  light  sheet 
technique.  In  this  case  the  wind  tunnel  is  filled  with 
disco  smoke  ahead  of  the  test  section.  The  smoke  is 
transported  with  the  flow  and  elumlnated  by  laser  light 
In  the  plane  of  interest.  Figure  16  from  [8]  shows  the 
experimental  laser  light  sheet  at  around  50%  root 
chord.  The  smokeless  hole  is  clearly  Identified  in  the 
area  of  the  primary  vortex.  This  Is  an  Indication  that  in 
this  area  the  LDA  technique  can  not  be  used  with  the 
employed  seeding  to  determine  the  velocity  vectors. 
Two  questions  arise; 

•  what  Is  the  reason  for  the  "hole"  in  the  laser  light 
sheet,  and 

•  how  is  It  possible  to  avoid  the  "hole"? 
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■  The  comparison  between  the  oil  flow  picture  and 
the  numerical  results  IndlMtes  that  the  experimental 
result  rejjfeseht's  hot-the  selected  free-stream  condi¬ 
tion.  This  statement  is  supported  by  the  fact  ttiat  both 
experimental  results  (oil  flow  picture  and  pressure  dis¬ 
tribution)  are' Inconsistent  w|fh,MCh' other  concerning 
the.sp^wlse.  ppsltjon  of  prlma^ 'attSchinenrand- sec¬ 
ondary  ;'8e))aratj6^n.j|ne.  4  ’  ’  ' 

■^Figure'  IS'shbws  another  ex^rimentaLrosult.for 
the  deita’wing  with  the^round'.leading  edge  {Y^^.Here  a 


The  numerical  simulation  will  give  the  answer  to  these 
questions. 

The  creation  of  a.  numerical  solution  fqr.the  three 
dimenslonai  Naylen^tokes  equatlons  .wiil  result  in  a 
huge  amount  qf.dafa.of.the.prr^er  of  8,- JOjlwrts.  The 
oply.posslbiilty  to.inierpret.tiils.^ata  hiise.js  jo  use  high 
ended,  computer.  gfap|iics.,rOs^  for  theVi^uilts.. pre¬ 
sented  in  this  paper  is  a  gfaphK^,^^efg.^j»iied 
comadi[9]  .  Within  this  program.  bMidM  standaiitt 
graphics’  like  isofringes,'  solid  'surfaces’  etc.,  more 
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sophisticated  graphics  can  be  employed  for  the  analy¬ 
sis  of  the  data.  One  can,  for  example,  find  vortices 
automatically  Not  only  well  known  vortical  structures 
like  primary  and  secondary  vortex  can  be  found  but 
also  vortical  structures  unknown  in  advance  are  identi¬ 
fied  by  the  program.  The  technique  to  do  this  is 
described  in  the  appendix. 

The  Information  given  by  the  oil  flow  technique 
in  the  experiment  which  shows  the  primary  attachment 
line  or  the  secondary  separation  line  can  also  be 
extracted  from  the  numerical  results  (Figure  17)  In 
Figure  18  the  global  information  Is  reduced  to  the 
important  lines.  The  primary  attachment  line  starts  at 
about  10%  root  chord  for  the  selected  free-stream  con¬ 
ditions.  Streamlines  starting  ahead  do  not  pass  under 
the  primary  vortex  and  remain  between  the  plane  of 
symmetry  and  the  primary  attachment  line.  At  about 
25%  root  chord  the  primary  separation  line  can  be 
identified.  Only  skin  friction  lines  starting  in  this  very 
small  area  between  10%  and  25%  root  chord  are 
passing  below  the  main  vortex  At  about  60%  root 
chord  the  open  secondary  separation  takes  place 
Again  the  secondary  separation  line  is  formed  only  by 
skin  friction  lines  starting  between  10%  and  25%  root 
chord 

Figure  19  shows  the  streamlines  of  the  primary 
and  secondary  vortex  as  well  as  an  additional  vortex 
close  to  the  plane  of  symmetry  This  additional  vortex 
was  earlier  found  by  applying  the  laser  light  sheet 
technique  ([8]).  The  streamlines  are  plotted  with  a  hid¬ 
den-line  technique  which  allows  a  detailed  Insight  of 
the  vortex  formation.  The  core  of  the  vortex  is  displayed 
by  black  lines  only,  the  outer  part  is  represented  by 
gray  (coloured  in  the  original  plot)  lines.  It  is  clearly 
seen,  that  the  outer-part  streamlines  do  not  move 
towards  the  center  of  the  vortex.  They  do  not  mix  up 
with  streamlines  representing  the  vortex  core. 

Figure  20  shows  a  sketch  of  relevant  selected 
streamlines.  The  area  of  the  core  is  marked  with  num¬ 
ber  one.  The  streamlines  marked  with  the  number  two 
separate  at  the  primary  separation  line  (number  (our) 
on  the  front  part  of  the  wing,  turn  around  the  vortex 
core  and  separate  again  at  the  primary  separation  line 
coming  from  the  plane  of  symmetry.  The  same  is  valid 
for  the  streamlines  marked  with  number  three,  except 
that  these  streamlines  will  form  the  secondary  vortex 
because  of  the  positive  pressure  gradient  below  the 
primary  vortex  core  and  the  leading  edge  of  the  wing. 

After  looking  at  the  skin  friction  lines  and  the 
streamlines  the  question  of  the  "hole"  of  the  vortex  In 
the  laser  light-sheet  picture  is  considered.  Figure  21  is 
a  perspective  view  from  the  rear  of  the  vortex  in  the 
direction  of  the  origin  of  the  vortex.  The  streamline 
number  two  In  Figure  20  moves  around  the  leading 
edge,  separates  at  the  primary  separation  line  number 
two  in  Figure  21,  turns  around  the  vortex  core  towards 
the  primary  attachment  line  (number  three),  separates 
at  the  secondary  separation  line  (nuthber  four)  and 
reattaches  close  to  line  number  five. 

For  the  laser  light  sheet  technique  the  area 
ahead  of  the  wing  is  homogeneously  filled  with  smoke. 
Moving  downstream  the  smoke  is  also  in  the  small  rib¬ 
bon  (left  white  Iri  Figure  21)  bejow'fHe'^iig.  The  parti¬ 
cle  dehsliy^in  thls  ribbon  is'qf'coureeihe  wme  as  in 
front ‘of  ffie-wlrig.  Moving 'down^ream  this  Hbbon  iMIl 
Be  exteh'cled  over  the  wHdle  voffex  area  so'  that  the 
pi^icle  density  urifl  be-redu'cedrresuttihg  in  the  ■yole' 
ihThe  vbrteS'arotf.'-i ' 

to  verify  the  above  statement  the  lasen  light 


sheet  technique  was  simulated  numerically  Start  points 
for  streamline  Integration  were  homogeneously  distrib¬ 
uted  In  front  of  the  wing  to  simulate  the  smoke  at  the 
inlet  plane  of  the  wind  tunnel  test  section  (Figure  22). 
The  integration  p(  the  streamlines  is  then  performed  for 
the  whole  area  Like  the  laser  light  sheet  eluminales 
only  a  small  slice  out  of  the  flow  field,  the  graphic  pro¬ 
gram  cuts  a  plane  with  finite  depth  out  of  the  stream¬ 
lines  (Poincare  cut)  The  result  for  this  simulation  is 
shown  In  Figure  23  together  with  the  experimental 
laser  light  sheet  picture.  The  numerical  result  shows 
the  same  topology  as  the  experiment.  The  area  of  the 
vortex  core  is  not  filled  with  smoke  (particles) 

For  the  LDA  measurment  technique  it  would  be 
necessary  to  feed  disco  smoke  into  the  primary  vortex 
very  close  to  its  origin,  that  is  directly  off  the  surface 
and  between  10%  and  25%  root  chord  The  other  pos¬ 
sibility  is  to  eject  smoke  out  of  the  wing  directly  into  the 
vortex.  This  is  of  course  a  problem  because  the  origin 
of  the  vortex  is  unknown  in  advance.  Additionally, 
changes  in  the  flow  conditions  will  result  In  changes  of 
the  position  of  the  onset  of  the  primary  vortex. 

DELTA  WING-CANARD  CONFIGURATION 

The  investigated  delta  wing-canard  configuration 
consists  of  two  sharp-edged  wings  with  cut-off  wing 
tips.  The  leading  edge  sweep  of  the  canard  is  60°,  the 
trailing  edge  sweep  Is  35°.  The  main  wing  geometry  is 
the  same  as  for  the  wing  alone  configuration.  The  sur¬ 
face  mesh  used  (or  the  numerical  simulation  Is  shown 
in  Figure  24  Because  of  the  sharp-edged  wings  the 
H-H-type  mesh  topology  is  used,  although  it  is  well 
known  that  this  type  of  mesh  is  not  very  efficient  away 
from  the  wing.  The  total  number  of  mesh  points  is 
2,000,000,  that  is  twice  the  number  of  points  used  for 
the  C-H-mesh  for  the  wing  alone  configuration, 
although  the  mesh  resolution  is  not  increased  For 
simplicity  the  numerical  simulation  is  performed  with 
the  assumption  of  laminar  (low.  Note  that  turbulence 
modelling  with  scalar  approach  is  rather  difficult  Typi¬ 
cal  results  for  the  selected  free-stream  conditions' 

•  free-stream  mach  number  =  0,85 

•  angle  of  Incidence  a  =  10° 

•  yaw  angle  /?  =  0° 

•  Reynolds  numbers  Rb„  =  4,5  ■  10* 
are  shown  in  the  following  Figures. 

Figure  25  shows  the  surface  pressure  distrib¬ 
ution  on  the  canard  and  the  wing  The  canard  vortex 
separates  at  the  apex  of  the  wing  very  similar  to  the 
flow  for  the  wing  alone  case.  A  small  secondary  vortex 
Is  also  formed  below  the  main  canard  vortex  At  the 
rear  part  of  the  canard  a  strong  pressure  gradient  in 
the  plane  of  symmetry  is  visualized  indicating  a  shock. 
The  primary  sepraratlon  on  the  main  ^ng  is  very  differ¬ 
ent  from  the  wing  alone  configuration.  The  onset  of  pri¬ 
mary  separation  Is  now  delayed  due  to  the  interaction 
between  the  canard  vortex  and  the  main  wing  primary 
vortex.,  The  separation  of  the  main  wing  primary  vortex 
starts  not  at  the  apex  of  the  wing  as  it  was  the  case  for 
the  wing  alone  configuration.  Below  this.yortex  again  a 
'  secondary  vortex  can  be  found.,  ..  ; 

’  ^  comparison  qt,'experlmentar([3])  find  numer¬ 
ical  preKure  diMributipn  is  stiow^  InTIgure;^.  Ailhe 
30%  wing  root  chord' station  the  afifeem&;t“|fe^een 
the  experimental  data  and  the  hurii'ericat'bimulatldri  is 
gopdvoh.lhe^'upper  wingrsur(ace:«pn  th^tipwer  wing 
'surface’ thedisagreemerit  fsdueitO)the;lMuence  qftthe 


fuselage  which  is  not  modeled  m  the  numerical  simu¬ 
lation.  At  60%  and  80%  wing  root  chord  the  spanwise 
position  of  the  primary  vortex  Is  well  predicted  but  the 
suction  peak  below  the  vortex  core  is  not  well  simu¬ 
lated.  The  reason  for  this  is  the  strong  influence  of  the 
secondary  vortex.  Due  to  the  laminar  flow  assumption 
this  vortex  is  enlarged,  and  separates  too  early  in 
spanwise  direction.  So  the  main  vortex  is  lifted  off  the 
wing  increasing  the  surface  pressure  on  the  wing  upper 
surface.  At  the  lower  wing  surface  the  influence  of  the 
fuselage  can  be  neglected  as  in  the  wing  alone  case. 
The  spanwise  position  of  the  vortex  core  is  well  pre¬ 
dicted. 

Figure  27  shows  the  total  pressure  loss  distrib¬ 
ution  in  spanwise  direction  for  13  different  cuts,  starting 
at  -10%  wing  root  chord  on  the  canard  The  maximum 
total  pressure  losses  are  more  or  less  related  to  the 
vortex  core  area  The  canard  primary  vortex  forces  the 
wing  primary  vortex  to  separate  not  at  the  wing  apex 
but  at  about  30%  root  chord.  Both  vortex  systems 
remain  uncoupled.  The  canard  primary  vortex  as  well 
as  the  wing  primary  vortex  are  accompanied  by  the  two 
trailing  edge  counter  rotating  vortices. 

Figure  28  shows  the  streamlines  of  the  canard 
vortex,  the  canard  trailing  edge  vortes  and  the  wing 
primary-  and  secondary  vortex.  It  is  clearly  seen,  that 
the  canard  and  the  wing  vortex  remain  separated,  that 
the  canard  vortex  is  above  the  wing  vortex  and  that  the 
wing  vortex  origins  far  outboard  beside  the  canard 
vortex.  The  canard  vortex  is  highly  accelerated  over  the 
main  wing  This  reduces  the  cross  flow  velocity  relative 
to  the  axial  velocity  resulting  in  a  smaller  'swirt'  of  the 
canard  vortex 

CONCLUSIONS 

The  paper  discussed  the  validation  of  the 
numerical  method.  The  first  step  was  the  sensitivity 
study  concerning  mesh  dependency  of  the  solution  for 
the  sharp-edged  delta  wing.  The  comparison  with 
experimental  data  indicates  that  the  agreement  is 
improved  if  the  mesh  is  adapted  to  the  vortical  flow 
solution,  yielding  a  very  fine  mesh  In  the  vortex  region. 
If  the  mesh  Is  sufficiently  fine  the  numerical  solution 
shows  excellent  agreement  with  the  experimentat  data 

More  extensive  investigations  were  performed 
for  the  delta  wing  with  the  round  leading  edge.  Here  the 
Influence  of  the  transition  from  laminar  to  turbulent  flow 
conditions  were  found  to  be  very  important  for  the 
onset  of  primary  separation.  The  location  where  the 
transition  takes  place  is  not  known  in  advance  and  has 
to  be  determined  by  careful  comparison  with  exper¬ 
imental  data.  Once  the  transition  position  Is  found,  the 
agreement  between  experimental  and  numerical  results 
Is  good.  Considering  other  experimentat  data  like  oil 
flow  pictures  or  LDA  measured  velocity  vectors  the 
numerical  simulation  give  some  hints,  where  the 
experiments  require  special  care.  Examples  are  the 
velocity  distribution  below  the  primary  vortex  or  the 
attachment  line  of  the  primary  vortex  In  the  oil  flow 
picture. 

On  the  other  hand  the  comparison  indicates  that 
the  numerical  simulation  is  strongly  dependent  on  the 
tuibulence  model  used.  This  turbulence  model  is  not 
adequate  to  simulate  separated  flows  well.  The  primary 
serration  is  well  simulated  because  of  Mme  modifi¬ 
cations  of  the  turbulence  model,  but  especially  .the  sec- 
ohdaiy  separation  Is  predicted  much  too  early  resulting 
in  a  slight  falsification  of  the  entire  flow  solution. 

fopologiral  flow  considerations  (or  numerical 


flow  field  visualisations)  allow  an  explanation  for  the 
'hole"  in  the  laser  light  sheet  photograph.  The  stream¬ 
lines,  lhat  Is  for  stationary  flow  the  smoke  particle  trac¬ 
es,  do  not  swirl  into  the  vortex  core  so  that  no  smoke 
particle  will  be  transported  into  the  core  area.  Here  the 
used  computer  graphic  system  was  extremely  helpful 
for  understanding  the  flow  phenomena.  A  short  intro¬ 
duction  to  this  graphic  system  will  be  presented  In  the 
appendix  of  this  paper. 

The  results  for  the  delta  wing-canard  configura¬ 
tion  show  that  the  two  vortex  systems  remain  uncou¬ 
pled.  The  main  wing  primary  vortex  separation  is 
delayed  due  to  the  Interaction  with  the  canard  primary 
vortex.  Comparison  with  experimental  pressure  distrib¬ 
ution  shows  that  the  spanwise  position  of  the  vortex  Is 
well  predicted,  but  the  pressure  minimum  is  not  In  good 
agreement  with  experimental  values  due  to  the  laminar 
flow  assumption 

APPENDIX 

The  development  of  post  processing  systems  for 
CFD  results  are  going  on  in  almost  every  institution 
treating  fluid  flow  fields.  There  are  three  main  reasons 
for  this.  One  is  the  visualization  of  the  huge  amount  of 
data  because  the  eyes  are  the  broadest  channel  of 
information  to  a  human  being.  The  second  is  the  appli¬ 
cation  of  tools  to  reveal  the  physics  of  a  flow  field.  New 
diagnostic  tools  have  been  suggested  for  the  classi¬ 
fication  and  description  of  the  physics  in  order  to 
reduce  the  huge  amount  of  Information,  e.g.  by  captur¬ 
ing  the  topology  of  the  flow  field.  The  third  reason  is 
closely  related  to  the  second'  The  validation  of  the  CFD 
results  Is  mainly  achieved  by  comparison  to  other 
numerical  resulls  or  to  experimental  data.  While  for 
other  CFD  results  the  same  tools  may  be  applied,  the 
experimentalists  are  considerably  restricted  in  their 
tools.  Thus  comparisons  can  only  be  mad ^  by  simulat¬ 
ing  the  experimental  tools,  e.g.  light  ;|-,sets,  schlieren 
and  shadow  pictures.  Comparisons  of  oil  flow  pictures 
and  lines  of  skin  friction  as  well  as  particle  traces  and 
stream  lines  have  been  extensively  applied,  thought 
there  are  shortcomings  due  to  the  finite  mass  and  vol¬ 
ume  of  particles  in  experiment. 

The  immense  number  of  tools  for  the  investi¬ 
gation  of  data  and  ways  of  graphical  representation  of 
data  require  an  arrangement  of  these  possibilities  in  a 
system  that 

•  leads  to  a  good  synopsis  for  the  user, 

•  makes  selections  transparent  to  the  user. 

•  allows  enhanced  control  by  the  user. 

•  allows  easy  implementation  of  innovations. 

The  analysis  ano  graphics  system  comadi  has 
been  developed  along  these  lines.  As  the  understand¬ 
ing  of  geometrical  entities  as  grid  fields,  surfaces  built 
up  from  polygons,  lines,  etc  is  common,  they  are  intro¬ 
duced  to  the  system  as  data.  The  system  is  considered 
as  a  set  of  data  transformations  from  and  to  these  enti¬ 
ties: 

•  Reading  /  Writing:  Transformation  (conversion)  of 
file  data  to  sytem  data  and  vice  versa 

•  Making:  Transforinatlon  of  system  data  Into  other 
system  data.  The.  transformations  may  be 
descitbed  by  physical  laws  (evaluation  of  Mach 
number,  pressure  loss)  or  by  geometrical;  opera¬ 
tion  (contours,  integration  of  lines,  plaite  cufs) 

•  D/spfay/rtgV  transformation  of  'syMem  data' into  an 
Image.  The  .cteglion  of  start  points  using. .mouse 
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position  may  be  considered  as  an  Invers  of  this 
transformation. 

A  geometrical  Illustration  of  this  Idea  is  given  m 
Figure  29.  The  kinds  of  data  are  the  entries  of  a  chess¬ 
board,  while  the  transformations  are  arranged  in  the 
third  dimension.  Though  the  display  to  the  screen  and 
the  input/output  operations  and  the  functions  may  be 
treated  In  the  same  abstract  way  as  data  transf¬ 
ormations,  they  are  distinguished  In  order  to  have  a 
better  understanding  for  the  user  and  to  emphasize 
their  roles  as  shown  in  Figure  30  The  name  comadi  Is 
derived  from  this  construction  data  compile  make  & 
display  [9], 

The  interactive  user  interface  is  mouse  controlled 
and  uses  menue  and  button  techniques  A  window  with 
editing  facilities  is  supplied  lor  input  and  output  of 
control  strings  like  file  names  The  repeatibility  of  cre¬ 
ation  and  drawing  of  data  without  Interactive  inter¬ 
vention  as  well  as  the  creation  of  movie  pictures  is  fur¬ 
nished. 

Currently  the  following  kinds  of  data  have  been 
Introduced; 


Images  of  any  size  from  or  to  the  screen  or  of 
Images  from  experiments,  e  g  laser  light  sheets, 
shadow  graphs,  schlieren  photos,  oil  flow  patterns 

•  Text  &  Layout  may  be  applied  for  storage  and  dis¬ 
play  of  texts. 

•  GINO  Simulation  Data  are  used  for  simulation  ol 
calls  to  several  subroutines  of  the  GINO  plotting 
system  using  constant  parameters 

•  Axis  Parameter  may  be  applied  for  storage  and 
display  of  scaling  axis  of  rather  general  nature, 
e  g  curved 

The  memory  for  the  storage  of  these  data  Is  allocated 
dynamically.  Thus  the  machine  memory  is  optimally 
used. 

Detection  of  Vortices 

As  mentioned  In  the  text  above  the  graphic  sys¬ 
tem  Is  able  to  detect  vortices  automatically.  For  this 
comadI  evaluates  the  discriminant  for  complex  eigen¬ 
values  of  the  gradient  tensor  of  the  velocity  field,  i.e.  in 
cartesian  coordinates  (x.y.z) 


Grid  Field  3d  and  Grid  Field  2d  are  considered  as 
the  usual  output  ol  computer  programs  for  liow 
simulation.  These  results  may  be  stored  in  the 
system  up  to  four  dimensions.  The  values  of  coor¬ 
dinates  of  vectors  or  values  of  scalars  are  stored 
on  each  node  of  the  grid.  For  reasons  of  storage 
saving  a  subspace  of  the  grid  nodes  may  be  read 
In.  The  Information  of  the  original  grid  is  saved 
during  data  transformations.  Grid  Fields  are  also 
the  result  of  data  transformation,  e.g.  evaluation  of 
Mach  number,  enthalpy,  norm  of  vector.  The  infor¬ 
mation  contained  In  Grid  Fields  may  be  displayed 
In  several  ways,  e.g.  the  grid  edges  in  different 
manners,  as  a  shaded  surface  using  some  given 
direction  of  tight,  or  with  colours  corresponding  to 
Intervals  of  a  scalar  function  (colour  coding). 

Surface  of  Polygons  and  Surface  of  Polygons  with 
Scalar  are  used  for  displaying  generaly  shaped 
surface,  which  might  be  created  as  the  countour 
surface  of  some  function  being  constant,  e.g  Mach 
number.  They  can  have  a  further  information  (sca¬ 
lar  value)  at  each  node  that  may  be  used  for  shad¬ 
ing  the  surface  Thus  it  may  nearly  be  displayed 
as  grids. 


where  (u,v,w)  are  the  cartesian  components  of  the 
velocity  vector  and  u„  etc  are  the  respective  partial 
derivatives.  If  the  discriminant  Indicates  complex 
eigenvalues  there  exist  locally  a  generic  vortex  in  a 
gallian  frame,  where  the  local  velocity  is  at  rest  [10] 

in  order  to  have  the  more  accustomed  two-di¬ 
mensional  view  the  tensor  may  be  projected  on  a  plane 
being  perpendicular  to  the  local  direction  of  velocity.  In 
this  case  the  regimes  of  the  flow  field  may  be  classified 
as  shown  In  Figure  31.  As  this  may  be  evaluated  at 
every  point  It  may  also  be  used  to  Indicate  volumes 
with  vortices.  A  more  convenient  and  uniform  scaling 
of  the  discriminant  is  achieved  when  it  is  locally  divided 
by  the  norm  of  the  velocity.  Typical  results  are  shown 
In  paper  No.  9  of  this  report  [11]. 
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Figure  5.  c,-dlslrlbullon  at  t/cr=0  3  (left),  0.6  (middle) 
and  0.8  (right),  (grid  refinement  In  spanwise 
direction,  40*70*40,  M_  =  0.85.  «  =  10*). 
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Figure  6.  c,-distrlbutlon  at  x/cr=0.3  (left),  0.6  (middle) 
and  0.8  (right),  (grid  refinement  in  wing  normal 
direction,  40*40*70,  M_  =  0.85,  »  =  10*). 
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Comparison  o(  surface  pressure  distribution 
for  two  wind  tunnels,  triangles  =  NLR-,  circels 
=  DLR-measurements  (M«  =  0.85,  «  =  10*) 


Figure  12.  Comparison  between  oil  flow  picture  (bottom) 
and  skin  friction  line  (top)  at  x/cr=0.6  ( 
M_t=  0.85,  0  =  10*). 
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9.  e^-dlstrlbutlon  at  x/cr=Q.3  (left).  0.6  (middle) 
and  0.8  (right),  transition  at  0%,  measurement 
(NLR):  triangles,  Re=  9,000,000,  M„  =  0  85, 
«  =■  10*). 
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Figure  13.  Velocity  vectors  at  x/cr=80%  (LDA-technIgue, 
M.  =  0.85,  «  =  10*). 


wSikl 


10.  c,-dlstributlon  at  x/cr=0.3  (left),  0.6  (middle)  Flflure  14.  Velocity 
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i^misfrlbulloh'al  x/cS’=0.3  (left),  0.6  (middle) 
and  0.8  (right),  (Re=  4,500,000;  transition  at 
i5%,M.»0.85,«  =  10*). 


Figure  15.  Velocity  sectors  at  x/cr=80%  (five  hole  probe 
measurements  of  FFV^hweden,  M„  =  0.85, 
e  =  10*, [6]  ). 
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^ure  21. 


Streamline  tketch  (three  dimeslonal  drawing, 
looking  IntMe  the  vortex  core  from  the  rear 
of  the  wing). 


Figure  17.  Skin  friction  lines. 


Figure  18.  Skin  friction  lines  with  primary  separation 
line,  primary  attachment  line  and  secondary 
separation  line  (sketch). 


Figure  22.  Numerical  laser  light  sheet  simulation 
(sketch). 


Figure  19. 


Streamlines  of  the  vortex  core  (Mack),  and 
around  the  vortex  core  (grey). 
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Figure  20. 


Sketch  of  selected  streamrlbbons  around  the 
vortex  core. 
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Figure  28.  Streamlines  of  canard-vortex,  canard  trailing 
edge  vortex  and  main  wing  primary  and  sec¬ 
ondary  vortex  (WC1-SLE,  »  0.85,  a  s  10*). 
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Figure  30.  Dale  flow  chart  of  COMAOI. 
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Abstract 

We  investigate  bypetsonic  vortical  flow  on  the  leeside 
of  a  blunt  delta  wing  by  solving  both  the  Euler  equa¬ 
tions  and  the  Navier-Stokes  equations  with  two  different 
and  independent  numerical  methods  in  order  to  evaluate 
the  inviscid  and  viscous  mechanisms  of  leeside  vortex  for¬ 
mation.  The  emphasis  of  the  paper  is  on  the  analysis  of 
the  results,  which  includes  a  very  detailed  and  side-by-side 
comparisons  of  Euler  versus  Navier-Stokes  results  from  the 
same  method  as  well  as  comparisotu  of  results  &om  the 
two  different  methods.  The  intent  is  to  teach  a  reasonable 
tmderstanding  of  the  computed  flow  structures,  including 
flow  separation,  shear  layers,  vortices,  shock  waves,  entropy 
losses.  We  have  found  that  instead  of  the  concentrated 
vortex  usually  found  over  a  delta  wing  in  transonic  speed, 
the  flow  in  hypersonic  speed  is  dominated  by  a  shear  layer 
that  separates  just  past  the  blunt  leading  edge  and  forms 
a  more  distributed  vortical  region  over  the  wing.  However, 
the  flow  predicted  by  Euler  is  quite  different  from  Navier 
Stokes,  also  distinct  from  the  transonic  case.  The  Navier 
Stokes  results  agree  qualitatively  with  the  sparse  exper¬ 
imental  data  that  we  have,  but  not  quantitatively.  The 
quantitative  details  of  the  solutions,  but  not  the  overall 
flow  structure,  show  some  sensitivity  to  mesh  resolution. 
The  windside  features  like  the  bow  shock  agree  well  in  all 
the  numerical  solutions.  But  there  are  substantial  discrep¬ 
ancies  in  the  prediction  of  the  Stanton  number  on  the  wing 
surface. 


Introduction 

Current  interest  in  developing  advanced  space  planes  like 
the  NASP,  HERMES,  and  the  superConcorde  has  brought 
forth  the  problem  of  understanding  the  leeside  vorti^  flow 
over  these  vehicles  when  they  travel  at  hypertonic,  speeds. 
Unlike  the  subsonic  and  transonic  speed  regimes,  the^  vor¬ 
tical  flows  have  little  affect  on  the  lift  performance  and  the 


effectiveness  of  control  stufaces  since  the  leeside  pressures 
are  near  vacuum.  They  are  however  characterised  by  shock 
waves,  separated  flow,  and  shear  layers,  and  these  may  have 
important  consequences  on  heating  and  local  effects  like  a 
shock  wave  or  shear  layer  impinging  on  a  configuration  de¬ 
tail,  e.g.  a  flap  or  other  protuberance.  What  is  of  interest 
then  ate  the  flow  features  of  this  low-pressure  region,  what 
its  structure  is,  and  what  interactions  take  place.  It  is  here 
that  our  current  knowledge  is  incomplete. 


Features  of  Hypersonic  Wing  Flow 

The  way  we  approach  the  problem  is  to  study  the  simpler 
but  typical  case  of  hypersonic  flow  over  a  wing.  Current 
tmderstanding  follows  horn  classical  analysis  based  on  flow 
past  a  flat  thin  delta  wing  of  sero  thickness.  Squire  [l]  and 
later  Miller  and  Wood  [2]  among  others  have  studied  the 
various  types  of  structures  that  may  occur  (Fig  1).  At  mod¬ 
erate  supersonic  speed  the  bow  shock  is  detached,  and  the 
flow  attaches  on  the  windward  side  inboard  of  the  leading 
edge.  It  cannot  expand  smoothly  around  the  sharp  leading 
edge  but  separates  and  develops  into  a  vortex.  At  higher 
speed  the  attachment  point  shifts  outboard  to  the  lead¬ 
ing  edge.  Now  the  flow  can  deflect  smoothly  around  the 
leading  edge  through  a  Prandtl-Meyer  expansion  fan.  But 
at  some  inboard  point  on  the  leeward  side  it  must  turn  in 
the  heestream  direction  through  a  cross^flow  shock.  This 
shock  may  cause  the  boimdary  layer  to  separate.  In  an  Eu-' 
ler  simulatbn  it  may  be  strong  enough  to  create  sufRdent 
vorticity  and  thus  vortex  flow.  At  still  higher  speeds  the 
bow  shock  attaches  at  .  the  leading  edge,  but  the  expansion 
and  crossflow  shock  renuin  eis  at  lower  speed: 

There  are,  however,  limits  to  each  of  the  above  processes. 
For  example  Fig  2  presents  the.  usual  classical  analysis  of 
flow  normd  to  the  leading  edge.  ;The  flow  expands  around 
the  leading  edge  until  it.  is.parallel,  to  the.upper  surface, 
i.e.  it  remains  attached.  But  if  the  Heestream  Mach  num¬ 
ber  is  great  enough,  it  can  happen  that  the  flow  expands 


to  vacuum  before  it  becomes  parallel  to  the  upper  surface. 
Another  situation  occurs  on  the  upper  surface.  The  leading 
edge  influences  the  flow  only  inside  the  Mach  cone  shown  in 
Fig.  2.  Outside  of  it  the  flow  is  in  the  freestream  direction, 
and  the  crossflow  shock  appears  .  here  these  two  regions 
meet.  Again,  if  the  speed  is  great  enough,  the  trace  of  the 
Mach  cone  can  move  to  the  left  of  the  centerline.  Non¬ 
linear  effects  must  be  important  and  the  exact  flow  pat¬ 
tern  is  not  known.  Figiue  2  summarises  the  limits  of  shock 
detachment  and  expansion  to  vacuum  [L.  Squire,  private 
conuimnication].  For  a  70°  swept  delta  wing,  vacuum  is 
reached  in  the  Sow  at  =  7  and  a  =  40°.  The  conclu¬ 
sions  from  this  analysis  lose  predsion  when  the  wing  has  a 
round  leading  edge  and  thickness.  The  analysis  roust  then 
be  carried  out  by  numerical  solution. 

An  important  issue  is  the  creation  of  vorticity  in  the 
numerical  solution  of  an  inviscid  flow.  At  high  super¬ 
sonic  Mach  numbers  and  angles  of  attack,  the  entropy  loss 
through  the  bow  shock  can  vary  considerably  bom  wind¬ 
ward  to  leeward  side.  From  Ctocco’s  theorem,  this  can  in¬ 
troduce  significant  vorticity.  These  features  are  generally 
well  understood  for  cone  flow  [3]  of  circular  cross-section 
where  a  vortical  layer  forms  on  the  cone  surface  which  is 
wetted  by  streamlines  passing  through  various  points  on 
the  shock,  and  a  vortical  singularity  emerges  on  the  lee- 
side  symmetry  point.  The  corresponding  pattern  which 
develops  as  the  cone  is  continuously  distorted  into  thinner 
elliptical  delta  wings  is  not  known  (at  least  to  the  present 
authors),  but  it  is  possible  that  the  vorticity  generated  by 
the  bow  shock  could  concentrate  into  a  leeside  vortex.  The 
same  conclusion  holds  for  the  crossflow  shocks. 


Numerical  Method 

We  describe  only  briefly  the  two  finite-volume  ap¬ 
proaches  (4-  7]  we  take  to  solve  the  Navier-Stokes  equations 
written  in  Cartesian  coordinates  over  a  control  volume  V 
with  boundary  8V 
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where  the  vector  of  state  variables  u  =  (p  pv  pv  pw  pE)^ 
contains  density  p,  z,  y,  and  z  components  of  velocity  u, 
ti,  and  v>,  and  energy  per  unit  mass  E.  The  z  direction  is 
aligned  with  the  body  axis.  The  flux  teiuor  7f  is  composed 
of  inviscid  and  viscous  parts 

7f  =  (  Fi  -  Fv)e,  +  (  Gr  -  Gv)ei,+ 

V‘) 

{Hi  -  Hv)e. 

in  the  z,  y,  and  z  coordinate  directions,  respectively. 

The  inviscid  fluxes  ate  given  by 
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The  subject  of  the  paper  is  the  numerical  simulation  of 
a  hypersonic  vortical  flow  on  the  leeside  of  a  blunt  delta 
wing.  The  primary  results  to  be  presented  are  for  flow 
at  Afop  =  7.15  and  30°  incidence  past  a  tluck  delta  wing 
of  70°  sweep  and  coiutant  leading  edge  radius;  a  non- 
conical  wing.  We  study  this  flow  by  salving  both  the  Euler 
equatioiu  and  the  Navier-Stokes  equations  with  two  differ¬ 
ent  and  independent  numerical  methods  in  order  to  eval¬ 
uate  the  inviscid  and  viscous  mechanisms  of  leeside  vor¬ 
tex  formation.  Both  methods  are  cell-centered  finite-  vol¬ 
ume  teduuques,  but  they  differ  in  a  number  of  ways,  and 
the  computer  codes  have  been  written  completely  indepen¬ 
dently.  The  first  [4,5]  is  denoted  KTH,  and  the  second  [6,7] 
MIT.  Some  experimental  measurements  are  available  for 
conqiarison.  The  enqihasis  of  the  paper  is  on  the  analysis 
of  the  results,  which  includes  a  very  det^ed  and  nde-by- 
side  comparisons  of  Euler  yctsus  Navier-Stokes  results  bom 
the  same  method  as  well  as  compruisons  of  results  from  the 
two  different  methods.  The  intent  here  is  to  readi  a  sound 
description  and  reasonable  undmtanding  of  the  computed 
flow  structures,  iududihg  flow  sepamtion,  shear  layers,  vor¬ 
tices,  shock  waves,  and  entropy  losses.  Surface  pressure 
and  heat  transfer  results  are  also  presented. 


and  the  viscous  fluxes  given  by 
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H  is  the  stagnation  enthalpy,  H  B  +  p/p,  and  p  is  the 
static  pressure. 


Component*  of  the  vifcous  ttren  tensor  are, 
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The  heat  flux  term*  are 
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or,  using  the  perfect  gas  relation  H  =  CpT  +  .S(u’  +  «’  + 
to’)  to  eliminate  the  temperature  T,  and  introducing  the 
Prandtl  number  Pr  = 


.  _  IPj-fi  -  ^P>  +Pr-il 

‘  |P»  +  1  +2pj  +P;-l| 


/3,+i/,  =  max(|e4(^  + ^^)-a,+,/j,0)  (13) 

It  must  be  pointed  out  that  the  numerical  smoothing 
terms  have  to  be  treated  correctly  near  boundaries  in  order 
to  maintain  good  convergence  and  to  keep  the  variations  in 
entropy  small  [8].  The  condition  for  pressure  on  the  wing 
surface  is  set  by  second-order  extraploation  &om  the  field 
values. 


The  value  of  the  Prandtl  number  Pr  was  taken  as  a  con¬ 
stant  0.72  for  the  laminar  flow  solutions  presented  in  this 
paper.  The  Sutherland  formula  relates  the  coefficient  of 
viscosity  to  the  local  temperature  (or  enthalpy)  and  closes 
the  system  of  equations. 

We  make  the  usual  finite-volume  approximation  to 
Eq.(l)  for  a  hexahedra  cell  of  volume  V  (Fig.  3) 

^uv  =  -i||^^«(«).ndS 
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Space  Discretization:  Invlscid  Ternu 


Space  Discretization:  Viscous  Terms 

The  usual  boundary  conditions  are  enforced  on  the  wing, 
which  is  isothermal  Tw  =  288iir.  The  farfield  is  assumed  to 
be  inviscid  and  is  treated  by  either  setting  or  extrapolating 
the  locally  one  dimensional  Riemann  invariants.  But  the 
viscous  terms  are  treated  differently  in  the  two  codes. 

CeU- Vertex  Method  (KTH) 

In  the  KTH  code  the  viscous  terms  are  computed  by 
a  3-poittt  cell-vertex  scheme  using  an  auxiliary  staggered 
grid.  The  vertices  5  of  the  staggered  grid  ate  given  by 
the  cell  centers  of  the  main  grid  where  the  state  variables 
are  located  (Fig.  4).  The  vertices  of  the  main  grid  N 
are  then  taken  as  the  cell  centers  of  the  staggered  grid. 
Derivatives  at  the  vertices,  say  Nl,  are  computed  horn 
the  gradient  theorem  applied  to  the  cell  defined  by  the 
surrounding  staggered-grid  points,  51  to  54.  The  viscom 
tensor  can  then  be  obtained,  and  the  viscous  and  thermal 
fluxes  computed  at  the  vertices  N.  They  are  averaged  over 
the  cell  face  to  give  the  numerical  flux  at  the  center  of  the 
face  for  use  in  Eq.($). 


The  scheme  for  the  inviscid  terms  is  the  same  in  both 
codes.  It  is  a  cell-centered  finite  volume  discretisation  in 
space  that  is  fully  conservative  (at  steady  state  with  local 
time  stepping).  The  flux  at  a  cell  face  is  computed  as  the 
flux  of  the  average  of  the  two  state  variables  to  the  left  and 
right  of  the  face.  An  artificial  smoothing  term  that  is  a 
nonlinear  blend  of  second  and  fourth  differences  stabilizes 
this  discretisation.  The  semidiscrete  form  of  the  scheme 
applied  to  Eq.(8)  in  one  space  dimension  illustrates  these 
points 

=5P,  =F,+,/, (9) 
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Thin  Layer  Approximation  (MIT) 

The  viscous  terms  in  the  governing  equations  can  be 
simplified  if  one  asssumes  that  gradients  of  viscous  stress 
and  heat  flux  in  directions  parallel  to  the  body  are  negli¬ 
gible  compared  to  those  gradients  in  the  direction  normal 
to  the  body.  All  viscous  terms  that  contain  derivatives 
parallel  to  the  body  surface  can  then  be  eliminated,  giv¬ 
ing  the  thin-layer  form  of  the  Navier-Stokes  equations.  In 
a  real  flow  this  assumption  holds  only  in  attached,  high 
Reynolds  nund>er  regimes.  However,  in  a  numerical  solu¬ 
tion  the  assumption  is  consistent  with  the  full  equations 
when  the  computational  grid  does  not  adequately  resolve 
gradients  of  viscous  stress  and  heat  flux  in  the  streamwise 
or  cross  stream  directions.  The  terms  then  are  discretized 
by  centered  differences  in  the  normal  direction. 

Time  Integration 

After  space  discretization  Eq.(8)  becomes 


=  ^  F(u)/=«F.j»  =  («.+i,+«OF.j*  (14) 
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where  Eqt.(9)>(13)  imply  the  meaning  of  the  difference 
operators.  The  resulting  semidiscrete  system  of  ordinary 
differential  equations  (14)  is  solved  in  either  of  two  ways 
with  local  time  steps.  The  first  is  a  standard  explicit  four 
stage  Runge«Kutta  time  integration  (KTH).  The  second  is 
a  novel  semi-implicit  solver  (MIT)  which  is  impUdt  in  the 
direction  normal  to  the  wing  and  explicit  in  the  two  di¬ 
rections  tangential  to  it.  This  approach  enhances  stability 
and  convergence. 

The  standard  four-stage  scheme  applied  to  £q.(14)  is 


=  “!;!+«>  At  «F<;> 

=  “i;i+“3AtiF<;i 
“uV  =  u;;>+a.AtiF<;i 

(15) 

where  the  superscript!  'dentify  the  temporal  level  and  the 
multistage  coefficients  are  >.'1  =  1/4,  ai  =  1/3,  orj  =  1/2, 
and  ct.  =  1.  The  local  time  step  is  used. 

The  semi-implicit  scheme  of  MIT  leads  to  a  linear  tridi- 
agonal  matrix  multiplying  the  left-hand  side  of  each  stage 
of  Eqs.(lS),  See  Ref.  [7]  for  further  detuls. 

Computed  Results 

To  investigate  the  suitability  of  these  techniques  for  hy¬ 
personic  flow  simulation,  INRIA  and  GAMNI  organised  a 
workshop  on  “Hypersonic  Flows  for  Reentry  Problems”  in 
Jan  1990.  Calculations  of  laminar  flow  over  a  70’  swept 
blunt  delta  wing  at  30°  angle  of  attack,  Mach  number 
of  7.15,  Re  of  5.85rl0',  wall  temperature  of  2iiK  rmd 
freestream  temperature  of  7iK  have  been  carried  out  as 
part  of  the  workshop  and  are  presented  here. 

Three  different  types  of  grids,  H-0  (MIT),  0-0,  and  C- 
O  (KTH),  are  used  with  point  densities  ranging  from  150 
to  over  400  thousand,  and  they  allow  us  to  study  the  effect 
of  grid  topology  as  well  as  grid  resolution  in  the  MIT  and 
KTH  solutions  to  the  Euler  and  Navier  Stokes  equations. 

Euler  Equatioiu 

Figtue  5  displays  the  grids  used  in  the  KTH  and  MIT 
results.  The  KTH  mesh  is  an  0-0  type  where  the  trailing 
edge  is  rounded,  as  is  the  truling-edge  tip  because  of  the 
presence  of  the  parabolic  singular  line  there.  Streamlines 
integrated  in  the  KTH  Euler  (and  NS)  results  (Fig.  6) 
show  that  a  vortex  does  in  fact  develop  in  the  solutions, 
and  it  may  be  generated  by  the  cross-  flow  shock  in  the 
Euler  case.  Surface  streamlines  in  Fig.  7  indicate  that  the 
flow  does  indeed  separate  at  the  shock.  The  comparison  in 
Fig.  7  between  the  KTH  and  the  MTT  results  show  that 


the  shock  and  the  separation  occur  in  different  locations  in 
the  two  solutions. 

Figure  8  compares  the  isoMach  contours  and  the  total 
pressure  coefficient  m  the  50%  chord  plane. 

On  the  windward  3ide  there  is  a  strong  bow  shock  (normal 
Mach  number  of  4.5)  with  a  large  total  pressure  loss  (90%, 
which  is  consistent  with  the  normal  Mach  number).  The 
flow  expands  rapidly  about  the  leading  edge  but  remains 
attached.  Curiously,  there  is  additional  total  pressure  loss 
through  this  expansion  which  may  be  numerical  in  origin 
or  which  may  be  related  to  the  entropy  layer  and  vortical 
singularity  in  flow  over  a  circular  cone  (more  about  this 
below). 

What  is  most  surprising  about  this  comparison  is  that 
the  two  solutions  are  so  diflerent  (cf  Mach  contours).  On 
the  leeside  at  about  mid-span  the  flow  separates  from  the 
surface  in  the  MIT  results,  and  an  oblique  crossflow  shock 
of  short  extent  occurs.  A  shear  layer  is  evident  which  trav¬ 
els  inboard  and  upward  until  it  meets  a  crossflow  shock 
that  turns  the  flow  downstream.  A  vortical  flow  is  trapped 
between  the  shear  layer  and  the  wing  surface.  The  KTH 
results  on  the  other  hand  show  a  crossflow  shock  that  bub¬ 
bles  out  at  its  foot  and  the  resulting  vortical  flow  region 
is  more  conflned.  We  have  here  a  case  of  two  quite  difler- 
ent  Euler  solutions,  and  we  must  ask  ourselves  why.  One 
probable  answer  is  that  the  problem  is  nonunique.  We  are 
solving  the  inviscid  equations  for  flow  over  a  very  blunt  and 
smooth  body  which  does  not  invoke  a  Kutta  condition  for 
the  flow  to  separate  at  a  specifle  location.  This  situation 
contrasts  to  the  usual  situation  in  transonic  delta  wing  flow 
vhere  the  leading  edge  is  very  thin  and  often  sharp.  In  the 
tbsence  of  a  geometric  Kutta  condition  to  flx  separation, 
o.'e  has  to  expect  nonuniqueness  because  now  even  small 
diiTerences  m  artifleial  cUssipation,  which  plays  a  role  in  in¬ 
viscid  separation,  can  lead  to  very  large  differences  in  the 
solution.  The  plots  of  the  total  pressure  loss  Cft  on  the 
surface  (Fig.  8)  suggest  that  this  may  indeed  be  the  case. 
Through  the  bow  shock  both  solutions  lose  over  90%  of  its 
total  pressure,  then  an  additional  loss  occurs  around  the 
leading  edge.  Small  diflerences  here  may  be  responsible 
for  large  differences  in  the  point  of  separation,  and  conse¬ 
quently  lead  to  the  two  different  leeside  flow  patterns. 

In  any  case  the  flow  patterns  in  these  two  solutions  are 
quite  different  from  that  expected  in  the  classical  thin-wing 
analysis,  and  also  different  from  circular  cone  flow.  Pre¬ 
sumably  the  vortex  results  from  the  vorticity  created  in 
the  cross-flow  shock.  But  the  reason  for  the  entropy  gain 
around  the  leading  edge  is  still  unclear.  This  local  feature 
may  be  related  to  the  vortical  singularity  found  in  circular- 
cone  flow  where  streamlines  possessing  different  entropy 
levels  converge.  In  our  case  a  very  strong  entropy  gradient 
may  exist  around  the  leading  edge  because  of  the  conflu¬ 
ence  of  streamlines  wit)i  different  levels  of  entropy  since 
they  have  passed  through  different  parts  of  the  bow  shock. 

Let  us  investigate  this  matter  further.  Figure  9  presents 
four  streamlines,  the  first  with  label  1  passes  closest  to  the 
leading  edge  and  the  fourth,  (label  4}  closest  to  the  bow 
shock.  The  total  pressure  coeffldent  C^t  is  plotted  versus 
distance  along  these  streamlines.  As  said  earlier  after  pass¬ 
ing  through  the  bow  shock,  the  value  starts  at  about  90%, 
but  we  now  see  that  the  lois  around- the  leading  edge  is 
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gtestest  lot  the  streamline  closest  to  the  leading  edge.  An¬ 
other  increase  occms  further  downstream  where  the  trace 
passes  through  the  trailing  edge  shock.  We  conjecture  that 
the  lost  around  the  leading  edge  is  due  either:  1)  entirety 
to  truncation  error,  or  2)  to  a  physical  entropy  layer  that  is 
strongest  nearest  the  wing  surface,  and  that  gets  smeared 
out  across  streamlines  in  the  numerical  solution. 


Navier-Stokes 

The  MIT-NS  grid  has  32  cells  in  the  streamwise  direc¬ 
tion,  96  in  the  circumferential  and  96  in  the  body  nornud 
directions,  and  the  KTH-NS  grid  has  32,  96,  and  128,  re¬ 
spectively  (Fig.  10).  The  C-0  mesh  used  for  the  KTH-NS 
solution  has  a  polar  singular  line  at  the  apex  that  caused 
insurmountable  problems  for  the  NS  solver.  We  overcame 
these  by  rounding  off  the  first  2%  of  the  apex.  Since  the 
results  with  tlus  rounding  were  no  different  than  those  ob¬ 
tained  with  a  S%  rounding,  we  conclude  that  the  rounding 
has  very  little  effect  overall.  The  trailing  edge  and  its  tip 
ate  thick  with  sharp  corners.  Here,  and  in  the  MIT  re- 
stdts,  all  variables  in  the  computation  ace  extrapolated  at 
the  outfiow  boundary,  which  in  effect  makes  the  wing  in¬ 
finitely  long.  No  problems  were  encountered  with  this  type 
of  boundary  condition. 

Figure  11  compares  the  KTH  Euler  and  NS  Mach  con¬ 
tours  in  the  symmetry  plane,  and  shows  the  bow  shock. 
The  windward  flow  is  quite  similar  in  the  two  flows,  but 
the  leeside  flow  pattern  is  alittle  different.  The  Mach  con- 
totus  nearest  the  upper  siuface  and  ahead  of  the  trailing 
edge  are  not  as  dense  in  Euler  as  they  are  in  NS.  The  same 
remark  applies  to  the  isobars  plotted  only  on  the  leeside  in 
the  range  -0.028  <  C,  <  -0.020  with  increments  0.0005. 
We  interpret  this  pattern  to  be  the  indication  of  a  small 
shock  (cf  Fig  12). 

Figure  12  presents  isoMacb  contours  of  the  flowfleld  at 
the  50%  chord  and  compares  KTH-NS  with  MIT-NS,  and 
KTH-NS  mth  KTH-Euler.  It  is  reassuring  to  see  that  the 
two  NS  solutions  agree  rather  closely  in  their  overall  fea¬ 
tures,  and  an  indication  that  the  problem  is  uniquely  posed. 
On  the  leeside  the  Euler  and  NS  solutions  ate  quite  differ¬ 
ent.  The  Euler  flow  displays  a  crossflow  shock  that  bubbles 
out  at  its  foot,  causes  the  flow  to  separate,  and  a  vortical 
region  to  develop  behind  it  (Fig  12).  The  NS  flow  on  the 
other  band  separates  just  past  the  maximum  expansion  at 
the  leading  edge.  The  shear  layer  extends  inboard  to  where 
it  meets  the  crossflow  shock  over  the  wing,  it  then  turns 
downward  towards  the  wing  surface  where  a  small  embed¬ 
ded  shock  (cf  Fig  11)  turru  it  once  again  outboard  towards 
the  leading  edge.  It  finally  roUs  op  to  form  a  vortical  layer. 
Between  the  wing  and  the  shear  layer  a  secondary  vortex 
develops  &om  the  boundary  layer  separating  from  the  wing 
(Fig.  13).  The  direction  of  the  flow  motion  in  this  plane 
is  pven  by  velocity  vectors  (Fig  13a)  and  their  integrated 
path  lines  (Fig  13b),  i.e.  in-plane  streamlines.  In  each  case 
the  vortex  is  clearly  identified. 

Upper  Surface 

While  both  NS  solutioiu  have  the  same  qualitative  fea¬ 
tures,  namely  one  primary  separation  and  one  secondary 


separation,  Fig.  14  shows  that  the  locations  of  these  two 
separations  are  different  in  the  two  solutions.  Figure  14 
also  indicates  that  there  are  substantial  differences  in  the 
computed  Stanton  number  St  but  not  in  the  skin  friction 
component  Cfy.  It  is  disappointing  to  see  that  the  two  so¬ 
lutions  carmot  predict  heat  transfer  to  the  windward  sm- 
face  more  closely  than  they  do.  However  they  do  agree 
very  well  on  the  peak  beating  at  the  leading  edge  (wind¬ 
ward  attachment  line).  The  peak  value  is  about  3.1  times 
larger  in  magnitude  than  that  at  the  windward  symmetry 
plane.  It  is  noteworthy  that  this  factor  agrees  well  with 
the  value  3.2  given  by  the  infinite  yawed-  cylinder  analysis 
of  Reshotko  and  Beckwith  [9].  Agreement  between  the  two 
solutions  is  better  on  the  upper  siuface,  except  near  the 
symmetry  plane  where  the  shear  layer  hits  the  upper  sur¬ 
face.  Here  the  MIT  results  predict  a  substantially  higher 
surface  heating  than  do  the  KTH  results. 

Lastly  Fig.  15  shows  that  the  pressure  distribution  un¬ 
der  the  vortex  is  quite  different  in  the  Euler  and  NS  results 
of  KTH.  The  pressure  on  the  upper  surface  is  extremely 
low.  It  is  lower  in  Euler  than  in  NS,  but  Euler  shows  a  typi¬ 
cal  vortex  signature  in  Cp  near  the  symmetry  line.  Vacuum 
occurs  at  Cp  =  —0.028  and  the  Euler  solution  very  neatly 
reaches  it.  Figure  16  shows  this  pocket  of  near-vacuum 
flow  over  the  wing  in  KTH-Eulet  and  KTH-NS  solutions. 
Notice  that  in  Euler  the  pocket  touches  the  wing  surface, 
but  in  NS  it  does  not. 


Mesh  Refinement 

In  order  to  ascertain  how  dependent  these  features  are  on 
the  mesh  resolution,  we  present  here  a  comparison  of  two 
NS-  KTH  results,  one  on  the  fine  mesh  (discussed  above) 
and  the  other  on  a  medium  mesh  with  half  the  number  of 
points  in  each  direction  of  the  fine  mesh.  The  skin  fric¬ 
tion  lines  in  Fig.  ITa  show  that  the  general  flow  structure 
(one  primary  and  one  secondary  separation)  remains  rm- 
changed,  but  that  their  locations  are  grid  dependent.  On 
the  other  hand  Fig.  17b  indicates  that  the  flow  structure  in 
the  mid-chord  section  is  relatively  insensitive  to  the  grid. 

Boundary  and  Shear  Layer  Structure 

The  variation  in  flow  properties  along  the  vertical  line 
L  above  the  wing  in  the  50%  section  are  plotted  in  Fig 
18.  The  Mach  number  varies  continuously  from  0  to  over 
6.  Almost  all  of  the  total  pressure  is  lost  in  the  bound¬ 
ary  layer,  and  there  is  a  temperature  gradient  right  at  the 
wall  because  it  is  cooler  than  the  surrounding  flow,  but  the 
temperature  drops  off  rapidly  in  the  outer  layer.  There  is 
substantial  shear  in  the  layer  because  the  span  wise  velocity 
V  swings  from  positive  to  negative 

Comparison  with  Experiments 

The  oil  flow  pattern  in  Fig.  19  confirms  the  flow  struc¬ 
ture  of  one  primary  and  one  secondary  separation  on  the 
upper  sur&ce  of  the  wing,  but  it  also  shows  a  very  sutosn- 
tid'trailing'edge  dfect  oh  the  b'ohndary  layer  that  '^tehds 
almost  up  to  midchord'.  The  reasons'  for  this  arc  stffl  un¬ 
clear,  but  it  may  be  due  to  1)  upstreaih  infihehce  through 
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the  boundary  layer,  or  2)  vortex  breakdown,  or  3)  nitrogen 
liquefaction  eifecU  in  the  tunnel.  In  any  case  the  abrupt 
kink  in  the  secondary  separation  line  suggests  that  laminar 
to  turbulent  transition  has  taken  place.  Since  our  calcula- 
tioiu  are  purely  laminar,  we  have  to  expect  diflerences  in 
the  comparisons. 

Four  pressure  taps  are  located  at  the  mid-chord  station, 
just  ahead  of  the  separation  bubble.  Figure  20  presents 
their  comparison  with  the  KTH-NS  and  MIT-NS  suHace 
Cp  values.  Although  there  is  a  shift  in  the  levels  of  the 
two  sets  of  results,  the  trend  to  a  higher  pressure  at  the 
synunetry  plane,  where  the  shear  layer  meets  the  wing,  is 
similar  in  each  result.  The  data  is  rather  sparse,  but  what 
little  there  is  seems  to  confirm  out  picture  of  a  shear-layer 
dominated  vortical  flow  structure. 

Lastly,  Fig.  21  compares  the  KTH-NS  computed  Sow 
direction  and  Mach  numbers  in  the  midchord  section  with 
measurements  made  with  a  Pitot  tube.  Unfortunately  the 
pressure  level  in  the  vortical  region  was  too  low  for  the  tube 
to  itudce  reliable  readings,  so  we  cannot  obtain  confirma¬ 
tion  of  this  feature  here.  However,  there  is  good  agreement 
in  some  regions,  while  there  are  one  or  two  marked  discrep¬ 
ancies. 

Conclusions 

We  have  found  that  instead  of  the  concentrated  vortex 
usually  found  over  a  delta  wing  in  transonic  speed,  the 
flow  in  hypersonic  speed  is  dominated  by  a  shear  layer  that 
separates  just  past  the  blunt  leading  edge  and  forms  a  more 
distributed  vortical  region  over  the  wing  (Fig  22). 

However,  the  flow  predicted  by  Euler  is  quite  different 
&om  Navier  Stokes,  also  distinct  fiom  the  transonic  case. 
Tlus  may  be  due  prinurily  to  the  very  blunt  leading  edge. 
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The  Navier  Stokes  results  agree  qualitatively  with  the 
sparse  experimental  data  that  we  have,  but  not  quantita¬ 
tively.  We  have  seen  some  sensitivity  to  mesh  resolution  in 
regards  to  the  quantitative  details  of  the  solutions,  but  not 
to  the  overall  flow  structure.  The  windside  features  like  the 
bow  shock  agree  well  in  all  the  numerical  solutions.  But 
there  are  substantial  discrepancies  in  the  prediction  of  the 
Stanton  number  on  the  upper  surface. 
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ON  THE  FOOTPRtNTS  OF  THREE-DIMENSIONAL  SEPARATED  VORTEX  FLOWS  AROUND  BLUNT  BODIES 
Attempts  of  deflning  and  analyzing  complex  flow  structures 

Uwe  Dalltnann,  Achim  Hilgenstock,  Stefan  RIedelbauch, 

Burkhard  Schulte-Weming,  Heinrich  Vollmers 

□LR  Institute  for  Theoretical  Fluid  Mechanics, 

BunsenstraSe  10,  0-3400  Gdttingen,  FR  Germany 


Abstract 

This  paper  summarizes  an  analysis  of  vortex  flows 
around  different  configurations  in  very  different 
(Ma,  Re)-reglmes.  Subsonic,  transonic  and  hypersonic 
separated  vortex  flows  are  considered.  The  common 
interest  was  to  study  the  relationships  between  the 
topologies  of  steady  or  unsteady,  two-dimensional  or 
three-dimensional  separated  vortex  flow  structures  and 
their  'footprints'  which  they  leave  on  the  boundaries 
(walls)  or  within  any  sections  across  the  flow  field. 
From  this  point  of  view  we  analyze  numerical  Navler- 
Stokes  simulations  In  the  following  respect; 

Topological  changes  of  the  instantaneous  sectional 
streamlines  and  the  skin-frictlon  patterns  of  Incompres¬ 
sible  flows  are  considered  during  vortex  shedding  and 
during  onset  of  three-dimensionality  of  the  flow.  Two- 
dimensional  separation  bubbles,  separation  from  a  cyl¬ 
inder  in  crossflow  and  separation  from  a  sphere  are 
analyzed. 

The  formation  of  vortex  cores  and  their  relationship  to 
so  called  open  or  closed  flow  separation,  wall  vorticity, 
wall  pressure,  wall  heat  flux  and  various  sectional  flow 
data  are  Investigated  in  compressible  flows  such  as  the 
transonic  transitional  flow  around  a  round  edged  delta 
wing  and  the  hypersonic  laminar  flow  around  a  double 
ellipsoid. 


wall  (body  surface)  would  be  preferred  However,  it  will 
not  be  necessary  that  all  such  changes  will  be  seen  in 
the  velocity  field  The  topological  structure  of  a  flow 
consists  of  topological  properties  of,  at  least,  ah  of  the 
dependent  variables.  Dallmann  &  Schulte-Weming  [1] 
raised  the  following  question;  'What  are  the  necessary 
and  sufficient  topological  (rather  lhan  analytical) 
informations  about  a  flow  that  have  to  be  equivalent 
and  have  to  be  compared  In  any  two  simulations  such 
that  any  further  topological  properties  of  any  other 
quantity  (variables  or  Invariants)  will  be  preserved  in 
these  two  simulations?'  The  answer  Is  not  known,  and 
we  concentrate  the  present  Investigation  on  qualitative 
changes  which  occur  in  velocity  fields  and  a  few  parts 
of  a  more  complete  analysis. 

A  precise  definition  of  unsteady  separation  struc¬ 
tures  or  unsteady  vortex  motion  Is  still  lacking  (Lugt 
[2]).  A  description  ol  topological  changes  in  a 
sequence  of  Instantaneous  streamline  patterns  Is,  nec¬ 
essarily,  dependent  on  the  frame  ol  reference  and 
therefore  calls  for  other,  additional  and,  if  possible. 
Invariant  topological  properties  to  be  analyzed.  How¬ 
ever,  In  a  frame  fixed  either  to  the  body  (for  the  pur¬ 
pose  of  analyzing  flow  separation  from  that  body)  or 
fixed  to  a  certain  convection  speed  of  moving  vorte:( 
structures  (for  the  purpose  of  analyzing  physical  prop¬ 
erties  of  vortex  motion  like  entrainment,  vortex  pairing. 


Introduction 

Apart  from  the  common  interest  In  calculating  drag, 
lift,  Strouhal  numbers  and  several  other  quantities  of 
flows  around  complex  configurations,  there  are  com¬ 
plex  vortex  flow  phenomena  under  the  most  simple 
boundary  conditions  which  lack  even  a  qualitative 
understanding.  As  a  matter  of  fact,  little  is  known  about 

a)  the  formation  ol  three-dimensional  vortex  flows 
although  the  boundaries  are  either  two-dimensional 
(cylindrical)  or  axisymmetric  or  even  spherical, 

b)  the  bifurcation  from  a  steady  separation  bubble  to 
unsteady  vortex  shedding, 

c)  the  mechanisms  which  lead  to  the  creation  of  stable, 
three-dimensional  (often  steady)  vortex  configura¬ 
tions  with  the  formation  of  multiple  vortex  cores 
around  or  in  the  wake  of  simple  shaped  bodies  like 
prolate  spheroids,  hemisphere-cylinder  configura¬ 
tions,  etc.,  and 

d)  the  relationships  between  the  topologies  of  different 
flow  quantities  in  a  given  incompressible  or  com¬ 
pressible  vortex  flow. 

The  last  topic  raises  the  question  whether  the  local 
formation  of  the  onset  of  a  vortex  flow  feature  -  (namely 
the  ci^lott  of  a  swirling  flow  region  in  mid-air)'-  can 
be  assigned  to  a  tdpologlcat  change  of  physical  quanti¬ 
ties.-  Fram  an  appllcatlonal  point'of  view  ariy  quantity 
which  leaves  a  unique  measurable  'footprint' -on' the 


etc.)  the  topological  analysis  of  instantaneous  velocity 
fields  has  been  proven  to  be  a  usefull  Investigation  tool 
It  allows  to  restrict  the  discussion  ol  huge  data  fields  to 
an  analysis  of  topological  changes  and  their  depend¬ 
ence  on  numerical  or  physical  perturbations  or  param¬ 
etric  variations. 

It  Is  quite  surprising  that  no  general  picture  exists 
on  the  topological  sequence  of  instantaneous  stream¬ 
lines  during  the  temporai  evolution  of  two-dimensional 
vortex  shedding.  How  stationary  can  separation  and 
attachment  points  be  In  unsteady  separation  bubbles 
or  during  von  Kdrman-vortex  shedding? 

It  Is  often  stated  that  during  the  vortex  shedding 
process  the  Instantaneous  se|>aratlon  and  attachment 
lines  move  on  the  body  and  anriihllate  each  other  at  the 
very  Instant  when  a  vortex  Is  shed.  However,  this  pic¬ 
ture  does  hot  fit  to  those  observations  in  surface  flow 
visuallzaflons  where  sharp  almost  stationary  separation 
lines  but  oscillating  or  blurred  attachment  lines  are 
seen  (Dallmann  &  Schewe  [3],  StOcke  [4]). 

Many  papers  have  been  published  in  recent  years 
on  topics  of  experimental'  or  numerical  visualiratlons 
of  three-dimensional  separating  flows  around  blunt  or 
tinted  bodies.  Qualitative  changes  in  the  observed 
surface" flows  were  reco'ghized  tb-occur  due  to  ctungra 
in  parameters  like  Reynolds  number,  Mach  number, 
angle  of  aftbck,  body,  shaped  etc.  A  description  of  sur¬ 
face  flow  tbbdloiiy  turned  but  to  be'a  usefull  rheahb'to 
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reduce  (he  qualitative  information  provided  by  the  sur¬ 
face  flow  data  (or  visualizations)  to  give  a  precise 
description  of  flow  changes  In  terms  of  topological 
changes.  However,  surface  flow  trajectories,  especially 
wall  shear  stress  informations  are  never  -  even  In  two- 
dimensional  flow  -  sufficient  to  conjecture  qualitative 
features  within  the  outer  (mid-air)  flow  field.  Hence,  for 
the  formation  of  a  vortex  core  -  (even  when  a  precise 
definition  would  allow  to  locate  or  define  it  in  mid-air)  - 
a  wall  shear  stress  topology  in  general  cannot  provide 
sufficient  conditions  for  a  vortex  existence.  The  so 
called  open  separation  is  one  such  striking  example 
Although  the  surface  flow  topology  in  terms  of  the  wall 
shear  stress  pattern  on  the  delta  wing  considered  in 
this  paper  or  on  a  prolate  spheroid,  does  not  change  in 
a  wide  range  of  angles  of  attack,  separated  vortices  are 
observed  on  the  leeward  side  of  the  bodies  (We 
remind  the  reader  (hat  any,  arbitrarily  weak  or  strong 
convergence  of  nelghbourmg  wall  shear  stress  trajec¬ 
tories  does  not  cause  a^  topological  change  of  that 
surface  flow). 

It  should  be  well  known  that  any  connections  of  the 
locations  of  extremum  values  of  quantities  measured 
within  sectional  planes  across  a  flow  do  not  provide  an 
information  which  is  Invariant  under  changes  of  the 
sections'  orientations.  For  Instance,  the  locus  of  maxi¬ 
mum  values  of  iso-vorticity  sectional  plots  or  hellcity 
density,  etc.,  Is  not  an  Invariant  trace  of  a  "vortex  core" 
within  a  general  three-dimensional  flow.  Therefore,  an 
invariant  definition  of  a  vortex  core  is  required  and  will 
be  used  here  and  such  well-defined  vortices  can  then 
be  considered  with  respect  to  open  or  closed  sepa¬ 
ration  lines,  wall-pressure  and  wall-heat  flux  topology, 
sectional  plane  data  etc. 

The  problem  of  thermal  loads  on  reusable  space 
vehicles  requires  an  accurate  prediction  of  the  body 
surface  heat-flux  or  temperature  distribution  It  Is  well 
known,  that  high  heat-fluxes  are  present  In  the  stag¬ 
nation  region  and  on  the  windward  side  of  blunt  hod  es. 
But,  increased  heating  can  be  also  observed  on  the 
leeward  side  caused  by  the  separated  (low.  Therefore, 
the  present  investigation  also  tries  to  throw  some  light 
on  the  relationship  between  the  qualitative  changes  ot 
the  structure  of  thermal  flow  quantities  and  the  outer 
vortex  flow  structure.  For  that  purpose  the  numerically 
simulated  flow  fields  past  a  double-ellipsoid  are  ana¬ 
lyzed. 

The  interpretation  of  the  resulting  huge  data  bases 
of  the  numerical  simulations  presented  in  this  paper  is 
done  on  SUN-graphlcs  workstations  with  the  graphic 
program  COMADI  by  Vollmers  [5]. 

Topological  desctfpUon 

of  unalaadv  aopataBon  and  vortex  shedding 

In  the  following  we  reconsider  earlier  conjectured 
structural  changes  of  instantaneous  flows  associated 
with  unsteady  two-dimensional  vortex  motion  and  flow 
separation. 

Unsteady  wakes  behind'cylinders 

Perry  et  al.  [6]  examined  the  properties  of  the 
instantaneous  streamtlne  and  streaktine  patterns 
behind  a  circular  cylinder  for  Inconipressible  low  Rey¬ 
nolds  number  (low  during  the  process  of  vortex  shed¬ 
ding.  The  instantaneous  flow  topology  had  been 
deduced  from  a  movie  of  PrandtI's  water  tunnel  exper- 
iment._.They  proposed  a  simple  model  (or,  the  vortex 
shedding'  sequence  (fig.  .2a)  ihdicatitig  instantaneous 
'vortex'  motion  when  the  observer  is  moving  with  the 
cylinder.  Sun  et  al.'  [7]  numerically  simulated  the  cylin¬ 
der  flow  for  Re  =  .1500  anrj  Afa  =  0.3.  After  analyzing 
the  topological  ^ructures.and^fthe  strudiirai  changes 
extracted  from  their  paper obtain  a  sequence  shown 


In  tig.  2b  which  is  different  to  fig  2a.  The  difference  lies 
In  the  Incipient  formation  process  of  a  vortex  behind  the 
body  before  it  starts  growing  and  will  be  shed  down¬ 
stream.  The  sequence  of  fig.  2a  leads  to  an  annihilation 
of  separation  and  attachment  lines  during  each  cycle 
of  vortex  shedding,  while  the  sequence  of  fig  2b  creat¬ 
es  a  vortex  without  annihilation  of  instantaneous  sepa¬ 
ration  and  attachment  lines  and  hence  avoids  large 
amplitude  oscillations  of  those  (primary)  separation 
lines  of  zero  skin  friction  This  is  in  agreement  with  the 
oil-flow  visualizations  shown  in  Dallmann  &  Schewe 
[3]  and  with  Stucke's  laser  visualizations  [4],  Sharp 
and  almost  stationary  separation  lines  are  observed  on 
cylinders  during  vortex  shedding!  In  addition  we 
remark  that  (he  first  vortex  which  Is  shed  from  a  cylin¬ 
der  results  from  the  sequence  shown  in  fig  1.  The  sep¬ 
arated  recirculation  zones  become  at  first  asymmetric 
before  a  global  bifurcation  (break-up  of  separatrices) 
leads  to  the  first  shed  vortex.  Hence,  the  sequence  of 
fig.  2b  exhibits  identical  global  bifurcations  of  all  the 
vortices  which  are  shed,  while  the  sequence  of  fig.  2a 
does  not.  Although  the  secondary  separations  ("sec¬ 
ondary  eddies")  in  the  higher  Reynolds  number  cases 
of  Braza  et  al.  [8]  complicate  the  topological  analysis 
considerably  the  basic  vortex  shedding  sequence  is  of 
the  type  shown  in  fig.  2b. 

Unsteady  separation  bubbles 

Fig.  3a  shows  one  commonly  considered  possibility 
how  the  Instantaneous  streamline  topology  could  (from 
a  klnematlcal  point  of  view)  change  during  unsteady 
(low  separation  associated  with  vortex  shedding  from 
single  separation  bubble.  One  recognizes  the  annihi¬ 
lation  of  separation  and  attachment  lines  during  every 
cycle  of  vortex  shedding.  A  different  model  has  been 
proposed  by  Dallmann  [9]  and  a  sketch  is  given  in  fig 
3b  It  shows  how  a  single  separation  bubble  splits  into 
(at  least)  three  Instantaneous  vorfices  and  that  a  global 
structural  flow  bifurcation  (reconnection  of  separatric¬ 
es)  leads  to  the  downstream  shedding  of  initially  two 
vortices  before  the  remaining  bubble  starts  growing 
again  with  an  almost  spatially  fixed  primary  separation 
line  Of  course,  the  instantaneous  streamline  pattern 
may  change  after  the  global  flow  bifurcation  has 
released  the  vortices  and  the  pattern  will  depend  on  the 
actual  vorticity  fields.  The  numerical  simulations  ot 
Gruber  [10]  and  Pauley  et  al  [11]  are  consistent  with 
the  model  proposed  in  fig  3b.  This  topological  model 
allows  to  understand  how  unsteady  flo,/s  may  show 
(almost)  stationary,  well  identifyable  separation  lines 
while  two-dimensional  attachment  lines  are  blurred  in 
most  flow  visualizations.  The  choice  between  sequence 
3a  or  3b  could  be  due  to  difterent  Reynolds  numbers 
No  experiment  to  clarify  this  point  is  known  to  the 
authors. 

At  this  point  we  may  introduce  a  Galilelan  invariant 
definition  of  a  vortex.  An  Instantaneous,  "swirling 
motion',  which  we  may  call  a  'vortex"  within  an  arbi¬ 
trary  Galilelan  frame  of  reference,  certainly  exists  whe¬ 
re  the  local  velocity  gradient  tensor  exhibits  complex 
eigenvalues.  Hence,  a  necessary  condition  for  Incipient 
or  local  vortex  (omiation  is  the  change  of  sign  of  the 
local  Jacobian  determl’’2nf,  and  a  sufficient  criterion  is 
fulfilled  by  having  those  complex  eigenvalues  (Dall¬ 
mann  [12],  Vollmers  [13]). 

Thrae-dl wnstenal  wake  formation  bahind  spheres 

Three-dimensional  wakes  develop  around  spheres 
or  around  axisymmetric,  bodies  eyen, at  zero  angle  of 
attack.  A  symmetry  break  of  the  axisymmetric  floiy  to  a 
three-dimensional  near  wake^flqw  necessarily  precedes 
the  onset  of  unsteady  vortex-shedding  from- a.ji^ere. 
No  ,  unsteady,,  .axisymmetric  vortex  shedding  Is 
observed.  This,  is  one  difference,  betweeri  . vortex, sheq- 
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ding  from  cylinders  In  crossflow  and  from  spheres  as 
one  Increases  the  Reynolds  number.  We  want  to  check 
whether  the  primary  separation  on  a  sphere  remains 
stationary  during  vortex  shedding  cycles. 

The  present  analysis  is  based  on  solutions  of  the 
complete,  time-dependent  viscous  equations  of  motion 
for  a  thermal  and  caloric  perfect  gas  The  dimension¬ 
less  parameters  governing  the  flow  field  (Re,  Ma,  Pr) 
are  defined  In  the  usual  way  where  the  sphere  diameter 
is  the  characteristic  length  The  free  stream  Mach 
number  Is  set  to  Ma  =  0  4.  As  Initial  condition  the 
Impulsively  started  body  is  employed  where  the  initial¬ 
ization  Is  done  with  the  freestream  quantities. 

To  solve  the  equations  of  motion  numerically, 
implicit  finite-difference  schemes  of  Beam  and  Warming 
type  are  employed  which  are  second  order  accurate  In 
space.  The  axisymmetric  flow  is  computed  by  a  fully 
implicit  scheme  with  second  order  accuracy  In  time 
(MQIIer  [14]),  the  three-dimensional  flow  is  computed 
by  a  hybrid  Implicit/explicit  method  with  first  order 
accucary  in  time,  which  was  Initially  developed  by  Rle- 
delbauch  &  MQIIer  [15]  and  extended  to  a  fully  implicit 
scheme  with  second  order  accuracy  by  Schulte-Wem- 
ing  [16].  Fourth-order  damping  terms  are  added 
explicitly  to  damp  high  frequency  oscillations,  second- 
order  damping  terms  are  added  Implicitly  to  extend  the 
stability  range  of  the  algorithm.  For  the  axisymmetric 
calculations  an  0-type  grid  with  111x111  grid  points  is 
used,  while  the  three-dimensional  calculations  shown 
In  this  paper  are  performed  on  a  spherical  grid  system 
with  71  X  71  X  71  points.  For  a  better  resolution  of  the 
physical  situation  the  grid  points  are  exponentially 
clustered  in  the  boundary  layer  (at  Re  -  500  there  are 
approximately  15  points  within  the  boundary  layer)  and 
near  the  rear  symmetry  line. 

In  fig  4a  we  show  the  steady  flow  structure  at  sep¬ 
aration  as  a  result  of  an  unsteady  simulation  of  axi- 
symmetrie  flows  for  Re  =  300,  600  and  1000.  Flow  sep¬ 
aration  at  the  rear  stagnation  point  starts  at  Re  ^  10 
and  the  now  appearing  closed  axisymmetric  separation 
line  moves  upstream.  Above  Re  =  500  secondary  sep¬ 
aration  (fig.  4b)  takes  place  which  leads,  due  to  another 
bifurcation  in  the  flow  field.  Into  multiple  structured 
recirculation  zones. 

Fig.  5a  shows  the  non-axisymmetric  and  steady 


We  are  finally  interested  In  finding  out  if  and  how 
topological  changes  In  the  wall-flow  pattern  are  related 
to  the  wake  flow  unsteadiness.  Fig.  6  shows  a  time-se¬ 
quence  of  calculated  skin-frictlon  patterns.  Analyzing 
the  associated  topology  at  each  time  level  leads  to  a 
minimum  Strouhal  number  based  on  the  topological 
changes  of  the  wall  vorticity  distribution  (skin-friction 
pattern)  of  Sf  a  0.036.  This  value  is  much  smaller  than 
the  experimental  value  based  on  force  measurements 
or  wake  flow  visualizations  (see  Clift  et  al.  [17],  page 
107)  which  Is  about  St «  0.2.  Hence,  in  order  to  get  this 
experimental  value  In  agreement  with  the  simulation, 
the  sequence  of  topological  changes  shown  In  fig.  6  has 
to  appear  on  a  tlme-lntervall  of  AT  =  St~'  =  5  which  is 
shorter  then  the  invervall  chosen  for  two  successive 
plots  in  fig.  6. 

We  would  like  to  emphasize,  that  the  stationarity  of 
the  primary  separation  line,  the  three-dimenslonallty 
which  proceeds  unsteadiness  and  the  topological 
(rather  than  quantitative)  changes  of  the  skin-frictlon 
pattern  have  to  be  in  agreement  with  experiments  at 
first,  before  quantitative  agreements  can  be  achieved. 
We  should  mention,  that  recent  incompressible  calcu¬ 
lations  of  Shlrayama  &  Kuwahara  [18]  on  a 
200  X  100  X  81  O-type  grid  had  an  effect  on  the  Strouhal 
number.  At  Re  =  500  two  modes  with  Sfi  =  0.125  and 
Sf}  =  0.204  were  Identified,  while  for  a  50  x  SO  x  81  grid 
they  resolved  a  Strouhal  number  St  ~  0.133  based  on 
lift  force  data.  Results  for  Re  =  750  are  given  by 
Schulte-Weming  In  [16]  (see  also  [19]  [20])  where, 
according  to  the  axisymmetric  flow  calculations  shown 
in  fig.  4b,  three-dimensional  secondary  separations 
arise  and  a  considerable  spatial-temporal  complexity 
of  the  flow  Is  recognized  In  the  separated  flow  region 
only. 

Fig.  7  is  attempt  to  Indicate  that  the  near  wake  flow 
behind  a  sphere  becomes  three-dimensional  before 
vortex  shedding  sets  in.  As  soon  as  the  so  called  sin¬ 
gular  streamsurface  which  initially  trapped  the  near¬ 
wake  bubble  breaks  up  due  to  Instability  above  a  cer¬ 
tain  Reynolds  number,  the  resulting  horseshoe-type 
vortices  will  exhibit  streamwise  vorticity.  This  behav¬ 
iour,  seen  in  experiments,  has  been  visualized  via  vor- 
tex-llne  integration  by  Shlrayama  &  Kuwahara  [18] 
[21]  as  well  as  by  Schulte-Weming  &  Dallmann  [16] 
[1]  (fig.  8a)  where  also  vortex  line  reconnection  in  the 


skin-friction  patterns  of  the  three-dimensional  flow 
around  the  sphere  as  seen  by  an  upstream  view  onto 
the  rear  for  Re  =  200,  300  and  400.  A  plane  of  flow 
symmetry  forms  which  is  not  Imposed  by  the  numerics. 
Sectional  streamlines  in  a  plane  of  symmetry  which  Is 
seen  In  fig.  5b,c  are  shown  in  fig.  5d  for  Re  =  400.  Even 
for  Re  =  100  a  pure  axisymmetric  solution  (which  is 
topologically  unstable  against  three-dimensional  per¬ 
turbations)  at  the  separation  line  Is  not  obtained  but 
small  Inherent  perturbations  of  the  numerical  algorithm 
caused  a  bifurcation  to  the  corresponding  topologically 
stable  three-dimensional  flow  behaviour  with  a  small 
overlying  swirl  near  the  separation  line.  For  increasing 
Re  this  line  moves  upstream  approximately  to  the 
equator  of  the  sphere.  During  this  movement  a  spatial 
symmetry  break  occurs,  which  was  not  imposed  In  the 
boundary  conditions  but  may  be  regarded  as  a  second 
answer  of  an  unstable  flow  behaviour  to  numerical  per¬ 
turbations.  A  simitar  behaviour  will  lead  to  three-di¬ 
mensional  wakes  in  experiments.  The  now  visible  flow 
pattern  on  the  wall- indicates  that  a  three-dimensional 
flow  has  formed  and  exhibits  instantaneous  saddle- 
nddesaddle  and  node^ddienode  bifurcations  along 
the  almost  circular  and  almost  stationary  (I)  separation 
line  and  within  the  'separated'  flow  region,  while  the 
rear  stagnation  point  moves  off  the  geometrical  Mis.  It 
Is  of  interasi  that  the  boundary  fayer  in  the  iattached 
flow  region  upstream  of  the  separatioii  line  retnalns 
fairly  axisymmetric. 


near  wake  has  been  observed.  The  streamwise  oriented 
vorticity  in  the  wake  Induces  two  streamwise  oriented 
vortices,  i.e.  helically  swirling  motions  In  the  velocity 
field.  Fig.  8b  helps  to  Identify  these  vortices  by  plotting 
regions  of  complex  eigenvalues  of  the  velocity  gradient 
tensor.  This  definition  of  a  vortex  will  be  considered  in 
more  detail  next. 


Open  separation  and  voilex  core  formation 
In  a  flow  around  a  delta  wing 

We  are  Interested  in  the  determination  of  three-di¬ 
mensional  vortices  and  vortex  cores  caused  by  so 
called  open  flow  separation  from  a  round  edged  delta 
wing. 

The  following  discussion  is  based  on  a  numerical 
simulation  of  the  compressible  transitional  flow  around 
a  round  edged  delta  wing  at  a  Reynolds  number 
Re  =  4.5x  10*.  a  Mach  number  M„  =  0.85  and  an 
angle  of  attack  a  =  1(1°  in  a  Newtonian  fluid.  (See  also 
the  paper  of  Hitgenstock  &  Vollmers  [22]). 

For  the  freestream  conditions  described,  the  flow 
around  a  delta  wing  Is  domlnated  by  a  primary  vortex 
separating  close  to  the  leading  edge  of  the  wing. 
Because  of  the  spanwise  pressure  gradlenf  a  second¬ 
ary  vortex  Is  generated  below  the  primary  vortex. 
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It  turned  out  that  for  quantitative  comparisons 
between  the  different  experiments  as  well  as  between 
experimental  and  numerical  simulations  a  precise 
determination  of  the  transition  location  Is  crucial  The 
transition  location  for  the  present  investigation  is  kept 
at  2  5%  local  chord  of  the  delta  wing 

The  complete  Navier-Stokes  equations  are  inte¬ 
grated  with  a  finite  volume  four-stage  Runge-Kutta 
method.  Extrem  clustering  of  grid  points  near  the  lead¬ 
ing  edge  is  chosen  in  order  avoid  possible  vorticily 
generation  due  to  numerical  (resolution)  errors.  The 
boundary  layer  along  the  plane  of  symmetry  is  resolved 
by  up  to  30  node  points.  The  turbulent  flow  calculations 
are  based  on  an  algebraic  turbulence  model  For 
details  see  [22]  [23] 

A  perspective  view  of  the  wing  and  of  the  leeward 
vortices  Is  shown  In  fig  9.  The  skin-friction  pattern  dis¬ 
played  in  fig.  10  delivers  first  informations  in  order  to 
detect  flow  separation.  A  so  called  open  separation  line 
forms  at  about  25%  root  chord  on  the  upper  side  of  the 
wing  surface  very  close  to  the  leading  edge.  Skin  fric¬ 
tion  lines  which  reach  the  leeward  side  turning  around 
the  leading  edge  between  0%  and  10%  root  chord  do 
not  enter  the  region  below  the  primary  vortex  They 
stay  between  the  plane  of  symmetry  and  a  so  called 
primary  attachment  line.  Only  the  skin  friction  lines 
which  enter  the  leeward  side  between  10%  and  25% 
root  chord  will  be  trapped  below  the  primary  vortex 
Fig.  to  also  shows  that  the  wall-pressure  minimum  is 
not  at  all  In  the  region  of  separation  line  formation.  For 
the  rounded  leading  edge,  however,  the  primary  sepa¬ 
ration  is  not  fixed  at  the  leading  edge,  and  depends 
strongly  on  the  geometry  of  the  leading  edge,  the 
sweep  angle,  the  transition  from  laminar  to  turbulent 
flow  and  so  forth. 

Let  us  now  display  the  vortex  core  above  the  wing 
Figs  1  fa-d  show  especially  selected  streamlines  within 
the  primary  and  secondary  vortex  cores.  How  can  we 
define  the  location  of  such  "vortex  cores"  when  open 
flow  separation  takes  place?  We  make  use  of  an  ana¬ 
lytical  definition  of  a  vortex  already  mentioned  above 
Dallmann  [12]  and  Vollmers  [13]  have  suggested  to 
locate  vortices  in  regions  where  the  velocity  gradient 
tensor  gradv  exhibits  complex  eigenvalues  and  the 
only  one  existing  real  eigenvector  defines  the  local  axis 
of  rotation  of  the  fluid  as  seen  by  an  observer  moving 
with  the  flow.  Fig  11a  shows  this  region  for  the  flow  In 
the  vortex  core  above  a  round  edged  delta  wing  The 
findings  of  Vollmers  [13],  the  studies  of  Shlrayama 
[24]  and  Levy  el  al.  [25]  as  well  as  the  basic  consider¬ 
ations  of  vortex  structures  and  vorticily  field  topology 
by  Dallmann  [26]  suggest  that  vortex  cores  also  exhibit 
regions  of  strong  vortex  stretching,  by  locally  Increas¬ 
ing  the  parallel  alignment  of  local  velocity  vector  and 
vorticily  vector  and  maximizing  helicity  density. 

After  having  identified  "vortices"  other  flow  quanti¬ 
ties  like  local  Mach  number,  static  pressure  and  total 
pressure  loss,  etc.,  are  now  considered  in  selected 
planes  normal  to  the  plane  of  symmetry.  Also  the  core 
streamlines  are  displayed  to  relate  the  vortex  to  local 
minima  and  maxima  of  the  above  quantities.  As  men¬ 
tioned  In  the  introduction  a  trace  connecting  such 
extremum  values  within  sectional  planes  in  general 
cannot  serve  to  locate  a  'vortex  core".  However,  in  the 
special  case  of  a  delta  wing  flow  the  gradients  of  the 
above  mentioned  quantities  within  cross-sections  are 
much  larger  than  along. the  vortex  core  (defined  by  (he 
region  of  complex  eigenvalues  of  the  velocity  gradient 
tensor).  Hence,  only  in  such  a  case  the  non-invariant 
sectional  data  analysis  turns  out  to  be  useful-after  hav¬ 
ing  Identified  the  vortex  cores  by  invariant  means. 
Looking  at  any  sectional- data  or  sectional  streamlines 
without  additional  information  about  the  location  o1 
core  streamlines  might  be  misleading 


Fig.  11b  shows  the  total  pressure  loss  In  several 
planes  between  50%  and  90%  root  chord.  The  maxi¬ 
mum  total  pressure  loss  is  very  much  aligned  with  the 
primary  vortex  core.  Fig.  11c  shows  that  the  vortex  core 
Is  not  related,  to  the  maximum  of  the  local  Mach  num¬ 
ber,  but  Is  rather  accompanied  by  a  local  saddle  point 
between  two  maximum  values.  The  maximum  Mach 
number  value  located  above  the  vortex  core  is  due  to 
high  mainflow  velocity,  the  maximum  below  is  due  to 
high  cross-flow  velocity  Further  analysis  of  the  data 
(not  displayed)  In  planes  between  10%  and  90%  root 
chord  shows  that  the  vortex  core  Is  aligned  with  a  local 
static  pressure  minimum  and  a  density  minimum  A 
maximum  entropy  increase  is  also  approximately 
aligned  with  the  vortex  core  (fig.  11d). 

As  fig.  9  Indicates,  the  steady  streamlines  roll  up 
around  a  vortex  core.  However,  they  do  not  converge 
towards  an  axis  within  the  vortex  core  On  the  other 
hand,  the  experimental  findings  of  Engler  [27]  for  sub¬ 
sonic  flow  clearly  Indicate  that  the  vorticity  is  concen¬ 
trating  in  a  sheet  which  roils  up  until  it  winds  around  a 
core.  Successlv  windings  have  been  identified  by  use 
of  an  ultrasonic  laser  measuring  system  Shirayama 
[24]  has  integrated  the  vorticity  lines  of  a  numerical 
incompressible  Navier-Stokes  simulation  of  the  laminar 
flow  around  a  sharp  edged  della  wing  at  Re  ~  tOOOO. 
a  =  30°  The  flow  turned  out  to  be  unsteady,  while  the 
results  presented  here  show  a  steady,  transitional, 
transonic  flow.  We  wanted  to  find  out  how  the  vorticity 
behaves  in  our  flow  field.  Fig  12a  Indicates  that 
jcurfvl  plotted  In  five  sections  across  the  wing  gradu¬ 
ally  "separates"  out  of  the  boundary  layer  near  the 
leading  edge.  A  local  extremum  value  of  vorticily  Is 
squeezed  off  downstream  of  about  45%  root  chord 
location.  Further  downstream  this  maximum  develops 
a  plateau  of  vorticily  which  Is  closely  aligned  with  the 
vortex  core  defined  above  No  roll-up  of  a  vortex  sheet 
is  recognized  In  our  transitional,  steady,  transonic  flow 
simulation.  Fig.  12b  shows  that  helicity  density  maxi¬ 
mizes  at  the  same  location  as  vorticily  doe.s 

Our  delta  wing  has  a  round  leading  edge  and  the 
separation  lines  are  neither  fixed  to  certain  critical 
points  In  the  skin-friction  pattern  nor  do  they  leave  from 
the  wing  tip.  By  the  help  of  fig.  13  we  Intend  to  show  the 
following.  If  there  were  critical  points,  like  those  shown 
in  fig.  14  (bottom  case)  we  would  follow  the  so  called 
singular  sireamsurface  defined  by  the  special  set  of 
streamlines  leaving  or  reaching  the  critical  points.  Ot 
course,  the  local  axis  of  the  developing  vortex  would 
start  at  a  focus  on  the  wall  (or  at  a  globally  winding 
node).  However,  a  local  axis  of  the  vortex  leaving  the 
focus  or  node  does  not  necessarily  tollow  the  single 
streamline  that  leaves  the  focus! 

The  singular  sireamsurface  SS2  may  fold,  unfold,  it 
may  show  so  called  focal  windings  [12]  [26]  with 
sireamsurface  singularities.  Its  behaviour  Is  a  result  of 
the  vorticity  field  induction.  The  nodal-point  /  saddle- 
point  combination  (F  —  5)  on  the  wall  may  also  annihi¬ 
late.  No  critical  points  are  then  left  on  the  wall  (see  fig. 
14  two  middle  cases).  However,  separated  vortices  are 
still  present  and  the  difficulty  arises  how  to  trap  vortic¬ 
es  and  vortex  cores  by  proper  streamline  integration 
The  same  problem  arises  for  vortex-line  integration.  At 
the  time  being  no  topologically  defined  "skeleton"  of  a 
vortex  caused  by  open  flow  separation  can.be  given 
other  than  the  vortex  core  definition  by  complex  eigen¬ 
value  as  discussed  above.  Fig.  13  also  Indicates  that 
there  may  be  regions  (for  Instance  the  vortex  core 
region)  where  streamlines  are  fed  in  via  a  narrow  gap 
of  initial  points  only.  This  Is-an  Important  issue  for  flow 
visualizations.  (See  the  paper  of  Hilgenstock  &  Vollmers 
[22]). 

Thermal  "footprints'  on  a  wait  of  separating  vortic¬ 
es,  with  interactions  of'closed  and  open'separations 
(Wang  ef  al.  [28]),  are  considered  liexf. 
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8>iMiHited  vei«c««  and  wll  h>«t  flu»«t 
In  h 

at  vrioun  nnnlnt  of  attack 

The  hypersonic  flow  past  a  double-ellipsoid  is 
experimentally  Investigated  a*  CEAT  and  numerically 
simulated  for  comparison  and  validation  purposes  ot 
both  numerics  and  experiments.  This  geometry  was  a 
testcase  tor  the  Workshop  on  Hypersonic  Flows  for 
Reentry  Problems,  too.  The  comparison  of  exper¬ 
imentally  and  numerically  determined  flow  field  data 
agrees  well.  This  Is  also  true  lor  the  heat  flux  In  the 
symmetry  plane  being  a  very  sensitive  quantity.  (No 
other  locations  of  quantitative  values  of  the  heat  flux 
are  available  so  far  from  the  experimentalists).  The 
assumption  ot  laminar  flow  is  in  accordance  with  the 
experiments.  The  windtunnel  conditions  are'  Mach 
number  =  8.15,  freestream  stagnation  temperature 
To  =  800  K,  isothermal  wall  Tw/T,  &  0.37,  Reynolds 
number  Ra„  =  960000  with  the  characteristic  length  L 
equal  to  the  large  half  axis  of  the  base  ellipsoid  and  a 
ratio  of  the  specific  heats  y  =  1.4.  Flow  field  solutions 
are  obtained  for  angles  of  Incidence  a  =  0“,  20°,  25°. 
30°,  35°,  40°. 

The  basic  equations  under  consideration  are  the 
unsteady  Navier-Stokes  equations  In  thin-layer  approx¬ 
imation.  An  unsteady  approach  is  necessary  for  the 
double-ellipsoid  simulations  since  the  flow  field  con¬ 
tains  a  subsonic  area  in  the  stagnation  region  of  the 
base  ellipsoid  besides  the  subsonic  part  of  the  bound¬ 
ary  layer.  In  this  case  the  governing  equations  exhibit 
an  elliptic  behaviour  requiring  a  time  marching  solution 
procedure.  The  use  of  a  constant  time-step  In  the  whole 
flow  field  allows  the  computation  of  an  unsteady  flow 
behaviour.  Otherwise,  the  time-stepping  approach 
(usually)  converges  the  flow  field  to  a  steady  state. 

The  equations  are  solved  numerically  via  a  (mite 
difference  scheme  on  a  surface  oriented  grid  system. 
The  bow  shock  is  considered  to  be  one  boundary  of  the 
computational  space,  where  a  shock-fitting  procedure 
is  applied.  Thus,  one  result  of  the  solution  is  the 
location  of  the  bow  shock  On  the  other  hand  the 
shock-fitting  approach  requires  a  reliable  updating  of 
the  entire  mesh  after  each  time  step.  This  is  done  in  an 
algebraic  manner.  Details  of  the  numerical  procedure 
are  given  In  [29]. 

So  far,  we  are  not  interested  in  flow  field  simu¬ 
lations  with  an  angle  of  yaw.  Thus,  a  symmetry  piano 
has  been  Introduced  to  reduce  the  computational  effort. 
A  simple  extrapolation  formula  d’q/df’  =  0  Is  chosen  at 
the  outflow  boundary  in  the  supersonic  region  modell¬ 
ing  the  outgoing  signal  propagation.  This  Is  also  done 
in  the  subsonic  part  of  the  boundary  layer  where  (he 
steady  flow  is  assumed  to  be  governed  by  parabolic 
equations.  Thus,  the  present  solutions  do  not  include 
the  base  flow  and  the  wake  probably  being  unsteady. 
The  number  of  grid  points  for  zero  angle  of  incidence 
is  392000  and  for  all  the  other  cases  It  is  315000.  For 
a  =  0°  the  distribution  of  the  points  in  near  wall  normal 
direction  Is  chosen  such  that  the  boundary  layer  and 
the  slip  surface  downstream  of  the  shock  bow  shock 
interaction  are  resolved.  For  the  other  angles  of  Inci¬ 
dence  no  fine  mesh  near  the  bow  shock  Is  Uued 
because  the  bow  shock  is  not  longer  interacting  with 
the  embedded  shock. 

The  flow  field  is  characterized  by  a  separated  flow 
region  as  well  as  an  embedded  shock  caused  by  the 
second  ellipsoid  (canopy).  The  strengh  of  this  canopy 
shock  varies  due  to  the  different  angles  of  incidence. 
This  variation  also  causes  changes  of  the  footprints  of 
the  flow  which  are  investigated  in  the  following. 

Fig.  14a  displays  the  structure  of  the  skin-friction 
lines  calculated  for  various  angles  of  incidence  a  =  0°, 


25°,  30°  and  40°.  Superimposed  we  have  plotted  the 
local  wall  heat  fluxes  by  mapping  It  onto  a  grey  scale 
where  maximum  values  appear  bright.  Strong  local 
maximum  values  of  wall  heat-fluxes  appear  in  the  front 
stagnation  region  at  every  angle  of  Incidence 
Increased  healing  appears  In  regions  of  flow  attach¬ 
ment  on  the  canopy  at  a  =  0°. 

Fig.  14b  shows  selected  streamlines  of  the  solutions 
which,  according  to  the  behaviour  of  the  numerical 
residuum  have  converged  to  a  steady  state.  At  a  =  0° 
a  horseshoe-type  vortex  flow  separation  Is  indicated  by 
the  skin-frictlon  behaviour  In  front  of  the  canopy:  It  is 
clearly  a  closed  type  of  flow  separation.  A  second  vor¬ 
tex  flow  develops  on  top  of  the  canopy  according  to  fig 
14b  for  increasing  a  which  Is  of  the  open  type  according 
fig.  14a.  No  critical  points  of  separtlon  can  be  identified 
along  skin-friction  lines  D.  At  a  =  0°  two  further  open 
type  separations  may  be  conjectured  from  local  wall 
shear  stress  convergence  at  B  and  C. 

The  flow  topology  changes  between  a  ==  0°  and 
a  =  40°  where  we  recognize  that  the  former  closed 
separation  line  of  the  horseshoe  vortex  has  changed 
into  an  open  type  In  order  to  describe  the  correct  outer 
flow  topology  it  Is  necessary  to  Identify  all  the  critical 
points  within  the  flow  field.  Wall-flow  analysis  Is  not 
sufficient  (see  Dallmann  [12]  and  Kordulla  et  al  [30]. 
see  also  Chong  et  al  [32]  where  'deformation  tensor" 
has  to  be  replaced  by  'velocity  gradient  tensor"). 

Hence,  we  locate  the  other  critical  points  in  the 
velocity  field.  They  appear  in  the  plane  of  flow  symme¬ 
try  In  front  of  the  canopy  (fig.  15).  It  Is  seen  that  clas¬ 
sical  types  of  horseshoe-vortex  'footprints'  appear  in 
this  section:  Footprints  of  three  vortices  are  seen  at 
a  =  0°  and  30°  (perhaps  there  are  additional  smaller 
ones  right  in  the  comer,  possibly  due  to  Insufficient 
numerical  resolution).  At  a  =  40°  only  one  vortex  Is 
indicated.  We  recognize  that  there  Is  local  flow  attach¬ 
ment  (instead  of  flow  separation!)  In  front  of  the  canopy 
on  the  bottom  ellipsoid.  Based  on  these  observations 
we  make  use  of  the  elementary  topological  structures 
developped  In  Dallmann  [26]  in  order  to  define  a  skel¬ 
eton  of  the  complex  vortex  flow.  The  sketched  parts  of 
fig.  15  are  an  attempt  to  show  how  the  horseshoe-type 
vortices  associated  with  closed-type  separation  lines 
and  other  open-type  flow  separtlons  interact  and 
change.  One  recognizes  that,  due  to  vortex-vortex 
interaction  away  from  the  wall  via  Blot-Savart  induction, 
vortices  caused  by  open-type  separation  (no  critical 
points  Involved)  are  trapped  by  the  singular  stream- 
surfaces  defined  by  closed-type  flow  separations 
(ensembles  of  critical  points  Involved).  However,  this  is 
just  a  lucky  event  because  the  closed-type  horseshoe 
vortices  are  present  in  our  case  due  to  the  canopy. 
Otherwise  wa  are  left  with  the  same  problems  of 
detecting  vortex  cores  and  proper  streamline  inte¬ 
gration  as  stated  In  the  last  section.  Fig.  16  gives  an 
Impressive  sequence  of  oil-flow  visualizations,  where 
due  to  different  nose  configurations  closed-  and  open- 
type  primary  and  secondary  separations  appear  simul¬ 
taneously  and  combine  with  each  other. 

tn  fig.  17  we  have  piotted  regions  of  complex 
eigenvalues  of  the  velocity  gradient  tensor  again  in 
order  to  locate  vortex  cores.  Here  the  in-plane  swirling 
motion  has  been  excluded  In  such  a  way  that  only  the 
streamwise  vortical,  swirling  motion  within  sections 
normal  to  each  streamline  Is  considered. 

We  are  finaily  interested  in  the  relationship  between 
the  structure  of  the  vortex  flow  (defined  on  the  basis  of 
the  steady  velocity  field)  and  the  thermal  lopds  on  the 
body.  In  fig.  18  we  show  for  a  =  40®  plots  of  skln-Mctlon 
patterns  and  wall-parallel  gradients  of  the  lii^t  flux 
across  the  Isothermal  boundary  (in  fig.  18b,c,<i,e 
superimposed  on  skin-friction  pattern).  Based  on  figs. 
14,  18  we  Identify  two  special  features:  First  we  recog- 
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nize  that  the  maximum  heat  fluxes  may  appear  consid¬ 
erable  distances  away  from  stagnation  points  (fig. 
IBd.e)  and  that  It  is  not  correct  to  assume  that  maxi¬ 
mum  heat-flux  values  are  always  associated  with  stag¬ 
nation  points  In  three-dimensional  flowsi  As  a  matter 
of  fact,  there  are  two  local  minimum  heat-flux  regions 
on  starboard  and  port  In  front  of  the  canopy  In  regions 
(fig  18e)  where,  according  to  fig,  14b  and  18a  the 
external  velocity  neld  Is  directed  towards  the  base 
ellipsoid  In  a  swirling  motion.  The  last  feature  is  not 
observed  at  the  low  angles  of  Incidence.  In  conclusion 
we  And  that  both,  oil-flow  visualizations  and  heat-flux 
visualizations,  are  required  simultaneously  and  one 
information  does  not  allow  to  confecture  the  other. 

Conctuslons 

1.  The  sequence  of  topologies  of  Instantaneous 
velocity  fields  of  unsteady  wakes  behind  cylinders 
has  been  studied.  We  recognize  that  numerical 
simulations  of  the  flow  around  a  cylinder  at 
Re  =  1500,  Me  =  0.3  [7]  show  a  sequence  which  is 
essentially  different  to  one  deduced  [6]  from 
Prandtl's  experiment.  There  is  no  annihilation  of 
Instantaneous  separation  and  attachment  points 
during  a  vortex  shedding  cycle. 

2.  A  topological  model  is  proposed  which  allows  that 
separation  lines  may  be  (almost)  stationary 
although  unsteady  vortex  shedding  from  sepa¬ 
ration  bubbles  occurs. 

3  The  numerical  simulations  of  the  flow  around  a 
sphere  exhibit  a  stationary  separation  line.  This 
line  Is  almost  circular,  the  attached  flow  remains 
almost  axisymmetric  while  the  separated  flow 
region  and  the  wake  become  three-dimensional 
prior  to  the  onset  of  vortex  shedding.  Periodic 
topological  changes  of  the  instantaneous  skin-fric¬ 
tion  patterns  are  observed  within  the  separated 
flow  region. 

4  'Vortex  cores'  as  well  as  'vortices'  in  general 
swirling  flows  can  be  located  by  identifying  regions 
where  the  velocity  gradient  tensor  exhibits  com¬ 
plex  eigenvalues  The  laminar  wake  behind  a 
sphere  In  subsonic  flow,  the  transitional  transsonic 
flow  around  a  round-edged  delta  wing  and  the 
laminar  hypersonic  flow  past  a  double-ellipsoid 
served  as  examples 

5.  Maximum  values  of  the  heat  flux  across  the  wall  in 
general  compressible  flows  do  not  appear  at  stag¬ 
nation  points  of  the  velocity  field  topology, 
although  they  may  occur  nearby  The  wall  shear 
stress  topology  and  the  wall  heat  flux  topology  do 
not  have  coinciding  critical  points  In  general 
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Fla.  1  Topological  change  leading  from  a  steady,  symmetrical  near  wake  bubble 
via  an  asymmetric  flow  to  unsteady  vortex  shedding  (global  bifurcation) 


Fig.  7  Topological  structure  of  (a)  two-dimensional  or  axi- 
symmetrlc  separated  How  with  secondary  separation 
and  (b)  onset  of  three-dimensional  separation. 
Torus-llke  vortex  rings  (c)  break  up,  azimuthal  flow 
develops  and  horseshoe-lype  vortices  (d)  form. 


Ftg.  12  Sectional  plots  of  iso-vorticity  (a)  and  Iso^hellcity  density  (b)  on  transonic  delta  wing. 
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SUMMARY 

High  Reynolds  number  laminar  flow  of  an  incom'* 
pressible  fluid  past  a  slender  delta  wing  at 
incidence  is  considered.  An  interactive  viscous- 
invlscld  calculation  Is  carried  out  to  determine 
the  secondary^separaclon  flow  properties  on  the 
wing  The  overall  interactive  procedure  includes  a 
modification  to  the  leading>-edge  voreex-sheet 
configuration  which  represents  the  primary  separ*> 
ation.  Encouraging  comparisons  are  made  with 
experiment. 

1.  INTRODUCTION 

In  this  paper  we  are  concerned  with  Che  secondary 
separation  which  occurs  on  the  upper  surface  of  a 
thin  slender  delta  wing  placed  at  incidence  in  a 
uniform  stream  The  fluid  is  assumed  to  be  incom¬ 
pressible.  the  flow  laminar.  Our  starting  point  is 
the  inviscid.  conical  flow  solution  for  primary 
separation,  in  which  spiral  vortices  roll  up  from 
the  leading  edge  of  the  wing,  based  on  the  model  of 
Smith  (Ref.  1).  With  Che  pressure  field  and 
surface  velocities  given  from  this  configuration, 
we  solve  the  interactive  boundary-layer  equations 
over  Che  wing  surface  and  along  Che  leading-edge 
vortex  sheet.  Although  the  interactive  equations 
are  multi-structured  we  treat  them  in  the  manner 
set  out  by  Veldman  (Ref.  2)  for  two-dimensional 
flows.  This  means  chat  the  main  viscous  layer,  and 
much  thinner  sub-layer  are  accommodated  within  the 
classical  boundary-layer  thickness.  Riley  (Ref.  3) 
has  shown  that  at  high  Reynolds  numbers,  the 
interaction  in  the  situation  under  consideration  is 
largely  two-dimensional  in  nature.  This  is 
reflected  in  the  form  the  interaction  law  cakes 
The  transverse  component  of  slip  velocity  at  the 
wing  surface,  that  is  the  component  perpendicular 
to  the  separation  line,  is  modified  in  the  inter¬ 
action.  The  corresponding  modification  to  the 
radial  component  is  based  upon  the  conical  flow 
assumption  for  the  outer  Inviscid  flow.  The 
viscous  displacement  velocity  is  represented,  for 
the  outer  Inviscid  flow,  as  a  source  distribution 
along  the  wing  and  the  sheet.  This  source 
distribution  modifies  the  outv*r  inviscid  flow, 
which  is  re-calculated  to  give  new  positions  and 
strengths  for  Che  leading-edge  vortex  configur¬ 
ation.  Ve  now  have  a  new  inviscid  flow-field  with 
which  to  carry  out  the  interactive  calculation. 

This  process  Is  repeated  until  a  converged  solution 
is  achieved. 

Earlier  models  of  the  secondary  separation  pheno¬ 
menon  include  the  inviscid  models  of  Nutter  (Ref. 

A)  and  Bruin  and  Hoeijmakers  (Ref.  5).  In  these 
models  the  secondary  separation  is  represented  by  a 
spiral  vortex  sheet  that  leaves  the  wing  surface 
smoothly,  with  the  Inviscid  secondary  separation 
line  fixed  arbitrarily  on  it.  The  solutions 
presented  by  these  authors  differ  to  the  extent 
that  they  appear  to  belong  to  different  solution 
branches.  And  in  t^ls  respect  ve  note  chat  Nutter 
did  find  dual  solutions  for  his  isolated  vortex 
models  of  secondary  separation.  Nutter  combined 
his  invl.scld  model  with  a  boundary-layer  calcul¬ 
ation  vdiich  is  used  to  fix  the  position  of  flow 
separation  by  varying  the  position  of  the  inviscid 
separation  line  until  the  boundary  layer,  develop¬ 
ing  in  the  given  inviscid  flow  field,  separates  at 
the  line  of  inviscid  flow  separation.  In  Ref.  5 
solutions  are  presented  for  varying  position  of  the 
Inviscid  separation  line,^  including  that  for 


'smooth*  separation  which  is  equivalent  to  Nutter's 
solution.  There  Is  some  experimental  evidence,  in 
the  water  tunnel  experiments  of  Thompson  (Ref  6). 
which  is  in  favour  of  the  inviscid  flow  models. 
However  Che  pressure  distributions  which  result 
from  them  are  quite  different  from  any  that  have 
been  observed  in  practice. 

Experiments  by,  for  example,  Harsden  ec  al  (Ref. 

7),  Hummel  (Ref  8),  clearly  show  the  secondary 
separation  phenomenon,  and  in  particular  that  the 
full  pressure  recovery  beyond  separation,  of  Che 
inviscid  models,  is  not  achieved.  The  results  we 
have  obtained  show  qualitative  agreement  with  Che 
measured  pressure  distributions  over  the  wing 
Thus  the  suction  rises  to  a  peak  value  beneath  Che 
vortex  core  and  after  only  a  small  pressure 
recovery,  to  the  point  where  secondary  separation 
cakes  place,  there  is  a  pressure  plateau  up  to  Che 
leading  edge.  Over  the  Reynolds  number  range  for 
which  we  have  obtained  solutions  our  pressure 
distributions  display  a  conical  character  which  is 
not  a  feature  of  the  experimentally  obtained 
results.  For  example,  the  experimental  pressure 
measurements  of  Hummel  cannot  be  said  Co  exhibit 
any  conical  features  Pressure  levels  increase 
monoConically  from  the  apex  to  the  trailing  edge. 
Our  predicted  pressures  are  higher  than  the 
experimental  values  over  the  forward  part  of  the 
wing,  and  lower  than  Chose  over  the  rear  portion. 

By  contrast,  geometric  features  of  the  real  flows 
do  exhibit  conical  flow  properties,  and  our 
estimates  of  the  positions  of  the  secondary 
separation  line  and  the  vortex  cores  show  good 
agreement  with  experiment.  We  may  conclude  that 
our  model  of  the  secondary  separation  phenomenon  is 
a  significant  improvement  upon  earlier  models,  and 
displays  the  main  flow  features  chat  we  attribute 
to  secondary  separation. 

2.  MATHEMATICAL  TREATMENT 

The  problem  ve  address  is  that  of  high  Reynolds 
number,  steady,  laminar  flow  of  an  incompressible 
fluid  past  a  slender,  thin  delta  wing,  of  semi-apex 
angle  y  at  Incidence  o  to  a  uniform  stream, 
speed  U.  It  is  assumed  that  a  -*  a/y  -  0(1).  A 
consequence  of  the  high  Reynolds  number  assumption 
Is  that  we  may  expect  viscous  effects  to  be  con¬ 
fined  to  the  neighbourhood  of  the  wing  and  shear 
layers  in  the  flow  Vorticity  is  generated  in  the 
boundary  layers  and  is  convected  into  the  free 
shear  layers  which  originate  at,  end  roll  up  from, 
the  leading  edges  of  Che  wing  to  form  the  coherent 
leading-edge  vortex  structures.  The  flow  outside 
the  shear  layers  may  be  created  as  inviscid  and 
irrotatlonal.  The  slenderness  approximation  allows 
us  to  eliminate  streaoR'ise  derivatives,  in  favour 
of  cross-stream  derivatives,  In  the  full  potential 
equation.  However,  whilst  that  allows  us 
to  solve  for  the  potential  flow  in  a  cross-flow 
plane,  it  precludes  streamvise  Influence  between 
one  cross-flow  plane  and  another.  In  particular  it 
does  not  allow  us  to  take  account  ox  the  upstream 
influence  from  the  trailing  edge  of  the  wing.  The 
satisfaction  of  a  Kutta  condition  at  the  trailing 
edge  has  a  marked  influence  on  the  pressure  distri¬ 
bution  over  the  wing  surface,  a  point  to  which  we 
shall  return  later  when  discussing  our  results.  In 
addition  to  the  asstuBptions  made  above  we  also 
assume  Chat  Che  outer  inviscid  flow  Is  conical.  The 
conical  flow  assuispcion  is  effectively  a  similarity 
assumption  under  which  the  solution  need  be  found 
in  only  one  cross-flow  plane,  the  solution  In  other 
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planes  follows  by  simple  scaling  The  conical  flow 
assumption  also  proves  to  be  advantageous  in  our 
treatment  of  the  thin  viscous  layers. 

As  Implied  above  our  approach  to  this  problem  is  to 
seek  a  solution  in  an  outer  Inviscld  region  and 
match  this  with  a  solution  which  Is  valid  in  the 
thin  viscous  layers  at  the  wing  surface  and  free 
shear  layers  However,  we  should  emphasise  that 
our  procedures,  described  below,  are  not  strictly 
hierarchical  in  the  sense  that  the  inviscld  and 
viscous  calculations  are  completely  separate.  It 
Is  well-known  that  a  classical  boundary-layer 
development  in  an  adverse  pressure  gradient,  such 
as  is  encountered  on  the  outboard  part  of  the  wing 
In  the  present  situation,  terminates  In  a  singular¬ 
ity  Our  treatment  of  the  viscous  layers  overcomes 
this  difficulty  by  Incorporating  an  Interaction 
with  the  outer  Inviscld  flow.  This  Interaction  is 
a  local  one.  and  the  role  of  the  outer  solution 
procedure  is  to  adjust  the  position  and  strength  of 
the  leading-edge  vortex  configuration  to  the  dis¬ 
placement  effects  associated  with  the  thin  viscous 
layers.  It  proves  convenient  to  discuss  the 
Inviscld  and  viscous  parts  of  our  treatment  of  the 
problem  separately. 

Consider  first  the  Invlscld-flow  problem,  and  refer 
to  Fig.  l(a.b)  for  a  sketch  of  the  physical 
configuration,  and  appropriate  co-ordinate  sys¬ 
tems.  We  Introduce  dimensionless  variables  for 
which  the  free  stream  speed  U  is  a  velocity 
scale,  the  wing  semi-span  s  as  a  length  scale  for 
the  cross-flow  co-ordinates,  s/K,  where  K  -  tany,, 
as  a  length  scale  for  the  streamwlse  co-ordinate,^ 
and  KUs  as  a  scale  for  the  disturbance  velocity 
potential  The  fluid  velocity  V  may  then  be 
represented  as 


stream  surface  then,  following  Smith  (Ref.  1),  we 
have 

-  -rsin^l  (6a) 

with  the  corresponding  condition  on  the  Inner 
suface  of  the  sheet 

<t»jY  “  -rsinfJ  +  vjj  (6b) 

The  remaining  condition  on  the  sheet  is  that  the 
pressure  jump  across  it  dCp  -  0  where 

Cp/K^  -  -2*x  - 

Within  the  framework  of  our  conical  flow  asumptlon 
the  pressure  condition  may  be  written  as 


4*  -  4*j(rcos^  -  -  iVf,^  ,  (7) 

where  the  suffix  m  denotes  the  mean  value  of  a 
quantity  across  the  sheet.  The  vortex  sheets  are 
of  Infinite  extent;*  for  computational  convenience 
only  a  finite  part  of  the  sheet  is  retained.  The 
inner  spiral  which  represents  the  vortex  core  Is 
replaced  by  a  concentrated  vortex  which  Is  joined 
to  the  free  end  of  the  finite  part  of  the  sheet  by 
a  cut.  This  cut  not  only  renders  the  potential 
single-valued  but  also  allows  vortlclty  to  be  fed 
to  the  core  from  the  sheet.  Since  the  isolated 
vortex  will  not,  In  general,  be  aligned  with  the 
flow  it  will  experience  a  force  This  force  we 
balance  by  the  force  on  the  cut  so  that,  globally, 
the  fluid  Is  force  free  This  force-free  condition 
Is,  on  the  starboard  isolated  vortex,* 


y  -  9(x  +  <b)  ,,  (1) 

where,  withit.  our  slender  treatment,  satisfies 
the  two-dimensional  potential  equation 

*yy  +  *22  -  0  <2) 

and  a  subscript  denotes  a  derivative.  In  Fig.  1(a), 
dimensional  co-ordinates  are  denoted  by  a  prime. 

With  the  potential  <t>  as  the  real  part  of  a 
complex  potential  U(2),  Z  •  y  >  is,  our  task  now  1$ 
to  construct  a  complex  analytic  function  that 
satisfies  all  the  appropriate  boundary  conditions. 
The  condition  at  Infinity  requires 


11m  f  dW  r  1  1  .s  =  ... 

J  -  -  Zg  (6) 

where  T  is  the  circulation  of  the  starboard  Iso¬ 
lated  vortex.  To  construct  the  complex  potential 
It  proves  convenient  to  introduce  the  conformal 
transformation 

z*>  -  22  -  1  ,  2*  -  y*  +  iz*  (9) 

Our  vortex  configuration  In  a  cross-flow  section  of 
the  Z*-nlane  Is  shown  In  Fig.  1(c),  where  the 
cross-section  of  the  of  the  wing  has  now  been 
transformed  to  the  slit  y*  •  0,,  \z*\  <1  . 


2  “  0,.  we 


whilst  at  the  wing  surface  lyi  <1  , 
require 

('■). 

The  quantity  -'q]  Is  a  'transpiration*  velocity  due 
to  the  viscous  displacement  effect  of  the  boundary 
layer  on  the  wing  surface.  The  remaining  boundary 
conditions  are  to  be  satisfied  on  the  vortex  sheets 
which  originate  from  the  leading  edge,  and  at  the 
leading  edge  itself  where  a  Kutta  condition  is  to 
be  satisfied  such  that 


dW 


^2  is  finite  at  y-±l,2«0 


(5) 


On  the  sheet,  as  on  the  wing  surface,  we  take 
account  of  the  viscous  displacement  effect,  which 
is  significant  due  to  flow  separation  on  the  upper 
surface  of  the  wing.  Thus,  if  d  is  the  differ¬ 
ence  operator  across  the  sheet  (Inside  minus  out¬ 
side)  ,  and  n  is  the  unit  inward  normal  to  the 
trace  of  the  sheet  in  the  cross-flow  plane,  then 

Min  -  , 

If  we  take  the  outer  surface  of  the  sheet  as  a 


The  complex  velocity  in  the  transformed  plane  may 
now  be  constructed  as 


r  f_l - 1  fgV*). 

dZ*  Z*-2*  Z*+Z*J 

1  1  lit 

L  Z*-t*!  dt*  I 


Z*-Z*(a*)  Z**Z*{c*) 

a, 

.2i' 


dd* 


I  [  I  «  I  f  1  ^  1 

’  1  dZ*l  I  Z*-Z*(d*)  Z*+Z*V2*) 


(10) 


where  represents  the  length  of  the  finite  part 

of  the  vortex  sheet  in  the  cross-flow  plane.  In 
(10)  the  first  term  represents  the  free  stream 
whilst  the  second  and  third  terms  are  contributions 
from  the  isolated  vortices,  and  distributed 
vortlclty,  strength  g*(<r*)  -  along  the 

finite  parts  of  the  vortex  sheets,  respectively. 

The  renairing  terms  represent  distributed  sources 
on  the  upper  surface  of  the  wing,  and  along  the 
vortex  sheets,  due  to  the  viscous  displacement 
effect  of  the  botmdery  layer  and  the  free  shear 
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layers.  The  presence  of  this  source  distribution 
means  that  the  sheets  are  more  correctly  referred 
to  as  source-vortex  sheets.  The  conditions  (3),^ 

(4)  are  automatically  satisfied  by  (10).  The 
remaining  conditions.,  namely  (S),  which  becomes 
dW/dZ*  -  0  at  Z*  -  0,  (6),  (7)  and  (8)  serve  to 
determine  the  unknowns  which  are  the  strength  V  and 
position  of  the  isolated  vortices,  and  the 
strength  g*  and  position  of  the  finite  parts  of 
the  vortex  sheets.  The  source  strength  is  treated 
as  a  known  quantity,  with  V}^  given  from  the 
viscous  calculation. 

Our  solution  procedure  follows  that  of  Barsby  (Ref. 
10) ,  and  we  introduce  intrinsic  co-ordinates  (see 
Fig.  1(c))  (<r*,,  ^*)  the  transformed  plane  such 
that 

(T* 

Z*(a*)  -  f  eivS*(s)<is  (11) 

^  0 

To  perform  the  necessary  numerical  Integrations 
around  the  sheet,  it  is  divided  into  2n  equal  steps 
of  length  h  in  arc  length  ff*  .  This  defines  Zn-fl 
pivotal  points  in  terms  of  the  angle  il>*  at  these 
points,  the  first  of  which  coincides  with  the 
leading  edge  at  which  ^^*(0)  -  g*(0)  •  0.  Ve  next 
introduce  Intermediate  points  midway  between  each 
pivotal  point  at  which  we  denote  the  unknown 
quantities  by  ,  gj*  ,  i  “  1,  2,.  .,n.  It  is 
these  quantities  we  calculate,  and  together  with 
Zy*  and  r  they  constitute  a  sec  of  4n  3 
unknowns.  These  are  determined  from  the  force  and 
Kutta  conditions,  which  constitute  three  equations., 
and  Che  sheet  conditions  (6a,  b).,  (7),  combined  to 
give 


leads  CO,,  in  the  high-Reynolds  number  limit,, 

vu,  +  TOf  -  vS  -  uj-f  -  v.(Ue,  -  v.)  ,,  (15«) 

w,  +  OTf  +  uv  -  Vff  -  Ve(Ve,  +  u^)  ,  (15b) 

|u  +  V,  +  wf  -  0  (15c) 

For  the  viscous  shear  layers  on  the  sheets  we 
Ignore  curvature  effects  in  the  boundary-layer 
equations,  as  if  the  sheets  had  been  'unrolled* 
onto  the  plane  z  -  0,  so  that  (15)  are  still 
appropriate.  The  quantities  are  the 

external  velocity  components  with  which  the 
boundary  layer  solution  must  match.  Ue  denote  the 
Inviscid  slip  velocities  calculated  from  the 
potential  flow  solution  described  above  as  (u^.  , 
v^p)  Additional  conditions  to  be  satisfied  are 
chat  the  solution  is  given  at  the  line  of  attach¬ 
ment  6  ^  ,  obtained  by  a  standard  expansion 

procedure, <  and  that  the  no-sllp  condition  is 
satisfied  on  the  wing  On  the  sheet  we  have 
adopted  a  condition  of  no  shear,  so  chat  w*Uf- 
vf  -  0  at  r  -  0.  This  latter  condition  is  an 
approximation,  but  is  found  to  have  a  negligible 
effect  on  the  overall  flow  properties  which  are 
dominated  by  the  secondary  separation  on  the  upper 
surface  of  the  wing. 

Note  that  for  conical  flow  all  quantities  are 
independent  of  r  ,  and  the  calculation  of  the 
three-dimensional  boundary  layer  reduces  to  solving 
for  the  radial  and  transverse  velocity  components 
at  one  cross-flow  station;-  the  solutions  at  other 
stations  follow  from  a  simple  scaling.  Consistent 
with  this,  the  right-hand  side  of  (15a)  should  be 
sec  to  zero,  representing  as  it  does  -dp/dr  .  It 
is  retained  at  present  for  reasons  that  become 
clear  below. 


I^M 

g*(s)ds  (12) 

<r* 

which,  when  evaluated  at  the  2n  intermediate 
points,  yield  a  further  4n  conditions  The 
conditions  to  be  satisfied  Involve  an  evaluation 
of  dW/dZ*  in  (10),  For  points  on  the  sheet  the 
singular  integrals  are  interpreted  as  Cauchy 
Principal  Values  and  the  singularity  is  extracted 
in  a  standard  manner.  All  remaining  integrals  are 
evaluated  using  high-order  integration  formulae. 

The  resulting  4n-*-3  nonlinear  algebraic  equations 
are  solved  using  a  multi-dimensional  Newton 
scheme.  With  the  values  of  ,  g^  determined  at 
the  intermediate  points  the  values  of  ,  g*  at 
the  pivotal  points  are  then  obtained  by  4-poinc 
Lagranglan  Interpolation.  For  Che  results  des¬ 
cribed  in  Section  4  we  have  worked  with  nine 
pivotal  points,  so  that  n*4,  which  we  find  gives  a 
good  representation  of  the  vortex  configuration  as 
compared,  for  example,  with  the  results  of  Smith 
(Ref.  1). 

We  turn  next  to  the  thin  viscous  boundary  layers  on 
the  wing  surface  and  viscous  shear  layers  at  the 
vortex  sheets  Central  to  our  study  are  the 
classical  laminar-flow  boundary-layer  equations 
which  we  present  in  the  form  used  by  Brown  (Ref 
10)  for  conical  flow.^  Ve  work  with  the  cylindrical 
polar  co-ordinates  (r,8.z)  of  Fig.  (la),,  where  a 
length  Q  has  been  used  to  make  lengths 
dimensionless.  For  the  velocity  (u.v,w)  the 
free-stream  speed  U  is  again  used  as  a  scale. 

With  the  Reynolds  number  Re  U2/r,,  ve  introduce 
the  scaled  variables 


f  -  zr^iRei  w  -  wr^Rei  ,, 
and  then  the  further  simplification 


(13) 


w  -  w  +  Jfu 


The  adverse  transverse  pressure  gradient,  which 
arises  from  v^p  ,  may  be  expected  to  terminate 
thesolution  of  the  boundary-layer  equations  (15)  in 
a  singularity  at  the  point  of  separation.  Such 
singular  behaviour  has  been  confirmed  by  Nutter 
(Ref.  4).  The  singular  behaviour  is  removed  if  the 
pressure  is  allowed  to  adjust  to  local  flow 
conditions,  and  the  work  of  Sychev  (Ref.  11)  and 
Smith  (Ref.  12)  shows  that  a  triple-deck  structure,, 
centred  upon  the  point  of  separation,  is  crucial 
for  an  interactive  coupling  between  the  boundary 
layer  and  the  potential-flow  region.  Veldman's 
approach  (Ref  2)  to  the  problem,  which  incor¬ 
porates  the  main  features  of  the  asymptotic 
solution  for  Re  »  1  ,  is  one  in  which  a  composite 
equation,  rather  than  composite  solution,  is 
employed.  It  is  this  approach  that  ve  adopt. 

The  two-dimensional  asymptotic  theory  (Refs  11,12) 
has  been  adapted  by  Riley  (Ref.  3)  for  slender 
conical  flows  of  the  type  under  consideration 
here.  Our  aim  is  to  ensure  that  the  dominant 
features  of  that  theory  are  retained  in  our  present 
treatment.  The  main  deck  of  the  triple-deck 
structure  has  thickness  0(fiRe~i),  a  scaling  on 
i4)ich  our  equations  (15)  are  based.  The  lower 
deck,  of  thickness  0(fiRe~s/*)  Is  embedded  within 
this.  Thus  if  at  a  large,  but  finite,  Reynolds 
number  sufficient  numerical  resolution  is  available 
(15)  will  encompass  both  the  lover  and  main  decks. 
In  the  region  outside  the  main  deck  the  pertur¬ 
bation  to  the  inviscid  potential  flow  is  'driven* 
by  the  viscous  displacement  velocity  v^.  The 
asymptotic  theory  (Ref,  3)  shows  that  since  the 
changes  which  take  place  normal  to  the  separation 
line  in  this  slender  conical  flow  are  very  rapid, 
compared  with  those  parallel  to  it,  the  flow 
structure  exhibits  mai^r  of  the  features  of  a  two- 
dimensional  flow.  If  therefore  we  write  t  •  r8  ,, 
If  •  z  and  scale  the  perturbation  potential  by  Ufi  , 
denoting  it  by  $  ,  then  ye  have 


,  •vV-/ .  j 


The  solution  of  (16)  Is  to  vsnish  ss  cd  . 

and  on  "*  0  ,>  9^  «•  (rRe)~iw^  .  The  solution  for 
$  yields  a  perturbation  to  the  slip  velocity 
such  that 

V,  -  v,p  +  (fRe»>)  dt*  (17«) 

-  v,p  +  <R.r»»)‘*|  |lfr  <«•  .  (17b) 

where  we  have  set  r'  •  difflsnsional 

radial  distance  neasured  from  the  apex  of  Uie  wing, 
and  Re^  -  Ur'/'  1  >0  that  we  now  have  a  repre¬ 
sentation  of  the  flow  which  is  locally  conical.  In 
(17)  the  Integration  extends  over  the  interaction 
region  which  encompasses  both  the  separation  and 
re-attachment  points.  For  the  displacement  vel¬ 
ocity  w^  ,  we  again  invoke  the  two-dimensional 
nature  of  the  flow  in  the  interaction  region,  which 
is  indicated  by  the  asymptotic  theory,  so  that 

Sd  -  |y  |^(V,  -  V)df  .  (18) 

The  numerical  solution  of  the  boxindary-layer 
equations  (IS)  is  carried  out  using  the  Keller  box 
method  (Ref.  13)  in  a  form  which  allows  us  to 
exploit  Veldman's  quasl-slmultaneous  Interactive 
procedure  (Ref.  2).  The  discretlsed  forms  of  (15),, 
in  which  u^  is  assumed  known,  and  (17)  yield  a 
system  of  nonlinear  algebralc^equations  for  the 
unknowns  u,  v,  v  ,  v^  and  w^  .  Newton's  method 
is  again  employed  to  linearise  these  equations 
resulting  in  a  matrix  of  coefficients  which  is  of  5 
X  5  block  tridlagonal  form  with  an  additional 
column  of  5  X  5  matrices.  The  equations  are  solved 
by  the  block  elimination  method,  for  which  further 
details  may  be  found  in  Ref.  14. 

Numerical  solution  of  the  boundary-layer  equations 
commences  with  the  attachment  line  profiles. 
Initially  the  solution  is  advanced  using  the 
classical  boundary-layer  equations  only.  A  switch 
to  the  interactive  scheme  is  made  when  the  region 
of  strong  Interaction  is  encountered.  In  this 
region,  where  the  pressure  gradient  is  initially 
adverse,  flow  separation  and  concomitant  flow 
reversal  is  encountered.  In  order  to  continue  the 
forward  integration  it  has  been  found  necessary  to 
employ  the  FLARE  approximation  in  the  momentum 
equations  (15a,  b).  In  this  approximation  the 
transverse  convective  terms  are  set  to  zero  when 
V  <  0;  a  Justification  for  this  approximation  is 
that  when  v  <  0  ,  |v)  «  1.  Also,  because  of  the 
elliptic  character  of  our  interactive  equations, 
implied  by  the  Interactive  law  (17),  it  is  necess¬ 
ary  to  make  several  sweeps  along  the  boxindary  layer 
to  obtain  a  converged  solution. 

In  our  calculations  we  have  adopted  a  wing  of 
semi-apex  angle  y  -  IQO  with  51  grid  points  on  the 
wing  surface  corresponding  to  i$  -  0.2^  «  3.491  x 
10~’  radians.  The  number  of  similarly  spaced 
points  on  the  vortex  sheet  varies  with  incidence 
parameter  a  ,  and  the  calculation  on  the  sheet 
extends  to  the  point  at  which  w^  Is  effectively 
zero.  There  are,  for  example,  32  such  grid  points 
on  the  sheet  for  a  -  1.  The  extent  of  the  compu¬ 
tational  domain  nonsal  to  the  wing  surface  Is 
dependent  upon  the  Reynolds  nus^er,  and  increases 
as  the  Reynolds  number  increases.  Ve  have  taken 
advantage  of  the  box  method  to  use  a  variable  mesh 
size,  typically  with  6t  -  0.025  close  to  the  bcxin- 
dary  and  •  0.5  at  the  outer  edge  of  the  boundary 
layer  which,  again  typically.  Is  at  -  0(10»). 

3.  SOUmOH  8IRATECT 

The  solution  strategy  we  have  adopted  for  the 
highly  nonlinear  problem  outlined  above  involves 
several  iterative  processes.,  Ve  outline  here  our 
overall  strategy. 


Our  first  task  is  to  obtain  the  Initial  invlscid 
solution  with  vji  a  0  ;  such  solutions  have  been 
obtained  previously  by  Smith  (Ref.  1).  From  this 
potential  flow  solution  ve  have  the  'slip'  velocity 
components  u^p  ,  v^p  ,  and  we  are  then  in  a 
position  to  sbidy  the  viscous  boundary  layers  and 
shear  layers.  To  avoid  the  singular  behaviour  at 
separation  we  use  the  interactive  approach  outlined 
in  Section  2,  and  allow  the  pressure  to  adjust  as 
the  step-by-step  Integration  of  (15)  Is  carried 
out.  In  practice  this  leads  to  a  continuous 
adjustment  of  the  external  velocity  component  v^  , 
at  a  fixed  Re^  ,  as  in  equation  (17b).  Beyond  the 
position  of  secondary  separation  it  has  been  found 
necessary  to  employ  the  FIARE  approximation  in  the 
region  of  reversed  flow.  Beyond  the  leading  edge 
the  boundary  layers  from  the  upper  and  lower  wing 
surfaces  merge.  Since  we  do  not  calculate  the 
boundary  layer  on  the  lower  wing  surface,  ve 
replace  the  condition  that  the  upper  and  lower 
bounds]^  layers  merge  smoothly,  by  the  condition 
that  w  -  Uf  •  Vf  -  0  at  f  -  0  on  the  vortex 
sheet.  Ve  are  satisfied  that  our  ..olutlon  is  not 
sensitive  to  this  condition,  dominated  as  it  is  by 
the  separated  flow  on  the  upper  surface  of  the 
wing.  The  elliptic  nature  of  our  viscous  cal¬ 
culation  which  is  reflected  in  the  expression  (17) 
means  that  one  sweep  is  not  sufficient  to  complete 
the  calculation.  Further  sweeps  are  necessary 
with  v^p  in  (17)  fixed.  At  the  commencement  of 
each  sweep  u^  is  changed.  Initially  it  takes  the 
value  Ugp  ,  but  is  updated  at  the  commencement  of 
each  sweep  from  the  equation  du^/d^  -  v^  in  order 
to  maintain  local  conicality. 

Vhen  the  above  iterative  procedure  is  deemed  to 
have  converged,  and  as  many  as  30  to  40  sweeps  may 
be  required  to  achieve  convergence,  ve  may  update 
the  outer  Invlscid  solution.  The  changes  to  this 
are  brought  about  by  the  displacement  effect  of  the 
wing  boundary  layers,  and  the^shear  layers.  With 
Wjj  as  in  (18)  we  have  vjj  -  Wd/KRe^  to  represent 
the  displacement  effect  in  the  invlscid  solution. 
The  invlscid  solution  is  now  recalculated  to 
provide  new  values  of  the  slip  velocity  (u^p  ,  v^-). 
The  viscous  solution  is  then  completed  as  before,^ 
but  with  one  slight  modification.  Since  the  dis¬ 
placement  effect  is  now  Included  in  the  invlscid 
solution,  as  well  as  in  (17),  ve  modify  (17)  such 
that 

.1  r  w  -  wdp 

■^e  -  v,p  +  (Re^ir*)  *  J  •  (19) 

In  (19)  Vjp  is  the  displacement  velocity  obtained 
in  the  previous  viscous  calculation,  and  the  dis¬ 
placement  effect  is  not  now  duplicated. 

The  overall  iterative  procedure  outlined  above  is 
continued  until  convergence,  according  to  some 
pre-set  criteria,  has  been  achieved.  In  the  con¬ 
verged  solution  we  have  wg  -  w^p  ,  the  right-hand 
side  of  (15a)  is  zero,  and  the  velocities  V))  ,  w^  , 
which  represent  the  displacement  effect  in  the 
Invlscid  and  viscous  solutions  respectively,  are 
self-consistent. 

Ve  discuss  the  results  obtained  by  the  above 
procedures  in  the  next  section. 

4.  KBSUm  AMD  DISCUSSION 

As  ve  have  alrea^  indicated,  the  starting  point 
for  our  solutions  is  the  invlscid-flov  model  in 
which  the  primary  separation  is  r^epresented  by  a 
vortex  sheet  springing  from  the  leading  edge.  For 
the  case  a  «  1  we  show,  in  Fig.  2<a),  the  dis¬ 
tribution  of  Vm  from  initial  invlscid  solution 
for  which,  of  course,  wg  ■  0  in  (10).^  Figs  2(b,e,d) 
show  the  immediate  siiccession  to  this  in  our  sol¬ 
ution  procsdurs.  Thus,  Fig.  2(b)  shows  ths  dis¬ 
tribution  of  v^  from  the  first  interactivs 
boundary-layar  calculation  and  Fig.  2(o)  tha 
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corresponding  viscous  displacement  velocity 
The  latter  is  responsible  for  the  modification  to 
the  outer  invlscid  solution^,  and  in  Fig.  2(d)  we 
show  the  first  change  to  v^p  brought  about  by  the 
displacement  effect.  The  results  shown  in  Figs 
2(b,d)  represent  one  global  iteration.  In  Figs 
2(e,f)  we  show  the  converged  solution  after  ten 
global  Iterations.  There  is  a  small  irregularity 
at  the  leading  edge  in  the  inviscid  solution  which 
we  have  been  unable  to  eliminate  or  explain,  tfe 
remark  that  after  six  global  iterations  we  have 
introduced  tinder-relaxation  such  that  v^p  •  i(v^  -f 
Vgp),  However,  a  point  of  interest  is  that  after 
the  fifth  global  iteration  the  distribution  of  v^ 
from  the  viscous  part  of  the  calculation  is 
virtually  unchanged.  Indeed  on  the  wing  itself  v^ 
end  v^p  coincide  after  these  five  global  iter¬ 
ations.  The  reason  that  the  rate  of  convergence  of 
v^p  is  lower  than  that  of  v^  may  be  attributed  to 
the  changes  which  cake  place  in  the  source  and 
vortex  strengths  on  the  vortex  sheet  during  each 
global  iteration.  These  are  small  enough  not  to 
attect  Che  result  of  the  viscous-inviscid  inter¬ 
active  calculation,  but  not  sufficiently  small  Chat 
changes  in  flow  properties  calculated  from  the 
inviscid  solution,  particularly  in  the  neighbour¬ 
hood  of  the  sheet,  may  be  ignored  The  implication 
of  this  is  chat  important  features  of  Che  flow, 
such  as  wing  surface  pressures,  may  be  determined 
before  there  is  complete  convergence  on  the  sheet 
Itself. 

The  vortex  sheet  shape  itself  changes  from  that  of 
the  primary  Inviscid  flow,  as  is  illustrated  in 
Fig.  3  where  the  results  from  the  initial  inviscid 
solution,  and  after  one  and  ten  global  iterations 
are  compared.  The  observed  displacement  is  in 
accord  with  experiment  as  we  discuss  later.  In 
Fig.  4  we  compare  the  pressure  distribution  with 
the  initial  inviscid  solution  We  see  chat  the 
suction  peak  is  lower  and,  as  may  be  expected  when 
there  is  a  region  of  separated  flow,  there  1$  not  a 
full  pressure  recovery  beyond  separation.  For  this 
case  flow  separation  occurs  when  $/y  -  0.679. 

This  may  be  compared  with  the  values  of  6/y  • 
0.761,  0  607  obtained  by  Nutter  (Ref.  4)  from  his 
boundary-layer  calculation,  and  inviscid  secondary 
separation  model  respectively.  However,  neither 
the  pressure  distributions  predicted  by  Nutter,  nor 
those  from  a  similar  model  in  Ref.  5  resemble  in 
any  way  those  predicted  by  the  present  method,  or 
experimentally  observed  distributions.  The 
displacement  effect  associated  with  the  flow 
separation  is  well  illustrated  by  the  displacement 
function 


Table  1 


Position  of  the 

separation  line 

5s/7.  and  ibolated 

vortex  core  as 

functions  of  Re^ 

;•  a  -  1. 

RC). 

>s/-r 

b. 

5  X  10» 

0.778 

0.636  +  0  2841 

5  X  10* 

0.679 

0.637  +  0.280i 

2  X  10* 

0.652 

0.636  +  0.278i 

The  above  results  imply  that  for  Re^  >  10^  the 
main  flow  properties  behave  in  a  conical  fashion  in 
the  range  of  Rej.  under  consideration.  In  spite  of 
our  procedures  this  is  not  a  result  that  can  have 
been  guaranteed.  The  conical  nature  of  the  dis¬ 
placement  function  has  implications  for  the 
inviscid  model  of  secondary  separation  considered 
by  Nutter.  The  vortex,  springing  from  the  wing 
surface,  which  represents  the  secondary  separation 
phenomenon  In  Nutter's  model,  would  be  subsumed  by 
the  thick  separated  viscous  layer  that  we  have 
described  above.  Our  results  suggest  that  this 
region  does  not  decrease  in  thickness  as  Re^ 
increases.  This  suggests  In  turn  that  Nutter's 
inviscid  model  can  never  be  the  appropriate 
limiting  flow  at  high  Reynolds  number.  To  be  sure, 
this  particular  criticism  does  not  apply  to  the 
secondary  vortex  of  Bruin  and  Hoeijmakers  (Ref.  5) 
which  appears  to  be  from  a  different  solution 
branch  from  Nutter's.  However  their  solution 
appears  to  bear  no  more  resemblance  to  reality  than 
Nutters. 

We  have  extended  the  range  of  solutions  obtained  by 
considering  the  effects  of  incidence  variation  at 
Rcy  -  5  X  10^  .  In  particular  we  have  obtained 
solutions  for  the  four  values  of  the  incidence 
parameter  a  -  0.5(0. 5)2.0  . 

Results  which  we  have  obtained  by  varying  a  are 
shown  in  Figs  7,8.  The  pressure  variations  over 
the  wing  surface  are  shown  in  Fig.  7  As  with  the 
case  a  ••  1  the  characteristic  features  of  these  are 
that  the  suction  peak  is  reduced,  when  compared 
with  the  inviscid  flow  solutions  in  the  absence  of 
secondary  separation,  and  that  beyond  the  suction 
peak  there  is  only  a  minimal  pressure  recovery. 

The  position  of  the  separation  line  Itself  Is  shown 
in  Table  2.  The  sheet  shapes  for  this  range  of  the 
incidence  parameter  are  shown  in  Fig.  8 

Table  2 

Position  of  the  separation  line  as  a  function 

of  Che  incidence  parameter  a;-  Re^-  -  5  x  10* 


-ra-^)ar  . 


In  Fig,  5  we  show  velocity  profiles  v(S,f)  through 
the  separated  region  of  flow.  In  this  figure  we 
also  Include  the  curve  v  -  0,  thus  delineating  the 
reversed-flow  region,  and  the  displacement  function 
5(5)  . 

With  the  incidence  parameter  maintained  at  a  **  1  we 
have  also  obtained  solutions  for  5  x  10^  <  Rej.  <  2 
X  10^  .  Pressure  distributions  in  this  range  are 
shown  in  Fig  6.  We  remark  that  for  Re^  >  10*  in 
this  range,  the  pressure  distributions  are 
virtually  identical.  Only  towards  the  lower  end  of 
the  range  does  the  separation  line  begin  to  move 
outboard-from  the  value  $/y  -  0,679,  Eventually, 
of  course,  the  region  of  separated  flow  disappears 
altogether.  Similarly  the  position  of  the  Isolated 
vortex  core  is  relatively  unaffected  by  variations 
of  Reynolds  numbor  in  this  range.  Table  I  shows 
Che  position  of  the  separation  line  and  isolated 
vortex  as  functions  of  Rcj..  The  displacement 
function  5(5),  (20),.  does  increase  dramatically 
with  Raj.  ,  but  when  scaled  with  Re^'i  it,  too,  is 
virtually  insensitive  to  variations  with  Reynolds 
number  in  this  range. 


Some  of  the  flow  features  we  have  presented  above 
may  be  compared  with  experiment.  Detailed  spanwlse 
pressure  distributions  have  been  presented  by  Fink 
at  al  (Ref.  (15),  Hummel  (Ref.  8)  and  Marsden  ec  al 
(Ref.  7).  We  make  a  comparison  between  the  experl- 

s 

mental  results  of  Ref.  15,  for  which  Re^  »  4  x  lo  , 
the  inviscid  results  of  Smith  (Ref.  1)  and  our 
present  results,  in  ?lg.  9.  Our  results  exhibit 
features  similar  to  those  observed  In  experiments,, 
in  the  sense  that  as  we  move  outboard  from  the 
position  of  peak  suction  there  Is  not  the  signif¬ 
icant  pressure  recovery  predicted  by  a  purely 
Inviscid  theory.  In  some  of  the  experlXMintal 
observations  there  is  evidence  of  a  turbulent  re- 
attachment  of  the  flow.  In  our  model,  which  is 
based  upon  a  laminar  flow,  the  separated  flow 
region  extends  beyond  the  leading  edge.  ‘Hie 
experimental  pressure  distributions  in  Fig.  9  show 
higher  suction  values  than  our  present  model  pre¬ 
dicts.  However  the  extent  to  which  the  experi- 
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mental  pressure  distributions  exhibit  conical 
features  is  open  to  question.  This  is  clear  from 
the  streamwise  surface  pressures  shown  in  Pig  10. 
adapted  from  Hummel  (Ref.  8)  where  Re  -  9  x  10* 
based  on  chord  The  suction  at  $/y  -  0.6  is 
approximately  a  maximum  Over  the  forward  part  of 
Che  wing  the  suction  values  are  higher  than  we 
predict,  and  fall  in  the  streamwise  direction  to 
the  trailing  edge  where  they  are  lower  than  we 
predict.  Figure  11,  which  is  an  adaptation  of 
Smith’s  Fig.  37  (Ref.  1).'  shows  the  normal  force 
coefficient  as  predicted  by  the  in\i8cid  theory, 
and  as  obtained  from  the  pressure  measurements  of 
Refs  7,15  assuming  the  flow  to  be  conical.  To  this 
we  have  added  the  normal  force  coefficient  from  our 
present  work  which,  on  the  whole,  shows  good  agree¬ 
ment  with  experiment. 

Although  measured  pressure  distributions  along  the 
wing  surface  are  not  conical,  geometric  features  of 
the  real  flows,  which  Include  the  separation  line, 
the  vortex  sheet  and  the  vortex  core  are  remarkably 
conlca')  For  a  -  1.5  Hummel  (Ref  3)  finds  - 
0  67  %rhllst  for  0  5  <  a  <  0.75  Marsden  et  al  (Ref. 
7)  measure  B^/y  *  0  66.  These  values  may  be 
compared  with  our  calculated  values  in  Table  2. 
Lowson  (Ref.  16)  has  provided  a  useful  correlation 
of  vortex  core  positions  from  no  fewer  than  ten 
investigations,  which  include  both  laminar  and 
turbulent  flow.  Our  Pig.  12  is  adapted  from  his 
Fig.  2,  which  shows  the  experimental  results  in 
more  detail.  There  is  general  agreement  that  the 
effect  of  the  secondary  separation  is  to  move  the 
vortex  core  both  upward  and  inboard.  That  our 
results  are  consistent  with  this  may  be  see  fron 
Fig.  12. 

We  may  conclude  that  our  model  of  the  secondary 
separation  phenomenon,  based  as  it  la  upon  a  fully 
interactive  vlscous-lnviscid  flow,  is  superior  to 
those  which  rely  upon  Invlscld  vortex  sheet  models 
of  the  type  discussed  in  Refs  4.5  However,  whilst 
geometric  features  of  the  flow,  such  as  the 
position  of  the  separation  line  and  vortex^core 
positions,  are  predicted  satisfactorily,-  we  can 
record  only  qualitative  agreement  between  the 
measured  and  calculated  pressure  distributions. 
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Fig. 2(a)  Slip  velocity  v  from  the  inviscid 
flow  model  with^^a  *  1,  w^  =  0, 

Fig. 1(a)  The  wing,  vortex  sheets  and 
co-ordinate  system 

Fig. Kb)  Axes  and  co-ordinates  in  the 
cross-flow  plane 


Fig. 2(b)  V  from  the  first  interactive  calculation 
with  a  ■  1,  Re^  -  5  X  10'' 


Fig. 1(c)  The  transformed  plane. 
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Fig. 2(c)  Wj  from  the  first  interactive  calculation 
with  a  •  1,  Re^  ■  5  x  10** 
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SUMMARY 

The  Johnson- King  turbulence  model  that  has 

§  roved  to  be  a  viable  method  for  calculating  two- 
imensional  transonic  separated  flows  has  been 
extended  into  three-dimensions.  The  implemen¬ 
tation  was  done  for  Navier-Stokee  flow  solvers 
written  in  general  curvilinear  coordinates.  The 
present  approach  used  in  turbulence  modeling 
is  based  on  streamwise  integration  of  an  ordi¬ 
nary  differential  equation  (o.d.e.)  that  governs 
the  maximum  Reynolds  shear  stress  behaviour. 
Streamwise  intc^ation  of  the  o.d.e.  approach 
was  found  to  offer  great  mathematical  simplic¬ 
ity  Md  economy  for  three-dimensional  Navier- 
Stokes  methods.  Thus,  the  new  method  is  quick, 
simple  and  very  cheap.  The  new  methoa  was 
flrst  checked  ag^nst  the  data  of  a  well-known 
transonic  axisymmetrlc  bump  experiment,  and 
a  good  agreement  was  obtained.  Later,  the  new 
method  was  used  to  compute  the  flow  around  a 
low  aspect  ratio  wing  in  a  transonic  wind  tunnel. 
Finally  it  was  employed  to  study  the  nonequili^ 
rium  turbulence  effects  on  the  transonic  vortical 
flows  about  a  65*  sweep  round  leading-edge  delta 
wing. 

1.  INTRODUCTION 

The  aerodynamic  characteristics  of  Aircraft  in 
transonic  regime  are  very  sensitive  to  viscous  ef¬ 
fects,  and  selection  of  tne  turbulence  model  in 
numerical  codes  largely  determines  the  level  of 
success  for  capturing  these  effects.  One  well 
known  aspect  of  tuniulence  is  that  it  is  slow 
to  respond  to  changes  in  the  mean  strain  fleld. 
The  so-called  equilibrium  models  that  are  widely 
used  in  Navier-Stokes  computations  Ml  to  ade¬ 
quately  model  this  aspect  of  the  turbulence,  and 
exaggerate  the  turbulent  boundary  layer’s  abil¬ 
ity  to  produce  the  Reynolds  shear  stresses  in  re¬ 
gions  of  adverse  pressure  gradient.  As  a  con¬ 
sequence,  too  little  momentum  loss  within  the 
boundary  layer  is  predicted  in  the  region  of  the 
shock  wave  along  the  aft  part  of  the  aerodynamic 
body.  This  in  turn  causes  the  equilibrium  mod¬ 
els  to  predict  shock  waves  too  far  aft  of  the  ex¬ 
periment. 

Recently,  a  "nonequilibrium”  algebraic  tur¬ 
bulence  model  was  formulated*'*  which  attempts 
to  capture  the  aforementioned  important  a»ect 
of  turbvlencu,  that  is  the  slow  response  of  the 
turbulence  to  rapid  changes  in  the  mean  strain 
field.  This  “non-equilibnum*  algebraic  model 
R.e.,  the"  JohuMn-King  model')  employs  an  or- 
dihs^  differehtiU  equation  (o.d.e.)  that  is  de- 
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rived  from  the  turbulent  kinetic  energy  (t.k.e.) 
equation.  The  performance  of  this  turbulence 
model  relative  to  popular  “equilibrium”  mod¬ 
els  was  measured  for  three  ainoil  test  cases  of 
the  1987  AIAA  Viscous  lYansonic  Airfoil  Work¬ 
shop,  Reno,  Nevada.  It  was  observed  that  the 
Johnson-King  model  exhibited  impressive  im¬ 
provements  for  the  prediction  of  the  transonic 
separated  airfoii  flows.  Since  then,  this  model 
was  further  improved  to  account  for  some  defi¬ 
ciencies  in  the  original  model*. 

Although,  a  direct  extension  into  three- 
dimensions  doesn’t  seem  to  be  straightforward, 
some  researchers  have  attempted  to  develop 
forms  of  this  “non-equilibrium”  turbulence  model 
in  three-dimensions  in  which  similar  improve¬ 
ments  in  predictive  quality  were  realized.  Among 
these  were  Abid*  who  made  a  simple  extension 
of  this  model  for  an  inverse  three-dimensional 
boundwy  layer  method,  and  KavsaoUu  et  al.‘ 
for  a  direct  three-dimensional  boundary  layer 
method  with  significant  improvements  for  the  se- 
Imted  test  cases.  As  for  the  Navier-Stokes  ap¬ 
plications,  there  are  two  cases  that  are  known  to 
the  authors:  the  simplest  extension  of  the  model 
using  a  stripwise  o.d.e.  for  a  wing  calculation 
as  reported  ny  Yosbiara*  and  a  p.d.e.  approach 
used  by  Abid  et  al.*.  The  latter  has  shown  signif¬ 
icant  advancements  in  simulating  the  transonic 
separated  flow  around  the  ONERA  M6  wing. 

The  proposed  method  here  for  three-dimen¬ 
sions  models  most  relevant  physics  while  main¬ 
taining  mathematical  simplicity  by  solving  the 
governing  o.d.e.  on  a  mean  streamline  that 
passes  through  the  point  at  which  the  Reynolds 
shear  stress  atttdns  its  maximum.  This  idea 
was  provoked  by  the  fact  that  the  turbulent  ki¬ 
netic  energy  eouation  on  which  the  present  o.d.e. 
was  derived,  describes  the  time  rate  of  change 
of  the  turbulent  kinetic  energy  hlltwini  ■  find  rtrti- 
tU.  Therefore,  it  sounds  reasonable  to  integrate 
the  o.d.e.  on  a  mean  streamline  at  the  max 
shear  stress  point,  thereby  describing  the  down¬ 
stream  development  of  the  shear  stress.  Solv¬ 
ing  an  o.d.e.  instead  of  a  p.d.e.also  offers  great 
mathematical  simplicity  and  economy  for  tnree- 
dimenrional  Navier-Stozes  methods. 

The  present  work  specifically  targets  the 
Sow  simulation  of  genenc  fighter  wings  (high 
sweep/low  aspect  ratio  wings  and/or  delU  wings) 
that  has  been  ah  area  of  continuous  improve¬ 
ment  since  ,  the  first  transonic  separated  finite 
wins  simulation  of  Mansout*.  <The  trsihsonic  flow 
jnedictions  for  the  same  wing,  geometry  (WING 
C)'were  furtiier  perfected  by.  Myhak  M  al.f  us¬ 
ing  a  zonal  Navier-Stokes  approach;**  Another 
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significant  work  in  this  area  was  by  Vataa‘>  for 
the  simulation  of  the  ONERA  M6  wine.  Appli¬ 
cation  of  a  simple  simple  relaxation  (nonequi- 
librium)  turbulence  model  for  a  finite  wing  in  a 
transonic  wind  tunnel  was  first  realized  by  Kay- 
nak  and  Fiores**.  In  their  work,  computM  sur¬ 
face  skin-friction  lines  for  the  wing  upper  sur¬ 
face  very  closely  resembled  the  experimental  oil- 
fiow  picture  that  shows  a  muahroom  type  sepa¬ 
ration.  In  the  present  work,  the  degree  of  the 
accuracy  of  the  new  model  will  be  first  mea¬ 
sured  by  comparing  the  calculations  against  a 
well-known  transonic  axisymmetric  bump  exper¬ 
iment.  Later,  a  low  aspect  ratio  finite  wing  with 
a  NACA0012  cross-section  mounted  in  a  tran¬ 
sonic  wind  tunnel  will  be  simulated.  Finally, 
the  Johnson-King  model  will  be  used  to  stuay 
the  nonequillbrium  ^enomenon  on  a  delta  wing 
in  transonic  flow.  The  subject  of  the  numeri¬ 
cal  simulation  is  the  so-called  AFWAL  wing  that 
is  a  fiS*  sweep  round  leadiM-edM  delta  wing 
of  the  Intemawional  Vortex  Flow  Fbcperiment.” 
This  model  was  the  subject  of  various  earlier 
studies**-*'  using  Euler  and/or  Navier-Stokesfiow 
solvers  in  lammar  and  turbulent  fiow  regimes. 
It  was  reported**  that  the  effect  of  viscosity  and 
turbulence  modeliim  of  these  flows  was  not  yet 
fully  understood.  Furthermore,  transonic  flows 
around  delta  wings  create  complex  shock  pat¬ 
terns  in  which  crossflow  and  streamwise  shocks 
are  known  to  exist.  Such  a  complex  shock  sys¬ 
tem  is  bound  to  induce  some  nonequilibrium  ef¬ 
fects  on  the  flow  field.  Thus,  it  Is  hoped  that 
implementation  of  the  Johnson-King  model  will 
possibly  help  us  to  better  understand  the  vis¬ 
cosity  and  nonequilibrium  turbulence  effects  on 
transonic  vortical  flows. 

2.  NUMERICAL  METHOD 

The  strong  conservation  form  of  the  Navier- 
Stokee  equations  is  used  for  shock  capturing 
purposes.  To  enhance  numerical  accuracy  ana 
efficiency,  and  to  handle  boundary  conditions 
more  easily,  the  governing  equations  are  trans¬ 
formed  from  the  cartesian  coordinates  to 

general  time-dependent  curvilinear  coordinates 
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high  Reynolds  numuer  flows,  the  viscous  effects 
are  confined  to  thin  layers  near  ri^d  bound¬ 
aries.  Furthermore,  one  generally  does  not  hove 
enough  grid  points  to  resolve  the  streamwise  vis¬ 
cous  gradients.  Hence,  for  many  Navie^Stokes 
computations  the  viscous  derivatives  along  the 
body  can  Le  dropped.  This  leads  to  the  thin- 
layet  (Reynolds-Averaged)  Navier-Stokes  equa¬ 
tions  that  read 


x/i[f+/tf,A«)fJ-*A4«  = 


(») 


8,4 + *1^ + a  Be-* 


(is) 


Here,  A*s  are  the  diagonal  matrices,  r,  etc.  are 
the  similarity  transformation  matrices,  k  is  the 
time  step,  aq  is  the  change  in  the  vector  of  the 
dependent  variables,  and  A  is  the  residual  vec¬ 
tor.  For  more  details,  please  see  the  relevant 
papers.**-** 

3.  TURBULENCE  MODELING 

The  simplest  three-dimensional  turbulence 
models  are  tne  direct  extensions  of  two-dimension¬ 
al  models.  This  is  done  by  assuming  an  Isotropic 
turbulence  structure  in  wnich  the  rady-viscosity 
is  the  same  for  all  directions.  Thus,  the  turbu¬ 
lent  shear  stresses  in  streamwise  (x)  and  span- 
wise  (y)  directions  read 


where  4  ^-*|i-  is  the  vector  of  the  depen¬ 

dent  variables,  /  is  the  Jacobian  of  the  transfor¬ 
mation,  R$  is  the  Reynolds  number,  fl,  f  and  6 
are  thelnviscid  flux  vectors  and  i  is  the  (thin- 
Iwer)  viscous  flux  vector.  Complete  description 
of  the  thin-layer  equations  is  documented  In  Ref. 
16.  In'this  study,  ine  NASA- Ames  ARCsD**  pro¬ 
gram  and  multl-sone  TNS**  program  were  used 
to  solve  the  thin-layer  equations.  These  pro¬ 
grams  use  implicit  ^proximate  factorisation  al- 
gorithms  of  the.  Beam  and  Warming  for  time- 
accurate  calculations,  ,  and  a  diagonal  Version  of 
this  dgorithm  -by  Pulliam  and  ChausseeP  for 
steady-state  or.fl^order  timeraccnrate  calcula¬ 
tions^,  Just  for  a  binder,  the  latter  algorithm 
is  given  below:  ,. 


(2.) 

(») 

However,  this  assumption  is  scarcely  correct. 
The  experimental  data  of  Van  den  Berg  and 
Elsenaar**  and  of  Bradshaw  and  Pontikos**  show 
that  three-dimensionality  of  the  flow  affects  the 
turbulence  structure.  As  the  three-dimensionali¬ 
ty  develops,  the  experimental  results  show  that 
the  outer  level  of  the  mbcing-length  reduces  and 
the  the  ratio  of  the  shear  stress  to  turbulence 
kinetic  energy  decreases.  Therefore,  there  is 
a  significant  decrease  in  the  magnitude  of  the 
shear  stress  compared  with  an  equivalent  two- 
dimensional  boundary  layer.  In  addition  to  this, 
the  direction  of  the  shear  stress  vector  lags  be- 
Und  the  velocity  gradient  vector  components. 
AJl  this  certadnly  shows  that  the  eddy  viKosity  is 
not  isotropic,  and  direct  extension  oi  2-D  models 
into  3-D  models  is  in  fact  not  straightforward. 

Furthermore,  the  calculation  methods  that 
assume  a  unique  relationship  between  the  shear 
r<tress  and  the  mean  velocity  profile  are  not  re¬ 
alistic  for  boundary  layers  in  arbitrary  pressure 
gradients,  because  the  past  turbulence  history 
u  also  important  for  the  shear  stress,  not  just 
the  local  conditions.  It  was  argued  by  Bradshaw 
et  id.”  that  the  shear  street  is  closely  related 
to  the  turbulent  kinetic  enercr.  Thus,  models 
aiming  at  including  history  effects  bv  using  an 
equation  governing  the  streamwise  shear  stress 
development,  as  derived  from  the  turbulent  ki¬ 
netic  enerw  equation  (t.k.e.)  have  shown  suc¬ 
cesses  in  She  past.*-*”  In  this  work,  both  the 
Baldwin- Lomax**  and  Cebeci-Smith”  models  are 
used  as  equilibrium  models,  and  the  Johnson- 
King*  modri  is  used  to  study  the  nonequillbrium 
effects.  In  the  following  fines,  the  latter  two 
models  are  presented. 

The  Cebeci-Smith  Model 

In  this  formulation,  the  boundary  layer  is  a 
compoeit'’  two-layer  structure  consisting  of  inner 
and  outer  Iwers.  In  the  inner  layer,  the  eddy- 
viscosity  is  described  by 

(k) 

where  u  is  the  magnitude  of  the  vorticlty,  <•  is 
the  normal  distaiice  from  the  wall  and  ss0.4i  is 
the  Karmidi’s  constant.  The  heat-waU  damping  ‘ 
term  P  Is  gdven  by 

0-t-eqf-W*^  (>4 
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with  A*  •  at,  «nd  the  well  friction  veiocity  a,  - 

in'throuter  layer,  a  Giauaer  formulation  for  the 
eddy  viscoeity  is  used 

i;ta-0.M68|,<f7  (at) 

where  t,  is  the  magnitude  of  the  boundary  laver 
edge  velocity.  is  the  incompressible  (total)  dis¬ 
placement  tbicKness  given  by 

(if) 

where  the  magnitude  of  the  mean  velocity  is 
(  a  (t>  -f  +  ■*)'/*.  The  boundary-layer  edge  was 
simply  determined  by  taking  the  1,-location  at 
which  the  total  pressure  attains  a  value  that  is 
equal  to 

«  *  C(r)«„ + (1  -  C)(r,)««  (ar) 

where  C  is  a  constant  in  3  to  S  percent  range. 
A  recent  method^  for  predicting  the  boundary- 
layer  edge  using  the  Coles’  profile  family  may 
alM  be  used  for  some  class  of  problems.  In  this 
method,  the  boundary-layer  edge  is  found  by  us¬ 
ing  a  relation  that  reads 

(2t) 

where  is  the  normal  distance  at  which  the 
moment  of  vorticity 

/(j)ar,u  (a) 

takes  on  its  maximum  value.  In  the  outer  for¬ 
mulation,  the  Klebanoff  intermittency  factor  is 
given  by 

l.[l+M(J)‘]"'  (2/) 

Finally,  the  eddy-viscosity  distribution  is  found 
from 

(2t) 


The  Johnson-King  model  accounts  for  the 
convection  and  diffusion  effects  by  solving  an 
o.d.e.  governing  the  streamwise  development 
of  the  maximum  shear  stress  derived  from  the 
turbulent  kinetic  ener»  (t.k.e.)  equation.  An 
eddy-viscosity  distribution  n  assumM  across  the 
boundary  layer  that  is  functionally  dependent 
on  the  maximum  Reynolds  shear  stress.  Us¬ 
ing  an  isotropic  turbulence  assumption,  the  total 
Reynolds  shear  stress  at  a  point  may  be  assumed 
to  be  in  the  following  form: 


ticity  at  a  point.  Note  that  the  total  Reynold 
shear  stress  r  as  defined  above  is  in  fact  r/f,  but 
the  above  definition  is  used  here  for  convenience. 
The  foilowina  blending  formula  for  the  inner  and 
outer  layer  eady-viscouty  formulations  is  used  to 
set  the  eddy  vUKOsity: 


w«iw|l-eq>(->w/w.))  (*») 

which  behaves  like  the  inner  and  outer  formu¬ 
las  for  small  and  large  t,  values  respectively,  and 
smoothly  blends  the  inner  and  outer  refdons.  It 
also  makes  w  functionally  dependmit  on  w,  across 
the  boundary  layer.  The.inner  formula-is  ghrsn 
by 


where  r.  is  the  maximum  value  of  the  shear 
stress  to  be  found  by  solving  an  o.d.e.  as  will 
be  explained  below,  ^e  damping  function  D  is 
given  by 

D  » 1  -  eiqi|-r,  r./v.A+l  (U) 

However,  the  constant  A*  is  taken  to  be  as  17  as 
oppMed  to  26,  to  account  for  the  different  wall 
distance  dependencies  of  the  two  formulations. 
The  outer  cmdy  viscosity  is  given  by 

»t,Kf(()0.01t8f,if'y  (8e) 

The  parameter  «(«)  provides  the  link  between 
the  assumed  eddy-viKosity  distribution,  and  the 

o. d.e.  that  governs  the  streamwise  development 
of  the  maximum  Reynolds  shear  stress. 

The  rate  equation  in  the  form  of  an  o.d.e. 
could  be  obtained  from  the  turbulent  kinetic  en¬ 
ergy  (*  »  +  1^)1  equation  by  making  an 

assumption  similar  to  Bradshaw  et  a).**  that  the 
ratio  of  the  maximum  shear  stress  r«  to  maxi¬ 
mum  t.k.e.  im  is  constant.  Under  this  assump¬ 
tion,  the  total  Reynolds  shear  stress  equation 
in  cartesian  coordinates  that  is  evaluated  at  the 
maximum  shear  stress  point  (m)  reads 

9fm  .  _  ffm  .  _  9fm  .  _  9fm 

The  shear  stress  can  be  obtidned  by  solving  th'.., 

p. d.e.  as  was  done  in  Ref.  7.  However  an  equiv¬ 
alent  and  cheaper  way  is  available  for  solving 
this  equation.  Notice  that  the  left  hand  side  of 
the  above  equation  is  the  material  derivative  of 
tm  following  a  fluid  particle.  From  vector  anal¬ 
ysis,  by  making  a  steady  flow  assumption,  this 
IS  equal  to  the  directional  derivative  of  r.  in  the 
mean  velocity  vector  direction  ■  «*(■«, w„wa). 
Therefore,  the  above  equation  reduces  to  an 
o.d.e. 

{H) 

Here,  it  «  it[i*,it,it)  is  in  the  direction  of  the 
mean  velocity  vector  passing  through  the  point 
at  which  r  is  at  its  maximum.  In  E!qs.  (3f) 
and  (3g)  the  subscript  {w}  denotes  the  equuibK 
rium  value  corresponding  to  *(*)  >  i,  subscript  (m) 
denotes  the  value  evaluated  at  maximum  shear 
point,  4b  is  the  magnitude  of  the  mean  velocity, 
and  PL  is  the  diffusion  term  at  rsfb  (see  Johnson 
and  King!  for  its  modeling).  Furthermore,  the 
modeling  constant  a,  and  the  dissipation  length 
scale  Lm  are  given  by 

where  is  taken  as  0.25,  and  >«  is  the  disdpsr 
tion.  The  dissipation  len^h  scale  Lm  is  assumed 
to  scale  with  6  in  the  inner  part  of  the  boundary 
layer,  and  with  the  boundary-layer  thickness  t  in 
the  outer  put  of  the  boundary-layer  (see  Ref.  1 
for  the  hinctional  form):  The  diffusion  term  is 
modeled  u 

where  is.  a  modeling  constant  taken  as  0.6. 
The  above  o.d.e.  (Eq.'  3g)  ' could  be  solved  eas¬ 
ily  by  dsing  a  standard,  technique'.suclr  m  the 
backward' (biiplicit)..|^ler;tfetttod:  Klfdiiiig  the 
chu^.  of  yuiable  f  -  and  iihplem^tiag  the 

badtwird'Bulaf  method  on'Eqf  %  at  a  location 


cor-tf 
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{j,t)  result  in 


‘^"“SCTC:’ 

Solution  of  Eq.  (SJ)  neceaeitates  the  downstream 
v^ue  of  K  (i.e.  «..(,)  at  a  certdn  location,  and 
this  is  obtained  by  performing  the  extrapolation 
as  shown  in  Fig.  1.  The  extrapolation  could  be 
achieved  in  the  following  way:  At  grid  point  {/,»), 
first  the  maximum  shear  stress  point  m  is  found 
in  the  normal  direction  and  the  direction  of  the 
local  mean  flow  velocity  vector  is  determined. 
Then  is  extrapolatM  from  the  downstream 
cells,  and  also  the  spatial  step  At  is  determined 
to  compute  /  at  point  Once  ^  is  found,  r. 
is  computed  and  the  link  parameter  «(«)  is  estab¬ 
lished  according  to  the  following  scheme 

{«) 

where  s  denotes  the  iteration  level  of  the  time¬ 
marching  scheme.  The  initial  conditions  for  in¬ 
tegrating  this  o.d.e.  may  be  obtained  by  assum¬ 
ing  that  the  flow  is  in  equilibrium  at  the  start 
of  the  calculations,  i.e.  tt  »  and  rm  »  fiwt- 
The  latter  can  be  obtained  from  the  experiment 
or  from  the  Cebeci-Smith  model.  Alternatively, 
the  wall  shear  velocity  «,  as  determined  from  the 
experiments  or  calculations  could  be  used. 

4.  RESULTS  AND  DISCUSSION 

In  this  section,  results  of  three  different  con¬ 
figurations  using  the  new  turbulence  model  will 
be  given.  First,  detidled  comparisoru  will  be 
done  for  a  transonic  axisymmetric  separated 
btu^  flow.  Second,  a  low  aspect  ratio  wing  of 
NACA0012  cross-section  mounted  in  a  transonic 
wind  tunnel  will  be  simulated.  Finally,  transonic 
vortical  flows  around  a  65  deg.  sweep  round 
leading  edge  delta  wing  will  be  studied. 


In  order  to  validate  the  new  turbulence 
model,  preliminary  calculations  were  done  for 
a  flow  case  that  hw  a  good  experimental  data 
base  and  that  has  been  numerically  studied  by 
other  investintors*-*  piywiously.  In  general,  vai- 
idation  should  include  det^lea  comparisons  in¬ 
cluding  the  shear  stress,  boundary  layer  param¬ 
eters  and  velocity  profiles.  For  thu  purpose,  the 
axisymmetric  bump  experiment  of  Bacnaio  and 
Johnson**  was  chosen.  In  this  experiment,  a  thin 
walled  cylinder  (16.2  cm  outer  diam.),  with  an 
axisymmetric  circular-arc  bump  a^tacned  61  cm 
from  the  cylinder  leading  edge.  The  bump  has 
a  thickness  of  1.9  cm  and  a  chord  length  of  20.3 
cm.  This  flow  model  was  specifically  <r:^ned  to 
simulate  the  type  of  viscoua-inviscid  interactions 
that  can  develop  on  airfoil  sections  at  tranimaic 
conditions.  Hie  model  was  tested  in  Ames  ^ 
by-2  foot  transonic  wind  tunnel  and  6-by-6  foot 
supersonic  wind  tunnel  for  a  range  of  Mach  and 
R^nolds  numbers. 


The  new  turbulence  model  was  included  in 
the  NASA-Amn  ARCSD>*  and  TNS*'  Navi^ 
Stokw  flow  solvm  and  the  ARC3D  'program- was 
first  run  at  IBM;S090'150E  scalar  computer  in- 
stallM  at  TUSA^  Aerospace  Industries  (TAI), 
Inc.  using  cbairae  ^ds."  Later;' Uie  calchlatidns 


were  repeated  at  NASA-Ames  Research  Center 
for  fine  grids  using  the  Cray-YMP  supercom¬ 
puter.  One  such  algebraically  generated  flnitb 
difference  grid  is  shown  in  Fig.  2.  The  grid  has 
dimensions  lMx7x46  in  the  streamwise,  circum¬ 
ferential  and  normal  directions  respectively.  Ex- 

Sonential  stretching  is  used  in  the  normid  direc- 
lon.  Since  the  experiment  was -axisymmetric, 
only  5  to  7  planes  were  used  in  the  circumfer¬ 
ential  direction  in  a  90  deg.  pie.  The  first  grid 
point  off  the  body  is  2  x  lo-*,  and  the  stream- 
wise  grid  resolution  is  1%  of  the  chord  between 
s/ea>0M  and  s/e  M  1.00.  The  Mach  number  is  0.875 
and  the  Reynolds  number  is  i&ox  lo*/m. 

The  results  of  the  bump  calculations  are 
shown  in  Figs.  3-8.  In  Fig.  3,  surface  pres¬ 
sure  coefficients  using  the  equilibrium  turbu¬ 
lence  models  of  Baldwin  and  Lomax**  (B-L)  and 
Cebeci  and  Smith**  (C-S)  and  the  nonequilib¬ 
rium  model  of  Johnson  and  King*  (J-K)  are  com- 

gared  with  the  experiment.**  As  shown  in  the 
gure,  whereas  the  equilibrium  models  (B-L  and 
C-S)  predict  the  shock  too  aft  of  the  experi¬ 
ment,  the  J-K  model  predicts  the  shock  wave 
location  and  the  resulting  pressure  plateau  very 
welj.  Note  that  the  equiliDrium  models  are  quite 
similar  to  each  other  and  the  pressure  plateau  is 
just  nonexistent  in  these  models. 

The  behaviour  of  the  Reynolds  shear  stress 
and  viscous  layer  growth  are  very  intimately  re¬ 
lated  with  the  surface  pressure.  Fig.  4  ^ows 
the  maximum  Reynolds  shear  stress  (^)  distri¬ 
butions  of  the  C-S  and  J-K  models.  The  equi¬ 
librium  model  of  C-S  exhibits  a  very  sharp  peak 
in  the  vicinity  of  the  shock  and  a  very  rapid  de¬ 
cay  in  downstream.  On  the  other  hand,  the  J- 
K  model  yields  a  softer  increase  near  the  shock 
and  more  persistent  level  downstream  in  result 
of  the  solution  of  the  Eq.  3g.  Too  much  increase 
of  the  shear  stress  in  the  equilibrium  models  also 
causes  the  lateral  shear  stress  gnulient  dr/gi  to  be 
larger  than  those  observed  in  tne  experiment.  As 
a  result,  the  boundary  layer  displacement  thick¬ 
ness  will  be  less  and  tne  pressure  recovery  will  be 
higher.  On  the  other  hand,  lesser  increase  of  the 
shear  stress  associated  with  the  nonequilibrium 
J-K  model  will  reduce  the  amount  of  the  eddy 
viscosity.  As  a  consequence,  the  inner  part  of  the 
bounds^  layer  will  lose  more  momentum  in  the 
shock,  and  its  ability  to  withstand  advene  pres¬ 
sure  gradients  will  be  reduced.  This  will  produce 
a  larger  viscous  layer  growth.  In  Fig.  5,  the  dis¬ 
placement  thickness  cmculated  by  the  C-S  and 
J-K  models  are  compared  with  the  experiment. 
In  concert  with  the  better  shear  stress  pr^iction 
in  the  boundary  layer,  the  J-K  model  agrees  with 
the  experiment  quite  well. 

The  mean  veloci^  profiles  are  compared  with 
the  experiment  in  Fig.  6.  In  R^if.  2  the  com¬ 
puted  velocity  profiles  were  ofliset  by  3%  relv 
tive  to  the  exi^riment  due  to  approximately  that 
much  difference  in  the  shock  wave  locations.  The 
results  of  this  paper  were  also  oflhet  by  the  same 
amount.  Strictly  speaking,  there  is  not  as  much 
stroM  iustifleamn  to  follow  Ref.  2  in  our  case, 
but  stui  some  percentage  of  thb  offset  may  be 
atMbhted  to  the  present  difference  in  shock  lo- 
Muons  and  some  pwcent,  may'  be  to  experimen- 
^  uncertainiti^  One  thinglhat  may  added 
to  the  discussion  is  that  the  prssmtsolnklon,  d- 
thoughr-Botigiven  here, ^dbes 'not  give-as  mu^ 
shock  curvature  as  the  shadognmh  picture  of  the 
expe^ental  shock. ..Tlia  differences  in  the  shock 
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curvaturea  rather  than  the  shock  locations  may 
support  to  justify  the  present  offset  of  **.  As 
shown  in  Fig.  8,  the  J-K  model  qualitatively 
predicts  the  boundary-layer  profiles  quite  well. 


&S  models.  This  is  especially  visible  around 
the  separated  regions  in  which  the  curvature  of 
the  equilibrium  profiies  are  of  opposite  sign  to 
that  observed  in  the  experiment  and  that  pre¬ 
dicted  by  the  J-K  model.  In  result  of  this,  the 
sepuation  and  reattachment  points  for  the  J-K 
model  (0.78  <  i/e  <  no)  was  in  cioser  agreement 
with  the  experiment  (0.70  <  */«  <  i.is)  than,  say, 
the  C-S  model  (o.70<s/e<L07).  ^he  mean  veloc¬ 
ity  profiles  indicate  that  the  equilibrium  models 
are  not  good  in  the  inner  layer  producing  cur¬ 
vature  of  the  opposite  sign.  Also,  it  is  obvious 
thftt  tho  noncQulIibriuni  inod6)  D6€>d8  Iniprovo* 
ments  in  the  recovery  region  downstream  of  the 
reattachment. 

Figure  7  shows  the  nonequilibrium  state  of 
the  fiow,  that  is  the  streamwise  variation  of  the 
iink  parameter  (ir(«)  which  may  be  regarded  as 
the  ratio  of  the  production  to  dissipation.  This 
miantity  attains  high  values  at  the  recovery  re- 
non  downrtream  of  the  reattachment  and  there¬ 
fore  is  limited  to  a  value  of,  say,  2  in  this  region 
without  aM  adverse  impact  in  the  c;-predietIons 
following  Ref.  2.  Some  experimental  values  are 
also  put  on  the  figure  that  shows  a  pretty  good 
agreement  with  tne  computation.  Finally,  the 
convergence  rate  of  the  B-L  and  J-K  models  are 
compared  in  Fig.  8.  First  of  all,  since  only  an 
o.d.e.  is  soived  as  opposed  to  the  p.d.e.  for 
the  maximum  shear  stress,  extra  cost  of  com¬ 
putation  in  the  nonequilibrium  model  is  negligi¬ 
ble.  There  is  only  Mded  cost  of  the  interpo¬ 
lation  routine  for  calculating  the  downstream 
value  of  f*.  Also,  as  shown  in  Fig.  8,  extra  stiff¬ 
ness  associated  with  the  nonequilibrium  added 
to  the  equations  does  not  cause  a  significant  siow 
down  in  the  convergence  rate,  and  quite  compa¬ 
rable  speeds  were  obtained.  As  a  result,  the  new 
method  is  comp^urftble  to  a  p*d«e*  Approach  Iq 
terms  of  accuracy,  and  furthermore  it  is  simple, 
cheap  and  efficient. 


Reynolds  Number  Channei-I  is  shown  in  Fig. 
10.  The  present  grid  has  a  total  of  231,006  grid 
points.  The  individual  grid  point  bredidown  for 
the  zones  are  the  following:  Zone  1  has  «»x2lxa 
points.  Zone  2  has  73  x  86  x  24  points  and  Zone  3 
and  4  \ave  66  x  33  x  30  points  each.  In  the  present 
grk’  the  points  are  not  clustered  near  tne  aide 
wails,  so  no  attempt  was  made  to  modei  viscous 
flow  near  the  walls.  The  wing  has  an  aspect  ra¬ 
tio  of  1.5,  a  taper  ratio  of  I,  a  sweep  of  20*  and 
no  camber  and  consists  of  a  NACA0012  cross- 
section.  The  flow  conditions  were  Mm  »  0.836, 
« ■«  2,*  and  Ae,  B  8  X 10.*  Previous  studies  are  avail¬ 
able  for  this  wing  by  the  first  author'*  and  by 
Vatsa  and  Wedan“  for  siightiy  lower  Mach  num¬ 
ber.  Also,  there  is  accumulated  evidence  with 
regards  to  the  effects  of  grid  resolution,  tunnel 
exit  boundary  conditions,  artificial  dissipation, 
turbulence  modeling  and  tunnel  side  walb  on  the 
accuracy  of  the  simulations.  Use  of  these  previ¬ 
ous  stuaies”-**  will  be  made  for  interpreting  the 
present  results. 

The  wperimental  oil-flow  photograph  and 
computational  skin-friction  iines  are  shown  in 
Fig.  11.  Fig.  11a  is  taken  from  Ref.  27  and 
shows  the  so-called  mushroom  type  separation. 
The  strong  shock  wave  in  the  experiment  sep¬ 
arates  the  wing  upper  surface  flow  and  brings 
about  two  counter-rotating  vortices.  Figs.  11b, 
11c  and  lid  are  belong  to  the  calculations  us- 
mg  the  B-L,_C-S  and  J-K  models  respectively. 
First  of  ali,  in  all  these  numerical  simulations, 
the  strong  shock  wave  separates  the  flow  all  the 
way  to  the  side  wall.  Lack  of  viscous  flow  simu¬ 
lation  at  the  wall  have  a  very  negative  effect  on 
the  simulations.  It  is  known  that  viscous  layer 
displacement  effects  tend  to  reduce  the  strength 
of  ^e  shock  wave  towards  the  wall.**  As  shown 
in  Fig.  lid,  only  tho  J-K  model  produces  at 
least  one  of  the  vortices  of  the  mushroom.  The 
inboard  vortex  could  not  be  captured  by  any  of 
the  models,  and  lack  of  the  viscous  layer  mod- 


I^ansonic  flow  around  the  low-aspect-ratio 
wing  of  Lockman  and  Seegmiller^  was  simulated 
using  the  four-block  venion  of  the  Transonic 
Navier  Stokes  (TNS)“  program.  In  this  pro¬ 
gram,  the  flow  field  around  a  wing  is  divided  into 
four  zones  (Fig.  9),  and  the  Euler  and  Navier- 
Stokes  equations  are  solved.  For  this,  an  H-H 
^pe  bw  coarse  grid  is  generated  and  then  sub¬ 
divided  into  zones.  Zone  1  is  the  base  grid  with 
Mme  points  removed  around  the  wing.  Zone  2 
is  constructed  by  doubling  the  number  of  grid 
points  by  using  the  base  grid  closer  to  the  wing, 
ag^  leaving  a  hole  near  the  wing.  There  is  one 
^  overlap  between  the  zones.  Fi¬ 
nally,  &nM  3  and  4  are  generated  by  filling  the 
space  between  the  wii^  and  Zone  2  by  clt^- 
tog  points  near  the  wing,  to  Zones  1  and  2,  the 
Euler  MuatfoiM  m  solved,  and  to  Zones  3  and 
4  the  (R^nolds- Averaged)  Navier-Stokes  eqna- 
^ns  are  solved.  This  provides  a  flexibility  to 
md  generation  for  cdmpUcated  geometriee  and 
efficiency  in  the  flow  soratlohs.  For  indre  Infor¬ 
mation,  the  teadtt  is  teferiNid  to  Ref.  10. 

A  finite  difference  grid  for  Emulating  the  flow 
around  the  wing  mounted  in  NASA-Ames  Ogfa 
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result  subject  to  the  present  limitations. 

The  comparison  of  the  surface  pressure  coef¬ 
ficients  for  the  C-S  and  J-K  models  are  shown 
th^  span  stations  (50%,  77%  and  90%)  to 
rig.  12.  As  shown,  whereas  the  comparison  is 
well  at  two  outboard  sUtions  (77&  and 


explained  above,  the  sidewall  boundary 
conditions  are  probably  the  primary  cause  for 
,  this.  Also,  the  J-K  model 'was  run  only  on  the 
upper  surface,  and  the  C-S  model  was  used  on 
the  lower  surface.  The  effect  of  the  exit  plane 
boundary  conditions  are  also  important  as  was 
documented  to  Refe.  11  and  28.  Hence,  b^ore 
making  conclusive  statements,  more  work  ne^ 
to  bo  done  for  this  ctoe.  It  should,  however,  be 
remembersd  that  some  itoraiiohs  are  necessary 
to  correctly  aseess  the  right  level  of  the  down- 
str^  pressure  boundary  condition.  Because, 
M  thrt  condition  chahgee,  the  location  and  the 
;*wngth  of  the  shock  wave  will  change  and  Eq. 
3g  will  produce  different -noneq^hnunr  states 
*?J‘w^?d»tothe8hockjump.  to'dther  words, 
low^g  the  downstream-pressure  win  suck  the 
Joto»8tts^  but  the  nohequiUbriwB  ef¬ 
fects:^  Rtoli'K^hforwud^bHUckraintth'e 
boundary  toyer.  Of  conise  this  will  tottoaenrith 
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the  side  well  conditions  which  will  tend  to  lessen 
the  strength  of  the  shock  if  viscosity  is  included. 
The  finsl  solution  should  mstch  the  experimen¬ 
ts!  vslue  of  the  incoming  Much  number,  the  side 
end  upper  snd  lower  ww  pressures  correctly,  so 
thst  one  may  more  conclusively  comment  on  the 
turbulence  closure  model’s  penormsnce. 


The  flow  over  s  swept  delta  wing  is  charac¬ 
terized  by  a  primary  vortex  separating  from  the 


duced  by  these  vortices  Is  very  important  for 
fighter  aircraft  manevourabllity,  there  are  omo- 
ing  efforts  to  study  and  predict  such  flows.  The 
International  Vortex  Flow  Sympor’.um**  which 
was  held  in  Stockholm,  October  l-.i,  1986,  was 
the  result  of  a  joint  U.S./European  effort  to  ex- 
porimentally  and  numerically  study  the  tran¬ 
sonic  vortical  flows  about  delta  wings.  The 
model  geometry  wss  a  round  or  sharp  leading 
edge  cropped  delta  wing  with  a  modified  NACa 
6eA006  profile  with  zero  twist  and  camber,  and 
with  sweep  angles  of  St*  or  m*.  In  order  to  check 
the  performance  of  the  new  turbulence  model, 
and  to  illuminate  the  effect  of  turbulence  mod¬ 
eling  on  the  flow  field,  the  6S*  sweep  angle  delta 
wing  model  that  was  manufactured  by  AFWAL 
was  chosen. 

The  C>H  type  finite  difference  grid  for  this 
delta  configuration  with  total  number  of  354,346 
grid  points  Is  shown  in  Fig.  13.  The  number  of 
grid  points  is  ISlxSlxM  in  streamwise,  spanwise 
and  normal  directions  respectively.  The  wins 
surface  has  lUxM  points  in  the  streamwise  and 
spanwise  directions,  and  the  grid  resolution  in 
the  leading  and  trailing  edges  were  0.001  and 
0.005  chord  respectively.  The  wake  has  30  points 
and  the  normal  grid  resolution  off  the  body  is 
2xur*  chord.  Tlie  outer  boundary  is  4  to  5  chord 
lengths  away  from  the  body.  In  the  grid  genera¬ 
tion,  a  hyperbolic  type  grid  generation  te^nique 
was  used  tor  each  i-u  streamwise  cross-sections, 
then  those  planes  were  stacked  together  to  ob- 
tidn  the  final  3-D  grid,  llie  grid  at  the  tip  is 
defined  ^  the  revolution  of  the  ^rfoil  at  that  lo¬ 
cation.  The  flow  conditions  were  a  ••is* 

and  >  9x  10*.  The  transition  was  fixed  at 
the  llK  of  the  root  chord.  The  Baldwin-Lomax 
and  Johnaon-King  turbulence  models  were  used 
to  study  this  flow  field.  Both  modds  converged 
more  than  three  ordws  of  magnitude  in  the  1<3 
norm  of  the  reddual  in  about  3000  iterations 
on  the  Cray-2  supercomputer  installed  at  the 
NASA-Ames  ResesKh  Center.  It  took  10.01  and 
11.67  seconds  {w  iteration  for  the  B-L  and  J-K 
models  respectively.  However,  the  overhead  in 
the  computer  time  is  largely  due  to  the  yet  uh- 
vectorized  version  of  the  J-K  model,  and  the  real 
overhead  should  drop  to  a  perh^M  a  few  percent 
after  the  vectorizatloa.  In  the  calculation^  the 
wittg^.was  modeled  u  a  clean  wing  contra^  to 
the  experiment  that  has  a  support  on  the  lower 
side. 

Figure  14  shows,  the  calculated  surface  pres¬ 
sure  coefikients  as.  compared  with  the  experi¬ 
ment  at  the.dreamwise.  stations  of  .80%,  .60% 
and  80%  dl^the  root  l^ord;  First  all,  bo^ 
turbulence  models  (B-L  and  J-K)  predict  almost 
identical  results"  for  th*.  pressure..  The  compar¬ 


isons  are  quite  good  at  the  60%  and  80%  star 
tions  for  both  models.  However,  the  numerical 
predictions  are  rather  poor  at  the  30%  station 
due  probably  largely  to  the  poor  grid  resolution 
at  the  leading  edge.  Note  that  despite  the  lack 
of  modeling  of  the  body  support  under  the  wing, 
the  lower  surface  pressure  comparisons  are  sur¬ 
prisingly  very  good.  The  calculations  predict 
double  suction  peak  at  the  80%  station  that  is 
not  very  clear  in  the  experiment.  These  suction 
peaks  are  because  of  the  primary  and  secondary 
separations  as  shown  in  Fig.  15.  In  this  fig¬ 
ure,  both  models  find  a  primary  separation  very 
close  to  the  leading  edge  and  a  strong  secondary 
separation  more  inboard  of  the  wing.  Similar 
secondary  separation  was  also  predicted  by  the 
laminar  simulation  of  Miiller  and  Rizzi**  for  the 
same  round  leading  edge  wing.  A  perspective 
view  of  the  primary  vortex  shed  from  the  lead¬ 
ing  edge  computed  by  the  J-K  model  is  given  in 
Fqt-  16- 

Since  almost  identical  results  were  obtained 
by  both  B-L  and  J-K  models,  the  nonequilib¬ 
rium  effects  should  be  insignificant  for  this  flow 
case.  This  is  demonstrated  in  Fig.  17  in  which 
the  nonequilibrium  state  v(«)  of  the  flow  is  given 
at  s/e>  0.30, 0.60,  0.80.  Here, «{«)  generally  stays 
above  the  value  of  1.0  which  does  not  induce  a 
significant  change  in  the  overall  flow  field.  Note 
that  the  pressure  suctions  of  the  vorticee  are 
sensed  by  «(«)•  It  appears  that  this  flow  is  largely 
convection  dominatM.  At  this  point,  some  com¬ 
ments  about  the  turbulence  models  are  warranted; 
The  Baldwin-Lomax  model  that  is  very  popular 
for  the  Navier-Stokes  computations  have  a  dif¬ 
ficulty  of  distinguishing  the  proper  peak  among 
the  several  peaks  occurlng  in  the  moment  of  vor- 
tlcity,  FU)  for  predicting  the  outer  layer  eddy  vis- 
coeity.  The  tendency  te  that  the  model  picks  the 
second  peak  induced  by  the  vortex  sheet.  This 
in  turn  falsely  results  in  much  too  high  viscosity 
that  wipes  out  many  flow  features.  Special  tech¬ 
niques  such  as  one  given  in  Ref.  29  &  necessary 
to  select  the  proper  peak.  Since  the  present  im¬ 
plementation  of  the  J-K  model  uses  the  Clauser 
formulation  (Eq.  2e)  for  tha  outer  eddy  viscosity, 
such  a  problem  does  not  occur. 

CONCLUSION 

The  Johnson- King  model  that  has  shown  suc¬ 
cesses  for  two-dimensional  separated  flows  has 
been  extended  into  three-dimensions  using  an 
streamwise  o.d.e.  approach.  The  new  method 
is  equivalent  to  a  p.<i.e.  approach  in  accuracy, 
computationally  cheap,  and  convergence  rate  is 
comparable  to  an  equilibrium  model.  The  new 
model  was  compared  agidnst  three  test  cases. 
First,  the  accuracy  was  validated  against  the 
transonic  axisyrametric  bump  experiment  and 
very  satisfactory  results  were  obtmed,  includ¬ 
ing  a  fast  convergence  rate  despite  the  stiffness 
induced  by  tht  nonequilibrium  effects.  Second, 
the  flow  around  a  low  upect  ratio  wing  mounted 
in  a  transonic  wind  tunnd  was  ^ulated.  and 
some  vortical  flow  structure  that  is  nonexistent 
for  the  equilibrium  models  was  cultured.  Fi¬ 
nally,  a  transonic  vortical  flow  around  a  «>  sweep 
delta  wing  was  rimiilsted,  and  it  was  found  thsA 
the  .flow  is  convection  dominated  and  ndnequir 
librium  effects  do  not  take  a  d^iflcant  part  in 
this  flow.  As.  a  resdltj  ^the  hew.  method  .to.  a 
viable  one  for  three^dimouriohal  Naviei^Stbkes 
methods, with  Jnczeased  accuracy  without  tighif- 
icantly'  increasing,  the  computatlonal  cbst.-. , 
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Fig.  1  Extrapolation  of  maximum  shear  stress 
from  the  downstream  cells.  ' 


FIGURES 


o 


O  B-;  EXP 

!  _  'hK 

5  "c-s’mod 


0} 


1  0 

x/c 


1 '. 


•  Maximum  Roynolds  shear  stress  disri- 
but:on  on  the  axbymmetric  bump,  V»  =  0.875, 
8ei«i3.tx!o*/m,  C-3  and  J'  K  turbulence  models- 


c  3-J  EXP 
J'K  MOD. 


Fig.  S  Algebrmc  axisymmetric  bump  grid(iMy7x4S). 


Fifr  I  IHsplacemeni  thickness  distribution  on  the 
axmymroptrfc  bump,  afe«o.S!5,  Xtm  mxiWm,  G-S 
and  J-K  tcroubnce  modeb. 


■  'S  : 

-  -- 


XV'C--0  6fi  XU/'C-O  9‘} 


XU''C>-1 00  X’U/'C--1 13 


[ 


I 


I 


ft*.  7  The  streaiawise  variation  of  a(*)  of  the  Fi*.  8  Compamon  of  convergence  rates  for  B-L 
nonequilibrium  state  of  the  flow,  and  J-K  turbulence  models. 


Hg.  9  EIxpanded  view  of  the  embedded  grid  near 
the  wjug  geometry  showing  the  four  zones. 
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Fif.  IS  Computed  skin  friction  lines  on  65'  sweep 
delta  wing  showing  both  primary  and  secondary 
separations,  Uoc  =  0^,  a s  10*,  Rt  =  ix  10*,  B-L  and 
J-K  turbulence  models. 


J-K  Model ,  Primary  Vorte.x 


Hg.  W  A  perspective  view  of  the  primary  vortex 
shedding  from  the  leading  edge  of  the  65'  delta 
wins,  Jifoo  =  0.85,  0  =  10',  Acs 9x10*,  J-K  turbulence 
model. 


Hf-  IT  Variation  of  o(»)  of  the  nonequilibrium 
state  at  constant  streamwise  locations,  lifay^OSS, 
o  =  10*,  Res9x  10*,  J-K  turbulence  model. 
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REVIEW  OF  AIRCRAFT  DYNAMIC  LOADS  DUE  TO  FLOW  SEPARATION 
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Umted  Kingdom 


SUMMARY 

This  paper  presents  a  detallea  review  of 
the  70th  meeting  of  the  AQARD  Structures 
and  Materials  Panel,  prepared  for  the  AQARD 
Fluid  Dynamics  Panel.  Accordingly  emphasis 
Is  placed  on  the  Aerodynamic  Information 
presented,  rather  than  on  the  Structural 
Aspects . 

Experimental  results  and  computations  are 
described  for  flows  with  bubble  and  vortex 
separations.  Some  conclusions  are  drawn 
and  recommendations  are  made  for  further 
research.  In  particular,  the  review 
suggests  that  much  greater  attention  should 
be  given  to  establishing  the  magnitude  of 
possible  scale  effects  (both  In  experiments 
and  calculations)  and  to  the  prediction  of 
fin  buffeting. 

1  INTRODUCTION 

The  70th  meeting  of  the  AQARD  Structures 
and  Materials  Panel  included  a  specialists' 
meeting  on  "Aircraft  Dynamic  Loads  due  to 
Plow  Separation''.  The  problems  to  be 
considered  had  been  defined  by  a  pilot 
paper  ,  which  also  recommended  a  uniform 
notation.  Sixteen  papers  were  Included  In 
the  propramme^"! 2  and  these  have  been 
publlshedl8.  The  current  Interest  In  this 
specialised  topic  was  Indicated  by  the 
attendance  of  about  130  scientists  at  this 
meeting. 

The  objective  of  the  present  review  paper 
Is  to  summarise  aerodynamic  results  which 
are  of  Interest  to  the  AQARD  Fluid  Dynamic 
Panel  when  discussing  the  problems  of 
"■Vortex  Plow  Aerodynamics".  However,  some 
reference  to  structural  problems  Is 
Inevitable. 

Sections  2.1  and  2.2  respectively  review 
the  experimental  and  computational  results. 
Section  3  highlights  major  achievements  and 
shortcomings,  while  Section  4  offers  some 
conclusions  and  recommendations.  The  views 
expressed  are  solely  those  of  the  author. 

2  REVIEW  OP  PAPERS 

2.1  Experimental  Results 

2.1.1  Bubble  flows 

Two  Interesting  papers  describe  shock 
oscillations  at  transonic  speeds  caused  by 
bubbles  on  supercritical  aerofoils.  The 
first  paper*  discusses  measurements  of 
normal  force  fluctuations  Cjj  »  on  a  l6t 
thick  supercritical  aerofoil  (Fig  1) 
provided  with  a  tralllng-edge  flap.  For 
every  flap  setting,  shock  oscillations  at  a 
discrete  frequency  occur  over  a  wide  range 
of  Mach  number  and  angle  of  incidence  (of 
Fig  1  for  a  flap  setting,  5  "  -4*). 


Somewhat  surprisingly,  for  a  fixed  Mach 
number  the  shock  oscillation  frequency  does 
not  change  significantly  with  the  angle  of 
Incidence.  This  Is  Inconsistent  with 
observations  on  another  supercritical 
aerofoil  described  In  the  second  paper*. 

Here  the  prime  objective  Is  to  measure  the 
buffet  onset  on  a  typical  supercritical 
aerofoil  (the  CAST  7)  and  to  see  how  this 
changes  as  Reynolds  number  Is  varied  over  a 
wide  range  (about  2.5  x  10“  to  25  x  10°). 
Most  of  the  measurements  were  made  with 
free  transition  but  a  few  comparative 
measurements  were  made  with  fixed 
transition.  Shock  oscillations  were 
observed  after  buffet  onset,  driven  by  the 
Interaction  of  the  complex  flow  at  the  foot 
of  the  shock  (le  the  bubble)  and  at  the 
trallli.g-edge.  The  variation  of  both  the 
shock  height  and  the  boundary  layer 
thickness  at  the  trailing  edge  is  cyclic 
(Pig  2).  With  free  transition  the  shock 
frequency  decreased  with  Increasing 
Reynolds  number  (Pig  3).  Pull  comparative 
measurements  with  fixed  transition  are  not 
available  but  would  have  been  of  great 
Interest.  In  these  experiments  the  shock 
oscillation  frequency  varies  with  the  angle 
of  Incidence,  In  contrast  to  the 
measurements  of  Ref  2. 

Refs  4,  5,  and  6  relate  primarily  to 
Investigations  of  the  buffet  and  buffeting 
on  a  low  aspect  ratio,  trapezoidal  wing, 
which  has  a  swept  bubble  separation  from 
the  sharp  leading  edge.  The  half  model  has 
an  NACA  64-A-005  section  and  was  tested 
both  with  and  without  a  strake.  Interest 
was  centred  mainly  on  flows  separated  from 
the  sharp  leading  edge  at  high  angles  of 
Incidence,  and  hence  no  roughness  was 
applied  to  fix  transition,  although  for 
these  low  speed  tests  the  Reynolds  number 
was  only  2.4  x  10°.  The  model  was  Intended 
to  be  stiff  but  was  nrovided  with  freedom 
to  move  In  pitch  or  roll.  Even  without  the 
strake  the  wing  flow  Is  highly 
three-dimensional  (Pig  4)  yet  despite  this, 
the  overall  forces  and  th  buffeting  (Pig  5) 
are  the  same  in  character  as  those  observed 
on  aerofoils  with  a  sharp  leading  edge. 

Pig  5  shows  that  because  of  the  high  level 
of  unsteadiness  In  the  open  Jet  tunnel,  the 
model  has  a  significant  response  even  under 
attached  flow  conditions.  Analysis  of  the 
measurements  shows  that  the  aerodynamic 
forcing  associated  with  the  separated  flow 
Is  unaffected  by  the  relatively  small- 
amplitudes  of  model  motion.  However,  the 
motion  dependent  aerodynamic  forces  (which 
generate  aerodynamic  damping)  are  affected 
strongly  by  flow  separations  (Pig  6) . 

Hence  these  variations  In  aerodynamic 
damping  need  to  be  scaled  carefully  from 
model  to  flight  tests,  as  demonstrated 

previously! s , 
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Ref  7  provides  a  simple  description  of  a 
forward  mounted  spoiler  as  a  source  of 
buffet  excitation  on  a  wing  at  low  speeds. 
The  spoiler  creates  a  bubble  which  Is 
almost  two-dimensional  so  that  the  steady 
and  fluctuating  pressures  agree  well  with 
those  observed  prev  .ously^o,  the  rms 
pressures  peaking  Just  upstream  of  the  mean 
reattachment  position  (Fig  7).  No  large 
change  In  steady  lift  occurs  until  the 
bubble  rsattaohraent  point  reaches  the 
trailing  edge  of  the  wing. 

Ref  8  provides  a  summary  of  what  must 
surely  be  the  moat  comprehensive 
flight-tunnel  comparison  of  buffet  and 
buffeting  ever  made2 i  -  that  on  the 
TACT-P  1-11.  For  this  relatively  stiff 
aircraft,  the  effects  of  static  and  dynamic 
aeroelastlc  distortion  are  ..nail,  and  scale 
effects  are  also  small.  The  buffet 
excitation  was  Judged  Independent  of  the 
wing  motion,  both  In  flight  and  the  wind 
tunnel,  consistent  with  other  research®, i®. 
In  flight  an  ICO  occurred  In  the  wing 
torsional  mode  which  did  not  occur  on  the 
wind  tunnel  model.  A  full  explanation  for 
this  apparent  anomaly  has  been  given  by 
quasi-steady  theory^!. 

Ref  9  describes  the  effect  of  varying 
aspect  ratio  and  sweep  on  buffeting  at  loi' 
speeds  with  well  separated  flows.  The  wing 
sections  were  of  constant  chord,  with  a 
chamf erred  leading  edge.  This  unusual 
section  was  to  ensure  a  fixed  separation 
position  at  the  low  Reynolds  number  of  the 
tests,  followed  by  a  long  separation 
bubble.  The  wing  aspect  ratios  varied  from 
8-4,  with  sweep  angles  of  0‘,  20*  and  -20*. 
For  the  frequency  parameters, 
n  “  fc/U  >0.1  typical  of  wing  bending  <“• 
low  speeds,  the  buffet  excitation  param.  te 
In  the  first  wing  bending  mode  Is  about 
/nSTHT  »  0.003  to  0.004  consistent  with 
previous  measurements  In  wind  tunnels  and 
In  flight  on  wings  with  more  practical 
sections.  For  frequency  parameters  much 
lower  (which  would  normally  be 
Inappropriate  for  the  bending  mode)  the 
levels  of  /nSTnT  were  appreciably  higher. 
Increases  In  excitation  at  such  low 
frequency  parameters  could  be  Important  for 
rigid  body  motions  at  high  angles  of 
Incidence. 

2.1.2  Vortex  flows 

Two  papers  were  specially  related  with 
vortex  flows. 

Ref  10  relates  to  a  wind  tunnel  and  flight 
Investigation  of  tall  buffet  and  buffeting 
on  the  CP-18  aircraft  (the  Canadian  version 
of  the  P-l8).  Measurements  are  presented 
of  overall  forces,  fluctuating  pressures 
(buffet  excitation)  and  structural 
responses  (buffeting).  A  significant 
feature  of  the  wind  tunnel  tests  was  the 
careful  choice  of  roughness  used  to  fix 
transition^ ^  to  ensure  that  flow 
separations  on  the  model  develop  In  the 
same  way  as  In  flight.  An  interesting 
feature  of  the  flight  buffeting  is  that  the 
bending  response  of  the  fins  is  "In-phase" 
(Ref  10,  Pig  43).  The  LEX  fence  provides  a 
significant  reduction  in  buffet  (Pig  8)  and 
buffeting  (Pigs  9  and  10).  However  the 


paper  gives  no  Indlcatir  .  as  to  how  the 
position  and  size  of  the  LEX  were 
determined.  Ref  23  states  many  hundreds  of 
different  fixes  were  attempted  before  this 
particular  fence  was  developed.  It  also 
gives  many  complementary  observations  on 
the  flow  about  the  aircraft. 

Ref  11  also  relates  to  a  directly 
comparable  Investigation  of  fin  buffeting 
on  the  P-18  aircraft.  The  authors  suggest 
that  fin  buffeting  may  be  predicted  from 
either  a  simple  analogue  model 
(representing  the  principal  modes  of 
Interest  -  first  and  second  bending  for  the 
P-l8)  or  by  integrating  the  unsteady 
pressures  measured  on  a  rigid  fin. 

However,  the  authors  make  no  discussion  of 
the  difficulty  of  establishing  the 
aerodynamic  damping  In  the  modes.  For  the 
analogue  model.  It  Is  assumed  (though  not 
stated  explicitly)  that  the  correct 
aerodynamic  damping  can  be  achieved  by 
representing  the  correct  ratio  of 
aerodynamlc/structure  stiffness  as  well  as 
the  frequency  parameter.  The  rigid  fin 
provides  no  estimate  of  aerodynamic 
damping.  Levels  appropriate  to  attached 
flow  have  been  assumed  .<.ien  predicting  the 
response  (again  this  is  not  stated 
explicitly).  This  la  unlikely  to  be  a  good 
assumption  because  of  the  tremendous 
variations  In  the  vortex  field  (eg  Pig  12 
of  Ref  14). 

Using  the  measurements  presented  In  Pig  3 
of  Ref  11,  the  present  author  has 
calculated  the  rms  level  of  pressure 
fluctuations,  p/q,  for  a  typical  point  on 
the  fin  and  plotted  these  against  the  angle 
of  Incidence  (Pig  11).  A  rapid  increase  In 
p/q  occurs  above  o  »  18*,  and  a  maximum 
value  of  about  0.32  Is  reached  at  a  «  36*. 
Using  the  measurements  In  Pig  6  of  Ref  11, 
Pig  12  shows  the  corresponding  rms  pressure 
fluctuation  spectra  (/nP(n)  according  to 
the  AQARD  definition)  plotted  against  a 
frequency  parameter  based  on  an  arbltary 
reference  length.  Results  are  shown  for 
o  “  24*,  32',  36’  and  52*.  It  Is  Important 
to  notice  the  sharp  peak  In  the  spectrum, 
which  moves  to  lower  frequency  parameters 
as  the  angle  of  Incidence  Increases  from 
a  =  24’  to  36*.  [For  this  configuration 
the  bursting  of  the  LEX  Vortex  Is  thought 
to  determine  the  peak  In  the  excitation 
spectra].  In  contrast,  for  a  =  52*  the 
buffet  excitation  Is  much  lower  and  t'..e 
spectrum  Is  much  flatter,  resembling  the 
usual  situation' . 

2.1.3  Aerodynamics  of  controls 

Ref  12  shows  how  the  Interaction  between 
the  canard  and  wing  flows  on  a  model  of  a 
typical  combat  aircraft  is  controlled  by 
the  canard  effective  incidence,  oe-  "fhe 
measurements  Include  overall  forces,  steady 
and  fluctuating  pressures,  canard  buffeting 
and  wing  buffeting.  All  these  measurements 
can  be  related  with  oo- 

Previous  experience  suggests  that  scale 
effects  will  be  significant  on  the  canard 
whenever  ac  is  close  to  the  values 
required  for  buffet  onset  (ae  “  +12* 
and  -12*  corresponding  with  separation  on 
the  upper  and  lower  surfaces  of  the 
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uncambered  canard  of  Ref  12).  In  addition 
scale  effects  will  be  significant  on  the 
wing  close  to  buffet  onset. (about  a  ”  +12* 
and  -2.6*  for  this  cambered  wing).  Hence 
large  scale  effects  can  be  expected  at  the 
four  points  In  the  a  ,  no  *  domain 
indicated  In  Pig  13. 

Ref  13  discusses  the  problems  of  predicting 
the  buffeting  forces  on  the  wings  of  a 
transport  aircraft.  High  Reynolds  numbers 
are  required,  and  12  x  10°  can  be  achieved 
at  reasonable  kinetic  pressures  on  large 
half  models  when  tested  In  the  ONERA  S-1 
Tunnel  at  Modane.  Hence  the  effects  of 
static  aeroelastlc  distortion  are  of 
reasonable  magnitudes  and  can  be  estimated. 
Ref  13  makes  3  important  observations: 

(I)  For  a  transport  aircraft  wing 
buffeting  can  be  reduced  by  Active 
Control  Technology  if  a  control  can 
be  placed  In  a  region  where  the 
flow  is  still  attached  after  buffet 
onset.' 

(II)  When  exciting  a  transport  wing  In 
pitch,  very  large  oscillations  can 
develop  at  transonic  speeds. 
Immediately  after  the  onset  of  flow 
separation  (Ref  13,  Pig  I'D- 

(III)  Great  care  Is  needed  to  establish 
•buffet-onset'  on  a  transport 
aircraft  because  what  Is  prescribed 
in  the  air-worthiness  regulations 
is  a  particular  level  of  response 
at  a  particular  point  -  normally 
the  pilot's  seat.  In  contrast.  In 
a  wind  tunnel  test  buffet  onset  Is 
normally  synonymous  with  Incipient 
separation.  A  very  different 
'buffet  onset'  might  be  obtained 
from  the  buffeting  response,  of 
say,  an  engine  nacelle. 

2.2  Computational  results 

Edwards  provided  a  comprehensive  review*'' 
of  the  capability  of  predicting  unsteady 
airloads  due  to  separated  flows.  Periodic 
aerodynamic  shock  oscillations  at  transonic 
speeds  on  rigid  aerofoils  can  be  predicted 
successfully  (Pig  lA),  as  can  transonic 
aileron  buzz  (Pig  15).  Unfortunately 
similar  success  has  not  been  achieved  In 
predicting  the  large  Limit  Cycle 
Oscillation  (LCO)  in  the  first  bending  mode 
observed  at  transonic  speeds  on  a  flexible 
high  aspect  ratio  wing  with  a  supercritical 
section.  The  extensive  measurements  on 
this  three-dimensional  configuration 
(Fig  16)  constitute  a  serious  challenge  to 
Computational  Mechanics,  as  well  as 
providing  a  warning  to  designers  of 
advanced  transport  aircraft.  Further 
details  of  this  Important  experiment  (which 
might  facilitate  further  analysis)  are 
given  elsewhere' ^ . 

Edwards  discussed  also  the  successful 
computation  of  the  highly  three-dimensional 
flow  round  the  forebody  of  the  F-l8 
aircraft  at  M  »  0.30,-  a  =  30*  both  for 
laminar  flow  at  R  »  0.2  x  10°  (Pig  ITa) 
and  for  turbulent,  flow  at  R  »  10,  x  10° 

(Pig  17b).  Edwards  also  addressed  the  much 
more  difficult  problems  of  what  computer 


time  might  be  required  to  compute  the 
buffet  excitation  about  the  fins  of  an  P-15 
model  (Pig  l8):  this  would  require  accurate 
calculation  of  the  vortlclty  convection. 
Subject  to  a  number  of  assumptions,  Edwards 
concluded  that  the  total  time  required  for 
one  condition  would  be  138  hours  for  an 
Euler  Code  and  950  hours  for  a  thin-layer 
Navler-Stokes  Code  (Ref  lA,  Table  1). 
Edwards  gives  additional  evidence  for  these 
conclusions  elsewhere'*  and  these 
considerations  are  relevant  to  the 
discussion  of  vortex  flows  In 
Section  2.1.2.  Possibly  these  computation 
times  could  be  reduced  If  the  principal 
feature  of  the  separated  flow  which  causes 
the  peak  In  the  excitation  spectra  (cf 
Pig  12)  could  be  established. 

Costes  and  Petot  provided  a  comparison 
between  a  seml-emplrlcal  prediction  method 
and  measurements  of  the  aerodynamic  forces 
due  to  unsteady  separation  on  a  high  aspect 
ratio  wing  oscillating  at  large  amplitude. 
Comparisons  were  presented  for  sweep 
ingles,  A  ,  of  0*,  +20*  and  -20*  and  were 
relevant  to  the  performance  of  helicopter 
rotors.  The  results  were  generally  good 
for  A  “  0*  but  poor  for  A  =  +20* 
and  -20*,  particularly  for  sections  near 
the  tip. 

Meyer  and  Zwaan*®  presented  a  quasi-steady 
theory  to  predict  LCO  In  fighter  type 
aircraft  (Fig  19)  at  transonic  speeds  from 
steady  pressure  measurements  (or 
predictions).  The  prediction  method 
explains  the  LCO  observed  In  flight  and 
stresses  that  the  motion  Is  determined  by 
the  flow  at  the  wlng-tlp,  rather  than  at 
the  wing-root  (cf  Pigs  20  i  21).  In 
principle  this  method  could  be  adopted  to 
predict  LCO. 

3  DISCUSSION 

It  Is  convenient  to  discuss  the  findings  of 
this  meeting  under  3  general  headings; 
experimental  results,  theoretical  results 
and  discussion  of  some  general 
shortcomings. 

With  regard  to  the  experimental  results,  a 
wide  range  of  problems  was  addressed 
Including  variations  in  wing  aspect  ratio, 
sweep,  section,  Mach  number  and  angle  of 
Incidence;  fin  buffeting  at  high  angles  of 
Incidence  and  canard/wlng  Interaction. 
However,  although  there  were  many 
Interesting  new  measurements,  some 
presentations  gave  an  impression  which  can 
only  be  expressed  adequately  by  the  French 
phrase  'deja  vu' .  With  respect  to  the  very 
important  question  of  fin  buffeting.  It  was 
alarming  to  learn  that  "some  fins  fall 
after  only  300  hours  flying  time".  In  the 
author’s  view  such  a  low  life  Is  unlikely 
to  be  Indicative  of  random  scatter  In 
fatigue  testing,  as  one  structural  engineer 
suggested.  It  Is  more  likely  to  be 
Indicative  of  a  very  sensitive  flow  on.  the 
aircraft  which  has  been  adversely  affected 
by  some  minor  Imperfection,  eg  a  small 
misalignment  of  the  fuselage  nose.  Tills 
Important  aspect  of  fin  buffeting  was  not 
addressed,  but  the  effect  of  the  small  LEX 
fence  on  the  P-18  is  significant*®.  For 
the  F-l8  the  bursting  of  the  LEX  vortex  Is 
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thought  to  determine  the  peak  In  the 
excitation  spectra.  However  on  other 
combat  aircraft  the  separations  may  be 
radically  different,  and  yet  the  excitation 
spectra  may  still  contain  a  sharp  peak. 

This  would  mean  that  each  configuration 
will  have  to  be  the  subject  of  special 
tests. 

With  regard  to  the  theoretical  results,  the 
most  impressive  advance  since  the 
publication  of  the  pilot  paper*  has  been 
the  prediction  of  LCO,  for  which  2,  rather 
similar  quasi-steady  methods  are  now 
available* 6,11 .  However  an  early  attempt 
to  predict  the  LCO  oscillation  in  bending 
of  the  NASA  Wing  with  an  Invlsoid  transonic 
small  perturbation  code  was  unsuccessful*'*. 
Perhaps  the  quasi-steady  method  night  be 
applied  here?  The  meeting  has  also 
confirmed  that  the  linear  model  for  the 
prediction  of  buffeting  works  well  as  long 
as  the  modal  aerodynamic  damping 
appropriate  to  the  separated  flow  can  be 
measured.  The  aerodynamic  damping  can  be 
measured  either  on  an  ordinary,  nominally 
rigid  wind  tunnel  model  (made  of  aluminium 
In  preference  to  steel  to  give  larger 
motion)  or  by  oscillating  a  nominally  rigid 
wing  (as  In  the  experiments  cited** ,5,6 ) . 
However  Edwards  showed*  *•  that  CPD 
techniques  cannot  yet  be  used  to  predict 
either  the  aerodynamic  damping  or  the 
buffet  excitation. 


Similarly  there  was  often  a  marked 
reluctance  to  present  results  In  terms  of  a 
frequency  parameter.  Of  course.  In  many 
problems  there  Is  uncertainty  about  the 
best  choice  for  the  reference  length  for 
the  problem  In  question.  This  Is  a 
particularly  Interesting  and  difficult 
question  for  fin  buffeting  (both  In 
experiments  and  In  prediction  attempts). 

For  aerofoils  the  chord  Is  generally  used 
whereas  for  a  bubble  the  local  bubble 
length  can  be  used,  even  for  a  swept 
bubble*?.  Taking  an  aerofoil  as  a  simple 
example,  it  Is  much  better  to  have  a 
frequency  parameter. 

n  =■  fc  ,  (1) 

U 


or 


V  =  2iifc  ,  (2) 

0 


or 


than  a  frequency,  f  ,  In  Hz.  This  may  mean 
a  great  deal  to  a  pilot’s  comfort  or  to  the 
fatigue  life  of  the  structure,  but  It  is  of 
little  Interest  to  an  aerodynamiclst 
striving  to  establish  the  physics  of  the 
problem. 
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Ref  1  issued  2  specific  challenges  to  the 
CPD  community.  The  first,  the  prediction 
of  shook  oscillations  on  bl-oonvex  wings  - 
is  well  established.  However,  despite  this 
success  with  thin-layer  Navler  Stokes 
codes,  this  method  has  not  been  applied  as 
a  matter  of  routine  to  more  realistic 
supercritical  aerofoils  or  NACA  or  RAE 
aerofoils.  It  would  have  been  particularly 
Interesting  to  have  predicted  oscillation 
frequencies  for  the  supercritical  aerofoils 
of  Refs  2  and  3.  However,  these 
calculations  were  not  made  nor  was  the  type 
of  shook  motion  specified,  as  recommended 
In  a  previous  AGARD  paper??.  [The  shock 
motions  in  both  Refs  2  and  3  appear  to  be 
Tijdeman  type  A?®].  The  second  challenge 
to  the  CPD  community  was  the  prediction  of 
the  buffet  excitation  caused  by  a  bubble 
(represented  at  this  meeting  by  Ref  7).  No 
author  attempted  the  computation  of  this 
relatively  simple  flow. 

Opinions  are  likely  to  differ  with  regard 
to  the  shortcomings  of  the  meeting.  One 
was  the  failure  to  use  the  consistent  and 
logical  notation  specified* .  The 
prediction  of  aircraft  dynamic  loads  due  to 
flow  separation  Is  an  extremely  difficult 
problem.  Why  make  It  more  difficult  by  not 
presenting  results  In  non-dimensional  form? 
For  example,  it  would  have  been  Invaluable 
to  compare  the  Independent  measurements  on 
virtually  the  same  aircraft  in  Refs  10 
and  11  in  terms  of  the  buffet  excitation 
parameter,  but  this  was  not  done.  AGARD 
has  had  a  consistent  notation  for 
measurements  of  pressure  fluctuations?* 
since  1958  and  for  the  buffet  excitation 
parameter  since  1988. 


Another  common  shortcoming  was  a  general 
failure  to  address  the  question  "How 
sensitive  will  this  flow  be  to  variations 
In  Reynolds  number"?  Pig  3  of  Ref  3  for 
the  CAST  10  aerofoil  suggests  that  even 
with  fixed  transition  large  scale  effects 
can  persist  at  Reynolds  numbers  up  to 
25  X  lOO.  Hence  It  could  be  dangerous  to 
suggest  (as  In  Ref  13)  that  there  Is  a 
universal,  minimum  test  Reynolds  number 
which  will  ensure  full  scale  results.  It 
follows  that  much  more  attention  should  be 
given  to  the  ways  In  which  transition  Is 
fixed,  and  to  careful  comparisons  with 
transition  free  measurements  (where 
appropriate) .  This  was  illustrated  in 
Ref  3  and  advocated  In  the  AGARD  Manual  on 
this  topic*®.  Ideally  wind  tunnel  tests 
and  CPD  computations  should  include  some 
variation  In  Reynolds  number.  Often  the 
CPD  specialist  rests  content  at 
successfully  predicting  an  incipient  flow 
separation  on  an  aerofoil  at,  say  M  =  0.85, 
R  “  1.5  X  10°.  The  aeronautical  engineer 
would  like  him  to  make  the  calculations 
also  at  R  =  15  X  10°  and  150  x  lo6.  This 
philosophy  will  become  particularly 
important  with  respect  to  the  prediction  of 
the  aerodynamic  characteristics  of 
hypersonic  vehicles.  In  an  attempt  to 
clarify  the  controversial  question  of  the 
simulation  of  scale  effects.  Ref  1 
suggested  that  the  meeting  should  Include  a 
special  session  devoted  entirely  to 
unsteady  measurements  In  cryogenic  wind 
tunnels,  which  allow  scale  effects  and  the 
effects  of  aeroelastlc  distortion  to  be 
distinguished**'.  Unfortunately  not  one 
paper  was  submitted  on  this  area.  No 
papers  were  submitted  -on  flap  or  cavity 
buffeting. 


It  13  Interesting  to  note  that  one  paper 
addressed  a  question  which  arose  out  of  a 
previous  AOARD  meeting  on  Unsteady 
Aerodynamics*’,  The  question  was  "What  are 
the  reasons  behind  the  constancy  of  the 
buffet  excitation  parameter  at  the  heavy 
buffeting  limit  for  wings  of  widely  varying 
planform".  Ref  9  gives  no  answer,  but 
confirms  previous  observations  for  unswept 
and  swept  back  wings.  In  addition.  It 
shows  that  the  same  limit  applies  for  wings 
swept  forward  20*.  These  observations  thus 
still  present  a  challenge  to  experimental 
aerodynamlclsts  and  the  CPD  community. 

In  summary,  the  main  achievement  Is  the 
prediction  of  Limit  Cycle  Oscillations 
(LCO)  and  the  presentation  of  some 
interesting  new  sxperlments.  The  main 
failures  are  the  reluctance  to  adopt  a 
common  notation,  to  Identify  the  type  of 
shock  motions  and  to  take  an  adequate 
account  of  scale  effects,  both  In 
experiments  and  computations. 

It  CONCLUSIONS  AND  RECOMMENDATIONS 


This  review  suggests 
6  recommendations. 

The  conclusions  are: 


If  main  conclusions  and 
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(I))  Wherever  possible,  the  type  of 

transonic  shock  motion  should  be 
Identified  In  both  theoretical 
studies  and  time-dependent 
experiments. 

(5)  For  fin  buffet  at  high  angles  of 
incidences,  a  careful  study  should 
be  made  to  establish  what  feature 
of  the  separated  flow  determines 
the  peak  in  the  excitation  spectra. 

(6)  Researchers  should  be  careful  to 
assess  and  remove  any  tare  effects 
of  flow  unstesdiness  In  wind 
tunnels  which  will  not  occur  In 
flight. 


SYMBOLS 

c 

Cn 

k  =  nfc/U 
M 

/nF(n) 


(1)  Useful  progress  has  been  made  In 
the  prediction  of  Limit  Cycle 
Oscillations. 

(2)  The  linear  model  for  the  prediction 
of  buffeting  has  been  verified 
carefully  in  both  wind  tunnels  and 
flight  tests. 

(3)  Aerodynamic  damping  in  separated 
flows  depends  on  the  mode  shape 
•'requency  parameter,  Mach  number 
and  angle  of  Incidence,  It  cannot 
currently  be  predicted 
theoretically  but  It  can  be  derived 
from  experiments. 

(If)  On  combat  aircraft  at  high  angles 
of  Incidence,  severe  fin  buffeting 
may  occur,  even  at  zero  sideslip. 

The  recommendations  are: 

(1)  The  AOARD  notation  for  buffet 
excitation  and  buffeting  response 
should  be  adopted,  so  that 
aerodynamlclsts  can  acquire  a 
better  understanding  of  the 
separated  flows  giving  dynamic 
loads. 

(2)  Much  greater  attention  should  be 
given  to  establishing  the  magnitude 
of  possible  scale  effects,  both  in 
experiments  and  calculations. 

(3)  Special  tests  In  cryogenic  wind 
tunnels  should  be  made  to 
distinguish  between  genuine  scale 
effects  and  the  effects  of 
aeroelastlc  distortion.  Such 
measurements  would  be  of  equal 
Interest  for  landing  configurations 
(say  at  M  «  0.2)  or  cruise 
configurations  (say  at  M  •  0.85). 


n  = 
Re 
P 
9 

X 


fc/U 


“TE 


Sxfc/U 


chord 

rms  normal  force  coefficient 
frequency  parameter  (eqn  3) 
Mach  number 

rms  level  of  excitation  (AOARD 
notation  -  Ref  29) 

frequency  parameter  (eqn  1) 

Reynolds  number 

rms  pressure  fluctuations 

kinetic  pressure 

streamwlse  co-ordinate 

angle  of  Incidence 
flap  setting 

boundary  layer  thickness  at 
trailing  edge 

sweep  angle 

frequency  parameter  (eqn  2) 
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In-Flight  Flow  Visualization  and  Pressure  Measurements  at  Low  Speeds 
on  the  NASA  F-18  High  Alpha  Research  Vehicle 

John  H.  Del  Frate,  David  F.  Fisher,  and  Fanny  A.  Zuniga 

NASA  Ames  Research  Center 
Dryden  Flight  Research  Facility 
P.O.Box  273 
Edwaids.CA  93523-0273 


1  ABSTRACT 

In-flight  results  from  surface  and  off-surface  flow  vi¬ 
sualizations  and  from  extensive  pressure  distributions 
document  the  vortical  flow  on  the  leading-edge  exten¬ 
sions  (LEXs)  and  forebody  of  the  NASA  F-18  high  alpha 
research  vehicle  (HARV)  for  low  speeds  and  angles  of  at¬ 
tack  up  to  50°.  Surface  flow  visualization  data,  obtained 
using  the  emitted  fluid  technique,  were  used  to  define 
separation  lines  and  laminar  separation  bubbles  (LSB). 
Off-surface  flow  visualization  data,  obtained  by  smoke 
injection,  were  used  to  document  both  the  path  of  the  vor¬ 
tex  cores  and  the  location  of  vonex  core  breakdown.  The 
location  of  vortex  core  breakdown  correlated  well  with 
the  loss  of  sucfion  pressure  on  the  LEX  and  with  the  flow 
visualization  results  from  ground  facilities.  Surface  flow 
separation  lines  on  the  LEX  and  forebody  corresponded 
well  with  the  end  of  pressure  recovery  under  the  vorti¬ 
cal  flows.  Correlation  of  the  pressures  with  wind-tunnel 
results  show  fair  to  good  correlation. 

2  INTRODUCTION 

In  recent  years,  more  emphasis  has  been  placed  on 
expanding  the  envelope  of  fighter  aircraft  to  include  con¬ 
trolled  flight  at  high  angle  of  attack  exceeding  the  maxi¬ 
mum  lift  coefficient  {Cl).  Fighters  such  as  the  F-18  and 
F- 16  use  leading-edge  extensions  (LEXs)  or  wing  body 
strakes  which  provide  additional  lift  caused  by  the  vorti¬ 
cal  flow  these  devic^  develop  at  moderate  to  high  angles 
of  attack  (ref.  1).  However,  the  prediction  and  control  of 
this  vortical  flow  and  the  mutual  interactions  of  the  vor¬ 
tices  are  not  well  understood.  The  combined  effect  of 
the  LEX  and  the  forebody  vortices  on  the  vehicle  aerody¬ 


namics  must  be  understood  to  avoid  any  adverse  effects 
such  as  buffet  or  a  loss  of  stability  and  control,  and  to 
take  full  advantage  of  the  benefits  that  can  be  derived  for 
fighter  aircraft. 

Vonical  flow  iraeractions  on  scale  models  in  wind 
tunnels  are  not  well  undeistood  at  this  time.  Experimen¬ 
tal  data  from  different  scale  wind-tunnel  F-18  models 
have  shown  conflicting  results  even  when  tested  at  the 
same  Reynolds  number  (ref.  2).  For  example,  the  in¬ 
teraction  of  the  forebody  and  LEX  vortices  on  6-  and 
7-perccnt  scale  F-18  models  typically  resulted  in  appar¬ 
ent  lateral  stability  for  all  angles  of  attack,  including  stall 
and  post  stall  regions.  However,  airplane  flight  data  and 
wind-tunnel  results  for  the  large  scale  (16  percent)  model 
at  low  Reynolds  numbers  indicated  a  region  of  lateral  in¬ 
stability  near  maximum  lift.  This  apparent  scale  effect 
is  still  being  investigated.  Understanding  such  scale  ef¬ 
fects  is  essential  for  successful  design  of  future  fighters 
intended  to  operate  at  high  angles  of  attack. 

NASA  is  currently  conducting  a  High  Alpha  Tech¬ 
nology  Program  (HATP)  to  (1)  increase  the  understand¬ 
ing  of  the  high  angle  of  attack  aerodynamics,  (2)  improve 
prediction  techrriques,  (3)  provide  design  guidelines,  and 
(4)  investigate  new  concepts  for  vortex  control  on  ad¬ 
vanced  highly  maneuverable  aircraft. 

This  program  uses  the  F-18  configuration  as  a  vali¬ 
dation  and  demonstration  tool.  The  HATP  incorporates 
wind-tunnel  tests  of  subscale,  (refs.  3  and  4),  and  full- 
scale  models  and  components,  calibration  and  validation 
information  for  computational  fluid  dynamics  (CFD) 
codes,  (refs.  5-9),  piloted  simulations  and  full-scale  flight 
testing  (refs.  10-17). 


As  part  of  this  program,  the  Ames-Dryden  Flight 
Research  Facility  has  been  conducting  extensive  flow  vi- 
sualizadoii  and  pressure  distribution  studies  on  the  NASA 
F-18  high  alpha  research  vehicle  (HARV)  to  document 
the  characteristics  of  the  forebody  and  the  LEX  vortices. 
Surface  and  off-surface  flow  visualization  results  have 
been  reported  in  references  lOthrough  16.  The  off-surface 
flow  visualization  results  presented  were  performed  us¬ 
ing  smoke  injection  and  are  correlated  to  wind-  and  water- 
tunnel  results.  The  surface  flow  visualization  was  per¬ 
formed  using  the  emitted  fluid  techiuque.  Pressure  dis¬ 
tribution  results  have  been  reported  for  the  flight  case  in 
reference  16.  The  surface  pressure  measurements  were 
made  at  five  forebody  stations  and  at  three  LEX  stations 
on  the  aircraft  and  are  correlated  with  similar  data  from 
a  6-percent  wind-tunnel  model  and  selected  flow  visual¬ 
ization  data  from  flight. 

This  paper  presents  a  selection  of  results  from  both 
the  flow  visualization  and  the  pressure  measurement  stud¬ 
ies  conducted  at  low  speeds  and  for  angles  of  attack  up 
to  50°. 

3  NOMENCLATURE 

b  aircraft  span,  ft 

BART  Basic  Aerodynamics  Research  TUnnel, 

NASA  Langley  Research  Center 
Cl  lift  coefficient 

Cp  pressure  coefficient 

C*  pressure  coefficient  corresponding  to 

local  speed  of  sound, 

d  diameter  of  fuselage  forebody,  in. 

DTRC  David  Taylor  Research  Center  7x10 
transonic  wind  tunnel 

ECM  electronic  countermeasures 

F.S.  fuselage  station,  in.  (nose  apex  at 

59.82  in.) 

FVF  Flow  Visualization  Facility  water  tunnel, 

NASA  Ames-Drydeii 
HARV  high  alpha  research  vehicle 

HATP  High  Alpha  Technology  Program 


£  length  of  aircraft  from  nose  apex  to  engine 

exhaust  plane,  54.4  ft 
LEX  leading-edge  extension 

LSB  laminar  separation  bubble 

LSWT  low-speed  wind  tunnel,  McDonnell 

Aircraft  Company 

A/oo  free  stream  Mach  number 

m.a.c.  mean  aerodynamic  chord,  11.525  ft 

R  reattachment  line  location 

Ri  primary  reattachment  line  location 

R2  secondary  reattachment  line  location 

Rj  tertiary  reattachment  line  location 

Rbc  Reynolds  number  based  on  mean 

aerodynamic  chord 

Red  Reynolds  number  based  on  diameter 

Rej  Reynolds  number  based  on  local  maximum 
fuselage  diameter,  corrected  for  angle  of 
attack  using  the  method  of  reference  18. 

s  local  span  distance  from  LEX-fuselage 

junction  to  LEX  leading  edge,  in. 

51  primary  separation  line  location 

52  secondary  separation  line  location 

53  tertiary  separation  line  location 

X  measured  location  along  aircraft 

longitudinal  axis,  positive  measured 
aft  from  nose,  ft 

Y  measured  location  along  aircraft  lateral 

axis,  positive  measured  from  center  line 
out  left  wing,  ft 

y  distance  along  LEX  local  semispan, 

positive  measured  out  left  wing,  in. 

a  aircraft  angle  of  attack,  tight  wingtip  angle- 

of-attack  vane  corrected  forupwash  and 
angular  rates,  deg 

o'  angle  of  attack  used  in  the  determination  of 

Rea,  deg.  At  F.S.  70, 85,  and  107, 

Q('  =  a  -  5.6“  because  the  nosecone 
is  depressed  from  the  aircraft  waterline 
5.6“.  At  F.S.  142  and  184,  o'  =  a 


i 


j3  aircraft  angle  of  sideslip,  avcfage  of  left 

and  right  wingtip  sideslip  vanes  cor¬ 
rected  for  angle  of  attack,  positive 
nose  left,  deg 

7  ratio  for  specific  heats  of  air,  1.4 

9  forebody  cross  section  circumferential 

angle  (0°  is  bottom  centedine,  positive 
is  clockwise  as  seen  from  a  front  view, 
0°to360»),deg 

4  VEHICLE  DESCRIPTION 

The  NASA  HARV  (fig.  1)  is  a  single-place  prepro- 
duction  F-18  aircraft  built  by  McDonnell  Douglas  and 
Northrop  and  is  powered  by  two  General  Electric  F404- 
GE-4(X)  afterburning  turbofan  engines.  The  aircraft  fea¬ 
tures  a  mid-wing  with  leading-  and  trailing-edge  flaps 
which  operate  on  a  schedule  that  is  a  function  of  angle 
of  attick  and  Mach  number.  For  Afoo  <  0.76  and  a  > 
26°,  the  leading-edge  flap  is  down  33°  (maximum)  and 
the  tiailing-edge  flap  is  at  zero.  The  LEXs  are  mourned 
on  each  side  of  the  fuselage  from  the  wing  roots  to  just 
forward  of  the  canopy.  The  aircraft  has  twin  vertical  sta¬ 
bilizers  canted  out  20°  from  the  vertical  and  differen¬ 
tial  all-moving  horizontal  tails.  The  NASA  F-18  HARV, 
with  the  current  flight  control  computers  and  control  laws 
(8.3.3  programmed  read  only  memory  (PROM)  set),  is 
flown  by  NASA  in  the  fighter  escort  configuration  with¬ 
out  stores.  The  aircraft  carries  no  missiles  and  the  wingtip 
missile  launch  racks  have  been  replaced  with  special  cam¬ 
era  pods  and  wmgtip  airdata  booms.  The  flight-test  nose- 
boom  has  been  removed  from  the  aircraft  The  aitetaft 
has  an  unrestricted  angle-of-attack  flight  envelope  in  this 
configuration  with  the  center  of  gravity  between 
17-percent  and  2S-percent  mean  aerodynamic  chord 
(m.a.c.)  as  defined  by  the  Naval  Air  Training  and  Op¬ 
erating  Procedures  Standardization  (NATOPS)  manual. 

5  TEST  TECHNIQUES,  HARDWARE, 
AND  INSTRUMENTATION 

5.1  Off-Surface  Flow  Visualization  Technique 

The  vortex  cores  were  visualizxd  using  smoke  as  the 
tracer  material  as  described  in  references  11  through  15 
and  similar  to  that  described  in  reference  19.  Smoke  was 
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introduced  into  the  flow  field  through  flush  ports  on  the 
forebody  at  approximately  28  ia  aft  of  the  nose  apex  and 
circumferential  angles  (6s)  of  80°  and  280°.  On  the  LEX, 
the  smoke  was  routed  to  ducts  which  exhaust  slightly  be¬ 
low  and  approximately  4  in.  aft  of  the  LEX  apex. 

At  the  desired  test  conditions,  the  smoke  was  en¬ 
trained  in  the  flow  field  vortices  which  were  videotaped 
and  photographed  with  onboard  cameras  (fig.  1)  or  from 
chase  aircraft  (ref.  15).  Smoke  duration  was  normally 
30  sec.  The  upper  surfaces  of  the  airplane  were  painted 
black  to  enhance  visualization  of  the  smoke  traces. 

5.2  Surface  Flow  Visualization  Technique 

The  surface  flow  visualization  technique  used  on  the 
F-18  HARV  consists  of  emitting  liquid  dye  from  flush 
orifices  on  the  forebody  and  the  LEX  upper  surface  as 
shown  in  figure  2.  These  orifices,  which  were  also  u-sed  to 
gatherpressure  data,  will  be  discussed  in  the  next  section. 
The  hardware  for  the  surface  flow  visualization  system  is 
described  in  detail  in  references  10  and  12  and  is  similar 
to  that  described  in  reference  20.  The  liquid  dye  used 
for  this  program  consisted  of  a  mixture  of  propylene  gly¬ 
col  monomethyl  ether  (PGME)  and  a  red  toluene-based 
dye.  The  dye  is  emitted  from  orifices  on  the  forebody  and 
the  LEX  upper  surface  while  the  aircraft  is  at  the  desired 
flight  condition.  Upon  evaporation  of  the  solvents  within 
the  mixture,  the  dye  is  left  on  the  surface  of  the  aircraft 
and  traces  the  surface  flow  streamlines  as  can  be  seen  in 
figure  3.  Photos  are  taken  on  the  ground  after  the  flight 
to  document  the  surface  flow  streamlines. 

53  Static  Pressure  Orifice  Locations 

Pressure  measurements  were  made  on  both  the  fore¬ 
body  and  the  LEXs  of  the  F-18  HARV  (ref.  16)  at  fuse¬ 
lage  locations  selected  to  correspond  with  orifice  loca¬ 
tions  on  both  the  0.06-  and  0.16-scale  wind-tunnel  mod¬ 
els  (refs.  3  and  4). 

Five  rings  of  static  pressure  orifices  were  installed  on 
the  forebody  forward  of  the  canop>  as  shown  in  figure  2. 
At  the  first  two  rows,  fuselage  station  (F.S.)  70  (*/€  = 
0.015)  and  F.S.  85  (x/t  =  0.038),  32  static  pressure  ori¬ 
fices  were  spaced  about  the  forebody.  While  at  the  last 
three  rows,F.S.  107  (x/£= 0.071),  F.S.  142(*/£=0.126) 
and  F.S.  1 84  (x/£ = 0. 190),  64  orifices  were  spaced  about 
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the  foiebody.  For  all  the  rows,  the  majority  of  the  pres¬ 
sure  orifices  were  placed  on  the  upper  surface  where  the 
greatest  pressure  gradients  were  expected. 

Both  the  left  and  right  LEXs  were  instrumented  with 
three  rows  of  pressure  orifices  located  at  F.S.  253  (x/£  = 
0.295),  F.S.  296  (*/£= 0.361)  and  F.S.  357  (x/£=0.454). 
The  number  of  orifices  installed  at  each  station  on  the 
upper  surface  ofeach  LEX  varied  from  13  to  20  and  from 
4  to  5  at  each  station  on  the  lower  surface. 

Typical  cross  sections  of  the  forebody  and  LEX  ori¬ 
fice  stations  and  the  orientation  of  the  orifices  are  given 
in  figure  4.  The  view  is  looking  aft  on  the  aircraft  with 
the  bottom  fuselage  centerline  at  0°  and  the  top  centerline 
fuselage  at  180°.  At  the  LEX  stations,  y/a  =  0.0  is  de¬ 
fined  as  the  LEX  fuselage  junction  while  y/a  -  1.0  is  the 
leading  edge  of  the  LEX,  -t- 1.0  for  the  left  LEX  leading 
edge  and  - 1 .0  for  the  right  LEX  leading  edge. 

Several  protrusions  on  the  forebody  should  be  noted. 
Two  small,  elliptical  shaped  electronic  countermeasures 
(ECM)  antenna  covers  (fig.  4)  were  located  on  the  sides 
of  the  fuselage  centered  at  F.S.  134,  6  =  85°  and  275® 
and  were  approximately  9.5-ia  long,  4-in.  wide  and  pro¬ 
truded  approximately  1.7  in.  Also,  two  aircraft  produc¬ 
tion  pitot-static  probes  (fig.  4)  were  located  on  the  lower 
fuselage  at  F.S.  164  to  177  and  fl  =  35°  and  325°.  The 
LEX  was  virtually  free  of  significant  protrusions  forward 
of  the  orifice  rows. 

5.4  Airdata  System 

Airspeed,  altitude,  angle  of  attack  (cr),  and  angle  of 
sideslip  (fi)  were  measured  using  airspeed  booms  shown 
in  figure  5,  mounted  on  specially  designed  wingtip  photo 
pods  as  sliown  in  figure  1.,  On  the  right  wingtip  a  stan¬ 
dard  NACA  noseboom  (ref.  21),  (fig.  5(a)),  was  installed 
with  the  tip  mounted  7.3  ft  forward  of  the  wingo'p  lead¬ 
ing  edge.  On  the  left  wingtip,  a  swiveling  probe  (ref.  16), 
(fig.  5(b)),  was  similarly  located.  It  is  estimated  that  a 
and  P  were  accurate  to  ±0.5°  for  a  up  to  40°,  and  ±1° 


Mach  numbers  varied  from  approximately  0.2  to  0.4.  An¬ 
gles  of  attack  ranged  from  10°  to  approximately  54°  over 
the  course  of  this  flight-test  program,  however,  this  report 
only  presents  results  for  a  =  15.8°  to  47.7°.  Sideslip  an¬ 
gles  ranged  from  7.5°  to  -4.8°  for  the  data  in  this  report. 

The  on-surface  flow  visualization  data  were  also  ob¬ 
tained  in  1-p  stabilized  flight.  When  the  aircraft  was  at 
the  desired  angle  of  attack,  the  PGME  dye  was  emitted 
through  the  Hush  orifices.  The  flight  condition  was  held 
for  approximately  75  sec  to  allow  the  PGME-dye  mix¬ 
ture  to  set  One  surface  flow  visualization  test  point  was 
obtained  for  each  flight  with  this  method  (ref.  10).  Re¬ 
sults  are  presented  for  o;  ~  30°  and  47°. 

Surface  pressure  data  presented  were  obtained  in 
quasi-stabilized,  1-p  flight  maneuvers.  Data  were  ob¬ 
tained  at  nominal  altitudes  of  20,000  and  45,000  ft.  At 
the  higher  angles  of  attack,  constant  altitude  could  not  be 
maintained  during  the  1-p  maneuvers  and  data  were  ob¬ 
tained  in  a  descent.  Time  segments  of  0.4-sec  duration 
were  used  for  data  analysis  purposes.  The  data  presented 
are  for  angles  of  attack  from  10°  to  50°  with  sideslip 
angle  0°. 

A  ground  augmented  guidance  system  similar  to  that 
described  in  reference  22  was  implemented  on  the  heads 
up  display  in  the  aircraft  cockpit  and  used  to  assist  the 
pilot  to  fly  the  desired  flight  conditions  precisely. 

7  RESULTS  AND  DISCUSSION 

7.1  Description  of  F-18  Flow  Field 

The  F-18’s  flow  field  is  substantially  dominated  by 
vortices  as  seen  in  an  example  from  a  water-tunnel  test 
shown  in  figure  6  at  or  =  30°.  The  vortex  cores  noted  on 
the  figure  are  generated  by  flow  which  separates  at  mod¬ 
erate  to  high  angles  of  attack  from  the  forebody  surface 
and  at  the  sharp  leading  edge  of  each  LEX.  The  LEX  vor¬ 
tex  cores  are  tightly  wound  and  extend  downstream  until 
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8  EFFECT  OF  ANGLE  OF  ATTACK 
ON  LEX  VORTICES 

8.1  Off-Surface  Flow  Visualization 

The  occurrence  of  vortex  core  breakdown  has  been 
reported  to  be  particularly  sensitive  to  an  adverse  pres¬ 
sure  gradient  along  the  vortex  (ref.  23).  It  follows  then 
that  as  angle  of  attack  increases,  thus  moving  the  onset 
of  the  adverse  pressure  gradient  forward,  the  vortex  core 
breakdown  location  will  move  neater  the  LEX  apex.  Ex¬ 
amples  of  this  trend  are  shown  in  figures  7(a-f).  These 
wingtip  still  photos  show  the  path  of  the  LEX  vortex  core 
and  its  breakdown  as  photographed  from  the  right  wingtip 
camera  at  a  =  15.8°,  20°,  24.2°,  29.9°,  35°,  and  42.5° 
with  approximately  0°-sideslip. 

At  a  =  15.8°,  (fig.  7(a)),  the  LEX  vortex  is  already 
well  developed  with  the  core  maintaining  inboard  and 
close  to  the  surface  extending  over  the  LEX  and  breaking 
down  aft  of  the  wing  trailing  edge  (not  seen  in  photo).  As 
the  angle  of  attack  increases  from  20°  to  35°, 
(figs.  7(b-e)),  the  LEX  vortex  breakdown,  which  was 
defined  previously  as  the  location  where  a  stagnation  of 
flow  in  the  core  occurs  accompanied  by  a  sudden  expan¬ 
sion  in  the  core  diameter,  moves  forward  from  just  in 
front  of  the  vertical  stabilizers  to  near  the  aft  end  of  the 
canopy.  At  a  =  42.5°,  (fig.  7(f)),  the  vortex  core  was  not 
observed  and  it  is  believed  that  the  breakdown  has  moved 
all  the  way  to  very  near  the  LEX  apex. 

The  LEX  vortex  core  breakdown  location  showed  fore 
and  aft  fluctuations  at  steady-sute  flight  conditions.  Av¬ 
erage  longitudinal  LEX  vortex  core  breakdown  locations 
were  determined  from  onboard  video  cameras  and  are 
plotted  as  a  function  of  angle  of  attack  in  figure  8.  For  an¬ 
gles  of  atuck  between  20°  and  40°,  the  LEX  vortex  core 
breakdown  position  moved  forward  nearly  linear  with  in¬ 
creasing  angle  of  attack.  On  average,  a  5°-change  in  an¬ 
gle  of  attack  changes  the  longitudinal  location  10  percent 
of  the  fuselage  length. 

The  vortex  core  breakdown  location  was  observed  to 
fluctuate  fore  and  aft  more  at  longitudinal  locations  aft 
olx/t-  .43.  Due  to  the  fore  and  aft  fluctuations  of  the 
vortex  core  breakdown,  the  flight  results  are  approximate 
to  within  ±.04  x/L 

In  addition  to  the  F-18  HARV  fli^t  results,  figure  8 
also  includes  results  obtained  with  subscalc  models  in 


water  tunnel  (ref.  15)  and  several  wind-tunnel  studies 
(refs.  4, 15).  Even  though  there  is  a  wide  variation  in 
model  scale  and  Reynolds  number  and  different  fluid  medi¬ 
ums,  the  plot  shows  reasonable  agreement  between  data 
from  the  different  sources. 

8.2  Surface  Flow  Visualization 

•  Presented' in  figures  9  and  10  are  photographs  of  sur¬ 
face  flow  visualization  on  the  LEX  of  the  HARV  using 
the  emitted  fluid  technique  for  a  ~  30°  and  47°,  respec¬ 
tively.  The  fluid  emitted  from  the  orifices  marks  the  sur¬ 
face  streamlines.  Where  the  streamlines  merge,  lines  of 
separation  are  defined  and  conversely,  where  the  stream¬ 
lines  diverge,  lines  of  reattachment  are  defined.  Observed 
in  both  figures  9  and  10,  the  secondary  vortex  line  of  sep¬ 
aration  {Si)  is  defined  by  the  inboard  edge  of  the  wide 
band  of  dye  while  the  tertiary  vortex  line  of  separation 
(5i)  is  defined  by  the  outboard  edge  of  the  band.  A  sche¬ 
matic  of  the  flow  is  shown  in  cross  seaion  in  the  inset  of 
figure  9. 

Although  shown  by  the  surface  flow  visualization  tech¬ 
nique,  the  secondary  and  tertiary  vortices  as  shown  in  the 
schematic  were  not  observed  using  smoke  flow  visualiza¬ 
tion.  This  was  probably  because  of  their  relative  weak¬ 
ness  and  smaU  size  as  compared  to  the  primary  vortex 
and  the  location  of  the  smoke  injeaion. 

In  comparing  the  surface  flow  visualization  data  at 
a  ~  SCF  and  47°,  the  separation  lines  are  observed  to 
be  farther  outboard  for  the  o  ~  47°  case,  especially  at 
F.S.  357.  As  noted  in  the  previous  section,  at  a  ~  47°, 
vortex  core  breakdown  is  very  near  the  LEX  apex.  Even 
though  vortex  breakdown  has  already  occurred,  the  sec¬ 
ondary  and  tertiary  lines  of  separation  are  still  evident  in 
the  surface  flow.  While  the  flow  appears  highly  unorga¬ 
nized,  it  is  in  fact  structured,  though  extremely  turbulent. 

83  Measured  Pressures 

The  effects  of  angle  of  attack  on  the  LEX  surface 
static  pressure  disfribution  are  presented  in  figure  11  for 
angles  of  attack  from  10°  to  50°  at  the  low  speed  (0.2  < 
Moo  <  0.4),  1-g  flight  conditions.  Pressure  coefficients 
are  plotted  from  the  LEX  as  a  function  of  LEX  span,  p 
and  a  as  defined  previously  in  figure  4.  As  the  aircraft 
angle  of  attack  increases  from  10.(P  to  25.8°,  (figs.  1 1(a) 
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and  (b)),  the  LEX  maximum  sucdon  pressure  peaks  in¬ 
crease  in  magnitude  and  move  inboard.  At  F.S.  357,  a  ~ 
30°  and  above  (figs.  11(b)  and  (c))  the  effect  of  the  LEX 
voitex  core  breakdown  on  the  pressure  distribution  can 
be  seen.  As  shown  in  figure  8,  at  a  =  30°,  voitex  core 
breakdown  occurs  very  near  F.S.  357  (x/i  =  0.454)  and 
moves  forward  as  angle  of  attack  is  increased  further. 
This  causes  a  decrease  in  the  maximum  suction  pressure 
and  a  flattening  of  the  pressure  distributions  when  vor¬ 
tex  core  breakdown  occurs  at  and  moves  forward  of  the 
measurement  station.  Similar  trends  are  noted  at  F.S.  296 
and  F.S.  253  for  a  =  39.3°  and  45.4°,  respectively.  At  the 
highest  angles  of  attack,  (fig.  11(c)),  the  flow  becomes 
less  symmetrical,  particularly  at  F.S.  253. 

8.4  Correlation  of  LEX  Pressure  Distributions 
with  Flow  Visualization 

Surface  flow  features  from  the  surface  flow  visual¬ 
ization  results  previously  presented  in  figures  9  and  10 
for  a  ~  30°  and  47°  have  been  correlated  in  figure  12 
with  the  pressure  distributions  obtained  on  the  LEX  at 
a  =  30.0°  and  48.1°.  Surface  flow  visualization  was  ob¬ 
tained  only  on  the  left  LEX,  however,  the  separation  line 
locations  are  shown  on  both  sides  for  comparison  with 
the  pressure  distributions  because  they  were  obtained  at 
near  zero  sideslip.  At  a  ~  30°,  (fig.  12(a)),  the  sec¬ 
ondary  separation  lines,  S2 ,  correspond  well  with  the  end 
of  pressure  recovery  outboard  of  the  maximum  suction 
pressure  peaks.  The  tertiary  separation  lines,  S3,  seem  to 
correspond  with  the  end  of  pressure  recovery  inboard  of 
the  secondary  suction  peak  near  the  LEX  leading  edge. 

The  lateral  location  of  the  primary  vortex  core  on  the 
F- 1 8  HARV  was  determined  with  smoke  v  isualization  for 
a  ~  30°  (refs.  15  and  16).  The  locations  shown  in  fig¬ 
ure  12(a)  at  F.S.  296  and  357  are  just  inboard  of  the  max¬ 
imum  suctio  pressure  peaks.  This  agrees  well  with  the 
lateral  position  of  vortex  cores  on  a  sharp  delta  wing  sug¬ 
gested  by  Hummel  and  Redeker  in  reference  24  and  ver¬ 
ified  by  Seshadri  and  Biietefisch  in  reference  25,  which 
showed  the  lateral  position  of  the  vortex  core  coincided 
closely  with  the  maximum  suction  peak. 

At  a  =  48.1°,  (fig.  12(b)),  the  LEX  primary  voitex 
core  breakdown  occurred  forward  of  F.S.  253  and  all  three 
stations  experienced  turbulent,  buffeting  vortical  flow 
while  the  aircraft  was  in  a  mild  wing  rock.  At  F.S.  296 
and  357  the  pressure  distributions  were  essentially  flat 


and  did  not  have  distinct  suction  pressure  peaks.  At 
F.S.  253,  the  pressure  distribution  was  slightly  asymmet¬ 
rical  and  the  end  of  pressure  recovery  did  not  correspond 
as  well  with  the  separation  lines  caused  in  part  by  the  un¬ 
steadiness  of  the  flow  and  the  difficulty  in  locating  the 
separation  lines  at  this  condition. 

8.5  Correlation  of  Flight  and  Wind-llinnel 
Pressure  Distributions  on  LEX 

The  LEX  pressure  distribution  results  from  a  6-percent 
scale  F-1 8  model  (ref.  4)  are  correlated  with  flight  data  at 
ot  ~  30°  at  Moo  ~  0.3  and  at  a  =  50°  at  Moo  ~  0.2 
in  figure  13.  Wind-tunnel  data  was  available  from  only 
the  upper  surface  of  the  LEX.  At  a  ~  30°,  (fig.  13(a)), 
the  wind  tunnel  tends  to  underpredict  slightly  the  suc¬ 
tion  pressures  at  F.S.  253  and  296.  The  suction  pressure 
peaks  are  predicted  better  at  F.S.  357.  Both  the  flight  and 
wind-tunnel  results  indicate  some  asymmetry  in  the  LEX 
pressure  disuibutions  at  a  =  50°,  (fig.  13(b)). 

9  EFFECT  OF  ANGLE  OF  ATTACK 
ON  FOREBODY  VORTICES 

9.1  Off-Surface  Flow  Visualization 

Two  photographs  of  smoke  emrained  in  the  right  fore¬ 
body  vortex  core,  taken  from  the  right  wingtip  camera, 
are  shown  in  figures  14(a  and  b)  for  a  =  29.5°  and  47.7°, 
and  P  ~  0°.  At  both  angles  of  attack,  the  right  forebody 
vortex  core  is  well  defined.  At  29.5°,  (fig.  14(a)),  the 
forebody  vortex  stays  very  close  to  the  aircraft  surface  as 
it  moves  over  the  top  of  the  canopy  and  aft  over  the  fuse¬ 
lage.  In  contrast,  the  forebody  vortex  core  at  a  =  47.7°, 
(fig.  14(b)),  lies  farther  away  from  the  surface  of  the  air¬ 
craft  from  its  point  of  origin  and  continues  to  a  location 
aft  of  the  canopy  where  it  appears  to  be  drawn  down 
into  the  region  directly  above  the  LEX.  Additionally,  the 
forebody  vortex  core  at  47.7°  appears  to  have  a  larger 
diameter. 

The  forebody  vortices  do  not  appear  to  be  as  strong  as 
the  LEX  vortices  because  of  the  lack  of  persistence  and 
uniformity  in  the  core  definition.  In  fact,  over  the  course 
of  the  lOO-flight  series,  natural  flow  visualization  of  the 
forebody  vortices  caused  by  condensation  was  observed 
by  the  pilot  only  once  whereas  the  LEX  vortices  were 
observed  frequently. 
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9.2  Surface  Flow  Visualization 

Surface  flow  visualization  on  the  forebody  of  the 
HARV  using  the  emitted  fluid  technique  is  presented  in 
the  photos  of  flgurcs  15  and  16  for  a  ~  30°  and  47°. 
respectively.  Noted  in  the  figures  are  the  primary  vortex 
separation  lines  (Si),  secondary  separation  lines  (S2  ),  the 
lines  of  reattachment  (R),  and  the  laminar  separation  bub¬ 
bles  (LSBs).  A  cross  section  view  of  the  flow  about  the 
forebody  is  shown  in  the  inset  (fig.  15).  Again,  the  sep¬ 
aration  and  reattachment  lines  are  defined  as  they  were 
for  the  LEX.  An  LSB  was  observed  on  the  forebody,  ap¬ 
pearing  as  a  kink  in  the  surface  flow  streamlines.  This 
is  confirmed  by  noting  that  this  only  occurred  near  the 
nose  apex  and  that  at  a  ~  47°.  (fig.  16(b)),  the  turbulent 
boundary  layer  from  the  screwheads  shown  on  the  fore- 
body  do  not  create  a  kink  in  the  surface 
streamlines. 

A  comparison  of  the  forebody  surface  flow  visualiza¬ 
tion  at  Of  ~  30°  with  that  obtained  at  47°  shows  that  the 
separation  lines  at  a  ~  47°  have  moved  much  neater  the 
nose  apex.  This  indicates  a  stronger,  more  fully  devel¬ 
oped  vortex  system  at  or  ~  47°.  In  both  cases,  the  separa¬ 
tion  lines  appear  to  be  nearly  symmetrical  for 
/9~0°. 

9.3  Measured  Pressures 

The  effects  of  angle  of  attack  on  the  forebody  pres¬ 
sure  distribution  are  presented  in  figure  17  for  angles  of 
attack  from  10°  to  50°  at  low  speed,  1-p  flight  condi¬ 
tions.  Pressure  coefficients  are  presemed  as  a  function 
of  circumferential  angle,  6,  and  for  each  of  the  five  foie- 
body  stations.  Note  the  change  in  scale  from  the  LEX  re¬ 
sults.  The  maximum  suction  pressures  are  much  greater 
in  magnitude  for  the  LEX  (fig.  1 1)  than  for  the  forebody 
at  the  same  angle  of  atuck  (fig.  17). 

At  F.S.  70,  ES.  85  and  F.S.  107,  and  starting  at  a  = 
19.7°,  (fig.  17(a)),  the  flow  accelerating  around  the  fore¬ 
body  induces  a  pair  of  maximum  suction  pressure  peaks 
on  the  sides  of  the  fuselage  at  ~  100°  to  120°  and 
240°  to  260° .  As  the  angle  of  attack  was  increased,  these 
maximum  suction  peaks  became  much  more  pronounced, 
(figs.  17(b)and(c)).  AtF.S.  85  and  107,  the  forebody  pri¬ 
mary  vortex  pair  footprints  (ref.  4),  indicated  by  suction 
pressure  peaks  at  d  =  168°  and  192°,  first  become  evi¬ 
dent  at  tv  =  34.3°  (fig.  17(b)).  As  the  angle  of  attack  is 


increased,  these  fooqirints  become  more  negative  and  in¬ 
dicate  the  presence  of  the  primary  vortex  cores  above  the 
surface  (ref.  26).  It  should  be  noted  that  at  these  fuselage 
stations  the  pressure  distributions  in  all  cases  are  sym¬ 
metrical  about  S=180°for;3~0for  angles  of  attack  up 
to5(F. 

At  F.S.  142,  sharp  peaks  at  5  =  90°  and  270°  in  the 
pressure  coefficient  curve  starting  at  cv=  19.7°(fig.  17(a)), 
are  the  result  of  local  separation  behind  the  two  small,  el¬ 
liptical  shaped  ECM  antenna  covers  described  previously 
under  Experiment  Description.  As  the  angle  of  attack  is 
increased  to  50°  (fig.  17(c)),  these  peaks  move  up  around 
the  fuselage  to  =  108°  and  252°. 

At  F.S.  142,  the  forebody  cross  section  has  become 
elliptical  in  shape.  The  magnitude  of  the  maximum  suc¬ 
tion  pressure  peaks  at  this  location  have  become  some¬ 
what  diminished  above  tv  ~  25°  or  30°,  (figs.  17(b)  and 
(c)),  compared  to  the  three  forward  stations.  Distinct 
footprints  ofthe  primary  vortex  are  present  near  9  ~  160° 
and  200°  beginning  around  tv  =  25°  (fig.  17(b)).  These 
footprint  peaks  are  less  distinct  at  5  ~  160°  than  atB  ~ 
200°  because  this  area  of  the  aircraft  contains  the  doors 
for  the  in-flight  refueling  probe  and  is  not  as  smooth  and 
flush  as  the  left  side  where  there  are  no  doors,  joints, 
or  other  discontinuities.  These  footprints  have  a  maxi¬ 
mum  magnitude  at  or  =  45°  diminishing  significantly  at 
a  =  50°,  probably  indicating  that  the  vortices  have  be¬ 
gun  to  lift  from  the  surface.  Again,  the  pressure  distri¬ 
butions  are  generally  symmetrical  about  5  =  180°  with 
the  differences  accounted  for  by  local  protuberances  or 
discontinuities. 

At  F.S.  184,  the  maximum  suction  pressure  peaks 
have  moved  up  to  ~  120°  and  240°,  (figs.  17(b)  and 
(c)),  caused  by  the  local  influence  of  the  LEX.  At  this 
station,  the  apex  of  the  LEXs  is  only  13  in.  aft,  (fig.  4), 
and  is  located  at  5  ~  123°  and  237°.  As  can  be  seen  in 
figure  4,  the  surface  flow  visualization  shows  the  stream¬ 
lines  pulled  up  and  over  the  LEX  for  cv  ~  26°..  The 
maximum  suction  peaks  for  tv  >  25°  are  further  reduced 
in  magnimde  compared  to  F.S.  142  because  the  primary 
vortices  are  lifted  farther  from  the  surface.  The  primary 
vortex  footprints  atB  ~  165°  and  195°  can  still  be  ob¬ 
served  at  Qt  >  25°,  (figs.  17(b)  and  (c)),  but  are  more 
diminished  in  magnitude  compared  to  those  at  F.S.  142. 
For  a  =  34.3°  and  greater,  the  peaks  in  the  pressure  co¬ 
efficient  curves  at  e  ~  48°  to  60°  and  300°  to  312°  are 
due  to  local  separation  caused  by  the  aircraft  production 


pitot-static  probes  mentioned  previously.  Again,  at  this 
location,  the  pressure  distributions  are  nearly  symmet¬ 
rical  about  0  =  180°  with  only  small  differences  in  the 
primary  voitex  footprint  due  to  discontinuities  caused  by 
the  refueling  probe  doors. 

The  general  trend  in  the  data  from  the  forebody  is 
for  the  maurnum  suction  pressure  peaks  to  first  appear 
at  a  ~  20°  and  increase  in  magnitude  as  angle  of  attack 
is  increased.  In  addition,  the  fooqtrints  of  the  primary 
vortex  first  appear  at  a  ~  25°  at  F.S.  142  and  F.S.  184 
and  progress  forward  toward  the  nose  apex  as  the  angle 
of  attack  is  increased. 

9.4  Correlation  of  Forebody  Pressure  and  Flow 
Visualization  Results 

Surface  flow  visualization  results  for  a  ~  30°  and 
47°  (figs.  IS  and  16)  are  correlated  with  forebody  flight 
pressure  distributions  at  a  =  30.0°  and  48.1°  in  figure  18. 
The  surface  flow  visualization  and  the  forebody  pressure 
measurements  were  obtained  on  separate  flights.  Smne 
differences  in  the  results  can  therefore  be  expected  be¬ 
cause  of  slighdy  different  test  conditions  and  test 
techniques. 

In  figure  18(a)  at  F.S.  70  and  for  a  ~  30°,  and  in  fig¬ 
ure  18(b)  at  F.S.  70,  F.S,  85,  and  F.S.  107  and  for  a  ~ 
47°,  LSBs  were  identified  in  the  surface  flow  visualiza- 
tion(ref.  13).  Laminar  separation  bubbles  are  more  closely 
identified  with  the  critical  Reynolds  number  range  (2  x 
10*  <  Rej  <  4  X  10*)  than  the  supercritical  range 
(4  X  10*  <  Red  <6  X  10^)  (ref.  24).  The  Rej  values 
for  the  flight  data  arc  given  in  the  figures.  At  F.S.  107, 
(fig.  18(b)),  the  LSB  located  by  the  surface  flow  visual¬ 
ization  at  d  =  1 13°  and  247°  correlates  well  with  the  kinks 
in  the  pressure  distribution  at  d=  108°  to  114°  and  246°  to 
252°.  This  is  consistent  with  the  discussion  in  reference 
27  where  the  kink  or  flattening  in  the  pressure  distribution 
was  correlated  with  an  LSB  for  a  tangent-ogive  cylinder. 
Laminar  separation  kinks  in  the  pressure  distribution  are 
also  noted  for  the  data  at  a  =  30°  at  F.S.  107,(fig.  18(a)), 
though  laminar  separation  was  only  noted  in  the  surface 
flow  visualization  near  F.S.  70.  Unfortunately,  the  ori¬ 
fices  were  not  dense  enough  to  define  the  kinks  in  the 
pressure  distribution  caused  by  the  LSB  at  F.S.  70  and 
F.S.  85.  The  kinks  on  the  windward  side  of  the  maxi¬ 
mum  suction  pressure  peaks  at  F.S.  107  for  ^  =  84°  to 
90°  and  270°  to  276°  are  not  explained  at  this  time.  No 


deviation  in  the  surface  streamlines  was  detected  in  the 
flow  visualization  at  these  circumferential  locations. 

The  peaks  in  the  pressure  distributions  for  F.S.  142 
at  9  ~  95*  and  265°,  (fig.  18(a)),  arc  caused  by  the  ECM 
antenna  covers  as  noted  earlier. 

The  primary  separation  lines,  Si ,  as  identified  by  the 
surface  flow  visualization  in  figures  15  and  16,  correlated 
well  with  the  end  of  pressure  recovery  on  the  lee  side 
of  the  forebody.  This  can  be  seen  most  clearly  in  fig¬ 
ure  18(b)  at  F.S.  85  to  184  and  in  figure  18(a)  at  F.S.  142 
and  184.  This  correlation  also  agrees  well  with  the  data 
of  references  26  and  27  for  a  cone  and  an  ogive.  Also 
shown  in  figure  18.  the  secondary  vortex  separation  line, 
Sz,  occurs  slightly  outboard  of  the  footprints  of  the  pri- 
maiy  vortex  pairs  at  F.S.  142  and  F.S.  IM  in  figure  18(a) 
and  at  F.S.  107  to  184  in  figure  18(b). 

9.5  Correlation  of  Flight  and  Wind-Thnnel 
Pressure  Distributions  on  Forebody 

Forebody  pressure  disuibution  results  from  a 
6-percem  scale  F-18  model  (ref.  4)  arc  correlated  with 
flight  data  at  a  ~  30°  at  Moo  ~  0.3  and  at  a  =  50°  at 
Moo  ~  0.2  in  figure  19.  Wind-tunnel  data  were  available 
at  only  three  forebody  fuselage  stations.  F.S.  107,  142, 
and  184. 

In  figure  19(a),  flight  and  wind-turuiel  data  are  pre¬ 
sented  for  a  =  30.0°  and  Moo  ~  0.3.  At  these  conditions, 
the  comparisons  are  good  with  the  exception  at  F.S.  142 
where  the  wind-turmel  data  does  not  indicate  the  foot¬ 
prints  of  the  primary  vortex  pair  at  &  ~  160°  and  200°. 
The  wind-tunnel  model  did  not  simulate  the  protuber¬ 
ances  caused  by  the  ECM  antenna  covets,  the  production 
probes,  and  the  refueling  doors  and  hence,  these  effects 
are  not  present  At  F.S.  107,  there  appears  to  be  a  kink  in 
the  wind-hjtmel  pressure  distribution  caused  by  an  LSB 
at&  ~  120°  to  132°,  which  is  slightly  more  leeward  than 
the  flight  values.  The  model  and  flight  Reynolds  num¬ 
bers,  Red/,  for  all  three  stations  are  all  in  the  supercritical 
range  though  the  flight  values  are  almost  an  order  of  mag¬ 
nitude  greater. 

Results  from  flight  and  wind-tunnel  data  at  a  =  50.0° 
and  Mco  ~  0.2  are  presented  in  figure  19(b).  At  these 
conditions,  the  comparison  of  the  results  is  mixed.  The 
model  Reynolds  numbers,  Re^,  in  this  case  are  critical 
whereas  the  flight  values  arc  supercritical.  The  footprints 
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of  the  primary  vortex  are  evident  for  both  the  flight  and 
wind-tunnel  data.  At  F.S.  107,  the  wind-tunnel  maxi¬ 
mum  suction  pressure  coefflcients  are  approximately  0.2 
lower  in  magnitude  than  the  flight  values,  however  the 
location  of  the  LSBs  and  the  pressure  distributions  at  the 
primary  vortex  footprints  agree  well.  At  F.S.  142  the  data 
at  the  maximum  suction  pressure  peaks  compare  well  but 
the  comparison  is  not  as  good  at  the  primary  vortex  foot¬ 
prints.  At  F.S.  184,  there  appears  to  be  an  asymmetry  in 
the  wind-mrmel  pressure  distribution  that  does  not  appear 
in  the  flight  data. 


location  of  the  vortex  core  breakdown  for  positive,  neg¬ 
ative,  and  0°-sideslip  conditions. 

Figure21  diowsthatata  ~  20",  for  the  small  sideslip 
angles  of  this  study,  the  vortex  breakdown  moves  more 
along  the  longitudinal  direction  than  in  the  lateral  direc¬ 
tion.  however,  this  effect  is  reduced  as  angle  of  attack 
increases. 

10.2  Forebody-LEX  Vortex  Interactions 
10.2.1  Angle  of  Attack  Effects 


10  FOREBODY-LEX  VORTEX  ASYM¬ 
METRIES  AND  INTERACTIONS 

The  effects  of  angle  of  attack  on  the  LEX  and  fore- 
body  flows  have  been  shown  in  the  previous  sections  us¬ 
ing  both  off-surface  and  surface  flow  visualization  tech¬ 
niques  as  well  as  surface  pressure  measurements.  In  this 
section,  the  effect  of  sideslip  and  the  forebody-LEX  vor¬ 
tex  interactions  will  be  discussed  using  only  the  off- 
surface  flow  visualization  technique. 

10.1  Effect  of  Sideslip  on  LEX  Vortices 


Shown  in  figures  22(a-c)  is  a  series  of  photos  of  the 
right  forebody  vortex  taken  with  the  right  wingtip  camera 
for  a  =  29.5°  to  42.5"  at  ~  0"-sidcslip.  In  the  photos  it 
can  be  observed  that  an  interaction  between  the  forebody 
and  LEX  vortex  cores  exists  (inset  sketches  which  have 
been  reconstructed  from  other  flight  data  are  shown  for 
clarity).  At  a  =  29.5°  (fig.  22(a)),  the  forebody  vortex 
core  is  pulled  down  beneath  the  LEX  vortex  just  aft  of 
the  LEX/wing  leading-edge  flap  hinge  junction.  As  the 
angle  of  attack  increases,  (figs.  22(b-c)),  the  location  of 
this  interaction  moves  forward.  The  longitudinal  location 
of  this  interaaion  is  plotted  in  figure  23  as  a  function  of 
angle  of  attack.  Accuracy  of  the  data  is  x/£  =  ±.04. 


The  effect  of  angle  of  sideslip  on  the  vortex  core  break¬ 
down  position  is  illustrated  in  figures  20(a-c)  as  photo¬ 
graphed  from  the  right  wingtip  camera  during  a  wings 
level  sideslip  maneuver  at  cr  ~  25".  The  right  LEX  vor¬ 
tex  core  breakdown  position  can  be  seen  moving  af)  as 
sideslip  angle  is  decreased  from  4.5°  (right  LEX  vortex 
on  windward  side)  to  -3.4°  (right  LEX  vortex  on  lee¬ 
ward  side)  where  positive  angle  of  sideslip  is  flow  from 
the  right  or  nose  left  as  viewed  by  the  pilot. 

The  following  trends  were  observed  from  studying 
the  onboard  video  data  as  well  as  from  the  wingtip  still 
photos.  With  sideslip,  the  windward  vortex  cote  moves 
inboard  and  down  closer  to  the  surface  with  breakdown 
occurring  much  farther  forward  than  at  0°  sideslip.  Con¬ 
versely,  the  leeward  vortex  core  was  observed  to  move 
outboard  and  away  from  the  surface  with  the  vortex  core 
breaking  down  farther  aft  than  at  0°  sideslip. 

The  breakdown  location  was  determined  using  on¬ 
board  video  data,  and  plotted  in  figure  21  for  a  ~  20", 
25°,  and  30".  In  this  figure,  the  lateral  location  of  the 
vortex  cote  breakdown  was  plotted  against  longitudirral 


Also  plotted  in  figure  23  is  the  location  of  the  LEX 
vortex  core  breakdown  taken  from  figure  8.  It  should 
be  noted  that  the  forebody-LEX  vortex  interaction,  for 
the  presented  as  in  0"-sideslip  cases,  occurs  aft  of  the 
LEX  vortex  cote  breakdown  position.  Since  the  diameter 
of  the  LEX  vortex  structure  increases  significantly  after 
breakdown  as  seen  previously  from  wingtip  photographs, 
it  is  not  surprising  that  the  forebody  vortex  cote  might  be 
pulled  uttder  the  LEX  vortex  cote  because  of  the  down¬ 
ward  action  of  the  LEX  vortex  which  is  now  closer  to  it 
because  of  its  suddenly  increased  diameter. 

The  forebody-LEX  interaction  locations  gathered 
from  a  water-tunnel  test  on  a  3-percent  scale  F-18  model 
(ref.  15)  are  also  plotted  on  figure  23.  Good  correlation 
between  the  flight  ard  the  model  data  is  found  in  spite  of 
a  large  difference  in  Reynolds  number  and  fluid  medium. 

10.2.2  Sideslip  Effects 

Sideslip  has  a  significant  effect  on  the  forebody  vor¬ 
tices.  Forward  of  the  canopy,  the  two  forebody  vortices 
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are  nearly  symmetrical  at  /3  ~  0°,  for  the  angles  of  at¬ 
tack  presented.  Wth  sideslip,  these  vortices  are  rotated 
about  the  forebody  to  an  asymmefocal  location  similar  to 
the  schematic  of  figure  24.  The  rotation  of  the  forebody 
vortices  due  to  sideslip  was  also  illustrated  in  a  report 
by  Erickson  (ref.  12)  where  F/A-18  water-tunnel  flow 
visualization  photos  showed  the  leeward  primary  sepa¬ 
ration  line  rotated  down  and  that  of  the  windward  side 
rotated  up. 

At  the  higher  angles  of  attack,  the  effect  of  sideslip 
causes  the  windward  forebody  vortex  to  travel  up  and 
over  the  top  of  the  canopy.  In  some  cases,  this  wind¬ 
ward  forebody  vortex  core  has  been  observed  to  cross 
the  aircraft  centerline  and  interact  with  the  leeward  LEX 
vortex  near  the  vertical  tails.  At  the  same  time,  the  lee¬ 
ward  forebody  vortex  moves  along  the  side  of  the  canopy 
to  interact  and  merge  with  the  leeward  LEX  vortex  near 
the  canopy.  The  location  of  this  forebody-LEX  inter¬ 
action  as  determined  from  onboard  video  and  still  pho¬ 
tos  is  shown  in  figure  2S  as  a  function  of  sideslip  for  an 
a  ~  33°. 

From  figure  25  it  can  be  seen  that  as  the  aircraft  ex¬ 
periences  greater  sideslip  angles,  the  interaction  of  the 
leeward  forebody  vortex  core  with  the  LEX  vortex  core 
occurs  farther  forwaid,  and  the  windward  forebody  vor¬ 
tex  core  does  so  farther  aft.  This  appears  to  be  cau^  by 
the  location  of  the  forebody  vortices  as  affected  by  angle 
of  sideslip.  With  sideslip,  the  windward  forebody  vortex 
is  moved  up  and  over  toward  the  top  of  the  canopy  and 
away  from  the  corresponding  LEX  vortex.  Conversely, 
at  the  same  time,  the  leeward  forebody  vortex  is  moved 
down  along  the  side  of  the  canopy  and  closer  to  the  cor¬ 
responding  LEX  vortex. 

Upon  comparing  the  effect  of  sideslip  on  the  longitu¬ 
dinal  movement  of  the  forebody-LEX  vortex  core  inter¬ 
action  and  the  longitudinal  movement  of  the  LEX  vortex 
cores,  it  was  noted  that  the  trends  opposed  each  other.  As 
sideslip  increased,  the  breakdown  location  of  the  wind¬ 
ward  LEX  vortex  core  moved  forward  while  the  loca¬ 
tion  of  the  windward  forebody-LEX  vortex  interaction 
moved  aft.  The  inverse  was  true  on  the  leeward  side. 

11  CONCLUDING  REMARKS 

A  low-speed  correlation  of  in-flight  flow  visualiza¬ 
tion,  suiface  pressure  measurements,  water-tunnel,  and 


wind-turmel  results  for  the  vortical  flows  on  the  forebody 
and  leading-edge  extensions  of  an  F- 1 8  aircraft  have  been 
reported  for  angles  of  attack  up  to  50°.  Both  off-surface 
flow  visualization  using  smoke  injection  and  surface  flow 
visualization  using  the  emitted  liquid  dye  technique  were 
used  to  obtain  photographic  data  from  flight  In-flight 
surface  pressure  measurements  were  made  at  five  fore¬ 
body  stations  and  at  three  LEX  stations  on  the  aircraft 
and  were  correlated  with  similar  data  from  a  6-percent 
scale  wind-tunnel  model. 

The  off-surface  flow  visualization  showed  a  strong 
vortical  field  above  the  LEX  and  that  the  LEX  vortex 
core  breakdown  location  moved  forward  with  increas¬ 
ing  angle  of  attack.  The  LEX  vortex  core  breakdown 
from  wind-tunnel  and  water-tunnel  tests  correlated  rea¬ 
sonably  well  with  the  flight  results.  In  general,  as  an¬ 
gle  of  attack  increased,  the  LEX  pressure  distributions 
experienced  an  increase  in  the  magnitude  of  the  max¬ 
imum  suction  pressure  peaks  as  the  vortex  core  break¬ 
down  approached  them  and  then  a  decrease  and  the  gen¬ 
eral  flattening  of  the  pressure  distribution  as  the  vortex 
core  breakdown  progressed  forward  of  them.  The  LEX 
secondary  separation,  as  determined  from  surface  flow 
visualization,  corresponded  weU  with  the  end  of  pres¬ 
sure  recovery  outboard  of  the  maximum  suction  pressure 
peaks.  The  wind-tunnel  data  tended  to  undeipredict  the 
suction  pressures  at  some  locations  at  as30°. Both  flight 
and  wind-tunnel  results  showed  asymmetries  at  a  =  50°. 

Vortical  flow  was  also  observed  on  the  forebody  us¬ 
ing  flow  visualization  starting  at  o  ~  25°.  The  gen¬ 
eral  trend  for  the  forebody  pressure  disuibutions  was  for 
the  maximum  suction  pressure  peaks  to  first  appear  at 
at  ~  19°  and  increase  in  magnitude  as  the  angle  of  attack 
was  increased.  Fooqjrints  of  the  primary  vortex  pairs 
first  appeared  at  cv  ~  25°  on  the  aft  portion  of  the  fore¬ 
body  and  progressed  forward  as  the  angle  of  attack  in¬ 
creased.  The  forebody  primary  separation  lines,  as  iden¬ 
tified  by  surface  flow  visualization,  correlated  well  with 
the  end  of  pressure  recovery  leeward  of  the  maximum 
suction  peak.  Both  the  surface  pressure  Cp  levels  and 
the  off-surface  flow  visualization  indicated  that  the  fore- 
body  vortex  system  is  weaket  than  the  LEX  vortex  sys¬ 
tem.  At  a  =  30°,  the  comparison  of  the  flight  and  wind- 
tunnel  pressure  distributions  were  in  general,  good,  but 
the  wind-tunnel  data  did  not  show  the  presence  of  the 
vortex  fooqtrints  and  also  exhibited  some  asymmetry  not 
present  in  the  flight  data. 


Interactions  were  observed  between  the  forebody  and 
LEX  vortical  flow  flelds.  These  interactions  were  both  a 
function  of  angle  of  attack  and  sideslip.  The  effect  of 
angle  of  sideslip  was  to  cause  asymmetrical  forebody- 
LEX  interactions  as  well  as  asymmetrical  LEX  vortex 
core  breakdown. 
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Figure  4.  TVpical  cross  sections  of  pressure 


(b)  LEX  spanwise  position. 

measurement  stations  and  orifice  orientation,  looking  aft. 
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(a)  NACA  airdata  probe,  right  wingtip,  (ref.  21). 
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(b)  Swiveling-head  airdata  probe,  left  wingtip. 
Figure  5.  Airdata  probes  mounted  on  F-18  HARV  wingtips. 
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Figure  6.  Vortex  flow  on  a  3-percent  model  of  the  F-18  airplane  in  a  water  tunnel,  a  =  30°,  =  0®,  (ref.  15). 
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Figure  8.  Comparison  of  F-1 8  vortex  core  Bre^dowhbe^eeh'fli^t  ^  ground  facilities. 


Figure  9.  Surface  flow  visualization  on  left  LEX  of  F-1 8  HARV  for  ot  ~  30°. 
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(a)  a  =  30.0°,.  (b)  0  =  50.0°. 

Figure  13.  Comparison  of  flight-  and  wind-tunnel  measured  LEX  surface  static  pressure  coefficients  on  the 
F-18  HARV. 


(b)  cir  =  47.7»,/3  =  0.7“. 

Figure  14.  Photographs  fiom  wingtip  cameras  of  smoke  entrained  in  forebody  voitex  core  at  two  angles  of  attack 
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VORTEX  FORMATION  OVER  A  CLOSE-COUPLED 
CANARO-WING-BODV  CONFIGURATION 
IN  UNSYMMETRICAL  FLOM+' 

by 
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SUMMARY 


A  close-coupled  canard-wing-body  combination  has  been  investigated  in  unsymmetrical  flow. 
The  configuration  consisted  of  a  delta  canard  and  a  delta  wing  (Ar  *  Ay  •  2.3)  and  a  body  of 
revolution  as  fuselage.  Six-component  and  surface  pressure  distribution  measurements  as  well  as 
flow  visualizations  by  means  of  the  laser-1 ightsheet  technique  have  been  carried  out  at 
Reynoldsnumbers  (based  on  wing  inner  chord)  of  Re  •  {1.1)1.4'10°  for  the  canard-off  and  the 
canard-on  configuration. 

For  large  angles  of  attack  distinct  Jumps  of  the  aerodynamic  coefficients  have  been  detected 
in  unsymmetrical  flow  which  are  due  to  sudden  changes  of  the  flow  structure.  On  the  canard-off 
configuration  they  are  caused  by  the  collapse  of  the  vortex-type  flow  on  the  windward  side  of 
the  configuration  into  a  deadwater-type  flow  which  takes  place  when  the  vortex  breakdown 
position  within  the  wing  vortices  reaches  the  wing  apex.  On  the  canard-on  configuration  the 
sensitive  and  favourable  interference  between  canard  and  wing  is  suddenly  disturbed.  Apart  from 
a  small  region  in  the  vicinity  of  the  symmetrical  flow  in  which  a  vortical  flow  at  the  canard 
can  be  maintained  up  to  extremely  large  angles  of  attack,  in  unsymmetrical  flow  at  high  angles 
of  attack  the  flow  over  the  windward  side  of  the  canard  collapses  from  a  vortex-type  flow  to  a 
deadwater-type  flow  due  to  a  sudden  loss  of  favourable  Interference,  and  this  causes  the  jumps 
in  the  slope  of  the  aerodynamic  coefficients. 


LIST  OF  SYMBOLS 
Geometric  Quantities 


b^S 


"25 


"25 


R  -  r/c 


iW 


Aspect  ratio  of  canard  or  wing 

Geometric  neutral  point  of  canard 
or  wing  (original  planform:  Lea¬ 
ding-edge  extended  to  y^.  -  yy  •  0 
according  to  Fig.  2) 

Geometric  neutral  point  of  those 
parts  of  canard  or  wing  which  are 
not  shrouded  by  the  fuselage 
(marked  in  Fig.  2  by  hatching) 

Relative  forward  position  of  the 
canard 

Area  of  canard  or  wing  (original 
planform:. Leading-edge  extended  to 
yc  «  yy- «  0  according  to  Flg^  2) 


b  -  2s 

c(y) 

c^  -  c(y  -  0) 
c,,  -  c(y  -  Tp) 


1 


% 


Area  of  canard  or  wing  which  is  not 
shrouded  by  the  fuselage  (marked  in 
Fig.  2  by  hatching) 

Span  of  canard  or  wing 

Local  chord  of  canard  or  wing 

Inner  chord  of  canard  or  wing 

Root  chord  of  canard  or  wing 


Mean  aerodynamic  chord  of  the 
original  wing 


Di  ameter  of  the  cyl  i  ndri  cal  porti  on 
of  the  fuselage 

Length  of  the  fuselage 


This  wdHc  was  partly  supported  by  Deutsche  Forschungsgemeinschaft 
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Ir 


’iF’  ’ZF’  ’3F 

••f 


$ 

h 

t 

X,  y,  z 


ix. 


N2S 


iXi 


NZS 


Length  of  the  fuselage 

Length  of  front,  cylindrical  and 
rear  part  of  the  fuselage 

Radius  of  the  cylindrical  portion 
of  the  fuselage 

Horizontal  distance  between  the 
geometric  neutral  points  of  canard 


and  wing  (r  •  Ax,^25C  “ 


^N2SC  ■  ^N25h' 


*N25H 


-  N/q,SyS  Yawing  moment  coefficient  (Refe¬ 
rence  axis  and  sign  according  to 
Fig.  ♦) 

Cp  ■  (P  -  Static  pressure  coefficient 


P 

1. 

a 


Half  span  of  canard  or  wing 

Local  half  span  of  canard  or  wing 

Maximum  thickness  of  canard  or  wing 

Body-fixed  coordinates,  origin  on 
the  axis  of  the  fuselage  at  the 
Intersection  of  leading-edge  and 
fuselage  contour  (y  -  rp)  for 
canard  or  wing 

Distance  of  the  geometric  neutral 
point  Njc  of  canard  or  wing  from 
the  tralfing-edge  of  the  wing  (or 
from  the  rear  end  of  the  cyl Indrl- 
cal  portion  of  the  fuselage) 

Distance  of  the  geometric  neutral 
point  Mac  of  canard  or  wing  from 
the  tralfing-edge  of  the  wing  (or 
from  the  rear  end  of  the  cylindri¬ 
cal  portion  of  the  fuselage) 


Subscripts 

C 

F 

W 


Static  pressure 

Free  stream  dynamic  pressure 

Angle  of  attack  (Angle  between 
the  free  stream  velocity  compo¬ 
nent  V.cos^  and  the  wing  plane, 
see  Fig.  4) 

Angle  of  sideslip  (Angle  between 
the  free  stream  velocity  and  the 
symmetry  plane  y  -  0  of  the  con¬ 
figuration,  see  Fig.  4) 

Kinematic  viscosity 


Canard 

Fuselage 

Hing 

Free  stream  conditions 


?  ■  x/Cj.  Dimensionless  body-fixed  longitu¬ 

dinal  coordinate  for  canard  or  wing 


1.  INTRODUCTION 


y  -  rr 


-  --  rf. 

4 .  t-'-' 


j  -- 


Dimensionless  local  lateral  coor¬ 
dinate  for  canard  or  wing. 

Leading-edge  sweep  of  canard  or 
wing 


Aerodynamic  Quantities 


Re  •  V„'C^j)/v 

V. 

'"L  “ 

C|)  ■ 

S-'V'USwe 


Cy  ”  Y/q,Sy 
c,  -  L/q,SyS 


Reynoldsnumber 
Free  stream  velocity 
Lift  coefficient 
Drag  coefficient 

Pitching  moment  coefficient  (Refe¬ 
rence  point  N.cu,  nose-up  positive, 
see  Fig.  4) 

Side  force  coefficient 

Rolling  moment  coefficient  (Refe¬ 
rence  axis  and  sign  according  to 
Fig.  4) 


Canard  configurations  have  been  Investigated  for  a 
long  time  and  there  exists  a  large  number  of  publica¬ 
tions  of  experimental  and  theoretical  work  on  this 
topic.  It  Is  known  since  H.  Behrbohm  [1)  In  1965  that 
close-coupled  canard  configurations  with  canard  and 
wing  of  small  aspect  ratios  In  the  range  of  1  S  A  S 
3  have  substantial  advantages;  The  maximum  lift 
coefficient  C|_jj^  and  the  corresponding  angle  of 
attack  tt(ci_gj[)  can  be  Increased  considerably  by 
adding  a  delta  canard  to  a  delta  wing.  The  advantage 
Is  due  to  favourable  Interference  between  the  vortex 
systems  of  canard  and  wing.  Therefore,  today  a  close- 
coupled  canard  configuration  Is  a  characteristic 
feature  of  modern  fighter  aircraft. 

Short-coupled  canard  configurations  have  been 
studied  extensively  In  series  of  measurements  at 
Naval  Ship  Research  and  Development  Center  (NSRDC) 
[2  -  5]  and  at  NASA  [6  -  13).  These  experimental 
Investigations  were  mainly  aimed  at  finding  practi¬ 
cable  solutions.  The  trlnmlng  capabilities  of  close- 
coupled  canard  configurations  In  comparison  with 
conventional  configurations  have  been  Investigated  by 
R.  B.  Eberle  et  al.,  [14]  and  S.  E.  Goldstein,  C.  P. 
Combs  [15]  and  the  aerodynamics  of  such  configura¬ 
tions  beyond.stall  have  l^n- considered  by  H.  John, 
H.  Kraus  [16]  and) H.  Kraps  [17]. 

More  recently  new  activities  related  to  short- 
coupl^  canard  conFlgiiratlohs  have  been  started  by  J. 
ErrEl„A.  Seginer  [18]  as  wel.l  as  within  the  "Inter- 
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national  Vortex  Flow  Experiment"  (VFE)  by  fi.  Drougge 
[19].  These  Investigations  were  aimed  at  an  under¬ 
standing  of  the  physics  of  the  vortex  formation  over 
such  configurations  and  a  proper  calculation  of  such 
flows  by  means  of  Euler-  and  Navier-Stokes-codes.  The 
Investigations  were  mainly  concerned  with  symmetrical 
flow  around  a  short-coupled  canard  configuration 
described  in  Ref.  [19].  Although  much  effort  was 
devoted  to  the  canard-off  configuration,  some  results 
for  the  canard-on  configuration  are  available  and 
summarized  by  A.  Elsenaar  et  a1.  [20].  Force  and 
pressure  distribution  measurements  as  well  as  a 
detailed  study  of  th-  incompressible  flow  around  this 
configuration  have  bt.n  carried  out  by  H.-Chr.  Oelker 
[21]. 

In  close  relation  to  the  Vortex  Flow  Experiment  at 
Institut  fOr  Strhmungsmechanik  of  Technische  Univer- 
sitSt  Braunschweig  a  comprehensive  research  program 
has  been  performed  on  a  second  close-coupled  canard 
configuration  with  a  delta  wing  and  a  delta  canard 
(A^i  •  Aj.  •  2.31).  Force  and  pressure  distribution 
measurements,  flow  visualizations  and  flow  field  mea¬ 
surements  have  been  carried  out  by  0.  Hummel  and  H.- 
Chr.  Oelker  [22  -  26).  From  these  investigations  the 
mechanisms  of  interference  between  canard  and  wing 
may  be  regarded  as  well  understood  for  this  con¬ 
figuration  in  symmetrical  flow.  Fia.  1  summarizes  the 
flow  pattern.  At  the  canard  a  primary  vortex  is 
formed  which  is  accompanied  by  a  secondary  vortex 
(not  shown  in  Fig.  1)  and  by  a  counter-rotating 
trailing-edge  vortex  downstream  of  the  canard's 
trai ling-edge.  This  vortex  formation  is  the  same  as 
for  a  single  delta  wing  according  to  0.  Hummel  [27]. 
Over  the  wing  the  canard  vortex  system  remains 
separate  from  the  wing  vortex  system.  In  the  inner 
portion  of  the  wing  the  canard's  trailing  vortex 
sheet  merges  with  the  upper  surface  boundary  layer  of 
the  wing.  The  flow  separation  at  the  leading-edge  of 
the  wing  is  suppressed  in  the  front  part  of  the  wing 
due  to  downwash  effects  caused  by  the  canard's  vortex 
system.  Therefore  the  wing  vortices  are  formed  with 
some  delay.  They  are  again  accompanied  by  a  secondary 
vortex  (not  shown  in  Fig.  1)  and  by  a  counter-rota¬ 
ting  trailing-edge  vortex  downstream  of  the  wing. 
With  Increasing  angle  of  attack  this  flowfield 
remains  virtually  unchanged.  Vortex  breakdown  takes 


place  neither  in  the  canard's  nor  In  the  wing's 
vortex  system.  This  is  due  to  favourable  Interference 
effects:  In  the  canard's  vortex  system  a  strong 
tendency  towards  vortex  breakdown  is  present  down¬ 
stream  of  the  canard's  trailing-edge,  but  the  accele¬ 
ration  of  the  flow  over  the  leading-edge  of  the  wing 
keeps  vortex  breakdown  away  from  the  canard  vortices 
apart  from  some  vortex  stretching  between  canard  and 
wing  [22],  Due  to  the  downwash  of  the  canard  the  wing 
operates  at  lower  effective  angles  of  attack  and 
therefore  vortex  breakdown  is  also  delayed  in  the 
wing's  vortex  system.  Due  to  these  favourable  effects 
the  lift  of  a  close-coupled  canard  configuration  is 
larger  than  that  of  the  wing  alone.  At  very  large 
angles  of  attack,  the  sensitive  Interference  is  no 
longer  able  to  avoid  vortex  breakdown  and  a  sudden 
lift  loss  is  caused  by  vortex  breakdown  within  the 
canard  vortices  first  and  then  also  within  the  wing 
vortices. 

Short-coupled  canard  configurations  have  also  been 
investigated  in  unsymmetrical  flow  and  some  publica¬ 
tions,  e.  g.  Refs.-  [8],  [9],  [11],  [16],  [17], 
present  lateral  aerodynamic  characteristics.  The  aim 
of  these  investigations  were  considerations  of 
lateral  stability  and  control  of  such  configurations 
but  details  of  unsymmetrical  flowfields  have  not  yet 
been  studied.  For  this  purpose  the  A  -  2.31  delta 
canard  wind  tunnel  model  of  the  Institut  fOr  Str5- 
mungsmechanik  at  Technische  UniversitSt  Braunschweig 
has  been  equipped  with  a  body  of  revolution  as 
fuselage.  This  extended  version  of  the  configuration 
has  been  tested  in  unsynmetrical  flow  by  means  of 
force  and  pressure  distribution  measurements  and  the 
flowfield  has  been  studied  using  the  laser-1  ightsheet 
technique.  The  first  results  of  these  investigations 
will  be  presented  subsequently. 


2  EXPERIMENTAL  SET-UP  AND  TEST  PROGRAM 


The  experimental  investigations  have  been  carried 
out  in  the  1.3  m  wind-tunnel  of  the  Institut  fOr 
Str&mungsmechanik  of  Technische  UniversitSt  Braun¬ 
schweig. 


Fio.  1:  Flowfield  around  the  coplanar  A  •  2.31  delta 
canard  configuration  at  low  angle  of  attack 
in  symmetrical,  incompressible  flow 


i 


Tib,  l!  Geometric  deti  of  the  configuration 


;  Aspect  ritio 
Leading-edge  sweep 
Thickness  ratio 

:  Aspect  ratio 
Leading-edge  sweep 
Thicknes.,  ratio 


Fuselage:  Body  of  revolution 
Thickness  ratio 
Cylindrical  section 
Front  and  rear  part 


dp/lf  -  1/10.05 
V’ZF  '  V6.05 

df/liF  -  dp/l3p 
-  1/2.00 


Combinatiot  Wtng-Fuse1age: 

Relative  fuselage  width  dp/b^f  •  1/6 
Position  of  Njjy 

Position  of  Hjjij  — '•>  -  n 

Hid-wing  position 


^’'N25y/“^<  ' 


Combination  Canard-Wing: 

Relative  canard  size 
Position  of  N2g(; 
Position  of  ntci- 


Fia.  2:  Canard-wing-fuselage  configuration 


Forward  position 
of  canard 
Copi anar 


b(./b^,  -  0.4 
^j^2Sc/^l  * 

R  -  ^/c^y  -  0.575 


V-?.'.3Sir 

: 

■xm 


2.1  WIND-TUNNEL  MODEL 

The  investigations  have  been  performed  for  a 
canard-wing-body  configuration,  which  is  shown  in 
Fia.  2.  The  geometric  data  may  be  taken  from  Tab.  1. 
Canard  and  wing  have  delta  planforms  oF  aspect  ratio 
Ar  •  Aj(  •  2.31  and  a  corresponding  leading-edge  sweep 
of  (P(-  •  Vy  -  60'.  In  both  cases  symmetric  parabolic 
arc  airfoils  for  the  inner  section  (yj  «  yy  ■  0)  and 
parabolic  contours  in  spanwise  direction  have  been 
used.  For  canard  and  wing  the  thickness  at  the 
leading-edge  was  1  mm.  In  relation  to  the  sizes  of 
canard  (b^  •  240  mm)  and  wing  (by  •  600  mm)  these 
leading-edges  may  be  regarded  as  sharp.  The  fuselage 
is  a  body  of  revolution  which  consists  of  a  cylindri¬ 
cal  portion  of  length  Up  *  6.05  dp  and  attached  are 
front  and  rear  parts  of  length  Ijp  •  Ijp  =  2.00  dp. 
Their  shape  has  been  taken  as  a  polynomial  of  fourth 
order  which  meets  the  cylindrical  part  continuously 
with  respect  to  slope  and  curvature.  Canard,  wing  and 
fuselage  are  equipped  with  a  tube  system  underneath 
the  surface  and  with  pressure  holes  in  order  to 
measure  the  surface  pressure  distribution.  The 
arrangement  of  the  sections  1  to  30  and  the  positions 
of  the  pressure  holes  are  shown  in  Fia.  3.  In  the 
sections  1  to  S  and  14,  15  the  pressure  distribution 
could  be,  measured  on  the  fuselage  only,  and  in  the 
sections  6  and -7  on  the  canard  only  a  reduced  number 
of  pressure  holes  was  available. 

The  geometric  data  of  the  combinatjons  wing-fuse¬ 
lage  and  canard-wing  are  aHd'cgflect'ed  in  Tab.  1. 
The  wing  was  added  to  .the- fusel  age  Jn  such  a  way, 
that  the  trail ing-edge  of  the  wing'coincided  with  the 
rear  end  of  the  cylindrical  part  of  the  fuselage.  A 
mid-wing  configuration  was  chosen  and  the  setting 


angle  between  the  wing  plane  and  the  fuselage  axis 
was  (y  -  0*.  Concerning  the  canard-wing  combination 
the  span  ratio  is  b(./bu  •  0.4  corresponding  to  an 
area  ratio  of  S(;/Sy  •  0.16.  The  ratio  of  the  areas  of 
canard  and  wing  not  shrouded  by  the  fuselage  is  S^/Sy 
>  0.078  which  may  be  regarded  as  a  reasonable  value 
related  to  practical  application.-  The  longitudinal 
position  of  the  canard  in  relation  to  the  wing  is 
fixed.'  However  the  wind  tunnel  model  allows  some 
variation  of  the  canard's  vertical  location  and 
setting  ancle.  In  the  present  investigations  the 
special  case  of  a  coplanar  mid-wing  configuration  has 
been  studied. 


2.2  DESCRIPTION  OF  THE  TESTS 

The  wind  tunnel  investigations  have  been  carried 
out  at  free  stream  velocities  of  V,  •  34  iq/s  and  V. 

•  40  m/s,  which  correspond  to  Reynoldsnumbers  of  Re 
-  1.1  -•  10®  and  Re  -  1.4  •  10®. 

Six-component  measurements  have  been  carried  out 
for  -5’So£40*  with  Aor  -  2.5*  and  the  angle  of  side¬ 
slip  has  been  varied  in  the  range  -10*S^S26*  with  46 

•  2*.  The  aerodynamic  coefficients  have  been  evalua¬ 
ted  from  the  measurements  using  the  experimental 
coordinate  system  and  the  reference  point  shown  in 
Fig.  4.  These  measurements  have  been  carried  out  for 
the  wing  alone,  the  canard-off  wing-body  combination 
as  well  as  for  the  canard-wing-body  configuration. 

Pressure  distribution  measurements  have  been 
carried  out  for  8  selected  angles  of  attack  and  for 
a  few  angles  of  sideslip.  The  test  program  for,. the 
canard-off  and  the  canardH>n  configuration  may  be 
taken  frbn  Tab..-2t  j  -< 
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_6:  Results  of  six-component  measurements  for 
the  canard-off  configuration  at 
Re  »  1.1  •  10° 


Some  results  of  the  six-component  measurements  on 
the  canard-off  configuration  are  plotted  in  Fio.  6. 
At  low  angles  of  attack  lift  and  pitching  moment 
depend  only  slightly  on  the  angle  of  sideslip  and  the 
unsynmetry  of  the  flow  causes  a  rolling  moment.  The 
drag  is  closely  related  to  the  lift  characteristic 
and  side  force  and  yawing  moment  correspond  to  the 
rolling  moment  characteristic;  they  are  not  shown  for 
simplicity.  In  symmetrical  flow  vortex  breakdown  is 
present  over  the  wing  for  a  >  10*  and  in  unsymmetri- 
cal  flow  vortex  breakdown  takes  place  over  the 
windward  side  of  the  wing  at  even  lower  angles  of 
attack.  The  effects  of  vortex  breakdown  are  not 
distinctly  marked  in  the  aerodynamic  characteristics 
plotted  in  Fig.  6.  This  is  due  to  the  well  known 
fact,  see  e.  g.  D.  Hummel,  G.  Redeker  [28],  that  for 
a  delta  wing  of  aspect  ratio  A  •  2.31  the  vortices 
are  relatively  weak  and  the  nonlinear  effects  in  the 
aerodynamic  characteristics  are  small.  At  larger 
angles  of  attack,  however,  considerable  kinks  occur 
in  the  slopes  of  the  aerodynamic  characteristics 
which  are  marked  in  Fig.  6  by  hatching.  These  sudden 
changes  of  the  aerodynamic  coefficients  are  caused  by 
corresponding  changes  in  the  structure  of  the  vorti¬ 
cal  flow  over  the  configuration  which  will  be  ana¬ 
lyzed  in  more  detail  subsequently. 


3.1.2  FLOW  STRUCTURE  IN  SYMMETRICAL  FLOW 


A  first  sequence  of  pressure  distributions  measured 
on  the  suction  side  of  the  canard-off  configuration 
is  shown  in  Fio.  7  for  symmetrical  flow  fi  •  0‘  and 
angles  of  attack  a  •  19.3*,  29.1*,  34.1*  and  39.1*. 
This  series  is  completed  by  Fig.  8a  for  a  ■  8.7*  and 
by  Fig.  9a  for  a  -  24.2*.  In  these  pressure  distri¬ 
butions  the  positions  of  the  wing  vortices  are 
clearly  indicated  by  distinct  suction  peaks.  At  low 
angles  of  attack,  see  e.  g.  Fig.  8a,  no  vortex 
breakdown  is  present  over  the  wing.  The  vortex 
breakdown  position  crosses  the  wing  trail ing-edge  for 
a  •  10*  and  moves  upstream  with  increasing  angle  of 
attack..  The  vortex  breakdown  locations  given  in  Figs. 
7,  8  and  9  have  been  determined  from  the  flow  vi¬ 
sualizations  by  means  of  the  laser-1 ightsheet  tech¬ 
nique.  They  can  also  be  identified  by  the  charac¬ 
teristic  shape  of  the  pressure  distributions.  Up¬ 
stream  of  the  breakdown  position  in  the  region  of  a 
regular  vortex  formation  a  very  steep  suction  peak  is 
present..  On  the  other  hand  downstream  of  the  break¬ 
down  position  in  the  region  where  a  deadwater-type 
flow  In  the  vortex  center  is  surrounded  by  an  ordi¬ 
narily  structured  flow,  the  suction  is  reduced  and 
the  pressure  distribution  is  flatened  in  spanwise 
direction.  Nevertheless  downstream  of  the  breakdown 
position  considerable  variation  of  the  suction  in 
spanwise  direction  is  present  and  the  pressure 
distribution  is  far  away  from  a  deadwater-type 
structure  with  constant  pressure. 

At  an  angle  of  attack  a  -  34.1*  vortex  breakdown 
within  the  wing  vortices  occurs  very  close  to  the 
wing  apex.  For  angles  of  attack  o  >  34.1*  at  the  very 


Fio.  7:  Suction  side  pressure  distribution  for  the  canard-off  configuration  in  symmetrical  flow 
^  -  O’  for  various  angles  of  attack  a,  Re  -  1.4  •  10®  (WV  Wing  vortex,  FV  Fuselage 
vortex,  B  Breakdown) 


also.  This  means  that  a  vortex  formation  along  the 
leading-edge  of  the  wing  does  no  longer  exist.  At  a 
>  34.1*  the  flow  structure  changes  from  a  vortex-type 
flow  with  vortex  breakdown  to  a  deadwater-type  flow 
over  the  wing.  For  a  ■  39.1*  the  pressure  distribu¬ 
tion  on  the  upper  surface  of  the  wing  becomes  more  or 
less  constant  in  spanwise  and  chordwise  direction.. 
The  change  of  the  flow  structure  over  the  wing  leads 
to  a  reduction  of  lift  and  to  a  certain  increase  of 
nose-down  pitching  moment  which  can  be  taken  from 
Fig.  5.  No  abrupt  variations  of  the  aerodynamic 
coefficients  in  the  region  of  maximum  lift  take 
place.  This  might  be  due  to  some  favourable  inter¬ 
ference  effects  which  will  be  discussed  subsequently. 

At  low  angles  of  attack,  see  e.  g.  Fig.  8a,  no 
fuselage  vortices  could  be  detected  neither  from  the 
flow  visualizations  nor  from  the  measured  pressure 
distributions.  At  o  -  19.3*  fuselage  vortices  are 
definitely  formed  over  the  body  in  front  of  the  wing 
and  their  traces  can  be  detected  from  local  suction 
in  the  fuselage  pressure  distribution.  A  tendency 
towards  merging  of  the  fuselage  vortex  system  into 
the  wing  vortex  system  can  easily  be  recognized  from 
Fig.  7a.  With  increasing  angle  of  attack  the  fuselage 
vortices  Increase  in  strength  and  the  tendency 
towards  merging  with  the  corresponding  wing  vortex 
Increases  as  well.  One  has  to  bear  in  mind,  however, 
that  within  the  wing  vortices  vortex  breakdown  takes 
place  close  to  the  apex  of  the  wing.  Therefore  the 
fuselage  vortices  interfere  with  wing  vortices  which 
are  already  destroyed  by  vortex  breakdown  to  a  large 
extend.  Details  of  this  kind  of  Interference  have  not 
yet  been  studied.  Fig.  7  shows  that  the  traces  of  the 
fuselage  vortices  get  lost  over  the  wing  for  a  >  30*. 
In  this  case  the  fuselage  vortices  may  influence  the 


deadwater-type  flow  downstream  of  the  breakdown  point 
in  such  a  way  that  some  flow  structures  are  created 
there  which  delay  the  collapse  of  vortical  flow  over 
the  wing.  This  kind  of  interference  might  be  respon¬ 
sible  for  the  smooth  slope  of  the  aerodynamic  coeffi¬ 
cients  in  the  region  of  maximum  lift. 


3.1.3  FLOW  STRUCTURE  IN  UNSYHMETRICAL  FLOW 

A  second  sequence  of  pressure  distributions  mea¬ 
sured  on  the  suction  side  of  the  canard-off  confi¬ 
guration  is  shown  in  Fio.  8  for  a  low  angle  of  attack 
a  -  8.7*  and  various  angles  of  sideslip  p.  In  sym¬ 
metrical  flow  =  0*  no  vortex  breakdown  is  present 
over  the  wing,  but  the  breakdown  position  is  located 
close  to  the  trail ing-edge  downstream  of  the  wing. 
With  Increasing  angle  of  sideslip  the  wing  vortex  on 
the  windward  side  moves  inboard  and  the  wing  vortex 
on  the  leeward  side  moves  outboard.  In  the  wing 
vortex  on  the  windward  side  the  vortex  breakdown 
position  moves  upstream  with  increasing  angle  of 
sideslip.  This  behaviour  is  well  known  for  delta 
wings,  see  e.  g.  0.  Hummel,  G.  Redeker  [28].  Up  to 
an  angle  of  sideslip  of  ^  -  10*  no  fuselage  vortex 
could  be  detected  from  the  pressure  distributions  as 
well  as  from  the  flow  visualizations.  For  p  •  20*>  a 
a  small  fuselage  vortex  can  be  recognized  from  some 
suction  in  the  fuselage  pressure  distribution.  This 
vortex  passes  downstream  to  the  leeward  side  and 
causes  suction  on  the  wing  and  on  the  fuselage  in  the 
region  of  the  wing  body  junction.  A  corresponding 
counter-rotating  fuselage  vortex  from  the  leeside  is 
located  qii  the  lower  side  of  the  configuration.  The 
fuselage  vortex  system  remains  separate  from  the  wing 
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Fla.  8:  Suction  side  pressure  distributions  for  the  canard-off  configuration  at  angle  of  attack 
a  -  8.7*  and  different  angles  of  sideslip  Re  ■  1.4  <  10®  (WV  Wing  vortex,  FV 
Fuselage  vortex,  8  Breakdown) 


vortex  system.  Its  effect  on  the  pressure  distribu¬ 
tion  and  the  aerodynamic  coefficients  is  very  small. 

Another  sequence  of  pressure  distributions  measured 
on  the  suction  side  of  the  canard-off  configuration 
is  shown  in  Fin.  9  for  a  moderate  angle  of  attack  a 
=  24.2*  and  various  angles  of  sideslip  $.  In  this 
ease  vortex  breakdown  takes  place  far  upstream  over 
the  wing  even  in  symmetrical  flow  fi  -  0*.  The  steep 
and  pointed  pressure  distributions  upstream  and  the 
flatened  distributions  downstream  of  the  breakdown 
position  are  clearly  indicated.  With  increasing  angle 
of  sideslip  the  whole  vortex  system  moves  towards  the 
leeward  side  of  the  configuration.  Vortex  breakdown 
within  the  wing  vortices  moves  downstream  on  the 


leeward  side  and  upstream  on  the  windward  side.  At  an 
angle  of  sideslip  of  fi  •  10*  vortex  breakdown  on  the 
windward  side  of  the  wing  reaches  the  wing  apex.  In 
this  situation  the  same  change  of  the  flow  structure 
as  described  for  a  =  34.1*  in  synmetrical  flow  now 
takes  place  on  the  windward  side  of  the  wing.  At  the 
very  beginning  of  a  flow  around  the  leading-edge  the 
regularly  structured  front  part  of  the  vortex  dissap- 
pears.  Consequently  downstream  of  the  vortex  break¬ 
down  position  the  vortex-type  flow  in  which  the  dead- 
water-type  flow  was  embedded  so  far  dissappears  also. 
This  means  that  a  vortex  formation  along  the  windward 
leading-edge  of  the  wing  does  no  longer  exist.  A 
sudden  change  of  the  flow  structure  from  a  vortex- 
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Fig.  9:  Suction  side  pressure  distributions  for  the  canard-qff  configuration  at  angle  of  attack 
a  -  24.2*  and  different  angles  of  sideslip  fi,  Re  •  1.4  •  10®  (WV  Wing  vort«,  FV 
Fuselage  vortex,  B  Breakdown) 
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type  flow  with  vortex  breakdown  to  a  deadwater-type 
flow  takes  place.  The  pressure  distribution  becomes 
constant  in  spanwise  and  chordwise  direction  over  the 
whole  windward  side  of  the  wing  and  this  Indicates 
that  a  deadwater-type  flow  is  present  over  this  part 
of  the  configuration.  The  sudden  change  of  the  flow 
structure  and  of  the  corresponding  pressure  distribu¬ 
tion  on  the  windward  side  of  the  wing  leads  to  losses 
in  lift  and  to  additional  positive  rolling  moments  as 
well  as  to  a  considerable  increase  of  the  nose-down 
pitching  moment.  These  modifications  of  the  aerodyna¬ 
mic  coefficients  are  clearly  marked  in  Fig.  6. 
However,  this  change  of  the  flow  structure  leads  in 
symmetrical  flow  at  high  angles  of  attack  to  a  smooth 
variation  of  the  aerodynamic  coefficients  whereas  in 
unsymmetrical  flow  at  moderate  angles  of  attack 
abrupt  changes  in  the  aerodynamic  characteristics 
occur.  The  reason  for  this  difference  might  be  the 
influence  of  the  fuselage  vortices.  At  high  angles  of 
attack  in  symmetrical  flow  a  considerable  effect  of 
the  fuselage  vortices  on  the  deadwater-type  flow  of 
the  wing  is  present.  In  unsymmetrical  flow  at  mo¬ 
derate  angles  of  attack,  however,  the  windward  fuse¬ 
lage  vortex  remains  always  separate  from  the  wing 
vortex.  In  Figs.  9b  and  9c  this  vortex  passes  even  to 
the  leeward  side  of  the  fuselage.  Therefore  the 
fuselage  vortex  of  the  windward  side  does  not  in¬ 
fluence  the  windward  wing  flow.  The  result  is  a 
sudden  collapse  from  vortex-type  flow  to  deadwater- 
type  flow  on  the  windward  side  of  the  wing  and  this 
sudden  change  of  the  flow  structure  leads  to  the 
abrupt  modifications  of  the  aerodynamic  coefficients. 

The  flow  structure  at  the  canard-off  configuration 
for  different  angles  of  attack  a  and  various  angles 
of  sideslip  is  documented  in  Fio.  10  for  the  right- 
hand  half  of  the  wing.  For  )9  >  0  this  half  represents 
the  windward  side  and  for  ^  <  0  the  leeward  side.  The 
lower  border  marks  the  occurrence  of  vortex  breakdown 
at  the  trail ing-edge  of  the  wing.  It  is  not  distinct¬ 
ly  recognized  in  the  results  of  the  six-component 
measurements,  since  the  nonlinearities  are  small  for 
a  wing  of  aspect  ratio  A  =  2.31.  The  upper  border  is 
related  to  the  collapse  of  vortical -type  flow  over 
the  wing  and  to  the  establishment  of  a  deadwater-type 
flow  over  the  wing.  This  collapse  is  distinctly 
marked  in  the  six-component  measurements.  With 
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decreasing  angle  of  attack  the  changes  in  the  aerody¬ 
namic  derivatives  at  Increasing  angles  of  sideslip 
occur  more  and  more  abruptly.  1 


3 . 2  VORTEX  FORHATION  OVER  THE  CANARO-ON  CONFIGURATION 

4 

3.2.1  SIX-COHPONENT  MEASUREMENTS  : 


The  results  of  the  balance  measurements  for  sym¬ 
metrical  flow  are  shown  in  Fig.  5  already.  Adding 
the  canard  to  the  wing-fuselage  configuration  leads 
to  a  considerable  increase  of  lift  and  to  a  reduction 
of  nose-down  pitching  moment.  This  behaviour  is  well 
known  from  the  previous  investigations  of  0.  Hunmtel, 
H.-Chr.  Oelker  [22  -  26]  and  H.-Chr.  Oelker  [21],  but 
one  has  to  bear  in  mind  that  although  the  same  canard 
and  the  same  wing  have  been  used  the  configurations 
were  different.  Due  to  the  thick  fuselage  in  the 
present  Investigations  the  ratio  of  the  unshrouded 
areas  S|./S|^  of  canard  and  wing  is  much  smaller  than 
in  the  previous  investigations  with  an  extremely  thin 
fuselage.  Nevertheless  the  interference  mechanisms 
are  obviously  quite  similar.  The  additional  lift  at 
the  canard  is  mostly  compensated  by  lift  losses  at 
the  wing  through  downwash  effects.  Thus  lift  is 
shifted  towards  the  canard  which  leads  to  additional 
nose-up  pitching  moments.  The  increase  of  lift  at 
higher  angles  of  attack  is  due  to  favourable  inter¬ 
ference  effects  [21],  [22]  by  which  vortex  breakdown 
within  the  vortices  of  canard  and  wing  is  suppressed 
simultaneously.  The  effective  angle  of  attack  of  the 
wing  is  reduced  by  the  downwash  of  the  canard  and 
this  leads  to  a  delay  of  wing  vortex  breakdown.  By 
adding  the  canard  to  the  wing-fuselage  configuration 
vortex  breakdown  over  the  wing  is  shifted  from  a  > 
10*  for  the  canard-off  configuration  to  a  >  17*  for 
the  canard-on  configuration.  On  the  other  hand  the 
wing  vortex  system  Induces  an  acceleration  of  the 
flow  mainly  in  the  region  of  the  canard's  trailing- 
edge  and  therefore  vortex  breakdown  does  not  take 
place  within  the  canard  vortices  over  the  canard  up 
to  very  large  angles  of  attack. 

Results  of  the  six-component  measurements  on  the 
canard-on  configuration  are  plotted  in  Fio.  11.  At  a 
first  glance  they  are  very  similar  to  those  for  the 
canard-off  configuration  according  to  Fig.  6.  In 
symmetrical  flow  fi  -  0‘  the  vortex  breakdown  position 
traverses  the  wing  trailing-edge  at  o  =  17*  and  in 
unsymmetrical  flow  vortex  breakdown  takes  place  over 
the  windward  side  of  the  wing  at  even  lower  angles  of 
attack.  Again  the  effects  of  vortex  breakdown  are  not 
distinctly  marked  in  the  aerodynamic  characteristics 
according  to  Fig..  11  since  the  nonlinear  effects  are 
relatively  small.  At  larger  angles  of  attack  a  >  24" 
sudden  changes  in  the  aerodynamic  characteristics 
similar  to  those  on  the  canard-off  configuration  take 
place.  However  the  losses  of  lift  and  of  negative 
rolling  moment  as  well  as  the  additional  nose-down 
pitching  moments  are  much  larger  for  the  canard-on 
configuration  than  for  the  canard-off  configuration. 
The  corresponding  changes  in  the  structure  of  the 
flow  will  be  analyzed  in  detail  subsequently. 


3.2.2  FLOW  STRUCTURE  IN  SYMMETRICAL  FLOW 

A  series  of  pressure  distributions  measured  on  the 
suction  side  of  the  canard-on  configuration  is  shown 


low  angles  of  attack  a  <  20*  the  vortex  systems  of 
wing  and  canard  remain  separate  from  each  other  over 
the  whole  configuration,  but  a  tendency  towards 
merging  of  the  two  vortex  systems  Is  clearly  indi¬ 
cated.  With  increasing  angle  of  attack  the  canard 
vortices  move  downwards  and  outwards  over  the  rear 
part  of  the  configuration.  The  traces  of  the  canard 
vortices  are  marked  in  the  pressure  distributions  by 
some  local  suction  in  the  wing's  pressure  distribu¬ 
tion.  For  a  >  28*  the  merging  process  of  the  two 
vortex  systems  takes  place  over  the  wing..  This 
behaviour  is  quite  different  from  that  found  in  the 
previous  investigations  by  D.  Huinnel,  H.-Chr.  Oelker 
[22  -  26]  and  H.-Chr.  Oelker  [21]  in  which  separate 
vortex  systems  have  been  detected.  The  difference  in 
the  flow  structure  is  due  to  the  fact  that  although 
the  same  canard  and  the  same  wing  have  been  used  the 
unshrouded  areas  of  canard  and  wing  were  different 
for  the  two  fuselage  widths.  This  means  that  the 
Interference  between  canard  and  wing  depends  sensi¬ 
tively  on  the  relative  positions  of  the  interacting 
vortex  systems. 

The  fuselage  vortices  on  the  canard-on  configura- 


Fin.  ll!  Results  of  six-component  measurements  for 
the  canard-on  configuration  at  Re  «  1.1*10“ 


In  Flo.  12  for  symmetrical  flow  ^  -  0*  and  angles  of 
attack  et  -  19.3*,  29.1*,  34.1*  and  39.1*.  This 
sequence  Is  completed  by  Fig.  13a  for  a  -  24.1*.  At 


tion  are  difficult  to  detect  from  the  pressure 
distributions  according  to  Figs.  12a  and  13a  as  well 
as  from  the  flow  visualizations.  Some  suction  in  the 
pressure  distribution  on  the  fuselage  In  the  region 
of  the  canard  indicates  the  existence  of  fuselage 
vortices.  They  are  much  weaker  than  at  the  canard- 
off  configuration  according  to  Fig.  7  since  for  the 
canard-on  configuration  the  free-floating  nose  of  the 
fuselage  is  considerably  shorter.  The  relatively 
large  suction  on  the  fuselage  close  to  the  junction 
with  the  wing  should  not  be  mis-interpreted  as 
generated  by  fuselage  vortices.  These  low  pressures 
are  caused  by  the  nearby  canard  vortices  in  the  case 
of  the  canard-on  configuration  (Fig.  12)  and  by  the 
wing  vortices  in  the  case  of  the  canard-off  configu¬ 
ration  (Fig.  9b).  This  suction  on  the  fuselage 
contour  must  be  regarded  as  a  thickness  effect.-  Fig. 
12  indicates  that  with  increasing  angle  of  attack  a 
tendency  for  merging  of  the  fuselage  vortices  into 
the  canard-wing-vortex  system  is  present.-  This  means 
that  at  very  high  angles  of  attack  a  >  28*  in  sym¬ 
metrical  flow  ^  -  0*  a  merged  vortex  system  exists 
over  the  configuration  which  consists  of  the  vortices 
from  wing,  canard  and  fuselage. 

The  process  of  vortex  merging  over  the  rear  part  of 
the  configuration  causes  considerable  effects  related 
to  the  pressure  distributions  according  to  Fig.  12 
and  to  the  aerodynamic  coefficients  according  to  Fig. 
S.  For  the  canard-on  configuration  the  upstream 
movement  of  the  breakdown  position  in  the  wing 
vortices  with  increasing  angle  of  attack  is  extremely 
reduced.  This  important  fact  Is  quite  obvious  from  a 
comparison  of  Figs.  7  and  12.  Furthermore  the  favou¬ 
rable  upstream  Influence  of  the  wing  vortex  flow  on 
the  canard  is  large  and  due  to  this  effect  vortex 
breakdown  does  not  occur  within  the  canard  vortices 
up  to  very  large  angles  of  attack.  To  maintain  a 
vortex-type  flow  on  the  canard  at  these  high  angles 
of  attack  Is  only  possible  through  the  Interference 
effects  from  the  wing. 

At  very  high  angles  of  attack  this  Interference  Is 
very  complicated  due  to  the  fact  that  the  canard 
vortices  show  a  bubble-type  flow  structure  In  the 
region  between  canard  and  wing.  This  phenomenon  has 
been  demonstrated  by  O'.  Hupei,  H.-Chr.  Oelker  [21], 
[22],  but  It  Is  hot  yet  fully  understood;  Downstream 
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ifi  •  0‘)  for  various  angles  of  attack  o.  Re  «  1.4  •  10“  (WV  Wing  vortex,  FV  Fuselage 
vortex,  CV  Canard  vortex,  B  Breakdown) 


of  the  trail ing-cdge  of  the  canard  the  vortices 
stretch  consioerably  in  radial  direction  and  form  a 
bubble  in  their  center,  but  due  to  the  acceleration 
of  the  flow  by  the  wing  this  bubble  closes  again  in 
the  vicinity  of  the  wing's  leading-edge  and  more 
downstream  over  the  wing  ordinarily  structured  canard 
vortices  without  vortex  breakdown  are  present.  This 
bubble  type  structure  of  the  canard  vortices  has  been 
observed  by  H.-Chr.  Oelker  [21]  for  angles  of  attack 
a  >  14*  on  the  configuration  with  a  thin  fuselage  and 
this  phenomenon  is  also  present  within  the  canard 
vortices  on  the  present  configuration. 

For  a  >  17*  vortex  breakdown  takes  place  in  the 
wing  vortices  over  the  wing,  but  the  effects  on  lift 
and  pitching  moment  remain  relatively  small  due  to 
the  slow  upstream  movement  of  the  breakdown  position 
with  increasing  angle  of  attack.  At  a  =  32*  the 
maximum  lift  coefficient  is  reached  for  the  canard- 
on  configuration,  and  its  value  is  much  larger  than 
for  the  canard-off  configuration  according  to  Fig.  5. 
The  flow  structure  in  this  region  is  characterized  by 
wing  vortex  breakdown  at  fy  =  0.4  and  by  a  vortex- 
type  flow  at  the  canard.  For  even  larger  angles  of 
attack  the  destruction  of  the  merged  vortex  system 
over  the  wing  continues.  The  pressure  distributions 
in  the  rear  part  of  the  wing  indicate  considerable 
reductions  of  suction,  which  might  be  due  to  changes 
in  the  flow  structure  of  the  canard  vortices  down¬ 
stream  of  the  bubble  region.  This  leads  at  first  to 
a  loss  of  lift  on  the  wing  and  to  a  corresponding 
increase  of  the  nose-up  pitching  moment  according  to 
Fig.  5.  The  pressure  distributions  measured  at  the 
canard  for  a  *  34.1*  and  39.1*  show  still  very  high 
suction  generated  by  a  vortex-type  flow  there,  but 
the  favourable  interference  from  the  wing  vortices  is 
no  longer  able  to  avoid  vortex  breakdown  at  the 


canard.  The  bubble  within  the  canard  vortices  is  no 
longer  closed  at  its  rear  end  and  this  means  that  a 
final  breakdown  of  the  canard  vortices  takes  place. 
The  breakdown  position  moves  upstream  over  the  canard 
and  causes  reductions  of  the  suction  which  are 
clearly  indicated  in  Fig.  12.  This  means  that  at  very 
large  angles  of  attack  the  lift  loss  is  also  extended 
to  the  canard  and  this  leads  to  additional  nose-down 
pitching  moments,  see  Fig.  5. 

The  change  of  the  flow  structure  from  a  vortex-type 
to  a  deadwater-type  flow  at  high  angles  of  attack  on 
the  present  configuration  is  very  complicated  in 
detail.  Therefore  much  more  investigations  are 
necessary  to  understand  the  bubble  phenomenon,  its 
relation  to  vortex  breakdown  and  its  contribution  to 
the  decay  of  vortical  flow. 


3.2.3  FLOW  STRUCTURE  IN  UNSYNHETRICAL  FLOW 

A  sequence  of  pressure  distributions  measured  on 
the  suction  side  of  the  canard-on  configuration  for 
an  angle  of  attack  of  o  -  24.2*  and  various  angles  of 
sideslip  is  shown  in  Fiu.  13.  In  symmetrical  flow  fi 
“  0*  vortex  breakdown  takes  place  in  the  wing  vor¬ 
tices  over  the  rear  part  of  the  configuration.  In 
unsynmietrical  flow  within  the  wing  vortex  system 
vortex  breakdown  moves  upstream  on  the  windward  side 
and  downstream  on  the  leeward  side.  The  tendency 
towards  merging  between  the  vortex  systems  of  canard 
and  wing  decreases  on  the  windward  side  and  increases 
on  the  leeward  side  of  the  configuration.  At  -  10* 
on  the  windward  side  -the  wing  vortex  (with  vortex 
breakdown)  is  separate  from  the- canard  vortex.  On  the 
leeward  side  vortex  breakdown  has  dissappeared  and 
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merging  of  the  canard  vortex  into  the  wing  vortex  canard.  In  this  case  the  collapse  of  a  vortical  flow 

takes  place..  At  ^  •  20*  the  merging  process  of  the  on  the  windward  side  of  the  canard  is  caused  by  the 

two  vortices  on  the  leeward  side  has  further  de-  sudden  loss  of  favourable  interference  effects  from 
veloped  and  in  this  case  the  wing  vortex  may  be  the  wing  by  which  a  vortical  flow  without  vortex 

regarded  as  the  continuation  of  the  canard  vortex  breakdown  at  the  canard  had  been  established  so  far. 

close  to  the  leeside  leading-edge.  On  the  windward  After  the  collapse  of  the  windward  canard  flow  a 
side  of  the  configuration,  however,  the  flow  struc-  deadwater  region  generated  by  the  canard  Interferes 

ture  has  completely  changed.  Vortex  breakdown  within  with  the  vortex-type  flow  (with  vortex  breakdown) 

the  wing  vortex  takes  place  far  upstream  and  only  a  over  the  windward  side  of  the  wing.  The  final  col- 

small  portion  of  the  wing  vortex  close  to  the  wing  lapse  of  vortical  flow  on  the  windward  side  of  the 

apex  has  the  ordinary  structure  without  vortex  configuration  takes  place  when  the  vortex  breakdown 

breakdown.  This  wing  vortex  which  is  destroyed  to  a  position  wither  the  windward  wing  vortex  reaches  the 

large  extend  by  vortex  breakdown  is  no  longer  able  apex  of  the  wing. 

to  avoid  vortex  breakdown  within  the  canard  vortex  by  The  system  of  fuselage  vortices  on  the  canard-on 
means  of  favourable  induced  velocities.  This  means  configuration  is  difficult  to  detect  from  the  pres- 

that  with  increasing  angle  of  sideslip  0  vortex  sure  distributions  according  to  Fig.  13  as  well  as 

breakdown  suddenly  occurs  within  the  canard's  vortex  from  the  flow  visualizations.  In  symmetrical  flow  0 

system  on  the  windward  side.  Details  of  the  destruc-  -  0*  some  suction  in  the  pressure  distribution  on  the 

tion  of  the  bubble-type  canard  vortex  flow  and  the  fuselage  in  the  region  of  the  canard  Indicates  the 

abrupt  occurrence  of  vortex  breakdown  within  the  existence  of  fuselage  vortices.  They  are  much  weaker 

canard  vortices  over  the  canard  are  not  known  at  than  at  the  canard-off  configuration  according  to 

present.  The  vortex  breakdown  position  moves  upstream  Fig.  9  since  for  the  canard-on  configuration  the  free 

very  rapidly  and  already  at  ^  ■  20*  the  canard  vortex  floating  nose  of  the  fuselage  is  considerably  shor- 

is  completely  destroyed  by  vortex  breakdown  and  a  ter.  With  increasing  angle  of  sideslip  the  fuselage 

deadwater-type  flow  is  present  over  the  windward  side  vortices  increase  in  strength  due  to  reduced  scree- 

of  the  canard.  The  corresponding  changes  in  the  ning  of  the  fuselage  nose  by  the  canard.  The  trace  of 

pressure  distribution  lead  to  sudden  losses  of  lift,  the  windward  fuselage  vortex  for  0  •  10*  and  0  ■  20* 

of  nose-up  pitching  moment  and  of  negative  rolling  is  clearly  indicated  by  local  suction.  This  vortex 

moment  which  are  clearly  indicated  in  the  results  of  passes  separately  over  the  leeward  parts  of  fuselage 

the  six-component  measurements  according  to  Fig.  11.  and  wing.  In  this  case  a  favourable  influence  of  the 

The  sudden  changes  of  the  aerodynamic  characte-  fuselage  vortex  on  the  flow  over  the  windward  side  of 

ristics  at  high  angles  of  attack  for  the  canard-off  the  wing  does  no  longer  exist  and  since  also  the 

and  the  canard-on  configuration  according  to  Figs.  6  interference  between  the  canard  vortex  and  the  wing 

and  11  are  closely  related  to  the  collapse  of  vorti-  vortex  on  the  windward  side  of  the  wing  is  reduced 

cal  flow  on  the  windward  side  of  the  configuration.  with  increasing  angle  of  sideslip,  the  wing  vortex  is 

For  the  canard-off  configuration  this  collapse  is  rapidly  destroyed  there  by  means  of  vortex  breakdown, 

caused  by  the  facts  that  the  breakdown  position  in  The  leeward  fuselage  vortex  merges  quickly  into  the 

the  windward  wing  vortex  reaches  the  apex  of  the  wing  canard-wing  vortex  system  with  increasing  angle  of 

and  that  a  vortex-type  flow  separation  at  the  wing  sideslip. 

leading-edge  no  longer  takes  place.  For  the  canard-  The  flow  structure  at  the  canard-on  configuration 
on  configuration  the  situation  is  much  more  compli-  for  different  angles  of  attack  and  various  angles  of 

cated  due  to  the  interference  between  wing  and  sideslip  is  documented  in  FFo.  14  for  the  rioht-hand 


f.lSi  1?:  Suction  side  pressure  distributions  for  the  canard-on  configuration  at  anglo  of  attack 
ot  -  24^2*  and  different  angles  of  sideslip  0,  Re  -  1.4  •  10®  (HV  Wing  vortex,  FV 
Fuselage  vortex,  CV  Canard  vortexi  8  Breakdown) 
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half  of  the  configuration.  The  lower  border  marks  the 
occurrence  of  vortex  breakdown  within  the  wing 
vortices  at  the  trail ing-edge  of  the  wing.  In  compa¬ 
rison  with  the  flow  states  at  the  canard-off  configu¬ 
ration  according  to  Fig.  10  this  border  has  been 
generally  shifted  towards  higher  angles  of  attack  due 
to  the  favourable  effects  of  the  canard  on  the  wing. 
This  shift  is  small  on  the  windward  side  and  large  on 
the  leeward  side  since  the  favourable  merging  process 
takes  place  mainly  on  the  leeward  side.  This  lower 
border  is  again  not  distinctly  marked  in  the  results 
of  the  six-component  measurements  since  the  nonlinear 
effects  are  small.  At  large  angles  of  attack  a  second 
border  indicates  the  occurrence  of  vortex  breakdown 
within  the  canard  vortices  at  the  trail ing-edge  of 
the  canard.  The  contribution  of  the  bubble-type 
canard  vortex  flow  to  this  process  needs  further 
investigations.  The  second  border  is  well  documented 
by  the  six-component  measurements,  the  pressure 
distribution  measurements  as  well  as  by  the  flow 
visualizations  up  to  an  angle  of  attack  of  a  •  27.5*. 
For  even  larger  angles  of  attack  all  lines  in  the 
diagram  are  dashed  and  they  are  still  subject  to  some 
discussion.  The  second  border  should  pass  to  the 
leeside  of  the  configuration  at  very  high  angles  of 
attack  since  the  favourable  interference  effects 
should  get  lost  on  this  side  also.  After  crossing  the 
second  border  at  large  angles  of  sideslip  the  vortex- 
type  flow  collapses  abruptly  and  a  deadwater-type 
flow  is  present  over  the  canard.  For  small  angles  of 
sideslip  in  the  vicinity  of  the  symmetrical  case  - 
0*,  however,  a  small  corridor  exists  in  which  a 
vortex-type  flow  is  present  over  the  canard  which  has 
been  documented  by  Fig.  12  up  to  very  large  angles  of 
attack.  At  high  angles  of  attack  a  and  large  angles 
of  sideslip  fi  a  third  border  should  occur  which  marks 
the  final  collapse  of  a  vortex-type  flow  close  to  the 
apex  of  the  wing.  That  part  of  Fig.  14  which  is  given 
in  dashed  lines  needs  further  investigations. 


4.  CONCLUSIONS 

A  close-coupled  canard-wing-body  combination  has 
been  investigated  both  in  symmetrical  and  unsyrametri- 
cal  flow.  The  coplanar  raid-wing  configuration  con¬ 
sisted  of  a  delta  canard  and  a  delta  wing  of  aspect 
ratios  \  *  Ayj  •  2.31  and  a  body  of  revolution  as 
fuselage.  Six-component  and  surface  pressure  distri¬ 
bution  measurements  as  well  as  laser-1 ightsheet  flow 
visualizations  have  been  carried  out  at  Reynoldsnum- 
bers  Re  •  (1.1)1. 4-10®  for  the  canard-off  and  the 
canard-on  configuration. 

On  the  canard-off  configuration  a  system  of  wing 
vortices  has  been  found  for  all  angles  of  attack 
whereas  fuselage  vortices  could  be  detected  for 
larger  angles  of  attack  and/or  sideslip  only.  In 
symmetrical  flow,  ^  •  0*,  vortex  breakdown  is  present 
in  the  wing  vortices  for  «  >  10*.  With  increasing 
angle  of  attack  the  fuselage  vortices  merge  into  the 
wing  vortices  and  this  leads  to  a  delay  in  the 
upstream  movement  of  the  vortex  breakdown  position 
within  the  wing  vortices.  At  a  >  34*  vortex  breakdown 
reaches  the  apex  of  the  wing  and  a  collapse  of  the 
vortex-type  flow  into  a  deadwater-type  flow  over  the 
wing  takes  place.  Correspondingly  lift  is  reduced  and 
a  certain  increase  of  the  nose-down  pitching  moment 
Is  observed.  In  unsymmetrical  flow,  fi  w  0*,  unsymme- 
trical  vortex  breakdown  occurs  within  the  wing 
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14:  Flow  structure  on  the  canard-on  configura¬ 
tion  for  different  angles  of  attack  a  and 
various  angles  of  sideslip  ^  (Flow  state  is 
documented  for  the  right-hand  half  of  the 
configuration) 


vortices.  The  tendency  towards  merging  the  fuselage 
vortices  into  the  wing  vortices  increases  on  the 
leeward  side  and  decreases  on  the  windward  side  of 
the  configuration.  The  collapse  of  the  vortex-type 
flow  takes  place  at  first  on  the  windward  side.  This 
causes  losses  of  lift  and  of  negative  rolling  moments 
as  well  as  an  increase  of  nose-down  pitching  moments. 
With  increasing  angle  of  attack  the  sudden  change  of 
the  flow  structure  takes  place  at  a  lower  angle  of 
sideslip  and  the  abruptness  of  the  corresponding 
changes  in  the  aerodynamic  coefficients  is  reduced 
due  to  the  increasing  interference  effects  from  the 
merging  fuselage  vortices. 

On  the  canard-on  configuration  a  vortex  formation 
has  been  observed  on  the  wing  and  on  the  canard. 
Fuselage  vortices  could  be  detected  for  large  angles 
of  attack  and/or  sideslip  only,  and  these  vortices 
were  much  weaker  than  those  for  the  canard-off 
configuration  due  to  the  shorter  free  floating  front 
part  of  the  fuselage.  In  symmetrical  flow,  ^  •  O',  at 
first  all  three  vortex  systems  developed  separate 
from  each  other,  but  the  tendency  towards  merging  the 
canard  vortices  into  the  wing  vortices  and  the 
fuselage  vortices  into  the  canard-wing  vortices 
increased  with  increasing  angle  of  attack.  Between 
canard  and  wing  a  very  strong  interference  is  pre¬ 
sent.  The  Tift  gain  at  the  canard  is  compensated  by 
a  lift  loss  at  the  wing  due  to  the  downwash  effects 
caused  by  the  canard.  At  larger  angles  of  attack  a 
delay  of  vortex  breakdown  is  observed  at  the  wing  due 
to  the  same  downwash  effects  and  also  at  the  canard 
through  a  favourable  upstraam  influence  from  the  wing 
which  causes  an  acceleration  of  the  flow  over  the 
upper  surface  of  the  canard.  Vortex  braakdowh  takes 
place  over  the  configuration  within  the  wing  vortices 
for  a  >  17*  and  within  the  canard  vfirtices  for  a  > 
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31*.  In  unsynmetrical  flow  the  whole  vortex  system 
moves  towards  the  leeward  side  of  the  configuration. 
The  tendency  towards  merging  of  the  vortices  In¬ 
creases  on  the  leeward  side  and  decreases  on  the 
windward  side.  At  larger  angles  of  attack  unsyimetrl- 
cal  vortex  breakdown  takes  place  within  the  wing 
vortices  first  and  at  even  larger  angles  of  attack 
also  within  the  canard  vortices.  The  occurrence  of 
vortex  breakdown  at  the  canard  Is  due  to  the  sudden 
loss  of  favourable  Interference  effects  from  the 
wing.  At  larger  angles  of  sideslip  the  vortex-type 
flow  over  the  windward  side  of  the  canard  collapses 
abruptly  Into  a  deadwater-type  flow  and  this  causes 
sudden  losses  of  lift  and  of  negative  rolling  moment 
as  well  as  an  additional  nose-down  pitching  moment. 
For  very  low  angles  of  sideslip,  however,  a  jiall 
corridor  exists  In  which  the  Interference  between 
wing  and  canard  still  keeps  a  vortex-type  flow  with 
vortex  breakdown  at  the  canard  up  to  extremely  large 
angles  of  attack. 
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SUMIIARY 

The  flow  about  a  sharp-edged  cropped  delta  wing  is 
Investlgat'-'d  experlaentally.  The  experiment  com¬ 
prised  detailed  surface  pressure  measurements  at 
lov-subsonlc.  transonic  and  low-supersonic  free- 
stream  Mach  numbers  for  angles  of  attack  up  to  27 
deg.  The  major  part  of  the  measurements  were  car¬ 
ried  out  at  a  Reynolds  number  of  9  million,  but 
some  data  was  also  obtained  at  lower  and  at  higher 
Reynolds  nubibers.  The  investigation  Included  con¬ 
tinuous  schlleren  flow-field  visualization  as  well 
as  surface-flow  visualizations  at  a  limited  number 
of  free-stream  conditions 

The  analysis  of  the  measured  data  embraced  flow-, 
field  phenomena  such  as  primary  separation  and  the 
formation  of  the  leading-edge  vortex,  secondary 
separation  and  the  formation  of  the  secondary  vor¬ 
tex.  shock  waves  and  the  onset  of  vortex  break¬ 
down  Considered  are  the  influence  of  Mach  number, 
incidence  and  Reynolds  number  on  these  flow  fea¬ 
tures. 

1.  INTRODUCTION 

The  vortical  flow  over  highly  swept  delta  wings 
has  raised  the  Interest  of  the  aerodynamic  commun-' 
ity  since  more  than  forty  years.  The  Introduction 
of  leading  edge  sweep  postponed  the  adverse  ef¬ 
fects  of  compressibility  to  higher  Mach  numbers,, 
thus  allowing  more  efficient  flight  at  greater 
speeds.  At  high  angles  of  attack  the  vortex  that 
is  formed  due  to  flow  separation  at  the  leading 
edge  interacts  with  the  flow  over  the  wing  upper 
surface,  resulting  in  a  lift  Increase  and  hence 
iroprovlng  the  take-off  and  landing  performance. 
This  vortex  Induced  lift  Increment  is  also  benefl-' 
cial  at  transonic  and  supersonic  speed  where  It 
contributes  to  the  manoeuvring  capabilities  of 
fighter  aircraft. 

The  vortical  flow  on  delta  wings  has  been  studied 
extensively  in  the  past  though  mainly  at  subsonic 
(e.g.  Refs.  1,.  2,  3,-  4,  5,  6  and  7)  or  supersonic 
(e.g.  Refs.  8,  9  and  10)  and  not  as  much  at  tran¬ 
sonic  speeds  (e.g.  Refs  11  and  12).  The  predlc-. 
tlon  of  the  aerodynamic  characteristics  of  config¬ 
urations  with  vortical  type  of  flow  could  for  a 
long  time  only  be  done  with  semi-empirical  methods 
or  with  methods  requiring  an  a  priori  knowledge  on 
the  (sitRple)  topology  of  the  vortical -flow  struc¬ 
tures.  However,  the  Improvements  in  computing 
power  over  the  last  decade  have  enabled  numerical 
simulation  of  these  complicated  flows  by  solving 
the  Euler  or  (Reynolds-averaged)  Navler  Stokes 
equations.  These  new  capabilities  stimulated  the 
interest  of  the  CFD  community  in  vortical  flows 
and  numerous  papers  have  been  published  over  the 
last  5  years  that  show  impressively  the  degree  of 
sophistication  that  has  been  achieved  today  in  the 
simulation  of  this  type  of  flow. 

The  latter  type  of  computational  methods  provide 
the  detailed  flow  field  quantities  as  an  Integral 
part  of  the  numerical  solution.  This  gives  the  re-' 
searcher  the  opportunity  to  investigate  in  detail 
the  structure  of  the  flow  field  and  to  unravel  the 
flow  features  that  determine  the  surface  pressure 


distribution  and  with  that  the  aerodynamic  forces 
and  moments  experienced  by  the  aircraft. 

To  validate  and  further  Improve  these  computation¬ 
al  tools  there  continues  to  be  a  strong  need  for 
detailed  experimental  data  especially  in  the  tran¬ 
sonic  flow  regime.  Uith  this  in  mind,  a  joint  ex¬ 
perimental  and  theoretical  program  was  carried  out 
between  1983  and  1987,  known  as  the  "Tlie  Interna¬ 
tional  Vortex  Flow  Experiment  on  Euler  Code  Vali¬ 
dation*  (see  Ref.  13).  The  parties  Involved  in 
this  rather  successful  international  cooperation 
were  FPA,  NLR,  AFVAL,  DLR,  MBB.  DORNIER  and  the 
Technical  Universities  of  Delft  and  Braunschweig. 
Experimentally  the  program  concentrated  on  a  6S- 
deg  cropped  delta  wing  with  a  sharp,  round  or  a 
drooped  leading  edge,  although  other  configura¬ 
tions  (S5-deg  cropped  delta  wing,-  addition  of  a 
canard)  were  tested  as  well.  At  NLR  wind-tunnel 
tests  were  carried  out  on  a  model  with  inter¬ 
changeable  leading  edge  (the  "AFVAL  model")  for 
Mach  numbers  between  0.4  and  4.0.  The  experimental 
data  obtained  Include  surface  pressure  distribu¬ 
tions,-  surface  flow  visualisations  as  well  as 
flow- Held  surveys.  Also  DLR,  FFA  and  the  two  uni¬ 
versities  contributed  to  Che  experimental  part  of 
Che  program.  Ref.  13  describes  all  experimental 
work  as  well  as  the  application  of  computational 
methods  Co  numerically  simulate  the  flow.  A  review 
of  this  cooperative  effort,  including  a  list  of 
recommended  test  cases  can  be  found  in  Ref.  14 

The  analysts  of  the  experimental  data  carried  out 
within  Che  framework  of  the  international  program, 
concentrated  primarily  on  the  round  leading  edge 
configuration.  A  round  leading  edge  is  of  greater 
practical  interest  but  the  flow  about  a  round- 
edged  configuration  is  also  more  complicated  as 
far  as  Its  flow  physics  is  concerned.  The  part- 
span  flow  separation  at  the  wing  leading  edge, 
which  governs  the  build-up  and  strength  of  the 
leading-edge  vortex  Is  a  complex  phenomenon,  chat 
strongly  depends  on  the  leading- edge  radius  in 
combination  with  Che  Mach  number,  Reynolds  number 
and  incidence.  The  situation  Is  considerably  less 
complex  in  the  case  of  a  sharp- edged  configuration 
for  which  flow  separation  will  take  place  all 
along  the  leading  edge  and  a  full-span  leading- 
edge  vortex  will  be  formed  for  a  wide  range  of 
Mach  number,  Reynolds  number  and  Incidence.  For 
both  round-edged  and  sharp-edged  configurations 
the  flow  field  at  transonic  conditions  becomes 
even  more  complex  due  Co  the  occurrence  of  shock 
waves  and  their  interaction  with  the  vortical  flow 
and  flow  separations. 

Sharp-edged  configurations  aro  the  preferred  choi¬ 
ce  for  comparing  experimental  results  with  theore¬ 
tical  results.  For  inviscid-flow  methods,  i.e.  po¬ 
tential-flow  and  Euler  methods,  in  which  viscous 
effects  such  as  separation  and  the  mechanism  be¬ 
hind  the  generation  of  flow- field  vorticlty  are  to 
be  modeled  explicitly,  at  least  the  location  of 
the  primary  separation  is  known.  However,  the 
smooth-surface  secondary  separation  occurring  on 
the  upper  surface  underneath  the  leading-edge  vor- 
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tex  is  a  viscous 'flow  dominated  flow  feature  not 
easily  captured  in  inviscld«£low  methods  For 
Navler-Stokes  methods  the  sharp^edged  configure* 
tion  is  also  the  preferred  first  choice  since  one 
can  then  focus  on  the  secondary  separation  rather 
than  having  to  deal  with  capturing  both  smooch* 
surface  primary  and  secondary  separation. 

For  these  reasons  the  sharp*edged  6S-deg  cropped 
delta  wing  configuration  was  selected  as  a  test 
case  in  another  Joint  program  (e.g.  Ref  15) 
aimed  at  the  development  and  validation  of  Euler 
and  Navier*Scokes  methods  for  configurations  ex* 
ploitlng  vortex  flow.  It  was  deemed  necessary  to 
extend  and  enlarge  the  original  experimental  data 
set,  especially  in  the  transonic  speed  regime.  At 
NLR  a  new  model  was  built  similar  to  the  sharp* 
edged  one  tested  in  the  "International  Vortex  Plow 
Experiment"  but  with  three  times  as  many  pressure 
ta^s.  At  the  present  stage  in  the  program  pressure 
measurements  and  flow  visualizations  have  been 
completed  while  flow* field  surveys  will  be  carried 
out  in  the  near  future.  The  present  paper  de* 
scribes  and  analyzes  these  new  results. 


2.  DESCRIPTION  OF  THE  EXPERIMENT 
2.1.  The  model 

The  model  is  a  6S*deg  cropped  delta  wing  mounted 
on  an  under-wing  fuselage,  see  Fig.  1  The  wing 
has  a  foot  chord  of  0.6  m  and  a  semi-span  of  0.238 
m  The  wing  has  a  fixed  sharp  leading  edge  and 
neither  camber  nor  twist.  It  has  a  chordwise  air¬ 
foil  .faction  consisting  of:  the  NACA  64A005  sec¬ 
tion  from  the  point  of  maximum  thickness  (40%)  to 
75%  chord;  a  straight  line  from  75  to  100%  chord; 
a  circular  arc,  at  40%  chord  fitting  slope-contin¬ 
uous  to  the  NACA  section  and  at  the  (straight) 
leading  edge  fitting  slope-continuous  to  a  circle 
of  radius  0.00013  m.  This  leading  edge  radius  Is 
small  enough  that  the  edge  can  be  considered  aero* 
dynamically  sharp. 

Due  to  Che  choice  of  nominally  similar  chordwise 
sections  the  spanwise  sections  (see  Fig.  1)  are 
not  conically  similar,-  the  wing  thickness  in  terms 
of  local  semi-span  decreases  in  chordwise  direc¬ 
tion  rather  than  being  constant  as  is  the  case  for 
conical  similarity.  Furthermore,  on  the  forward 
part  of  the  wing  the  cross-flow-plane  leading-edge 
wedge  angle  becomes  rather  large.  This  implies 
that  compared  to  a  flat-plate  delta  wing  the  sepa¬ 
ration  at  the  leading  edge  will  start  ac  a  higher 
incidence. 

The  straight-line  wing  tip  is  rounded  with  a  radi*. 
us  equal  to  Che  local  semi -thickness  of  the  air¬ 
foil  section.  The  straight-line  trailing  edge  Is 
also  rounded  with  a  radius  of  0.00013  m. 

The  under-wing  fuselage  consists  of  a  cylindrical 
body,  with  a  cross-section  build-up  out  of  a  semi¬ 
circle  and  vertical  tangent  lines,-  and  an  ogival 
shaped  fairing  as  nose.  The  apex  of  the  wing  ex¬ 
tends  a  short  distance  (2.1%  root  chord)  in  front 
of  the  nose  of  the  fuselage,^  yielding  a  sharp  and 
well-defined  wing  apex  (Fig.  1).  Also  note  that 
Che  fuselage  does  not  intersect  the  upper  wing 
surface.  The  fuselage  accommodates  three  duplex 
scani-valves  for  pressure  measurements  but  no 
balance  for  force  measurements  and  is  attached  to 
a  slender  sting. 

The  model  has  nominally  the  same  scale  and  geome¬ 
try  as  the  (sharp-edged)  configuration  used  In  the 
"International  Vortex  Flow  Experiment*.  The  main 
differences  are  the  more  slender  sting,  the  dif¬ 
ferent  wing  tip,  the  different  apex  area  and  the 
fuselage  not  protruding  the  upper  wing  surface  (in 
the  "AFHAL  model”  this  could  not  be  avoided  due  to 
the  balance  housing).  The  most  important  improve¬ 
ment  as  compared  with  the  previous  model  is  the 
large  number  of  pressure  taps,  specifically  bn  the 
upper  surface  of  the  wing.  A  total  number  of  269 


pressure  holes  were  present,  230  on  the  upper  wing 
surface  and  39  on  the  lower  wing  surface  arranged 
in  spanwise  and  chordwise  rows  as  indicated  In 
Fig.  2.  The  dense  distribution  of  pressure  holes 
allows  a  much  more  detailed  analysis  of  the  pres¬ 
sure  distribution  than  possible  with  the  AFVAL  mo¬ 
del  which  features  only  three  spanwise  rows  of 
pressure  orifices. 

2.2.  The  wind  tunnel _and  the  test  program 
The  model  has  been  tested  in  the  high  speed  wind 
tunnel  (HST)  at  NLR.  The  tunnel  with  test  section 
dimension  1  6  x  2.0  has  closed  side  walls  and 
slotted  top  and  bottom  walls  The  tunnel  can  be 
pressurized  to  vary  the  Reynolds  number.  A  photo¬ 
graph  of  the  model  installed  in  the  wind  tunnel  is 
shown  in  Fig.  3.  In  the  tests  with  the  AFWAL  mo¬ 
del,  in  the  plane  of  symmetry  top  and  bottom  wall 
pressures  have  been  measured  to  assess  the  wall 
Interference.  From  the  results  of  these  tests  and 
from  comparisons  with  results  produced  in  other 
wind  tunnels  with  the  same  or  a  smaller  model 
(Ref.  14)  it  can  be  concluded  that  wall  interfer¬ 
ence  effects  are  negligible.  Based  on  the  experi¬ 
ence  during  the  previous  free -transition  tests, 
which  showed  predominantly  turbulent  boundary  lay¬ 
ers,  it  was  not  considered  necessary  to  impose 
boundary- layer  tripping. 

Pressure  measurements  were  taken  at  a  Mach  number 
(M.)  of  0.15,  0.2,  0.4,  0.5,  0.7,  0.8,  0.85,  0.9, 
0.95  and  1.2,  for  Incidences  between  -3  and  27  deg 
with  increments  of  1  degree,  but  for  zero  side¬ 
slip  conditions  only.  The  major  part  of  the  test 
program  was  carried  out  at  a  Reynolds  number 
(Re«).  based  on  root  chord,  of  9x10®.  At  K*  *  0.2 
tests  were  also  carried  out  at  an  additional 
Reynolds  number  of  2.7x10®.  At  M*  -  0.85  measure¬ 
ments  were  taken  at  the  additional  Reynolds  numb¬ 
ers  of  4.5x10®  and  12x10®,  but  this  over  a  limited 
range  of  incidence  only.  The  measurements  st  the 
lowest  speed  took  place  at  Re«  •  2x10®.  In  addi¬ 
tion  to  the  pressure  measurements  schlieren  visu¬ 
alization  has  been  recorded  continuously  while 
surface  oil  flow  pictures  have  been  taken  at  a 
number  of  selected  characteristic  flow  conditions. 

3.  DISCUSSION  OF  TEST  RESULTS 

3.1.  A  xenerel  description  of  the  flow  field 
The  isobar  plots  in  Fig.  4,  the  spanwise  (Fig.  5a) 
and  chordwise  (Fig.  5b)  surface  pressure  distribu¬ 
tions  for  o  “  5,  10,  15  and  20  deg,  for  one  sub¬ 
sonic  and  for  one  transonic  flow  condition,  are 
illustrative  for  the  results  obtained  during  the 
present  pressure  measurements . 

Due  to  the  sharp  leading  edge  flow  separation  all 
along  the  leading  edge  starts  already  at  relative-' 
ly  small  values  of  the  incidence  a.  This  separa¬ 
tion  is  the  source  of  the  vortlcity  in  the  shear 
layer  emanating  from  the  leading  edge.  The  shear 
layer  rolls  up  to  form  the  leading- edge  vortex 
that  dominates  the  flow  field  above  the  wing.  As 
seen  in  Figs.  4  and  5a  the  presence  of  this  prima¬ 
ry  vortex  is  reflected  in  the  upper  surface  pres¬ 
sure  distribution:'  underneath  the  vortex  a  pro¬ 
nounced  suction  peak  with  large  spanwise  pressure 
gradients  is  observed.  For  a  given  Mach  number  and 
at  a  given  station  x/c,  -  constant  the  suction 
peak  Induced  by  the  leading-edge  vortex  Increases 
in  height  with  increasing  incidence,,  broadening  in 
the  process. 

Just  outboard  of  the  suction  peak  the  adverse 
pressure  gradient  causes  the  flow  to  separate,  re-, 
suiting  in  a  secondary  vortex  system;  In  oil-flow 
pictures  like  the  ones  presented  in  Fig.  6,  again 
for  ona  subsonic  and  one  transonic  condition,  sec¬ 
ondary  separation  la  Identified  as  a  region  i^ere' 
oil  accumulates  and  moves  in  downstream  direction 
along  a  ray  through  the  apex. 

Fig,  6  presents  two  oil-flov  pictures,  one  taken 
while  the  tutmel  was  still  running,  the  other  one 
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after  the  tunnel  had  been  stopped.  This  nay  lead 
to  an  appreciation  of  the  difficulties  encountered 
In  the  interpretation  of  this  type  of  flow  visual • 
izatlon. 

In  the  pressure  distribution  secondary  separation 
is  characterized  by  a  plateau-like  region  between 
the  location  of  secondary  separation  and  the  lead¬ 
ing  edge,  as  can  be  seen  fron  Figs.  4  and  S.  Under 
some  conditions  the  secondary  vortex  is  so  strong 
that  it  produces  a  detectable  suction  peak  within 
the  plateau  region. 

On  the  upper  surface  between  the  plane  of  symmetry 
and  the  suction  peak  and  on  the  lower  surface  away 
from  the  leading  edge  the  pressure  distribution  is 
relatively  flat.  A  local  maximum  In  these  areas 
Indicates  the  location  of  a  (re*)atcachment  point. 
The  Isobar  pattern  (Fig.  4)  as  well  as  flow  visu- 
allzation  (Fig.  6)  suggest  that  the  flow  is  more 
or  less  conical.  This  Is  often  the  case  for  slen¬ 
der  configurations  like  the  present  one,  though 
this  can  be  only  approximately  so  due  to  the  non- 
conlcal  geometry  of  the  wind-tunnel  model. 
Furthermore,  one  should  realize  that  even  In  case 
of  a  conical  configuration  In  supersonic  flow 
truly  conical  flow  Is  not  possible  because  of  vis¬ 
cous  effects.  More  Importantly,  at  subsonic  flow 
conditions  conical  flow  is  not  possible  since  the 
presence  of  the  apex  will  be  felt  in  upstream  di¬ 
rection  while  also  near  the  downstream  end  of  the 
model  the  flow  has  to  return  to  free  scream  condi¬ 
tions  In  some  continuous  fashion  (e.g,  see  Fig 
5b) .  The  apex  and  the  tralllng-edge  effects  cause 
the  pressure  to  vary  in  chordwlse  direction,  the 
chordwlse  gradients  decreasing  In  magnitude  with 
increasing  Mach  number 

In  this  respect  the  flow  may  possess  a  geometrical 
structure  resembling  the  one  of  a  conical  flow  but 
flow  quantities  like  velocity  and  pressure  will 
Inevitably  vary  along  rays  from  the  apex  of  the 
configuration  rather  than  being  constant  like  In 
conical  flow. 

Three  different  phenomena  prompt  deviations  from 
the  description  given  above. 

(1)  Part-span  separation 

At  low  Incidences  (a  <  5  deg)  and  specifically  on 
Che  forward  part  of  the  configuration  the  presence 
of  the  fuselage  affects  the  local  flow  direction 
near  the  wing  leading  edge.  The  forward  part  of 
the  configuration  may  be  considered  to  have  a  neg¬ 
ative  chordwlse  camber.  At  low  Incidence  (up  to 
about  3  deg)  this  causes  the  flow  Co  separate  at 
the  leading  edge  on  the  forward  part  but  not  yet 
on  the  aft  part,  this  In  spite  of  the  circumstance 
that  the  above  mentioned  with  Increasing  x/cji  de¬ 
creasing  leading-edge  wedge  angle  tends  to  in¬ 
crease  the  susceptibility  to  separation. 

The  resulting  vortex  trails  over  the  upper  surface 
of  the  configuration  at  a  rather  inboard  location 
and  is  dlscernable  as  a  bump  in  the  spanwlse  pres¬ 
sure  distributions  at  the  downstream  stations 
where  the  flow  is  still  attached.  At  incidences 
approaching  5  deg  the  flow  also  separates  along 
the  aft  part  of  the  leading  edge  and  it  appears 
that  two  vortices  are  formed,  which  at  about  5  deg 
incidence  start  to  merge  into  one  leading-edge 
vortex.  This  "part-span"  vortex  formation  is 
rather  different  from  the  part-span  separation  en¬ 
countered  on  round-edged  configurations  where  the 
vortex  formation  starts  near  the  wing  tip  and 
moves  forward  with  increasing  incidence.  However,^ 
the  present  fuselage  induced  effects  are  no  longer 
easily  detectable  for  incidences  above  5  deg  for 
which  the  flow  separates  all  along  the  leading 
edge.  Comparison  of  results  of  calculations  for 
the  isolated  wing  with  measured  data  for  the  com¬ 
plete  configuration  have  indicated  (Ref.  14)  that 
for  incidences  of  10  deg  and  higher  the  influence 
of  the  fuselage  on  the  upper  surface  pressure  dis¬ 
tribution  is  rather  small. 


(ii)  Compreaslbllltv 

Compressibility  effects  constitute  another  cause 
of  deviations  from  the  above  sketched  general  flow 
pattern.  Compressibility  causes  the  Cp-distribu- 
tlon  to  become  more  constant  in  chordwise  direc¬ 
tion,  as  can  be  seen  from  Figs.  4  and  5.  The  pres¬ 
sure  coefficient  increases  considerably  in  the 
apex  region  and  Jecreases  somewhat  on  the  rear 
part  of  the  configuration.  However,  the  effects  of 
compressibility  are  most  prominent  when  shock 
waves  are  formed  in  the  flow  field,  which  is  dis¬ 
cussed  in  the  next  section. 

(ill)  Vortex  breakdown 

Finally,  vortex  breakdown  occurring  at  incidences 
exceeding  20  deg  has  a  very  large  effect  on  the 
overall  flow  field  At  a  given  station  x/ct  -  con¬ 
stant  the  suction  peak  underneath  the  leading-edge 
vortex  Increases  gradually  in  height  with  increas¬ 
ing  incidence,  until  vortex  breakdown  reaches  the 
station.  Above  this  critical  Incidence  the  vortex 
loses  its  well-ordered  compact  structure  resulting 
in  the  suction  peak  becoming  lower  and  broader, 
see  section  3.3. 

3.2.  The  occurrence  of  shock  waves 
In  Ref.  16  a  discussion  is  presented  on  shock 
wave  formation  in  the  flow  above  a  delta  wing  at 
moderate  to  high  Incidence.  Due  to  the  overall 
circulation  and  the  vortex  induced  flow  field,  the 
local  flow  velocities  become  already  supersonic  at 
moderate  free-stream  Mach  numbers.  In  a  three-di¬ 
mensional  flow  field  this  is  a  necessary  but  not  a 
sufficient  condition  for  the  formation  of  shock 
waves.  In  Ref.  16  It  is  conjectured  that  shock 
waves  might  be  formed  In  a  decelerating  flow  when 
the  Mach  number  component  in  a  direction  perpen¬ 
dicular  to  the  local  Isobar  surface  exceeds  1.0. 
Based  on  this  hypothesis,  shock  waves  might  be 
formed  at  two  locations,  both  on  the  upper  surface 
(see  Fig.  7): 

(i)  underneath  the  primary  vortex,  at  a  about 
constant  percentage  local  semi-span,  Just  outboard 
of  the  suction  peak  induced  by  the  primary  vorcex:< 
this  shock  is  termed  the  cross-flow  shock 
(ii)  on  the  aft  part  of  the  wing  near  and  perpen¬ 
dicular  to  the  plane  of  symmetry  at  about  constant 
x/C]^:  this  shock  is  termed  the  rear  (or  terminat¬ 
ing)  shock. 

The  formation  of  these  two  shocks  will  be  discus¬ 
sed  next,  primarily  by  considering  at  fixed  Inci-. 
dence  the  development  with  Mach  number  of  the  sur¬ 
face  pressure  distribution  (see  Fig.  8),  but  also 
by  considering  at  fixed  transonic  Mach  number  the 
development  with  incidence  (Figs.  4  and  5). 

3.2.1  The  cross -flow  shock 

Fig.  8  presents  for  o  -  15  deg  the  development 
with  Mach  number  of  the  spanwlse  pressure  distri¬ 
bution  on  the  upper  wing  surface  at  the  stations 
x/cg  -  0.3,  0.6  and  0.8.  At  the  two  most  forward 
stations,  due  to  the  effects  of  compressibility, 
the  peak  in  the  Cp-distrlbution  reduces  in  height 
and  shifts  inboard  with  increasing  M».  On  the  aft 
part  of  the  wing  the  height  of  the  suction  peak 
remains  about  constant  but  the  inboard  shift  still 
occurs.  Near  the  plane  of  symmetry  increasing  M« 
results  in  a  Cp-dlstributlon  which  is  almost  con¬ 
stant  In  chordwise  direction.  On  the  .ower  surface 
the  Cp-distrlbution  is  almost  Invariant  under 
changes  in  the  free-stream  Mach  number. 

Secondary  separation  causes  the  plateau  region  be¬ 
tween  the  peak  and  the  wing  leading  edge,  while 
the  presence  of  the  secondary  vortex  is  indicated 
by  a  small  suction  peak  in  this  sam.  plateau  re¬ 
gion.  Mote  that  as  increases  the  secondary  sep¬ 
aration  line  moves  inboard  Just  like  the  suction 
peak  due  to  the  leading-edge  vortex.  The  latter 
indicates  that  presumably  also  the  leading<edge 
vortex  moves  inboard  with  increasing  H«.  Aldiough 
the  pressure  distributions  of  Fig.  8  do  not  clear- 
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ly  reveal  the  presence  of  a  cross-flov  shock  wave 
underneath  the  vortex,  it  is  seen  that  at  M. 

0.85  there  is  a  disruption  of  the  gradual  change 
with  Mach  nuaber  of  Che  Cp-distribution. 

A  similar  break  in  the  development  of  the  pressure 
distribution  is  seen  in  Figs.  4  and  Sa,  but  now 
for  varying  incidence  at  fixed  Mach  nuaber. 

The  possibility  of  «.he  appearance  of  the  cross* 
flow  shock  wave,  at  least  on  the  surface  of  the 
wing,  can  be  established  on  the  basis  of  cheoretl* 
cal  reasoning.  As  indicated  schematically  in  Fig. 

9,  It  is  required  to  determine  the  component  of 
the  velocity  in  the  direction  perpendicular  to  the 
isobar.  This  can  easily  be  done  when  the  flow  is 
conical,  in  an  approximate  fashion  only  otherwise. 
In  the  conical  case  the  isobars  are  simply  rays 
from  the  apex,  which  in  the  region  inboard  of  the 
suction  peak  is  indeed  more  or  less  the  case.  e.g. 
see  Fig.  4.  From  the  pressure  coefficient  the  lo¬ 
cal  Mach  number  is  derived  using  the  isentropic 
relations,  which  presumably  may  be  applied  outside 
the  boundary  layer  and  upstream  of  the  cross-flow 
shock  The  direction  of  the  velocity  along  the 
surface  is  deduced  from  an  integration  of  the 
(conical)  Euler  equations  employing  the  spanwise 
Cp-distribution.  The  integration  starts  from  the 
attachment  line.  At  the  attachment  line,  which 
manifests  itself  as  a  local  maximum  in  the  pres¬ 
sure,  the  flow  direction  is  known,  l.e.  here  the 
flow  is  directed  along  the  ray  through  the  apex. 
The  approximate  analysis  has  been  carried  out  for 
a  number  of  flow  conditions,  using  the  spanwise 
surface  pressure  distributions  as  shown  in  Fig. 

Sa. 

Results  for  the  case  M«  •  0.8S,  Re*  •  9x10^  are 
presented  in  Fig.  10  as  a  function  of  incidence, 
for  one  representative  station  (x/C|^  •  0.6).  Shown 
is  Che  Mach  number  at  the  location  of  the  peak  in 
Che  Cp-dlscributlon,  the  latter  is  upstream  and 
usually  close  to  the  position  where  secondary  sep¬ 
aration  occurs  and  mor?  readily  identified  In  the 
measured  Cp-dlstributlons.  It  indicates  that  the 
local  Mach  number  in  the  peak  (I^hx)  exceeds  one 
for  incidences  above  5  deg  and  increases  steadily 
with  Increasing  incidence  up  to  a  certain  level  of 
1.85  at  Q  «  16  deg.  The  flow  angle  »(1^,) .  mea¬ 
sured  relative  to  the  direction  of  the  ray,  at  the 
same  spanwise  location  also  Increases  with  in¬ 
creasing  incidence.  It  shows  that  the  relative 
flow  angle  can  reach  values  as  high  as  45  deg.  The 
break  In  this  curve  is  associated  with  the  rapid 
inboard  shift  of  the  secondary  separation  position 
and  therefore  with  the  first  occurrence  of  vortex- 
induced  separation. 

The  local  mach  number  and  the  local  flow  direction 
yield  component  of  the  Mach  num¬ 

ber  normal  to  the  Isobar.  Fig.  10  shows  that  the 
surface  flow  Mach  number  perpendicular  to  the  iso¬ 
bar  exceeds  1.0  already  for  a  »  10*.  Since  out¬ 
board  of  the  suction  peak  the  flow  has  to  decele¬ 
rate  and  the  pressure  has  to  return  to  the  higher 
values  in  the  plateau  region  an  (oblique)  shock 
wave  might  be  required  to  realize  this.  The  shock 
will  also  help  to  turn  the  flow  into  chordwise  di¬ 
rection  again.  At  locally  sub-critical  conditions 
secondary  separation  is  due  to  separation  of  the 
boundary  layer  in  an  adverse  pressure  gradient.  At 
sufficiently  high  K«-a  combinations  the  cross-flow 
shock  wave  will  start  to  form.  The  adverse  pres-: 
sure  gradient  will  become  even  more  adverse  and 
secondary  separation  will  occur  earlier,  i.e.  at  a 
more  inboard  location.  For  a  given  o  the  suction 
peak  will  be  lowered  in  the  process,  though  the 
height  of  the  peak  in  the  Cp-dlstrlbutlon  still 
continues  to  increase  with  Incidence  until  the 
maximum  is  attained  (see  Fig.  10). 

The  switch  from  pressure-gradient  to  shock- induced 
boundary- layer  separation  results  in  the  break  in 
the  curves  shown  in  Fig.  10.  For  the  station  con¬ 
sidered  the  switch  frexi  one  type  of  boundary-layer 


separation  to  another  occurs  at  a  «  14.5  deg. 

Figs.  4  and  5,  which  include  the  Cp-dlstributlons 
for  Che  present  case,  indeed  show  that  at  10  deg 
incidence  there  is  no  cross-flow  shock  wave  pres-' 
ent  while  at  15  deg  a  weak  and  at  20  deg  apparent¬ 
ly  a  stronger  cross-flow  shock  has  formed,  causing 
secondary  separation  at  a  much  more  Inboard  loca¬ 
tion.  Furthermore,^  it  is  noted  that  the  break  In 
the  curves  of  Fig.  10  occurs  at  a  conical  Mach 
number  close  to  1.4.  This  is  a  value  representa-: 
tive  for  shock-induced  separation  in  other  (prima¬ 
rily  two-dimensional)  situations  as  well,  e.g. 

Ref.  17,  which  tends  to  support  this  explanation 
of  the  formation  of  the  cross-flow  shock. 

The  surface  oil  flow  patterns  for  M«  -  0.85,  a  - 
20  deg,  as  shown  in  Fig.  6  (photographed  during 
and  after  the  run) ,  indicates  a  very  sharp  line 
and  change  in  the  direction  of  the  oil  streak 
lines  at  the  location  of  the  secondary  separation, 
strongly  suggesting  the  presence  of  the  cross-flow 
shock.  It  should  be  noted  that  the  occurrence  of  a 
cross-flow  shock  has  been  suggested  by  others 
(Refs  18, >  19  and  20)  although  a  clear  experimen¬ 
tal  confirmation  through  flow- field  measurements 
and  or  flow-field  visualization  has  not  been  re¬ 
ported  thus  far.  To  map  out  such  a  shock  wave  the 
flow  field  has  to  be  probed  with  a  very  high  reso¬ 
lution,  while  flow-field  visualization  through  for 
instance  schlleren  requires  special  arrangement  of 
the  experimental  set  up.  As  reported  in  Ref.  13 
and  more  recently  in  Ref.  21  there  is  some  theo¬ 
retical  support  for  the  occurrence  of  e  cross -flow 
shock,  l.e.  computational  simulations  of  the  flow 
using  Euler  methods  have  shown  the  formation  of  a 
cross- flow  shock.  However,  in  the  Euler  methods 
smooth-surface  separation  is  not  simulated  and  the 
cross-flov  shock  is  not  associated  with  secondary 
separation,  rather  1$  required  in  the  numerical 
solution  primarily  In  order  to  turn  the  flow  In 
chordwise  direction  again. 

3.2.2.  The  rear,  terminating  shock 
From  Fig.  8  it  is  also  clear  that  with  increasing 
M*  on  the  rear  part  of  the  wing  upper  surface,  in 
addition  to  secondary  separation  and  the  cross- 
flov  shock,  yet  another  flow  feature  comes  into 
play.  This  flow  feature,  which  causes  the  distri¬ 
bution  for  M*  -  0.95  at  x/cr  •'  0.8  to  be  different 
in  character  from  the  ones  for  lover  free -stream 
Mach  numbers.  Also  for  the  development  of  the  C^-' 
distribution  with  Incidence  this  same  flow  feature 
is  of  importance  for  the  flow  on  the  aft  part  of 
the  configuration,  e.g.  see  Fig.  5 

Fig.  11  shows  for  0-15  deg  the  development  with 
M«  of  the  chordwise  pressure  distribution  on  the 
upper  surface  in  the  plane  of  symmetry.  At  low 
free-stream  Mach  numbers  a  pressure  peak  is  ob¬ 
served  at  the  wing  apex  and  the  pressure  increases 
all  along  the  chordwise  section.  Increasing  M»  re¬ 
duces  the  height  of  the  peak  at  the  apex  and  over 
the  central  part  of  the  section  a  pressure  plateau 
develops,  followed  again  over  the  aft  part  of  the 
wing  by  a  region  with  an  adverse  pressure  gradi¬ 
ent.  Vhen  the  free  stream  Mach  nu^er  is  increased 
the  pressure  peak  at  the  apex  disappears  complete¬ 
ly  and  a  favourable  pressure  gradient  is  observed 
over  the  first  part  of  the  wing. 

This  is  very  similar  to  the  flow  development  with 
increasing  Mach  number  of  the  flow  over  two-dimen¬ 
sional  airfoils,  a  phenomenon  due  to  compressibil¬ 
ity  effects  known  as  "Mach  freeze". 

For  Mach  nuiobers  exceeding  M«  -  0.7  the  pressure 
distribution  on  the  rear  of  the  wing  becomes 
steeper,  indicative  of  the  onset  of  shock  wave 
formation.  For  *■  0,85  and  0.95  the  pressxxre  co¬ 
efficient  over  the  central  part  of  the  wing  is  be¬ 
low  the  critical  value  C^(M«),  as  follows  from  the 
list  of  '^alues  in  Fig.  11>  and  the  flow  is  super¬ 
sonic.  This  la  more  clearly  indicated  in  Fig.  12 
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where  for  a  number  of  free -stream  Mach  nximbers  the 
distribution  of  the  local  Mach  number  has  been 
plotted  rather  than  the  pressure  coefficient.  From 
Fig  12  it  is  evident  that  for  the  chosen  inci¬ 
dence  of  15  deg  the  flow  over  the  central  part  of 
the  wing  becomes  supersonic  at  a  free  stream  Mach 
number  between  0.8  and  0  85. 

Since,  in  order  to  return  to  fr^'e  stream  condi¬ 
tions,  the  flotf  has  to  decelerate  near  the  trail¬ 
ing  edge,  and  since  the  local  isobars  are  perpen¬ 
dicular  to  the  plane  of  symmetry  a  shock  wave  will 
be  formed  that  terminates  the  region  with  super¬ 
sonic  flow.  This  "rear*  shock  wave  moves  down¬ 
stream  with  increasing  Mach  number,^  as  is  seen  in 
Figs  11  and  12. 

Very  similar  to  the  development  of  the  rear  shock 
observed  in  Fi,;  11,  where  for  fixed  a  the  free- 
stream  Mach  number  is  varied,  is  Che  development 
seen  in  Fig.  5b,  where  for  a  fixed  M*  of  0  85  the 
incidence  is  varied  and  in  the  first  two  chordwise 
sections  the  rear  shock  appears  between  15  and  20 
<}eg. 

Contrary  to  the  cross-flow  shock,  the  rear  shock 
can  actually  be  observed  employing  schlieren  flow 
visualization,  as  already  noted  by  Elle  (Ref. 

22)  in  1960.  For  the  condition  M*  -  0.85,  o  -  20 
deg,  Rc«  -  9x10®  this  is  illustrated  for  the  pres¬ 
ent  configuration  in  Fig.  13.  In  this  picture  the 
rear  shock  shows  up  rather  clearly  as  a  discontin¬ 
uity,^  more  or  less  normal  to  the  wing  surface, 
with  also  some  wavelets  visible  further  away  from 
the  surface  Upstream  of  the  rear  shock  the  axis 
of  Che  core  of  the  leading-edge  vortex  can  be 
identified  as  the  sharp  nearly  horizontal  inter¬ 
face  between  the  lighter  and  a  darker  area.  Down¬ 
stream  of  Che  rear  shock  the  look- through  image  of 
Che  highly  three-dimensional  flow  field  provided 
by  Che  schlieren  technique  can  not  be  used  direct¬ 
ly  to  single  out  specific  flew  features 

As  far  as  the  surface  oil-flow  visualization  is 
concerned,  unlike  the  cross-flow  shock,  the  rear 
shock  hardly  leaves  any  imprint  on  the  surface  oil 
pattern  (see  Fig  6).  Most  likely  the  shock  is  coo 
weak  (the  Mach  number  upstream  of  Che  shock  is 
1.16)  to  affect  the  boundary  layer.  Although  the 
extent  of  the  shock  in  vertical  direction  ib 
clearly  visible  from  the  schlieren  pictures,  the 
extent  In  spanwise  direction  is  still  open  to 
speculation.  Away  from  the  plane  of  symmetry  the 
flow  turns  rapidly  towards  Che  leading  edge  of  the 
wing,  whereas  the  isobars  (at  least  on  the  wing 
surface)  curve  from  the  direction  normal  to  Che 
plane  of  symmetry  into  chordwise  direction,  l.e 
cowards  the  wing  trailing  edge  (see  Fig.  4).  This 
suggests  that  the  component  of  the  Mach  number 
normal  to  the  Isobar  will  decrease  away  from  the 
plane  of  symmetry,  unless  the  local  Mach  number 
increases  rapidly  which  however  is  only  the  case 
underneath  the  leading-edge  vortex 

Ref.  23,  which  describes  a  detailed  investiga¬ 
tion  of  the  flow  field  above  a  sharp-edged  pure 
65 -deg  delta  wing,  includes  some  discussion  on 
whether  or  not  and  if  so  hov  the  rear  and  the 
cross-flow  shock  might  be  connected.  This  uncer¬ 
tainty  in  the  process  of  attempting  to  reconstruct 
the  flow  structure  Is  Illustrative  for  the  highly 
complex  nature  of  this  three-dimensional  vortical 
flow  fields  It  is  hoped  that  the  future  flow-field 
measurements  will  shed  more  light  on  the  flow 
structure. 

3.3.  Vortex  breakdown 
3.3.1.  Background 

Vortex  breakdown  can  be  described  as  a  sudden  In¬ 
crease  of  the  cross-sectional  area  of  the  vortex 
core,  in  many  cases  accompanied  by  the  onset  of 
unsteadiness  and  turbulence  in  the  vortical  flow 
region.  Downstream  of  the  point  where  vortex 


breakdown  occurs  the  vortex  core  seems  to  have 
lost  some  of  its  coherent  structure,  though  the 
global  strong  circulatory  flow  pattern  does  per- 
slsc.  Also,  upstream  of  the  vortex  breakdown  point 
the  flow  is  hardly  affected  at  all,  another  indi¬ 
cation  of  the  slender  type  of  flow  one  is  dealing 
with.  Although  vortex  breakdown  has  been  studied 
extensively  in  the  past  (see  e.g.  Refs.  24, 

25,  26,  22  and  27)  as  well  as  more  recently 
(Refs.  28,  29  and  30),  the  understanding  of 
this  phenomenon  still  appears  to  be  Incomplete. 

At  least  two  types  of  vortex  breakdo.'i  are  distin¬ 
guished.  l.e  the  spiral  and  the  bubble  type  of 
vortex  breakdown.  The  spiral  type  of  vortex  break¬ 
down  is  thought  to  be  initiated  by  a  hydrodynamic 
instability  of  the  swirling  flow.  The  bubble  type 
of  vortex  breakdown  is  usually  associated  with  Che 
occurrence  of  reversed  flow  in  the  vortex  core  In 
Che  latter  case,  in  analogy  with  t^  separation  of 
a  boundary  layer,  it  is  conjectureo  that  the  flow 
in  Che  vortex  core,  which  has  suffered  total -pres¬ 
sure  losses  due  to  viscous  effects,  can  no  longer 
negotiate  the  external  adverse  pressure  gradient 
and  stagnates. 

It  should  be  noted  here  that  this  latter  explana¬ 
tion  is  also  used  to  explain  whv  Euler  calcula-' 
cions  (e  g.  Ref  31)  seem  Co  describe  vortex 
breakdown  reasonably  well  It  is  argued  chat,  sim-' 
liar  to  Che  real  viscosity,  the  numerical  viscosi¬ 
ty  introduces  total  pressure  losses  that  (fortui¬ 
tously?)  appear  to  have  the  same  order  of  magni¬ 
tude  as  the  actually  observed  total -pressure 
losses  (Ref.  32) 

Direct  experimental  evidence  of  vortex  breakdown 
can  only  be  obtained  by  studying  the  vortex  it¬ 
self  Butefisch  (see  Ref,  16)  has  actually  measur¬ 
ed  Che  increase  in  cross-sectional  area  of  the 
vortex  core  due  to  vortex  breakdown  for  the  round- 
edged  version  of  the  present  65-deg  cropped  delta 
wing  configuration  at  •  0.85  employing  Laser 
Doppler  Anemometry  (LDA) . 

3.3.2  Vortex  breakdown  in^ubsotiic_flpv 
An  example  of  the  vortex  breakdown  phenomena  that 
became  manifest  during  the  present  experiment,  is 
given  in  Fig.  14  Presented  are  for  the  case  of  M* 
-  0  2,  Re«  -  9x10®  the  schlieren  picture  before  (o 
«•  20  deg)  a4iJ  the  one  after  (o  -  24  deg)  vortex 
breakdom.  This  figure  shows  that,  at  this  entire¬ 
ly  sub-critical  condition,  the  axis  of  the  vortex 
core  again  corresponds  with  the  marked  inter face 
between  the  lighter  and  the  darker  area  abov  ••  .he 
model  At  a  —  20  deg  this  axis  can  be  followed  all 
along  the  length  of  the  model  and  into  the  near¬ 
wake  region.  For  o  -  24  deg  vortex  breakdown  has 
occurred  and  downstream  of  the  breakdown  point  the 
axis  of  the  vortex  core  can  no  longer  be  identifi¬ 
ed,  also  due  to  some  unsteadiness  of  the  flow. 


The  effect  of  vortex  breakdown  on  the  pressure 
distribution  on  the  wing  surface  is  only  small  for 
this  condition.  Fig.  15  shows,  for  a  number  of  in¬ 
cidences  before  and  after  vortex  breakdown,  the 
surface  pressure  distributions  along  the  chordwise 
section  in  the  plane  of  symmetry.  The  more  than 
proportional  Increment  in  the  Cp-distribuCion  on 
the  aft  part  of  the  wing  when  increasing  a  from  22 
to  24  deg  is  the  only  quantitative  effect.  This 
corresponds  with  the  observation  that  the  point  of 
vortex  breakdown  along  the  vortex  core  moves  gra¬ 
dually  upstream  with  increasing  Incidence.  This 
relatively  small  and  gradual  effect  on  the  wing 
pressure  distribution  is  also  evident  from  the 
isobar  pattern  before  and  after  vortex  breakdown 
(Fig.  16),  which  have  the  sane  general  appearance. 
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3.3.3  yortex  breakdown  In  transonic  flow  vortex  core  causes  an  acceleration  of  the  flow  and  \  • 

At  transonic  conditions  (M«  ««  0.85,  Re«  *  9x10*)  an  decrease  of  the  pressure  on  the  rear  part  of  ^ 

vortex  breakdown  is  a  much  more  dramatic  event.  the  wing.  This  effect  is  small  at  ->  0.2,  see  I 

Now  it  becomes  apparent  in  the  surface  pressure  Pigs.  IS  and  16  However,  at  the  hi^er  Mach  num-  I 

distribution  and  the  Isobar  pattern  changes  rather  bers  this  effect  changes  the  downstream  condition  | 

drastically  upon  the  occurrence  of  vortex  break-  of  the  rear  shock  terminating  the  region  with  su-  | 

down.  This  is  demonstrated  in  Fig.  17  which  shows  personlc  flow.  Since  the  rear  shock  is  rather  weak  | 

the  Isobar  pattern  Just  before  (a  -*  22  deg)  and  (see  Fig.  19)  even  a  small  change  in  the  down*  1 

Just  after  (a  *-  24  deg)  the  onset  of  vortex  break-  stream  condition  will  be  sufficient  to  frustrate 

down.  The  region  with  an  approximately  conical  the  necessity  for  the  existence  of  the  shock  at 

flow  structure,  which  extends  up  to  80%  root  chord  that  location.  A  somewhat  similar  situation  occurs 

before  vortex  breakdown  (e.g.  see  Fig.  4),^  is  sig-  in  the  development  of  the  transonic  flow  on  an  ^ 

niflcantly  reduced  after  vortex  breakdown.  The  airfoil.  Sinnott  (Ref.  34)  has  shown  that  the 

most  important  change  that  occurs  is  that  the  rear  shock  location  In  transonic  flow  results  from  a 

shock  shifts  upstream  from  about  80%  to  about  50%  precise  and  susceptible  match  between  the  super¬ 

root  chord,  while  also  the  flow  pattern  downstream  sonic  upstream  and  subsonic  downstream  conditions, 
of  the  rear  shock  is  ccapletely  different.  In  the  For  airfoila  a  sudden  upstream  shift  of  the  shock 

latter  region  the  cross-flow  shock  is  absent,  but  is  associated  with  a  change  in  the  pressure  at  the 

in  addition  to  the  forward  shifted  rear  shock  a  trailing  edge 


second  shock  normal  to  the  plane  of  symmetry  forms 
at  about  90%  root  chord 

The  corresponding  schlieren  pictures  (Fig  18) 
confirm  the  very  pronounced  change  in  the  position 
of  the  rear  shock  and  the  presence  of  the  second 
shock  further  downstream.  It  was  also  observed  in 
the  experiment  that  the  change  in  the  flow  stnic-. 
ture  occurs  rather  abruptly  and  Is  accompanied  by 
more  unsteadiness  than  at  lower  Mach  numbers.  The 
change  in  the  position  of  the  rear  shock  is  also 
clearly  reflected  in  the  pressure  distribution 
along  the  section  in  the  plane  of  symmetry  (Fig. 
19).  The  single  rear  shock  system  before  vortex 
breakdown  has  changed  into  a  two-shock  system 
after  vortex  breakdown.  This  shock  system  persists 
up  to  the  highest  incidence  considered  in  the 
present  Investigation  (a  -  27  deg) .  Similar 
changes  from  a  one-  to  a  two-shock  system  have 
been  reported  In  Ref.  33  for  a  pure  65-deg  swept 
sharp-edged  delta  wing  for  which  the  vortex  break¬ 
down  occurs  at  a  somewhat  lower  incidence  (a  »  17 
deg). 

The  question  can  be  posed  whether  the  rear  shock 
provokes  vortex  breakdown  or  vortex  breakdown 
causes  the  branching  to  the  second  type  of  shock 
system.  A  possible  explanation  that  supports  the 
second  possibility  Is  given  below 

Fig  20  presents,  as  a  function  of  the  free-stream 
Mach  number,  the  incidence  at  which  vortex  break¬ 
down  occurs  above  the  configuration.  The  critical 
value  of  a  has  been  derived  from  the  break  In  the 
development  with  Incidence,  for  fixed  H«,  of  the 
spanwlse  pressure  distribution  at  x/Cr  -  0.8.  Also 
Information  has  been  deduced  from  the  continuous 
schlieren  visualization  recorded  during  the  ex¬ 
periment.  Fig.  20  suggests  a  rather  weak  effect  of 
compressibility  on  the  onset  of  vortex  breakdown. 
For  free-stream  Mach  numbers  up  to  values  of  0  7 
the  onset  of  vortex  breakdown  is  delayed  somewhat, 
presumably  due  to  the  diminishing  upstream  influ¬ 
ence. 

For  higher  Mach  numbers,  but  still  below 
0.85,  the  flow  becomes  supersonic  over  most  of  the 
win-9  and  the  cross -flow  shock  forms.  Close  to  the 
trailing  edge  the  flow  returns  to  subsonic,  event¬ 
ually  through  the  rear  shock.  In  this  ^ange  of 
Mach  numbers  the  onset  of  vortex  breakdown  occurs 
somewhat  sooner  the  higher  H«. 

For  Mach  niimbera  near  and  above  0.85  the  more  dra¬ 
matic  type  of  vortex  breakdown  with  the  switch 
from  one  shock  pattern  to  another  takes  place.  At 
M«  «  0.9  the  dip  of  the  vortex-breakdown-onset 
boundary  drawn  in  Fig.  20  is  reached.  For  this 
flow  condition  vortex  breakdown  occurs  at  a  -  19 
deg. 

The  gradual  variation  for  K*  <  0.85  suggests  that 
the  same  phenomenon,  l.e.  a  change  in  structure  of 
the  vortex  core  itself,  might  be  responsible  for 
the  observed  flow  development  on  the  wing  surface. 
The  increase  in  the  cross-sectional  area  of  the 


For  the  present  three-dimensional  flow  it  is  con¬ 
jectured  that  the  change  in  the  pressure  down-- 
stream  of  the  rear  shock,  caused  by  the  breakdown 
of  the  vortex  core,  forces  the  rear  shock  to  jump 
to  a  new  equilibrium  position  further  upstream 
Do%mstreaffl  of  this  shock  the  flow  seems  to  expand 
rapidly  to  supersonic  conditions  again.  Since  the 
flow  eventually  has  to  return  to  the  subsonic  con¬ 
ditions  the  second  shock  is  required  For  still 
higher  Hach  numbers  the  rear  shock  becomes 
stronger  and  Is  located  closer  to  the  trailing 
edge,  which  results  in  a  delay  of  vortex  breakdown 
and  Che  branching  from  the  one-shock  to  the  two- 
shock  system. 

It  should  be  stressed  here  that  Che  above  hypothe¬ 
tical  view  is  based  on  aerodynamic  reasoning, 
rather  than  on  direct  experimental  evidence. 
Clearly  more  detailed  experiments  are  needed  to 
substantiate  this  explanation. 

Finally  it  is  of  interest  to  have  some  insight 
into  the  level  of  unsteadiness  of  the  flow  for 
conditions  with  vortex  breakdown  To  this  aim 
unsteady  pressure  and  velocity  distributions 
should  be  measured  rather  than  their  mean  values 
as  was  pursued  in  the  present  experimental  inves¬ 
tigation.  However,  the  mean  pressure  measurements, 
taken  with  a  filtering  time  of  order  0.1s,  appear 
to  be  satisfactorily  reproducible.  This  is  illus¬ 
trated  in  Fig.  21  which  shows  a  comparison  of  the 
isobar  patterns  obtained  from  two  measurements 
taken  at  different  time-s  for  the  same  post-criti¬ 
cal  transonic  flow  condition  The  largest  devia¬ 
tions  are  observed  underneath  the  burst  vortex, 
suggesting  that  the  two-shock  system  itself  is 
reasonably  steady 


To  investigate  the  effect  of  the  Reynolds  number 
on  the  development  of  the  flow  a  limited  Reynolds 
number  variation  has  been  made  at  -  0.2  and 
0.85.  For  the  flow  over  a  delta  wing  the  Reynolds 
number  can  have  an  effect  on  amongst  others  the 
following; 

(1)  primary  separation  and  associated  with  it 
the  strength  of  the  leading-edge  vortex;- 
(li)  the  development  of  the  boundary  layer 

starting  at  the  attachment  line  on  the  wing 
upper  and  lower  surface 
(Hi)  secondary  separation; 

(Iv)  the  development  of  the  flow  near  the  center 
of  the  vortex; 

(v)  vortex  breakdown. 

Mowt  of  these  will  be  discussed  subsequently. 
3.4.1.  Prlnarv  separation 

Since  the  formation  of  the  leading-edge  vortex  Is 
related  to  the  (primary)  separation  of  the  bound¬ 
ary  layer  at  the  wing  leading  edge,  a  variation  In 
Reynolds  number  will  have  an  effect  for  the  con¬ 
figuration  with  a  round  leading  edge.  The  Reynolds 
number  effect  In  this  case  has  been  discussed  to 
some  extent  In  Ref.  14.  The  configuration  con- 
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sidered  here  has  a  sharp  leading  edge,  so  chat 
separation  is  fixed  entirely  by  the  geometry  and 
Reynolds  number  effects  are  absent. 

3.4  2.  Uppeil^surface  boundary  layer 
In  the  flow  field  induced  by  the  leading-edge  vor¬ 
tex  Che  flow  is  forced  around  Che  vortex  and  re¬ 
attaches  on  the  upper  wing  surface  at  an  attach¬ 
ment  line  which  is  approximately  aligned  with  a 
ray  through  the  apex.  At  higher  Incidences  the  at¬ 
tachment  line  moves  Inboard  until  it  lies  in  Che 
plane  of  symmetry.  The  boundary  layer  flow  start¬ 
ing  at  Che  attachment  line  can  be  laminar  or  tur¬ 
bulent,  depending  on  Che  Reynolds  number  and  the 
local  pressure  distribution  >en  in  case  the 
boundary  layer  flow  at  the  at  :achmenc  line  is  lam¬ 
inar,  transition  might  occur  further  downstream 
due  to  Tollmien-Schlichting  or  cross-flow  insta¬ 
bilities  In  Ref  35  a  discussion  is  presented 
on  Che  development  of  the  boundary  layer  on  the 
upper  surface  of  a  65 -deg  delta  wing  in  incom¬ 
pressible  flow.  It  is  shown  on  theoretical  grounds 
that  the  boundary  layer  is  most  likely  turbulent 
for  a  Reynolds  number  (based  on  root  chord)  of 
9x10^  This  has  been  substantiated  in  Che  present 
experimental  investigation  by  acenaphtene  tests 
However,  it  should  be  borne  in  mind  that  part  of 
the  boundary  layer  can  be  laminar  at  the  lower 
Reynolds  numbers  employed.  This  is  especially  the 
case  near  the  apex  of  Che  wing.  The  difference  in 
Che  displacement  thickness  due  Co  a  laminar  or  a 
turbulent  boundary  layer  will  hardly  have  any  ef¬ 
fect  on  the  pressure  distribution  near  Che  plane 
of  synunecry.  Also,-  for  a  given  type  of  boundary 
layer,  the  effect  of  a  different  Reynolds  number 
will  be  small 

For  the  Reynolds  numbers  used  in  the  present  ex¬ 
perimental  investigation  this  is  indicated  in 
Figs.  22  and  23  for  M,  -  0  2  and  0.85,  respective-- 
ly  Considered  in  these  figures  is  the  development 
with  incidence  of  the  surface  pressure  distribu¬ 
tion  along  the  section  in  the  plane  of  symmetry. 
For  the  subsonic  condition  there  are  some  minor 
differences  between  the  results  for  different 
Reynolds  numbers  and  that  in  the  apex  region  of 
the  wing  only  For  Che  transonic  flow  condition 
differences  between  results  obtained  for  Re«  • 

9x10®  and  12x10*  are  negligible  At  the  higher 
incidences  there  are  small  differences  between 
these  results  and  Che  results  obtained  for  Re«  - 
4  5x10*,  specifically  around  the  rear  shock. 

3.4  3  Low^r  _wlii|L_surface 

On  the  lover  wing  surface  the  attachment  line 
shifts  gradually  with  Increasing  incidence  from  a 
location  very  close  to  the  leading  edge  in  inboard 
direction  towards  the  plane  of  symmetry  <e.g  see 
Fig.  5a)  The  flow  on  the  lower  wing  surface  Is  an 
accelerating  flow  and  Reynolds-number  effects  are 
small,  as  might  have  been  expected  This  is  illus¬ 
trated  in  Figs.  24  and  25  for  a  subsonic  (H«  - 
0.2)  and  a  transonic  (M«  -  0  85)  flow  condition. 
Shown  in  these  two  figures  are  the  spanwise  sur¬ 
face  pressure  distributions  at  x/cr  -  0.3,  0.6  and 
0  8  for  a  -  0,  5,  10,  IS  and  20  deg  for  Che 
Reynolds  numbers  considered  in  the  present  inves¬ 
tigation.  The  differences  in  the  pressure  distri¬ 
butions  on  the  lower  surface  measured  for  differ¬ 
ent  Reynolds  numbers  are  small  indeed. 

3. A. 4.  5tPAtJtt9n 

The  most  pronounced  effect  of  the  boundary  layer 
being  laminar  or  turbulent  Is  Its  effect  on  the 
location  of  the  secondary  separation.  Starting  at 
Che  attachment  line  the  boundary  layer  on  the  wing 
upper  surface  first  accelerates,  this  until  the 
peak  in  the  Cp-dlscrlbution  underneath  the  lead¬ 
ing-edge  vortex  is  reached.  Subsequently  the 
boundary  layer,  still  flowing  In  the  direction  of 
the  leading  edge,  encounters  an  adverse  pressure 
gradient  and  therefore  decelerates.  The  pressure 
gradient  is  such  that  the  boundary  layer  will 


always  separate  and  usually  the  free  shear  layer 
thus  formed  rolls  up  Into  the  secondary  vortex 
Underneath  the  shear  layer,  i.e.  at  the  downstream 
side  of  the  secondary  separation  line,  Che  veloci¬ 
ty  is  directed  along  Che  separation  line  which  ap¬ 
proximately  runs  along  a  ray  through  the  apex. 

This  can  be  recognized  on  the  oil-flow  pictures 
presented  in  Fig  6. 

Secondary  separation  is  intrinsically  coupled  to 
primary  separation.  However,  the  location  and  the 
extent  of  Che  region  affected  by  the  secondary 
separation  is  strongly  Influenced  by  Che  state  of 
the  boundary  layer  (laminar  or  turbulent}  and,  but 
to  a  lesser  degree,  by  Che  Reynolds  number  A  lam¬ 
inar  secondary  separation  will  be  located  more  in¬ 
board,  whereas  a  turbulent  secondary  separation 
will  take  place  at  a  location  further  outboard. 

The  latter  will  result  in  a  smaller  and  weaker 
secondary  vortex  system  chan  Is  the  ease  for  lami¬ 
nar  secondary  separation  In  the  present  experi¬ 
mental  investigation  Che  boundary  layer  was  turbu¬ 
lent  with  the  possible  exception  of  the  region 
close  CO  Che  apex,  where  for  Che  lower  incidences 
the  boundary  layer  might  have  been  laminar 

Fig,  24  displays  the  spanwise  pressure  distribu¬ 
tions  for  M#  “  0.2  and  for  the  two  Reynolds  num¬ 
bers  considered  in  the  present  experiment,  namely 
Re»  -  2.7x10®  and  9x10®.  This  figure  shows  that, 
judging  from  the  position  of  the  secondary  separa¬ 
tion  line  relative  to  Che  position  of  the  peak  as¬ 
sociated  with  the  primary  vortex,  the  boundary 
layer  was  turbulent  at  the  secondary  separation 
line,  and  this  :  or  both  Reynolds  numbers  Here  we 
used,  as  a  practical  way  of  determining  Che  loca¬ 
tion  of  the  secondary  separation  line,  the  most 
inboard  point  of  :he  plate )u  region  as  the  point 
where  secondary  s-iparation  takes  place. 

At  the  lover  incidences  Increasing  the  Reynolds 
number  from  2  7  to  9  million  shifts  the  secondary 
separation  location  in  outboard  direction,  which 
results  in  a  higher  primary  suction  peak  In  the 
plateau  region  outboard  of  the  secondary  separa¬ 
tion  position  Che  peak  associated  with  the  second¬ 
ary  vortex  system  is  detectable  for  Re,  -  9x10* 
only.  The  explanation  for  this  is  that  at  the 
higher  Reynolds  number  the  boundary  layers  and  Che 
free  sheer  layers  are  thinner  so  that  the  second¬ 
ary  vortex  can  develop  into  a  compact  vortical 
flow  region  rather  than  being  (partly)  embedded 
within  a  region  with  viscosity-dominated  flow. 

At  a  *•  15  and  20  deg  the  difference  in  the  loca¬ 
tion  of  secondary  separation  due  to  the  difference 
in  the  Reynolds  number  becomes  small  at  x/cr  • 

0.3,  but  larger  at  the  stations  further  down¬ 
stream.  Here  we  see  for  vhe  higher  Reynolds  number 
a  shift  of  the  location  of  both  the  secondary  sep¬ 
aration  and  the  primary  suction  peak  in  inboard 
direction,  l.c.  contrary  to  what  one  would  expect. 
This  is  thought  to  be  connected  with  above  men¬ 
tioned  effect  that  for  the  higher  Reynolds  number 
the  secondary  vortex  system  Is  less  diffuse  and 
stands  distinctly  clear  from  the  viscous  layers. 
Such  a  secondary  vortex  system  will  have  a 
stronger  interaction  with  the  primary  vortex,  ap¬ 
parently  resulting  in  an  inboard  shift  of  the  sec¬ 
ondary  separation  position  as  Reynolds  number  is 
increased. 

At  H,  »  0.85  (see  Fig.  25)  the  flow  1$  presumably 
turbulent  as  well.  The  suction  peak  underneath  the 
primary  vortex  appears  to  be  affected  only  slight¬ 
ly  by  increasing  the  Reynolds  number  from  4.5  to  9 
and  12  million.  Especially  the  results  for  9  and 
those  for  12  million  are  almost  identical.  As  far 
as  the  results  for  4.5  and  9  million  is  concerned 
it  is  noted  that  for  the  lover  incidences  the  dif¬ 
ferences  are  negligible.  For  the  hl^er  inci¬ 
dences,  where  the  cross-flow  shock  develops,  dif¬ 
ferences  become  more  significant.  It  is  again  hy¬ 
pothesized  that  at  the  hi^er  Reynolds  number  the 
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secondary  vortex  is  more  distinctly  developed,  as 
indicated  by  the  more  pronounced  suction  peak  In 
the  plateau  region,  which  results  in  a  stronger 
Interaction  with  the  primary  vortex.  In  the  tran-' 
sonic  case  this  will  lead  to  a  somewhat  earlier 
formation  of  the  cross -flow  shock  which  shifts  the 
location  of  the  secondary  separation  further  in¬ 
board. 

That  the  secondary  vortex  itself  and  its  effect  on 
the  pressure  distribution  is  more  pronounced  at  a 
higher  Reynolds  numbers  due  to  thinner  free  and 
wall  shear  layer  has  also  been  suggested  by  J  H.B. 
Smith  in  the  technical  evaluation  report  of  Ref. 
13.  However,  it  should  be  added  that  the  interac¬ 
tion  of  the  secondary  vortex  with  the  primary  vor¬ 
tex  and  the  rest  of  the  flow  field  might  shift  the 
location  of  secondary  separation,  promote  or  delay 
the  formation  of  the  cross-flow  shock,  etc., 
weakening  or  strengthening  the  Reynolds -riumber  ef¬ 
fect. 

Nevertheless,  the  effects  seem  to  be  relatively 
small. 


3.4.S.  Vortex_breakdown 

It  has  been  suggested  In  the  literature  (Ref. 

36)  that  the  Reynolds  number  effect  on  vortex 
breakdown  is  small.  This  is  in  line  with  the 
notion  that  the  development  of  free  shear  layers 
(viscous  losses  in  the  absence  of  a  wall)  depends 
only  on  their  initial  conditions  and  not  on  the 
Reynolds  number  Only  their  thickness  and  internal 
structure  depends  on  the  Reynolds  number  (Ref 

37) . 

The  present  experimental  results  also  show  in 
general  a  very  small  (of  the  order  of  1  deg)  vari¬ 
ation  with  Reynolds  number  of  the  onset  of  vortex 
breakdown.  However,  such  a  weak  dependence  might 
still  resulo  in  large  changes  in  the  pressure  dis¬ 
tribution  when  near  the  boundary  for  the  onset  of 
vortex  bursting,  at  a  fixed  (M,,a)  combination, 
the  Reynolds  number  is  varied.  This  is  demonstrat¬ 
ed  in  Fig.  26  for  the  transonic  case  (K«  -  0.85). 
Here  it  is  shown  that  for  a  -  22  deg  a  doubling  of 
the  Reynolds  number  from  4  5  to  9  million  has 
little  effect,  while  for  a  *  23  deg  the  same  in¬ 
crease  in  Reynolds  number  changes  the  flow  from 
pre-  to  post-breakdown  structure.  However,  such  a 
comparison  does  not  identify  a  large  Influence  of 
Reynolds  number  on  the  flow.  It  rather  indicates 
the  occurrence  of  a  discontinuity  (branching)  in 
Che  development  of  the  flow  with  some  other  param¬ 
eter  (a  or  M«) ,  while  the  way  in  which  the  devel¬ 
opment  itself  takes  place  depends  weakly  on  the 
Reynolds  number. 


The  local  Mach  numbers  in  the  flow  field  upstream 
of  the  cross-flow  shock  can  well  exceed  a  value  of 

2.  Though  over  the  shock  the  Increase  in  static 
pressure  is  only  modest,  and  of  the  same  order  of 
magnitude  as  the  one  over  the  rear  shock,  the  high 
value  of  the  Mach  number  upstream  of  the  oblique 
cross-flow  shock  will  result  in  very  significant 
total-pressure  losses  across  the  shock. 

The  interaction  of  the  cross-flow  shock  with  the 
boundary  layer  changes  the  type  of  the  secondary 
separation  from  pressure-gradient  Induced  to 
shock- Induced  separation. 

The  onset  of  vortex  breakdown  is  only  weakly  in¬ 
fluenced  by  the  free  stream  Mach  number.  The  ef¬ 
fect  of  the  occurrence  of  vortex  breakdown  on  the 
surface  pressure  distribution  is  relatively  small 
for  sub-critical  flow  conditions.  However,  for 
transonic  flow  conditions  the  effect  on  the  Cp- 
distrlbution  is  dramatically  large.  The  rear  shock 
shifts  abruptly  to  a  much  more  forward  location 
that  lies  upstream  of  the  breakdown  location 
Downstream  of  this  location  the  rear  shock  has  as¬ 
sociated  with  It  an  re-expansion  to  supersonic 
flow  terminated  by  a  second  (normal)  shock 

In  general  Reynolds  number  effects  appear  to  be 
small  for  the  present  sharp-edged  configuration 
with  predominantly  turbulent  flow.  The  secondary 
vortex  is  more  pronounced  at  the  higher  Reynolds 
numbers,  which  also  leads  to  a  somewhat  stronger 
interaction  with  the  rest  of  the  flow  field. 
However,  it  should  be  mentioned  that  even  for  the 
present  case  of  the  high-Reynolds-number  flow 
about  a  sharp-edged  configuration  viscous  effects 
are  instrumental  in  the  separation  at  the  leading 
and  the  trailing  edge,  in  the  occurrence  of  the 
smooth-surface  secondary  separation  and  in  the 
formation  of  the  leading-edge  vortex  core  as  a 
compact  region  with  distributed  vorticlty. 
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Fig.  10  Cross-flow  shock  Induced  secondary  separation 
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Fig.  16  Isobar  patcern  on  upper  surface  before  and  after  vortex  breakdown,  subsonic  flow 
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Fig.  IV  Isobar  pactern  on  upper  surface  before  and  after  vortex  breakdovm,  transonic  flow 
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Fig  18  Schlieren  pictures  Just  before  and  just  after  vortex  breakdown,  transonic  flow 
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CARACTERISTIQUES  D’UNE  COUCHE  LIMITE  EN  AVAL 
D'UN  TOURBILLON  DE  BORD  D’ATTAQUE 
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ONERAyCERT 

Departement  d'Aerothermodynamique 
2  avenue  E.  Belin  -  310SS  TOULOUSE  CEDEX  (FRANCE) 


RESUME 

On  ^tudie  exp^rimentalemcnt  le  comportement  de  la  couche  limite  se  d6veIoppant  en  aval  d'un 
tourbillon  de  bord  d'attaque  sur  I'extrados  d'une  aile  mise  en  flbche  et  en  incidence. 

Le  profil  d'aile  consid£r6  est  un  profil  ONERA  D  de  type  peaky ;  I'aile  est  sym6trique  avec  une 

dpaisseur  relative  de  0,10  et  une  corde  dc  200  mm;  elle  est  montde  entr  les  deux  parois  haute  et 

basse  de  la  veine  d'essais  et  maintenue  en  une  position  telle  que  Tangle  de  flbche  soit  dgal  ^  60°  et 

Tangle  d'incidence  i  15°. 

Le  champ  de  la  vitesse  moyenne  et  le  champ  turbulent  ont  6t6  mesures  en  diverses  stations  en 
aval  de  la  Iigne  de  recollement  du  tourbillon  de  bord  d'attaque  mais  6galement  en  quelques  stations  au 
coeur  du  tourbillon  il  Taide  de  sondes  anemomdtriques  it  1  fil  et  4  fits  chauds. 

SUMMARY 

The  boundary  layer  developing  downstream  a  leading  edge  vortex  has  been  investigated.  This 
experiment  is  devoted  to  the  understanding  of  the  behaviour  of  such  a  boundary  layer  submitted  to 
the  effects  of  a  leading  edge  vortex  developing  on  the  suction  side  of  a  swept  wing. 

The  infinite  swept  wing  considered  for  the  present  study  is  mounted  between  the  top  and  the 
bottom  walls  of  the  test  section  at  a  sweep  angle  of  60°  and  at  an  incidence  of  15°..  The  aerofoil  is 
symmetric  and  has  a  maximum  thickness  ratio  of  .1  and  a  chord  length  of  200  mm:  it  is  an  ONERA  D 
aerofoil,  i  e.  peaky-type  aerofoil. 

Mean  and  turbulent  velocity  profiles  surveys  have  been  carried  out  in  various  positions  located 
downstream  of  the  reattachment  line  but  also  for  few  positions  in  the  vortex  core  by  means  of  hot 
wire  anemometry ;  measurements  in  the  vortex  core  and  in  the  boundary  layer  have  been  made  by 
using  respectively  a  four  and  single  hot  wire  probe. 


1  -  INTRODUCTION 


Les  phdnomhnes  adrodynamiques  relatifs  au  cas  tris  gdndral  de  Taile  en  attaque  oblique 

constituent  encore  aujourd'hui,  aprhs  avoir  suscitd  un  int6r£t  certain  pendant  des  ddcennies,  un  des 
poles  essentiels  de  la  recherche  adronautique  modeme.  En  effet,  que  ce  soit  dans  le  cadre  du  vol  dans 

le  domaine  du  haut  subsonique,  du  vol  aux  grandes  incidences  ou  du  vol  purement  dans  le  domaine 

supersonique,  il  importe  d'approfondir  davantage  les  connaissances  et  les  enseignements  issus  des 
mesjres  ou  des  visualisations  d'dcoulements  autour  d'un  tel  type  d'aile. 

De  ces  recherches  et  investigations  sur  la  structure  de  ces  dcoulements  dependent  les  qualitcs  et 
les  performances  de  Tavion. 

Que  connaissons-nous  ddjh,  fruit  de  nos  recherches  et  de  nos  investigations,  de  la  structure  de 
T6coulement  autour  d'une  aile  en  flhche? 

Nous  savons  qu'une  structure  tourbillonnaire  se  d6veloppe  h  I'extrados  de  Taile,  lorsque  celle-ci 
est  plac6e  avec  suffisamment  de  fliche  et  d'inc'dence,  qui  r6git  et  influence  ses  qualit£s  et 

performances. 


16-2 


Le  schema  d'un  icoulement  tourbillonnaire,  alimentd  par  du  fluide  provenant  de  I'intTados,  se 
ddcomposant  en  un  ’curbillon  principal,  dventuellement  accompagnd  de  tourbillons  secondaires  contra- 
rotatifs  (dans  le  cas  d'une  aile  dpaisse),  est  depuis  longtemps  acquis. 

On  sail  que  la  presence  tourbillonnaire  pour  un  angle  de  flbche  donnd  ddpend  de  I'incidence  de 
I'aile ;  mais  cette  incidence,  ndcessaire  H  I'animation  tourbillonnaire  est  fortement  lide  &  la  gdomdtrie 
du  bord  d'attaque  de  I'aile  (Rdf.  1). 

On  salt  dgalement  que  le  nombre  de  Reynolds  constitue  un  facteur  determinant  dans  la  prdsence 
d'un  dcoulement  tourbillonnaire  sur  une  aile  ;  d'une  fa(on  trds  gdndrale ,  une  augmentation  du  nombre 
de  Reynolds  conduit  it  une  diminution  sensible  de  son  domaine  d'exister  :t. 

Ainsi,  dans  le  cas  de  profils  de  type  "peaky”,  par  exemple,  caractdrisds  par  I'existence  d'une 

pointe  de  survitesse  importante,  c'est  le  nombre  de  Reynolds  qui  rdgit  le  "caractbre  transitionnel"  de 

I'dcoulement  au  bord  d'attaque  (notion  de  bulbe  long  ou  bglbe  court)  et  c'est  prdcisdment  de  ce 
caractbre  transitionnel  dont  ddpend  avant  tout  le  componement  du  tourbillon  sur  I'aile. 

De  fait,  aux  fortes  valeurs  du  nombre  de  Reynolds,  I'origine  du  tourbillon  qui  apparait  sur  la 

partie  exteme  de  I'aile  se  ddplace  le  long  du  bord  d'attaque  vers  I'apex  lorsque  I'incidence  croit  (rdf. 

2) ;  aux  faibles  valeurs  du  nombre  de  Reynolds,  I'axe  du  tourbillon  gardant  la  meme  origine  dans  la 
rdgion  de  I'apex  pivote,  comme  pour  se  rapprocher  de  la  corde  d'emplanture.  Par  la  mesure  du  champ 
de  Vitesse  autour  du  tourbillon,  il  est  aujourd'hui  aisd  de  determiner  avec  precision  it  la  fois  sa 
trajectoire  et  son  intensitd. 

Un  tourbillon  de  bord  d'attaque  sur  une  aile  en  flbche  n'est  pas  seulement  un  enroulement  du 
fluide  en  comet,  bien  organise,  mais  aussi  le  signe  d'une  certaine  instabilite. 

Des  experiences  rdcentes  (Rdf.  3)  ont  montrd,  par  le  biais  d'une  dtude  spectrale,  une  forte 
contribution  dnergdtique  des  fluctuations  dans  les  basses  frequences,  d'autant  plus  marqude  que  Ton 
se  rapproche  de  la  frontidre  du  tourbillon ;  il  semblerait  que  des  instabilitds  soient  gdnerees  dans  la 
region  du  ddcollement  de  bord  d'attaque  et  se  propagent  sur  la  nappe  tourbillonnaire  jusqu'au 
recollement. 

Il  apparait  clairement  que  Ton  ddfinii  la  structure  tourbillonnaire  de  Tdcoulement  autour  d'une 
aile  en  fldche,  en  mesurant  les  vitesses  moyennes  et  fluctuantes  au  sein  de  la  nappe  tourbillonnaire 
afin  de  prdciser  le  componement,  la  trajectoire  et  I'intensite  du  tout  billon  mais  aussi  en  ddfinissant 
precisdment  la  nature  de  rdcoulement  dans  cette  rdgion,  creuset  de  son  histoiie,  comprise  entre  le  bord 
d'attaque  de  I'aile  et  la  ligne  de  ddcollement. 

Mettant  k  I'dcart  I'aspect  essentiellement  ddterministe  de  I'ecoulement  tourbillonnaire,  nous 
avons  pensd  qu'il  dtait  peut-etre  intdressant  de  s’attacher  h  la  "qualitd"  de  rdcoulement  juste  en  aval 
du  tourbillon ;  que  devient  la  couche  limite  d'extrados  aprds  avoir  subi  les  effets  fortement 
perturbateurs  d'un  dcoulement  tourbillonnaire  ? 

La  couche  limite  hdrite-t-elle  d'une  tndimensionnalitd  qui  ne  lui  serait  pas  naturelle  ? 
S'enrichit-elle  d'une  turbulence  qu'i  elle  seule,  elle  ne  pourrait  convecter  ?  Garde-t-clle  les  "stigmates" 
d'un  cisaillement  accentud  ? 

Cette  dtude  expdrimentale  s'inscrit  dans  le  cadre  trds  gdndral  de  la  caractdrisation  d’un 
dcoulement  cisailld  tridimensionnel  autour  d'une  aile  en  fldche.  Une  prdcddente  dtude  avait  dtd  mende 
qui  avait  pour  but  de  qualifier  rdcoulement  de  coin  dans  une  rdgion  ddlimitde  par  I'aile  et  le  plancher 
de  la  veine  d'essais  (Rdf.  4). 

Avant  de  prdsenter  les  rdsultats  essentiels  relatifs  k  la  couche  limite  se  ddveloppant  en  aval  du 
recollement,  nous  donnons  quelques  rdsultats  de  mesures  effectudes  au  sein  du  tourbillon. 

2  -  MONTAGE  EXPERIMENTAL 

Le  montage  expdriraental  est  constitud  d'un  profil  d’aile  (il  s'agit  d’un  profil  ONERA"D"  de  type 
Peaky  de  200  mm  de  corde  et  d'dpaisseur  relative  dgale  k  0,10)  placd  avec  une  flicbe  de  60®  et  une 
incidence  normaie  de  15°,  dans  la  veine  d'essai  de  la  soufflerie.  En  fait,  I'aile  traverse  la  veine  d'essai 
de  part  en  part,  au  niveau  du  plancher  et  do  plafond.  La  maquette  est  dquipde  de  5  rangdes  de  prises 
de  pression  et  grace  k  un  mdcanisme  (fig.  1)  assunnt  sa  translation,  il  est  possible  de  ddfinir  tids 
Hnement  la  rdpartition  de  la  pression  sur  I'aile. 


r 


L 
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3  .  CONniTIONS  D'ESSAIS  ET  TECHNIQUES  DE  MESURE 

I 

Lors  de  ces  essais,  la  vitesse  de  rdfdrence  dans  la  veine  a  etd  fixde  k  30  ms'^  correspondant  & 
un  nombre  de  Reynolds  de  corde  de  4  10^.  | 

Le  syst&me  d'exploration  (fig.  2),  enti^rement  automatisd,  comporte  S  motorisations  t 

"attachees”  ^  5  degrds  de  libertd ;  trois  translations  et  deux  rotations.  I 

> 

Ce  dispositif  permet  done  de  ddplacer  one  sonde  dans  des  plans  perpendiculaires  a  I'axe  veine  ; 

en  alignant  celle-ci  dans  une  direction  privildgide,  la  direction  de  la  ligne  de  courant  locale  par  | 

exemple,  et  en  assurant  sa  translation  suivant  une  normale  en  tout  point  au  profil.  Cet  expiorateur  est  i 

relid  a  un  calculateur  qui  assure  son  pilotage  permettant  le  ddplacement  de  la  sonde  et  son  { 

positionnement  automatique  au  point  de  mesure.  ^ 

I 

1 
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Les  mesures  effectuies  sont  essentieltemem  des  mesures  par  andmomdtrie  fil  chaud ;  deux 
types  de  sondes  ont  dtd  utilisdes  :< 

-  sonde  i  quatre  nis  chauds  (fig.  3)  pour  la  determination  k  la  fois  du  champ  moyen  et  du 
champ  turbulent  dans  des  plans  perpendiculaires  k  I'axe  veine ;  chaque  plan  constitue  un 
maillage  de  30  points  de  mesure  (suivant  la  direction  OY)  par  3S  points  (suivant  la  direction 
OZ) ;  les  points  les  plus  rapprochds  du  profil  se  trouvent  environ  h  1  mm  de  celui-ci ; 

-  sonde  miniature  h  1  fit  spdcialement  adaptde  h  la  mesure  de  la  vitesse  moyenne  et  de  sa 
composante  fluctuaqte  dans  la  direction  longitudinale  de  I'dcoulement,  au  sein  d'une  couche 
limite  de  faible  dpaisseur. 


3.1.  Mdthode  de  mesure  avec  la  sonde  it  quatre  fils 

La  sonde  i  quatre  fils  (fig.  3)  est  con(ue  de  telle  sorte  que  les  fils  forment  un  ensemble  de 
deux  sondes  en  X.  Si  Ton  suppose  que  Tangle  y  entre  un  fil  et  Taxe  de  la  sonde  est  le  meme  pour  tous 
les  fils  et  que  la  vitesse  effective  (Jeff  est  .  vitesse  normale  au  fil,  on  pent  dcrire  pour  une  sonde 
iddale 


UeffJ  =  (Usiny  -  Wcosy)?  + 

Uef^  =  (Usiny  -  Wcos^  + 

Uef^ = (Usiny  -  Vcosi^  + 

Uef^ = (Usiny  -  Vcosy)?  + 

ou  U,  V,  W  sont  les  composantes  de  la  vitesse  dans  un  repere  cartesien  li6  h  la  sonde. 

La  mesure  des  tensions  Ei,  Ea,  E3  et  E4  foumit  les  valeurs  de  Ueffi,  Ueffa,  (Jeffs,  Ueff4  d'apres 
lesquelles  on  doit  calculer  les  composantes  de  la  vitesse. 

Le  principe  de  la  mdthode  mise  en  oeuvre  consiste  h  determiner  trois  fonctions  des  viiesses 
effectives  qui  donnent  directement  la  vateur  de  la  vitesse  en  module  et  direction. 


Le  vecteur  vitesse  est  repere  par  rapport  h  la  sonde  ^  Taide  de  deux  angles  9  et  p  (fig.  4)  et  Ton 
forme  les  quantitds  : 


f=AretgV^-^^:^^^  g  =  •  UeffjF  -  (Uefi?  •  UefgF]'^' 

Uef^-Ue£^  £Uefl? 


h  =  i:Ueflf 


On  a : 

Ueff^  -  Uef^  =  -  4  (W  siincos  y  Uefi|  -  Ueff^  =  -  4  UV  sinycos  y 

d'ou  ; 


_ sin7yig9 _ 

2sin^  +  tg^  (1  -I-  cos 


h  =  [Up  [4  sin  ^  +  2tg^9  ( 1  +  cos  ^rj] 


Ces  formules  permettent  done  de  ditermincr  directement  les  angles  9  et  0  et  le  module  de  la 
vitesse. 


La  solution  est  unique  si  Ton  admet  que  9  est  infdrieur  h  une  valeur  0ni  pour  laquelle  la  function 
g  possbde  un  maximum  gn, ;  Texpression  de  g  montre  que  9m  et  gm  sont  fonctions  de  Tangle  y. 

En  fait,  les  formules  donndes  ci-dessus  sont  thdoriques  et  un  dtalonnage  est  n£cessaire.  II 
consiste  essentiellement  k  mesurer  les  vitesses  effectives  en  fonction  des  angles  d'et  9  pour  une  valeur 
fixde  du  module  de  la  vitesse. 
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L'italonnage  est  r6alis£  pour  les  valeiirs  de  <f  comprises  entre  - 180°  et  +  180°  par  pas  de  15° 
et  pour  Iss  valeurs  de  0  comprises  entre  0  et  45°  par  pas  de  5°  ;  la  vitesse  de  la  soufflerie  est  done 
fixde  et  la  sonde  est  ddplacee  par  rapport  au  vecteur  vitesse. 

Pour  ehaque  valeur  de  8  et  9,  on  relf’ve  la  tension  E  et  Ton  en  deduit  la  vitesse  effective  Ueff. 

En  fonction  de  0  et  9,  on  determine  alors  les  variations  des  fonctions  F,  G,  H  definies  par ; 

F  =  Arctgy^^^  G-(!Ueffi-Ueff3|-»-|Ueff2-Uef£i|) 

Uefi^  -  Ueff^  "  Z  Ueff.  i-  Uef^(e.O) 

La.  lonction  F  est  identique  a  la  fonction  f  ddfinie  prdeddemment,  mais  les  fonctions  G  et  H  sont 
diffdrentes  de  g  et  h  ;  la  forme  de  G  a  did  prdfdrde  It  cellc  de  g  car  il  a  dtd  observd  qu'elle  permet 
d'dtendre  Idgerement  le  domaine  de  mesure  en  0  et  la  forme  de  H  est  simplement  dgale  h/li(e=o).  ce  qut 
oermet  d'eliminer  I'influence  du  module  de  la  vitesse. 

Les  fonctions  F,  G  et  H  ddtermindcs  expdrimenialement  sont  reprdsenides  sur  'es  figures  5a,  b, 
c.  On  observe  qtie  F  n'est  pas  fonction  de  0  ;  F  est  fonction  seulement  de  9  ;  notons  que  pour  une  sonde 
iddale,  on  auraii  F  =  (a. 


Z  Ueff, 


-  Elahnnage  angulaire  .  (volution  de  H 


/lilU.5J>  ■  Htalimnage  unguUure  .  (voluttim  <tc  C 


La  fonction  G,  fonction  thdoriquement  de  6  seulement,  ddpend  en  fait  de  0  et  9  ;  la  fonction  H 
ddpend  peu  de  9  anx  faibles  valeurs  de  0,  mais  ses  variations  s'accentuent  lorsque  0  augmente.  Dans 
une  cxpdrience,  la  direction  do  vecteur  vitesse  par  rapport  i  la  sonde  n'est  pas  ronnue,  En  un  point  de 
I'dcoulement,  la  mesure  consiste  ii  relever  les  tension.^  Ej,  E2,  E3,  E4  appliqudes  it  ehaque  El.  A  paitir  de 
ces  tensions  E;,  on  calcule  les  vitesses  effectives  Ueffjet  on  forme  la  fonction  F.  On  en  ddduit  la  valeur 
de  Tangle  9  ;  on  forme  ensuite  la  fonction  G,  ce  qui  foumit  la  valeur  de  Tangle  0.  EnEn,  connaissant  0 


16-6 

et  q),  on  determine  la  valeur  de  la  fonction  H  =  £  Ucffj  /£  Ueff?  e=o  :  or,  d'apris  les  mesiirss,  on  connait 
2  2 

la  quantity  £  Ueffj  on  obtient  done  la  valeur  de  £  Ueffj  (6=0)  qui,  par  definition,  ssl  egale  ^  4 
lUpsin^Y ;  d'ob  la  valeur  du  module  de  la  vitesse  |u!. 

De  cette  fa^on,  on  calcitle  finalement  les  composantes  de  la  vitesse  instantande  ;  ces  mesures 
sont  rdpdtdes  un  grand  nombre  de  fois,  de  manidre  It  realiser  un  echantillonnage  convenable. 

Les  composantes  de  la  vitesse  moyenne  ainsi  que  les  tensions  dc  Reynolds  sont  alors  calculdes 
par  traitenient  statistique. 


3.2.  Mdtbode  de  mesure  avec  la  sonde  miniature  k  un  fil 


line  sonde  "miniature"  a  un  fil  de  longueur  0.6  mm  a  dtd  rdalisde  de  telle  sorte  que  soil 
minimisd  son  encombremeni  lors  des  mesures  au  sein  de  la  couche  limite  en  aval  du  tourbillon. 
Rappelons  que  la  sonde  ert  montde  sur  un  support  motorisd  qui  autorise  notamment  une  translation 
suivant  un  axe  normal  it  la  paroi  du  profil  et  une  rotation  autour  de  ce  meme  axe. 


Le  principe  de  la  mesure  consiste  k  faire  tourner  la  sonde  autour  de  son  axe  et  it  enregistrer  la 
tension  ddlivree  par  I'anemombtre  pour  diff6r.5ntes  inclinaisons  du  fil  par  rapport  ^  rdcoulemcnt. 
Ainsi,  la  direction  de  la  vitesse  correspond  it  Tangle  d'inclinaison  du  fil  pour  lequel  la  tension  ^  ses 
bornes  est  maximum.  La  position  du  maximum  est  obtenue  par  la  m6thode  indiquee  sur  la  figure  6  t 
la  courbe  formde  par  les  points  de  mesure  est  coupde  par  diffdrentes  droites  E  =  cste  et  la  position  du 
maximum  est  ddterminde  en  extiapolant  le  lieu  des  milieux  des  segments  formas  par  les  points 
d'inttrsection  des  differentes  droites  E  =  cste. 


fin.  7  -  Visualisallvn  paniiale 


-  Mithode  dc  mesure  avec  la  sonde  d  un  fil 


La  direction  dc  la  vitesse  locale  6tant  ainsi  ddterminie,  la  sonde  est  alignee  dans  cette  direction 
privil6giie  et  Tacquisition  de  la  tension  ddlivrfe  par  le  El  est  alors  d6clench6e. 


4  -  VISUALISATIONS  ET  REPARTITIONS  DE  PRESSION 
4.1.  Visualisations  pariitales 

Les  visualisations  paridtales  ne  fournissent,  cr.rtes.  qu'une  vue  d'ensemble  et  figde  de 
Tdcoulemcnt  mais  donnent  de  ce  dernier,  dans  le  cas  plus  particulier  des  dcoulements  ft  structure 
tourbillonnaire,  une  premiftre  et  indispensable  caractftrisation. 

L'aile  est  entiftrement  recouverte  d'un  endnit,  composd  de  phtaiate  de  butyle  et  de  noir  de 
fumfte,  dont  la  viscositi  nftcessite  d'etre  finement  adeptfte  au  cas  de  Tessat. 


16-7 


Compte  lenu  de  I’incidtnce  ct  de  la  fl&che  du  profit,  I'dcoulement  d'intrados  contourne  le  bord 
d'aitaque  et  d^colle  sous  I'effct  d'un  gradient  de  pression  positif  intense ;  I’dcoulement  s'organise  ators 
en  formant  un  tourbillon  en  cornet  qui  s'ampHfie  au  fur  et  &  mesure  que  Ton  s'dtoigne  de  I'emplanture. 
Le  i.^urbillon  imprime  tr&s  nettemeot  sur  I'enduit  visqueux  ce  que  nous  appelons  abusivement  sa  trace 
et  qui  conespond  en  fait  <i  une  ligne  de  recollement  (R)  du  fluide ;  tr£s  schdmatiquement,  on  peut  dire 
que  la  rdgion  comprise  entre  le  bord  d'attaque  et  cette  ligne  (R)  correspond  i  la  rdgion  tourbillonnaire 
(figure  7).  Cette  ligne  de  recollement  ost  aussi  bien  souvent  appelde  ligne  de  partagc,  car  c'est  ii  partir 
de  cette  demif^re  que  le  fluide  tente  dc  se  rdtablir  en  une  couche  limite  stable  sur  I'extrados  du  profit. 

On  note  aussi  que,  vers  ie  bold  de  fuite,  tes  iignes  tracdes  sur  I'enduit  visqueux  sont  moins  bien 
fctni^es  ;•  signe  que  I’enduit  est  meins  entrain^  et  done  que  le  frottement  est  plus  faible. 

Cc  schdma  de  l'6ccuiement  tourbillonnaire  sur  I'extrados  du  profit  semble  Itre  parfaitement 
valide  par  nos  rdsuliats  expdiimentaux  ;  sur  la  figure  8,  nous  avons  retracd  la  ligne  de  recollement 
telle  que  nous  I'avonr.  obtenue  d'apris  les  sondages  de  couche  limite  sur  le  profit  et  nous  I'avons 
compar^e  li  son  drs-sin  issu  de  la  visualisation  paridtale ;  I'axe  du  tourbillon  ddduit  des  courbes  de 
prc.ssion,  en  constderant  le  Cp  tourbillonnaire  minimum,  est  dgalement  reprdsentd  ;  la  cohdrence  des 
resultats  de  mesures  et  de  visualisation  est  tout  h  fait  satisfaisante. 


tiSL-SlLJl  -  Rif/artition  dt  pression  sur  I'aile 


■i. 


4.2.  Repartitions  de  pression 


GrSce  aux  prises  de  pression  dont  est  dquipd  le  profit  et  au  degrd  de  libertd  de  translation  dont 
il  est  dotd,  on  peut  dfifinir  assez  prdcisdment  les  repartitions  des  presstons  sur  toute  sa  surface 
d'extrados. 

2 

Les  figures  9a,  b  donnent  I'dvolution  du  coefficient  de  pression  (Cp  =  p  -  po/1/2  p  Uq)  sur  I'aile 

en  difKrentes  lignes  Z  =  cstc  paratliles  it  la  ligne  d'intersection  entre  le  profit  et  le  plancher  de  la 
veine  et  formant  I'axe  OX',,  t'origine  0  dtant  situde  &  I'intersection  du  bord  d'attaque  et  du  plancher. 

Un  pic  de  survitesse  (non  reprdsentd  sur  les  figures)  apparait  dans  la  rdgion  du  bord  d'attaque 
et  ddcroit  progressivement  torsqu'on  se  rapproche  de  la  jonction  aile-plancher.  La  poche  de 
depression  apparaissant  aprds  le  pic  de  survitesse  est  caractdiistique  de  la  presence  du  tourbillon  de 
bord  d'attaque  ;  on  peut  observer  sur  cette  distribution  de  pression  que  la  forme  de  "cloche"  est  plus 
prononcde  dans  la  premibre  moitid  de  I'aile  (cotd  emplanture)  que  dans  sa  rdgion  extdrieure. 

Quelle  que  soit  la  station  en  Z  considdrde,  cette  poche  de  depression  est  toujours  suivie  d'une 
forte  recompression  jusqu'au  bord  de  fuite  du  profit. 

La  determination  de  I'axe  tourbillonnaire,  comme  il  a  dtd  signald  au  paragraphe  precedent,  peut 
etre  ddduite  de  fa^on  approximative  it  partir  de  la  localisation,  en  diverses  sections  de  I'aile,  du  Cp 
tourbillonnaire  minimum. 


S  -  MESURES  AU  SEIN  DU  TOURBILLON  ET  DANS  LA  REGION  EXTRADOS  DELIMITER  PAR 
L'AILE  ET  LE  PLANCHER  DE  LA  VEINE 

La  localisation  des  plans  YOZ  perpendiculaires  b  I'axe  veine  oh  ont  dtd  effectudes  des  mesures  b 
I'aide  de  la  sonde  andmomdtrique  b  quatre  fils  est  donnde  sur  la  figure  10 ;  ces  mesures  ne 
concernent  pas  seulement  la  rdgion  tourbillonnaire  sur  I'extrados  de  I'aile  mais  tout  un  plan 
perpendiculaire  b  la  direction  de  I'dcoulement  amont  et  ddlimitd  par  I'aile  et  le  plancher  de  la  veine ; 
les  sondages  ont  dtd  effectuds  en  divers  plans  YOZ  situds  b  X  =  -  75  mm,  50  mm,  150  mm, 
250  mm,  350  mm.  Nous  ne  prdsenterons  que  les  rdsultats  relatifs  k  deux  plans  de  mesures : 
X  =  150  mm  et  X  =  250  mm. 


5.1.  Champ  des  vitesses  secondaires  (V,  W)  (fig.  11a,  b) 

Prdcisons,  tout  d'abotd,  que  I'importance  relative  de  la  composante  transversale  de  la  vitesse  V 
suivant  la  direction  Y  est  due  au  repdre  de  projection  XYZ  considdrd ;  en  effet,  par  rapport  k  la 
direction  de  la  vitesse  k  I'infini  amont,  le  plan  (OX,  OZ)  est  inclind  de  7,5.°,  ce  qui  entralne  une 
rdpeicussion  sur  le  module  de  la  composante  V  de  la  vitesse. 

Dans  la  rdgion  proche  du  coin,  k  la  station  X  =  lS0mm  par  exemple,  on  peut  noter  que  les 
vitesses  secondaires  sont  faiblcs ;  cependant,  pris  du  profil,  la  composante  transversale  W  est 
relativement  forte ;  il  en  est  de  meme  k  la  station  X  =  250  mm. 
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X=.150m 


Fie.  I  la.  h  ■  Vuesses  secondaires 


X=  .25001 


.10  h 
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La  structure  tourbillonnaire  du  fluide  contoumant  le  bord  d'atiaque  du  profil  est  bicn  mise  en 
Evidence  dans  cette  representation  ;  I'amplification  de  la  zone  tourbillonnaire  est  dejk  ddcelable  en 
considdrant  ces  deux  stations  de  mesure. 

De  meme,  I'inclinaison  de  I'axe  du  tourbillon  par  rapport  au  bord  d’attaque  du  profil  ainsi  que 
son  ecartement  progressif  de  la  paroi  peuvent  etre  verifies. 


5.2.  Champ  turbulent 

Les  figures  12a,  b  donnent  une  representation  sous  la  forme  de  lignes  de  niveau  de  la 
fluctuation  longitudinale  de  la  vitesse  aux  deux  stations  de  mesure  considerees.  On  peut  bien  sur 
noter  I'accroissement  du  u'  lorsque  Ton  se  rapproche  de  I'axe  du  tourbillon  ;  les  niveaux  de  la 
fluctuation  de  vitesse  varient  tres  peu  d'une  station  de  mesure  i  I'autre.  Par  centre,  cette 
representation  met  bien  en  evidence  I'expansion  de  la  zone  tourbillonnaire  lorsque  Ton  se  rapproche 
de  I'extremite  de  I'aile. 

Notons  aussi  que  dans  la  region  confinee  du  coin,  on  n'observe  pas  dr  mouvement 
caracteristique  des  lignes  iso-u'  traduisant,  comme  I'a  montre  par  exemple  SHABAKA  (Ref.  S),  la 
presence  d'un  tourbillon  de  type  fer  i  cheval  dans  le  cas  d’une  aile  droite. 


L'utilisation  de  la  sonde  ^  quatre  fils  ebauds  nous  a  permis  d’obtenir  les  six  composantes  du 
tenseur  de  Reynolds  dans  la  region  du  plan  YOZ  interessant  le  tourbillon. 


Les  correlations  u'v' ,,  v'w' ,  u'w'  sont  donnees  sur  la  figure  13  ;  nous  pouvons  remarquer 
que  les  trois  composantes  du  frottement  turbulent  &  I'lnterieur  du  tourbillon  sont  du  meme  ordre  de 
grandeur.  D'autre  part,  les  termes  u'v'  et  v'w'  presenteiit  un  changement  de  signal  franchement 
marque  au  tiers  environ  de  la  hauteur  du  tourbillon  suivant  Z.  L'evolution  de  ces  deux  quantites,  qui 
representent  les  composantes  du  frottement  turbulent  dans  le  plan  XOZ,  est  b  rapproeber  de  celle  des 

au  av  —  av  aw  - 

gradients  des  composantes  de  la  vitesse  moyenne  Pour  u'v'  et  pour  v'w'  ;  la  quantite 

—  av  au 

u'v'  presente  un  changement  de  signe  bien  que  le  terme  gradient  ^  soit  faible  devant  le  terme 
Le  terme  u'w' ,  caracterisant  le  frottement  dans  le  plan  XOY,  bien  que  lie  principalement  au  terme 

au 

gradient  r-  ne  prdsente  pas  de  changement  de  signe. 
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Sur  la  figure  14,  est  reprdsentee  revolution  des  trois  composantes  du  fiottement  turbulent 
suivant  une  direction  Z  =  cste  passant  par  I'axe  du  tourbillon  ;  nous  pouvons  observer  la  faible 
contribution  de  la  composante  u'v' dans  la  generation  du  frottement  sur  I'axe,  en  comparaison  des 
deux  autres  composantes  u'w'  et  v'w'. 


6  -  MESURES  AU  SEIN  DE  LA  COUCHE  LIMITE  EN  AVAL  DU  TOURBILLON 

Afin  de  sonder  la  couche  limite  aussi  prbs  de  la  paroi  que  possible,  le  capteur  utilise  est  une 
sonde  k  un  seul  fll  chaud. 

Les  sondages  oni  ete  effectues  dans  9  plans  de  mesure  suivant  X  X  =  200  mm  k 
X  =  600  mm  (fig.  15). 

La  couche  limite  a  ete  sendee  en  diverses  altitudes  Z  pour  une  station  X  donnee  en  aval  de  la 
ligne  de  recollement,  mais  aussi  pour  quciques  stations  situees  en  amont  de  celle-ci,  e'est-k-dire  dans 
te  tourbillon. 


Les  resultats  sont  exprimes  dans  un  reptre  OXYZ  (fig.  16)  lie  ^  la  ligne  de  courant  exterieure  ; 
OY  est  norma!  a  la  paroi  du  profil,  OX  est  tangent  h  la  ligne  de  courant  exterieure,  OZ  est 
perpendiculaire  ^  OX  et  OY. 


axe  tot/bllon 


(’■ig.  'A  ■  Repire  de  projection 
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6.1.  Champ  dfs  vilesses  moyennes 
e.la.  Vitess:  longitudinate 

Pour  U  cUite  de  I'expose,  nets  iie  presentons  que  les  rcsultats  rclatits  a  un  plan  de  itiesure,  en 
I’occurrerice  X  =  35i’  mm. 

Lea  crcitiis  de  vitesve  loiisiludinaic  dans  le  plan  de  mesure  X  -  550  mm  et  aux  diverses 
stations  ea  Z  sont  ptesentes  figure  17.  Nous  avom;  trace  d’uns  pan  iec  profiis  mesures  uniquement  au 
seifl  de  la  couche  limite  de  l  atle  et  d’autre  part,  les  pr^-tiis  mesiires  dans  la  couche  limite  et  dans  le 
touihill-o’),  11  est  interessaut  de  remuquer  quo  I'epaisseur  dc  la  couche  limite  diminue  lorsque  I'on  se 
rappror.he  de  la  ligne  ds  recollement,  c'esi-a-dire  lorsque  Z  crott ;  i  I'altitude  Z  =  i20  inm,  dans  une 


‘  T_ 
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region  proche  de  celle  du  recollement  (localisd  i  Z  =  130  mm),  la  couche  limite  a  une  dpaisseur  de 
1  mm  environ. 

La  zone  tourbillonnaire  est  parfaitement  ddtectde  par  un  accroissement  rapide  oe  la  vitessc 
dont  le  module  dans  la  pdriphdrie  de  cette  zone  devient  supdrieur  &  celui  de  la  vitesse  prise  comme 
rdfdrence  i  I’extdrieur  du  tourbillon,  au  niveau  de  I'axe  veine.  Cette  observation  d'une  couche  limite  it 
I'dpaisseur  fortement  diminude  pris  de  la  rdgion  de  recollement  du  tourbillon  est  valable,  quel  que 
soit  le  plan  de  mesure  oil  Ton  se  situe. 


Fie.  17  ■  Vitesse  longitudinate  dans  a)  la  couche  limite 

b)  la  couche  limite  et  le  tourbillon 


Ce  phdnomdne-lit  est  bien  inddpendant  du  chemin  parcouru  par  le  fluide,  en  d'autres  termes 
inddpendant  d'un  ”effet  Reynolds",  comme  en  tdmoigne  la  figure  18.  Sur  cette  figure,  nous  avons 
reportd  deux  grandeurs  susceptibles  d'etre  caractdristiques  de  I'dpaisseur  de  la  couche  limite 
immddiatement  en  aval  de  la  ligne  de  recollement  pour  les  diverses  stations  en  X  ; 

-  I'dpaisseur  5  de  couche  limite  pour  iaquelle  la  vitesse  locale  est  dgale  &  la  vitesse  extdrieure ; 


I'dpaisseur  Su'  pour  Iaquelle  la  valeur  RMS  de  la  fluctuation  longit'  !inale  de  la  vitesse  est 
dgale  it  3  %  de  la  vitesse  extdrieure. 


Exceptd  pour  la  premidre  station  de  mesure,  on  peut  dire  que  5  ou  5u'  reste  pratiquement 
constant  quel  que  soit  le  plan  X  considerd  et,  done,  quelle  que  soit  la  distance  AX  entre  le  point  de 
mesure  et  le  bord  d'attaque  de  I'aile ;  sur  la  figure  18,  nous  avons  associd  cette  distance  en 
pourcentage  de  corde  au  point  de  mesure  considdrd. 


200 


300 
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La  figure  19  pr6sente  une  analyse  des  profils  de  vitesse  k  I'aide  de  la  loi  logarithmique  de 
paroi,  k  partir  de  laquelle  nous  avons  ddduit  le  coefficient  de  frottement.  Dans  la  rdgion  situde  en  val 
du  recollement,  cette  loi  semble  exister  sur  une  portion  appreciable  de  la  couche  limite. 

La  figure  20  met  en  evidence  la  ddcroissance  du  coefficient  de  frottement  (deduit  de  la  loi 
logarithmique  de  paroi),  decroissance  oans  une  region  soumise  k  un  gradient  de  pression  positif. 
Notons  egalement  la  valeur  constante  du  coefficient  de  frottement  ^  la  station  de  mesure  situee 
immediatement  en  aval  du  recollement  dans  les  plans  de  mesure  concernes :  X  =  3S0,  400,  450  mm. 

Le  parambtre  de  forme  (donne  pour  quelques  stations  de  mesure  figure  21)  dvolue  peu  (H  ~ 
14  -  1,5)  excepte  dans  la  region  comprise  enire  X  =  300  et  350  mm. 


Z=60mm 


Z=80mm 


LogY 

Z=120nnm 


I 


Fie.  19  ■  Analyse  de  la  loi  logarithmique  de  ,  nroi 


Fie.  20  -  Evolution  du  coefficient  de  frottement 


11  est  interessant  d'observer  revolution  du  parametre  de  forme  immediatement  b  I'aval  du 
recollement  (fig.  22) ;  dans  la  premibre  region  de  I'aile,  e'est-b-dire  entre  X  =  200  et  300  mm,  le 
parambtre  de  forme  semble  croitre  bien  que  sa  determination  b  la  station  X  =  300  mm  paraisse 
entachee  de  quelque  imprecision  experimentale ;  tout  au  long  de  la  ligne  de  recollement,  depuis 
X  =  350  mm  jusqu'b  X  =  600  mm,  il  garde  une  valeur  pratiquement  constante  et  voisine  de  1,6. 


Fie.  21  -  Evolution  du  paramitre  de  forme 


Fif. 


22.  •  Evolution  du  paramitre  de  forme 
en  aval  de  la  ligne  de  recollement 


Fie.  23  -  Evolution  de  Re  suivant  X 


On  petit  ^gnlcmcnt  remarquer  (Hg.  23)  Que  Ic  nombre  dc  Reynolds  Ro  formf  avec  I'^paisseur 
de  quantiti  de  mouvement  reste  faible  aux  stations  en  X  ou  il  est  mesuri  (X  =  300,  400,  500  mm), 
eu  igard  au  fait  qu'il  est  cens£  caractiriser  tin  icoulement  turbulent. 

La  diminution  do  Re,  lorsque  Z  augmente,  est  en  accord  avec  une  diminution  du  coefficient  de 
frottement  lorsque  Z  diminue ;  ceci  correspond,  en  fait,  &  un  "effet  Reynolds",  lid  &  la  variation  du 
trajet  turbulent  depuis  le  bord  d'attaque  du  profit  jusqu'i  la  station  de  mesure  suivant  la  ligne 
Z  =  cste  considdrde. 

II  est  dgalement  intdressant  de  remarquer  que  les  diffdrentes  courbes  se  regroupent  assez  bien 
par  translation ;  ceci  montre  que  la  couche  limite  (par  la  valeur  de  son  dpaisseur  de  quantitd  de 
mouvement  6)  dvoloe  de  fafon  identique  &  partir  de  la  ligne  de  recollement,  quelle  que  soit  la  station 
de  mesure  considdrde. 

6.1b  Vitesse  transversale 

Aprds  analyse  des  profils  de  vitesse  transversale  (fig.  24),  on  consute  que  les  effets 
tridimensionnels  sont  pen  marquds  1  I'aval  de  la  ligne  de  recollement ;  aux  points  de  mesure  les  plus 
proches  de  la  paroi,  la  vitesse  transversale  atteint  environ  10%  de  la  vitesse  extdrieuie. 
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Cette  observation  est  d'ailleurs  confirmde  par  la  visualisation  paridtale  de  I'dcoulement  qui 
n'indique  des  effets  triditnensionnels  importants  que  dans  la  zone  confinfe  entre  le  bord  d'attaque  du 
profii  et  la  ligne  de  recollement  .du  tourbillon,  ainsi  que  dans  une  rdgion  tres  proche  du  bord  de  fuite. 

Lorsque  Z  est  suffisamment  dievd  pour  que  Ton  se  siiue  en  amont  de  la  ligne  de  recollement, 
les  vitesses  transversales  deviennent  nettement  plus  importantes  et  leurs  profils  prennent  la  forme 
de  ceux  rencontrds  dans  un  dcoulement  tourbillonnaire. 


Fie.  24  ■  Profils  de  viiesse  transversale 


6.1c  Profils  de  vitesses  en  representation  polaire 

L'dvolution  des  proflls  de  vitesses  suivant  X  a  une  altitude  Z  =  cste  est  dgaiement  donn^e  sous 
forme  polaire  (fig.  25). 

On  peut  observer  un  changement  de  signe  ainsi  qu'une  tendance  vers  une  deformation  en  "S" 
de  ces  profils  lorsque  X  croit.  Le  changement  de  signe  des  vitesses  transversales  est  lie  au  changement 
d'etat  negatif-positif  du  gradient  de  pression  et  s'effectue  avec  un  certain  retard  par  rapport  a  cc 
dernier.  La  figure  26  montre  la  courbure  trbs  marquee  que  presentent  les  lignes  de  courant 
exterieures. 


S 
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Les  profils  polaires  au  niveau  de  la  ligne  de  recollement  (fig.  27)  prdsentent  un  changement  de 
signe  tris  net  i  partir  de  la  station  X  =  350  mm ;  I'influence  du  gradient  de  pression  sensible  i  la 
distance  separant  le  point  de  mesure  du  bord  d'attaque  du  profii  n'est  certainement  pas  Stranger  h  ce 
fait. 

6.2.  Champ  turbulent 

La  faible  dpaisseur  de  la  couche  limite  dans  la  region  proche  du  recollement  interdit  I'intrusion 
au  sein  de  celle-ci  de  toute  sonde  autre  qu’une  sonde  an6mom6trique  1  1  fil ;  de  fait,  une  seule 
composante  du  tenseur  de  Reynolds  peut  £tre  d6termin6e :  la  fluctuation  longitudinale  de  la  vitesse. 

Les  proflls  de  la  fluctuation  longitudinale  de  la  vitesse  sont  repr6sent6s  figure  28. 

Le  maximum  de  la  quantity  ^  u'2  /Ue  varie  trbs  peu  quelle  que  soit  la  station  de  mesure  et  la 
ligne  Z  =  cste  considdrdes ;  ce  niveau  est  relativemeni  peu  61ev6  puisque  seulement  voisin  de  8  %. 

L'incursion  dans  la  zone  tourbillonnaire  est  rapide'ment  signalde  par  une  modification  du 
niveau  des  fluctuations  longitudinales  de  la  vitesse  et  de  la  forme  de  leurs  profils  associds. 


16-16 


ZsIlOmm 


5^ 


15-17 


7  -  CONCLUSION 


La  premiire  panic  de  I'dtude  expdrimentale  concernant  la  caractdrisation  de  rfcaulement 
autour  d'une  aile  en  fl&che,  a  consiste  en  une  analyse  de  rdcoulement  dans  la  rdgion  du  coin  dilimitee 
par  I'aile  et  le  plancher  de  la  veine ;  nous  n'avons  pas  observd  dans  cette  region  de  ph£nom&ne 
paniculier  comme,  par  example,  la  presence  d'un  tourbillon  en  fer  i  cheval  rencontrd  dans  le  cas  de 
I'aile  droite. 


La  seconde  panic  de  I'etude  expdrimentale  a  eu  pour  but  d'analyser  le  comportement  d'une 
couche  limite  se  d£veloppant  en  aval  d'un  tourbillon  de  bord  d'attaque  sur  une  aile  en  fl&che  et  en 
incidence. 


Des  mesures  de  vitesses  moyennes  et  de  turbulence  ont  ii6  r£alis£es  i  I'aide  de  I'andmomdtrie 
ni  chaud  dans  le  tourbillon  ainsi  que  dans  la  couche  limite  imm£diatement  en  aval  de  la  ligne  de 
recollement. 


Nous  avons  pr£sent£  quelques  rdsultats  typiques  et  essentiels  de  mesures  rdalisdes  dans  le 
tourbillon  afin  qu'apparaisse,  de  fafon  plus  frappante,  le  contraste  existant  au  niveau  de  la 
tridimensionnaliti  et  de  la  turbulence  de  part  et  d'autre  de  la  ligne  de  recollement. 


La  principale  observation  que  nous  pouvons  rapporter  est  la  faible  dpaisseur  de  la  couche 
limite  au  voisinage  de  la  ligne  de  recollement. 


Nous  avons  aussi  notd  que  la  loi  logarithmique  de  paroi  existait  sur  une  portion  appreciable  de 
la  couche  limite  bien  que  les  profits  de  vitesse  soient  nettement  ddformes  dans  la  rdgion  proche  du 
raccordement  avec  la  loi  u+  =  y+. 


D'autre  part,  les  effets  tridimensionnels  sont  peu  marquis  immidiatement  en  aval  de  la  ligne 
de  recollement.  Lorsque  t'on  s'iloigne  de  la  ligne  de  recollement,  les  profits  de  vitesse  en 
representation  polaire  se  deforment ;  uti  changement  de  signe  des  vitesses  transversales  apparait. 


Nous  avons  igalement  observe  que  la  couche  limite  prisentait  des  niveaux  de  turbulence  du 
mSme  ordre  de  grandeur  que  ceux  d'une  couche  limite  turbulente  classique  meme  au  voisinage  de  la 
ligne  de  recollement. 


II  semblerait  done  que  tridimensionnalite,  turbulence,  cisaillement,  viatiques  incontestis  de 
I'agitation  tourbillonnaire,  demeurent  confines  dans  cette  rigion  de  I'aile  ou  nait  et  se  diveloppe  le 
tourbillon  de  bord  d'attaque,  de  telle  sorte  que  la  couche  limite  semble  subir  comme  une  regeneration 
it  partir  de  la  ligne  de  recollement. 
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RESUME 

La  connaissance  de  I’dcouleaent  qui  s*4tabXit  autour  d‘un  fuselage  en  incidence  est  d'une  importance 
primordiale  pour  la  provision  des  caractdristiques  a^rodynaaiques  des  missiles. 

Dans  ce  contexte,  une  6tude  expdriaentale  a  dt6  r^alisde  &  la  soufflerie  S2MA  de  1*0NERA  pour  des 
nosbres  de  Mach  de  0^8  4  et  des  incidences  allant  jusqu'4  20^.  Les  sesures  effectu^es  4  I'aide  de 
sondes  5  trous  ont  perms  de  restituer  les  caract4ristiques  locales  de  1  *4coulei&ent  :  vecteurs  vitesse, 
noabre  de  Mach  local  et  pression  d*arret  locale. 

A  partir  de  la  banque  de  donn4es  ainsi  constitute,  une  caracttrisation  des  tourbillons  qui  se 
dtveloppent  4  I'extrados  du  fuselage  a  ttt  sente  (position,  intensitt,  taille  du  noyau  visqueux)  et  une 
fiodtlisation  du  chasp  atrodynaaique  baste  sur  des  tourbillons  filasent  4  noyau  visqueux  a  ttt  etablie. 

Les  execples  d'application  de  cette  modtlisation  aontrent  la  ntcessitt  de  prendre  en  coapte  ces 
tourbillons  dans  les  atthodes  de  prtvision,  si  I'on  veut  estiaer  correcteaent  les  perforaances  des 
aissiles. 


ABSmCT 

The  knowledge  of  vortex  flowfield  around  body  at  incidence  is  of  pnaordial  importance  for  the 
prediction  of  aissile  aerodynaaic  characteristics. 

In  this  context,  an  experiaental  study  was  conducted  in  the  ONERA  S2MA  wind  tunnel,  for  Mach  nuabers 
0.8,  1.5,  2.0  and  3.0  and  angles  of  attack  up  to  20^.  The  five  hole  probes  measurements  gave  the  local 

characteristics  of  the  flow  such  as  the  transverse  velocity  vectors,  the  local  Mach  numbers  and  the  local 
stagnation  pressures. 

From  the  large  data  base  generated,  the  position,  strength  and  core  radius  of  the  vortices  are 
analysed  and  a  modeling  of  the  flowfield  based  on  viscous  vortices  is  described. 

Some  applications  of  this  model  to  missile  aerodynamics  are  presented.  They  clearly  show  the  need  to 
take  into  account  the  nose  vortices  in  engineering  methods  for  good  performance  predictions. 


1  -  IWTIODUCTIOll 

La  connaissance  de  l*dcoulenent  tourbillonnaire  qui  s'4tablit  autour  d’un  fuselage  en  incidence  est 
d’une  importance  primordiale  pour  la  provision  des  efforts  a4rodynamiques  de  voilures  montdes  sur 
fuselage  et  pour  la  provision  des  performances  de  prises  d’air  de  missiles  supersoniques. 

De  nombreuses  dtudes  expdrimentales  relatives  4  ce  probldne  ont  d4j4  4td  effectudes,  mais  les 
rdsultats  publids  [1],  [2]  ou  C3]  sont  souvent  limitds  et  pas  toujours  cohdrents  entre  eux,  I'objectif 
recherchd  n'dtant  aussi  pas  toujours  le  meme. 

Dans  le  but  de  faire  une  moddlisation  des  tourbillons,  aussi  simple  mais  rdaliste  que  possible,  et 
pour  un  grand  domaine  de  nombres  de  Mach,  la  ndcessitd  est  apparue  de  constituer  une  large  base  de 
donndes. 

Avec  l*appui  des  Services  Officiels  frangais  (DSN/STET),  une  dtude  expdrimentale  a  dtd  rdalisde  4  la 
soufflerie  S2KA  de  l*ON£RA  pour  des  nombres  de  Kacb  de  0,8  4  3,0  et  des  incidences  allant  jusqu*4  20^. 

Les  aesures  effectudes  ont  pernis  entre  autres  de  caraetdriser  la  position  et  I'intensitd  des 
tourbillons  mais  aussi  la  taille  de  leur  noyau  visqueux  et  les  pertes  de  pression  d'arrdt  en  leur  coeur. 

L'objet  de  cette  communication  est  de  prdsenter  ces  divers  rdsultats,  la  moddlisation  du  champ 
adrodynamique  dtablie  4  partir  de  ces  rdsultats,  et  quelques  exeaples  d* application  aux  performances  des 
aissiles. 
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a  :  rayon  du  fuselage 
C«  :  portance  d*une  vorlure 
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D  :  diam^tre  du  fuselage  | 

Ko  :  noabre  de  Mach  ^  I’lnfinx  aaont 

pio  :  pression  d' arret  4  I'lnfinx  aaont 

pia  :  pression  d'arret  au  coeur  des  tourbillons 

qo  :  pression  dynaaique  de  l'4couleaent  4  aaont 

qi  :  pression  dynaaique  locale 

qa  :  pression  dynaaique  au  coeur  des  tourbillons 

r  :  distance  4  I'axe  du  fuselage 

rt  :  distance  des  tourbillons  4  I'axe  du  fuselage 

rv  :  rayon  du  noyau  visqueux  des  tourbillons 

X  :  distance  depuis  le  nez  de  1 ‘ogive 

Xs  :  afascisse  de  I'origine  des  tourbillons 

V«  :  Vitesse  de  I'ecouleaent  4  1' inf mi  aaont 

a«  :  incidence  du  fuselage 

Qi  :  incidence  locale  de  I'^couleaent  (voir  fig.  2) 

:  d4rapage  local  de  I'^couleaent  (voir  fig.  2) 
fo  :  intensity  des  tourbillons  (circulation) 

Tto2  :  rendeaent  de  la  prise  d'air 

w  :  rotationnel  local 

0  :  position  aziautale 

0t  :  position  aziautale  des  tourbillons. 


3  -  VmZ  gXPKRIMElfTAIig 

Les  essais  ont  4t4  r^alis4s  4  la  soufflerie  SzMA  de  I'ONERA  sur  une  aaquette  coapos6e  d'une  ogive 
paraboXique  d'allongeaent  3  t  d'un  cylindre  de  12  calibres  de  longueur  et  de  diaa4tre  4gal  4  100  aa 
(figure  1) . 


Les  aesures  ont  4t4  effectudes  4  I'aide  de  lO  sondes  an^aoclinobaroadtriques  4  5  trous  de  diaa4tre  3 
aa  (figure  2)  r4parties  sur  un  peigne  4  4  branches  (figure  1).  Le  peigne  est  aotoris4  en  roulis  et  les 
acquisitions  ont  4t4  faites  sur  360°  de  roulis  avec  un  pas  de  5°,  ce  qui  correspond  4  la  grille  de 
sondage  pr4sent4e  figure  2. 


I 


figure  1  -  dispositif  expdrieental  figure  2  -  grille  de  sondage  et  sonde  5  trous 


Pour  estiner  plus  prdciseiutent  les  caractdristigues  des  tourbillons  (position,  intensity,  ...),  les 
aesures  expdrinentales  ont  ensuite  dtd  interpoldes  sur  une  grille  plus  fine  et  rdgulidre  ;  a  =  2,5°  et 
r/n  =  «,«5. 


bes  sondes 
<  01  <  4«», 


i  5  trous  ont  dtd  dtudides  et  dtalonndes  d  I'ONESA  dans  le  doaaine 
0  <  5i  <  40°,,  suivant  une  technique  prOcisde  dans  la  rdfdrence  £41. 


~  i 


A  partir  des  lois  d'^talonnage,  il  est  axnsi  possible  de  restituer  rorientation  du  vecteur  vitesse 
(a:,  ?t),  le  noobre  de  Mach  local  et  la  pression  d'arret  locale. 

Les  nombres  de  Mach  considdr^s  dans  cette  6t*ide  sont  :  0,8/l,5/2*C  et  3,0  pour  des  nonbres  de 
Reynolds,  rapportds  au  diam^tre  du  fuselage,  voisins  de  10*.  Afin  d'assurer  un  dcoulement  turbulent  sur 
toute  la  maguette,  la  transition  de  la  couche  linite  a  dtd  ddclenchde  par  des  bandes  de  grains  de 
carborundum  placdes  sur  la  pointe  de  1 'ogive. 

4  -  ANALYSE  DES  RESULTATS 

4,1  -  Descrij?X?-Pi'  A®  I'dcoulement 

Aux  trds  faibles  incidences,  I'dcoulement  incident  contourne  le  fuselage  sans  ddcoller  (exemple  : 
Oo  =  5®,  X/D  =  3,  figure  3)  et  ses  caractdristiques  peuvent  etrc  ddcrites  par  la  thdorie  lindarisde  du 
potentiel. 


Mo  =  2,0 


Co  =  15*  , 


figure  3  -  vectcurs  vitesse  transverse 


Aux  incidences  moddrdes,  sous  I’effet  des  gradients  de  pression  positifs,  I'dcoulement  ddcolle  A 
I'extrados  du  fuselage,  pour  engendrer  deux  tourbillons  contrarotatifs  (exeaple  a»  =  15“,  X/D  =  9,  figure 
3).  Outre  I'aspect  rotationnel,  or.  note  dans  ces  zones  tourbillonnaires  une  chute  inportante  de  la 
pression  d'arret  locale  et  de  la  pression  dynanique  locale  (figure  4),  qu'il  est  laportant  de  prendre  en 
conpte  dans  les  prograanes  de  noddlisation,  car  coame  on  peut  le  voir  dans  1 'exeaple  prdsentd,,  il  ne 
reste  plus  que  35%  de  la  pression  d'arret  infini  aaont. 

Au  fur  et  A  aesure  que  I'lncidence  crolt,  ou  que  I'on  s'Aloigne  du  nez  du  fuselage,  la  zone 
tourbillonnaire  prend  de  I'aapleur  en  espace,  puis  a  tendance  A  se  ddsorganiser  A  partir  de  20° 
d' .ncidence,,  en  particulier  en  supersonique  (figure  5).  L'aspect  circulaire  des  tourbillons  que  I'on 
pouvait  noter  prAcAdeaaent  a  disparu,  et  ceux-ci  sont  plus  allongAs  vers  I'extrados,  avec  des  niveaux  de 
rotationnel  aoins  AlevAs,  aais  plus  AtalAs  (exeaple  du  cas  K.  =  2  a«  •  20“). 

Mo  =  2.0  oo  =  10*  X/D  =  12 


Pression  d'arrdt 


Pression  dynamique 


figure  4  -  distributions  de  pressions  d'arrdt 
et  dynanique 

4.2  -  Abscisse  de  dApart  des  tourbillons 


figure  5  -  distributions  du  rotationnel 


Coaae  on  le  verra  plus  loin,  les  caractdristiqnes  des  tourbillons  sont  fonctions  de  la  longueur  de 
ddveloppenent  de  la  nappe,  ce  qui  nAcessite  de  connaltre  I'abscisse  Xs  A  partir  de  laquelle  elle  s'est 
foraAe. 

Pour  cela  deux  techniques  peuvent  etre  utilisAes  ; 

soit  A  partir  de  visualisations  pariAtales  des  lignes  de  courant  ;  dans  ce  cas  Xs  peut  Atre  considArA 
coaae  Atant  I'origine  de  la  ligne  de  dAcollenent  ; 
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soit  4  partir  4e  I'exanen  des  vecteurs  vitesse  dans  des  plans  transversaux  ;  on  suppore  alors  que  d4s 
que  I’oD  observe  des  courants  de  retour  dans  l*4couleaient  transversal  la  nappe  a  pris  naissance. 


II  faut  noter  que  les  deux  techniques  conduisent  4  une  certaine  imprecision  Ix^e  4  1* interpretation 
difficile  des  assures  experimentales  au  voisinaqe  du  decolleaect  naissant. 

En  l*absence  de  visualisations  des  lignes  de  courant  pour  cette  etude,  la  deuxieme  technique  a  ete 
utilises  ici,  et  les  resultats  sont  presentes  figure  6.  On  note  evideoment  que  plus  1* incidence  augmente, 
Dlus  les  tourbillons  se  developpent  tot,  mais  l*abscisse  de  depart  des  tourbillons  seable  independante  du 
nosbre  de  Mach. 


figure  6  -  abscisse  de  depart  des  tourbillons 


4.3  -  Position  des  tourbillons 


La  position  des  tourbillons  a  ete  deteremec  coime  etant  le  lieu  oil  le  rotationnel  est  aaxinal.  Ce 
point  correspond  aussi  aux  ninisa  de  pression  d'arret  et  de  pression  dynanique. 

Les  coordonnees  des  tourbillons  sont  presentees  figures  7  et  8  en  coordonnees  polaires,  plutdt  qu'en 
coordonn4es  cartesiennes,,  ce  qui  peraet  d'obtenir  une  neilleure  correlation  avec  les  parametres  d’essais. 


figure  7  *  position  des  tourbillons  eo  subsoaique  figure  8  position  des  tourbillons  en  supersonique 


Au  fur  et  4  nesure  que  X  ou  a*  augsente,  les  tourbillons  s'dcartent  du  fuselage  et  la  oeilleure 
correlation  entre  leur  traiectoire  et  les  parametres  d*essai5  est  obtenue  en  considerant  des  lois  : 

X  —X 

f,/D  ,9,  -/<— ^  rino^ 

<1 

On  remarque  ainsi  que  l*angle  polaire  relatif  4  leur  position,  0t ,  reste  voisin  de  70^,  et  qu*il  y  a 
peu  d*influence  du  noobre  de  Mach  en  supersonique  sur  leur  position.  Cependant.  les  tourbillons 
s'eioignent  noins  vite  du  fuselage  en  subsonique  qu'en  supersonique.. 


4.4  -  Intensite  des  tourbillons 


Co&pte  tenu  du  caraetdre  visqueux  des  tourbillons,  ceux^ci  doivent  dtre  ddfinis  par  au  aoins  deux 
grandeurs  caraetdristiques  coaae  leur  intensite  (circulation  globale  ou  rotationnel  naxi  au  coeur)  et  la 
taille  de  leur  noyau  visqueux. 

La  circulation  r«  peut  etre  deterainde  par  integration  des  vitesses  sur  un  contour  suffisaaaent  grand 
autour  du  tourbillon.  Les  valeurs  obteoues  sont  prdsentdes  figure  9  o4  I'on  renarque  que  la  circulation 
augmente  rdgulierefient  avex  X  ou  et  comae  pour  leur  position,  avec  des  niveaux  plus  faibles  en 
subsonique  qu'en  supersonique. 
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Mo  <  1 


1,0 


0,51 


2  na  Vo  Sin 

y 

/ 


/ 


X-Xs 


X'D 
♦  6 
o  9 
A  12 
^  15 

■  Sin  Oo 


10 


Mo  >  1 


figure  9  -  circulation  des  tourbillons 


En  ce  qui  concerne  leur  caract^re  visqueux,  si  l‘on  consid^re  que  la  distiibution  du  rotationnel  est 
de  type  gaussien  : 

ce  qui  est  assez  bien  vdrifi^  expdrimentaleaent  (figure  10)  tant  que  les  tourbillons  restent  bien 
organisds,  alors  le  rayon  visqueux  (rv)  est  difini  coaoe  dtant  la  distance  oil  la  vitesse  induite  V  est 
maxioale. 


i 


alors  : 


ce  qui  pernet  de  ddduire  le  rayon  Tisqueua  des  valeurs  de  la  circulation  To  et  du  rotationnel  «>  par  : 


l,7^6ro 

TKOO 


ExpfcriBentalexent,  i  partir  des  vecteurs  vitesse  transverse,  il  est  facile  de  calculer  le  rotationnel 
axial  : 


dtv  dv 

IV  •  — - 

dy  dz 

et  d'en  ddduire  le  rotationnel  aaxi  co,  au  coeur  des  tourbillons. 


Kota  :  On  suppose  ici  que  les  tourbillons  sont  peu  inclinis  par  rapport  i  I'axe  du  fuselage  aoins  de  6° 
d'aprds  les  trajectoires  prdsentdes  figures  7  et  8. 
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Les  Taleurs  des  rayons  visqueux  ainsi  obtenues  sont  prdsentdes  figures  11  et  12.  En  fonction  des 
diffdrents  parandtres  d'essai,  on  observe  que  leur  taille  augnente  rdgulidrement  au  fur  et  k  mesure  que 
les  tourbillons  se  ddveloppent,,  et  ce  d'autant  plus  rapideaent  que  M<  est  grand. 


Mo  =  1.5 


0,4 

0,3 

0,2 

0,1 


r„/D 


Mo  =  0.8 

x/do.s 

-  *  ®  0,4 

o  12  0.3 
.  «  15 

X  -  Xs  «.2 

— ^  Sin  oo 

0,1 


rJD 


sin  00 


5  10  0  5  10 

figure  11  -taille  du  noyau  visqueux  pour 
Ko  =  e,8  et  1,5 


2.0 


/  X/D  0.5 
♦  5 
o  9 
A  12 
«  15 


0.4 

0.3 

0.2 

0,1 


r^/D 


/ 


X,D  0.5i 

,  “  o 

/  O  9 

'  “  *12  0,3i 

X  15 

X  -  X.. 

0.1 


rv/D 


Mo  =  3,0 

/ 

V 


X.Xs 


-  sin  Oo 


)  6  10  0  5  10 

figure  12  -taille  du  nbyau  visqueux  pour 
Mo  =  2  et  3  ' 


Coame  nous  I'avons  vu  pr^c^deaiitent,  pour  les  granoes  valeurs  de  X  et  o«  les  tourbillons  sont  asset 
allongds  vers  l*extrados  (figure  S),,  aussi  le  calcul  du  rayon  visqueux  utilisd  ici,  basd  sur  le 
rotationnel  maxiDal  et  la  circulation  globale«  donne  en  quelque  sorte  une  valeur  noyenne  dans  I'espace  de 
sa  taille. 


4-5  -  Pertes  de  pression 

Lors  de  la  description  de  1‘dcouleaent  qui  s'etablit  autour  du  fuselage,  nous  avons  observd  des 
pertes  de  pressions  d'arret  et  dynamique  trds  laportantes  au  sein  des  tourbillons  (figure  4). 

Les  Diniaa  de  pression  relevds  sont  quasiment  inddpendants  de  X  et  qo  (figure  13),  autreaent  dit 
de  I'lntensitd  des  tourbillons,,  mais  sont  essentiellement  fonctions  du  nombre  de  Mach  H«  (figure  14). 


Mo  < 

I  '  i -  I  ►  5. 

figure  14  -pressions  d'arret  et  dynamique  ninisales  123  ,  t 

,  t 

i  I 

■  i 

5  -  MODELISATIOW  DE  L * gCOULBfEWT  TOUHBILLOWWAIRE  ] 

5.1.  Principe  • 


Un  des  buts  de  cette  dtude  expdrimentale  dtant  1* amelioration  des  rndthodes  de  prediction  des 
coefficients  adrodynamiques,  et  plus  particulidrement  du  programme  MISSILE  C53,  une  moddlisation  est 
proposde  et  quelques  exemples  d'application  sont  ensuite  prdsentds.. 


Dans  les  rndthodes  de  prediction,  le  champ  des  vitesses,  ndcessaire  au  calcul  de  la  portance  d'une 
voilure  ffiontee  sur  fuselage,  est  ddfioi  k  partir  de  la  solution  de  I'ecoulement  potentiel,  k  laquelle  on 
ajoute  la  contribution  des  tourbillons,  soit  d'aprds  le  schema  de  la  figure  15  ; 


En  assimilant  les  zones  tourbillonnaires  i  des  tourbillcns  k  noyau  visqueux,  de  longueur  infinie, 
parall^les  k  l*axe  du  fuselage,  la  distribution  des  vitesses  transversales  induites  est  d’apr^s  la  loi  de 
Biot  et  Savart  donn^e  par  les  relations  : 


Av,.X— 


1-e 


0.796/-; 


g^Ur'f 


oO  1  «  1.4  est  relatif  aux  deux  tourbillcns  principaux  et  k  leurs  images  respectives  n^cessaires  pour 
respecter  la  condition  de  glissement  k  la  paroi. 

Par  ailleurs,  on  suppose  dans  cette  mod^lisation  que  les  tourbillcns  n'ont  pas  d'lnfluence 
sensible  sur  la  vitesse  longitudinale.,  soit  Am  »  z,  ce  qui  est  assez  bien  vdrifid  expdrimentalement. 

A  partir  de  la  connaissance  de  la  position  et  de  I'lntensitd  des  tourbillcns,  le  champ  des 
vitesses  est  ainsi  parfaitement  ddfini,  et  done  les  incidences  et  ddrapages  locaux. 

Des  comparaisons  entre  le  module  exposd  ci-dessus  et  1' experience  sont  prdsentdes  figures  16  et  17 
pour  1* incidence  locale  et  le  ddrapage  local  respectivement. 


I 
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On  reoarque  que  le  module  proposd/  avec  tourbillona  4  noyau  visqueux.  reprdsente  trds  bien  la 
champ  des  incidences  et  ddrapages  locaux. 

Parmi  les  autres  caractdristiques  de  l*dcoulement  :  Ki ,  Pii  #  Qi ,  seule  une  moddlisation  de  la 
pression  dynamique  locale  et  de  la  pression  d*arr4t  locale  a  dtd  effectude  . 

En  effet  si  l*on  observe  ces  grandeurs,  moyenndes  par  exemple  sur  1‘envergure  d'une  voilure  de 
hauteur  ID,,  on  note  : 

-*  que  le  nombre  de  Mach  local  noyen  n'dvolue  que  de  ±  10%  ce  qui  compte  tenu  des  gradients  des 
coefficients  adrodynamiques  en  fonction  du  Mach  peut  dtre  considdrd  conne  ndgligeable  pour  ces  mdthodes 
de  calcul  ; 

-  que  les  pressions  d'arrdt  et  dynamique  locales,  moyennes,  dvoluent  dans  des  proportions  beaucoup  plus 
inportantes.  en  particulier  au  sein  des  tourbillons. 

Les  distributions  de  pression  d'arrdt  ou  dynanique  ont  dtd  prises  en  compte  sous  la  forne  de 
distribution  gaussienne  (comne  pour  le  rotationnel)  soit  par  exemple  pour  la  pression  dynamique  : 

- )|e  ♦e  1 

o4  n  et  tt  sont  les  distances  du  point  considdrd  aux  deux  tourbillons  principaux  et  qa/q»  la  pression 
mininale  au  coeur  des  tourbillons. 

Cette  moddlisation,  bien  que  trds  schdnatique,,  reprdsente  assez  bien  la  rdalitd  comme  le  nontre  la 
figure  18. 


1 


! 

j 


Le  premier  exemple  d'application  de  cette  moddlisation  est  relatif  4  I'dvolution  de  la  portance  d'une 
voilure  en  fonction  de  sa  position  en  roulis  sur  le  fuselage  (figure  19). 

ll  met  nettement  en  dvidence  la  ndcessitd  de  prendre  en  compte  ces  tourbillons  si  I'on  veut  estimer 
correctement  la  portance  de  la  voilure  lorsque  celle-ci  se  trouve  4  I’extrados  du  fuselage,  et  en 
particulier  1* inversion  de  signe  du  Ck  au  voisinage  des  tourbillons. 

Le  deuxidne  exemple  d'application  est  relatif  au  rendeaent  d'une  prise  d'air  supersonique  montde  sur 
un  fuselage,  du  cotd  extrados. 

La  figure  20  aontre  d'une  part  les  performances  d'une  prise  d'air  axisyndtrique  placde  en  incidence 
dans  un  champ  uniforme  4  M«  «  2,  et  d'autre  part  les  performances  de  celle-^ci,  installde  sur  le  fuselage. 

fn02  Mo  =  2 

Prise  d'air  Isolde  \  f*} 

~ — ^ 


Cn 

/  ^ 
u 

j 

\  >  o2|y 

/  0,5- 

\ 

1  Mach  =  2 

j  Incidence  =  20* 

\\4> 

-45  ( 

.  4  5 

Essais :  a- - a 

Sans  rinfluence  des  tourbillons 
Calculs  {  du  fuselage 

Avec  2  tourbillons  &  noyau  visqueux 

figure  19  -portance  d'une  aile  nontde  sur  fuselage 


Calcul - 

Prise  d’air  sur  le  fuselage 


”0 


figure  20 


10 

rendeaent  d'une  prise  d'air 
supersonique. 


s  • 


'I 

-I-- 


I 
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L'lnportante  chutfc  de  rendemefit  en  fonction  de  l‘incidence  que  l*on  note  sur  cette  fiqure,  peut  tr^s 
bien  etre  Rod61is4e  par  calcul  si  I'on  tient  compte  de  l*6coulement  local  et  en  particulier  de  la 
presence  des  tourbillons  pour  ce  cas  particulier. 


6  -  CONCLUSION 

4 

Ces  sondages  de  I'dcoulement  autour  d'un  fuselage  en  incidence  ont  dtd  rdalis^s  pour  une  large  plage  ' 

de  noDbres  de  Kach  (0.8  h  3,0)  et  d'lncidences  (0  k  20*’). 

11s  ont  perms  de  con^tituer  une  isportante  banque  de  donn^es,  k  partir  de  laquelle  un  moddle 
ddcrivant  le  chanp  aerodynamque  au  voisinage  des  tourbillons  a  did  dtabli.. 

Cette  dtude  expdrinentale  a  perais  d'andliorer  les  mdthodes  de  prddiction  des  performances  de 
missiles,,  mais  est  aussi  d'une  grande  utilitd  pour  la  validation  des  mdthodes  numdnques. 

Pour  ces  dernidres,  la  connaissance  prdcise  de  I'dcoulenent  au  voisinage  des  lignes  de  ddcollement 
est  primordiale,  et  devrait  faire  I'objet  d'dtudes  coupldmentaires,,  cosme  par  exe&ple  un  sondage  de 
couche  limite,  qui  apporterait  de  prdcieux  renseignements  sur  les  mdcanisaes  de  formation  des  nappes 
tourbillonnaires. 
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ASYMMETRIC  VORTEX  FLOW  OVER  CIRCULAR  CONES 

by 

M.Pidd 
J.  H.  B.  SmAh 

Aerodynamics  Department 
Royal  Aerospace  Establishment 
Famborough,  Hampshire,  GU14  STD  UK 


1  INTRODUCTION 

This  paper  presents  an  update  on  earlier  RAE  work  on 
the  formation  of  asymmetric  vortices  from  slender  pointed 
bodies  at  large  angles  of  incidence.  The  emphasis  is  on 
theoretical  and  experimental  work  on  flow  over  circular 
cones. 

The  theoretical  work  began  with  the  generalisation  of 
Bryson's  model^  for  symmetrical  vortex  flow  over  bodies  of 
revolution  to  flows  with  lateral  asymmetry.  We  formulated 
the  model  for  asymmetric  vortex  flow  over  circular  cones 
using  slender-body  theory,  with  arbitrarily  chosen,  straight 
separation  lines,  and  the  single  line-vortex  model  of  the 
separated  flow.  We  looked  for  conical  solutions,  in  which 
the  line-vortices  are  straight,  and  eventually  found  a  family 
of  asymmetrical  solution^.  Whan  the  separation  lines  are 
placed  symmetrically  on  either  side  of  the  incidence  plana, 
the  symmetric  solutions  of  Bryson  occur,  and  the  asym¬ 
metric  solutnns  then  bifun»te  from  this  symmetric  branch 
of  solutions.  The  solutions  depend  only  on  the  angular 
posAkm  of  the  separation  lines  and  on  the  incidence  para¬ 
meter  defined  as  the  ratio  of  the  angle  of  inckfence  to  the 
semi-angle  of  the  cone.  At  values  of  the  incidence  para¬ 
meter  above  that  at  which  brfurcation  occurs,  a  side  force  is 
predicted.  This  grows  rapidly  wAh  the  inddenca  parameter, 
reaching  values  comparable  wAh  the  normal  force,  even 
though  the  separation  lines  are  placed  symmetrically.  QuAe 
large  asymmetries  in  the  posAions  of  the  separation  lines, 
on  the  other  hand,  perturb  the  symmetric  flow  relatively 
lAtla.  This  work  pointed  to  an  inviscid  mechanism  for  the 
observed  side-force  on  slender  pointed  bodies. 

This  early  work  was  followed  by  calculations  using  the 
more  realistic  vortex-sheet  model,  developed  previously  for 
symmetric  flow  on  wings^  and  bodies^.  This  retains  the 
framework  of  slender-body  theory,  separation  is  stAI  ^leci- 
fied  along  arbArarily  chosen  straight  lines,  and  the  restric¬ 
tion  to  conical  flow  is  retained.  This  work  confirmed  the 
conclusions  reached  previously  about  the  primary  role 
played  by  bAurcation  and  the  limAed  importance  d  asym¬ 
metry  in  the  posAion  of  the  separation  lAies.  A  also  allowed 
favourable  comparisons  to  be  made  wAh  observations  of 
vortex  flow  and  wAh  measured  levels  of  side  foice^'^.  The 
solutions  are  extended  wAhout  difficuAy  to  elliptic  cones 
and  A  was  demonstrated  that  a  reduction  in  the  vertical  axis 
of  the  elliptic  cross-secton  leads  to  an  increase  in  the  angle 
of  incidence  at  which  bAurcation  from  the  symmetricsd 
solution  takes  place^.  Further  work  using  this  vortex-sheet 
method  for  more  general  shapes  has  been  presented  by 
Fiddes  and  Williams^,  and  WAfiams^. 

The  theoretical  work  in  the  present  paper  is  based  on 
the  simpler  line-vortex  model  studied  inAially,  so  A  is 


relevant  at  this  point  to  discuss  the  relationship  between 
the  predictions  of  the  two  models.  Fig  1  shows  the  star¬ 
board  side  of  a  circular  cone  in  symmetric  fbw  at  an  inci¬ 
dence  parameter  of  3.  A  vortex  sheet  solution  is  shown, 
springing  fmm  the  separation  line  Sg  at  the  end  ol  the 
horizontal  diameter  of  the  circular  cross-section,  and 
ending  at  E ,  wAh  As  core  at  C  joined  to  E  by  the  usual 
feeding-sheet'.  This  separation  posAion  is  typical  for 
laminar  separation.  The  arc  ident'Aied  by  the  figures  40°  to 
49°  is  the  locus  of  the  vortex  posAions  in  the  line-vortex 
model  for  angular  posAions  of  the  separation  line,  Sy .  of 
between  40°  and  49°  above  OSs .  T^e  first  point  to  be 
made  is  that  this  locus  passes  very  close  to  C ,  indicating 
that  the  predictions  of  the  simple  model  have  a  certain 
resemblance  to  those  of  the  better  model.  The  second  point 
is  that  this  resemblance  is  found  for  posAions  of  the  separa¬ 
tion  Knes  in  the  simpler  model  which  lie  well  to  leeward  of  the 
posAion  in  the  better  model.  The  reason  for  this  is  brought 
out  by  the  dAference  in  the  shape  of  the  separating  stream 
surface.  For  the  beAer  model  this  is  the  vortex  sheet 
SgBE.  For  the  simpler  model,  the  separating  stream  sur¬ 
face  springs  from  the  separation  Ane  Sv .  which  is  a  typical 
conical  flow  stagnation  point,  so  that  A  takes  a  course  like 
that  indx^ted  by  the  arrow.  Because  the  inAial  part  of  the 
vortex  sheet,  SsB ,  lies  relatively  cioss  to  the  surface  ol 
the  cone,  similar  flows  near  C  are  generated  wAh  very 
dAferent  separat'on  posAwns  in  the  two  models.  The  posi- 
tbn  of  point  B  has  been  chosen  so  that  the  circulation  in 
the  sheet  model  about  the  core  C  and  the  segment  BE  is 
the  same  as  the  drculation  in  the  Nne-vortex  model  wAh 
separation  at  Sy  ■ 

Before  leaving  this  discussion  of  the  theoretical  models 
A  is  appropriate  to  mention  the  prediction  of  asymmetric  vor¬ 
tex  flow  by  more  complete  models.  For  mviscid  supersonic 
flow  over  cones,  conical  solutions  of  the  Euler  equations 
governing  the  flow  exist  Such  solutions  displaying  lateral 
asymmetry  have  been  obtained  by  MarconP^,  who  forced 
the  occurrence  of  primary  separation  along  symmetrically 
located  separation  lines.  Agreement  between  these  solu¬ 
tions  and  those  of  the  vortex-sheet  model  in  slender-body 
theory  was  poAAed  out  by  Rddes  and  Williams^.  Fbriatninar 
viscous  flow,  as  described  by  the  Navier-Stokes  aquations, 
conical  flows  do  not  exist  However,  a  slightly  modAied 
equation  set  does  display  conical  solutions  fw  supersonic 
speeds.  Asymmetric  solutions  of  these  equations  for  flows 
past  cAcular  cones  have  been  obtained  by  Sidari  and 
Marconi^'*.  Thew  displ^  slight  as^mefiy  in  the  posAion 
of  the  primary  separation  lines.  Serandary  saparat'ion  also 
occurs,  but  in  thek  overall  features  the  flows  are  not 
markedly  different  from  the  Euler  solutions  ol  Maicon^° 
and  the  vortex-sheet  solutions  of  Fiddes  and  SmAh^>°. 
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On  the  experimental  side,  it  is  quite  impossible  to 
review  the  investigations  which  have  been  carried  out  within 
the  space  of  this  introduction.  A  comprehensive  review  was 
provided  by  Hunt^^  in  1982.  Since  we  are  particularly 
interested  in  the  flow  over  ciicular  cones,  we  shall  make 
extensive  use  of  the  measurements  made  by  Fxtdas,  Lean 
and  Moir^  ^  in  the  5  m  Wind  Tunnel  at  RAE  and  briefly 
reported  in  Ref  14.  Details  of  their  wind-tunnel  model  are 
shown  in  Fig  2. 

Fig  3  shows  an  example  of  the  results  obtained.  The 
local  side-force  coefficient,  Cy ,  based  on  the  local  dia¬ 
meter  of  the  cone,  is  plott^  against  the  angle  of  roll,  ^ , 
about  the  axis  of  the  cone.  The  angle  of  inckJence  is  35°, 
the  results  are  for  the  first  station,  and  the  tunnel  pressure 
is  only  just  above  atmospheric,  so  that  the  boundary  layer 
growing  from  the  windward  generator  is  laminar  at  the 
separation  line.  We  see  that,  at  about  half  of  the  selected 
values  of  roll  angle,  the  side  force  takes  an  approximately 
unifonn  numerical  value,  approaching  in  magnitude  the  local 
nonnal  force  coeffKxant,  Cn  .  shown  on  the  upper  curve. 

As  usual,  the  sign  of  Of  changes  several  times  in  a  com¬ 
plete  revolution  about  the  axis.  At  about  half  the  remaining 
values  of  4,  Cy  is  small  enough  for  us  to  believe  that  the 
flow  is  essentially  symmetric.  All  this  is  consistent  w%h  the 
predictions  of  the  inviscid  model,  that  symmetric  solutions 
and  asymmetric  solutions  of  right-  and  left-handed  forms 
both  occur.  However,  the  remaining  quarter  of  the  points 
show  values  of  side  force  which  are  clearly  intermediate 
between  zero  and  the  extreme  value.  It  is  these  inter¬ 
mediate  values  which  provoked  the  work  to  be  described 
below. 

2  SOLUTIOHS  OF  THE  UNE-VORTEX  MODEL 

FOR  CONICAL  FLOW  OVER  CIRCUUR 

CONES 

In  an  attempt  to  explain  the  occunence  of  the  inter¬ 
mediate  levels  of  side  force  shown  in  Fig  3,  the  solution 
space  of  the  line-vortex  model  of  Ref  2  was  exf^red  more 
thoroughly.  The  essential  features  of  the  model  are  illus¬ 
trated  in  Fig  4.  A  pair  of  line-vortices  OVt  and  OV2  lie 
downstream  of  the  pointed  apex  O  of  the  body.  Their 
drculations  are  Ti  and  -rz-  Each  is  joined  by  a  feeding 
vortex-sheet  to  a  separation  line  OSt  or  OS2  on  the 
surface  of  the  body.  These  feeding  sheets  are  surfaces  of 
discontinuity  in  the  velocity  potential,  with  the  magnitude  of 
the  jump  depending  only  on  the  streamwise  variable  x . 
that  is  to  say,  as  vortex-sheets  in  which  the  vortex-lines  are 
transverse  to  the  main  stream.  The  velocity  field  is  con¬ 
structed  using  slender-faody  theory  and  two  conditions  are 
formulated.  We  require  in  the  first  place  that  each  vortex 
system,  comprising  a  line-vortsx  and  ks  feeding  sheet,  is 
free  of  transverse  forces.  This  is  achieved  by  balancing  the 
force  arising  from  the  pressure  difference  across  die 
feeding  sheet  by  a  force  acting  on  the  line-vortex.  The 
second  condition  expresses  the  occurrence  of  separation. 

It  forces  the  velocity  vector  at  the  separation  line  OS  tofie 
along  OS.  Both  these  conditions  are  gross  simpitfications 
of  the  conditions  that  a  vortex-sheet  model  would  satisfy, 
but  they  provide  a  rsprasentalion  of  the  prindpal  kinematic 
and  kkietic  constraints  on  the  vortex  f  bw. 

Fig  4  b  drawn  for  conical  flow  over  a  circular  cone,  b(4  it 
b  straightforward  to  write  the  condkbns  for  rxxvconical  flow 


and  a  general  body  of  revolutbn.  With  the  axes  as  shown, 
we  introduce  the  compbx  variabb 

Z  -  y  +  iz 

in  the  cross-fbw  plane,  and  define  the  vortex  positbns 
by 

Z  «  Z-fjx)  arxf  Z>Z2(x). 

Then,  the  condhbn  of  zero  transverse  force  on  the  star¬ 
board  vortex  system  can  be  expressed  as 

_jA  \  dr,  dZ, 

{z,  -  ae  ®')  U  -7-!-  +  Ur,  — 1- 
‘  dx  1  dx 


*  2ni(Z,Z,-a2) 

+  ^2  /  1  _  ^ 

2si\^1-^  Z,^-a2 

. (1) 

Here  Tt  and  -fz  are  the  drculatbns  of  the  vortices,  a 
is  the  local  radius  of  the  body  and  the  separatbn  line  OSj 
lbs  abng  Z  ••  ae*^) .  The  first  tenn  represents  the  force 
on  the  feeding  sheet,  the  second  terni  represents  the  foroe 
on  the  line-vortex  due  to  ks  inclination  to  the  freestream, 
and  the  third  term  represents  the  force  on  the  line-vortex 
due  to  the  cross-fbw.  The  corresponding  equatbn  for  the 
port  vortex  system  has  the  suffixes  1  and  2  interchanged. 
The  generalbed  Kutta  condkbn  representing  the  occur¬ 
rence  of  separatbn  on  the  starboard  separatbn  line  is 


r,(z,z,-a^)  r2(Za^-a^) 

2it|Z,-ae‘®1|^  2*|Zg- ae'®1|^ 


2aaUcose^ 
. (2) 


provbed  the  angubr  positbn,  Ot ,  of  the  separation  line 
is  independent  of  x.  The  corresponding  equatbn  for  the 
port  sbe  b  obtained  on  replacing  6^  by  83 . 


For  a  slender  circular  cone  of  semi-angb  5,  we  have 

a  >  fix  (3) 

and  we  can  introduce  non-dimensbnal  variabbs  ^  and  7 
by 

-  a?j  ,  Tj  -  2jiafiUrj  j  -  1.2.  (4) 


Then  equatbn  (2),  and  the  corresponding  equatbn  for  the 
port  sbe,  become 


I 


i 

\ 

\ 

\ 

[ 

5 
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V  -  (5) 


Which  is  often  referred  to  as  the  lower  bound  for  solutions. 

In  fact  tt  is  only  the  lower  bound  to  the  right  of  point  B,  which 
lies  at  e  -  Be, »  46.1°  where 

tan  ec  =  and  j  -  .J—  -  2.08  (12) 


Yl(C,?1-l)  Y2(?2^-1) 

- —“a - --a  -  2—  cos  e, 

Ui-8'®2|  l?2-a'®2|  ® 


Introducing  a  non-dimensional  straamwise  variable  ^  by 

X  -  Xqo^  (6) 

we  find  aquation  (1 )  becomes 

^[Yi(V«'®’)]  -  YiF(5i.?2'''^1'‘*^2'®fT) 

. (7) 

where 


'"(^1'^2'YfY2'®fj) 


+ 


?1 


+ 


JlliL. 


+ 


e‘«>. 


2?1- 


“iiil 

«  5i 


iY2(?2?2'^> 

<?1-?2)(Cl?2-1>  ■ 


(8) 


The  corresponding  equation  for  the  port  side  becomes 

^  [yi(?i  ■  a*'®')]  -  Y2P(?1'?2'''^1'''^2'®1t) 

. (9) 

For  conical  flow,  the  non-dimensional  variables  are 
independent  of  the  streamwise  coordinate,  so  the  governing 
equations  reduce  to 


F(?,,?2.Yi.Y2.01.f)  -  F(?2'?rVf82-f)  *  ° 

.  (10) 


To  the  left  of  point  B  there  are  solutions  for  values  of  o/S 
less  than  1.5  cosec  8 ,  lying  in  the  region  between  the 
curve  BD  and  the  curve  BC.  The  cunra  BC  is  simply  the 
edge  of  the  projection  of  the  surface,  so  that  it  represents  a 
fold-lina  in  the  projection  of  the  surface.  Two  points  of  the 
solution  surface  are  projected  onto  every  point  of  the 
(e,a/S)  plane  between  the  curves  BO  and  BC,  so  that  two 
solutions  exist  for  each  pair  of  values  of  8  and  a/6  in  this 
region.  The  signHicancs  of  the  remaining  curve  AEB 
appears  when  we  consider  the  symmetric  solutions  as  one 
branch  of  the  set  of  solutions  of  the  equations  (5)  and  (10) 
with  8i  -f  82  •  It ,  which  ^vern  the  flow  when  symmet^ 
IS  not  assumed.  The  solution  surface  now  lies  in  a  space  of 
even  more  dimensions,  and  it  now  contains  a  double  curve, 
or  curve  of  double  points,  along  which  bifurcation  takes 
place,  so  that  two  branches  of  the  surface  intersect  along 
the  double  cunre.  The  projection  of  this  cunre  onto  the 
(8,0/8)  plane  is  the  bifurcation  locus  shown  as  AEB  in 
Fig  5.  It  can  be  shown  that  the  determinant  of  the  Jacobian 
matrix  used  in  the  solution  process  vanishes  on  the  bifur¬ 
cation  locus,  so  the  locus  can  be  identified  by  monitoring 
the  sign  of  this  determinant  as  the  symmetric  branch  of  the 
solution  is  explored. 

We  now  turn  to  the  corresponding  picture  for  the  asym¬ 
metric  solutions.  Fig  6.  The  curve  AEB  is  the  bifurcation 
locus,  the  same  curve  as  in  the  previous  Figure.  /Vsym- 
metric  solutions  arise  whan  aJS  is  increased,  at  constant 
8 ,  from  points  on  the  bifurcation  locus.  Once  again,  there 
are  edges  to  the  surface  of  solutions  where  one  ^  the  vor¬ 
tices  reaches  the  surface  of  the  cone.  The  projections  of 
these  edges  are  the  curves  BJG  and  AHA.  Also,  once 
again,  there  is  a  fold  line  FG  which  results  from  our  choosing 
to  project  onto  the  (8, a/6)  space,  rather  than  any  intrinsic 
feature  of  the  solution  itself.  There  is  now  an  extra  boun¬ 
dary  of  the  region  of  consistent  solutions.  The  condition 
applied  at  separation,  that  the  velocity  is  parallel  to  the 
separation  line,  is  also  satisfied  by  an  attachment  line.  In 
the  region  labelled  'inconsistent'  in  Fig  6  one  of  the  postu¬ 
lated  separation  lines  is,  in  fact,  an  attachment  line. 


and  the  generalised  Kutta  conditions,  equations  (5)  and  (10) 
consist  of  two  complex  equations,  equivalent  to  four  real 
equations,  so  that  we  have  six  equations  in  all  to  determine 
the  two  coordinates  of  each  vortex  and  their  circulations. 
The  parameters  on  which  the  solutions  depend  are  the  inci¬ 
dence  parameter  0/8  and  the  positions  8^  and  82  of 
the  separation  lines. 

Some  solutions  given  in  Ref  2  for  symmetrically  placed 
separation  lines  illustrate  the  generation  of  asymmetric 
solutions  by  bifurcation  from  the  symmetric  branch  as  the 
incidence  parameter  increases  above  a  critical  bifurcation 
value.  This  dependence  is  illustrated  in  Fig  5,  for  St  -  e 
and  82  »  ft  -  0 .  The  figure  represents  the  projection  of 
the  solution  surface  onto  the  plane  of  the  solution  para¬ 
meters  8  and  a/5 .  The  curve  ABO  is  the  projection  of 
the  edge  of  the  surface  along  which  the  vortices  readt  the 
surface  of  the  cone  and  their  strength  vanishes.  The  curve 
is  given  by 

a/6  a  1.S  cosec  8  (11) 


The  small  region  of  intersecting  curves  in  Ftg  6  is 
enlarged  in  Fig  7.  Two  curves  from  Fig  5  have  bm  added, 
so  that  the  figure  now  indicates  the  regions  of  existence  of 
both  symmetric  and  asymmetric  solutions  in  this  small  pait 
of  the  (8,0/8)  plane.  Fbibwing  up  the  account  of  the 
asymmetric  solutions,  we  see  them  occulting  above  the 
bifurcation  locus.  It  is  easiest  to  trace  the  solution  surface 
oy  moving  downwanfs  and  to  the  left  from  the  edge  BJ  of  the 
surface  where  the  vortex  lies  on  the  oone.  Then  we  find 
either  that  the  asymmetric  solutions  disappear  when  the 
lower  part  of  the  bifurcation  locus,  BFE,  is  encountered,  or 
the  solution  surface  folds  back  on  itself  at  the  fold  line  FG. 
The  asymmetric  solutions  then  extend  upward  and  to  the 
right  in  the  region  bounded  below  by  the  bifurcation  locus 
BFE.  Note  that  diere  is  a  narrow  region  between  the  fold  Hne 
FG,  the  edge  BJ  and  the  bifurcation  locus  BF  in  which  there 
are  two  pairs  of  asymmetric  solutions  for  each  choice  of  8 
and  a/6 

Our  search  for  addilionat  solutions  has,  therefore,  led 
us  Into  this  narrow  region  of  the  parameter  space.  Whentha 
side  forces  corresponding  to  the  different  pairs  of  asym¬ 
metric  solutions  in  this  region  are  calculated,  they  turn  out 
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to  be  quite  similar,  so  they  do  not  correspond  to  the  f  lotes 
with  the  very  different  ieveis  of  side  force  that  are  illustrated 
in  Fig  3.  Moreover,  no  further  bifurcation  occurs  at  values 
of  o/S  up  to  10.  There  might  be  other  solutions  which  are 
not  connected  to  the  solution  surface  we  have  explored,  but 
there  is  no  simple  way  to  search  for  them. 

3  STABILITY  OF  CONICAL  FLOWS 

The  situation  depicted  ir  Rgs  5  to  7  is  of  a  confusing 
variety  of  soiutions  of  the  modei  for  conical  flows  over 
circular  cones.  We  now  put  fonvard  a  stability  argument 
which  indicates  which  of  these  solutions  is  lltely  to  corre¬ 
spond  to  the  flows  that  actually  occur. 

The  disturbances  which  we  treat  in  the  stability  analy¬ 
sis  are  spatial  rather  than  temporal.  We  suppose  that  a 
conical  flow  solutnn  occurs  and  then,  at  some  lengthwise 
station,  a  small  disturbance  is  introduced  into  the  flow, 
taking  the  form  of  small  changes  in  the  positions  and 
strengths  of  the  vortices.  Since  we  are  using  stender-body 
theory,  no  upstream  effect  of  the  disturbance  is  possitle. 
We  investigate  the  initial  rate  of  change  of  this  disturbance 
in  the  downstream  direction.  If  all  disturbances  decay,  we 
say  that  the  solution  is  stable,  while  if  any  disturbance 
grows,  we  say  that  the  solution  is  unstable. 

The  disturbed  flow  is  dearly  non-conical,  but  the  body 
shape  is  still  a  drcular  cone.  Fw  simplicity  we  assume  that 
the  separation  lines  are  not  altered  by  the  disturbance,  and 
that  the  vortex  strerigths  are  still  coupled  to  the  positions 
through  the  generalised  Kutta  conditions.  (Soma  calcula¬ 
tions  with  the  vortex  strengths  unaffected  by  the  disturb¬ 
ances  to  their  positions  showed  stability  boundaries  vary 
slightly  displa^.)  Then  the  governing  ^uations  (S)  to  (9), 
for  the  particular  solutions  with  symmetric  separation,  are 
considered. 

For  convenience,  we  introduce  new  variables  ui,  t>2, 

''a.  «4 .  by 


{f} 


t>1  +h)2  =  -  e-'9t) 

U3  +  hJ4  =•  72(4  -  9''®*) 


Since  we  are  concerned  with  small  disturbances  sdxtut 
a  conical  solution  we  write  each  variable  as  the  sum  of  a 
term  independent  of  % ,  with  suffix  c ,  and  a  small  quan¬ 
tity,  identified  by  a  prime,  thus: 


-  Cjc  +  ?j(«.1jK)  -  Tjc+rj(9.  j  .  1.2j 

-  '>jc  +  9j(5),  i  .  1.2.3.4  I 


When  these  are  introduced  into  equations  (5)  and  (13), 
the  resulting  equations  are  linear  and  homogenous  in  the 
small  quantities,  so  that  and  To  can  be 

expres^  in  terms  of  v.j ,  •  ”3  and  with 

constant  coefficients  depending  on  the  conical  solution 
quantities  with  suffix  c.  With  T^'  and  To 

expressed  in  this  way,  the  introduction  of  equation  (14)  into 
equations  (7)  and  (9)  leads  to  four  real  equations  which  can 
be  written  in  matrbt  forni  as 


where  the  matrix  Ji  isthe  Jacobian  matrix  of  the  real  and 
imaginary  parts  of  the  right-hand  sides  of  equations  (7)  and 
(9)  with  respect  to  the  variable  Vj .  Its  elements  depend 
on  the  conical  solution,  but  not  on  ^ . 

Now,  equation  (1 5)  is  a  system  of  four  first-order  linear 
differential  equations  with  constant  coefficients.  The  stan¬ 
dard  treatment  (theorem  8.1 1  of  Ref  1 5  for  example)  shows 
that  the  stability  of  the  system  depends  only  on  the  real  part 
of  the  eigenvalues  of  J^  .  We  have  stability  if  the  real 
parts  are  all  nagative  and  instability  if  any  eigenvalue  has  a 
positive  real  part.  The  consequence  of  instability  is  that  a 
disturbance  with  a  component  in  the  direction  of  the  appro¬ 
priate  eigenvalue  will  grow  exponentially  in  ^ ,  as  long  as  it 
remains  small  enough  for  the  linearised  treatment  to  apply. 
In  particular,  if  the  largest  real  part  is  Xf  >  0 ,  the  growth 
is  like 


Xr 

-(i) 


by  equation  (6).  The  growth  rats  in  x  is  therefore,  alge¬ 
braic  rather  than  exponential,  and  it  is  more  rapxl  the  nearer 
to  the  apex  the  disturbance  is  introduced. 

The  solution  surface  described  in  the  prevnus  section, 
both  symmetric  and  asymmetric  branches,  was  re-explored, 
evaluating  the  eigenvalues  of  Jt  along  the  way.  The 
stability  of  the  solutions  can  now  be  identified.  For  the  sym¬ 
metric  branch  the  outcome  is  shown  in  Fig  5.  We  recall  that 
the  disturbances  under  consideration  are  not  restricted  to 
being  symmetria  The  only  symmetric  solutions  stable  to 
general  disturbances  are  in  the  region  ABEA,  the  multiple 
solutions  are  unstable.  The  change  in  stability  takes  place 
across  the  bifurcation  locus. 

For  the  asymmetric  branch.  Fig  6  shows  the  asym¬ 
metric  solutions  are  generally  stable.  The  exceptions  are 
shown  in  Fig  7,  where  we  see  that  the  asymmetric  solutions 
springing  from  the  lower  part  of  the  bifurcation  locus  are 
unstable.  Stable  solutions  only  occur  above  and  to  the  right 
of  the  hatched  boundary  and  nowhere  is  there  more  than  a 
single  stable  symmetric  solution  or  a  pair  of  asymmetric 
solutions.  Hence,  it  is  hydrodynamic  stability  foat  deter¬ 
mines  which  of  the  possfole  solutions  occurs.  The  figures 
show  that  a  value  of  8  in  excess  of  30°  is  required  for  any 
stable  solutions  at  a  reasonable  value  of  o/S .  This 
should  be  taken  in  conjunction  with  the  conclusion  drawn 
from  Fig  1  that  the  separation  line  in  this  model  is  well  to 
leewanj  of  the  separation  line  in  a  more  representativa 
model. 

Although  the  distinction  between  stable  and  unstable 
solutions  is  of  theoretical  importance,  in  a  practical  situa¬ 
tion  the  growth  rate  of  disturbances  also  pli^  an  important 
part.  Hera  we  are  concerned  with  spatial  disturbances  and 
there  is  only  a  finite  length  of  body  over  which  they  can 
grow.  It  Is  therefore  interesting  to  see  the  actual  values  of 
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the  largest  real  part,  V  >  of  eigenvalues  of  the  matrix 
>>1 .  For  symmetric  separation  lines  56°  beyond  the  mid¬ 
plane  of  the  body,  these  quantities  are  displayed  as  func¬ 
tions  of  the  incidence  parameter  in  Fig  8.  At  small  values  of 
ct/S  there  is  no  solution.  Just  above  1.8,  a  symmetric 
solution  becomes  posslrle.  This  is  initially  stable  and  the 
eigenvalue  Is  negative,  though  numericaliy  very  small,  so 
that  disturbances  would  decay  very  sbwiy,  and  conversely 
evolution  towards  it  from  a  neighbouring  non-conical  solu¬ 
tion  would  be  very  sbw.  At  a  value  of  o/S  of  about  2.08, 
bifurcatbn  occurs  and  the  eigenvalue  of  the  symmetric 
solutbn  becomes  positive.  The  eigenvalue  of  the  asym¬ 
metric  solutbn  is  negative  corresponding  to  its  stability. 

The  eigenvalues  grow  numerically,  but  remain  small  for 
a/SSS .  The  kink  in  the  cun/e  for  the  asymmetrx:  solution 
at  075  ••3.8  corresponds  to  the  eigenvalue  becoming 
compbx  at  the  larger  values. 

The  small  values  of  Xf  suggest  that,  if  we  are  pre¬ 
pared  to  admit  solutions  that  are  not  exactly  conical,  then 
approximately  symmetrical  and  highly  asymmetrical  solu¬ 
tions  may  be  found  for  the  same  value  of  o/S ,  despite  the 
outcome  of  the  stability  analysis  for  the  conical  solutbns. 

4  MEASUREMENTS  ON  A  10°  CONE  AT  AN 

INCIDENCE  OF  35° 

The  experiment,  using  the  model  shown  in  Fig  2,  was 
designed  so  as  to  ensure  that  the  fbw  was  as  nearly  conical 
as  possbie  at  the  first  ring  of  pressure  holes,  at  the  lowest 
total  pressure  available  (110  l^a).  The  shape  of  the  model 
is  conical  for  several  bc^  diameters  downstream  of  this 
statbn  and  the  ReynoUs  number  is  bw  enough  for  the 
boundary  layer  to  be  laminar  at  the  primary  separation  line. 
The  direct  evidence  for  the  state  of  the  boundary  layer  is 
the  visualisation  based  on  the  difference  in  evaporatbn  rate 
of  methylsalicicylata  held  in  a  film  of  china-clay,  carried  out 
byMoirlC.  Fig  9  is  reproduced  from  his  paper.  Note  that 
his  obsenratbn  is  for  a  >  30° ,  instead  of  a  ••  35° ,  at  a 
total  pressure  of  2.0  atmospheres  Instead  of  1.1  atmos¬ 
pheres,  and  at  a  Mach  number  of  0.2  instead  of  0.15.  We 
assume  that  the  tunnel  temperatures  are  the  same.  We 
cannot  albw  for  the  difference  in  angb  of  incidence,  but 
differences  in  total  pressure  and  Mach  number  simply  toad 
to  the  predictbn  of  a  different  streamwise  locatbn  at  which 
transition  begins  to  affect  the  separatbn  line.  Note  also 
that  the  streamwise  bcatbn  at  which  the  separatbn  line 
first  encounters  a  tuibulsnt  wedge  depends  on  where  the 
wedge  originates  abng  the  transition  front.  Even  with  the 
wedge  on  the  separatbn  line,  thb  still  leaves  separation 
lambar  aH  along  the  conical  part  of  the  model  for  the  test 
conditKins  of  Fig  3. 

However,  when  the  local  sbe-fonce  coefficient  at  the 
first  two  stations  are  compared,  it  becomes  dear  that  the 
fbw  at  many  roll  angles  is  not  oonbaL  Fig  10  Nlustrates 
this.  The  levels  of  Cy  at  the  two  statbns  are  slightly 
different,  so  the  values  at  each  statbn  have  been  norma¬ 
lised  with  respect  to  the  peak  value  of  |CyI  aft  that  statbn. 
The  resulting  values  at  the  two  statbns  are  then  plotted  and 
the  values  at  statbn  1  are  joined  to  those  at  statbn  2  by 
arrows,  so  the  arrow  indicates  the  directbn  of  the  flow 
development.  There  are  a  number  of  short  arrows  dose  to 
the  extreme  states 'and  two  short  arrows  near  the  zero  axis. 
These  may  well  correspond  to  oonbal  flow  conditions. 


There  are  also  a  number  of  bnger  arrows,  whbh  reach,  or 
approach,  the  extreme  values;  these  seem  to  correspond  to 
fbws  which  are  evolving  towards  the  extreme  states.  Cer¬ 
tainly,  the  extreme  values  are  more  common  at  statbn  2. 
Finally,  there  are  a  number  of  arrows  whbh  lie  away  from  the 
extreme  values  and  often  also  point  away  from  the  extreme 
values.  If  these  are  evolving  toward  the  extreme  states,  it 
IS  dear  that  they  have  a  bng  way  to  go.  Many  of  these 
arrows  are  bng,  indicating  a  marked  non-conicality.  It  is 
clear  that  ail  the  intermediate  side  force  levels  at  statbn  1 
have  bng  arrows  leading  from  them,  so  they  must  corre¬ 
spond  to  non-conxtal  states.  Many  of  these  flows  have 
reached,  or  are  approaching,  extreme  states,  which  are 
probably  conical,  by  statbn  2.  Unfortunately,  measure¬ 
ments  further  downstream  at  this  angle  of  incbence  are  not 
available,  so  their  further  evolutbn  cannot  be  traced. 
Pressures  were  measured  at  all  stations  at  a  -  30°  and 
these  results  rue  considered  in  sedbn  5. 

The  appearance  of  conical  fbws  with  extreme  or  zero 
values  only  is  consistent  with  the  solutions  of  the  simple 
fbw  model  and  the  predominance  of  extreme  values  is 
consistent  with  the  stability  analysis.  To  obtain  a  more 
complete  explanatbn,  we  need  to  consber  what  happens 
cbse  to  the  apex  of  the  tunnel  model.  We  note  first  that, 
since  the  model  imperfectbns  are  finite,  their  size  relative 
to  the  bcal  diameter  inaeases  without  limit  as  the  notional 
apex  is  approached.  Secondly,  we  note  that  such  undsi- 
standing  of  the  fbw  as  we  have  is  based  on  concepts  rele¬ 
vant  at  high  Reynolds  numbers,  while  the  local  Reynobs 
number  tends  to  zero  as  the  apex  to  approached.  Our  flow 
model  can  therefore  only  apply  downstream  of  some  station 
whose  distance  from  the  notbnal  apex  depends  on  the 
scale  of  the  imperfections  due  to  manufacture  and  handling 
of  the  tunnel  model  and  on  the  unit  Reynobs  number  of  the 
test  At  this  statbn  we  must  suppose  that  the  initial  condi- 
tbns  (or  the  system  of  ordinary  differential  equatbns  (7) 
and  (9)  may  be  quite  unrelated  to  the  symmetric  or  asym¬ 
metric  solutbns  with  which  we  are  familiar.  We  should, 
therefore,  not  be  surprised  if  non-conical  fbws  are  some¬ 
times  observed.  It  is  the  preponderance  of  approximately 
conbal  fbws  that  requires  explanatbn.  The  outcome  of  the 
stability  analysis,  that  distuibances  to  stable  conical  solu¬ 
tbns  decay  Ike  (x/Xq)^  and  distuibances  to  unstable 
conical  solutbns  grow  In  the  same  way,  with  Xf  -  X 
illustrated  m  Fig  8,  does  show  that  the  evolutbn  either 
towards  or  away  from  conical  solutbns  may  be  sbw,  even 
when  the  fbw  is  dose  to  being  conical. 

5  MEASUREMENTS  ON  A  10°  CONE  AT  AN 

INCIDENCE  OF  30° 

At  smaller  angles  of  incbence,  the  variatbn  of  sbe 
force  with  roll  angle  b  not  dominated  by  the  occurrence  of 
extreme  states.  Fig  1 1  shows  the  variatbn  of  the  local  sbe 
force  coefficient  at  statbn  1  for  a  •  30°  and  the  same 
Mach  and  Reynolds  numbers  as  Fig  3.  The  bcal  normal 
force  coeffbtont  is  also  shown  for  comparison.  At  this  bwer 
inddence,  the  sbe  force  b  smator  absolutely  and  in  rela- 
tbn  to  the  normal  force,  but  it  b  still  signifbanL  There  b  no 
obvbus  oorrelatbn  between  the  sbe  and  normal  forces. 

At  thb  angle  of  incbence  we  have  bcal  sbe  force 
values  at  all  six  measuring  statbns,  of  which  the  first  four 
Tie  on  the  oonbal  part  of  the  model,  see  Fig  2.  We  shaH  use 
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values  at  these  four  stations  to  assess  the  degree  of 
conicality  of  the  flow.  We  also  have  values  measured  at 
three  different  levels  of  total  pressure  In  the  wind  tunnel, 

1 1 0  kPa,  200  kPa  and  300  kPa,  providing  three  unit 
Reynolds  numbers  at  the  same  Mach  number,  M  -  0.1S. 

Fig  12  shows  the  variation  of  the  local  side-force  coef¬ 
ficient  with  roll  angle  at  the  first  three  measuririg  stations  at 
atmospheric  pressure.  At  nearly  all  the  roil  attitudas  there 
is  a  significant  variation  in  force  coefficient  along  the  length 
of  the  cone,  so  that  conical  flow  concepts  are  not  likely  fo 
be  helpful. 

Fig  13  shows  the  same  quantity  at  the  first  station  for 
the  three  different  total  pressures.  Separation  should  be 
laminar  for  all  three  condittons,  in  accordance  with  the 
previous  discussion.  It  is  dear  that  Reynolds  number 
effects  are  present  and  we  can  tentatively  identify  two  of 
them.  As  the  Reynolds  number  increases,  an  extra  change 
of  sign  appears  in  the  side-force  variation.  We  can  asso¬ 
ciate  this  with  an  additional  feature  of  the  nose  shape 
becoming  effective  as  the  thickness  of  the  boundaiy  layer 
decreases.  Also  as  the  Reynolds  number  increases,  the 
peak  value  of  the  side  force  increases.  This  point  is  pur¬ 
sued  in  Fig  14,  where  the  numerically  largest  value  of  Cy 
measured  in  a  complete  revolution  in  roll  is  plotted  against 
Reynolds  number  based  on  the  distance  from  the  apex  to 
the  measuring  station.  Results  are  shown  for  all  three  unit 
Reynolds  numbers  and  for  all  four  measuring  stations  which 
lie  on  the  conical  part  of  the  body.  The  increase  in  peak 
value  shown  in  the  previous  figure  now  appears  at  the  left- 
hand  side  of  the  picture,  followed  by  a  sharp  fall  and  a 
levelling  off.  An  attempt  is  made  to  define  a  band  within 
which  the  measurements  lie.  The  range  of  values  of 
Reynolds  number  over  which  transition  might  occur  at  the 
separat'nn  line  is  Indicated.  We  might  guess  that  the 
reduction  in  peak  sida  force  is  associated  with  turbulent 
reattachment  since  this  progresses  gradually  in  the  three- 
dimensional  flow,  and  obviously  ends  when  the  boundaiy 
layer  is  turbulent  at  separation. 

We  might  hope  that  the  consistent  behaviour  shown  by 
the  first  five  points  on  the  left  of  Fig  14  would  be  reflected  in 
a  consistent  behaviour  at  spedfic  roll  angles.  Choosing 
^-270*,  which  is  near  a  peak  in  Cy .  we  obtain  Fig  15, 
where  values  at  all  six  measuring  stations  have  been  inclu¬ 
ded  to  establish  trends  with  mors  certainty.  Concentrating 
on  the  left-hand  edge  of  the  plol,  we  see  that  an  increase  in 
Rex ,  brought  about  by  an  increase 'm  unit  Reynolds  num¬ 
ber,  at  station  1  produces  an  increase  in  side  force,  while 
the  same  increase  in  Rex  brought  about  by  an  increase  in 
X  produces  a  marked  decrease  in  side-force  coeffident 

The  results  at  many  other  roll  angles  behave  in  a  similar 
way,  so  we  conclude  that  although  the  local  Reynolds  num¬ 
ber  has  some  value  in  correlating  the  maximum  value  cf 
skfeTorce  coefficient  it  does  not  d^rmine  the  flow  at 
particular  roll  angles. 

In  Fig  16  we  present  the  variation  of  local  side  force 
coefficient  with  lengthwise  station  for  four  roll  angles. 

These  have  been  chosen,  not  because  they  are  typical,  but 
because  they  fodude  the  variations  which  are  most  nearly 
constant,  and  so  might  correspond  to  conical  flows.  In 
Fig  1 6a  we  might  think  a  conical  flow  is  emerging  as  the  unit 
Reynolds  number  increases,  but  in  Fig  16b  the  nearest 


approach  to  a  constant  value  comes  at  the  intermediate 
Reynolds  number.  In  Fig  16c,  all  the  variations  are  small, 
but  two  distinct  near-constant  levels  appear,  a  near-zero 
value  at  the  two  higher  Reynolds  numbers  and  a  non-zero 
value,  about  the  same  as  that  in  Fig  16b  at  the  iowest 
Reynolds  number.  In  Fig  1 6d  we  see  a  change  from  a  rising 
to  a  falling  side  force  coefficient  as  the  Reynolds  number 
varies,  with  a  near  constant  level  in  between. 

6  CONCLUSIONS 

(a)  For  the  single  line-vortex  model  of  asymmetric  conical 
flow  over  circular  cones  with  symmetric  separation  lines,  a 
thoroi^h  exploration  of  parameter  space  has  revealed  only 
insignificant  regions  of  multiple  solutions  and  no  further 
bifurcation  locus  from  which  asymmetric  solutions  could 
arise. 

(b)  An  examination  of  the  stability  of  solutions  of  this 
model  to  small  spatial  distuibances  has  shown  that  stable 
symmetric  solutions  are  confined  to  a  narrow  band  of  values 
of  the  incidence  parameter,  but  that,  with  insignificant 
exceptions,  the  asymmetric  solutions  are  stable.  There  is 
no  oombinatton  of  separation  line  position  and  incidence 
parameter  for  which  both  stable  symmetric  and  asymmetric 
solutbns  are  possbie.  The  grovrth  rate  of  disturbances  to 
symmetric  solutbns  is  algebrab  rather  than  exponential 
arfo  the  growth  rates  are  not  large. 

(c)  An  examination  cf  low-speed  experimental  data  shows 
that  asymmetrb  fbw  over  a  circular  cons  can  be  signifi- 
cantV  rton-conical  with  large  variatbns  in  local  side-force 
coeffbient  abng  the  length  of  the  cone.  At  an  angb  of 
inctdence  of  3S‘  on  a  10"  cone,  the  approximately  conical 

f  bws  appear  to  predominate,  but  at  30°  they  only  occur 
exceptbnally. 

(d)  This  behavbur  may  be  described  using  ideas  from  the 
theory  of  systems  of  ordinary  differential  equations.  Very 
near  the  a^x,  any  real  body  departs  significantly  from  an 
ideal  circular  cone,  so  the  flow  there  defbs  ratbnal  descrip- 
tbn  and  pmvidss  initial  values  for  the  system  whbh  are 
essentially  arbitrary.  At  the  larger  angiM  of  incidence,  for 
whbh  a  stabto  conical  solutbns  exists,  the  fbw  evolves 
towards  it  in  the  downstream  directbn,  the  solutbn  acting 
as  an  attractor.  This  conical  solutbn  will  be  asymmetric  at 
larger  incidences  and  symmetric  at  smaller  inc'tdences.  At 
even  smaller  incidences,  for  which  no  stabb  conical . 
solutbn  exists,  but  separatbn  still  occurs,  a  non-conbal 
behavbur  emerges. 
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Fig  2  Details  of  cone-cylinder  model 


Fig  1  Comparison  of  line-vortex  and 

sheet-vortex  models  for  symmetrical 
flow  past  a  circular  cone 
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Fig  3 


Variation  of  local  side 
a  =  SS’ 


and  normsi  force  with  roll  angle  at  station  1, 
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Fig  9  Transition  and  separation  on  tunnel  model 


Fig  10  Shift  In  side-force  between  stations  1  and  2 
a  =  35«,  Reo  =  1.0  X  10® 


Fig  11  Local  force  coefficient  vs  roll  angle 
a  =  30°,  station  1,  P|  =  110  kPa 


Fig  12  Local  sida-force  coefficient  vs  toll  angle 
a  s  30°,  P|  z  110  kPa 
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ON  LATERAL  FORCE  ON  A  POINTED  SLENDER  BODY  OF  REVOLUTION 
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SUMMARY 

Tests  have  been  made  on  a  slender  body  model  in  the 
RAE  Famborough  5  metre  pressurised  low-sp^  Wind 
Tunnel.  Measurements  of  side  force  variation  with  angle  of 
incidence  and  with  roll  angle  are  presented  in  this  paper, 
together  with  an  examination  of  the  angle  of  incidence  at 
which  side  force  onset  occurs  and  how  this  varies  with  nose 
apex  angle,  overall  fineness  ra'io  and  Reynolds  number.  A 
flow  visualisation  technique  was  used  to  study  the  develop¬ 
ment  of  vortical  asymmetry  as  angle  of  incidence  was 
increased. 


force  that  results  in  the  change  of  sign  of  the  overall  side 
force  as  typified  in  Fig  3. 

Furthermore,  as  fineness  ratio  is  increased,  and 
consequently  as  the  first  vortex  pair  withdraws  from  the 
afterbc^y,  we  must  expect  a  secondary  vortex  cell  to  be 
formed  even  at  low  angles  of  incidence  and  independently 
of  the  nose  apex  angle.  Intuitively,  we  might  expect  such  a 
flow  structure  to  be  less  stable.  The  implication  is,  there¬ 
fore,  that  we  should  expect  the  variation  of  side  force  with 
angle  of  incidence  to  be  strongly  dependent  upon  fineness 
ratio. 


1  INTRODUCTION 

It  is  well  established  that  a  pointed  body  of  revolution, 
although  axially  symmetric,  can  nevertheless  give  rise  to  an 
asymmetric  flow  field  at  moderate  angles  of  incidence''^. 
This  results  from  the  separation  of  the  cross  flow  around  the 
body,  the  separated  shear  layers  from  which  roll  up  to  form 
vortices  in  the  lee  of  the  body.  At  first  these  are  oriented 
symmetrically  about  the  incidence  plane  as  shown  in 
simplified  form  in  Fig  1a,  but  as  the  angle  of  incidence  is 
increased  further,  one  vortex  of  the  pair  moves  closer  to  the 
body  and  usually  towards  the  incidence  plane,  while  the 
other  moves  away,  as  shown  In  Rg  1b.  The  consequence  of 
this  phenomenon  is  that  an  out-of-plane,  or  side  force  is 
induced  on  the  body  as  a  result  of  the  asymmetric  pressure 
distribution  now  occurring  on  the  surface,  as  shown  in  the 
example  in  Fig  2. 

A  typical  variation  of  side  force  coefficient  with  angle 
of  incidence,  together  with  the  corresponding  variation  ci 
normal  force  coefficient,  is  shown  In  Rg  3.  The  region  of 
zero  side  force  consists  firstly  of  attached  flow,  followed  by 
separated  flow  with  symmetric  vortices.  The  coefficient 
beinmes  non-zero  as  the  vortices  start  to  show  asym¬ 
metry,  and  the  angle  of  incidenoe  at  which  this  occurs  is 
usualV  termed  the  'onset  angle*.  As  may  also  be  seen  from 
Fig  3,  side  force  Kin  attain  similar  magnitudes  to  normal 
force.  It  has  been  established  by  Wardlaw  and  Morrison^, 
amongst  others,  that  the  phenomenon  Is  essentially  a  low- 
speed  one;  the  side  force  decreases  progressively  from 
about  M  •  0.4  to  become  virtually  zero  as  M  •  1  is 
approached.  K  is  however  of  great  significance  to  the 
control  of  missiles  and  combat  aircraft,  both  of  which  m:^ 
be  required  to  manoeuvre  subsonically. 

As  the  angle  of  Incidence,  (or  the  length  of  the  body)  Is 
increased  further,  the  separation  of  the  vortices  from  the 
surface  also  increases,  ^  at  some  point  a  new  vortex 
system  forms  closer  to  the  surface  under  the  first  pair,  and 
further  downstream.  The  effect  is  to  generate  a  cellular 
structure  along  the  length  of  the  body,  the  side  force  'cells' 
being  of  alternating  sign,  appearing  as  a  stable  Karman 
vortex  street  in  the  cross-flow  plane.  It  is  the  progressive 
change  in  the  distribution  of  positive  and  negative  side 


The  mechanism  which  causes  one  of  the  vortices  in  a 
pair  to  leave  the  surface  is  thought  to  be  essentially  due  to 
the  appearance,  above  the  onset  angle,  of  stable  asym¬ 
metric  states^,  the  choice  of  which  state,  left-  or  right- 
handed,  being  dictated  by  small  imperfectbns  in  the  geo¬ 
metry  of  the  nose  cbse  to  the  apeir.  The  radial  distribution 
of  such  imperfections  usually  results  in  the  sign  of  the 
overall  side  force  being  sensitive  to  the  roll  orientation  of 
the  body,  as  illustrated  in  Fig  4.  The  roll  angles  at  which  the 
side  force  changes  sign  are  often  referred  to  as  'switching 
points'. 

Notwithstanding  the  weaHh  of  previous  research  on 
slender  body  configurations,  the  foregoing  suggests  that 
further  Investigation  into  the  effects  of  nose  apex  angle  and 
overall  fineness  ratio  would  be  profitable.  Furthermore, 
whilst  flow  visualisation  techniques  have  been  used  to 
examine  the  flow  over  the  nose  region  of  slender  bodies, 
very  little  such  work  has  been  carried  out  on  cylindrical 
afterbodies.  A  reseamh  programme,  based  on  the  RAE 
5  metre  pressurised  low-speed  Wind  Tunnel,  has  therefore 
been  carried  out  and  the  main  results  are  presented  in  this 
paper. 

2  RAE  TEST  PROGRAMME 

Experimental  tests  on  slender  body  configurations  at 
low  speed  has  been  undertaken  in  the  RAE  by  a  number  of 
workers,  most  recently  by  Mundell^,  and  Smith'*’.  Smith 
carried  out  some  preliminary  tests  in  the  5  metre  pressur¬ 
ised  low-speed  Wind  Tunnel  to  establish  the  basic  principles 
of  this  type  of  test,  and  to  investigate  the  dependence  of 
side  force  on  Reynolds  number  and  Mach  number.  These 
tests  were  of  a  limited  nature  as  only  two  nose  shapes  and 
one  afterbody  length  were  available.  Also,  the  need  to  use 
an  existing  strain-gauge  balance  and  mounting  resulted  in  a 
model  which  was  too  large  (about  300  mm  diameter)  to  make 
it  possible  to  test  at  the  lower  values  of  Reynolds  number 
where  transitional  effects  were  thought  to  occur.  However, 
some  useful  work  was  done  in  the  early  1 980's,  which  was 
extended  to  include  measurement  of  surface  pressures  on 
the  noses  by  Rddes  et  a/"  to  provide  data  for  the  CFD  work 
of  Rddes  arid  Smith^’’^,  and  also  the  development  of  a 
device  to  control  the  side  force  onset  by  Moir,  Peckham  and 
Smith'3. 
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In  view  of  the  known  dependence  of  side  force  on 
Reynolds  number  near  0.5  x  1 0^  (based  on  model 
diameter)’*,  and  of  the  probability,  discussed  i.n  the  Intro¬ 
duction,  that  side  force  could  defwnd  on  both  nose  apex 
angle  and  the  overall  fineness  ratio,  a  new  modal  was 
manufactured.  As  shown  In  Fig  5,  this  is  about  half  the 
diameter  of  the  earlier  modal  at  150  mm,  and  has  three  inter¬ 
changeable  nose  configurations  and  three  afterbody 
lengths  available  The  three  noses  are: 

(i)  A  cone  with  a  10°  semi-apex  angle,  faired  into 
the  constant  diameter  portion  via  a  circular  arc. 

(li)  A  5:1  circular  arc  tangent  ogive  (semi-apex  angle 
11  4“). 

(Ill)  A  3:1  circular  arc  tangent  ogive  (semi-apex  angle 
18.9°). 

Noses  (i)  and  (III)  have  an  integral  constant  diameter 
portion  to  bring  their  overall  fineness  ratio  to  5:1 . 

Together  with  the  nose  sections,  the  constant 
diameter  cylindrical  afterbody  sections  give  total  fineness 
ratios  of  5.5:1, 10:1  and  15:1.  No  surface  pressure 
tappings  ware  incorporated  due  to  the  small  size  of  the 
model. 

The  model  was  tasted  mainly  on  a  76  mm  square 
strain-gauge  balance,  which,  while  not  being  well  suited  to 
slender  body  work  (the  normal  force  and  side  force 
component  ranges  differ  substantially),  has  yielded  useful 
results  as  will  be  described.  The  model  and  balance  were 
mounted  via  a  ro'l  gearbox,  which  allowed  360°  of  roll  angle 
variation,  on  the  5  metre  Wind  Tunnel  sting  rig  as  shown  in 
Fig  6.  This  latter  having  a  19°  crank  angle  enabled  an 
Incidence  range  from  about  1  °  to  38°  to  be  provided.  Model 
pitch  and  roll  attitude  was  measured  with  accelerometers 
whKh  were  mounted  within  the  model. 


two  higher  Reynolds  numbers.  The  onset  angle  does  not 
however  appear  to  be  affected  significantly. 

Fig  8  again  shows  the  variation  of  CY  with  angle  of 
incidence,  but  in  this  case  three  nose  shapes  were  tested 
each  with  an  overall  fineness  ratio  of  15:1  It  is  seen  that 
the  onset  angle  is  virtually  the  same  for  all  three 
configurations. 

Fig  9  gives  an  example  of  the  variation  of  CY  with 
angle  of  incidence  for  one  nose  shape  (the  3:1  ogive),  but 
for  the  three  va'ues  of  overall  fineness  ratio.  It  is  obvious 
that  fineness  ratio  has  a  major  influence  on  onset  angle. 
While  it  has  been  suggested’^  that  onset  angle  is  only 
dependent  on  the  semi-apex  angle  of  the  nose,  it  is  evident 
from  the  present  data  that  this  does  not  appear  to  hold  for 
most  of  the  configurations  tested.  Fig  1 0a  shows  the  onset 
angles  from  all  the  nine  configurations  tested  plotted 
against  semi-apex  angle.  The  figure  also  shows  the 
relationship  of  onset  angle  with  semi-apex  angle  as 
proposed  by  Keener  and  Chapman’^  amongst  others: 

“onset  »  2x0^  .  (1) 

It  IS  seen  that  there  is  quite  a  good  correlation  of  the 
measured  results  with  apex  angle  for  the  lowest  fineness 
ratio,  but  the  tonger  bodies  show  progressively  worse 
correlation.  This  confirms  the  speculation  that  onset  angle 
should  also  be  fineness  ratio  dependent 

Fig  1 0b  shows  the  measured  values  of  onset  angle 
plotted  against  fineness  ratio.  Also  shown  is  the  relatnn- 
ship  derived  by  Sarpkaya’^  from  measurements  of  the 
angle  of  incidence  at  which  asymmetric  flow  first  appears  at 
the  bass  of  an  inclined  blunt  nosed  cylinder,  relating  onset 
angle  directly  to  fineness  ratio: 

“onset  “  '  (“p)  • 
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A  more  accurate  strain-gauge  balance  that  was 
specifically  designed  for  slender  body  work  has  now  been 
acquired,  as  has  also  a  high  incidence  mounting  rig  whic^ 
allows  angles  of  Incidence  cf  up  to  90°  to  be  attained;  some 
of  the  data  presented  here  were  obtained  with  these 
facilities. 

Forces  and  moments  on  the  model  were  measured 
over  the  range  of  angle  of  incidence  at  constant  roll  angle, 
and  over  360°  of  roll  at  various  fixed  angles  of  Incidence. 
Visualisation  of  the  surface  flow  was  carried  out  using 
diesel  oil  mixed  with  a  dye  which  fluoresced  when  viewed 
under  ultra-violet  light. 

The  tests  were  carried  out  in  the  RAE  5  metre  Wind 
Tunnel  mostly  at  M  >  0.2  and  Reynolds  numbers  of  0.7. 
1.3  and  2.0  million,  based  on  model  diameter.  The  Reynolds 
number  range  was  also  extended  by  running  at  M  •  0.1  at 
minimum  tunnel  total  pressure,  givii^  0.35  million. 

3  RESULTS  AND  DISCUSSION 

3.1  Variation  of  alda  fore#  with  angle  of 

Incldanca 

Fig  7  illustrates  a  typical  variation  of  side  force  coef¬ 
ficient  with  angle  of  incidence  over  the  range  of  Reynolds 
number  tested;  the  model  configuration  chosen  has  a  3:1 
ogive  nose,  and  has  an  overall  fineness  ratio  of  15:1.  It  is 
seen  that  there  is  some  dependence  on  Reynolds  number  in 
that  CY  at  0.7  million  is  signifKsintly  iower  than  that  at  the 


The  figure  shows  that  there  is  some  correlation 
between  the  experimental  values  of  onset  angle  and  this 
function  of  fineness  ratio,  at  least  for  the  higher  values  of 
fineness  ratio  and  the  larger  apex  angles.  The  figure  also 
shows  the  onset  angles  suggested  by  the  semi-apex  angle 
relationship;  these  show  that  for  the  lower  values  of  fine¬ 
ness  ratio  and  smaller  apex  angles,  onset  angle  is 
increasingiy  influenced  by  apex  angle. 

It  would  appear,  therefore,  that  in  general,  onset  angle 
is  a  function  of  both  apex  angle  tuid  fineness  ratK>.  Making 
use  of  the  admittedly  approximate  measured  values  of 
onset  angle,  Rg  10c  suggests  the  form  that  this  function 
might  take.  The  constant  onset  angle  'contours'  in  the 
figure  have  been  derived  ty  using  equations  (1)  and  (2)  to 
define  the  end  points,  and  fitting  the  best  possible  curves 
through  the  present  data  points. 

Reference  to  the  work  of  Sarpkaya’^  would  suggest 
that  a  slender  body  of  sufficiently  high  fineness  ratio 
behaves  as  a  blunt  nosed  cylinder,  irrespective  of  the  nose 
apex  angle.  Furthermore,  this  might  also  lead  to  the  con¬ 
clusion  that  the  flow  asymmetry  similarly  first  appears  at  the 
base  of  the  afterbody.  In  an  attempt  to  verify  this  suppn- 
sitbn,  flow  visualisation  was  carried  out  over  a  range  of 
angles  of  incidence,  starting  from  below  the  onset  of  side 
force.  Examples  are  shown  in  Rg  1 1  of  the  3;1  ogive  nose 
with  15;1  overall  fineness  r^io,  the  photographs  being 
taken  from  the  leeside  of  the  model  At  the  lowest  angle  of 
incidence  shown,  12*.  vortical  flow  was  already  established 
over  almost  the  full  length  of  the  body,  but  did  not  yet  show 
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any  s^mmatiy.  TTia  next  picture  is  at  25°  of  incidence  — 
here  it  can  be  seen  that  there  was  substantiai  asymmetry 
on  the  afterbody  but  the  flow  over  the  nose  region  was 
essentially  symmetrical.  The  following  picture  is  at  35°, 
which  is  less  than  3°  below  the  apex  angle  for  this  nose. 

Here  the  afterbody  asymmetry  had  almost  reached  the  nose 
region,  although  the  nose  itself  retained  substantially 
symmetrical  flow.  (The  leeward  generator  has  been  drawn  in 
the  figure,  showing  that  the  photograph  was  taken  from 
slight^  off-axis.)  The  final  picture  of  the  set  is  at  an  angle 
of  incidence  of  42°,  some  3°  above  the  apex  angle.  It  is 
seen  that  there  was  now  asymmetry  on  the  nose  as  well  as 
over  the  entire  afterbody. 

It  would  appear,  therefore,  that,  in  this  case  at  least, 
the  afterbody  asymmetry  has  reached  the  nose  region  at  an 
angle  of  inddance  close  to  a  value  of  twice  the  nose  semi¬ 
apex  angle  (37.9°)  above  which  the  flow  over  ttie  nose  is 
seen  to  become  asymmetric.  This  is  in  agreement  with  the 
results  obtained  by  Keener  and  Chapman'^  who  estab¬ 
lished,  by  means  <A  measurements  on  a  slender  nose  in  the 
presence  of  a  decoupled  afterbody,  that  the  nose  does  not 
develop  side  force  below  an  angle  of  incidence  equal  to 
twice  the  semi-apex  angle,  even  in  the  presence  of  an 
afterbody. 

Flow  visualisation  on  the  5:1  ogive  nose,  illustrated  in 
Fig  12,  appears  to  show  a  similar  trend.  The  nose  is  again 
shown  with  the  15:1  overall  fineness  ratio,  and  at  angles  of 
inctdanceof  17°,  21°,22°and23°.  k  is  seen  that  there  was 
very  small  asymmetry  at  1 7°,  but  by  21  °  there  was  easily 
detectable  symmetry  on  the  afterbody.  By  22°  this 
asymmetry  was  well  developed,  and  by  23*  it  had  moved 
forward  to  just  aft  of  the  nose  region,  which  itself  showed 
signs  of  in^lent  asymmetry. 

On  the  basis  of  the  semi-apex  angle  relationship,  we 
would  expect  the  angle  of  incidence  for  side  force  onset  to 
be  22.8°  whereas  the  onset  angle  for  this  configuration  is 
about  15°.  Therefore,  it  would  appear  that,  as  with  the  3:1 
ogive,  asymmetry  has  again  developed  on  the  afterbody 
and  mov^  forward  to  reach  the  nose  region  by  an  angle  of 
incidenoe  approximately  equal  to  the  apex  an^e  of  the 
nose.  The  inference  to  be  made  from  these  two  cases  is 
that  the  rate  of  the  progression  of  the  afterbody  flow  asym¬ 
metry  with  increasing  incidenca  is  governed  by  the  nose 
apex  angle;  this  rate  of  progression  is  such  that  the 
^mmetry  reaches  the  nose  at  an  incidenca  for  which  an 
isolated  nose  would  be  expected  to  teach  its  onset  angle. 
Thus,  while  the  present  results  would  appear  to  agree  with 
those  of  Sarpkaya’^  in  suggesting  that  the  angle  of 
inddence  at  which  asymmetry  first  occurs  at  the  base  of  a 
long  cylindrical  body  te  independent  of  the  nose  shape,  it 
also  shows  that  the  subsequent  flow  behaviour,  as 
incidence  is  increased,  is  strongly  dependent  upon  nose 
shape.  This  aspect  is  discussed  further  in  the  following 
section.  Further  resolution  of  the  question  posed  by  the 
foregoing,  namely,  the  relationship  between  nose  and 
aftertiody  fiow  asymmetry,  is  probab^  not  possUe  with  the 
data  obtained  from  exist^  noses  as  the  5:1  ogive  nose 
has  an  apex  artgle  rather  too  dose  to  the  value  of  the  onset 
angle  for  the  15:1  fineness  ratio.  .A  4:1  ogtve  (apex  angle 
28.5°)  would  give  more  o^rtunky  to.  study  the  progression 
of  the  afterbody  flow  asymmetry  and  its  relatidnship  to 
asymmd^  on  the  nose..  Also,  k  Cwere  pMsible  to  measure 
sutface,pressures  over  tfie.eniire  body,  the  development  of 
flow  iisymmetty  jwkh  increasing  tingle  .d  inddetioe  could  be 
studied  in  tnudi  greater  detail.  .Akemativdy,  a  wake 
imagirtg  technique  such  as  a  la^  light  sh^i^  oouM  be 
used  to  study  the  streamwtM  devewprnent  of  the  vortical 
structure.  ' 


3.2  Variation  of  side  force  with  roll  angle 

As  discussed  In  the  Introduction,  when  a  slender  body 
Is  rolled  abo'ut  Its  axis  at  an  angle  of  incidence  above  that 
for  side  force  onset,  it  will,  in  general,  exhibit  a  character¬ 
istic  'swKching'  of  side  force  direction  at  cer:ain  roll  angles, 
n  is  generally  accepted*^-'*  that  the  switching  points  are 
determined  by  the  distrtrution  of  minute  imperfections  at  the 
extreme  nose  apex,  at  least  for  conditions  where  vortical 
asymmetry  Is  occurring  on  the  nose.  These  switching 
points  then  appear  to  be  charactetistic  of  a  particular  nose; 
this  view  is  supported  by  a  comparison  of  the  variation  of 
side  force  ooefficient  with  roll  atigle  for  the  three  nose 
shapes  of  the  present  tests,  as  seen  in  Rg  13.  k  is 
supposed  that  two  noses  of  nominally  the  same  axisym- 
metric  shape  would  have  different  switching  points  since  it 
wouM  be  implausible  to  suppose  that,  in  general,  manufac¬ 
turing  imperfections  would  be  reproduced.  Indeed,  it  has 
been  found,  during  the  present  tests,  that  the  switchir^ 
points  for  one  of  the  noses  changed  over  a  period  of  time; 
this  W  thought  to  be  due  to  the  nose  being  cleaned  before 
each  run,  a  process  which  eventually  resuked  in  some  of 
the  imperfections  being  smoothed  until  they  no  longer 
affect^  the  flow. 

k  became  apparent  during  the  present  tests  that  the 
flow  field  can  be  highly  unstable  in  the  neighbourhood  of  the 
switching  points.  On  a  number  of  occasions  when  CY  was 
in  the  process  of  changing  sign,  the  model  was  sxckad  into 
a  stale  of  severe  vibrston,  resulting  n  the  need  to  carry  out 
an  emergency  shut-down  of  the  tunnel  This  phenomenon 
often  occurred  over  a  small  range  of  roll  angle  and  rolling  the 
model  in  either  direction  by  as  Ettle  as  1  °  was  sufTident  to 
stop  the  vtoration.  The  vforation  was  most  severe  when  the 
variation  of  CY  with  rolt  angle  was  of  'Square  wave'  form,  and 
under  these  conditions  it  was  noticed  that  as  the  side  force 
changed  sign,  substantial  movement  of  the  model  occurred 
as  a  resuk  of  insuffident  rigidity  in  the  model  mounting,  k  is 
supposed  that  the  movement  of  the  model  resuked  In  an 
effectiva  change  in  angle  of  incidence  of  in  roll  angle  which 
was  sufficient  to  trip  the  flow  into  a  further  reversal  and  that 
thisbuikupintoavbration.  Evidently  the  ampHtuda  of  the 
oscillation  was  dependent  upon  the  resonant  frequency  and 
stiffness  of  the  mounting. 

In  many  of  the  present  configuiations,  significant  flow 
asymmetries  apparently  occur  on^  on  the  afterbody.  !n 
th^  cases,  one  might  reasonably  expect  to  re-examfne 
the  hypothesis  that  foe  switching  ^ints  are  related  to  foe 
nose  geometry  father  than  that  of  the  afterbody.  However, 
when  we'cdrnpare  foe  variation  of  side'  force  coefficient  wkh 
roil  angle  for  the  two  longer  afterbodies  but  wkh  foe  same 
nose  (3:1  ogive  in  this  case).  Fig  14  shows  that  foe  switch¬ 
ing  points  are  identical.  k  is  also  interestihg  to  examine  foe 
resuk  of  atest  in' which  the  3:1  ogive  hose  section  was 
displaced  from  ks  normal  angular  position  relative  to  foe 
akerbodybyanangleof  72°.  Fig  15  shows  that  foe 
switdiirig  points  were  aiso  displaced  tom  those  for  foe 
nose  in  ks  regdaf  poskiorv  by  art  apgie  very  cl^  to  72°. 

The  above  example  was  for  the  rriodel  at  an  inddence 
of  27°,  which  as  seen  earfisr  is  wal  below  that  at  which  flow 
asymmetry  appears  on  the  3:1  dgfye  rkm  kself.  From 
Rg  16  k  is  seen  that  tlto  swkdtii^pb^l  remain  the  same 
whether  the  angle  of  iriddehce  is  above  Cl  balmrfoatat 
which  the  flow  on  foe  nose  becomes  ^.symmetrical.  Hencek 
can  be  eonduded  that  aljhough  foe,  nose,  itself  may^xhkik  a 
symmetrical  flow  paisfri,  k  can  f  averthelses  influehce  the 
behaviour  of  the  asymm^  on  t  ie  alterbi^.  It  would 
appear  that  akftougli  the  sutoce  foe  nose  is 

hnpefeeptkify  asymmefoc  heveffoeleitt  there  is  inherent  in 
the  flow  a  fmke  arid  persistent  asymmetry  oonveded  with 
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the  stream  which  is  captible  of  triggering  afterbody 
asymmetry.  This  mechanism  appears  to  be  another 
example  of  the  influence  the  nose  has  over  the  afterbody 
flow,  in  addition  to  that  of  the  rate  of  forward  movement  of 
the  afterbody  asymmetry. 

3.3  Reynolds  number  effects 

In  section  3.1 ,  reference  was  made  to  Reynolds 
number  effect  on  the  variation  of  CY  with  angle  of  Inddencs. 
Throughout  the  present  experiments,  tfiere  was  evidence 
that  at  a  Reynolds  number  of  about  0.7  x  1 0^,  skfs  force  is 
smaller  than  at  the  higher  values  and  that  from  about 
1.0  X 10^,  the  maximum  CY  remains  virtually  constant  as 
Re  is  increased. 

In  order  to  obtain  greater  understanding  of  this  vari¬ 
ation,  measurements  have  been  made  at  the  lowest  practic¬ 
able  value  of  Re.  This  was  provided  when  the  tunnel  was 
run  at  M  -  0.1  at  atmospheric  pressure,  it  being  presup¬ 
posed  that  compressibility  effects  were  negligiile  at  these 
Mach  numbers.  Unfortunately,  this  resulted  in  a  deterio¬ 
ration  of  repeatability  in  the  measured  side  force  coef¬ 
ficients  —  a  variation  of  up  to  0.3  was  seen  at  constant 
angle  of  incidence  This  was  possibly  due  to  a  mismatch  of 
the  balance  to  the  tow  level  of  loads  being  measured. 

Fig  1 7  shows  the  variation  of  CY  with  angle  of 
Incidence  for  the  3:1  ogive  nose  with  15:1  fineness  ratio,  h 
is  seen  that,  as  stated  above,  for  Reynolds  numbers  of  2.0 
and  1 .3  million,  the  values  of  maximum  side  force  coef¬ 
ficient  are  veiy  similar,  while  at  0.7  millton  the  value  is  more 
than  halved.  For  these  three  values  of  Reynolds  number 
side  force  onset  occurs  near  the  value  established  in 
section  3.1  for  a  fineness  ratio  of  15:1 .  At  0.35  million, 
however,  a  very  different  pattern  emerges.  Taking  into 
account  the  laige  amount  of  scatter  menttoned  earlier,  the 
side  force  appears  to  remain  near  zero  until  the  angle  of 
incidence  approaches  twice  the  semi-apex  angle  of  the 
nose.  Side  force  then  increases  rapidly,  reaching  a 
maximum  value  higher  than  at  the  other  values  of  Reynolds 
number. 

These  results  agree  in  general  with  the  findings  of 
Champigny’^  who  demonstrated  that  CY  changes  rapidly  in 
the  range  of  Reynolds  number  0.4  to  0.6  million;  this  vari¬ 
ation  was  found  to  be  accompanied  by  changes  in  the 
longitudinal  distribution  of  CY  on  a  slender  b^.  Addition¬ 
ally,  it  would  appear,  from  this  single  case,  that  the  appear¬ 
ance  of  asymmetric  flow  on  the  afteibody  is  strongly 
dependent  on  Reynolds  number. 

It  may  well  be  that  the  variation  of  CY  with  Reynolds 
number  Is  related  to  flow  changes  in  the  nose  apex  region 
where  flow  visualiswliori  has  shown  that  sub-critical,  trws- 
critical  and  super-critical  boundary  layer  conditions  all  exist 
in  a  small  area  The  fact  that  the  Reynolds  number  effect 
has  been  observed  at  angles  of  incidence.betow  whidi 
asymmetric  flow  is  seen  oh  the  nose  sugge^s  that  the  nose 
flow  again  influences  the  flow  over  the  afterbody  in  a  similar 
manner  to  th^  described  earner.'  Unfortunately,  the  flow 
visuafisatton  sufv^  that  has  been  carried  but  was  insuf¬ 
ficient  to  provide  clear  evidence  of  these  effects.  Cl^, 
further  investigattons  in  this  area  are  required. 


4  ppNCLUaOl^  AND  FUTURE  WORK 

T^  have  been  carried  out  ort  a  sUhdaf  t^  of 
revolution'to  investigate  the  effects  of  finene^  rate  arid 


nose  apex  angle  on  the  angle  of  incidence  at  which  side 
force  onset  occurs,  and  the  way  in  which  this  phenomenon 
is  influenced  by  Reynolds  number.  The  development  of  flow 
asymmetry  has  also  been  examined  using  flow 
visualisation. 

^  It  has  been  found  that,  for  high  values  of  fineness 
rate  and  high  semi-apex  angle,  the  onset  angle  is 
dependent  only  on  fineness  ratio,  while  for  tow  fineness 
ratio  and  tow  apex  angle,  the  onset  angle  becomes  purely 
apex  angle  dmndent  An  expression  derived  empirically 
by  Sarpl^a'*  for  blunt  nosed  cylinders  has  been  found  to 
produce  a  reasonable  collapse  of  measured  onset  angle  for 
configurations  in  the  former  category,  while  the  generally 
accepted  dependence  on  semi-apex  angle  appears  to  a^ly 
for  configurations  of  the  latter  type. 

The  former  case  has  been  found  to  be  assodated  with 
the  development  of  vortical  asymmetry  on  the  cylindrical 
afterbodies  of  the  configurations  tested,  and  the  asym¬ 
metry,  having  first  appeared  near  the  base  of  the  model 
progresses  forward,  reaching  the  tapered  nose  region  at  an 
angle  of  incidence  dose  to  twice  the  semi-apex  angle  of  the 
nose.  Asymmetry  was  seen  in  the  surface  flow  pattern  on 
the  nose  for  angles  of  incidence  just  above  this  value.  It  is 
conduded  from  this  that  the  rate  at  which  flow  asymmetry 
on  the  afterbody  moves  fbrerard  with  increasing  angle  of 
incidence  Is  governed  by  the  nose  geometry.  However,  the 
question  of  whether  the  development  of  asymmetries  on  the 
afteibody  and  on  the  nose  are  two  separate  mechanisms,  or 
whether  they  are  linked  is  not  resolved — this  might  be 
ciarified  by  further  tests  with  a  nose  of  apex  angle  of  about 
2S°  to  brx^a  the  gap  between  the  noses  at  present 
available.  Measurement  of  surface  pressures  on  the  nose 
and  afterbody  of  bodies  of  high  fineness  ratio  might  atoo 
assist  the  investigation,  by  providing  a  more  precise 
measure  of  the  development  of  asymmetry  than  that 
allowed  by  surface  flow  visualisation. 

When  the  model  was  rolled  at  a  constant  angle  of 
incidence  above  that  for  side  force  onset,  the  expected 
characteristic  'switching'  of  side  force  direction  was  seen. 
The  roll  angles  at  which  this  occurred  were  found  to  be  a 
characteristic  of  the  particular  nose  used  and  were  unaf¬ 
fected  by  the  choice  of  afterbody  length.  The  switching 
points  atoo  remained  at  the  same  positicns  throughout  the 
incidence  range  covered.  This  im^ies  that  even  for  angte 
of  incidence  at  which  vortical  asymmetry  existed  on  the 
afterbody  only,  the  nose  oontrolled  the  orientation  of  the 
asymms^. 

The  effect  of  Reynolds  number  on  side  force  was  also 
investigated  during  the  present  tests.  For  values  of  0.7 
millton  and  above  this  appears  to  have  tittle  influence  on  the 
angle  of  incidence  for  side  fores  onset  or  the  angle  of  roll  at 
which  dhecten  switching  occurs.  There  does,  however, 
appear  to  be  a  sharp  change  in  the  magnitude  of  side  force 
at  about  Re<«0.7x1oP.  At  this  Wilue,  the  maximum  CY 
measured  was  less  than  half  that  at  higher  Reynolds  num¬ 
bers,  and  the  rriaximumCY  at  the  high^  two  Re  values 
waseonstahL  At  tower  Reynolds  riurhbers  there  appear  to 
be  major  changw  in  the  way  in  which  the  flow  over  the  body 
develops,-  and  the  magnitude  of  maxirrium  sUe  force  coef¬ 
ficient  appears  to  be  highsart  at  fow  Reynolds  nijmbi^.  How¬ 
ever,  fui^r  woifc  is  required  in  Mis  area  in  order  to  identify 
the  f  tow  features  which  rh^ht  accduiit  for  the  Reynolds 
number  effects:  These  large  scato  effects' highlight  the 
need  to  cany  out  tests,  such  as  thc^  prcMtited  here,  over 
a  range  of  R^nblds  numbers  In  this  res|^”acceM  to  a 
high  Reynolds  riDinber  fadfify,  such  as  the  RAE 
Famborough  5  metre  Wind  Tunnel,  is  very  important 
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LIST  OF  SYMBOLS 

a  (alpha)  angle  of  incidenca 
Ognut  angle  of  incidence 

CN  normal  force  coefficient 

CY  side  force  coefficient 

Cf>  pressure  coefficient 

Re  Reynolds  numtter 

eA  (theta)  nose  semi-apex  angle 
I  overall  length  of  slander  body 

d  body  diameter 

I/d  fineness  ratio 
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1  -  INTRODUCTION 
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En  dcoulement  tridimensionnel ,  1e  ddcollement  cond¬ 
uit  i  1a  formation  de  structures  tourbillonnalres 
formdes  par  enroulement  de  1a  "nappe'*  de  fluide 
visqueux  qui,  Jusqu'alors  collde  A  la  parol  en  une 
couche  mince,  surgit  brusquement  au  sein  de  T'dcou- 
lement  externe  non  dissipatif.  La  comprehension 
physique  de  ce  phenombne  doit  s'appuyer  sur  une 
analyse  rationnelle  du  champ  faisant  appel  A  la 
theorie  des  points  critiques.  On  peut  ainsi  donner 
une  interpretation  correcte  des  spectres  parietaux, 
veritables  empreintes  du  champ  externe,  et  decrire 
avec  precision  I'organisation  des  enroulements 
tourbillonnalres.  Cette  demarche  est  appllquee  A 
des  ddcollements  engendrds  sur  des  corps  de  forme 
typique  dont  1e  champ  a  ete  soigneusement  etudie  A 
partir  de  visualisations  et  d'exploratlons  par 
sondes  mu1t1-trous  et  vdlocimetrie  laser.  Le 
probieme  de  Vdclatement  tourbillonnaire,  si  impor¬ 
tant  dans  de  nombreuses  applications,  est  discute 
de  fagon  plus  rapide,  le  sujet  mdritant  A  lui  seul 
une  communication  entidre. 


SUMMARY 


Le  vol  A  grande  incidence  des  avions  de  combat  ou 
bien  des  vdhicules  hypersoniques  lors  de  leur  phase 
de  rentrde  et  aussi  des  missiles  tactiques  confAre 
un  interlt  pratique  evident  A  I'etude  des 
dcoulements  tridimensionnels  ddcolies.  Les  applica¬ 
tions  concernent  dgalement  les  ecoulements 
internes,  les  prises  d'air  et  les  turbomachines  en 
particulier,  oCi  la  gdometrie  souvent  complexe  du 
canal  ainsi  que  la  presence  eventuelle  d'ondes  de 
choc  provoquent  presque  immanquablement  le  ddcolle- 
ment  de  la  couche  limite. 

Or,  en  tridimensionnel,  le  decollement  entraine  la 
formation  de  structures  tourbillonnaires  -  appeldes 
pour  simplifier,  mais  improprement,  tourblDons  - 
formdes  par  enroulement  de  la  "nappe"  de  fluide 
visqueux  qui,  jusqu'alors  collde  A  la  paroi  en  une 
couche  limite  mince,  surgit  au  sein  de  1'dcoulement 
externe  non  dissipatif.  Bien  que  connu  depuis  long- 
temps,  le  phdnomAne  est  encore  incomplAtement  dluc- 
idd  sur  le  plan  physique  et  sa  moddlisation  se 
heurte  A  des  difficultds  sArieuses  en  raison  de  la 
complexitd  du  champ  adrodynamique  dont  il  est 
difficile  de  capturer  tous  les  composants. 
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In  three-dimensional  flows,  separation  leads  to  the 
formation  of  vortical  structures  resulting  from  the 
rolling  up  of  the  "sheet"  of  viscous  flow,  initial¬ 
ly  contained  in  a  thin  boundary-layer,  which 
springs  out  from  the  obstacle  surface  into  the 
outer  perfect  fluid  flow.  A  clear  physical  underst¬ 
anding  of  this  phenomenon  must  rely  on  a  rational 
analysis  of  the  flowfield  calling  upon  the  critical 
points  theory.  With  this  theory  it  is  possible  to 
correctly  interpret  the  surface  fow  patterns  which 
constitute  the  imprints  of  the  outer  flow  and  to 
give  a  rational  description  of  the  vortical  system. 
This  kind  of  analysis  is  applied  to  separated  flows 
generated  by  typical  bodies,  the  field  of  which  has 
been  carefully'  investigated  by  means  of  visualizat¬ 
ions  and  surveys  using  multi-hole  probes  and  laser 
vel'ocimetry.  The  problem  of  voVtex  '  breakdown,  so 
important  for  a  large  number  of  applications,  is 
discussed  more  rapidly,  the  subject  being  worth  of 
a'  full  paper. 


De  nombreuses  mdthodes  de  prAvision  sont  basAes  sur 
des  noddles  de  fluide  parfait,  les  premiers  d'entre 
eux  faisant  appel  au  concept  de  nappes  tourbillonn¬ 
aires  -  en  tant  que  surface  de  discontlnuitA  du 
champ  de  vitesse  -  avec  discrAtisation  suivant  dif- 
fArents  procAdAs  (doublets,  filaments  tourbillon¬ 
naires,  particules  tourbillons,  etc...).  Les 
travaux  dans  ce  domaine  sont  trop  nombreux  pou"  que 
nous  les  citions  ici.  Un  plus  grand  rAalisme  dans 
la  description  de  I'Acoulement  a  ensuite  AtA  obtenu 
par  la  rAsolution  directe  des  Aquations  d'Euler 
compldtes,  ce  qui  pehnet  -  en  thAorie  -  une  capture 
automatique  des  discontinuitAs  du  type  nappe 
(Hitzel  et  Schmidt,  1984;  Rizzi  et  Eriksson,  1984; 
Borrel  et  al.,  1988;  Siclari  et  Del  Guidice,  1990; 
Lordon  et  al.  1990).  Toutefois,  les  meddles  de 
fluide  parfait,-  dont  certains  donnent  une  bonne 
description  des  dAcolTemehts  autdur  de'  configura¬ 
tions  cd^Texes,  sent  incapables'de  prtdire  le  phA- 
noindne 'de'isApiritfdn  lui-mime  dui  est' -  par' essence 
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-  un  processus  visqueux.  Ce  n'est  que  dans  des  sit¬ 
uations  bien  particuliires  (bord  d'attaque  ou  bord 
de  fulte  algu  d'une  aile,  culot  franc  d'un  project¬ 
ile)  que  le  "sens  comnun"  ou  bien  la  viscositd  num- 
drique  du  code  de  calcul  pemettent  de  situer 
1'origine  de  la  nappe  tourbillonaire.  Quand  le  ddc- 
ollement  se  produit  sur  un  obstacle  rdgulier,  dont 
1a  surface  a  partout  un  rayon  de  courbure  grand 
devant  I'dpaisseur  de  la  couche  limite  locale,  la 
ligne  de  separation  est  une  donnde  du  probldme  de 
fluide  parfait.  Elle  doit  Stre  fournie,  soit  par 
des  correlations  empiriques,  soit  par  un  calcul  de 
couche  limite  qu'il  conviendra  eventuellement  de 
coupler  avec  le  calcul  de  1'ecoulement  extdrieur. 


ultent  est  mise  en  evidence,  en  particulier  par 
1'analyse  de  situations  ou  des  structures  peuvent 
s'organiser  en  plusieurs  centres  tourbillonnaires. 

Enfin,  le  phenomene  de  redatement  tourbillonnaire 
-  si  important  dans  de  nombreuses  applications  - 
est  bibvement  discute,  le  sujet  meritant  i  lui  seui 
une  communication  entiere.  II  s'agit  plutSt  d'une 
introduction  au  probUme  basde  sur  I'examen  de  cer¬ 
tains  aspects  experimentaux. 

2  -  DECOLLEHENT  EN  ECOULEHENT  TRID1HEN510NNEL 

2.1  -  REHARQUES  INTRODUCTIVES 


I 
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Une  solution  vraiment  satisfaisante  au  probieme  ne 
peut  etre  apportde  que  par  la  resolution  des  equat¬ 
ions  de  Navier-Stokes  qui  contiennent  le  phenomene 
dans  sa  global ite.  Cette  approche  souieve,  bien 
evidemment,  de  nombreux  probUmes  sur  le  plan  nume- 
rique,  sur  celui  de  la  model isation  de  la  turbulen¬ 
ce  et  exige  des  ressources  informatiques  1iiq>ort- 
antes.  Toutefois,  les  rdsultats  deja  publids 
montrent  que  de  tels  calculs  permettent  une  repre¬ 
sentation  trbs  fidbles  des  phenomenes,  notamment 
dans  les  regions  de  formation  des  ddcollements 
(Kordulla  et  a1.,  1986;  Elsenaar  et  Eriksson,  1986; 
Rizzetta  et  Shang,  1986;  Fuji  et  Schiff,  1989;  Han, 
1989;  Thomas  et  Newsome,  1989;  Hong  et  a1.,  1989; 
Chima  et  Yokota,  1990;  Hsu  et  Liu,  1990;  Hartwich 
et  Hall,  1990). 

II  est  remarquable  que  ces  progres  spectaculaires 
dans  le  domaine  thdorique  aient  ete  accompagnes, 
sur  le  plan  experimental,  par  une  veritable  percde 
en  matiere  de  metrologie.  En  effet,  grSce  au  deve- 
loppement  de  techniques  d'exploration  fines  par 
sondes  de  pression  multi-trous  et  surtout  par  veio- 
cimetrie  laser,  on  est  ddsormais  en  mesure  de 
definir  avec  precision  la  structure  d'ecoulements 
compl exes . 

Dans  cette  communication,  nous  nous  proposons  d'ut- 
iliser  ces  renseignements  experimentaux  pour  donner 
une  description  des  processus  de  decollement  tridi- 
mensionnel  et  de  formation  des  enroulements  tour- 
billonaires.  II  s'agira  de  ddgager,  ou  de  rappeler, 
certaines  "evidences’  physiques  dont  la  connais- 
sance  est  indispensable  i  la  bonne  comprehension 
des  ecoulements  ddcolies  tridimen  sionnels  et  i 
revaluation  des  modeiisations  numdi  iques. 

On  considbre  d'abord  le  probieme  du  decollement 
proprement  dit  -  ou  separation  -  en  ecoulement  tri- 
dimensionnel  oil  cette  notion  doit  Otre  soigneu- 
sement  ddfinie.  Le  passage  du  bidimensionnel  au 
tridimensionnel  oblige  ,  en  effet,  t  reconsiderer 
compietement  la  question  par  1' introduction  de  con¬ 
cepts  plus  gendraux  et  une  terminologie  precise. 

Le  deuxieme  aspect  examine,  est  celui  du  develop- 
pement  du  tourbillon  qui,  progressivement, 
"decolle"  de  la  surface  de  1 'obstacle  en  croissant 
en  intensite  et  en  taille.  Oifferents.  modes  de  ge¬ 
neration  des  tourbillons  sont  etudjes  en  conside- 
rant  des  decoll^nts  sur  des'  maqueUes  de  ferae 
typique.  L'organisation.  des. ecoulements, qui  en  rds- 


Pour  un  ecoulement  bidimensionel  stationnaire,  il 
est  gendralement  admis  que  le  decollement  se  pro¬ 
duit  quand  le  frottement  parietal  s'annule  en  un 
point  D,  appeie  point  de  decollement.  En  aval  de  D, 
il  existe  une  region  oil  est  ndgatif,  la  distri¬ 
bution  de  Vitesse  selon  une  normale  t  la  surface  de 
1' obstacle  comportant  -  prbs  de  la  paroi  -  une  zone 
oil  la  composante  longitudinale  u  est  e  centre  cour- 
ant  de  1'ecoulement  principal.  Souvent,  t  une 
certaine  distance  en  aval  de  D,  1'ecoulement  recol- 
1e  en  un  point  R  oil  le  frottement  parietal  repasse 
par  zero  pour  redevenir  positif.  Comme  indique  sur 
le  schema  de  la  figure  la,  1'ecoulement  s'organise 
en  un  bulbe  de  recirculation  -  appeie  parfois  tour¬ 
billon  •  oil  les  lignes  de  courant  sont  des  courbes 
referades  sur  e11es-m6iiies.  Une  ligne  particulibre, 
la  ligne  de  courant  discrininatrice  joint  le  point 
de  decollement  D  au  point  de  recollement  R.  Elle 
sdpare  le  fluide  pidgd  dans  le  bulbe  du  fluide 
s'ecoulant  de  1'infini  amont  vers  I'infini  aval., 

En  ecoulement  tridimensionnel,  la  definition  du 
decollement  e  partir  du  passage  par  zero  du  frot¬ 
tement  parietal  est  inadequate  et  memo  inopdrante. 
En  effet,  sur  un  obstacle  tridimensionnel,  il 
n'existe  pas  en  gdndral  de  directions  privildgides 
le  long  desquelles  le  signe  du  frottement  -  qui  est 
alors  un  vecteur  frottement  -  a  une  signification 
physique  bien  ddfinie,  exceptd  dans  des  situations 
trfes  part iculi feres,  telles  qu'un  plan  de  symdtrie 
ou  bien  une  configuration  d'aile  en  fifeche  d'enver- 
gure  infinie.  En  outre,  le  schema  de  la  figure  la 
ne  correspond  plus  fe  la  rdalitfe,  I'dcou'.ement  tri¬ 
dimensionnel  ayant  la  possibilitd  de  ddvelopper  des 
composantes  de  Vitesse  transverses  qui  permettent 
au  fluide  de  s'fechapper  latdralement.  Au  schdma  la, 
doit  fetre  substitud  le  schema  lb  oCi  -  dans  le  plan 
considird  -  la  "ligne  de  courant*  stagnant  au  point 
de  recollement  R  est  distincte  de  celle  dmanant  du 
point  de  dfecollement  0,  le  fluide  qui  s'dcoulfe 
entre  ces  deux  lignes  s'fechappant  dans  le  tourbil¬ 
lon  T.  Hals  ces  notions  demandant  <i  fetre 
approfondies. 

Les  concepts  du  bidimensionnel  sonc  en  fait  inuti- 
lisables  en  tridimensionnels  oil  Te'ur  emploi,  ainsi 
que  celui  de  la  terainologie  associfee,  sont.  souvent 
sources  de  confusion.  La  prwifere  .tentative  pour 
donner  une  definition  ratiqnnelle  et  genferale  du 
decqlleiwnt  tridimensjonnel  est  probaUement  due  fe 
Haslwll  7(1955).  .Toutefois,  les  progrfes  dfecisifs 
dans  ce  domaine  ont  fete  apportfes  par  Tes-refiexi.ons 
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de  Legendre  (1956,  1977),  d'OswatItsch  (1958)  et  de 
Lighthlll  (1963).  Ces  considerations  s'app''1quent, 
notament,  aux  structures  parcels  tris  complexes 
rdvdldes  par  les  visualisations  parldtales  par 
endult  visqueux,  qui  tnoyennant  certaines  precau¬ 
tions,  peuvent  Stre  asslmiiees  au  spectre  des 
lignes  de  frottement  sur  I'obstacle.  Ces  visuali¬ 
sations,  qui  apportent  des  Informations  capitales 
sur  la  structure  des  dcoulements  tridimenslonnels, 
sont  largement  utHlsdes  pour  diagnostiquer  les 
decollements.  Mals  predsons  ces  notions. 


(1)  _ _ 

Ces  equations  definissent  une  Infinite  de  courbes 
appeUes  caractdrlstlques  ou  trejectofres  qui 
s'identiflent  aux  lignes  de  frottement.  En  general, 
par  chaque  point  de  la  surface  passe  une  trajec- 
tolre  et  une  seule.  Les  seuls  points  ne  satls- 
faisant  pas  i  cette  rbgle  sont  les  points  slngu- 
llers  du  systeme  (1)  oti  1e  frottement  s '  annul  e, 
c'est-e-d1re  ou  1'on  a  slmultanement; 


2.2  -  LA  THEORIE  DES  POINTS  CRITIQUES 

Les  considerations  qui  solvent  s'appllquent  i  un 
ecoulement  statlonnaire,  done  en  prIncIpe  laml- 
nalre.  En  fait,  11  est  possible  d'inclure  dans  la 
discussion  les  dcoulements  turbulents  k  condition 
de  conslddrer  un  c/iamp  aoyen  dont  1es  proprietes 
sont  definles  e  partir  de  moyennes  temporelles  1n- 


T,  (  X  ,  z  )  =  0 


T,  (  X  ,  z  )  =  0 


Pour  etudler  Tallure  des  trajectolres  au  volsinage 
d'un  point  singuller  Pj  (  x,  z  ),  recherchons  une 
solution  sous  forme  d'un  developpement  de  Taylor 
Unite  au  premier  ordre:' 


ddpendantes  du  temps.  Les  reprdsentatlons  dites 

T,(X  , 

.  z)  = 

1 

-  Xj)  + 

f 

-  ^o) 

stationnalres  sont  fictives  mals  elles  sont  cohd- 

i  ax 

i  az 

rentes  avec  une  moddllsatlon  faisant  appel  d  la 
notion  de  moyenne  au  sens  de  Rey.'iolds  et  done  une 

T,(X  , 

.  2)  = 

^0 

'i 

"o 

approche  thdorique  fondde  sur  les  dquatlons  de 

(ar 

(X 

-  Xo)  + 

-  Zo) 

Navler-Stokes  moyenndes  en  temps. 
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Comne  on  1e  salt,  quand  la  distance  y  A  la  parol 
d'un  obstacle  tend  vers  zero,  la  direction  du 
vecteur  vltesse  -  dont  1e  module  est  nul  i  la  parol 
•  tend  vers  une  llmite  collndalre  avec  celle  du 
vecteur  frottement  ptriiUl  r^.  En  meme  temps,  la 
ligne  de  courant  tend  vers  une  position  llmite 
appeUe  ligne  de  courant  Unite,  ou  encore  ligne  de 
courant  pariitale.  En  vertu  de  ce  qui  vient  d'etre 
dit,  cette  ligne  est  dgalement  une  trajectoire,  ou 
ligne  de  force,  du  champ  des  vecteurs  Tp:  pour 
cette  raison,  on  I'appelle  aussi  ligne  de  f rot- 
tenent,  concept  qui  nous  semble  plus  convenable  et 
que  nous  adopterons  par  la  suite,  car  11  est  a$- 
socie  e  une  grandeur  physique  mesurable,  i  savoir 
le  frottement. 

La  discussion  du  probUme  du  ddcollement  en  dcoul- 
ement  tridimenslonnel  s'appule  sur  la  thdorle  des 
points  critiques.  Cette  thdorle,  qui  ddcoule  des 
travaux  de  Poincard  (1892)  sur  les  points  singu- 
llers  des  systdmes  diffdrentlels,  envisage  dans  sa 
gdndralltd  un  espace  A  n  dimensions.  Toutefols, 
pour  des  ralsuns  de  simpllcltd,  nous  considdrerons 
dans  ce  qui  suit  1 'espace  d  deux  dimensions  const- 
Itud  par  la  surface  d'un  obstacle.  Les  Implications 
pour  rdcoulement  d  trols  dimensions  seront  utl- 
Hsdes  par  la  suite  dans  I'examen  des  enroulements 
tourblllonnalres,  mals  sans  Justification 
thdorique. 

Solt,  dans  ces  conditions,  un  systdme  d'axes  ortho- 
normds  -local  (  x  ,  z  )  repdrant  la  position  d'un 
point  sur  la  surface  et  ddsignons  par  t,  (  x  ,  z  ) 
et  T,  (  X  ,  z  )  les  composantes  de  Tp  selon  x  et  z 
respectivement. 

En  dcoulement  stationnaire  les  lignes  de  frottement 
parldtales  sont  rdgles  par  le  systdme  diffdrentlel 
autonome  (Inddpendant  du  temps): 


Dans  ce  qui  suit,  par  commodltd  nous  placerons 
I'origine  au  point  Pj  et  nous  supprimerons  I'indice 
0,  d'ou  le  systdme: 


T—  X  +  z 
9x  9Z 


irx"  aT^ 


Supposant  que  les  ddnvdes  partlelles  de  t,  et  t, 
ne  sont  pas  slmultandmenc  nulles  au  point  singuller 
et  ddsignant  pa,  x  et  ^  deux  constantes,  nous 
pouvons  dcrire: 


_ A  dx  +  n  dz _ 

Une  solution  est  recherchde  en  mettant  (2)  sous  la 
forme  d'une  ddrivde  logarlthmique,  solt: 


d(A  X  T  n  z)  _ _ A  dx  T  |i  dz _ 

S(A  X  +  11  Z)  "  /ar,  ar,  1  far,  ar,  \ 
lax  *  az  “[ax  *  az 

Une  telle  forme  est  possible  si  les  conditions  sul- 
vantes  sont  satisfaltes  simultandment: 

/  ar  \  ar 

lar-5)^-3r'*  =  ‘> 

_At(  — -S).  =  0 

Pour  que  ce  systdme  homogdne  en .(  a  ,  |i  )  admette 
des  'solutions  non  trivlales,  11  esi  ndcessalre* que 
son  ddtermlnant  self  nuly  d'oD  la  cdndltlon'sur  S:' 


A  dx  T  |i  dz 


Le  comportement  des  lignes  de  frotternent  au  voisi- 
nage  du  point  singuller  -  ou  critique  -  Pg  est  dd- 
termind  par  la  nature  des  solutions  de  I'dquatlon 
(3),  c'est  d  dire  par  le  caractdre  rdel  ou  Ima- 
glnalre  alnsi  que  le  slgne  des  valeurs  propres  S, 
et  Sj  solutions  de  (3). 

Introdulsant  la  matrlce  Jacoblenne: 


3-r. 

3X 

dX 

fiL 

dZ 

dZ 

un  foyer  (voir  Fig.  3d).  SI  p  est  nul  pour  q 
positif  (zone  III),  le  point  singuller  n'est  pas 
attaint.  Alors,  les  trajectolres  sont  des  courbes 
femdes  ayant  une  allure  d'elllpse  (Fig  3e).-  te 
point  singuller  est  appeld  un  centre. 

SI  q  =  0  (rdglon  I  dans  le  plan  [  p  ,  q  ]),  la 
solution  prend  1'allure  schdmatlsde  Fig.  3f  qui 
peut  dtre  Interprdtde  coime  une  suite  Infinie  de 
noeuds  ou  de  cols. 

Selon  les  cas,  coiniie  Indlqud  sur  la  figure  2,  les 
trajectolres  sont  parcourues  solt  en  s'dlolgnant, 
solt  en  s'approchant  du  point  singuller.  D'aprds  la 
temlnologle  mathdmatlque  habituelle,  le  point  cri¬ 
tique  est  alors  dit  stable  ou  Instable.  En  mdca- 
nlque  des  fluldes,  ou  les  trajectolres  sont  Inter- 
prdtdes  conme  des  lignes  de  courant  ou  de  frotte- 
ffient,  le  point  singuller  sera  dit:- 


et  posant: 


p  =  -  trace  de  F  et  q  =  ddterrainant  de  F 
les  valeurs  propres  sont  donndes  par: 


--  i' attacheaent  si  I'dcoulement  s'en  dioigne, 

de  siparatfon  s' 11  s'en  rapproche. 

Coimie  nous  le  verrons  dans  ce  qui  suit,  les  cols  et 
foyers  sont  dtroltement  lids  au  phdnomdne  de 
ddcol  lenient. 


les  diffdrents  types  de  comportement  obtenus  en 
fonction  des  valeurs  propres  sont  situds  dans  le 
plan  [  p  ,  q  ]  de  la  figure  2  et  les  trajectolres 
au  volsinage  des  points  critiques  sont  dessindes 
Fig.'  3.  La  reprdsentatlon  adoptde  est  la  forme  ca- 
nonlque,  c'est-i-dire  que  les  vecteurs  propres  sont 
perpendiculalres  (pour  le  ddtall  des  calculs,  voir 
Chanetz,  1986).,  Cette  forme,  qui  peut  toujours  dtre 
trouvde  par  un  changement  de  coordonndes  approprid, 
correspond  physiquement  d  des  situations  au  vols¬ 
inage  de  plans  de  symdtrle.  II  est  i  noter  que  le 
probldme,  tel  qu'11  a  dtd  posd,  est  Inddtermind, 
les  paramdtres  X  et  ii  pouvant  dtre  cholsis  arblt- 
rairement.  Une  solution  au  probldme  de  mdcanique 
des  fluldes  exigeralt  1' insertion  des  ddvelop- 
pements  dens  les  dquatlons  de  Navler-Stokes. 


SI  les  deux  raclnes  S,  et  Sj  sont  rdelles  et  dls- 
tlnctes,  le  point  singuller  est  du  type  noeud. 
Alors,  toutes  les  trajectolres  -  sauf  une  -  ont  en 
Pg  une  tangente  commune  (voir  Fig.  3a).  Dans  le  cas 
oil  les  deux  valeurs  propres  sont  dgales  (points 


situds  sur  la  parabole  II  d'dquatlon  q 
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les  trajectolres  ont  toutes  des  pentes  diffdrentes 
en  Pg.  Le  noeud  est  alors  dit  isotrope  (voir  Fig. 


SI  les  valeurs  propres  sont  rdelles  et  de  signes 
contralres  (e'est-i-dire  si  q  est  ndgatif),  le 
point  singuller  est  du  type  col.  Alors,  seules  deux 
courbes  solutions  passent  par  Pg  ,  les  autres 
I'dvitent  en  prenant  des  allures  en  forme  d'hyper- 
bole,  conme  Indlqud  sur  le  schdma  de  la  figure  3c. 


Les  noeuds  et  les  foyers  sont  en  fait  topologl- 
quement  dquivalents:  ce  sont  des  ‘sources*  ou  des 
‘pults*  de  lignes  de  frotternent.  Compte  tenu  de 
cette  remarque,  on  dtabllt  la  relation  sulvante 
entre  la  somne  des  noeuds/foyers  et  la  soimie  des 
cols  pour  un  corps  Isold  simplement  connexe: 

2]  noeuds  -  cols  =  2 


Cette  relation  peut  dtre  utile  pour  s'assurer  de  la 
cohdrence  de  la  description  d'un  dcoulement  trldl- 
menslonnel  en  termes  de  points  critiques.  11  faut 
toutefols  blen  garder  prdsent  d  1 'esprit  le  fait 
qu'elle  s'appllque  d  un  obstacle  couplet. 

Les  deux  trajectolres  passant  par  un  col  sont 
appeldes  siparatrices  ou  lignes  siparatrices.  Nous 
verrons  qu'elles  Jouent  un  rSle  spdclal  et  Impor¬ 
tant  dans  la  topologle  d'un  champ. 

Blen  que  relatlvement  anclenne  pour  son  application 
k  la  mdcanique  des  fluldes,  la  thdorle  des  points 
critiques  connalt  un  regain  d'IntdrSt  suseltd  par 
le  besoln,  ddja  mentioned,  de  disposer  d'un  cadre 
ratlonnel  pour  apprdhender  les  dcoulements  trldl- 
menslonnels  complexes  (Perry  et  Falrlie,  1974; 
Hang,  1975;  Tobak  et  Peake,  1978;  Oallmann,  1983; 
Homung  et  Perry,  1984;  Perry  et  Chong,  1987).  En 
outre,  cette  thdorle  constitue  un  outll  prdcleux 
pour  Interprdter  et  analyser  les  masses  de  rdsul- 
tats  prodults  par  les  moyens  modemes  de  mesure  et 
dejralcul  appHquds  k  1'dtude  et  A  la  prdvislon  des 
dcouleme.its  tridimenslonnels  (Kaynak  et  a1.,  1986; 
Mehta  et  Lim,  1986;  Doerffer  et  Oallmann,  1989a  et 
b). 


SI  les  valeurs  propres  sont  Imaginalres  conjugudes, 
les  trajectolres  aboutlssent  toutes  au  point  sin¬ 
guller  en  s'enroulant  autour  de  lul  pour  constituer 


2.3  -  SEPARATION  ET  AHACHEHENT 

La  situation  la  plus  sliqile  est  celle  d'un  corps 


mm- 
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fuse14  i  Incidence  nolle,  ou  tr^s  falble,  dent  1e 
spectre  parldtal  conporte  on  noeud  d'attachement  au 
point  d'arrSt  et  on  noeud  de  ddcol lenient  i  I'arrlt 
re.  Les  lignes  de  frottement  enveloppant  1'obstacle 
ont  pour  origine  1e  noeud  d' attachment.  Elies  se 
terminent  toutes  au  noeud  de  ddcollement,  coinne  1e 
montre  la  figure  4a.- 

On  dira  que  rdcoulement  sur  un  tel  corps  est 
dicolli  -  suite  i  un  accrolssement  de  1'incldence 
par  example  -  si  son  champs  parldtal  contlent  plus 
de  deux  noeuds.  Puisque  les  lignes  de  frottement 
passant  par  des  noeuds  de  mSme  nature  ne  peuvent  se 
crolser,  un  point  critique  -  obllgatolrement  du  ty¬ 
pe  col  -  dolt  Stre  placd  quelque  part  entre  ces 
deux  noeuds  (voir  Fig.  4b).  On  en  conclut  que  tout 
dcoulement  tridimenslonnel  ddcolld  possbde  au  molns 
un  col  par  oil  passent  deux  lignes  de  frottement 
particuliqres  -  les  sdparatrices  -  dont  1'une  est 
appelde  la  ligne  de  sipantion.  Une  telle  ligne  dd- 
flnlt  deux  domalnes  dans  I'dcoulement  de  surface. 
Les  lignes  de  frottement  appartenant  i  ces  domalnes 
ont  des  origines  distinctes,  c'est-4-d1re  provlen- 
nent  de  noeuds  diffdrents.. 

Les  lignes  de  frottement  de  chacune  des  deux  famil¬ 
ies  longent  la  ligne  de  separation  sans  qu'11  solt 
possible  souvent  de  determiner  sur  un  spectre 
quelle  est  la  sdparatrlce  qui  -  hormis  1e  fait  qu'- 
elle  passe  par  un  col  -  ne  se  distingue  pas  des 
autres  lignes  de  frottement. 

Toutefols,  sous  1 'action  d'un  gradient  de  presslon, 
11  tend  4  se  produire  une  convergence  des  lignes  de 
frottement  volsines  vers  la  ligne  de  separation  qui 
devlent  alors  blen  distincte,  ce  phenomena  pouvant 
se  produire  loin  en  aval  du  col  origine  de  la  ligne 
de  separation.  Or,  comme  1'a  montre  tris  slmplement 
Lighthlll  (1963),  une  telle  co'ivergence  a  une  pro- 
fonde  repercussion  sur  1'dcouleaent  extdrieur. 

En  effet,  se  referant  4  la  figure  5,  considerons  un 
tube  de  courant  de  section  rectangulaire,  Infinl- 
ment  deiie,  llmite  par  deux  lignes  de  courant  (1,) 
et  (1;)  et  deux  lignes  de  frottement  (f, )  et  (fj).- 
Le  debit  massique  traversant  la  section  r.h  de  ce 
tube  de  courant  est; 

q,  =  p  n  h  V 

oil  V  est  la  valeur  moyenne  de  la  vltesse  7,  suppo- 
see  raster  paralieie  4  elle-meme  et  varler  llneai- 
rement  sur  la  distance  h  normale  localement  4  la 
parol . 


Ce  "decollement*  des  lignes  de  courant  est  d'autant 
plus  brusque  que  la  convergence  des  lignes  de  cou¬ 
rant  est  plus  rapide..  II  peut  conduire  -  comme  1e 
montreront  les  rdsultats  qui  sulvent  -  4  un  veri¬ 
table  "surglssemenf  au  sein  de  recoulement  exte- 
rleur  non  dissipatif  du  flulde  visqueux  Inltlale- 
ment  contenu  dans  la  couche  llmite.  Ce  phenomena 
est  certalnement  la  caracterlstique  la  plus  typique 
et  la  plus  spectaculaire  du  decollement  en  ecoule- 
ment  tridimenslonnel. 

Le  comportement  local  des  lignes  de  frottement  au 
volslnage  d'une  ligne  de  separation  (S)  a  fait 
1'objet  de  certalnes  discussions,  les  visualisa¬ 
tions  parietales  manquant  souvent  de  finesse  pour 
blen  distinguer  ce  qui  se  passe.  D'aprbs  le  schema 
original  de  Haskell  (19SS),  11  y  avalt  contact  en¬ 
tre  (S)  et  les  lignes  volsines,  la  ligne  de  separa¬ 
tion  apparalssant  alors  comme  un  lieu  de  points  de 
rebroussement.  Cette  Interpretation  a  ete  mise  en 
doute  par  Legendre  (1956),  puls  par  Lighthlll 
(1963),  qui  ont  avancd  qu'une  telle  concentration 
de  singularltes  etalt  hautement  Improbable.  En 
fait,  la  convergence  des  lignes  de  frottement  vers 
la  ligne  sdparatrlce  -  quand  elle  se  prodult  -  se 
fait  sans  contact. 

En  d' autres  termes,  ce  que  Ton  pourralt  appeler  le 
decollement  effectif,  en  tant  que  phenombne  carac- 
terlse  par  un  dpalsslssement  rapide  des  regions 
dissipatives,  Jusqu'4  I'envahissement  du  champ  de 
flulde  parfalt,  est  4  assocler  -  non  pas  4  la  nals- 
sance  de  la  ligne  de  separation  -  mals  4  la  conver¬ 
gence  rapide  des  lignes  de  frottement. 

Alnsi  que  nous  1'avons  deja  souligne,  cette  conver¬ 
gence  peut  survenir  asset  loin  en  aval  du  col, 
cause  rdelle  de  la  separation  au  sens  stricte. 
Cette  distinction,  en  fait  purement  quantitative 
mals  ne  portant  pas  sur  1 'essence  du  phenombne,  est 
4  1 'origine  de  blen  des  confusions  et  des  poieml- 
ques,  celle  concemant  notamment  les  concepts  de 
separation  ouverte  ou  fernSe  (Wang,  1983).  Pour 
resumer: 

-  nous  dirons  qu'11  y  a  separation  si  une  ligne 
separatrice  existe  dans  le  spectre  des  lignes  de 
frottement  parietales.-  La  presence  de  cette  ligne 
est  obllgatolrement  liee  4  la  presence  d'un  col. 

-  la  separation  effective,  que  1'on  pourra  alors 
appeler  decollement  veritable,  a  lieu  quand  11  y  a 
convergence  des  lignes  de  frottement  en  direction 
de  la  ligne  de  separation. 


i 
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Alors  nous  avons: 


relation  qui  montre  que  la  convergence  des  lignes 
de  frottement  en  direction  d'une  ligne  de  separa¬ 
tion  (  n  -«  0  )  entrafne  une  crolssance  de  h.  Autre- 
ment  dit,  les  lignes  de  courant  les  plus  volsines 
de  1 'obstacle  tendent,  prAs  d'une  ligne  de  separa¬ 
tion,  4  s'eioigner  de  la  surface.  II  en  rdsulte  une 
dilatation. des  regions  dissipatives. 


Le  processus  symetrlque  de  recolleaent  ou  d'attac- 
heaent  peut  se  ddflnlr  -  mutatls  mutandis  -  dans 
des  termes  analogues,  4  cette  difference  prAs  que, 
maintenant,  11  y  a  divergence  des  11gnes.de  frot¬ 
tement  de  part  et  d' autre  de  la  sAparatrlce  qui 
prend  le  nom  .de  ligne  d'attachement.  Dans  ce  cas, 
I'Acoulement  "plonge'.en  direction  de.la  parol.-  La 
figure  6  montre  la  difference  entre  une  ligne  de 
separation  et  une  ligne  d'attachement. 

La  notion  de  sAparatrlce  s'.attache  aussl.  b1en.4  une 
separation  effective  •  ou  decollement --^qu'A-un.atr 


tachement  •  ou  recol lenient.-  De  ce  fait,  1e  terne 
ligne  de  separation  est  parfois  utilise  au  sens 
generique  de  ligne  sdparatrice  sans  que  les  nations 
physiques  de  decollement  et  de  recollenent  soit 
distingudes.  Cette  absence  de  rigueur  dans  1e  lan- 
gage  ambne  e  une  certaine  confusion  contribuant  b 
obscurcir  un  peu  plus  la  notion  de  decollement  en 
ecoulement  tridimensionnel.  Pour  dviter  ce  travers, 
dans  ce  qui  suit  nous  ferons  une  distinction  nette 
entre  sdparatrice,  ligne  de  separation  et  ligne 
d'attachement,  bien  que  ces  concepts  soient  iden- 
tiques  au  sens  mathematique. 

2.4  -  CAS  DE  L'ECOULEHENT  BIOIMENSIONNEL  OECOLLE 

Le  ddcollement  bidimensionnel  -  plan  ou  axisym- 
rndtrique  -  apparait  coiime  un  cas  bien  particulier 
de  la  definition  gdndrale  tridimensionnelle.  En 
effet,  dans  le  cadre  de  1 'analyse  qui  prdcdde,  une 
ligne  de  ddcolleinent  (ou  de  recol lement)  bidimen- 
sionnelie  est  constitude  par  une  suite  Inftnie  de 
cols  rdpartis  sur  une  droite  perpendiculaire  au 
plan  contenant  Vdcoulement  (rdgion  1  du  diagramme 
de  1a  figure  2).  On  congoit  intultivement  qu'une 
telle  situation  est  hautement  improbable  sur  le 
plan  physique.  L'dtude  expdrimentales  des  dcoule- 
ments  ddcollds  dits  plans  montre,  qu'en  fait, 
1'influence  -  inevitable  -  des  bords  latdraux  du 
montage  conduit  toujours  d  une  situation  tridimen¬ 
sionnelle.  MSme  quand  des  precautions  particulidres 
sont  prises,  on  observe  que  I'dcoulement  parietal 
tend  i  s'organiser  en  structures  plus  ou  noins 
rdgulieres  (Ginoux,  19S8;  Settles  et  a1.,  1978). 
Sur  les  configurations  de  revolution  •  en  principe 
libres  de  tout  effet  de  bord  -  I'dcaulement  prend 
aussi  une  structure  tridimensionnelle.  Au  recol- 
lement,  notamment,  les  visualisations  paridtales 
mettent  claii-ement  en  evidence  une  structure  fine 
Ob  la  ligne  de  recollement  porte  une  succession  de 
noeuds  et  de  cols  (Roshko  et  Thomke,  1966).  Ainsi, 
la  figure  7a  montre  une  visualisation  du  recol¬ 
lement  turbulent  sur  une  Jupe  i  un  nombre  de  Hach 
de  5  (Joulot,  1990).  Le  schema  interpretatif  de  la 
figure  7b  montre  que  la  ligne  de  recollement  porte 
une  succession,  en  nombre  fini,  de  noeuds  et  de 
cols  traduisant  1 'existence  dans  1 'ecoulement  de 
structures  analogues  aux  tourbi lions  de  Gbrtler 
{Inger,  1977). 

2.5  -  SURFACE  DE  SEPARATION  ET  NAPPE  T0UR8ILL0HNA1RE 

Les  notions  qui  precedent  se  gendralisent  aux 
lignes  de  courant  de  rdcoulement  i  trois  dimen¬ 
sions  entourant  1 'obstacle  puisqu'elles  s'appli- 
quent  b  tout  champ  de  vecteurs  continu  et  perma¬ 
nent.  Le  formal isme  mathematique  devenant  toutefois 
nettement  plus  complexe,  nous  nous  limiterons  dans 
ce  qui  suit  i  enoncer  un  certain  nombre  de 
proprietes. 


description  en  termes  de  points  critiques  et  de 
lignes  sdparatrices.  C'est  ce  qui  est  fait  dans  le 
schema  de  la  figure  lb  qui  montre  une  situation  oO 
la  Vitesse  a  en  rdalite  une  composante  perpendicu¬ 
laire  au  plan  du  des^in..  11  convient  toutefois  de 
garder  present  4  I'esprit  le  fait  qu'une  telle 
image  du  champ  n'est  pas  objective,  puisqu'elle  est 
fonction  du  plan  de  corpe,  ou  du  point  de  vue,  ado- 
pte.  Sauf  situation  particuliere,  un  plan  de  syme- 
trie  par  exemple,  les  lignes  de  force  d'un  champ  en 
coupe  ne  sont  done  pas  des  lignes  de  courant.  Pour 
eviter  toute  confusion,  nous  les  appellerons 
trajectoires. 

La  ligne  de  separation  est  la  trace  sur  I'obstacle 
d'une  surface  de  courant  de  1 'ecoulement  tridimen¬ 
sionnel  qui  joue  aussi  un  r61e  particulier.  Elle 
fait  en  effet  office  de  barribre  entre  les  lignes 
de  courant  ayant  "decolie*  de  la  surface  d'un  des 
cStes  de  la  ligne  de  separation  de  celles  qui  ont 
“decolie"  de  1'autre  c6te.  La  figure  8  reprdsente 
schematiquement  une  telle  surface  de  separation  (S) 
passant  par  le  col  C,  origine  de  la  ligne  de  sepa¬ 
ration  (S).  L'existence  d'une  surface  de  courant 
telle  que  (£)  prenant  appui  sur  le  corps  n'est  pos¬ 
sible  qu'en  raison  de  la  nature  d'une  separatrice. 
Les  lignes  de  courant  constituant  (£)  ont  pour  ori¬ 
gine  le  point  C  qui  -  sur  (£)  -  prend  le  caraetbre 
d'un  noeud  (en  fait  un  demi-noeud). 

La  surface  de  separation  (£)  peut  btre  assimiiee  b 
ce  que  I'on  noime  une  nappe  de  dicoVeuent,  bien 
que  le  concept  de  nappe  -  ddfinie  comme  surface  de 
discontinuite  pour  le  champ  de  Vitesse  -  soit  atta¬ 
che  au  modble  de  fluide  parfait.  Dans  la  rdalite, 
en  fluide  visqueux,  les  champs  de  vitesse  et  de 
rotationnel  sont  continus,  si  bien  qu'il  est  sou- 
vent  difficile  de  dbfinir  avec  precision  de  telles 
nappes  i  partir  de  I'examen  des  rbsultats 
expbrimentaux. 

De  par  son  origine,  la  surface  de  separation  est 
situee  dans  la  region  du  champ  ob  le  rotationnel 
tend  b  se  concentrer  et  les  structures  tourblUon- 
, Hires  ,  caracteristiques  des  ecoulements  tridimen¬ 
sionnel  s  decolies,  peuvent  btre  interpretbes  comne 
un  enroulement  de  la  surface  de  separation.  En  rb- 
gle  gbnbrale,  une  ligne  de  separation  (S)  se  ter- 
mine  en  un  foyer  autour  duquel  elle  s'enroule  en 
spirale.  Ce  foyer  est  la  trace  sur  I'obstacle  du 
tourbi 11 on  provenant  de  1 'enroulement  de  la  surface 
de  separation  portbe  par  (S).  Une  telle  situation, 
avec  deux  foyers  F,  et  Fj  de  part  et  d'autre  du  col 
C  est  reprbsentee  sur  la  figure  9a.  Elle  correspond 
b  ce  que  I'on  nomne  un  tourbillon  troabe.  Le  foyer 
“portant"  le  tourbillon  peut  btre  situb  dans  un 
plan  de  symbtrie,  comne  nous  le  verrons  dans  les 
exemples  qui  suivert;  on  parle  alors  de  tourbillon 
en  fer  i  chertl  (voir  Fig.  9b). 


Egalement,  si  I'on  considbre  rbcoulement  dans  un 
plan  de  coupe  (P)  -  operation  souvent  pratiqube 
pour  dber ire  les  champs  tridimensionnels  -  il  est 
possible  de  construire-les  trajectoires,  ou  lignes 
de  force,  du  champ  de  vecteurs  constitub  des  pro¬ 
jections  de  la  vitesse  dans  (P).  L'ensei^le  de-ces 
“pseudo*  lignes  de  courant  se  prbte  aussi  b  une 


Du  fait  de  1 'enroulement  de  la  surface  de  separa¬ 
tion,  le  rotationnel  nb  dans  la  couche  limite  et 
ayant  migrb  dans  I'bcoulement  exteme  va  avoir  ten¬ 
dance  b  se  concentrer  fortement  au  coeur  de  1 'en¬ 
roulement.  Ainsi i  loin  des  -parols,  Ic  champ  est 
constitub  de  rbgions  ^ Isoldes' ob  le  rotationnel  se 
trouve  concentre.- Cetie  proprlbte,  bien^connue  et 


1 


mise  i  profit  par  les  modules  thdoriques  de  fluide 
parfalt,  peut  aussi  6tre  utlUsde  pour  ddcrire 
1 'dcoulement  ddcolld  k  partir  d'un  "squelette*  de 
tourblllons  (Hornung,  1983;  Perry  et  Hornung, 
1984). 


3  -  ANALYSES  DE  FORMATIONS  TOURBILLONNAIRES 

TYPIOUES 

3.1  -  REMARQUES  INTRODUCTIVES 

Les  notions  de  point  critique,  de  1igne  sdparatrice 
et  de  surface  de  separation  s'appliquent  h  tout 
champ  de  vecteurs  continu  et  stationnaire.  Elies  ne 
sont  pas  attachdes  i  une  thiorie  des  dcoulements 
tridimensionnels  ddcollds  avec  valeur  predictive. 
PlutSt,  ces  concepts  constituent  une  'grannaire* 
permettant  de  ddcrire  des  dcoulements  complexes  de 
fagon  rationnelle  et  avec  une  terminologie  rigou- 
reuse  (Peake  et  Tobak,  1980).  Leur  emploi  se  rdvdle 
vite  indispensable  quand  11  faut  interpreter  des 
visualisations  ou  des  mesures  de  champ  afin  d'en 
donner  une  representation  cohdrente  (Werld,  1975). 
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L'objectif  principal  de  ces  experiences  dtait  de 
produire,  d  partir  d'une  gdorndtrie  simple,  un  dcou- 
lement  fortement  tridimensionnel  afin  de  constituer 
un  cas  test  pour  valider  les  mdthodes  de  calcul 
(Cambier  et  Escande,  1989).  Get  dcoulement  a  done 
ete  soigneusement  dtudid  au  moyen  de  visualisations 
paridtales,  de  mesures  de  pression  et  de  sondages 
du  champ  par  vdlocirndtrie  laser  d  trois  composantes 
(Benay  et  a1.,  1986).  Dans  ce  qui  suit,  nous  por- 
terons  uniquement  notre  attention  sur  1'examen  des 
spectres  paridtaux,  notre  propos  dtant  d'illustrer 
I'intdret  de  la  thdorie  des  points  critiques  pour 
dderire  un  dcoulement  complexe. 

Les  figures  11a  d  lid  montrent  des  photographies 
des  visualisations  par  enduit  visqueux  pratiqudes 
sur  les  quatre  parols  du  canal.  Les  schemas  inter- 
prdtatifs,  dessinds  sur  la  figure  12,  ont  dtd  dta- 
blis  d'aprds  ces  photographies  et  une  observation 
directe  des  visualisations  en  cours  d'essai  qui 
rdvdle  des  informations  perdues  lors  de  la  prise  de 
vue,  notamment  1e  sens  d'dcoulement  de  1 'enduit. 
Ces  schemas,  bien  qu'ayant  valeur  qualitative,  res- 
pectent  fiddlement  les  proportions  de  la  rdalitd.- 
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Ces  notions  sont  done  largement  utilisdes  dans  les 
paragiaphes  qui  suivent  oO  1'on  se  propose  de  dde- 
rire  des  dcoulements  tourbillonnaires  observes  au 
cours  d'expdriences,  effectudes  pour  la  plupart  A 
1'ONERA.  La  demarche  adoptde  va  consister  k  ddmon- 
trer  d'abord  I'intdrSt  de  la  thdorie  des  points 
critiques  pour  interpreter  des  spectres  paridtaux 
dans  des  cas  particulidrement  complexes.  Ces  spec¬ 
tres  sont  }'eitpreinte  sur  I'obstacle  du  champ  ex- 
terne  et  une  bonne  interpretation  de  I'information 
qu'ils  contiennent  est  indispensable  4  toute  comp¬ 
rehension  de  1 'dcoulement.  Ensuite,  sont  examines 
des  ddcollements  sur  diffdrents  corps  en  envisa- 
geant  successivement  des  situations  oQ  la  separa¬ 
tion  est  imposde  par  une  ligne  singulidre,  puis 
celle  oi  e'est  I'origine  des  lignes  de  separation 
qui  est  fixde;  enfin  ce11e  du  ddcollement  entid- 
rement  "libre*  est  envisagde.. 


3.2  -  SPECTRES  PARIETAUX  AHACHES  A  DES  OECOL- 
LEHENTS  MULTIPLES 


L'examen  de  1 'dcoulement  sur  la  bosse  (Figs.-  11a  et 
12a)  montre  r existence  de  deux  foyers  F,  et  Fj 
bien  visibles  dans  la  moitid  gauche  du  canal.  La 
sdparatrice  (S, )  passant  par  1e  col  C,  et  s'enrou- 
lant  autour  de  F,  et  Fj,  constitue  une  barridre 
situde  approximativement  au  pied  de  I'onde  de  choc 
oblique  du  systdme  en  lambda  engendrd  par 
1 'interaction. 

Les  lignes  de  frottement  venant  de  1'amont  et 
contenues  dans  1e  domaine  limitd  par  la  sdparatrice 
(Sj)  passant  par  1e  col  C^  vont  s'enrouler  autour, 
soit  de  F, ,  soit  de  Fj,  selon  qu'elles  sont  situdes 
d'un  c6td  ou  de  1 'autre  de  la  sdparatrice  (Sj) 
portant  les  cols  C,  et  Cj.  Une  partie  de  ces  lignes 
contourne  la  barridre  (S, )  en  s'incurvant  rapide- 
ment  k  son  approche.  La  structure  constitude  par 
(S))>  (Sj)  et  les  foyers  F,  et  Fj  est  classiquement 
observde  dans  les  interactions  onde  de  choc  - 
couche  limite  en  canal  avec  effets  tridimensionnels 
(Green,  1969;  Reda  et  Hurthy,  1972;  Schofield, 
1985).. 


3.2.1  -  CANAL  TRAH5S0HIQUE 

Le  premier  cas  examind  est  celui  d'un  canal  trans- 
sonique  tridimensionnel  dont  1a  gdorndtrie  est  prd- 
cisde  sur  la  figure  10.  Une  bosse,  dont  le  ligne  de 
erSte  prdsente  une  fldche  de  30*  relativement  d  la 
direction  de  la  vitesse  amont,  est  montde  sur  la 
parol  infdrieure  du  canal  dont  les  trois  autre 
faces  sont  planes.  L'envergure  de  la  veine  d'essai 
est  de  0,120  m  et  sa  hauteur,  dans  la  section  d'en- 
trde,  de  0,100  n.  L'dcoulenent,  subsonique  d  1'ent- 
rde  du  canal,  s'acedidre  dans  la  partie  convergente 
de  la  veine  pour  atteindre  1'dtat  sonique  au  voisi- 
nage  du  soenet  de  la  bosse  qui  constitue  un  col.  En 
aval,  1 'dcoulement  passe  eh  supersonique;  puis,  en 
raison  de  1'effet  de  bldcage  produit  par  un  second 
col,  11  se  ralentit  au  travers  d'ondes  de  choc  int- 
eragissant  fortement  avec  les  couches  limites  tur- 
bultntes  des- quatre  faces  de  Ta  veine. 


Dans  la  situation  prdsente,  (S, )  peut  dtre  associde 
sans  ambiguitd  d  une  sdparation  et  (Sj)  d  un  atta- 
chement.  Ainsi,  C,  et  Cj  sont  respectivement  des 
cols  de  sdparation  et  d'attachement.  Les  enroule- 
roents  autour  des  foyers  F,  et  Fj  sont  les  emprein- 
tes  sur  la  parol  des  tourblllons  s'dchappant  dans 
1'dcoulement  extdrieur,  la  ligne  (5,)  dtant  la 
trace  de  la  surface  de  sdparation  qui  s'enroule 
autour  des  axes  des  structures  tourbillonnaires, 
conformdment  au  schdma  de  la  figure  9a. 

Revenant  d  la  figure  12a,  on  observe  que  les  lignes 
de  frottement  en  provenance  de  1' amont  se  partagent 
en  deux  families;  les  unes,  proches  de  la  face  B, 
s'dcoulent  continument  de  1'amont  vers  1'aval. 

Les  autres,  voisines  de  A,  se  sdparent  d  leur  tour 
en  deux  sous  ensembles: 


-  celles  comprises  entre  (Sj)  et  la  s^paratrice 
^S^)  ,  aboutissant  au  demi-col  Cj,  poursulvent  leur 
chemln  vers  I'aval; 

-  celles  situdes  entre  la  parol  A  et  (S^)  vont 
s'enrouler  autour  d'un  trolsiAme  foyer  F,  pour  for¬ 
mer  un  "tourblllon"  ddllmitd  par  la  sdparatrice 
(Sj)  issue  du  demi-col  C^. 

Une  description  semblable  peut  Atre  appliquAe  aux 
spectres  observAs  sur  les  trois  autres  faces  du 
canal.  Mais  nous  arrSterons  lA  cette  discussion,  de 
peur  de  lasser  1e  lecteur.  Remarquons  simplement  la 
complexitA  du  spectre  relevA  sur  la  face  A  oil  un 
noeud  N,  et  un  demi-noeud  Nj,  situA  A  la  Junction 
avec  la  face  supArieure  du  canal,  sont  les  origines 
des  Hgnes  de  frottement  de  la  partie  aval  de 
1'Acoulement  pariAtal,  celles  en  provenance  de 
I'araont  disparaissant  dans  le  foyer  f^. 

RAunissant  en  un  seui  point  les  demi-noeuds  et  les 
demi-cols  en  correspondance  et  sachant  qu'un  foyer 
est  topologiquement  Aquivalent  i  un  noeud  (voir  § 

2.2  ci-dessus),  le  dAnombreraent  des  points  criti¬ 
ques  conduit  i  la  relation: 

noeuds  -  cols  =  14  -  12  =  2 

oil,  dans  le  dAcompte  des  noeuds,  nous  avons  aJoutA 
deux  noeuds  fictifs  A  I'infini  amont  et  h  1'infini 
aval,  source  et  about! ssement  des  lignes  de 
frottement. 

Des  discussions  trAs  approfondies  de  ce  genre,  app- 
liquAes  au  mArae  type  d'Acoulement,  ont  permis  de 
raettre  en  Avidence  les  modification  du  spectre  sur- 
venant  quand  un  paramAtre  varie,  le  norobre  de 
Reynolds  ou  le  nombre  de  Hach,  par  example 
(Dallmann  et  Schewe,  1987;  Ooerffer  et  Dallmann, 
1989a:  Ooeffer  et  Dallmann,  1989b)  En  effet, 
I'expArience  raontre,  que  dans  le  cas  de  1'Acoule- 
ment  de  canal  envisagA  ici,  une  variation  lAgAre 
des  conditions  d'essai  peut  entrafner  un  changement 
notable  dans  la  disposition  et  le  nombre  des  points 
critiques.  Toutefois  -  sauf  altAration  profonde  de 
la  situation  expArimentale  -  les  traits  les  plus 
"forts"  de  1'Acoulement,  tels  que  les  foyers  tour- 
billonnaire  F,  et  Fj,  ainsi  que  les  sAparatrices 
attachAes,  demeurent  prAsents. 

3.2.2  -  PREMIER  ETAGE  DE  LAMCEUR  SPATIAL 

Dans  certaines  situations  particuliArement  comp¬ 
lexes,  le  dessin  d'un  Acoulement  pariAtal  topologi¬ 
quement  cohArent  requiert  des  renseignements  sur  la 
structure  du  champ  externe.-  En  effet,  les  visualis¬ 
ations  par  enduit  visqueux  sont  souvent  d'une 
finesse  Insuffisante  pour  mettre  en  Avidence  tous 
les  points  critiques  et  toutes  les  sAparatrices  de 
1'Acoulement  de  parol.  C'est  en  assurant  la  concor¬ 
dance  entre  les  champs  exteme  et  surfacique  que 
I'on  parvient  A  dAfinir  I'Acoulement  correctement. 

Pour  illustrer  ce  point,  nous  considArerons  un 
exemple  foumi  par  une  Atude  de  I'Acoulement  autour 
d'une  maquette  A  I'Achelle  1/100  de  I'arriAre-eorps 


du  futur  lanceur  europAen  ARIANE  5.  Comme  le  montre 
la  figure  13,  ces  expAriences  ont  AtA  exAcutAes  sur 
un  montage  A  corps  central,  A  un  nombre  de  Hach  de 
4,  les  jets  des  deux  propulseurs  d'appoint  latAraux 
et  du  moteur  central  Atant  simulAs  par  de  I'air 
comprimA.  En  plus  des  visualisation  pariAtales,  le 
champ  a  AtA  explorA  par  vAlocimAtrie  laser  ce  qui  a 
permis  de  dAfinir  1 'organisation  de  I'Acoulement 
dans  I'espace  inter-tuyAres  (Reijasse  et  DAlery, 
1989). 

Sur  la  figure  14  est  reproduite  une  visualisation 
strioscopique  mettant  en  Avidence  les  Jets  issus 
des  diffArents  moteurs.  Compte  tenu  de  1' altitude 
simulAe,  ces  Jets  Aclatent  et  interagissent  for- 
tement  entre  eux,  ce  qui  d'une  part  est  la  cause 
d'un  courant  de  reflux  intense  en  direction  du 
culot  du  moteur  central,  d'autre  part  peut  induire 
un  dAcollement  de  I'Acoulement  externe  en  amont  de 
I'extrAmitA  des  fuselages.  La  figure  15  reprAsente 
I'interprAtation  du  spectre  pariAtal  observA.  Cons- 
idArant  d'abord  le  fuselage  du  moteur  central,  on  y 
voit  une  sAparatrice  (S,)  issue  du  col  C,  situA  en 
amont  de  la  piAce  de  Jonction  entre  le  propul seur 
d'appoin*  et  le  moteur  central.  La  ligne  (S, )  se 
rapproche  u'abord  du  plan  de  symAtrie  perpendi- 
culaire  A  la  figure  pour  devenir  trAs  voisine  de  la 
sAparatrice  (A,)  -  une  ligne  d'attachement  -  cont- 
enue  dans  ce  plan.  Puis,  elle  s'Acarte  progressi- 
vement  de  (A,)  et,  prAs  du  culot,  (S, )  s'incurve 
brusquement  pour  se  diriger  vers  le  noeud  d''  dAcol¬ 
lement  Nj  en  suivant  pratiquement  I'arAte  dt  culot. 
En  aval  du  col  C, ,  il  existe  au  pied  de  la  p  Ace  de 
Jonction,  un  noeud  d'attachement  N,  d'oCi  pert  une 
famine  de  lignes  de  frottement  (f,).  La  ligne  de 
sAparation  (S,)  diserimine  ainsi  la  famille  (f,)  de 
la  famille  (fj)  formAe  des  lignes  de  frottement 
venant  de  1 'amont,  depuis  un  point  de  type  noeud 
non  accessible  aux  visualisations. 

Une  deuxIAme  ligne  de  sAparation  (Sj)  prend  nais- 
sance  au  col  (Cj).  Elle  sApare  la  famille  (f,)  de 
la  famille  (fj)  des  lignes  de  frottement  ayant  pour 
origine  le  noeud  N,.  Les  trois  families  (f,),  (fj) 
et  (fj)  aboutissent  au  noeud  de  dAcollement  Nj.  La 
description  de  cette  partie  de  I'Acoulement  doit 
Atre  complAtAe  par  1' introduction  de  la  ligne  de 
sAparation  (S,)  passant  par  le  col  Cj  et  confondue 
avec  I'arAte  du  culot. 

La  sAparation  principale  attachAe  A  (S, )  est  cert- 
ai lement  provoquAe  par  1' impact  sur  le  fuselage 
central  de  1'onde  de  choc  se  formant  au  nez  du  pro- 
pulseur  d'appoint.  Quant  A  la  sAparation  le  long  de 
(Sj)  ,  elle  rAsulte  probablement  de  la  perturbation 
prenant  naissance  A  I'extrAmitA  de  la  plAce  de  Jon¬ 
ction.  Elle  peut  aussi  Atre  due  A  1'Aclatement  des 
Jets. 

ConsidArons  maintenant  ce  qui  se  passe  sur  un  des 
propulseurs  d'appoint.  Un  noeud  d'attachement  - 
du  type  isotrope  -  doit  exister  au  nez  de  1 'ogive. 
Les  visualisations  montrent  distinctement  la  sApa¬ 
ratrice  (S^),  provenant  du  col  situA  prAs  de 
I'Apaulement  de  1 'ogive,  ainsi  que  la  sAparatrice 
(Sj)  issue  d'un  col  C,  placA  au  pied  de  la  piAce.  de 
Jonction.  Le  dAcollement  dont  (S^)  est  la  trace 
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doit  rdsuUer  de  la  rdflexion  sur  1e  moteur  central 
du  choc  se  formant  devant  1e  propulseur  d'appoint. 
On  distingue  dgalement  les  noeuds  d'attachement  Nj 
et  N4.  Toutes  les  lignes  de  frottement  du  propul¬ 
seur  d'appoint  aboutissent  au  noeud  de  ddcollement 
N;  situd  sur  1'ardtedu  culot,  1'organ'sation  de 
I'dcoulement  dans  cette  rdgion  dtant  voisine  de 
celle  observde  sur  le  moteur  central.  Sur  la  figure 
15,  on  a  dgalement  dessind  le  spectre  sur  la  partie 
du  propulseur  d'appoint  opposde  au  moteur  central 
oil  se  voit  trds  bien  le  mouvement  de  convergence  de 
toutes  les  lignes  de  frottement  paridtal  vers  le 
noeud  N,.-  La  figure  16  donne  une  vue  de  1 'ensemble 
du  spectre. 
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des  rdsultats  thdoriques  extrdmement  instructifs 
ont  dtd  obtenus  grSce  d  I'emploi  de  mdthodes  anal- 
ytiques  (Legendre,  1952).-  II  n'est  pas  de  notre 
propos  de  faire  ici  un  historique  des  dtudes  nomb- 
reuses  consacrdes  d  I'aile  delta;  cela  nous  entraf- 
nerait  beaucoup  trop  loin.  Soulignons  simplement 
que,  si  les  renseignements  sur  les  propridtds 
paridtales  de  I'dcoulement  sont  abondantes,  en 
revanche  des  mesures  de  champ  permettant  de  ddfinir 
avec  prdcision  les  organisations  tourblllonnaires 
ne  sont  apparues  que  relativement  tard  (Hummel, 
1976;  Hoeijmakers  et  al.,  1983;  Taylor  et  al., 
1987;  Elsenaar  et  BQtefisch,  1988;  Narayan  et 
Hartmann,  1988;  Kegelman  et  Roos,  1990). 


II  n'est  pas  possible  dans  cet  example  d'appliquer 
la  relation  (4)  puisque  seule  une  partie  de  1 'obs¬ 
tacle  est  accessible  d  1 'observation,  notamment  les 
culots  ne  sont  pas  visibles. 

Ainsi  que  nous  I'avons  soulignd,  la  cohdrence  d'un 
tel  dessin  est  assurde  en  examinant  en  mdme  temps 
1 'organisation  du  champ  externe.  Pour  cela,  repor- 
tons  nous  d  la  figure  17  oil  sont  tracdes  les  lignes 
de  courant  de  I'dcoulement  de  la  zone  inter-tuydre 
situdes  dans  le  plan  de  symdtrie  contenant  les  axes 
des  tuydres.  Ce  tracd  met  en  dvidence  un  premier 
foyer  autour  duquel  s'enroulent  les  lignes  de 
courant  "pidgdes*  dans  le  courant  de  recirculation. 
Ces  lignes  appartiennent  d  une  famille  ddlimitde 
par  la  sdparatrice  (S^)  venant  de  I'amont  et  abou- 
tissant  d  la  Idvre  de  sortie  de  la  tuydre.  Ainsi, 
les  lignes  de  courant  s'dcoulant  entre  le  fuselage 
et  (87)  disparaissent  dans  F^.  Une  des  lignes  s'en- 
roulant  autour  de  F.  prend  naissance  au  culot,  au 
niveau  du  noeud  Nj  de  I'dcoulement  paridtal.  Comme 
nous  I'avons  vu  plus  haut,  il  existe  d  I'origine  de 
la  jupe  du  propulseur  d'appoint  un  noeud  d'atta¬ 
chement  N,  oil  aboutit  une  ligne  sdparatrice  (S,). 
Les  lignes  situdes  -  sur  le  schdma  -  au  dessus  de 
(S,)  refluent  vers  I'amont  et  celles  comprises 
entre  (S^)  et  (S^)  s'dcoulent  vers  I'aval.  Cer- 
taines  de  ces  lignes  s'infldchissent  pour  contour- 
ner  le  courant  de  retour,  puis  el les  tournent  brus- 
quement  en  direction  de  I'aval  sous  1 'action  de 
I'entrainement  produit  par  le  jet  du  moteur 
central . 

3.3  -  OECOLLEHENT  AVEC  LIGNE  DE  SEPARATION  FIXEE 

3.3.1  -  AILE  DELTA  A  BORD  D'ATTAQUE  AIGU 

L'aile  delta  d  bord  d'attaque  aigu  placde  en  inci¬ 
dence  a  depuls  longtemps  suscitd  I'intdrdt  des 
chercheurs  en  raison  de  la  "force"  des  tourbillons 
qui  se  foment  sur  son  extrados  -  ce  qui  les  rend 
facilement  ddtectables  -  et  aussi  de  son  caractdre 
conceptuellement  simple,  en  premier  examen.  Dans 
une  telle  situation,  le  raisonnement  intuitif, 
guidd  par  des  observations  expdrimentales,  permet 
en  effet  de  fixer  le  long  du  bord  d'attaque  la 
ligne  de  sdparation  origine  de  la  nappe  dont  I'en- 
roulement  va  constituer  la  structure  tourbillon- 
naire.  Une  partie  du  probldme  trouve  ainsi  une  sol¬ 
ution  immddiate.  De  ce  fait,  cette  configuration  se 
prdte  d  des  moddlisations  simplifides  et  trds  t6t  - 
bien  avant  1 'apparition  des  moyens  inforaatiques  - 


Les  tourbillons  d'aile  delta  forment  une  famille 
trds  nombreuse  si  Ton  considdre  la  fidche  de 
l'aile,  la  fome  de  son  bord  d'attaque,  le  nombre 
de  Mach  de  I'dcoulement  amont,  le  nombre  de 
Reynolds,  etc....  Dans  ce  qui  suit,  nous  limiterons 
notre  propos  d  une  description  de  I'dcoulement  in¬ 
compressible  s'dtablissant  sur  une  aile  d  bord 
d'attaque  aigu,  de  fidche  dgale  d  75*  (voir  Fig. 
18).  Pour  cela,  nous  utiliserons  des  rdsultats 
rdcents  comportant  des  mesures  de  champ  par  sonde 
de  pression  d  cinq  trous  et  vdlocimdtrie  laser 
(Pagan  et  Solignac,  1985;  Holton,  1986;  Solignac  et 
al.,  1989). 

L'existence,  dans  ces  conditions,  de  tourbillons 
d'extrados  vigoureux  est  attestde  par  la  photogra¬ 
phic  de  la  figute  19  qui  montre  une  visualisation 
par  plan  laser  du  champ  d'extrados  d'une  aile  pla¬ 
cde  sous  une  incidence  de  20*.  Le  traceur,  en  1 'oc¬ 
currence  de  la  fumde,  tend  d  se  concentrer  dans  les 
rdgions  rotationnelles,  raettant  ainsi  en  dvidence 
ce  que  1'on  appelle  le  tourbillon.  La  figure  20a 
montre  une  visualisation  obtenue  pour  une  incidence 
a  de  7,5*  et  d  une  Vitesse  V„de  40  m/s.  Compte 
tenu  de  la  taille  de  l'aile  (corde  C  •  1,45  m,  d'ou 
un  nombre  de  Reynolds:  Re^  =  4  10*)  la  couche  11m- 
ite  dtait  turbulente  sur  la  plus  grande  partie  de 
1'extradcs.  II  apparait  clairement  que  les  lignes 
de  frottement  paridtales  sont  paralldles  d  la  corde 
de  I'aile  dans  la  partie  mddiane  de  cette  dernidre. 
Puis,  se  dirigeant  vers  le  bord  d'attaque,  une 
premidre  sdparatrice  (A,),  ayant  le  caractdre  de 
ligne  d'attachement,  est  visible.  Le  spectre  rdvdie 
ensuite  une  deuxidme  sdparatrice  (Sj),  correspon¬ 
dent  d  ce  que  1'on  noime  le  ddcollement  -  ou  sdpa¬ 
ration  -  secondaire,  la  ligne  de  sdparation  primai- 
re  (S, )  dtant  confondue  avec  le  bord  d'attaque.  La 
figure  20b  montre  un  schdma  interprdtatif  de  ce 
spectre  ainsi  que  le  systdme  tourbillonnaire  dont 
il  est  la  trace.  La  ddflexion  des  sdparatrices  vi¬ 
sible  peu  aprds  la  pointe  est  due  d  la  transition 
laminaire-turbulent  de  la  couche  limite. 

La  figure  21  montre  le  spectre  observd  quand  1' in¬ 
cidence  est  de  20*,  le  champ  dtudid  ne  couvrant  que 
la  partie  arridre  gauche  de  l'aile  pour  que  les 
ddtails  soient  plus  visibles.  Haintenant,  trois 
lignes  de  sdparation  (S,)  -  le  long  du  bord  d'at¬ 
taque  -  (Sj)  et  (Sj)  sont  prdsentes  et  la  ligne 
d'attachement  "primaire  *  (A,)  est  situde  dans  la 
plan  de  symdtrie.  Un  examen  attentif  des  visuali¬ 
sations  permet  de  ddtecter  les  lignes  d'attachemeht 


(Aj)  et  (Aj)  devant  exister  entre  les  Hgnes  de 
separation. 

11  est  A  noter  que  1 'organisation  gdndrale  de  ce 
type  d'dcoulement  est  asset  peu  sensible  au  nombre 
de  Reynolds  quand  I'incidence  est  dlevde.  On  peut 
done  completer  la  description  qui  precede  par 
1'examen  de  rdsultats  obtenus  e  20  m/s  sur  une 
maquette  de  dimensions  notablement  inferieures 
(corde  C  egale  i  0,5  m,  nombre  de  Reynolds 
Re^  =0,7  10^)  pour  laquelle  des  mesures  tres  fines 
ont  ete  exdcutees.  Ainsi,  la  figure  22a  donne  1e 
champ  de  vitesse  projete  dans  un  plan  vertical  si- 
tue  e  I'abscisse  rdduite  X  /  C  =  0,58,  I'incidence 
etant  egale  A  20*.  Une  trajectographie  dans  ce 
champ,  associde  A  1'examen  du  spectre  parietal, 
permet  d'dtablir  1e  schema  de  la  figure  22b  qui 
montre  I'existence  des  points  critiques  suivants 
situds  sur  1'aile: 

-  demi-cols  C, ,  Cj  et  Cj  correspondant  aux  sdpara- 
trices  du  spectre  parietal  (S, ),  (Sj)  et  (Sj); 

-  demi-cols  C^,  C,  et  correspondant  aux  sdpara- 
trices  (A,),  (Aj)  et  (Aj); 

En  dehors  de  I'aile,  on  observe: 

-  une  preraidre  sdparatrice  (S,),  issue  du  demi-col 
C,  place  au  bord  d'attaque,  s'enroule  autour  du 
foyer  y,  constituent  1e  centre  du  tourbillon 
primaire; 

-  une  deuxidme  sdparatrice  (Sj)  aboutit  au  demi-co1 
d'attachement  (C^); 

-  la  sdparatrice  (%)  issue  de  Cj  s'enroule  autour 
du  foyer  yj,  centre  du  tourbillon  secondaire; 

une  quatridme  sdparatrice  (8^)  aboutit  au 
demi-col  C,; 

-  une  cinquidme  sdparatrice  (S,)  s'enroule  autour 
du  foyer  yj,  centre  du  tourbillon  "tertiaire"; 

-  enfin,  la  sdparatrice  (Sj)  "stagne"  au  point 
critique  placd  dans  1e  plan  de  symdtrie  de 
I'aile. 

Sur  la  figure  23  est  dessinde  I'organisation  dans 
1'espace  des  diffdrentes  nappes  de  separation. 

la  definition  du  champ  tourbillonnaire  sur  la  mdme 
aile  est  compldtde  par  une  representation  dans  des 
plans  verticaux  de  grandeurs  ddduites  des  explora¬ 
tions.  Ainsi,  la  figure  24  montre  les  repartitions 
dans  trois  plans  de  coupe  de  1\,  composante  selon 
I'axe  horizontal  X  du  rotationnel,  quantitd  mesu- 
rant  la  "force"  du  mouvement  de  rotation.  La  figure 
25  donne  une  representation  en  perspective  des 
lignes  d'dgale  valeur  de  1a  pression  d'arrSt  dont 
la  repartition  est  proche  de  celle  du  rotationnel. 
De  tels  traces  mettent  bien  en  evidence  1e  mode  de 
constitution  de  la  structure  tourbillonnaire  prin- 
cipale  par  enroulement  de  la  nappe  issue  du  bord 
d'attaque  dans  laquelle  s'est  transfdre  1e  rotat¬ 
ionnel  initialement  contenu  dans  les  couches  limi- 


tes  d'extrados  et  d'intrados.  Egalement,  ces  traces 
montrent  la  concentration  de  ce  rotationnel  au  cen¬ 
tre  de  ce  qui  constitue  1e  tourbillon  primaire,  de 
loin  1e  plus  intense.  Le  tourbillon  secondaire  se 
manifeste  sur  ces  traces  par  la  presence  d'une  sec- 
onde  region  e  rotationnel  de  signe  contraire  mais 
d'intensite  bien  moindre.  Quant  au  tourbillon  tert¬ 
iaire,  i1  est  pratiquement  indiscernable. 

II  est  A  noter  que  seule  la  separation  donnant  nai- 
ssance  au  tourbillon  primaire  est  fixee  par  la  sin- 
gularite  de  surface  au  bord  d'attaque  de  I'aile. 
Les  autres  structures  tourbillonnaires  -  dont  1'ef- 
fet  sur  la  repartition  de  pression  paridtale  est 
appreciable  -  naissent  sur  la  surface  plane  de 
I'aile.  De  ce  fait,  elles  ne  peuvent  pas  §tre  "ep- 
rdsentees  par  les  modhles  de  fluide  parfait.  Enfin, 
si  des  Informations  deja  utiles  pour  valider  les 
codes  de  calcul  sont  disponibles  en  subsonique  et 
en  supersonique,  les  explorations  de  champ  en  hy- 
personique  font  presque  totalement  defaut  (Honnerie 
et  Werie,  1968). 

3.3.2  -  ECOULEHENT  DE  CULOT 

Le  deuxihme  exemple  de  configuration  oD  le  ddcol- 
lement  principal  est  fixe  par  une  discontinuite  de 
paroi  est  I'arribre-corps  k  culot  franc.  Dans  ce 
cas,  Vecoulement  s'dcoulant  le  long  du  fuselage 
ddcolle  A  I'arSte  du  culot  ce  qui  donne  lieu  A  la 
formation  d'une  large  zone  dissipative  ou  sillage. 
Nous  considhrerons  ki  un  arribre-corps  de  revolu¬ 
tion,  d'axe  OX,  non  propulsd  (absence  de  jet)  dont 
le  culot  est  plan  et  perpendiculaire  A  OX.  A  inci¬ 
dence  nulle,  la  structure  du  sillage  est  bien 
connue  (voir,  en  particulier,  DAIery  et  Lacau, 
1987).  Coirnie  le  montre  la  figure  26a,  11  s'etablit 
juste  en  aval  du  culot  une  zone  de  recirculation 
organisee  en  un  tourbillon  toroidal.  La  topologie 
dans  un  plan  meridien  comporte;  un  demi-col  C,  A 
1'arAte  D,  un  col  Cj  (le  point  de  recollement  R)  au 
sein  de  I'dcoulement,  sur  I'axe  de  symdtrie,  et  un 
deuxidme  demi-col  C,  au  centre  du  culot.  La  sdpara¬ 
trice  (8,)  joignant  C,  et  Cj  fait  office  de  ligne 
discriminatrice  (voir  §  2.1  ci-dessus)..  La  ligne 
(8j)  reliant  les  points  d'arrdt  C,  et  Cj  est  dga- 
lement  une  sdparatrice.  Dans  chacun  des  tourbil- 
lons,  les  lignes  de  courant  sont  des  courbes  fer- 
mdes  tournant  autour  des  centres  3,  et  . 

La  structure  du  sillage  quand  un  effet  tridimensi- 
onnel  est  introduit  est  moins  bien  connue.  La  des¬ 
cription  que  nous  allons  faire  rdsulte  d'une  mise 
sous  une  incidence  a  de  5"  d'un  arridre-corps  de 
rdvolution  de  calibre  D  =  0,030  m,  comportant  un 
rdtreint  de  6*  de  longueur  L  =  D,  placd  dans  un 
dcoulement  subsonique  de  nombre  de  Hach  dgal  A  0,54 
(voir  Fig.  27).,  Le  nombre  c'a  Reynolds  a  pour  valeur 
RBj  =  3,56  10*  .  Cette  configuration  -  qui  est  la 
situation  tridimensionnelle  la  plus  simple  pouvant 
8tre  imaginde  A  partir  du  cas  de  rdvolution  -  a  dtd 
dtudide  par  I'Institut  Franco-Allemand  de  Recher- 
ches  de  Saint-Louis  (ISL)  qui  a  proeddd  A  des  exp¬ 
lorations  de  champ  trds  fines  au  moyen  d'un  vdloci- 
mdtre  laser  tridirectionnel  (Berner,  1989;  Berner 
et  Oupdroux,  1990). 
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11  est  i  noter  que  cette  configuration  pr^sente  un 
plan  do  symdtrle  formd  par  1'axe  de  1a  maquette  et 
le  vecteur  vltesse  i  1'ainont.-  La  figure  28  reprd- 
sente  le  champ  de  la  composante  de  vltesse  dans 
quatre  plans  longitudinaux  situds  i  des  distances  1 
diffdrentes  du  plan  de  syradtrle  vertical  Z  =  0,  ce 
qui  donne  une  bonne  image  de  la  zone  de  culot, 
encore  dite  proche  sillage.  Comne  le  montre  la 
figure  29,  1 'organisation  tourblllonnaire  dans  le 
sillage  lointain  est  mise  en  Evidence  par  les  champ 
de  la  composante  de  vltesse  dans  des  plans  trans- 
versaux  situds  d  des  distances  X  crolssantes  du 
culot.  Pour  alder  d  la  comprdhenslon  de  I'dcoule- 
ment,  on  a  tracd  en  superposition  sur  les  figures 
28  et  29,  les  trajectoires  de  ces  champs..  La  figure 
30  donne  une  Interprdtatlon  topologique  du  champ 
transversal  valable  pour  des  plans  situds  d  une 
certalne  distance  en  aval  du  culot.-  On  y  distingue 
un  col  C,  par  oil  passe  la  sdparatrice  (S,)  qui 
sdpare  les  trajectoires  joignant  les  InfInIs  bas  et 
haut  de  celles  qui  vont  disparaftre  dans  les  foyers 
IT,  et  3^2  Une  deuxidme  sdparatrice  (Sj),  passant 
par  le  col  Cj,  fait  office  de  barridre  entre  les 
trajectoires  montantes  et  descendantes  de  la  zone 
de  formation  des  foyers.  Examlnons  maintenant 
1'dcoulement  dans  le  plan  de  symdtrle  vertical  du 
sillage  proche  oO  les  trajectoires  sont  dss  lignes 
de  courant.  Comme  1'lndlque  la  figure  31,  la 
sdparatrice  (s,)  Issue  de  I'dpaulement  A  s'enroule 
autour  du  foyer  r,  et  une  deuxidme  sdparatrice  (Sj) 
aboutit  au  point  d'arrdt  -  ou  dem1-co1  -  Cj  situd 
sur  le  culot.  Enfin,  une  trolsidme  sdparatrice  (%) 
nalssant  au  col  Cj,  confondu  avec  I'dpaulement  in- 
fdrleur  B,  sdpare  1'dcoulement  venant  de  l'"extra- 
dos"  de  celul  en  provenance  de  Vlntrados". 

11  existe  une  grande  diffdrence  entre  les  situa¬ 
tions  26a  et  26c  oCi  1'on  est  passd  d'une  topologie 
d  4  cols  et  2  foyers  d  une  situation  d  3  cols  et  un 
seui  foyer.  La  "bifurcation"  de  a  vers  c  est  sans 
doute  prdcddde  -  pour  des  Incidences  trds  faibles  - 
par  1a  structure  b  ob  les  centres  3,  et  7^  sont 
reraplacds  par  des  foyers  r,  et  Jj. 

Faute  de  visualisations  parldtales,  le  spectre  des 
lignes  de  frottement  dessind  Fig.  32  est  en  grande 
partie  conjecturel.  Sur  la  partle  fuselage  (voir 
Fig.  32a),  le  spectre  comporte  deux  points  criti¬ 
ques,  d  savoir:  un  deml-noeud  N,  situd  d  I'dpaule¬ 
ment  supdrieur  A  du  culot  et  un  deml-col  C,  d  la 
position  symdtrique  B.  Toutes  les  lignes  de  frot¬ 
tement  du  corps  sont  "aspirdes"  par  le  noeud  de 
ddcollement  N, .-  La  situation  sur  le  culot  est  rep- 
rdsentde  Fig.  32b.  Au  point  B  est  placd  un  deml-col 
Cj  (compldmentaire  de  C, )  et  en  A  un  deml-noeud  Nj 
(compidmentaire  de  N, ).  Le  noeud  N,  sur  la  face  du 
culot  coincide  avec  1'lmpact  de  la  sdparatrice  (82) 
:  11  alimente  1'dcoulement  de  surface  qui  disparaft 
dans  le  noeud  Nj.  Dans  le  cadre  de  cette  descrip¬ 
tion,  une  sdparatrice  (Sj)  courre  le  long  de 
1'ardte  entre  le  col  C,  +  Cj  et  le  noeud  N,  -i-  Nj. 
La  figure  32c  montre  le  spectre  dans  le  cas  de  rd- 
volutlon  "pur"  (Incidence  nulle).  Ld,  un  noeud  Iso¬ 
trope  est  placd  au  centre  du  culot  dont  1'ardte 
porte  une  suite  infinie  de  cols. 

Les  didments  prdcddents  permettent  d'exdcuter  le 


dessin  de  la  figure  33  reprdsentant  la  surface  de 
sdparatlon  portde  par  la  sdparatrice  S, .  Dans  un 
mouvement  assez  complexe,  cette  surface  s'enroule 
sur  elle-mdme  en  un  "ourlet”"  qui  se  distend  en 
deux  branches  se  courbant  vers  1'aval.  La  coupe  de 
cette  surface  par  un  plan  transversal  donne  les 
deux  foyers  reprdsentds  sur  la  figure  30.  II  s'agit 
d'un  seui  tourbillon  en  fer  d  cheval  analogue  d 
celui  se  formant  devant  un  obstacle  arrondl. 

3.4  -  CORPS  ELANCE  A  OGIVE  POINTUE 

La  configuration  examinde  id  est  celle  de  I'obst- 
acle  fuseld,  d  nez  pointu,  placd  en  Incidence.  Une 
telle  gdomdtrle  correspond  d  un  corps  de  missile  ou 
blen  d  la  partle  avant  d'un  fuselage  d'avlon  super- 
sonique.  Dans  ce  cas,  la  position  des  lignes  sdpa- 
ratrlces  ne  peut  pas  dtre  "devinde"  d  I'avance, 
mals  11  peut  sembler  dvldent  que  1'orlglne  de  ces 
lignes  dolt  se  trouver  d  I'extrdmltd  pointue  de 
1 'obstacle.  En  raison  de  son  Intdrdt  pratique, 
cette  forme  a  fait  I'objet  d'un  trds  grand  nombre 
d'expdriences,  la  plupart  consistant  en  des  relevds 
de  presslon  paridtale  et  en  des  mesures  de  coeffi¬ 
cients  adrodynamlques.  En  revanche,  les  dtudes 
fines  Incluant  des  explorations  du  systdme  tourbll¬ 
lonnaire  engendrd  par  un  te1  corps  sont  relative- 
ment  rares  (Jorgensen  et  Perkins,  1955;  Fidler  et 
a1.,  1977;  Yanta  et  Wardlaw,  1981,  1982;  Ponton  et 
Johnson,  1989;  Champigny  et  Baudin,  1990;  voir 
aussi:  pour  une  dtude  tologique  d  partir  de  visua¬ 
lisations  par  plan  de  lumidre,  voir  Ward  et  Katz, 

1989) . 

Nous  analyserons  Id  les  rdsuUats  obtenus  avec  une 
maquette  de  rdvolutlon  constitude  d'une  partle  cyl- 
Indrique,  de  diamdtre  D  =  0,030  m  ,  prdcddde  d'une 
ogive  circulaire  de  longueur  dgale  d  trols  calibres 
(voir  Fig.  34).  Les  expdriences  ont  dtd  exdcutdes 
en  supersonique  d  un  nombre  de  Mach  Moo  *  2  et  d  une 
pression  gdndratrice  de  5  10*  Pa,  ce  qui  conduit  d 
un  nombre  de  Reynolds  ayant  la  valeur: 
ROj  -  1,61  10*.  Dans  ces  conditions,  la  couche 
llmite  -■  avant  sdparatlon  -  est  laminaire. 

L'dcoulement  a  dtd  dtudid  pour  des  incidences  a 
variant  de  5"  d  20";  cheque  fols  le  spectre  parid- 
tal  d  dtd  ddfinl  avec  soln  par  des  visualisations; 
les  presslons  d  la  parol  ont  dtd  mesurdes  et  le 
champ  d  dtd  explord  au  moyen  d'une  sonde  de  pres¬ 
sion  d  cinq  trous  dans  plusleurs  plans  perpendlcul- 
alres  d  I'axe  X  de  la  maquette  (Pagan  et  Molton, 

1990) .  Dans  ce  qui  suit,  nous  ne  retlendrons  que 
les  rdsultas  obtenus  pour  a  •  5*  et  20*.  Pour  ces 
Incidences,  et  compte  tenu  du  nombre  de  Mach  de 
l'dcoulement,  11  n'y  a  pas  de  risque  d'dtabllsse- 
ment  d'un  rdgime  d  structures  tourblllonnalres 
dissymdtriques. 

Les  vues  de  dessus  et  de  cdtd  de  la  visualisation 
paridtale  rdallsde  d  5"  d'incldence  sont  reprodui- 
tes  Figs.  35a  et  35b,  avec  les  schdmas  Interprdta- 
tlfs  correspondants.  Les  lignes  de  frottement  pro- 
venant  de  I'apex,  et  situdes  d'un  c6td  de  la  ligne 
d'attachement  (A,)  situde  dans  le  plan  de  symdtrle 
vertical  a  Vlntrados,  convergent  progressivement 
vers  une  ligne  de  sdparatlon  primaire  (S,)  claife- 
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ment  Identifiable  i  partir  de  1 'abscissa  X  »  4  0. 
£n  avant  de  cette  position,  11  est  Impossible  de 
determiner  quelle  ligne  de  frottement  est  la  ligne 
de  separation. 

Dans  1e  plan  de  symetrle,  cdte  extrados,  existe  une 
deuxieme  ligne  d'attachement  (Aj),  1es  lignes  de 
frottement  en  provenance  de  (Aj)  se  dirigeant  vers 
la  ligne  de  separation  secondaire  (Sj).  De  roeme  que 
pour  (S, ),  1e  mouvement  de  convergence  vers  (Sj) 
n'est  vralment  visible  qu'4  partir  de  la  station 
X  »  5  D.  Entre  (S, )  et  (Sj),  le  frottement  est  trop 
faible  pour  entralner  I'enduit  visqueux;  cependant, 
11  dolt  exister  une  ligne  d'attachement  (A,),  pla- 
cde  approximativement  sur  la  vue  de  cdte  de  la  fig¬ 
ure  35b. 

En  fait,  comme  le  montreront  les  rdsultats  analyses 
§  3.6,  ce  spectre  parietal  est  topologiquement  trAs 
proche  de  ce  qui  est  observe  sur  un  corps  i  nez  ar- 
rondl.  A  la  difference  que,  dans  le  cas  present,  le 
systeme  de  noeuds  et  de  cols,  e  Introduire  pour 
completer  1' Interpretation,  est  Indlscernable  de 
1'extremlte  de  1 'ogive. 

A  partir  de  ce  spectre  parietal,  11  est  possible  de 
concevoir  dlffdrents  champs  dans  des  plans  trans- 
versaux,  perpendiculalres  i  I'axe  OX  de  la 
maquette.  Le  premier  (voir  Fig.  36a),  constitue 
d'un  tourblllon  primaire  de  foyer  r,  et  d'un  tour- 
billon  secondaire  de  foyer  rappelle  la  structure 
observde  sur  les  alles  delta  (voir  §  3.3.1 
cl-dessus).  Le  second  (voir  Fig.  36b),  contlent  un 
col  Cj  au  sein  de  I'ecoulement.  Enfin,  le  trolsieme 
(voir  Fig.  36c),  fait  correspondre  aux  sdparatrices 
(S, )  et  (Sj)  des  tourblllons  de  faible  amplitude  et 
assocle  le  tourblllon  principal  4  un  col  Cj  situd 
dans  I'dcoulement.  A  1' Incidence  de  5*,  le  systdme 
tourblllonnaire  est  trop  prds  de  la  parol  pour  pou- 
volr  Stre  sondd  avec  precision.  II  n'est  done  pas 
possible  de  ddclder  qu'elle  est  la  structure  qui  se 
rdallse  effectivement.  Toutefols,  1'analogle  avec 
des  dcoulements  connus  (1'alle  delta  par  example) 
et  la  fait  -  Intultif  -  que  la  configuration  la 
plus  simple  est  celle  qui  a  le  plus  de  chance  de  se 
rdallser,  amdnent  4  penser  que  le  bon  schdma  est 
celul  de  la  figure  36a.  Les  enroulements  tourbll- 
lonnalres  correspondents  sont  reprdsentds  en  pers¬ 
pective  Fig.  37  oO  les  proportions  de  la  rdalltd  ne 
sont  pas  respeetdes,  les  tourblllons  rdels  dtant 
beaucoup  plus  proches  de  la  parol. 

La  visualisation  obtenue  pour  a  =  20*  est  repro- 
dulte  Fig.  38.  Haintenant,  le  ddpart  des  sdparat- 
rlces  au  nez  de  la  maquette  est  blen  visible.  Comme 
le  montrent  les  schdmas  Interprdtatifs  ,  on  Iden- 
tlfle  quatre  lignes  de  sdparatlon  (seules  dessln- 
des)  et  cinq  lignes  d'attachement.  Pour  plus  de 
clartd,  le  spectre  est  ddveloppd  sur  la  figure  39 
en  conservant  approximativement  les  distances  long- 
Itudlnales  et  circonfdrentlelles.  La  ligne  d'atta- 
chem^nt  (A,),  situde  dans  le  plan  mdridlen  4  I'lnt- 
rados,  est  au  milieu  de  la  figure.  La  ligne  d'atta¬ 
chement  (Aj)  de  1'extrados,  dddoublde,  se  retrouve 
sur  les  tords  du  schdma.  Les  lignes  de  sdparatlon 
(Sj)  et  (Sj)  sont  reportdes  sur  la  figure,  en  rev¬ 
anche  la  ligne  situde  trds  prds  de  (Sj)  et  appelde 


{S^)  sur  la  figure  38  est  Ignorde  par  souci  de 
clartd.  En  effet,  le  tourblllon  engendrd  par  la  sd¬ 
paratlon  se  produlsant  le  long  de  (S^)  est  d'une 
dimension  trop  faible  pour  affecter  notablement 
I'dcoulement  transversal. 

Dans  ce  cas,  le  systdme  tourblllonnaire  se  ddtache 
nettement  de  la  parol,  ce  qui  permet,  grSce  aux 
sondages,  d'en  donner  une  reprdsentatlon  plus  quan¬ 
titative.  La  figure  40a  montre  le  champ  de  vltesse 
projetd  dans  le  plan  transversal  situd  4  1'absclsse 
rddulte  X  /  D  =  8  oil  apparalt  trds  distinctement  le 
gros  tourblllon  primaire  attachd  4  la  sdparatlon 
(S, ).  En  revanche,  en  raison  de  la  petitesse  du 
champ,  les  structures  engendrdes  par  les  autres  sd- 
paratlons  sont  peu  visibles.  Ndanmolns,  par  une 
trajectographle  dans  ce  champ  de  vecteurs  et  en 
s'appuyant  sur  les  visualisation  parldtales,  11  est 
possible  d'exdcuter  le  dessin  de  la  figure  40b  oil 
les  proportions  de  la  rdalltd  sont  respeetdes.. 

Le  tracd  de  la  rdpartitlon  spatlale  de  la  presslon 
gdndratrice  p,  donne  aussi  une  Image  pari  ante  du 
systdme  tourblllonnaire.  La  figure  41  montre  deux 
rdsultats  obtenus  dans  les  plans  situds  4 
X/D  =  4etX/D-8.  Ony  volt  nettement  les  rd- 
glons  fortement  rotatlonnelles  -  au  coeur  du  tour¬ 
blllon  principal  et  dans  la  zone  des  tourblllons 
secondalres  -  marqudes  par  un  ddficit  prononed  de 
p,  .'  L'accrolssement  selon  X  du  domalne  tourblllon¬ 
naire  -  par  ddferlement  contlnuel  des  couches  liml- 
tes  -  apparalt  de  manidre  frappante  sur  la  reprd¬ 
sentatlon  en  perspective  de  la  figure  42. 

3.5  -  CORPS  A  NEZ  ARRONDI 

Considdrons  maintenant  une  situation  oil  le  ddcol- 
lement  a  lieu  sur  un  corps  4  nez  arrondi  dont  le 
rayon  de  courbure  est  partout  grand  devant  I'dpals- 
seur  de  la  couche  llmite.  Ce  genre  d'dcoulement  est 
encore  plus  difficile  4  iroddllser  dans  la  mesure  oO 
la  position  et  I'orlglne  de  la  -  ou  des  -  llgne(s) 
de  sdparatlon  ne  peuvent  dtre  ddtermlndes  que  par 
une  prdvislon  fiddle  du  comportement  de  la  couche 
llmite  dans  son  dvolutlon  vers  la  sdparatlon. 

La  plupart  des  expdriences  exdcutdes  pour  contrl- 
buer  4  la  comprdhenslon  de  ce  type  de  ddcollement 
ont  envisagd  des  corps  en  forme  d'elllpsolde.  Aprds 
les  premiers  travaux  d'Elchelbrenner  et  Dudard 
(1955),  de  nombreuses  dtudes  ont  sulvl,  gdndrale- 
ment  llmltdes  4  des  mesures  de  presslon  ou  4  des 
visualisations  parldtales.  Ce  n'est  que  depuls  une 
date  relativement  rdeente  que  I'on  dispose  de  ren- 
selgnements  quantitatifs  sur  la  structure  de 
I'dcoulement  exteme  (Vollmers  et  al.,  1983;  Meier 
et  al.,  1984;  Costls  et  al.,  1987;  Hoang  et  al.; 
1990). 

Nous  retlendrons  Id  une  dtude  effectude  sur  une 
maquette  constitude  d'un  deml-elllpsolde  aplatl 
prolongd  par  une  portion  cylindrique  que  termlne  un 
culot  franc  (voir  Fig.  43)..  La  maquette,  d'une  lon¬ 
gueur  L  de  1,83  m,  a  dtd  essayde  4  une  vltesse  de 
50  m/s  pour  des  angles  d'lnclden^^  a  allant  de  0  4 
40*.  Le  nombre  de  Reynolds  Re^  v.'lant  6,4  10*,  la 
transition  se  prodult .  danS;  la  r  .-glon  du  nez.  La 
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couche  liulte  est  done  turbulente  dans  la  zone  oil 
les  enroulements  tourbillonnalres  se  ddveloppent 
plelnement  (Wer1d,  1985;  Chanetz,  1986;  Chanetz  et 
Odlery,  1988). 

Les  visualisations  par  enduit  visqueux  obtenues 
pour  a  =  10*,  20*  et  30*  sont  prdsentdes  Fig.  44. 
Chaque  figure  donne  une  vue  de  1'extrados  et  une 
vue  de  cOtd.  Quand  1' incidence  est  de  10*  (voir 
Fig.  44a),  1e  noeud  d'attachement  au  nez  de  la  ma- 
..  .i.e  est  Idg^renent  ddplacd  vers  1'intrados  et  1e 
spectre  paridtal  est  remarquablement  symdtrique, 
avec  convergence  tris  progressive  des  lignes  de 
frottement  en  direction  du  plan  de  symdtrie  verti¬ 
cal.  A  Cette  incidence,  aucune  1igne  de  separation 
caraetdrisde  n'est  ddteetde  (la  rdgion  du  culot 
etant  exclue  de  cette  analyse).-  Cette  absence  de 
separation  est  confirmee  par  un  calcul  de  couche 
liiaite  (Barberis,  1986). 

Quand  a  devient  dgale  i  20*  (voir  Fig.  44b),  on 
observe  sur  le  dernier  tiers  de  la  maquette,  dans 
une  region  voisine  des  bords  lateraux,  un  infiech- 
issement  rapide  des  lignes  de  frottement  qui  conv¬ 
ergent  vers  une  ligne  de  separation  bien  distincte. 
Dans  le  cas  present,  comme  pour  1 'ecoulement  autour 
du  corps  fuseie  i  incidence  moderde  (voir  §  3.4 
ci-dessus),  le  col  par  oil  doit  passer  la  ligne  de 
separation  n'est  pas  clairement  identifiable  sur  le 
spectre  parietal,  ee  qui  tendralt  i  conforter  le 
concept  de  decollement  ouvert  introduit  par  Wang 
(1983).  En  fait,  coirnie  nous  allons  le  voir,  la  con¬ 
struction  de  1 'ecoulement  autour  du  corps  oblige  e 
introduire  un,  ou  plusieurs,  cols  dont  I'existence 
est  ndeessaire  d  I'dtablissement  d'un  schema  topo- 
loglquement  coherent,  ni6me  si  certains  points  cri¬ 
tiques  ne  sont  pas  ddtectables  par  1 'experience. 

Pour  I'incidence  a  =  30*  (voir  Fig.  44c),  les 
lignes  de  frottement  divergent  rapidement  depuis  le 
plan  de  symdtrie  vertical  qui  contient  la  ligne 
d'attachement  (A,)  et  convergent  en  direction  d'une 
ligne  de  separation  (Sj).;  En  outre,  les  lignes  de 
frottement  en  provenance  de  1 ' intrados  tendent  vers 
une  autre  ligne  de  separation  situde  prds  du  bord 
lateral  de  la  maquette.  Cette  ligne  (S, )  est  asso- 
cide  au  ddcollement  primaire  qui  donne  naissance  au 
tourbillon  le  plus  vigoureux.  La  ligne  de  separa¬ 
tion  secondaire  (Sj)  correspond  au  ddcollement  du 
fluide  qui,  prds  de  la  paroi,  s'dccule  depuis  le 
plan  de  symdtrie  extrados  en  direction  du  bord  de 
la  maquette.  Ainsi  (S,)  est  i  I'origine  d'un  tour¬ 
billon  secondaire  situd  au  dessous  du  tourbillon 
primaire.  Entre  les  deux  lignes  de  separation  (S,) 
et  (Sj),  existe  une  ligne  d'attachement  (Aj),  peu 
visible  sur  les  photographies  reproduites  ici,  mais 
parfaitement  observables  lors  des  essais. 

Sur  les  figures  45a  et  45b  sont  dessinds  les  sche¬ 
mas  interprdtatifs  des  spectres  paridtaux  observes 
aux  incidences  a  =  20*  et  30*  pour  lesquelles  11  y 
a  ddcollement.  Sur  ces  schemas,  les  proportions  de 
la  rdalite  sont  respeetdes  pour  les  vues  de  dessus 
et  de  cOtd;  le  dessin  du  spectre  sur  1'intrados, 
execute  en  effectuant  un- pseudo  developpement,  est 
approximatif. 


Si  I'on  fait  abstraction  de  la  region  du  culot,  le 
spectre  observe  pour  a  =  20*  contient  trois  sdpara- 
trices,  4  savoir  (>olr  Fig.  45a): 

-  deux  lignes  d'attachement  (A,)  et  (Aj),,  situdes 
respect ivement  cOtds  extrados  et  intrados,  dans  le 
plan  de  symdtrie  vertical  de  rdcoulement; 

-  une  ligne  de  separation  (S, )  bien  visible  sur  la 
partie  arridre  de  la  maquette,  prds  de  ses  bords 
latdraux. 

Une  construction  topologiquement  cohdrente  de  ce 
spectre  oblige  4  introduire  au  moins  trois  points 
critiques  dans  la  rdgion  du  nez  de  I'obstacle.  II 
s'agit  d'un  noeud  d'attachement  N, ,  du  col  C,  -  par 
oil  passe  la  ligne  de  separation  (S, )  et  les  deux 
lignes  d'attachement  (A,)  et  (A^)  -  un  second  noeud 
d'attachement  Nj  devant  exister  en  aval  de  C, .  Seui 
le  noeud  N,  est  en  fait  clairement  mis  en  evidence 
par  la  visualisation;  il  se  confond  avec  le  point 
d'arrdt  au  sens  usuel  du  terme.  Ainsi,  N,  et  Nj 
sont  les  lieux  de  naissance  de  deux  ensembles  dis-- 
tincts  de  lignes  de  frottement  sdpares  par  (S, ). 

Les  schemas  correspondent  4  a  =  30*  sont  dessinds 
sur  la  figure  45b.  Ainsi  que  nous  I'avons  ddja  si- 
gnaie,  dans  ce  cas,  deux  lignes  de  separation  (S, ) 
et  (Sj)  sont  identifiables,  surtout  sur  la  partie 
arridre  de  la  maquette.  Egalement,  trois  lignes 
d'attachement  sont  prdsentes:  les  deux  lignes  (A,) 
et  (Aj)  devant  exister,  corme  pour  la  configuration 
prdeedente,  dans  le  plan  de  symdtrie  vertical,  et 
la  ligne  (A,)  situde  entre  (S,)  et  (Sj).  On  est 
done  conduit  4  introduire  les  points  critiques  sui- 
vants  dans  la  rdgion  du  nez: 

-  noeuds  d'attachement  N, ,  Nj,  N,  (  N,  dtant  le 
point  d'arret); 

-  cols  C,  et  Cj  origines  des  lignes  de  separation 
(S,)  et  (Sj)., 

II  est  4  noter  que  seul  N,  est  bien  mis  en  evidence 
par  les  visualisations  paridtales,  mais  I'existence 
de  C,  est  confirmde  par  les  calculs  de  couche  li- 
mite  (Barberis,  1986).- 

Comme  dans  le  cas  du  corps  fuseld  4  faible  inci¬ 
dence,  les  sdparatrices  effectuent  un  long  parcours 
depuis  leur  origine  en  demeurant  indiffdrencides 
des  lignes  de  frottement  voisines.  Ce  n'est 
qu’aprds  la  Jonction  ellipsoide  -  cylindre  que  ces 
cerni6res  lignes  amorcent  le  raouvement  de  conver¬ 
gence  vers  les  lignes  de  separation  ou  bien  de  di¬ 
vergence  depuis  les  lignes  d'attachement.. 

Dans  I'examen  de  1 'organisation  tourbillonnaire 
resultant  du  ddcollement,  nous  considdrerons  la 
configuration  obtenue  4  a  •  30*  qui  a  fait  I'objet 
d'une  etude  approfondie  avec  mesures  de  champ  par 
sondes  multi-troiis  ct  veiocimdtrie  laser. 

La  figure  46  montre  le  champ  de  la  composante  de 
Vitesse  dans  quatre  plans  perpendiculaires  4  1'axe 
OX  de  la  maquette  pour  un  secteur  limite  par  les 
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positions  angulalres;  e  =  19*  et  90*.-  Les  abscisses 
de  ces  plans  (X  =  0,88  -  0,92  -  0,96  et  1,00  m) 
correspondent  k  la  rdglon  ou  les  enroulements  tour- 
blUonnalres  devlennent  blen  distincts. 

La  structure  de  rdcoulement  dans  cette  region  peut 
aussi  Stre  visuallsde  en  conslddrant  les  lignes 
d'dgale  valeur  de  la  composante  du  rotatlonnel 
(voir  Fig.  47).  Elies  mettent  en  Evidence  1'exls- 
tence  d'une  'couche”  de  falble  dpalsseur,  oil 
augmente  tr6s  rapidement,  pouvant  Otre  asslnllde  4 
1a  nappe  de  ddcollement. 

Comne  1e  montre  la  figure  48,  oil  sont  reprdsentds 
les  champs  de  vltesse  dans  quatre  plans  transver- 
saux  plus  en  aval,  les  structures  tourblllonnalres 
se  ddtachent  nettement  de  la  parol,  ce  qui  permet 
de  mieux  ddfinir  1 'organisation  de  I'dcoulement.. 

Alnsi,  cl  partir  de  trajectographles  dans  les  champs 
de  Vitesse  et  en  s'appuyant  sur  les  visualisations 
parietales  qui  donnent  avec  precision  les  positions 
des  lignes  de  separation  et  d'attachement,  11  est 
possible  de  tracer  les  trajectolres  de  I'dcoulement 
transversal  (voir  Fig.  49).-  Les  points  critiques 
rdveids  par  ces  tracds  sont: 

les  deux  foyers  r,  et 

-  les  deml-cols  Cj  et  traces  des  lignes  de  sepa¬ 
ration  (S, )  et  (Sj)i 

-  1e  deml-col  C,  correspondent  4  la  ligne  d'atta¬ 
chement  (Aj); 


deml-cols  C,g  et  C, ,  d'oCi  emergent  les  sdparatrlces 
(%)  et  (S^)  s'enroulant  autour  des  foyers  Tj  et 

n- 

Les  dcoulements  sur  la  surface  et  dans  1e  plan  de 
symetrle  sont  les  traces  du  systdme  4  deux  tour- 
billons  en  fer  4  cheval  dessind  sur  la  figure  SI. 
Une  premiere  suiface  de  separation  (£,),  ayant  pour 
trace  sur  1'obstacle  la  ligne  de  separation  prl- 
malre  (S, ),  s'enroule  autour  d'un  "axe”  passant  par 
1e  foyer  3^  dans  1e  plan  de  symdtrle.  Toutes  les 
lignes  de  courant  ddflnlssant  (£,)  ont  pour  origine 
1e  noeud  K,  coincldant  avec  1e  deml-col  C,g  dans  1e 
plan  de  symdtrle  et  1e  col  C,  sur  la  surface  du 
corps.  D'une  manldre  analogue,  une  deuxidme  surface 
de  separation  (Zj)  nait  de  la  ligne  de  separation 
(Sj)  ,  ses  lignes  de  courant  provenant  du  noeud  Hj, 
en  coincidence  avec  C, ^  et  Cj. 

Une  autre  organisation  peut  dtre  imaglnde,  elle- 
-aussl  topologiquement  correcte  et  en  accord  avec 
les  observations  expdrlmentales  (voir  Fig.  S2).  SI 
nous  conslddrons  d'abord  1e  spectre  parietal,  aux 
cinq  sdparatrlces  (A,),  (Aj),  (A,),  (S,)  et  (S^)  - 
dont  1 'existence  est  prouvde  de  manldre  Indlscu- 
table  par  les  visualisations  -  s'ajoute  une  trol- 
sidme  sdparatrlce  (Sj)  Issue  du  col  Cj  qui  va  s'en- 
rouler  autour  du  foyer  F, .  Haintenant,  la  ligne  de 
separation  (Sj)  s'enroule,  elle-aussi,  autour  de  F, 
qui  va  dtre  1'emprelnte  sur  la  surfac'-  de  I'enrou- 
lement  secondalre.  La  coherence  du  schdma  Impose 
I'exlstence  d'un  trolsidme  col  C,,  silud  en  dehors 
du  plan  de  syrndtrle,  par  od  dolt  preclsdroent  passer 
la  sdparatrlce  (Sj).- 
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-  le  col  Cj  et  le  deml-col  C, 
de  symdtrle. 


sltuds  dans  le  plan 


Les  rdsultats  obtenus  sur  cette  maquette  4  a  =  30’ 
rdvdlent  une  organisation  blen  ddflnle  du  systdroe 
tourblllonnalre.  Jusqu'4  une  abscisse  un  peu  supd- 
"leure  4  1,12  ra,  les  tourblllons  primaires  et  se- 
condaires  sont  contenus  dans  une  couche  mince  au 
contact  de  la  parol,  la  structure  de  rdcoulement 
dissipatif  etant  alors  peu  dlffdrente  de  celle 
d'une  couche  llmite  classique..  Ce  n'est  qu'4  partir 
de  X  =  1,12  m  que  les  deux  tourblllons  se  ddtachent 
rdelleraent  de  la  parol  pour  constituer  un  systdme 
tourblllonnalre  blen  organise  assocld  4  un  ddcol- 
lement  franc.  A  cette  evolution  correspond  un  chan- 
gement  net  du  spectre  parietal,  les  lignes  de  sepa¬ 
ration  et  d'attachement  devenant  Identiflables. 

Les  schemas  qui  vont  maintenant  §tre  proposes  pour 
I'dcoulement  autour  de  la  maquette  placde  4  une  In¬ 
cidence  de  30’  sont  qualltatifs  en  raison  de  la 
quasi -Impossiblllte  de  representer  les  choses  en 
respectant  les  proportions  de  la  rdallte. 

Alnsi  qu'11  est  dessine  sur  la  figure  50,  une  con¬ 
figuration  plausible  peut  dtre  construlte  en  Intro- 
dulsant  cinq  lignes  sdparatrlces  et  cinq  points 
critiques.  Pour  raccorder  ce  spectre  4  ce  qui  se 
passe  4  I'extdrleur,  dans  le  plan  de  syndtrle,  11 
faut  faire  correspondre  aux  trols  noeuds  N,,  Nj  et 
Hj  les  deml-cols  Cj,  et  C,  par  oil  passent  trols 
sdparatrlces.  Aux  cols  C,  et  Cj  sont  assoclds  les 


Les  surfaces  de  separation  compatibles  avec  la  prd- 
sente  Interpretation  sont  desslndes  sur  la  figure 
53.  On  a  d'abord  reprdsentd  (voir  Fig.  53a),  la 
nappe  priroaire  (Z,)  dont  la  trace  sur  1'obstacle 
est  la  ligne  de  separation  (S,)  et  I'intersectlon 
par  le  plan  de  symdtrle  la  sdparatrlce  (Sj)  splra- 
lant  autour  du  foyer  (3^).  Son  enroulement  forme  un 
tourblllon  en  fer  4  cheval.  L'organisatlon  du  tour- 
billon  secondalre  est  cette  fols  plus  complexe. 
Nous  distinguons  d'abord  (voir  Fig.  53b)  une  pre¬ 
miere  surface  (Zj)  ayant  pour  trace  la  ligne  de  se¬ 
paration  (Sj)  et  pour  empreinte  le  foyer  F, .  Une 
deuxidme  nappe  (Z,),  qui  s'enroule  4  I'lntdrleur  de 
(2^)  ,  a  dgalement  pour  empreinte  F,  (voir  Fig. 
53c),  1'ensemble  (2^)  +  (2^)  s'organisant  en  un 
tourblllon  trombe.  Les  lignes  de  courant  ddflnls- 
sant  (Z,)  et  (2^)  partent  des  demi -noeuds  3^  et  3^, 
en  coincidence  avec  les  cols  Cj  et  Cj  sur  la  ma¬ 
quette.  La  figure  53d  montre  1 'assemblage  des  trols 
surfaces  (z,),  (2^)  et  (z,)  formant  les  enroule¬ 
ments  primaire  et  secondalre. 

Pour  clore  cette  discussion,  examlnons  bldvement 
I'dvolutlon  de  la  structure  de  I'dcoulement  quand  - 
4  nombre  de  Reynolds  flxd  -  on  augmente  1' Incidence 
oc  en  conslddrant  ce  qui  se  passe  dans  le  plan  de 
symdtrle  au  volsinage  du  nez  de  la  maquette.  Come 
le  montre  la  figure  54a,  tant  que  a  ne  ddpasse  pas 
10*,  le  champ  ne  contlent  qu'un  point  critique,  4 
savoir  un  deml-col.  auquel  correspond  le  noeud 
d'attachement  principal,  ou  point  d'arfSt.-  Dans  ce 
domalne  d' Incidence,  une  variation  de  a  entrafne 
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une  deformation  continue  du  champ,  1e  point  cri¬ 
tique  se  ddplaqant  progressivement  vers  1'extrados 
si  a  augmente  (voir  Fig.  54b).- 

En  revanche,  pour  a  =  20"  (voir  Fig.  54c),  1e  champ 
externe  contlent  quatre  points  critiques,  k  savoir: 
trols  deml-cols  et  un  foyer.  Quand  I'incldence  est 
portde  h  30‘  (voir  Fig.  54d),  sept  points  critiques 
sont  presents  dans  I'ecoulement,  solt:  cinq 
demi-cols  et  deux  foyers  (on  n'a  retenue  que  la 
premiere  Interpretation). 

Alnsi,  par  variation  continue  d'un  parametre  -  en 
Voccurrence  I'incldence  -  Vecoulement  trldlmen- 
slonnet  subit  des  changements  discontinus  de  struc¬ 
ture  se  tradulsant  par  une  augmentation  du  nombre 
des  points  critiques  du  spectre  des  lignes  de  cou- 
rant  ou  de  frottement.  Un  tel  comportment  -  ega- 
lement  note  e  propos  des  dcoulements  de  culot  (voir 
§  3.3.2)  -  s'apparente  i  un  phenomene  de  bifurca¬ 
tion.  En  rdallte,  1e  passage  d'une  organisation  e 
I'autre  dolt  se  faire  par  une  phase  Instatlonnaire 
e  laquelle  la  description  prdcedente  ne  peut  pas 
s'appllquer.  Cet  aspect  trbs  Important  et  partlcu- 
lierement  Interessant  des  dcoulements  trldlmenslon- 
nels  decolies  ne  sera  pas  discute  Id  (voir,  Tobak 
et  Peake,  1982;  Oallmann,  1986). 

4  •  ECLATEHENT  TOURBIILOWNAIRE 

4.1  -  REHARQUES  GENERALES 

Dans  certalnes  circonstances,  encore  asset  mal  eiu- 
cldees,  une  structure  tourblllonnaire  enroulde  est 
susceptible  de  subir  une  desorganisation  brutale 
connue  sous  1e  nom  <l' ici atement . 

Ce  phenomene  peut  affecter,  par  exemple,  les  tour- 
blUons  Intenses  se  formant  au-dessus  de  la  vollure 
4  forte  fieche  d'un  avion  evoluant  4  grande  Inci¬ 
dence.  L'dclatement  modifle  alors  sensiblement  1e 
champ  de  presslon  sur  1'a11e  ce  qui  conduit  4  une 
chute  de  portance,  1e  plus  souvent  dissymetrique, 
I'edatement  ne  se  produlsant  pas  au  mSme  endrolt 
sur  chacune  des  alles;  d'oCi  1 'apparition  d'un  mo¬ 
ment  de  roulls  pouvant  rendre  le  contr61e  de  I'ap- 
parell  deilcat.. 

La  figure  55  montre  une  visualisation  au  tunnel  hy- 
drodynamlque  de  Vdclatement  des  tourblllons 
au-dessus  d'une  alle  delta  dont  le  bord  d'attaque 
algu  a  une  fl4che  de  65’  (Uerld,  1960).  Le  phdno- 
m4ne  se  tradult  par  une  dilatation  de  la  structure 

-  dont  le  noyau  est  auparavant  trbs  concentrd  - 
avec  1 'apparition  de  fluctuations  4  grande  dche11e 
gdndratrices  d'une  forte  turbulence.  Comme  le  dd- 
collement  d'une  couche  llmite,  processus  avec 
lequel  11  prdsente  une  parentd,  1'dclatement  ent- 
ralne  une  crolssahce  spectaculaire  de  la  place  oc- 
cupde  par  les  zones  dissipatives  au  sein  de  I'dcou- 
lement.  11  en  rdsulte: 

-  une  augmentation  de  I'effet  de  ddplacement  vls- 
queux,  ce  qui  Influe- fortement  sur  1 'ensemble  du 
champ  adrodynamique; 

-  une  aggravation  des  pertes  d'efficacltd  et  un  ac- 


crolssement  de  la  trainde  par  Intensification  des 
effets  dissipatifs; 

-  1 'apparition  de  vibrations  engendrdes  par  les 
mouvements  fluctuants  auxquels  I'dclatement  donne 
nalssance. 

Prdjudiclable  4  1'adrodynamlque  des  avions,  I'dcla¬ 
tement  tourblllonnaire  peut  en  revanche  dtre  bdnd- 
flque  dans  certalnes  applications.  Par  example,  11 
constitue  un  moyen  permettant  d'amdllorer  le  md- 
lange  carburant-comburant  dans  une  chambre  de  com¬ 
bustion  ou  blen  de  hdter  la  dissipation  des  tour¬ 
blllons  dmanant  des  extrdmitds  d'alle  des  avions 
gros  porteurs.- 

Le  probldme  de  I'dclatement  se  rencontre  en  super- 
sonlque  sous  la  forme  d'une  Interaction  onde  de 
choc  /  tourblllon,  pendant  du  phdnomdne  plus  fami¬ 
liar  d'interactlon  onde  de  choc  /  couche  llmite. 
Connie  le  montre  la  figure  56,  une  telle  Interaction 
peut  se  produire  sur  un  avion  dvoluant  4  grande 
Incidence  et  en  transsonique  dievd  ou  blen  quand  un 
tourblllon  engendrd  par  une  surface  portante  est 
avald  par  une  prise  d'air  placde  en  aval.  SI  le 
choc  est  assez  Intense,  11  est  4  mdme  de  provoquer 
I'dclatement  de  la  structure  tourblllonnaire  qui  le 
traverse  salon  une  direction  sensiblement  normale; 
d'ob,  14  aussi,  des  consdquences  ndfastes.  Des  si¬ 
tuations  simllalres  sont  Imaginables  sur  un  vdhl- 
cule  hypersonique  ob  coexistent  des  ondes  de  choc 
Intenses  et  des  tourblllons  dont  I'interactlon  peut 
dtre  4  I'origine  de  flux  de  chaleur  locaux  dlevds 
sur  certalnes  parties  du  fuselage. 

4.2  -  ECLATEHENT  EN  ECOULEHENT  INCOMPRESSIBLE 

Etant  donnde  son  Importance  pratique,  I'dclatement 
tourblllonnaire  a  fait  I'objet  de  trds  nombreux 
travaux  et  est  encore  activement  dtudid  (pour  une 
revue  rdcente,  voir  Escudler,  1988).  11  n'est  pas 
question  dans  le  cadre  restraint  de  cette  commu¬ 
nication  d'entrer  dans  le  ddtall  de  la  physique  de 
I'dclatement  4  propos  duquel  nous  disposons  d'un 
assez  grand  nombre  de  renselgnements  en  Incompres¬ 
sible.  Nous  nous  contenterons  Id  de  qualifier  le 
phdnomdne  4  partir  de  rdsultats  expdrimentaux  ob- 
tenus  dans  1'alr  (Fugan  et  Solignac,  1986;  Odlery 
et  a1.,  1987;  Pagan,  1989). 

Dans  1'dtude  considdrde,  un  tourblllon  engendrd  par 
une  alle  delta  placde  en  Incidence  est  soumis, 
assez  loin  en  aval  du  bord  de  fulte  de  1'alle,  4  un 
gradient  de  presslon  adverse  crdd  par  des  volets 
mobiles.  Ce  dispositif  permet  d'dtudler  le  phdno¬ 
mdne  hors  du  champ  de  presslon  engendrd  par  I'alle 
et  autorise  un  variation  des  principaux  paramdtres 
d'influence,  4  savoir: 

-  la  force  du  tourblllon  que  1'on  commande  en  fal- 
sant  varler  I'incldence  de  I'alle; 

-  1'lntensltd  eu  gradient  de  presslon  qui  joue  le 
rftle  de  la  perturbation  provoquanl  I'dclatement. 

Le  tourblllon  crdd  est  sensiblement  de  rdvolutlon 
autour  d'un  axe  X,  Y  et  Z  ddsIgnanVJes  axes' trans- 
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versaux.  Sur  la_  figure  57  sent  trac^es  les  compo- 
santes  axiales  et  tangentlelles  V,  du  vecteur 
Vitesse  moyenne  dans  1e  plan  mdridien  vertical.  Ces 
rdsultats  ont  dtd  obtenus  grSce  i  I'emplol  d'un 
vdloclmbtre  laser  i  trols  composantes.  L'examen  de 
ces  champs  montre  que  1e  tourblllon  dclatd  est  or¬ 
ganise  en  un  'bulbe*  oCi  la  composante  axiale  de  Vi¬ 
tesse  est  dirigde  &  centre  courant  de  I'dcoulement 
principal.  En  mdme  temps,  1e  mouvement  de  rotation 
s'effondre,  consequence  de  la  dilatation  de  la 
structure.  Sur  la  figure  58  sont  desslndes  les  tra- 
Jectolres  du  mouvement  mdridlen  qui  mettent  en  dvi 
dence  1es  proprldtds  sulvantes: 

-  en  amont  de  1 'dclatement,  les  trajectolres  sont 
pratiquement  rectHIgnes  et  parallbles,  preuve  que 
I'dcoulement  tourblllonnaire  Initial  et  quasi 
cylindrique; 

-  partir  du  point  d'dclatement  -  placd  au  col  C, 

-  les  trajectolres  venant  de  1 'amont  divergent  pour 
contourner  1e  bulbe  de  recirculation  dont  la  fron- 
tldre  est  matdrlallsde  par  la  sdparatrlce  (S,); 

-  ii  I'lntdrieur  du  bulbe,  I'dcoulement  moyen  semble 
s'organiser  en  plusleurs  centres. 

Les  vues  prdcddentes  sont  relatives  i  une  descrip¬ 
tion  du  champ  en  termes  de  moyennes  temporelles, 
comme  dans  I'dtude  classique  des  couches  llmites 
turbulentes.  Une  telle  approche,  parfaltement  Idgl- 
time,  peut  masquer  certains  aspects  du  phdnoffldne 
qui  est  en  fait  affectd  par  une  asset  grande 
instationnariti. 

Les  aspects  fortement  fluctuants  de  I'dclatement 
peuvenl  §tre  caractdrlsds  en  construlsant  les  his- 
togrammes  des  composantes  V,  et  Vj  de  la  vltesse 
Instantande.  Rappelons  que  de  tels  histogramnes 
sont  une  approximation  de  la  densltd  de  probabllltd 
croisde  des  deux  variables  aldatolres  V,  et  V^. 
Trols  de  ces  histogramroes  sont  reprdsentds  sur  la 
figure  59  04  est  portde  la  repartition  selon  X  de 
la  composante  moyenne  V,  sur  I'axe  X  afin  de  situer 
les  endrolts  concernes.  En  amont  et  en  aval  du 
point  moyen  d'dclatement  E,  les  histogramnes  ont 
une  forme  classique  presentant  un  pic  unique  avec, 
autour,  un  etalement  plus  ou  molns  grand  resultant 
principalement  de  ce  que  Ton  considere  comma  etant 
de  la  turbulence.  En  revanche,  au  volsinage  du 
point  o4  V,  passe  par  zero,  les  histogramnes  com- 
portent  deux  pics  blen  distincts.  Indices  d'une 
forte  interaittence  affectant  I'origine  E  de 
I'edatement  Instantane.  En  d'autres  termes,  E  os- 
cllle  fortement  autour  de  la  position  moyenne  E. 

L'osclllatlon  longitudinale  de  I'origine  de  I'eda- 
tement  est  aussi  rdvdiee  par  la  visualisation  4 
court  temps  d'expositlon  presentee  Fig.  60.  La  par- 
tie  centrale  sombre  des  photographies  correspond  au 
coeur  du  tourblllon  d'oO  les  particules  de  traceur 
sont  ejectees  par  la  force  centrifuge.  On  remarque 
1e  rapide  eiarglssement  de  la  structure  tourblllon¬ 
naire  lors  de  i'edatement  alnsi  que  la  variation 
Importante  de  la  position  de  I'origine  du  phenomlne 
sur  des  photographies  prises  4  des  Instants 
differents. 


4.3  -  INTERACTION  ONOE  DE  CHOC  -  TOURBILLON 

L'interactlon  entre  une  onde  de  choc  et  une  struc¬ 
ture  tourblllonnaire  a  ete  tr4s  peu  etudiee,  blen 
que  la  question  prdsente  un  grand  IntdrSt,  sur  les 
plans  pratiques  et  fondamentaux  (Horowitz,  1384; 
Oeiery  et  a1.,  1984;  Hetwally  et  al.,  1989; 
Copenlng  et  Anderson,  1989).  Nous  lllustrerons  ce 
prob14me  en  prdsentant  les  rdsultats  d'une  dtude  o4 
1e  tourblllon  engendrd  par  une  deml-alle  delta 
placde  dans  1e  collecteur  d'une  velne  supersonique 
traverse  une  on-',-  de  choc  drolte  fonnde  au  sein  de 
1'dcoulement  s'versonlque  unifortne  par  un  dlsposl- 
tlf  fonct1onn;,it  en  prise  d'air  (voir  Fig.  61).  Un 
des  objectifs  des  experiences  dtalt  de  rechercher 
les  conditions  llmites  d'dclatement  sous  I'effet  du 
choc  en  fonctlon: 

-  de  rintensite  du  choc  caracUrlsde  par  1e  nombre 
de  Hach  amont  Itg,; 

-  de  la  force  du  tourblllon  mesurde  par  1e  rapport 
T  de  la  Vitesse  tangentlelle  maximale  V,  4  la  com¬ 
posante  axiale  V,  4  la  front14re  extdrleure  de  la 
structure. 

La  Hmlte  alnsi  obtenue  dans  1e  plan  [  Ho, ,  t  ]  est 
tracde  Fig.  62.  L'allure  g^ndrale  de  la  courbe  con- 
flrme  le  fait  Intultif  que  1e  saut  de  presslon  nd- 
cessaire  pour  faire  dclater  le  tourblllon  est  d'au- 
tant  plus  dlevd  que  le  taux  de  rotation  est  plus 
falble.  On  retrouve  la  tendance  blen  conflrrade  en 
Incompressible. 

5  -  tPNQLDSIPN 

La  thdorle  des  points  critiques  est  maintenant  re- 
connue  conme  dtant  une  base  Indispensable  4  toute 
description  cohdrente  d'un  champ  tridimenslonnel 
ddcolld.  Elle  constitue,  en  effet,  un  outll  logl- 
que,  dotd  d'une  terralnologle  prdcise,  pour  Inter- 
prdter  aussi  blen  les  rdsultats  des  simulations  nu- 
mdrlques  que  les  donndes  expdrimentales.  Alnsi,  la 
thdorie  des  points  critiques  permet  une  ddfinitlon 
prdcise  des  spectres  des  lignes  de  frottement  pa- 
rldtales  obtenus  par  visualisation.  C'est  le  ddco- 
dage  attentif  de  ces  spectres  qui  rdvdie  la  prds- 
ence  de  points  critiques  et  de  sdparatrices  Indlca- 
teurs  de  1' existence  de  ddcollements.  Les  spectres 
parldtaux  sont  vdritablement  I'empreinte  sur  le 
corps  du  champ  tourblllonnaire  externe  et  leur  con- 
slddratlon  est  un  prdalabble  4  toute  analyse  de 
I'dcoulement. 

Les  explorations  au  moyen  de  sondes  multl-trous,  ou 
blen  par  vdloclmdtrle  laser  4  trols  composantes, 
permettent  d'dtendre  1 'Investigation  au  champ  ex¬ 
terne.  Par  le  couplage  des  visualisations  et  des 
sondages,  11  est  possible  de  ddcrire  avec  finesse 
et  rdallsme  des  dcoulements  tourblllonnalres  rdsul- 
tant  de  ddcollements  sur  des  obstacles  de  formes 
varldes.  Dans  le  cas  o4  la  surface  du  corps  compor- 
te  une  ardte  (vIve  ou  arrondle),  une  ligne  de  sdpa- 
ratlon  est  gdndralement  confpndue  avec  ia  slngula- 
rltd.  Cette  ligne  est  I'origine  d'une  surface  de 
sdparatlon  dont  1 'enroulement  constitue  tin  tour- 
billon  primaire  Intense.  Cette  circonstance  fayorl- 
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se  la  inod^lisation  dans  1e  cadre  d'une  approche 
fluide  parfalt  pulsqu'alors  Torlgine  de  la  nappe 
est  dvidente.  Toutefols,  11  se  forme  aussi  dans  ce 
cas  des  tourbillons  dits  secondalres,  attaches  i 
aucune  particularltd  de  la  parol,  dont  1 'influence 
sur  1e  champ  est  notable. 

Sur  un  obstacle  arrondl,  dont  1e  rayon  de  courbure 
est  grand  devant  I'dpaisseur  de  la  couche  llmite 
locale,  rien  de  permet  de  fixer  i  priori  la  posi¬ 
tion  de  1a,  ou  des,  sdparat1on(s].  Si  1e  corps  com- 
porte  un  nez  pointu,  les  experiences  tendent  d  mon- 
trer  que  -  mdme  d  Incidence  moddrde  -  les  dlffd- 
rentes  sdparatrices  ont  pour  origine  la  pointe  oil 
s'accumulent  les  points  critiques.  Un  tel  degrd  de 
singularltd  est  peu  credible  physiquement.  11  est 
probable  que  1es  cols  ou  noeuds  origines  des  sdpa- 
ratrlces  sont  en  fait  distincts  et  contenus  dans  un 
petit  doinalne  au  volsinage  de  la  pointe  qui,  k  une 
dchelle  suffisamment  petite,  est  forcdment 
arrondle. 

Quand  1e  corps  prdsente  un  fort  emoussement,  les 
points  critiques  n'ont  plus  de  raison  de  se  placer 
en  un  point  singuller  de  la  surface.-  Toutefols, 
pour  1e  corps  conslddre,  qui  est  proche  de  nombreu- 
ses  configurations  pratiques,  ceux-cl  sont  tous  si-- 
tues  dans  la  region  du  nez,  seui  1e  noeud  d'atta- 
chement  "principal”  etant  clalrement  detecte  par 
les  visualisations.  Le  procdde  de  1'enduit  visqueux 
-  dont  I'effet  perturbateur  est  en  outre  non  nfgll- 
geable  dans  1es  regions  oCi  la  couche  llmite  a  une 
epalsseur  comparable  k  celle  du  film  d'hulle  --  man¬ 
que  de  finesse  pour  rdsoudre  le  spectre  reel  et 
mettre  en  evidence  les  autres  points  critiques  dont 
1 'existence  est  ndcessalre  pour  assurer  la  coheren¬ 
ce  topologique  de  1 'ensemble. 

Sauf  e  de  trbs  grandes  Incidences,  la  convergence 
des  lignes  de  frottement  vers  la  (ou  les)  separat- 
r1ce(s)  ne  se  prodult  qu'i  une  certalne  distance  en 
aval  du  nez  ou  de  la  pointe  de  la  maquette.  Aupara- 
vant,  rien  ne  distingue  la  ligne  de  separation  des 
autres  lignes  de  frottement.  Tout  au  long  de  ce 
parcours  amont,  les  structures  tourblllonnalres, 
qui  nalssent  obUgatofreaent  dans  la  rdglon  des 
points  critiques,  sont  Immergdes  au  sein  de  la  cou¬ 
che  llmite  et  comportent  une  falble  concentration 
de  rotatlonnel.  Ce  n'est  que  lorsque  la  convergence 
a  lieu  que  ces  structures  quittent  la  parol  en  em- 
portant  avec  el les  du  rotatlonnel  pour  former  des 
tourbillons  blen  Identiflables.  On  peut  alors  vdrl- 
tablement  parler  de  dicolleaient  au  sens  commun  du 
terme. 

La  representation  des  phenomines  tris  fins  k  1 'ori¬ 
gine  des  .sdparatrlces  exige  une  grande  precision  de 
calcul  avec  I'emplol  de  malllages  extremement  raf- 
flnes.  11  est  probable  qu'une  telle  qualite  du  cal¬ 
cul  n'est  pas  Indispensable  pour  la  grande  majorlte 
des  applications.^  Alnsi,  des  methodes  capables  de 
definir  les  lignes  de  separation  seulement  A  partir 
du  moment  oCi  cellesrcl  devlennent  blen  caractdrl- 
sdes  sont  certalnement  sufftsantes  comme  moyen  de 
prevision  du  decollement,  meme  si  la  coherence 
topologique  du  champ;ca1cuie  n'est  pas  assurde.  Les 
structures  fines  gomnees  par  le  manque  de  rafflne- 


ment  de  la  discretisation  Influent  alors  peu  sur  la 
qualite  finale  du  rdsultat.  II  en  va  blen  sQr 
autrement  pour  la  comprehension  physique  profonde 
du  phenombne  alnsi  que  pour  les  applications  oO 
1'echelle  de  ces  structures  est  comparable  k  celle 
du  dispositif,  comme  e'est  le  cas  des  dcoulements 
de  canal. 

Enfin,  sous  I'actlon  d'un  gradient  de  presslon  ad¬ 
verse,  ou  d'une  onde  choc,  11  est  frequent  que  les 
tourbillons  k  fort  taux  de  rotation  se  ddsorganl- 
sent  brusquement.  Cet  dclatement  de  la  structure 
tourblllonnaire  demeure  un  phenomene  encore  mal 
eiuclde,  surtout  sur  le  plan  thdorlque,  et  A  ce  t1- 
tre  11  mdrlte  des  etudes  approfondles. 


REHERC1EHENT5 

L'etude  sur  I'arriere-corps  ARIANE  5  a  ete  flnancde 
par  le  Centre  National  d'Etudes  Spatlales  et  1es 
etudes  sur  les  enroulements  tourblllonnalres  ont 
bendflcie  du  soutien  financier  de  la  Direction  des 
Recherches  Etudes  et  Techniques  alnsi  que  du  Servi¬ 
ce  Technique  des  Programmes  Adronautlques  du  Minis-- 
thre  de  la  Defense..  L'auteur  remercle  C.  Berner  de 
1'ISL  pour  lul  avoir  permis  de  presenter  les  resul- 
tats  sur  I'arrlbre-corps  en  Incidence.  Enfin,  11 
exprime  sa  gratitude  e  C.  Quelln  pour  sa  contribu¬ 
tion  k  la  confection  des  figures  lllustrant  cet 
expose. 
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Abstract 


Introduction 


Experimental  x-wire  measurements  of  the  flowfield 
above  a  70°  and  75°  flat  plate  delta  wing  were 
performed  at  a  Reynolds  number  of  250,000.  Grids 
were  taken  normal  to  the  wing  at  various  chordwise 
locations  for  angles  of  attack  of  20°  and  30°.  Axial 
and  azimuthal  vorticity  distributions  were  derived 
from  the  velocity  fields.  The  dependence  of 
circulation  on  distance  from  the  vortex  core  and  on 
chordwise  location  was  also  examined.  The  effects  of 
nondimcnsionalization  in  comparison  with  other 
experimental  data  is  made.  The  results  indicate  that 
the  circulation  distribution  scales  with  the  local 
ocmispan  and  grows  in  a  nearly  linear  fashion  in  the 
chordwise  direction.  The  spanwise  distribution  of 
axial  vorticity  is  severely  altered  through  the 
breakdown  region  and  the  amount  of  vorticity  present 
appears  to  reach  a  maximum  immediately  preceding 
breakdown.  The  axial  vorticity  components  with  a 
negative  sense,  such  as  that  found  in  the  secondary 
vortex,  seem  to  remiin  unaffected  by  changes  in  wing 
sweep  or  angle  of  attack,  in  direct  contrast  to  the 
positive  components.  In  addition,  the  inclusion  of  the 
local  wing  geometry  into  a  previously  derived 
correlation  parameter  allows  the  circulation  of 
growing  leading  edge  vortex  flows  to  be  reduced  into 
a  single  curve. 


Nomenclature 


c  chord 

r  radial  direction 

rc  vortex  core  radius 

P  pressure 

Re  Reynolds  number 

s  semi  span 

s*  local  semi  span 

Uoo  freestream  velocity 

Vj  velocity  in  the  i  direction 

X  chordwise  direction 

y  spanwise  direction 

z  direction  normal  to  wing  surface 

a  angle  of  attack 

e  apex  half  angle 

r  circulation 

A  sweep  angle 

0  angular  direction 

Dj  vorticity  in  the  i  direction 


The  underlying  physics  of  the  vortex  stracture  above 
a  delta  wing  planform,  and  more  particularly  the 
process  by  which  the  flowfield  undergoes  the  rapid 
transition  referred  to  as  vortex  breakdown,  has  been  a 
topic  of  concern  for  many  years  in  the  aerospace 
fleld.  At  high  angles  of  attack,  the  boundary  layer  on 
the  lower  surface  of  the  delta  wing  flows  outboard. 
The  fluid  separates  at  the  sharp  leading  edge,  forming 
a  free  shear  layer  which  curves  upward  and  rolls  into 
a  core  of  high  vorticity  on  the  top  side  of  the  wing. 
Each  of  the  two  counter-rotating  vortices  also  contain 
axial  flow  components  in  the  central  core  regions, 
around  and  along  which  the  fluid  spirals.  This  axial 
flow  can  attain  velocities  up  to  three  times  the 
freestream  value. 

Additional  spanwise  outflow  is  induced  on  the  upper 
surface  beneath  the  coiled  vortex  sheet.  The  fluid 
separates  from  the  surface  as  it  approaches  the  leading 
edge  to  form  the  so  called  "secondary  vortices".  The 
main  effect  of  the  secondary  vortex  is  to  displace  the 
primary  vortex  upwards  and  inwards.  The  size  and 
strength  of  the  primary  vortex  increases  with  angle  of 
incidence.  It  becomes  the  dominant  steady  flow 
feature  through  a  wide  range  of  practical  flight 
attitudes.  The  acceleration  of  the  flow  in  these 
vortices  results  in  an  incremental  lift  termed  the 
"vortex"  or  "nonlinear"  lift.  As  much  as  30%  of  the 
total  wing  lift  is  attributable  to  the  pressure 
distribution  created  on  the  wing  surface  by  these 
leading  edge  vortices. 

Delta  wing  performance  is  limited,  however,  by  a 
phenomenon  known  as  vortex  breakdown. 
Breakdown,  or  ’Tjursting"  as  it  is  sometimes  referred 
to,  is  characterized  by  an  increase  in  vortex  diameter 
followed  by  large  scale  turbulent  dissipation,  and  a 
decrease  in  the  core's  axial  and  circuinferential 
velocity.  This  leads  to  a  loss  of  lift  and  a  reduction  in 
the  magnitude  of  the  nose  down  pitching  moment. 
Experimental,  theoretical,  and  numeric^ 
investigations  have  been  carried  out  in  an  effort  to  not 
only  understand  what  is  occurring,  but  to  predict  the 
onset  of  this  drastic  change  in  the  flowfield.  Efforts 
have  included  variation  of  all  manner  of  possible 
parameters,  including  wing  geometry,  angle  of  attack, 
and  Reynolds  numbers. 
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I  Most  investigators  approach  the  study  of  delta  wing 

vortical  flows,  however,  by  asking  such  questions  as; 
"Why  does  vortex  breakdown  occur?"  and  "What 
factors  influence  breakdown?"  A  different 
perspective  on  the  problem  can  be  gained  by  posing 
the  inverse  question;  "Why  does  the  vortex  manage  to 
maintain  a  cohesive  flow  stmcture  upstream  of  the 
transition/breakdown  region?"  In  other  words,  with 
core  velocities  measured  at  over  three  times  that  of 
the  freestream  velocity  and  corresponding 
circumferential  velocities  approaching  2.5  times  of 
freestream:  "Why  does  it  stay  together  for  as  long  as 
it  does,  instead  of  breaking  down  immediately?"  This 
was  the  motivation  for  the  current  investigation. 


Background 

Many  factors  can  influence  vortex  breakdown. 
Lamboume  and  Bryer  [1]  suggest  the  total  pressure  in 
the  core  and  the  adverse  pressure  gradient  along  the 
axis  are  essential  factors  in  causing  breakdown  to 
occur.  Harvey  [2]  observed  that  variation  of  the  swirl 
of  the  flow  in  tube  vortices  indicated  breakdown  to  be 
an  intermediate  stage  between  two  types  of  flow: 
those  that  exhibit  axial  velocity  reversal  and  those  that 
do  not. 

Erickson  [3]  discusses  in  detail  the  effect  of  Reynolds 
number  on  vortex  flow  development.  From 
experiments  it  appean  that  large  scale  vortex 
structures  are  determined  primarily  by  convective 
transport  mechanisms,  implying  an  independence  of 
Reynolds  number.  Erickson  concludes  that  the 
majority  of  the  phenomena  observed  in  the  delta  wing 
flow  field  is  dominated  by  potential  flow  effects 
associated  with  the  external  field,  ie.  the  pressure 
gradient. 

An  extensive  literature  review  by  Payne  [4]  on  the 
factors  which  can  influence  bre^down  is  summarized 
below.  Increasing  the  sweep  angle  or  decreasing  the 
angle  of  attack  causes  the  location  of  the  breakdown 
to  move  aft.  The  breakdown  position  will  move 
forward  during  flow  acceleiation  and  remain  so  until 
the  steady  speed  condition  is  reached  whereupon  it 
returns  to  its  normal  breakdown  position  [1].  The 
reverse  is  true  for  deceleration.  The  actual  position  of 
this  breakdown  is  a  strong  function  of  the  pressure 
gradient  along  the  vortex,  the  initial  axial  cote 
velocity,  and  the  angle  of  sideslip,  or  yaw  angle.  An 
increase  in  the  swirl  of  the  flow  or  a  larger  adverse 
pressure  gradient  tends  to  promote  the  onset  of 
breakdown.Thicker  wings,  rounded  leading  edges, 
lower  Reynolds  numbers,  and  of  course  mote 
complex  geometries  can  rilso  substantially  influenced 
the  location  of  breakdown.  Kegelman  and  Roos  [S] 
investigated  leading  edge  geometries,  ranging  from 
blunt  rounded  edges  to  leeward  and  windward  bevels, 
and  found  the  breakdown  location  to  be  strongly 
affected  by  these  geometric  variations.  In  addition, 
tire  maximum  value  of  the  lift  curve  was  found  to  be 
signiffcantly  affected  by  this  variation  in  leading  edge 
shape. 

Payne  has  also  listed  factors  examined  by  other 
investigators  in  the  literature  which  have  been  found 
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to  have  little  or  no  influence  on  the  breakdown  1  i  ' 

position.  Effects  due  to  changes  in  the  Reynolds 
number  are  small  at  high  Reynolds  numbers.  This 
applies  to  sharp  edged,  thin  delta  wings  at  moderate 
angles  of  attack.  The  breakdown  position  seems  to  be 
independent  of  the  turbulent  brerdcdown  of  the  shear 
layer  near  the  leading  edge.  Attempts  at  altering  the 
leading  edge  by  Lamboume  and  Bryer  [1],  including 
a  trip  wire  on  the  upper  surface  had  no  significant 
effect.  We  itz  [6]  observed  that  variation  of  the 
trailing  edje  geometry  of  70°  swe.ep  delta,  diamond 
and  arrow  planforms,  had  a  negligible  effect  on 
vortex  breakdown  location.  Wentz  also  found  [7]  that 
the  vortex  breakdown  region  crossed  the  trailing  edge 
at  the  same  angle  of  attack  for  all  these  trailing  edge 
configurations. 

The  complexities  of  this  vortical  flow  are  such  that  a 
complete  analytical  solution  is  difficult  to  obtain. 

Theories  do  exist  that  partially  predict  the  occurrence 
of  certain  flow  phenomena,  such  as  vortex  breakdown 
in  which  the  vortex  behavior  changes  dramatically, 
and  to  indicate  the  sensitivity  of  the  breakdown  region 
to  the  severity  of  axial  pressure  gradients.  Several 
pertinent  breakdown  theories  are  summarized  below, 
and  a  more  extensive  discussion  can  be  found  in 
Wedemeyer  [8]; 

Ludweig  [9]  has  suggested  that  the  spiral  form  of 
breakdown  results  from  hydrodynamic  instabilities  m 
the  flow  due  to  upstream  spiral  disturbances.  A 
similar  view  of  breakdown  was  developed  by  Jones 
[lOj.It  has  been  proposed  by  Squire  [1 1]  that 
breakdown  is  a  standing  wave  phenomenon.  Once  the 
flow  is  capable  of  supporting  infinitesimal  standing 
waves,  downstream  distuibances  can  propagate 
upstream  and  therefore  dismpt  the  flow.  Randall  & 
liibovich  [12]  contend  that  this  is  in  fact  a  finite 
amplitude  wave. 

Another  hypothesis  is  the  view  taken  by  Benjamin 
[13].  He  suggests  that  breakdown  is  a  finite  transition 
(subcritical  to  supercritical)  between  conjugate  flow 
states  analogous  to  the  hydraulic  jump  in  open  chaimel 
flows.  While  Squire  postulated  that  the  existence  of 
waves  leads  to  breakdown,  Benjamin  claims  that  the 
leading  wave  is  the  breakdown.  Escudier  [14]  goes  a 
step  further  by  proposing  a  two  stage  (supercritical- 
supercritical  supercriticd-subcritical)  transition.  The 
first  stage  is  isentropic  while  the  latter  is  not.  In 
addition,  his  analysis  suggests  breakdown  occurs  for  a 
unique  swirl  number  F  /  jt  rgUeo  which  is  equal  to 
1.414  for  a  Rankine  vortex  with  an  infinitesimally 
small  core  radius,  rg.  In  a  theory  analogous  to 
boundary  layer  separation,  Gartshore  [15]  concluded 
that  breakdown  occurred  because  of  a  diffusion  of 
vorticity  from  the  core  of  the  vortex. 

Several  theories  rely  on  the  supposition  that 
breakdown  is  predicted  by  the  failure  of  the 
quasicylindrick  approximations  of  tlie  equations  of 
motiotL  Hall  [16],  in  1966,  suggested  that  breakdown 
is  associated  with  some  cluinge  in  the  flowfield  outside 
the  core,  such  as  the  rate  of  feeding  of  vorticity  or  the 
pressure.  Bossel  [17]  used  the  ideas  of  Hall  to 
estimate  that  a  swirl  angle,  ^fined  as  tan**(Vz  /  V*), 


21-3 


of  54.8°  anywhere  in  the  vortex  would  cause  flow 
stagnation.  Mager  [18]  associated  a  singularity  in  the 
incompressible  quasicylindrical  momentum-integral 
solution  with  breakdown.  Wilson  [19]  approached  the 
problem  in  a  similar  manner  to  obtain  a  swirl 
parameter  for  thin  delta  wings  in  subsonic  flow. 

Grabowski  and  Berger  [20],  using  solutions  of  the 
full,  steady,  axisymmetric  Navier-Stokes  equations, 
concurred  with  Hall  [21]  in  that  breakdown  is  the 
result  of  a  critical  retardation  of  the  flow.  As  well, 
his  results  also  showed  that  a  vortex  with  sufficient 
swirl  can  be  reduced  to  the  critical  breakdown  state 
by  diffusion  of  vorticity,  flow  divergence  and 
pressure  forces. 

A  recent  hypothesis  has  been  proposed  by  Brown  and 
Lopez  [22]  on  the  physical  mechanism  governing 
vortex  breakdown  which  occurs  in  confined 
cylindrical  flows.  Variation  of  the  problem 
parameters  has  resulted  in  an  axial  flow  deceleration 
great  enough  to  sustain  a  stagnant  flow  region 
containing  recirculating  fluid.  This  phenomena  is 
very  similar  to  that  seen  in  cylindrical  tubes  and  over 
delta  wings.  Their  basic  argument  is  that  the  physical 
mechanisms  involved  in  the  breakdown  process  rely 
on  the  production  of  negative  azimuthal  vorticity,  that 
is 
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which  results  from  a  tilting  and  stretching  of  the 
predominantly  axial  vorticity  vector  as  seen  in 
Figure  1.  They  then  address  the  question  of  why  the 
strong  vorticM  core  diverges  by  considering  the  Euler 
equation  of  the  radial  momentum  and  comment  on 
how  this  type  of  mechanism  would  apply  to  a  delta 
wing  flowfield.  Their  analysis  eventually  leads  to  the 
following  inequality 


which  would  then  initiate  breakdown.  Brown  and 
Lopez  hypothesize  that  vorticity  difiiision  leads  to  a 
radial  redistribution  of  the  circulation  and  a 
stretching  and  tilting  of  vortex  lines  due  to  a  local 
increase  of  the  tangential  velocity,  V0.  This  is 
followed  by  a  reduction  in  the  initially  positive 
azimuthal  component  of  vorticity  with  axial  distance 
and  the  subsequent  beginning  of  an  'inviscid 
breakdown'  procr«s. 

As  of  yet,  none  of  these  ideas  are  sufficient  to 
accurately  predict  vortex  breakdown.  Recent  work  by 
O’Neil,  Barnett,  and  Louie  [23]  and  Ekaterinaris  and 
Schiff  [24]  using  Euler  and  Navier-Stokes  codes 
respectively  have  demonstrated  a  vortex  breakdown 
in  Aeir  results  for  certain  conditions.  These 
computational  results  do  correspond  to  experimental 
data.  However,  no  theory  exists  which  can  yield  the 
flow  detail  in  Ae  breakdown  zone  nor  universally 
predict  breakdown  locations  which  consistently 
compare  with  experimental  results.  Because  of  this,  it 
is  essential  that  the  flowfield  be  examined 
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experimentally  in  an  effort  to  uncover  information 
which  may  shed  light  on  this  problem. 


The  vortex  flowfield  can  be  regarded  as  a  transition 
from  one  flow  state  to  another  which  may  occur  as  a 
result  of  a  combination  of  certain  flow  parameters 
reaching  a  critical  or  unstable  state.  One  can  attempt 
to  quantify  such  critical  breakdown  parameters  in  two 
forms:  as  a  function  of  either  the  independent  or  the 
dependent  variables.  The  former  would  involve 
factors  such  as  angle  of  attack,  sweep  angle  of  the 
wing,  and  sideslip.  An  indication  parameter  involving 
dependent  variables  would  be  based  upon  flow 
conditions  which  result  from  the  geometry  of  the 
problem.  Items  such  as  local  vorticity  and  chordwise 
pressure  gradient  fall  into  this  category. 

The  determination  of  such  breakdown  indication 
parameters  could  be  based  on  several  forms: 

a.  A  local  balance  between  the  generation  and 
convection  of  vorticity. 

b.  A  local  balance  of  the  pressure  forces  with  the 
acceleration  of  the  fluid. 

c.  The  size  of  the  local  length  scale  compared  to 
the  wing  geometry. 

d.  An  empirical  fit  parameter  based  on  wing 
geometry,  angle  of  attack,  etc. 

The  aspects  of  the  vorticity  field  would  seem  to  be  of 
utmost  importance  in  gaining  a  better  understanding 
of  the  flowfield  beh^i'ior.  Both  the  generation  of 
vorticity,  which  is  transported  into  the  vortex,  and  the 
convection  rate  downstream  of  this  vorticity  could 
play  a  crucial  role  in  determining  where  the 
breakdown  of  the  primary  vortex  occurs  as  suggested 
by  Lee  and  Ho  [25].  The  complete  role  of  the 
secondary  vortex,  which  is  a  direct  result  of  the 
viscous  nature  of  the  flow,  is  also  not  well 
understood.  Its  presence,  fllustrated  in  Figure  2  via  a 
titanium  tetrachloride  vapor  method  for  marking 
vortical  flows  [26],  is  known  to  displace  the  primary 
vortex  inwards  and  upwards.  Questions  still  remain, 
however,  as  to  the  effect  of  the  secondary  vortices  on 
the  reduction  of  the  primary  vortex  pressure  peaks  as 
compared  to  an  Euler  solution,  or  on  even  more 
nebulous  concepts  such  as  fee  effect  on  fee  vorticity 
distribution  above  the  wing  surface. 
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account  A  closer  examination  of  the  grid  resolution 
of  each  investigation  provides  some  insight.  As 
indicated  in  Table  1,  the  highest  derived  vorticity 
values  correspond  to  the  fmest  grid  resolution  and 
vice  versa.  Since  vorticity  is  a  measure  of  the  smallest 
scales  of  the  flow,  it  would  only  make  sense  that  a 
finer  measurement  grid  would  be  able  to  'capture'  the 
high  gradients  of  velocity  present  in  the  field.  These 
differences  in  flowfield  measurement  add  to  the 
difficulty  in  obtaining  a  clear  picture  of  the  physics 
involved. 

Table  1.  Maximum  Axial  Vorticity  Data 
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Figure  2.  Flow  Visualizauon  of  Primary  and  Secondary 
Vorticies  a)  three  quarter  view,  b)  side  view 


Although  the  data  base  of  delta  wing  flowfield 
information  is  growing,  most  experimenters  are 
constrained  to  a  specific  configuration  at  a  fixed  angle 
of  attack  or  chord  location.  This  information,  help^l 
for  the  sake  of  comparison,  provides  little  or  no 
information  on  the  changing  flow  Held  state  in  the 
chordwise  direction.  Aspects  such  as  rate  of  vorticity 
generation  or  circulation  distribution  in  the 
streamwise  direction  are  impossible  to  address. 

In  addition,  there  are  other  subtler  reasons  which 
make  comparison  difficult.  Data  compiled  from 
several  different  investigators  [27  -  30]  is  compared 
in  Table  1.  Both  the  sweep  angles  and  the  angles  of 
attack  are  roughly  the  same.  The  values  of  vorticity 
presented  are  the  maximum  values  found  in  the  flow 
field  and  coincide  with  the  core  axis.  Typically, 
investigators  use  the  model  chord,  c,  and  the 
freestream  velocity,  Uoa,  us  nondimensionalizing 
scales  for  the  flow.  The  results  are  seen  to  vary  quite 
substantially.  The  local  semispan,  s*  could  also  be 
considered  a  viable  length  sede,  since  flow 
visualization  indicates  the  vortex  structures  to  scale 
with  the  wing  geometry.  Use  of  the  local  semi^an 
would  account  for  local  geometric  changes  due  to 
sweep  angle  and  allow  for  comparison  of  data  taken  at 
different  chord  stations.  The  data  of  Kjelgaard  and 
Sellers  [27],  for  example,  indicates  a  lower  value  of 
vorticity  than  that  of  Payne  for  a  location  20% 
farther  from  the  apex.  If  s*  is  used  as  a  scaling  factor, 
the  magnitude  of  the  axial  vorticity  component  is  seen 
to  excei^  that  of  Payne.  It  is  also  noted  that  identical 
geometries,  such  as  drat  of  Pa^e  and  the  current 
investigation,  have  produced  different  values  of  die 
axial  vorticity  conqionent  These  differences  indicate 
there  are  other  factors  which  have  not  been  taken  into 


♦  Value  unavailable 

For  the  reasons  stated  above,  a  study  was  undertaken 
to  measure  the  delta  wing  flowfield  at  various 
chordwise  locations  over  delta  wings.  Models  with 
different  sweep  angles  at  different  angles  of  attack 
were  used  in  an  attempt  to  determine  if  the  flow 
reaches  some  measurable  critical  state,  particularly 
involving  aspects  of  the  vorticity  components,  that 
would  then  initiate  a  flow  transition  to  the  post 
breakdown  state. 

Experimental  procedures 

All  experiments  were  carried  out  in  the  University  of 
Notre  Dame  subsonic  wind  tunnel  facilities.  The 
tunnel  is  powered  by  an  18.6  kw  AC  induction  motor 
which  drives  an  8  bladed  1.2  meter  (4  foot)  fan 
located  in  the  diffuser  oudet  (Figure  3).  The  four 
degree  of  freedom,  computer  controlled,  probe 
traversing  test  section  is  preceded  by  a  24:1 
contraction  inlet  The  minimum  step  sizes  possible  in 
the  streamwise,  spanwise,  and  normal  directions  were 
0.0064nun,  0.02S4mm,  and  0.0208  mm  respectively. 
The  section  dimensions  were  610  mm  by  610  mm  by 
1820  rrun  (24  by  24  by  76  inch).  The  models  used 
were  flat  plate  ^Ita  wings  having  a  windward  25° 
bevelled  edge,  a  root  chord  of  406.4  mm  (16  inches) 
and  a  thickness  of  6.35  mm  (0.25  inches).  The 
minimum  distance  between  the  wing  surfrice  and  the 
probe  was  3.0  mm  due  to  probe  geometry. 

A  TSl  IFA  100  constant  temperature  annemometer 
system  was  used  to  acquire  the  data  in  conjunction 
with  a  Macintosh  II  conqmter  which  also  maneuvered 
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Figure  3.  Notre  Dame  Subsonic  Wmd  Tunnel  Facility 

the  x-wite  probe  in  the  test  section.  The  probes 
utilized  five  micrometer  diameter  tungsten  wires 
giving  an  length/diameter  ratio  of  250.  Overheat 
ratios  were  set  to  1.8.  The  wires  were  calibrated  for 
every  test  to  reduce  tlie  possible  errors  associated 
with  property  changes  of  the  wires.  In  addition,  this 
procedure  eliminated  the  need  for  temperature 
compensation  as  the  ambient  temperature  did  not  vary 
by  more  than  ±  1°  C  over  the  course  of  any  individual 
test. 

The  technique  of  Sherif  and  Fletcher  [31]  was 
employed  to  determine  the  magnitudes  of  the  velocity 
components.This  is  based  on  the  effective  velocity 
measurement  method.  The  wire  senses  a  velocity 
composed  of  vectors  normal  and  tangential  to  the 
wire  which  cool  the  wire  at  different  rates,  kj  and  k2. 
Jprgensen  [32]  has  expressed  the  most  general  form  of 
this  equation  as: 


region. 


Figure  4.  Hot  Wire  Probe  Geometries  and  Configuration 

a) EfTective  Velocity  Coordinates  of  Jdtgenson, 

b)  X-wire  probes 


Ueff^  =  UN2-i.ki2UT^-i-k22UB2 

for  an  X-wire  lying  in  the  NT  plane  (Figure  4a).  The 
effective  velocities  were  obtained  using  a  least  squares 
fit  based  on  the  calibration  and  then  the  method  of 
Sherif  and  Fletcher  [31]  to  determine  the  magnitudes 
of  the  velocity  components. 

In  order  to  fully  determine  the  three  velocity 
components  and  their  associated  directions,  however, 
it  was  necessary  to  take  four  normal  grid  sweeps 
above  the  wing  at  each  chordwise  location.  Two  x- 
wire  probe  configurations  were  utilized  and  are 
shown  in  Figure  4b.  Frobe  1,  a  DISA  55F62,  had 
wires  lying  in  a  plane  perpendicular  to  the  probe  axis, 
while  the  wires  of  probe  2,  a  DISA  55F61,  were  lying 
in  a  plane  parallel  to  the  probe  axis,  as  shown  by  the 
accompanying  schematic.  The  initial  two  grid  sweeps 
used  probe  1  with  wire  1  at  the  reference  of  zero 
degrees  and  wire  2  at  negative  90  degrees  using  the 
geometry  in  Figure  4b  and  in  accordance  with  that  of 
Sherif  and  Fletcher  [31].  The  probe  was  then  rotated 
45°  about  its  axis  and  a  second  sweep  initiated.This 
provided  enough  information  for  the  velocity 
magnitudes  to  be  determined.  The  second  probe  was 
used  to  take  two  sweeps  with  the  plane  of  the  wires 
parallel  to  the  wing  and  perpendicular  to  it 
respectively.  This  second  set  of  sweeps  determined  the 
direction  of  the  transverse  (v)  and  normal  (w) 
velocity  corrqionents.  It  was  assumed  that  the  direction 
of  u  was  always  in  tiie  positive  direction  as  the  probe 
was  kept  in  the  flow  forward  of  the  breakdown 


Results  and  Discussion 

The  majority  of  data  was  accumulated  over  a  75° 
sweep  delta  wing  at  20°  angle  of  attack.  Measurements 
were  made  at  various  chordwise  stations  in  grid 
planes  normal  to  the  upper  surface.  The  angle  of 
attack  was  then  increased  to  30°  and  chordwise 
stations  were  measured  upstream  of  the  probe  induced 
breakdown  of  approximately  x/c  =  0.5.  Experiments 
by  Payne,  Ng,  and  Nelson  [33]  comparing  LDV  and 
seven  hole  probe  data  have  shown  that  the  effect  of 
introducing  a  probe  into  the  flowfield  does  not 
greatly  distort  the  flowfield  provided  the 
measurements  are  taken  upstream  of  the  breakdown 
zone.  Finally,  a  70°  sweep  configuration  was  utilized 
at  20°  angle  of  attack  in  an  effort  to  observe  the  effect 
of  sweep.  All  tests  were  conducted  at  a  Reynolds 
number  of  250,000. 

Typical  flowfield  distributions  are  shown  in  Figure  5. 
The  axial  velocity  u/Uoo  is  actually  the  velocity 
normal  to  the  measurement  plane  at  the  chordwise 
station.  The  jetting  core  smicture  of  the  vortex  is  seen 
to  be  quite  well  defined,  with  the  majority  of  the 
measured  field  maintaining  a  velocity  above  the 
freestream  velocity.  Measurements  encompassed  a  z/s 
of  0  to  approximately  1  and  were  taken  from  the 
chord  centerline  out  to  a  y/s  of  1.2  on  the  right  side 
of  the  wing.  Using  this  grid,  the  details  of  the 
primary,  seconds^,  and  the  shear  layer  can  be 
captur^.  Grid  mcremehts  were  set  to  a  y/s  and  z/s  of 
0.03  at  each  station.  The  transverse  and  normal 
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Figure  5.  Chord  Sution  Flowfield  Maps  for  Sweep  =  75°,  Angle  of  Attack  =  20°,  x/c  =  0  50 
a)  uAf~,  b)  vAJ“,  c)  w,'U«>,  d)  Ox 


velocity  components,  vAJooand  wAJootespectively,  are 
depicted  in  Figures  5b  and  5c.  These  data  were  then 
centrally  differenced  spatially  to  obtain  the  axial 
vorticity  component, 

_  3w  3v 
-  By  '  dz 

shown  in  Figure  5d, 

Since  tbe  role  of  voiticity,  including  the  effects 
incurred  by  the  secondary  vortex  on  the  primary,  was 
the  motivation  for  this  investigation,  the  local 
magnitudes  and  diordwise  distributions  were  the 
logical  places  to  begin.  An  initial  proposition  was  that 
the  vortex  structure  may  be  unable  to  exist  in  the 
cohesive,  pre-breakdown  nature  if  a  maxunum  local 
value  of  vortici^  in  the  vortex,  say  Pxmax'  “ 


reached.  Conventionally,  investigators  such  as 
Kjelgaard  and  Sellen  [27]  have  multiplied  the 
calculated  vorticity  by  the  ratio  of  the  root  chord  to 
the  ireestream  velocity  providing  an  overall  view  of 
the  absolute  voiticity  in  the  entire  flowfield.  As 
tiwntioned  previously,  the  use  of  the  local  spanwise 
distance  provides  a  means  to  scale  each  crossectional 
flow  plane  in  order  to  examine  the  effect  of  the  local 
geometry  on  the  flow  characteristics.  The  local 
semispan  was  used  to  scale  the  current  data  in  addition 
to  using  the  chord. 

The  maximum  value  of  voiticity  was  obtained  at  each 
station  as  well  as  the  minimunL  These  values  are 
presented  in  Figure  6  for  the  75°  sweep  wing  at  20° 
and  30°  an^e  of  attack.  Tte  voiticity  data  is 
nondimensionalized  using  the  two  conventions 
mentioned  above.  From  Rgure  6a,  in  wbich  the 


' ■i-.  ■/ 


s.  '  „(•. 


21-7 


I 

i 

! 

! 


vorticity  is  multiplied  by  the  ratio  of  the  root  choid 
to  the  freestream  velocity,  it  appears  that  the 
magnitudes  of  both  the  positive  and  negative 
maximum  values  are  decreasing  with  increasing 
distance  from  the  apex.  No  breakdown  existed  over 
the  wing  for  the  20°  angle  of  attack  case.  The  30°  case 
was  seen  to  have  a  bre^down  occurring  between  the 
0.50  and  0.55  x/c  location.  The  positive  values  of 
vorticity  show  a  slight  drop  at  this  station,  however 
the  negative  values  show  no  change  at  all. 


will  be  lost  if  the  grid  is  not  sufficiently  fine.  In 
addition,  these  values  of  vorticity  were  obtained  by 
differentiating  discrete  data  which  has  the  effect  of 
increasing  the  error  associated  with  such 
measurements.  Therefore  simply  examining  the 
maximum  value  of  the  vorticity  is  not  enough  to  make 
a  definitive  statement  of  the  vortex  status  at  that  chord 
station. 

The  leading  edge  sheet  continually  feeds  vorticity  into 


Chordwise  Location  (x/c) 

(a) 


(Thordwise  Location  (x/c) 


Figure  6.  Chordwise  Comparison  of  Maximum  and  Miramum 
Vorticity  for  75°  Sweep  Nondimensionalized  Using 
a)  chord,  b)  local  semispan 

If  the  vorticity  is  now  nondimensionalized  by  the 
local  semispan,  s*,  as  shown  in  Figure  6b,  the  data 
appears  to  indicate  a  constant  value  in  the  chordwise 
direction  for  both  the  positive  and  negative  values. 
The  drop  in  the  positive  value  for  the  30°  case  is 
more  evident,  however  a  large  scatter  in  the  data  is 
still  seen  to  exist. 

This  scatter  in  the  data  can  be  attributed  to  several 
factors.  The  vorticity  is  a  measure  of  the  smallest 
scales  of  the  flow.  Details  of  the  velocity  gradients 


to  the  post  breakdown  state.  An  increase  in  a  or  a 
decrease  in  sweep  angle  would  also  then  imply  that, 
momentarily,  the  relative  vorticity  generation  rate 
becomes  higher  than  the  convective  rate  and  the 
transition/breakdown  point  changes  until  a  stable 
situation  is  again  reached. 

The  distribution  of  vorticity  throughout  the  vortex 
was  therefore  examined  for  possible  maximum 
amounts  of  vorticity  per  unit  area  or  volume  at  a 
chordwise  location.The  integration  of  discrete  data 
has  the  effect  of  smoothing  errors  associated  with  the 
data.  In  order  to  evaluate  the  reliability  of 
differentiating  the  discrete  velocity  field,  the 
circulation,  F,  was  also  calculated  and  compared  to 
the  integration  of  the  vorticity  field  over  the  area 
normal  to  it: 

r=  Jv.dr  =  J  (V  XV).dA  =  JOxdA 

j  r  A  A 

The  vorticity  field  distribution  was  spatially 
integrated  and  is  presented  with  the  equivalent  line 
integral  of  the  velocity  field,  for  the  A  =  75°,  a  =  20° 
case,  in  Figure  7.  The  values  are  plotted  outward 
from  the  core  center  (r  =  0)  where  the  radial  distance 
has  been  nondimensionalized  by  the  local  semispan. 
Each  curve  represents  a  chordwise  location  and  the 
circulation  is  seen  to  grow  in  a  chordwise  matmer. 
This  is  what  one  would  expwt,  as  the  feeding  sheet  is 
continually  being  wrapped  into  the  vortex,  “nie 
circulation  and  integrated  vorticity  values  are  seen  to 
correspond  quite  well,  which  would  indicate  that 
differentiating  the  velocity  fields  does  not  increase  the 
error  substantially.. 

The  circulation  values  were  then  scaled  by  the  local 
semispan,  s*,  and  plotted  in  Figure  8.  It  appears  that 
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Figure  7  Radial  DisHbutian  of  Cuculalion  uid  Integrated  Voiticity,  Sweep  =  75“,  Angle  of  Attack  =  20 


this  has  the  effect  of  causing  the  curves  to  fall  quite 
closely  onto  each  other.  The  data  taken  fer  A  =  75“,  a 
=  30°  is  also  shown  for  comparison.  If  scaled  by  the 
chord,  a  =  30°  has  a  distribution  similar  to  that  of  a 
=  20°  in  Figure  7.  Tne  data  in  Figure  8  would  seem  to 
imply  that  the  chordwise  development  of  circulation 
at  a  constant  angle  of  attack  grows  in  a  linear  manner, 
indicative  of  a  conical  type  of  flowfield. 


Figure  8.  Tlie  Effect  of  Angle  of  Attack  on  the  Radial 

Cuculalion  Distribution  Nondimensionalized 
by  Local  Semispan  for  Sweep  =  75° 


A  possible  way  to  account  for  the  angle  of  attack 
effect  would  be  to  further  incorporate  some  function 
of  a  as  a  scaling  parameter.  If  the  circulation  values 
are  divided  through  by,  say,  sin(a)  the  results  in 
Figure  9  are  obtained.  The  data  for  A  =  70°,  a  =  20° 
has  also  been  added  for  comparison. 

Each  of  the  curves  shown  previously  in  Figure  7 
illustrates  the  distribution  of  the  circulation  in  the 
radial  direction.  Each  curve  is  seen  to  increase  to  an 
r/s  of  approximately  0.25,  which  represents  the  extent 
of  the  primary  vortex.  A  further  increase  in  the 
curve  profile  is  also  observed  corresponding  to  the 


Figure  9  Radial  Circulation  Distribution  Nondimensionalized 
by  Local  Semispan  and  Angle  of  Anack 


shear  layer  of  fluid  which  has  separated  from  the 
leading  edge.  If  the  maximum  vdue  of  the  circulation 
scaled  by  the  chord  is  plotted  for  each  chord  station, 
the  curve  shown  in  Figure  10a  results.  Although  the 
data  corresponding  to  the  maximum  radius  of 
integration,  r/s  =  0.6,  appears  to  be  following  a 
somewhat  linear  trend,  Acre  is  widespread  scatter  in 
the  data.  Since  the  core  is  located  at  a  z/s  of  about 
0.37  to  0.40,  tile  lower  integration  path  is  bounded  by 
the  upper  surface  of  the  wing  for  any  r/s  values 
greater  than  this.  Depending  on  the  proximity  of  the 
probe  to  the  wing  surface,  velocity  components 
contributing  to  a  negative  voiticity  component  will 
have  a  varied  effect  on  the  resulting  integration.  A 
better  representation  is  obtained  if  the  circulation 
values  corresponding  to  the  initial  leveling  off  of  the 
curves  in  Figure  7  is  used.  The  values  for  this  radial 
distance  of  r/s  ^  0.25  are  also  plotted  in  Figure  10a. 
A  much  smaller  scatter  is  present  in  the  data.  The 
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values  tend  to  follow  a  near  linear  distribution,  except  70°,  a  =  20°  case  is  also  seen  to  lie  above  the  data  of 
near  the  aft  of  the  wing  surface,  whereupon  a  leveling  Figure  10,  indicating  the  vortex  over  the  70°  sweep 


off  is  observed. 
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wing  to  be  stronger  than  that  of  75°  for  the  same 
angle  of  attack.  This  is  in  accordance  with  the  idea 
that  a  stronger  vortex  causes  breakdown  to  occur 
sooner;  that  is,  sweeping  a  wing  forward  at  a  constant 
angle  of  attack  causes  breakdown  to  occur  closer  to 
the  apex  due  to  increased  vortex  strength.  An 
interesting  observation  is  made  of  the  data  if  s*  is 
again  used  as  the  scaling  parameter  in  Figure  1  lb. 
The  data  for  A  =  70°  is  seen  to  fall  below  that  of  A  = 
75°  for  a  =  20°  .This  would  seem  to  imply  that  there 
is  a  lower  total  amount  of  distributed  vorticity  over 
the  70°  wing  per  unit  span  than  the  75°  wing,  even 
though  the  absolute  values  are  larger.  The  spanwise 
distnbution  of  vorticity  will  be  examined  in  more 
detail  using  core  traverse  data  later  in  this  paper. 


Chordwise  Location  (x/c) 
(a) 


(b) 


Figure  10.  Chordwisc  Con^anson  of  Circulation  for  sweep  =  75®. 
Angle  of  Attack  =  20®,  nondimensionalized  using 
a)  chord,  b)  local  semispaa 


Scaling  the  values  in  Figure  10a  by  s*  instead  of  c 
produces  the  distributions  of  Figure  10b.  Both  the  r/s 
=  0.6  and  r/s  =  0.25  cases  indicate  values  which  are 
dropping  slightly  in  the  axial  direction.  The  scatter  in 
the  maximum  vdues  appears  to  be  even  greater  than 
in  Figure  10a.  It  should  be  remembered  however, 
than  nondimensionalization  of  data  can  introduce 
other  subtleties.  The  chord  used  to  scale  the  data  is  a 
constant  for  all  the  cases  presented  here  and  simply 
multiplies  the  data  by  approximately  2.5,  while 
maintaining  the  same  relative  distance  between 
curves.  On  the  otherfaand,  if  the  values  in  Figure  10a 
are  multiplied  by  c/s*  in  order  to  scale  by  the  local 
semispan,  that  is  equivalent  to  multiplying  by  tan  (A) 
/  (x/c).  In  effect,  any  differences  are  magnified  (local 
chord)*^.. 


Figure  1 1  The  Effect  of  Angle  of  Attack  and  Sweep  on  the 
Qiordwise  Circulation  Distribution  at  r/s  =  0  25 
Nondimensionalized  using  a)choid,  b)  local  senuspan 


The  data  from  the  other  tmg  configurations  is 
presented  in  Figure  11a,  along  with  that  of  Figure  10, 
for  r/s  s  0.25 .  For  the  75  degree  sweep  case,  the 
circulation  at  30°  angle  of  attack  case  is  seen  to  be 
greater  than  a  =  20,  as  <»e  would  expect  The  A  = 


The  close  agreement  of  die  integrated  vorticity  with 
the  circulation  can  be  exploited  to  examine  the 
separate  changes  in  the  total  positive  and  total 
negative  vorticity  which  is  not  evident  from  the 
circulation  alone.  Integrating  the  positive  and  negative 
values  of  vorticity  separately  over  their  respective 
areas  leads  to  the  results  shown  in  Figure  12.  From 
Figure  12a,  it  appears  that  the  amount  of  negative 
vorticity  present  above  the  wing  is  relatively  similar 
for  all  three  configifrations,  the  A  =  70°,  a  =  20°  case 
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having  the  largest  magnitude  at  each  respective  chord 
location.  The  positive  values,  however,  show  a 
marked  difference.  The  70°  swept  wing  at  20°  angle 
of  attack  is  seen  to  approach  the  values  associated  with 
the  75°  sweep  at  an  angle  of  attack  of  30°.  Scaling  by 
s*  causes  the  positively  integrated  values  to  remain 
relatively  constant  or  slighdy  decrease  with  increasing 
chord  location.  In  addition,  the  A  =  70°,  a  =  20°  case 
is  seen  to  fall  in  the  same  region  as  A  =  75°,  a  =  20°. 
The  negative  vorticity  values  remain  together  at 
approximately  a  constant  value  for  all  three  cases. 
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Figure  12.  Chordwise  Variation  of  Integrated  Vottiaty 

Nonditnensionalized  using  a)  chord,  b)  local  semispan. 

A  similarity  relationship  proposed  by  Hemsch  and 
Luckring  [34]  for  the  vortex  circulation  as  a  function 
of  the  apex  half  angle,  e,  angle  of  attack,  chord  and 
fieestieam  velocity.  It  has  the  fotm: 


g  = 


U„  c  tan2e  cosa 


=  AK**  where  K  = 


tana 
tan  e 


for  some  value  n.  Hemsch  and  Lockring  found  that  if 
g  and  K  ate  plotted  in  a  log-log  format,  a  fit  of  the 
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Figure  13 


(b) 

Correlation  of  Hemsch  and  Luckring  a)  g  vs  K, 
b)  g/(x/c)  vs  K 


fomi  g  =  AK^-^  was  seen  for  data  obtained  from 
Wentz  and  MacMahon  [35],  A  =  62°  and  Delery, 
Pagan,  and  Solignac  [36],  ranging  from  g  of  0.5  to 
10.0  and  K  of  0.2  to  2.0.  Theory  by  Smith  [37] 
resulted  in  the  form  g  =  4.63K**.  For  comparison, 
seven  hole  probe  data  from  Payne  [4,33]  is  plotted  in 
Figure  13a  with  that  of  Wentz  and  MacMahon  and  the 
curve  of  Smith  for  n  =  1.2.  Payne's  data  represents 
sweep  angles  of  70°,  75°,  80°,  and  85°  at  various 
chord  locations.  It  is  seen  to  follow  the  line  of  Smith 
to  a  g  of  100  and  a  K  of  10. 

The  data  from  this  investigation,  representing  three  K 
values,  was  also  plotted  in  Figure  13a  and  the 
expected  collapse  of  data  was  not  immediately 
evident.  Hemsch  and  Luckring  used  data  that  was 
acquired  in  the  wake  of  the  models.  Since  the  present 
tests  were  conducted  at  locations  above  the  wing 
surface,  a  further  scaling  of  g  by  the  local  chord 
ratio,  x/c,  was  found  to  bring  the  data  into  line  with 
that  of  Smith  as  shown  in  Figure  13b.  This  same 
scaling  was  used  on  die  data  of  Payne  and  is  shown  in 
Figure  13b  also.  Manipulation  of  the  above  expression 
of  Hemsdi  and  Luckring  to  include  the  ratio  x/c  and 
expressing  it  in  terms  of  s*  leads  to  die  following; 


1- 


s*  tane  cosa 


If  g  is  further  divided  through  by  K: 


rttane  cosa)"' I 


Uoo  s*  (sina)" 


ntane  cosa)Q-^ 

^  Uoo  s*(sina)l-2 


The  majority  of  the  axial  vorticity  component  appears 
to  be  confined  to  10%  of  the  span  on  either  side  of  the 
core  center  location,  r/s  =  ±0.1.  A  slight  rise  also 
occurs  at  r/s  =  0.30,  probably  due  to  the  shear  layer 
in  the  feeding  sheet.  The  azimuthal  vorticity  is  seen  to 
have  a  wider,  more  erratic  distribution.  It  also 
appears  to  have  a  rise  at  r/s  =  0.30  due  to  the  feeding 
.sheet. 


for  n  =  1.2 


where  g  is  now  simply  equal  to  a  constant.  It  is 
interesting  to  see  how  closely  this  corresponds  to  the 
function  used  in  Figure  9  arid  that  if  n  =  1,  they 
would  be  exactly  i(tentical. 

The  characterization  of  the  circulation  shown  above 
leads  to  an  overall  view  of  the  flowfieid  for  each 
wing  configuration  and  is  he'pful  in  evaluating  gross 
pioperties,  such  as  the  lift,  at  a  particular  set  of  test 
conditions.  Unfortunately,  the  mechanism  for  the 
breakdown  process  is  not  elucidated  and  a  more 
detailed  look  at  the  chordwise  vorticity  distributions 
was  undertaken.  In  an  effort  to  examine  the  validity 
of  the  theoretical  ideas  proposed  by  Brown  and  Lopez 
122]  as  well  as  investigate  what  appears  to  be 
unexpected  spanwise  vorticity  density  results  of 
Figure  1  lb  above,  values  of  Sl^  and  0,%  were 
calculated  based  on  the  grid  traverse  through  the  core 
center  utilizing  polar  coordinates.  Under  the 
assumption  that  the  radial  velocity  and  its  gradient 
were  negligible  compared  to  the  other  terms  along  the 
traverse  through  the  core: 
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The  velocities  based  on  the  traverse  through  the  core, 
and  corresponding  to  the  A  =  75”,  a  =  20“,  x/c  =  0.50 
data  in  Figure  5,  are  plotted  in  Figure  14a  against 
distance  ftom  the  core  center.  The  z/s  location  for  the 
traverse  was  based  on  the  maximum  value  of  u/Uoo. 

As  can  be  seen,  the  radial  velocity,  v  =  Vj-  along  the 
traverse  can  be  regarded  as  tugligible  compared  to 
the  respective  values  of  u  and  w,  or  Vx  and  V0.  The 
nondimensional  calculated  values  of  Clx  and  (i0  are 
given  in  Fibres  14b  and  14c.  The  axial  vorticity  is 
seen  to  increase  to  a  maximum  at  die  center  of  the 
core.  The  earlier  maximum,  presented  in  Rgure  6b, 
based  on  the  spatial  derivative  in  Cartesian 
coordinates  shows  a  comparable  value.  In  a  similar 
manner,  %  also  increases  as  it  nears  the  core 
centerline,  however  it  drops  to  a  value  of  zero  at  r/s  = 
0.  Sinire  du/dr  is  always  negative  with  increasing 
distance  ftom  die  core,  as  indicated  in  Figure  14a,  120 
is  always  positive  exce^  at  r/s  =  0  where  u  is  a 
maximuih  and  the  gradient  becomes  zero. 
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Figure  14.  Core  Flowfieid  Profiles  for  Sweep  =  75°,  Angle  of 
Aaadc  =  20°,x/c  =  0.50  a)  Velocity  Components, 
b)  Axial  Vorticity,  fix.  c)  Azinuitbal  Vorticity,  (20 

If  die  a-xial  vorticity  profiles  are  now  overlaid  for 
each  of  the  measured  x/c  locations.  Figure  15a, 
similar  proftles  are  seen  to  exist  at  eadi  station.  In 
Ught  of  the  fact  that  no  breakdown  is  occurring  over 
the  wing,  diis.would  seem  to  be  acceptable.  Both  A  = 
75°,  a  =  30°  and  A  =s  70°,  <x  —  20°  exhibited  similar 
features.  It  was  hoped  that  some  indication  of  the 
imminent  bre^down,  especially,  with  dtt  A  =  75°,  a 
=  30°  case,  would  be  evident  ftom  these  distributions. 
This  premise  was. based  on  results  derived  using  an 
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earlier  investigators'  velocity  data.  Axial  votticity 
was  calculated  from  LDA  velocity  data  acquired  by 
Iwanski  [38]  over  a  one  inch  thick,  70“  sweep,  flat 
plate  delta  at  ot  =  30“.  The  different  chord  stations 
are  presented  in  Figure  15b.  The  axial  vorticity 
profile  distribution  is  seen  to  increase  in  magnitude 
and  narrow  in  width  in  the  downstream  direction,  up 
to  x/c  =  .41 1 .  The  peak  then  broadens  and  a 
reduction  in  the  values  is  seen  further  downstream  as 
the  breakdown  region  is  entered. 
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Figure  15.  Axial  Vorticity  Distributions  a)  Present  Tests 
b)Iwanski  data 


configuration  does  not  give  any  indication  of  the 
upcoming  flow  transition,  however  the  probe  was  still 
upstream  of  breakdown  and  the  x/c  increment  was  not 
nearly  as  fme  as  that  used  by  Iwanski. 
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(b) 

Figure  i6.  ChoFdwise  Dismbutions  of  Integrated  Properties 
Nondimensiooed  by  the  Local  Senuspan 
a)lwansld  data,  b)  Present  Tests 


These  calculated  axial  vorticity  values  of  Iwanski  Azimuthal  votticity  values  derived  from  Iwanski's 

were  then  nondimensionaily  integrated  along  each  data  are  presented  in  Figure  17a.  This  component  of 
respective  semispan  to  derive  a  set  of  values  indicative  vorticity  becomes  negative  at  certain  spanwise 
of  the  local  votticity  density  distribution  which  are  locations  as  soon  as  the  breakdown  region  is  entered, 

plotted  against  their  chord  locations  in  Figure  16a.  supporting  the  ideas  of  Brown  and  Lopez  [22].  The 

Also  included  are  the  values  of  the  axial  component  of  azimuthal  component  appears  to  reach  a  maximum 
helicity,  obtained  by  taking  the  dot  product  of  the  negative  value,  however  as  this  data  represents  time 

votticity  field  with  the  velocity  field.  Both  the  averaged  values  of  a  highly  fluctuating  region,  care 

integrated  vorticity  and  the  helicity  components  should  be  taken  when  drawing  conclusions.  It  should 
appear  to  reach  a  maximum  at  a  distance  of  about  10  he  noted  that  there  may  be  a  non-negligible  radial 
to  15%  of  the  chord  upstream  of  the  brcL  .down  velocity  component  in  the  expansion  region  of  the 

region.  Whether  this  indicates  that  the  vortex  reaches  breakdown  region,  which  would  act  to  provide  a 

a  saturated  or  critical  condition  is  still  open  to  positive  contribution  to  Hp,  which  is  not  considered 

question,  due  to  the  scarcity  of  data.  This  is  then  in  the  evaluation  of  Iwanski's  data  due  to  a  lack  of 
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Figure  17  Axunulhal  vorticity  DistnbuUons  a)Iwanski  Data 
b)  Maximum  Azimiittial  Vorticity 

breakdown.  They  conclude  that  the  vorticity  vector, 
Si,  rotates  from  an  essentially  longitudinal  direction 
to  a  generally  tangential  one  in  the  breakdown  zone  as 
Brown  and  Lopez's  analytical  hypothesis  surmise. 

Since  there  is  no  sense  physically  in  integrating  the 
azimuthal  vorticity  distributions,  the  maximum  values 
of  ^0  were  plotted  instead  in  Figure  17b.  These 
values  represent  the  maximum  gradient  of  the  axial 
velocity  and  are  increasing  slightly  in  the  axial 
direction  for  the  present  tests.  The  data  of  Iwanski 
reflects  the  change  from  a  positive  to  a  negative  sense. 
It  should  be  noted  that  unless  there  is  a  local  axial 
velocity  deficit,  -9u/dr  will  always  be  positive.  Other 
investigators  have  shown  this  to  occur  in  the 
breakdown  region,  but  the  present  method  was  found 
to  be  inaccurate  for  regions  of  the  flow  where  u  is 
much  less  than  v  or  w  and  the  low  axial  velocity 
regions  present  at  breakdown  gave  results  which 
could  not  be  considered  reliable.  In  addition  negative 
values  of  u  could  not  be  measured  using  this  method. 

Flow  visualization  at  the  University  of  Notre  Dame 
has  indicated  an  additionally  interesting  phenomena 
that  while  the  outer  flow  region  of  the  vortex  seems 
to  scale  with  the  local  geometry  of  the  wing,  the 
subcore  appears  to  maintain  a  more  or  less  constant 
diameter.Tlie  nature  of  the  data  in  I^gure  14  leads  to 
the  possibility  of  two  core  size  definitions:  a  jet  effect 
core  due  to  the  presence  of  the  axial  velocity 
component  and  a  much  smaller  core  based  on  the 


distance  between  the  maximum  and  minimum  values 
of  w  or  Vp,  usually  referred  to  as  the  subcore.  If  a 
minimum  value  of  u/Uoo.  say  I..*?,  is  used  to  set  a 
threshold  cutoff,  a  jet  core  can  be  defined  and  the 
growth  rate  compared  to  that  of  the  subcore  defjied 
above. 

The  evaluated  core  diameters  are  presented  in  Figure 
18,  both  in  absolute  units  and  scaled  by  the  local 
semispan  of  the  wing.  The  grid  resolution  of  0.03  y/s 
leads  to  more  scatter  in  the  determination  of  the  size 
of  the  subcore  than  the  jet  core,  however  Figure  18a 
does  indicate  that  the  jet  core  is  growing  at  a  faster 
rate  than  the  subcore,  albeit  both  are  in  a  linear 
fashion.  Scaling  by  the  semispan  shows  that  both  cores 
are  scaling  by  the  local  geometry.  Closer  inspection, 
though,  reveals  that  the  jet  core  may  appear  to  be 
slightly  shrinking  in  size  relative  to  the  local  span  and 
that  the  subcore  is  growing.  These  could  be  the  effects 
of  diffusion  acting  on  the  subcore  region  and/  or  the 
jet.  Two  finer  grid  resolution  (0.015  y/s)  stations  are 
also  included  in  Figure  18  and  would  seem  to  indicate 
a  more  constant  core  diameter  on  the  absolute  scale. 
The  scatter  of  the  data  makes  interpretation  difficult 
and  more  data  will  be  required  at  a  fmer  grid 


resolution  before  any  defmitive  statements  can  be 
made. 
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Figtue  18.  Jet  cote  and  Subcoie  Diatneteisa)  tniilimetres, 
and  b)  scaled  by  local  span 
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Other  investigators  have  also  looked  into  this  aspect 
of  the  subcore  growth.  Verhaagen  and  van  Ransbeeck 
[28]  have  measured  a  more  or  less  constant  subcore 
diameter  from  =  0.1  to  0.7  on  a  2.22  m,  76°  swept 
delta  wing,  indicating  a  cylindrical  rather  than  conical 
flow.  Data  obtained  from  Hawk,  Barnett,  and  O'Neil 
[39],  however,  points  to  a  linear  type  of  core  growth 
with  chordwise  distance  over  a  762  mm  chord,  70° 
swept  wing.  These  discrepancies  again  indicate  that 
due  to  such  factors  as  grid  resolution,  which  is  usually 
not  compared  between  experimental  data  sets, 
differing  statements  concerning  observable  properties 
can  exist  between  investigators  and  comparisons 
should  be  examined  in  light  of  these  factors. 


Conclusions 

Scaling  of  the  radial  circulation  distribution  or  the 
vorticity  by  the  local  semispan  indicates  the 
distributions  to  be  similar  at  each  chordwise  location 
for  regions  of  pre-breakdown  vortex  flow..  This  is  a 
good  indication  that  the  local  semispan  is  a  variable 
which  should  be  incorporated  into  any 
nondimensionalization  scheme  used  to  examine  flows 
generated  by  swept  leading  edge  geometries.  This  is 
further  substantiated  by  the  results  obtained  using  the 
correlation  of  Hemsch  and  Luckring.  Incorporating 
the  factor  x/c  appears  to  correlate  circulation 
distributions  in  regions  where  the  vortex  size  and 
strength  ate  increasing,  such  as  over  a  delta  wing. 

The  circulation  at  a  given  radius  from  the  cote  center 
is  also  seen  to  grow  in  a  nearly  linear  fashion  in  the 
chordwise  direction. 

Spanwise  vorticity  distributions  based  on  a  single 
traverse  through  die  core  of  the  vortex  also  scale  with 
the  local  geometry  in  the  pre-breakdown  state.  The 
vorticity  distribution  is  severely  altered  as  the 
breakdown  region  is  encountered  and  appears  to 
indicate  there  is  some  maximum  type  of  vorticity 
distribution  that  may  occur  in  the  region  just 
preceding  breakdown.  The  maximum  azimuthal 
vorticity  also  maintains  a  mote  or  less  constant  value 
in  the  vortex  upstream  of  breakdown,  but  is  observed 
to  become  negative  upon  entering  the  breakdown 
zone. 

The  majority  of  the  axial  vorticity  appears  to  be 
confmed  to  the  subcotc  region  of  the  vortex,  at  least 
with  respect  to  the  pre-breakdown  vortex  state.  The 
use  of  the  maximum  value  of  axial  vorticity  can  be 
deceptive,  however,  in  determining  the  local  strength 
of  the  vortex  structure.  Factors  such  as  grid 
resolution  should  be  accounted  for  when  comparisons 
of  data  are  made. 

Tne  distributions  of  negative  axial  vorticity  are 
similar  for  the  different  conrigurations  investigated 
here,  despite  geometric  and  angle  of  attack 
differences.  Adjustment  of  the  flowfield  to  changing 
test  conditions  seems  to  occur  for  the  most  part  in  the 
positive  axial  vorticity  regions.  Whether  this  indicates 
that  the  secondary  vortex  structure  is  a  relatively 
constant  influence  or  perhaps  solely  a  function  of  the 
Reynolds  number  remains  to  be  seen. 


The  jet  core  and  subcore  growth  rates  both  appear  to 
be  functions  of  the  local  semispan,  although  ftey  are 
growing  at  different  rates.  Relative  to  the  local 
geometry,  the  subcore  appears  to  be  constant  and  the 
jet  cote  shrinking  in  size  in  the  axial  direction.  Finer 
grid  data  and  flow  visualization  indicate  that  the 
subcore  decreases  in  size  relative  to  the  local 
geometry;  that  is,  it  maintains  a  constant  diameter. 
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RESUME 


Le  phenomene  de  I'^clateoent  tourbillonnaire  joue  un  role  important  dans  I'a^rodynamique  des  avions  de 
conbat  ou  des  missiles  aux  qrandes  incidences.  Malgre  de  nombreux  travaux,,  la  connaissance  precise  de 
I'^clatement  tourbillonnaire  reste  imparfaite  et  en  particuii-.r  il  n'existe  pas  de  entire  fiable  pour 
caract4riser  ce  ph4nomene. 


Au  moyen  de  simulations  nua4riques,  bas4es  sur  la  resolution  des  dquations  u'Euler  et  de  Navier*'Stokes,, 
une  4tude  param4trique  sur  le  cas  d'un  tourbillon  isoI4  soumis  4  une  perturbation  initiale  a  et4  r4alis4e. 

Les  r4sultats  de  cette  4tude  peraettent  de  prdciser  le  domaine  ne  validity  d'un  critere  bas4  sur  It  nombre 
de  Rossby  pour  determiner  l'4tat  4clat4  ou  non  eclatd  du  tourbillon. 


ABSTRACT 


The  vortex  breakdown  plays  a  key  role  in  aerodynanics,,  especially  on  fighter  aircraft  or  aissile  at  high 
angles  of  attack.  In  spite  of  many  studies,,  the  knowledge  of  vortex  bursting  phenomenon  is  not  complete 
and  no  reliable  criterion  is  available  to  characterize  it.' 

Based  upon  numerical  simulations  which  solve  tne  Euler  of  the  Navier*Stokes  equations,  a  parametric  study 
is  carried  out  on  the  configuration  of  an  isolated  vortex  subjected  to  an  initial  perturbation. 

Results  obtained  from  this  study  allow  to  specify  a  criterion  based  upon  an  appropriately  defined  local 
Rossby  number  in  order  to  determine  the  region  where  breakdown  occurs. 


1  ■  INTRODUCTION 


Le  pb4nom4ne  de  I'dclatecent  tourbillonnaire  joue  un  role  important  dans  l'a4rodynamique  des  configura¬ 
tions  aux  grandes  incidences.  Ce  ph4noc4ne,,  qui  se  produit  sur  le  vehicule  a^rodynamiquc,  conduit  k  une 
perte  de  stability  et  par  consequent  k  un  contrdle  deiicat  de  celui-ci.  Ces  instabilxt4s  induisent  un 

moment  de  roulis  qu’il  est  important  d'dvaluer  de  fagon  correcte  afin  eventueiiement  de  la  corriger  pour  * 
les  besoms  du  pilotage.  Une  meilleure  comprehension  de  ces  phenomenes  pernettrait  de  prevoir  et  de  ^ 
maitriser  les  ecoulements  tourbillonnaires,  par  exesple  lors  des  manoeuvres  de  sustentation  demanddes  au  ^ 
decollage  et  k  I'atterrissage. 


De  nombreuses  etudes  tbeonques  tl'S;  et  experimentales  (9-15)  lui  ont  ete  consacrees,  tant  k  1 'ONERA  que 
dans  d'autres  laboratoires  en  France  et  k  I'etranger.  Malgre  ces  travaux,  la  connaissance  precise  de 
I'edateaent  tourbillonnaire  reste  imparfaite  et  en  particulier  il  n'existe  pas  de  critere  fiable  pour 
caractenser  ce  phenomdoe. 
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2  ■  rORKUlATIOW  MATHEMATIQUE 

I 

2.1,  Probl^me  contiau  1 


Le  probldoe  consists  4  r^soudre  les  ^quationde  Navier-Stokes,  en  variables  primitives,  pour  un  ^couleot-nt 
tridisensionne] ,,  instationnaire,,  de  fluide  incompressible,,  dans  le  domaine  0  =  [-a, a)  x  [•*b,b]  x  de 
fronti^ie  r. 

£n  variables  adimensionn^es  h  I'aide  d'une  longueur  de  rdfdrence  L  et  d'une  vitesse  de  rdf^rence  Ur,  le 
probl^oe  s'dcrit  : 


(1)  dU  1,1 

- +  ( VAU  )  AV  +  V(P  +  -Vh - AU 

Bt  2  Re 

(2)  V«i/»0 


IV  L 

o(i  U  est  la  Vitesse,  P  la  pression  et  Re  s:  -  le  nombre  de  Reynolds.  Les  Agnations  d’Euler  sont 

obtenues  en  prenant  la  viscosity  dgale  4  0. 

A  ces  Equations,  sont  assocides  des  conditions  initiales  et  des  conditions  aux  limites  portant  sut  la 
Vitesse  : 

•  cond_Ui_ons  initiales 
.  dans  tout  le  dooaine 

U(x,t-0)*l/f,(x) 

-  conditions  aux  linites 

.  sur  les  frontidres  latdrales,,  des  conditions  de  Dirichlet. 

.  U(xi,-b^pt)-/(x,_x^ 

..  U(Xi,b,Xj,t)~-f(XtX^ 

sur  la  frontiere  anont,,  des  conditions  de  Oiricblet, 

..  £/(Ar,^2>c,/)-g(at,4C2) 

.  sur  la  frontiere  aval,  des  conditions  de  Neumann,, 

dU 

..  —  (x^x^)-O 
Bn 


avec  X  =  (n ,  X2,  xs)  et  n  la  normale  ext4rieure  i  la  frontiere  r. 


Ces  conditions  aux  liaites  peraettent,  pour  un  doaaine  de  calcul  suffisaaaent  grand,  d'dtudier  I’drolution 
d'un  tourbillon  Isold  gusqu'i  son  dclateaent  sans  que  los  frontidres  ne  viennent  perturber  de  faqon 
notable  la  solution. 


La  prise  en  coapte  de  I'dquatios  de  continuitd  (Equation  (2)}  est  obtenue  par  ainiaisation  d'une  norae  de  I 

la  divergence  de  la  vitesse  d  I'aide  d'un  algoritbae  itdratif,  la  pression  totale  dtant  considdrde  coaae 
un  Bultiplicateur  de  Lagrange  associd.  L'dquation  pour  le  calcul  de  la  pression  est  obtenue  en  appliquaut 
I'opdrateur  divergence  i  I'dquation  (1),  puis  en  dcrivant  que  la  divergence  de  la  vitesse  est  nulle, 
dquation  (2). 
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2.2.  Probl^ae  discret 


L'approxination  discrete  se  fait  i  I'aide  de  schemas  aux  differences  times  en  tesps  et  en  espace  develop^ 
pds  initialement  pour  la  siaulation  directe  de  la  turbulence  {18j .' 

2.2.1.  Schema  on  temps 


Le  schema  en  teaps  utilise  est  un  schema  explicite  d'Adams-Bashforth  precis  k  I'ordre  2,,  1 'approximation 
discrete  des  equations  etant  dvalude  au  temps  n  ^ 


i 


Les  equations  semi-discretes  s'ecrivent  alors  : 


(3) 


-  U" 


A/ 


+  (VAi/  )AU  +  V£) 


1 

♦— 

2  .  ~V"t/ 
Re 


1 


(4)  =  0 


avec  U*  =  1,5U“  -•  0,5U*“‘  et  Q  -  P  +  HO*  la  pression  totale. 


2.2.2.  Schema  en  espace 


La  discretisation  en  espace  se  fait  k  I'aide  de  formuXes  aux  differences  £inie«,  prdcises  k  I'ordre  4,' 
centrdes  pour  les  points  courants  et  decentrdes  au  "voisinaye"  des  frontieres  du  domaine.  Le  systeme 
d'equations  lindaires  associd  s'dcrit  : 

I 

(5)  -  W)  *  M  gq"^-  -  A'  K(y”, {/"■') 


(6)  Det/''*'-0 

5 

ou  U  est  un  vecteur  contenant  la  valeur  de  la  vitesse  au  points  du  maillage  et  ou  Q  est  un  vecteur  i 

contenant  la  valeur  de  la  pression  aux  memes  points. 


Les  matrices  G,  0  et  K  representent  respectivement,,  les  matrices  assocides  aux  operateurs  gradient  et 
divergence  et  la  partie  explicite  du  schema  (convection  *  diffusion).  La  matrice  k  represente  un  operateur 
implicite  de  lissage  (A)  des  teroes  de  convection  et  de  diffusion.  Les  conditions  aux  limites,  portant  sur 
la  Vitesse,^  sont  prises  en  compte  par  I'lntermediaire  de  cet  opdrateur.'  Cet  operateur  est  factorise  sous 
la  forme  A  »  At  As  As avec 

3'  7 

- -  c'(  ti  -  Ofiic) 

a..  - 


et  des  expressions  analogues  pour  As  et  As . 


L'operateur  A  fait  intervenir  une  ddrivde  seconde  disccetisde  par  un  schema  de  differences  finies  d'ordre 
2.  11  permet  d'etendre  le  domaine  de  stabilite  tout  en  conservant  un  schema  precis  k  I'ordre  2  en  temps 
lorsque  =  o(nt*).. 

2.2.3  Calcul  de  la  pression 


£n  appliquant  l'operateur  divergence  discretise 
1' equation  de  Poisson  suivante  : 


D*  k  I'equatioD  (5),.  la  pression  totale  Q  verifie 


St 


-'-D*A"‘K(£/" 


Mm 


-D.A''GC? 


D»U‘ 

St 
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““t  I 

Le  princxpe  du  calcul  de  la  pression  est  bas4  sur  la  minimisation  de  la  norme  discrete  de  .  Le  ’ 

systdme  lin^aire  associd  est  rendu  rdgulier  par  Elimination  des  modes  parasites  [19]  et  rEsolu  de  facon  i 

itErative  par  la  mEthode  Kultigradient  [20].  { 

j 

Les  opErateurs  Ai  A2  et  As  sont  factorisEs  sous  la  forme  L.U.,  la  rEsolution  des  systEmes  linEaires  '• 

associEs  se  rEduit  alors  E  une  simple  descente-remontEe  E  chaque  pas  de  temps.  « 


3  m  APPLICATION 


3.1.  Description  du  cas  test 


L'Etude  effectuEe  est  celle  de  l'EvoIution«  dans  un  repEre  (0,  x,  y,^  z) ,,  d'un  tourbillon  isolE  d'axe  Oz 
dont  les  caractEristiques  dans  I'Etat  initial  non  perturbE  sont  donnEes  par  le  champ  de  vitesse  axisymE- 
trique  suivant  : 

v,=o 

2 

V(,-r(l-exp(-^))/r 

r' 

Vz (--7) 

0 


avec  \x~+y^mr 


ou  Vr ,  V*  et  V2  representent  respectivement  les  composantes  radiale,^  tangentielle  et  axiale  de  la  vitesse. 
Les  vitesses  Vo  et  V«x«  correspondant  respectivement  E  l*Ecoulement  potential  et  E  la  vitesse  sur  I'axe. 
La  longueur  caracteristique  L  est  prise  Egale  E  ft,  la  vitesse  de  rEfErence  Ur  est  prise  Egale  E  Vo.  Les 
profils  de  vitesse  imposEs  sont  ceux  dEcrits  par  Batchelor  [21].  Les  valeurs  de  Vtx*  supErieures  E  Va 
correspondent  E  une  survitesse  axiale  reprEsentative  des  tourbillons  d'ailes  delta  [IB].  La  composante 
azimutale  du  champ  de  vitesse  correspond  au  tourbillon  bidimensionnel  de  Burgers. 


De  fagon  a  obtenir  un  Eclatement  tridimensionnel,  on  introduit  une  perturbation  au  champ  initial  de 
vitesse  azimutale  [16] . 


3.2.  Maillaqe 


Compte  tenu  du  champ  de  vitesse  initial,  le  tourbillon  est  concentrE  dans  le  voisinage  de  I'axe  z.  Le 
maillage  retenu  est  cartEsien,,  rEgulier  suivint  la  direction  Z  et  presente  dans  la  direction  radiale  un 
resserrement  au  voisinage  de  I'axe.  Dans  ce  but,,  les  coordonnEes  des  points  de  maillage  seront  dEfinies 
par  X,  y  : 


y-fa2> 

avec  /(§,)- 


I 


1,2 


i,a  coordonn^e  z  est  donade  par  la  fornule  suivante  ; 


(ti,  tz ,  tz)  sont  les  coordonntres  dans  I'espace  de  calcul  od  les  pas  de  discretisation  sont  constants.  Le 
aaillage  dans  un  plan  xy  est  conposd  de  33  x  33  points  de  discrdtisation.  On  considdrera  403  points 
equirdpartis  dans  la  direction  z. 


Les  dimensions  du  domaine  de  calcul  sont  [-8,8]  x  [-8,8]  x  [-10,30]., 
Four  ce  maillage  les  constantes  <xi ,  Si ,  n  valent  : 


ui  i  0,048 

ft  =  n 

1.  =  3,53.10-5 
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Ces  valeurs  donnent  les  tallies  de  maille  D«niciales  et  aaxiia&les  suivantes  : 

-  '‘-5;  " 

Les  calculs  sent  effectues  sur  CRAY  2.  Le  coCit  de  calcul  est  dfi  9.10“^  secondes  par  point  et  jir  pas  d. 
tenps,  avec  un  noabre  aoyen  de  6  iterations  par  pas  de  tenps  pour  le  calcul  de  la  pression.  Le  cout  total 
d’un  calcul  est  coopris  entre  30  minutes  et  45  minutes  su«vant  les  configurations  6tcdi4es. 


4  ■  CmCTERISATlON  DE  L'ECLATEKXWT 

II  est  admis.  selon  [22].  que  I'dclatement  tourbillonna^re  est  caracteris6  par  la  presence  d'un  point 
d'arret  sur  I'axe  pour  ce  qui  concerne  les  simulations  nus^riques  et  les  experiences  ea  milieu  confine. 
Pour  les  4tudes  expdrimentales  en  milieu  non  confine,  I'cclatemerl  est  d^fini  romme  une  rapide  expansicn 
du  noyau  tourbillonnaire.  associd  4  une  d4c414iation  brutale  dc  la  >^it€$se  Oe  plus,  les  r4saltats 

numdriques  de  certains  auteurs  [23]  mettent  en  4vidf*ocG  un  eclatement  touibillonnaire  sens  presence  de 
point  d'arret  sur  I'axe. 

La  caract4ri$ation  de  I'eclatement  sera  determine  dans  cet  article  suivsnt  les  developperents  r‘lci'ncs 
d'une  theorie  de  la  caracteristaion  de  la  stabilite  hydrodyn^aique  au  s:;in  d'ecculements  [24] .  Le  pcmcipe 
de  cette  theorie  consiste  a  introduize.  a  1‘instant  t  0  et  4  un  eniroit  quelconque  du  fluice,  une 
perturbation,  puis  d'etudier  la  reponse  donnee  par  I'^cculement. 

L'etude  des  profils  de  vitesse  d'un  tourbillon  isolc,  '^n  function  de  son  taux  de  rotation  donne  differen's 
types  de  reponses  possibles  (figure  1)  : 

-  pour  un  taux  de  rotation  suffisamment  £wifc3e  I'ecoaiement  est  stable,  la  ?exturbati»>p.  n'est  pas 
anplifide  i  une  representation  schematique  ast  donnee  par  la  figure  la,, 

-  lorsque  le  taux  de  rotation  augmente  i'ecouleccnt  devient  convectivement  ;as*.able,,  un  paquet  d'onde 
apparal.  et  se  deplace  4  partir  du  point  source  r«rs  I'ava]  du  doo&ine  ;  1' amplitude  a>.  la  perturbat  xo.n 
commence  par  croitre  exponentieiiement.  puis  decro*tre  vers  rero  lorsque  t  tend  vers  I'lnfini.  La 
presence  de  deux  fronts  d'onde  se  convectant  vers  I'aval  est  representee  sur  la  figure  iP., 

>  pour  UD  certain  seuil  du  taux  de  rotation.,  le  fluide  est  proche  de  la  transition  supercritique^subcri' 
tique  au  sens  de  Benjamin  (analogie  au  ressaut  hydraulique) ,  I'ecoule&ent  devient  de  type  inrtable 
absolu  ;  I'etat  instable  absolu  est  defiui  cesme  un  etat  o6  I'amplitude  des  perturbations  est  non 
boroee  dans  le  temps.,  la  vitesse  du  groups  du  paquet  d'onde  associe  tendant  »ers  ;eio  (etat  critique, 
figure  Lc) . 

*  pour  des  valeurs  superieures  de  ce  taux  de  rotation,  le  fluide  devient  fortem^nt  subcritiquc,  I'ecouLe' 
aent,  absolument  instable,  est  le  siege  de  perturbations  se  propageant,  4  l4  fois  vezs  I'amont  et  vers 
I'aval.  il  apparait  au  sein  du  fluide  une  zone  de  recirculation  qui  a  tendance  4  se  d^placei  vers 
1 ' aaont . 

5  ■  ETUDE  PARAMETRIQUE 

5.1  Wombre  de  Rossbv.  nombre  de  Reynolds 

On  dtudie  1' influence  des  paramdtres  qui  ddfinissent  Xe  profil  de  vitesse  initiale  sur  I'spparinon  de 
I'dclatement  tourbillonnaire.  Ces  paras4tres  peuvent  se  raaener  4  une  grandeur  caract4ristique  adimension'^ 
nde.,  le  nombre  de  Rossby. 

Pour  les  profils  de  vitesse  consid^rds.,  le  nombre  de  Rvssby  s'expriBe  sous  la  forme  ; 


Le  second  nombre  sans  dimension  caractdristique  des  dcoulesents  visqueux  est  le  nombre  de  Reynolds  donnd 
par  la  relation  : 


La  variation  de  la  viscositd  i,  i  dtaot  constant,  permet  d'-^tudier  I'lsfluence  du  nombre  de  Reynoldb- 


1/ 


2Z<' 


S.!.  Btsyrintioa  de  I'itiide  D«rti»4triaue 

Urie  jrfaiire  pitti?  da*  result**:*  *  4td  obtonua  an  fajssst  vanet  U  eirau'atian  f,,  qua  tovient  4  taite 
varier  'i«  no«bre  4e  n-isaby,  lea  autre*  parauietres  dtant  tiKis. 

b*  secunde  partie  de  1‘dtude  cdnsiate  4  fiafe  varier  le  noitbre  de  Rayuolds,  i  nonbre  dc  ftussby  fixd. 

ba  trojsi^ee  partie  de  I'etude  paraadtrique  concerns  I'lntluencs  du  tayra  ViBobsux  a,  do  la  circulaiion  et 
dr  la  viacoatcd,  css  paraadtrss  variant  de  facon  4  cc  que  le*  nonbre*  de  Soaeby  et  de  Keynold*  reateat 
constant*. 

5.3.  intluence  du  nonbre  de  Ko««by 

L'dtude  de  I'indttence  du  noabre  de  Rosaby  cat  etfcctuee  pour  un  nosbrc  de  Reynolds  t;xi  dqal  4  4.10*. 
Cette  dtude  ports  sur  quatre  valeur*  de  la  circulation  (0.1  0.3  ;  0,0  ;  0,t)  a>ixquelles  correspondent 
quatte  valeur*  du  noabre  de  Roisby  (3,7C  1,23  ;  0,62  ;  0,47),  be*  p.'of>l»  initiaux 

do  vits*3e  correspondant  sent  donnds  sur  la  {igure  2.  Rout  ces  quatra  valeur*  de  la  circulation,  le* 
profila  de  vitesae  axiale  *ont  identiques,  en  ce  qui  concerns  le*  ptoiils  de  vitease  ariautalo  le  rayon  du 
toiirbillon  reite  constant. 

b*  tiqure  3  sontre  I'dvolution  de  la  vitesae  axiale  au  cours  du  tenp*  en  tonction  dv  noebte  dc  Kossby.  Or* 
quatre  diagrautas  asaocids  reprdsentent  le*  quatre  type*  oe  com iqurat ions  ddcrites  au  ptragrapht  4. 

Pout  Rt  =  3,76,  I'dcouleaent  ett  stable,  Ou  aoins  lusqu'au  tenps  t  --  SO,  temp*  final  du  cilcul.  borsque  le 
nonbre  de  Rossby  disinue  (Ra  *  1,23),  la  perturbation  initials  s'anplifie  rout  cn  stunt  convect/e  ver* 
I'aval  4  la  Vitesse  de  I'dcoulement  potenriel  (¥•).  L'dtat  est  convectivement  instable. 

On  attaint  le  seuil  critique  pour  u.i  nombre  de  Rossby  dgal  4  0,62.  L'dcnulement  franchit  alor*  le  *t]de 
d'un  dtat  absolument  instable..  Cette  configuration  correspond  exactcaent  au  suuil  1  purtir  duquel  I'dcia- 
tement  est  observd. 

Pour  un  nombte  de  Rossby  infdrieur,  4gal  4  0,47,  il  apparait,  en  plus  du  front  se  convectant  vers  I'av*), 
une  zone  de  recirculation  qul  *e  propage  vers  I'acont  du  domains.  Ce  cis  correspond  4  un  etat  ou  It-  flutde 
est  fertement  subcritique. 

b'accroiscement  du  taux  da  rotation,  equivalent  d'une  diminution  du  nombre  de  Rossby,  entraine  done  una 
Evolution  de  I'dcouleaent  vers  un  dtat  dclatd. 


5.4.  Ittflueaeo  du  nombre  de  Reynold* 

i,a  seconde  nartie  de  1' dtude  paramdttique  porte  sur  1' influence  cu  nombre  de  Reynolds,  4  nombre  de  Roosby 
fixO. 

ba  figure  4  montre  I'dvolutioc  de  la  vitesse  axiale  sue  I'axe  pour  de*  rclcul*  uffectuds  4  diffdtent* 
norbres  de  Reynolds,  pout  un  nombre  de  Rossby  de  0,62  correrpondant  au  scu.l  critique  ob'enu  prdeddom- 
Bent 

be*  rdsuUats  obtenus  pour  des  nososes  de  Rey&olds  supdrieurs  4  400  mettent  en  Evidence  deux  siniaa,  le 
premier  dtant  situd  au  voisinage  de  la  position  oO  la  perturbation  initials  a  6td  introduite. 

Aux  nombres  de  Reynolds  infdrieurs,  le  ptofil  de  vitesse  axial  ne  presents  plus  de  gradient  brusque,,  ia 
Vitesse  axiale  dtant  constante  pour  un  noabre  de  Reynolds  de  100.  Pour  ces  cas  I'dclateaent  toorbiUon- 
aaire  n'a  pas  lieu,  bes  calculs  effectuds  oiir  un  noabre  de  Rossby  dqal  4  0,7,  au  mdses  nombres  de 
Reynolds  que  prdeddemment  rdvdlent  des  dtats  non  dclatds.. 

dependant  on  reoarque  une  ebute  de  vitesse  axiale  locaiisde  prds  vie  la  frontidre  acont,  d’autant  plus 
importantes  que  le  nombre  de  Reynolds  est  faible.  be  profil  de  vitesse  initiale  laposd  au  cours  du  temps 
sur  cette  Iro.ttidre  vdiifie  le*  dqustions  d'Euler.-  Pout  un  cslcul  efiectud  4  partir  des  dquation*  de 
Ravier-StoRes,  cette  condition  n'est  plus  adaptde.  On  autre  tyre  de  condition  amont  semble  done  ndeessaire 
pour  rdfcudre  cs  probldae  [25] 

5.5.  laflaenee  du  ravon  visqusux  4  Ra  et  R«  tixds 

Cette  dtude  esr  cffoctade  en  se  fixant  les  aoibreb  de  Reynold*  et  de  Rossi)),  les  pata»4tres  a,,  <  tt  r 
variant  da  fagon  simultande. 

La  configuration  dtudide  concetce  un  cas  Euler  »  o),  et  un  nosbre  de  Rossby  de  0,26.  Pour  cette  valeur 
du  nombre  do  Rossby  deux  calculs  on*,  dtd  effoctuds  avec  let  doublets  it  >•  0,34  ;  r  =  1,47)  et  (s  “  0.1?  ; 
r  0,E5).  Les  profils  initiaux  de  vitesse  sont  reprdsentds  sur  la  figure  5  oinsi  que  les  rdoultata 
correspo9da)it*.  L-s  courbea  de  vite*se  axiaie  pieaentent  les  Bcaeo  caructdristiques  u'dvolutSen.  4  savoir 
la  prdsence,  dane  les  deux  cas,  de  deux  minima  mettant  en  dvidence  i 'apparition  d'on  drlatement  toutbil- 
lonaaile.  Aux  rtruDda  sombre*  de  Reynolds  11  apparait  done  une  titaie  inddpendance  du  p'.enomdae  de  I'ecla- 
tenenb  vis  4  els  du  paramdtre  a. 


5.6.  Crittre  J'tcltteient 

On  bilayage  systimatique  des  paraadtres  a  dtd  elfactud  et  a  perais  de  prdcascr  U3  sauil  d'dclateaent.  het 
rdsultats  obtenus  par  lea  prdaentes  saaulations,  arnsi  que  I'enseable  des  rdaultata  connus  '22],  sent 
donnds  sur  la  figure  7  sous  la  force  d'un  diagracae  Sossby-Reynolds,.  lea  aynbolea  reprdaentent  lea  cas 
traitds.  Cea  syibolea  aont  pleina  (reap,  vides)  pour  lea  dtata  dclatds  (reap,  uon  dclatds). 

Pour  lea  noabrea  de  Reynolds  superxeura  i  400,  I'ensesble  des  rdsultats  obtenus  par  I'dtude  paramdtrique 
eat  en  bon  accord  qualitatif  avec  lea  rdaultata  expdriaentaux  exiatanta.  Pour  cea  valeurs,  I'dclateaent  se 
prodttit  pour  un  noabre  de  Rosaby  dgal  1  3,62,  Idgdreaeot  infdrieur  i  celui  donnd  par  lea  expdriences 
(entre  0,64  ef  0,7).-  Pour  des  noabrea  de  Reynolds  infdrieurs  i  430,  la  validitd  de  tous  lea  rdaultats 
nundriquea  de  cette  figure  eat  forteaent  sujette  i  caution  coapte  tenu  de  la  renarque  du  paragraphe  5.4. 
Par  ailleurs  il  n'exiate  pas  i  notre  conoaiasance,,  pour  de  tela  noabrea  de  Reynolds,  de  donndes  expdriaen- 
tales  peraettant  d'lnitialiser  le  calcul. 

6.  COMCmsiOM 

Le  but  de  cette  dtude  dtait  double  :  d'une  part  la  aise  au  point  d'un  code  de  calcul  peraettant  une 
description  ddtaillde  de  I'dclateaent  d'un  tourbillon  isold,  d'autre  part,,  1  I'aide  d'une  dtude  paraadtri- 
que,  une  aeilleure  coaprdhension  du  phdnoadne  et  done  de  sa  prediction. 

Lea  caracCdristiques  esaentielles  de  I'dclateaent  tourbillonnaire  obtenues  dans  le  cas  present  peraettent 
de  tirer  lea  conclusions  suivantea  : 

-  I'apparition  du  phenoaene  eat  brutale,, 

-  il  eat  de  nature  tridiaensionnelle  et  instationnaire, 

-  il  net  en  evidence  une  structure  apirale,,  confmee,  suivi  de  I'apparition  en  aval  d'un  bulbe  de  recir¬ 
culation  etendu,, 

-  un  regiae  turbulent  caracterisd  par  de  petites  structures  s'dtablit  dds  I'lnatant  t  =  25. 

L'etude  paraaetrique  rdalisee,  loin  d'etre  exhaustive,  permet  cependant  de  tirer  plusieurs  enseigneaents 
quaut  4  la  stabilite  d'dcouleaent  de  type  jet  rotatif.-  L'augaentation  du  taux  de  rotation  fait  dvoluer 
I'ecouleaent  d'un  etat  convectiveaent  instable  4  un  etat  absolupent  instable.  Ces  rdsultats  corroborant 
les  travaux  theoriques,,  effectuds  dans  le  cadre  d’une  gamae  d’dcouleaents  plus  varids,,  de  P.Buerre  et  P.A. 
Itonkevitz  C24; ., 

Les  repressntxtlon  physique  du  phenoadne  pourrait  etre  amdliorde  pat  la  aise  en  place  d'un  aodeie  de  sous- 
aaille  peraettant  I'dtudc  prdcisd  des  petitea  structures  tourbillonnaires  qui  apparaisaent  aprda  I'dclate- 
aen*. . 

La  pcise  en  esapte  de  la  proxiaitd  d'une  paroi  serait  dgaleaent  ndcessaire  pour  la  siaulation  des  configu¬ 
rations  d'dclateacnta  rdalistes,  par  exeaple  celles  se  produisant  au-dessus  d’une  voilure. 

*  Cette  etude  a  bendficld  du  soutien  financier  de  la  Delegation  cendrale  de  I’Araenent  (DCA/DRET). 
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Figure  4  .  Influence  du  nombre  de  I^eynolds 


Figure  5 :  Influence  du  profil  initial  de  vitesse 
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Figure  6 .  Diagramme  Reynolds-Rossby 
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RESUME 

Une  dtude  expdrimentale  et  thdorique  des 
conditions  d’apparition  de  I’dclatement  d’un  tourbillon 
soumis  &  un  gradient  de  pression  a  6t6  rdalisde.  Le  but  de 
cette  dtude  est  de  mettre  en  dvidence  I’effet  d’un  soufflage 
sur  I’axe  du  tourbillon  comme  moyen  de  contrdle  de 
rdclalcment.  Sur  le  plan  expdrimental,  le  tourbillon  est 
cngendrd  par  un  systdme  composd  de  deux  ailettes  placdes 
a  des  incidences  opposdes.  Les  mesurcs  par  vdlodmdtrie 
laser  ont  permis  de  caractdriser  ^organisation  de 
I’dcoulement  et  de  ddtenniner  les  conditions  d’apparition 
de  I’dclatement.  Sur  le  plan  thdorique,  diffdrentes 
mdthodes  de  calcul  ont  dtd  expdrimentdes,  basdes  soft  sur 
la  rdsolution  des  dquations  de  Navier-Stokes  laminaires 
pour  un  dcoulement  de  rdvolution,  soft  sur  I’approxunation 
quasi-cylindrique  de  ces  dquations.  Cette  demiire 
formulation  permet  de  bien  reprdsenter  I’dvolution  du 
tourbillon  jusqu’au  point  d’dclatement.  Les  rdsultats 
montrcnt  un  bon  accord  entre  I’expdrieoce  et  le  calcul  en 
ce  qui  concerne  la  limite  d’apparition  de  I’dclatement. 

NOTATIONS 

A:  Section  d’entrde  de  la  prise  d’air. 

Aj’’  Section  de  sortie  de  la  prise  d’air. 

C^'  Coefficient  de  ddbit  de  quantitd  de  mouvement. 
Dj.  Diamdtre  du  jet. 

Kp:  Coefficient  de  pression  Kp  =  2(p-pg)/pVQ^. 

0x10:  Repire  cylindrique  associd  au  rcpdre  Oxyz. 

Oxyz:  Repdre  cartdsien: 

Ox  suivant  I’axe  de  la  veine,  sens  du  vent, 

Oy  horizontal,  perpendiculaire  ft  Ox,  droite  pilote, 
Oz  vertical  ascendant, 

Origine  0  prise  ft  I’extrdmitd  de  I’ogive. 
p:  Pression. 

Pq:  Pression  de  rdfdrence  prise  en  amont  du  montage. 

q„,:  Ddbit  massique. 

r^.:  Rayon  du  noyau  visqueux  du  tourbillon. 

Rji  Nombre  de  Reynolds  basd  sur  r^  VqTj/P. 

Ro.  Nombre  de  Rossby  TjU^/Fq. 

S„f:  Surface  de  rdfdrence  pour  le  calcul  de  Cm. 

^axc-  Composante  U  mesurde  sur  I’axe  du  tourbillon. 
UVW:  Composantes  de  la  vitesse  moyenne  dans  le 
repdre  Oxyz. 

UVjVj:  Composantes  de  la  vitesse  moyenne  dans  le 
repdre  OxrS. 

u’v’w’:  Ecart-type  des  fluctuations  de  vitesse. 

Vq:  Vitesse  de  I’dcoulement  amont  non  pemirbd. 

Vjt  Vitesse  moyenne  du  jet. 

F:  Circulation  dlvisde  par  2Jf. 

Fg:  Circulation  extdrieure  du  tourbillon  sur  211. 

V:  Viscositd  dndmatique  de  Pair. 

T:  Taux  de  rotation  T  =  Ro'^. 


(*)  Prdseniement  ft  I’Adrospatiale,  Division  des  Engins 
Tactiques,  2,  rue  Bdranger,  92320  ChfttUlon. 


p:  Masse  volumique. 

0:  Fonction  de  courant  de  I’dcoulement  mdridien. 

U:  Composante  du  rotationnel  normale  au  plan 

mdridien. 

1.  INTRODUCTION 

En  Adrodynamique,  le  phdnomdne  d’dclatement 
tourbillonnalre  affecte  principalement  les  tourbillons  qui 
se  forment  ft  I’extrados  des  ailes  en  fidche  et  sur  les 
fuselages  lors  du  vol  ft  grande  incidence.  L’dclatcment  est 
un  processus  essenticllement  commandd  par  les  propridtds 
dynamiques  locales  (champ  de  vitesse)  du  tourbillon  et 
I’intensitd  de  la  perturbation  (champ  de  pression  externe). 
En  fait,  le  champ  de  vitesse  tourbillonnaire  local  rdsulte 
du  ddveloppement  antdrieur  du  tourbillon.  La 
connaissance  des  profits  de  vitesse  initiaux  et  de  leur 
dvolution  sous  I’influence  du  champ  de  pression  externe  cl 
de  la  viscositd  est  done  capitate. 

A  ce  jour,  il  n’existe  pas  de  thdorie  prddictive  de 
I’dclatement.  Cependant,  les  simulations  numdriques 
Jirectes  les  plus  rdeentes  [1]  donnent  des  rdsultats  trds 
encourageants  quant  ft  la  phdnomdnologie  prise  en  comptc 
dans  des  configurations  simples.  Les  dtudes  paramdtriques 
rdalisdes  au  moyen  de  ces  simulations  doivent  permettre 
d’amdliorer  les  moyens  de  prddiction  de  I’dclatement  et  de 
faire  progresser  notre  connaissance  physique  de  ce 
phdnomdne.  Cependant,  elle  ne  peuvent  pour  I’instant 
reprdsenter  I’dvolution  compidte  d’un  tourbillon  placd 
dans  un  champ  adrodynamique  complexe,  et  doivent  etre 
validdes  par  des  comparaisons  avec  les  expdriences. 

Par  ailleurs,  diverses  dtudes  thdoriques  ont,  dans 
le  passd,  dtd  consaerdes  ft  la  prddiction  dc  I’apparition  de 
I’dclatement  d’un  tourbillon  soumis  ft  un  gradient  de 
pression  adverse.  Ces  dtudes  sont  basdes  soil  sur 
I’utilisation  des  ^nations  de  Navier-Stokes  moyenndes  en 
temps  [2,3,4],  soft  sur  I’approximation  quasi-cylindrique  de 
ces  dquations  [^.  Ces  approches,  plus  simples  de  mise  en 
oeuvre  que  la  simulation  directe,  peuvent  dtre  directement 
confrontdes  ft  I’expdrience. 

Le  but  de  la  prdsente  dtude  est  d’analyser 
I’dvolution  puis  I’dclatement  d’un  tourbillon  Isold  soumis  ft 
un  gradient  de  pression,  et  de  tester  I’effet  d’un  soufflage 
sur  I’axe  comme  moyen  de  contr&le  de  son  dclatement. 

Les  mesures  sont  rd^des  en  soufflerie  au  moyen  de  la 
vdlocimdtrie  laser  tridirectionnelle.  Les  calculs  reposent 
sur  I’utilisation  des  dquations  de  Navier-Stokes  compldtes 
ou  dans  le  cadre  dc  leur  approximation  quasi-cylindrique. 


2.  ETUDE  EXPERIMENTALE 

2.1  Montage  expdrimental 

Les  essais  ont  dtd  rdalisds  dans  la  soufflerie  de 
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type  Eiffel  S2L  de  ChalaU-Meudon.  La  veine  d’easais  de 
cette  soufflerie  subsonique  a  un  diamitre  de  1  m.  Le 
tourbilton  est  engendrd  au  ffloycn  d’uc  systime  composd 
de  deux  ailettes,  plactes  ft  des  inddences  opposdeSv  et 
instances  vertic^ement  dam  la  veine  (Figs.  1  et  2).  Ces 
ailettes  sent  des  proflls  NACA  0012  de  150  mm  de  corde 
placds  i  une  inddence  de  10,5°.  Its  prennent  uppui  d’un 
cotd  sur  la  paroi  de  la  soufflerie,  et  de  I’autre  sur  un  tube 
cylindrique  haubannd,  de  40  mm  de  diamdre,  placd  sur 
I’axe  de  la  soufflerie.  Ce  tube  est  fadmisphirique  ft  son 
extrdmitd  amont  et  se  termine  en  aval  par  une  ogfve  dont 
la  mdridienne  est  ellipsoidale  (grand  axe  dgal  ft  200  mm). 
Comme  le  montre  la  figure  3, 1'extrdmitd  aval  de  I’ogive 
est  dquipde  d’orifices  pcrmettant  d’injecter  de  fair  au 
coeur  du  tourbillon  pour  moduler  le  profil  de  ritesse  axial 
inddpendamment  du  profd  de  vitesse  tangentielle.  Trois 
ogives  ont  dtd  rdalisdes,  les  diamdtres  Dj  des  orifices  dtant 
de  1,  2  et  4  mm. 

Le  champ  de  pression  imposd  au  tourbillon  qui  se 
ddveloppe  en  aval  de  ce  montage  est  ajustable  au  moyen 
d’un  dispositif  en  forme  d'entrdc  d'air  (Figs.  1  et  2).  Ce 
dispositif  est  constitud  de  deux  plaques  planes  traversant 
horizontalement  la  soufflerie.  Ces  plaques  sont  dquipdes 
dans  leur  partie  aval  de  volets  qui  permettent  de  faire 
varier  le  rapport  entre  le  ddbit  d’air  captd  et  ddbit  d’air 
passant  k  I’extdrieur.  Ainsi,  la  rdpartition  de  pression  en 
amont  du  dispositif  peut-cUe  etre  ajustde.  Chaque 
rdpartion  de  pression  est  identifide  par  le  rapport  \/A 
des  sections  de  sortie  et  d’entrde  de  la  prise  d’air,  iJm 
cssais  ont  dtd  rdalisds  dans  les  conditions  suivantes; 

•  vitesse  ft  I’infmi  amont:  Vq  =  15  m/s, 

•  nombre  de  Reynolds  basd  sur  le  rayon  r^  du  noyau 
visqueiBC  R^ «  5.10^. 

22  Configuration  sans  souHlage 

Certaines  configuration  dclatdes  ont  dtd 
systdmatiquement  sonddes  au  moyen  de  la  vdlocimdtrie 
laser  tridirectionnelie  [6]  afm  de  tracer  des  cartographies 
ddtailldes  des  champs  de  vitesse  moyenne  et  de 
turbulence.  Ces  cartographies  aident  ft  la  comprdhension 
des  phdnomdnes  physiques  et  permettent  de  constituer  des 
bases  de  donndes  expdrimentales  aptes  ft  servir  de 
rdfdrence  pour  la  validation  des  codes  de  calcuL 

Dans  le  but  dr  qualifier  I’dcoulement  en  I’absence 
de  soufflage,  une  configuration  particulidre  d'dclatement  a 
dtd  dtudide.  Eile  a  dtd  obtenue  en  flxant  le  rapport  AJA  d 
une  valeur  de  0,363.  Dans  ces  conditions,  f  dclatement  se 
produit  d  environ  175  mm  en  aval  de  I’extrdmitd  de 
I’ogive.  Ceci  pent  dtre  constatd  sur  les  figures  4, 5  et  6  qui 
prdsentent  respectivement  les  lignes  iso-valeurs  de  la 
cemposante  axiale  de  la  vitesse  moyenne  U,  de  la 
composante  transversale  de  la  vitesse  moyeime  V  et  de 
I’dcart-type  des  fluctuations  de  vitesse  axiale  u’.  Ces 
rdsultats  obtenus  grfice  d  la  vdlodmdtrie  laser  i  trois 
composantes  sont  relatifs  ft  un  plan  vertical  passant 
approximativement  par  I’axe  du  tourbillon.  La  structure  de 
cet  dclatement  est  trds  proche  de  ccUe  de  I’dclatement 
d’un  tourbillon  d’aile  delta  [7]  et  a  dtd  ddcrite  plus  en 
ddtail  par  ailleurs  [8,9].  En  amont  de  I’dclatement,  la 
vitesse  axiale  prdsente  un  extremum  sur  I’axe 
(U/Uq  =  1,2).  Au  cours  de  I’dclatement,  la  valeur  de  U 
mesurde  sur  I’axe  diminue  rapidement  et  devient  ndgative, 
la  circulation  diffuse  radialement  et  les  valeurs  de  u’/Un 
atteignent  0,45.  Ces  valeurs  trds  dievdes  indiquent  que 
I’origine  de  I’dclatement  est  le  sidge  de  fluctuations  fi 
grande  dchelle  [8]. 


23  Conditions  d’apparition  de  I’dclatement 

L’effet  du  soufflage  sur  I’dclatement  a  dtd  mis  en 
dvidence  de  deux  manidre.  D’abord  en  effectuant  la 
mesure  de  composante  axiale  de  la  vitesse  mesurde 
sur  I’axe  du  tourbillon,  ensuite  en  rdalLsant,  par 
visualisation  une  dtude  systdmatique  des  conditions 
d’apparition  de  I’dclatement  en  fonction  des  paramdtres 
d’influence. 

Les  mesures  par  vdlocimdtrie  laser  ont  dtd 
exdcutdes  pour  diffdrentes  intensilds  de  soufliage  et 
diffdrentes  ogives  mais  pour  une  rdpartition  de  pression 
fixde  (Aj/A  =  0^63).  Pour  chaque  cas,  I’dvolution  de 
U»xe(x)  ®  traede  sur  la  figure  7.  Dans  le  cas  sans 
soufliage,  ddcroit  rdgulidrement,  avant  de  s’annuler 
au  ddbut  de  la  zone  de  recirculation.  D’autre  part,  on 
remarque  que  I’dclatement  se  produit  d’autant  plus  en 
aval  que  la  valeur  de  mesurde  dans  la  section  la  plus 
en  amont  est  grande.  L’eflScacitd  du  soufflage  augmente 
done  avec  la  survitesse  axiale  qu’il  engendre. 

Ensuite  ont  dtd  ddtermindes  les  conditions 
d’apparition  de  I’dclatement  en  fonction  des 
caraetdristiques  des  profits  de  vitesse  moyenne  mesurds 
dans  la  section  x  120  mm  et  de  la  rdpartition  de 
pression  imposde  au  tourbillon.  Pour  celh,  f  dclatement  est 
visualisd  au  moyen  de  fumdes  de  sulfite  d’ammonium 
erdes  par  le  mdlange  des  gaz  ammoniac  et  anhydride 
sulfureux  dmis  par  deux  orifices  situd  comme  indiquds  sur 
la  figure  3.  les  visualisations  ont  dtd  rdalisdes  pour 
diffdrents  ddbits  d’injection,  e’est-ft-dire  pour  diffdrentes 
formes  du  profit  de  vitesse  axiale.  Le  ddbit  massique  q„, 
injeetd  dtait  mesurd  au  moyen  d’un  ddbitmdtre  h  col 
soni'jue.  Les  valeurs  de  q„,  ont  dtd  fixdes  k  0,1, 0,15, 0,20, 
0,2.;  et  03  g/s. 

La  perte  de  charge  entre  le  ddbitmdtre  et  I’orifice 
dtant  inconnue,  le  ddbit  de  quantitd  de  mouvement  axiale 
q„,Vj  du  jet  a  dtd  dvalud  h  partir  de  pr  .i  -  de  vitesse 
axiale  mesurds  dans  la  section  x  120  luui  (prdscntds  sur 
la  figure  8  et  ddcrits  d-dessous),  par  intdgration  sur  un 
disque  de  30  mm  de  rayon.  L’intensitd  du  soufflage  est 
caraetdrisd  par  le  coeflident  de  ddbit  de  quantitd  de 
mouvement: 

(1)  C^  =  2q„V/(pVoXf). 

oil  ia  surface  de  rdfdrence  choisie,  est  le  maitre- 
couple  du  cylindre  central  du  montage  expdrimental.  Le 
tableau  suivant  donne  les  valeurs  de  Cn  cdculdes  pour  les 
difldrentes  ogives  et  les  diffdrents  ddbits  massiques. 


>(g/s) 

D.  (mm) 

0,1 

0,15 

0,2 

0,25 

0,3 

1 

0,13 

035 

032 

2 

0,09 

0,05 

0,15 

035 

0,41 

4 

0,01 

0,01 

0,02 

0,04 

0,07 

Tableau  I:  Valeurs  de  Cjl 


Sur  les  figures  8  et  9  ont  dtd  tracds  les  profils 
de  U  et  V  mesurds  dans  la  section  x  =  120  mm,  pour  les 
trois  ogives  utilisdes  et  les  diffdrentes  valeurs  de  q,^.  Sur 
CCS  mdmes  figures  ont  dtd  portdes  les  courbes  obtenues 
par  les  formules  suivantes: 
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(2)  U(r)  =  Uo  +  Ui.»p(-i2/r,2)  +  V^.txpi-^/r^^) 

(3)  V5(r)  =  ro/r.[l  -  «p(-r^Aj^)l. 

dont  les  paramitres  V^,  Uj,  U2,  rj,  Fq  ct  r,  onl  6t6 
d£tcniiui6s  par  la  mdtfaode  des  moiodres  carT&.  Cca 
courbes  sent  tris  proches  des  mesures  expdrimeatales  et 
leur  utilisation  permet  d’obtenir  de  maniire  systdmatiqae 
tes  paramitres  reprdsentatifs  des  profils  de  U  et  V. 
D’autre  part,  les  formules  (2)  et  (3)  foumissent  des 
conditions  amont  lissdes,  plus  exploitables  que  les  donndes 
exp£rimentales  brutes  par  les  codes  de  calcuL 

On  observe  que  pour  des  valeurs  de  C» 
infdrieures  ik  0,05,  le  soufllage  ne  modifie  pas  de  maniire 
sensible  le  profil  de  ntesse  atdale.  Pour  les  valeurs  de  Ch 
les  plus  fortes  ^  0,4),  I’accroissement  de  la  valeur  de 
U  mesurde  sur  I’iae,  U_,  pent  atteindre  12%.  En 
revanche,  le  soufQage  anecte  peu  les  profils  de  V. 

De  la  mcme  fa(on  sur  la  figure  10  ont  £t6  trac6es 
les  repartitions  de  pression  mesurdes  i  la  paroi  de  la 
veine,  dans  le  plan  horizontal  passant  par  Tare  du 
tourbillon,  pour  difTdrentes  valeurs  du  rapport  A^A.  La 
formule  choisie  pour  reprdsenter  les  mesures  est: 

(4)  Kp(x)  -  KpM  =  Ci.[  th(Ci.(x-Xo))  +  11. 

Les  notations  suivantes  s’introduiseni  naturellement: 

(5)  Cl  =  AKp/2  et  Cj  =  (dKp/dx),^/Ci, 


AKp  =  Kpf+w)  -  Kp(-«). 

Les  valeurs  de  Ci  et  C2  sont  ddtenninees  par  la 
mdthode  des  moindres  carrds.  On  observe  lA  aussi  un 
excellent  accord  entre  ces  formules  et  les  mesures 
expdrimentales. 

Les  conditions  d’apparition  de  Tedatement  sont 
reprdsentdes  sur  la  figure  11  par  des  points  de  differentes 
natures  sur  un  diagramme  donnant  le  taux  de  rotation 
T  =  -  qui  n’est  autre  que  I’inverse  d’un 

nombre  de  Rossby  Rq  =  T'*  -  en  fonction  de  la 
recompression  imposte  au  tourbillon  Kp(+®)  - 
Kp(x=  120  mm).  II  apparalt  que  les  points  et^rimentaux 
se  regroupent  sur  une  courbe  unique.  Etant  dotmd  que  le 
taux  de  rotation  fait  intervenir  U^,  le  soufflage  permet 
done  de  stabiliser  le  tourbillon,  en  ce  sens  qu'une  plus 
forte  recompression  est  ndeessaire  pour  dd^abiliser  un 
tourbillon  possddant  une  forte  survitesse  sur  son  axe. 


3.1  Equations  de  Navicr>Stokes  en  dcoulement 

bmJnaitv  de  revolution 

Un  code  numdrique  rdsolvant  les  dquations  de 
Navier-Stokes  en  dconlement  laminaire  de  rdvolution  a  dtd 
ddveloppd  pour  traiter  le  phdnomAne  de  rdclatement.  Ce 
code  prfvu  initialement  pour  calculer  I’dclatement  A 
I’intdrieur  d’une  conduite  c^drique  [3]  a  6t£  dtendu  par 
la  suite  au  cas  d’un  tourbillon  placd  en  atmosphere 
illimitde  et  soumis  A  un  gradient  de  pression  adverse  [10]. 
Cette  demlAre  version  a  6t6  utilisde  id  dans  le  but  de 
determiner  les  conditions  d’apparition  de  I’dclatement 
pour  des  tourbillons  semblables  A  ceux  ddcrits  au  §  2 

Ce  code  rdsoud  les  equations  de  Narier-Stokes 
instationnaires  dcrites  en  variates  rotationncl  0,  fonction 
de  courant  et  circulation  F  au  moyen  d’un  schema 
implidte,  au  differences  finies  et  de^ntre  dans  le  sens  de 
la  vitesse.  La  predsion  est  du  premier  ordre  en  temps  et 
en  espace.  Une  precision  convenable  pent  cependant  etre 
obtenue  par  I’utUisation  de  mmllages  resserr^. 

Le  calcul  est  effcctue  dans  un  domaine 
rectangulmre  comportant  une  section  d’entree,  une  section 
de  sortie,  une  frontibre  exterieure  et  un  axe  de  symetrie 
(voir  figure  12).  Dans  la  section  d’entree  sont  imposes  les 
profils  de  vitesse  axiale  U(r)  et  tangcntielle  V£(r)  en 
utilisant  les  formules  (2)  et  (3)  du  S  2  avec  U2  =  0  et 
r,  =  rj  =  0,94Sr^  Pour  ce  qui  conceme  la  vitesse  radiale 
la  dewee  SVj/Bx  est  supposee  nuUe.  Dans  la  section 
de  sortie,  on  suppose  I’invariance  axiale  des  trois  variables 
de  calcul  F,  )A  et  U.  Sur  la  frontiAre  exterieure,  on  se 
donne  I’evoliition  de  U  =  f(x)  et  on  suppose  que  la 
circulation  reste  radialement  constante.  Sur  celte  ffontiAre, 
les  formules  utilisAes  pour  U  et sont; 

(6)  Bip/dt  =  rf(x), 

(7)  d(tU)/Bt  =  -  3\tr)/d^. 

Par  I’intermediaire  de  la  loi  de  Bemouilli 
appliquee  le  long  de  la  frontiAre  exterieure,  la  loi 
U  =  f(x)  peut-ctre  obtenue  A  partir  d’une  repartition  de 
pression  K^x).  En  pratique  dest  I’expression  donnee  par 
les  formules  (4)  et  (5)  du  $  2  qui  a  ete  utilisee. 

Quand  une  solution  edatAe  stationnaire  est 
obtenue,  ce  qui  est  le  cas  pour  de  faibles  nombres  de 
Reynolds  (R^  ^  200),  les  lignes  iso-li  prennent  I’allure  du 
trace  de  la  figure  13.  Sur  cette  figure  on  distingue  une 
zone  de  redrculafion  typique  d’un  Aclatement  de  type 
bulbe.  Pour  des  nomb^  de  Reynolds  plus  elevAs  on 
obtient  des  solutions  instationnaires. 


'  <■  I 


ETUDE  THEORIQUE 


Sur  le  plan  theorique  deux  mAthodes  de  calculs 
ont  ete  expArimentees.  EUes  sont  basAes  basAes  sur  la 
resolution  des  Aquations  de  Navier-Stokes  en  Acoulement 
de  revolution: 

-  la  forme  complete  des  Aquations  de  Navier-Stokes 
lammaires  (NS)  et, 

-  I’apprdximation  quasi-c^dique  (QQ  des  Aquations  de 
Navier-Stokes. 


Ce  rode  a  ctA  etqtloitA  pour  determiner  les 
conditions  d’apparition  de  I’Aclatement.  Ainsi,  il  a  AtA 
possible  de  relier  entre  eux  les  diffArents  paramAtres 
d’influence:  Fq,  Rp  Al^  et  r,.(dKp/dx),^ 

Les  courbes  de  la  figure  14  prAsement  I’influence 
du  nombre  de  R^olds  R,  sur  la  valeur  f|jg,  que  prend  T 
pour  les  conditions  d’a^arition  de  I’Aclatement. 
cburbes'spnt  donnto  pour  AKp  =  0,4,  (dKp/dx)_  ==  0,2 
et  U„/Vq  =  OA  i.0 et  1,5.' Om obsene que I’emau 
nombre  de  R^oldA  n’^  senile  que  pour  dn  v^euts 
inferieum  ATOO.  Une'diminnfion  de  R^  enbtdae  une 
stalnlisation  du  tourl^lon,  en  ce  se^'  que  le  taux  de 
rotation  nAces^e  pour  provoker  PAdatement  doit 
Atre  idus  Ali^  Pouf'  les  valmin  de  R^  plus  gi^^  la 
vdcnr 'de 'r,j^  resAe  sensibldntmt  cooatante. 
indApendante  de'  U„e/Vg  Idfsque'ce'pauamAtm  varie 
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eatre  1  et  1^.  Pour  une  valeur  de  0^,  le  touibiUon 
apparalt  plus  instable. 


La  couibe  limite  d’ddatemeat  d£:erimn£e  pour 
les  conditions  aqpfiimentales  du  $  2  a  £t6  reportde  en 
trtut  continu  sur  la  figure  11,  ob  I'on  observe  un  excellent 
accord  avec  les  rdsultats  expdrimentaux.  On  constate  que 
cette  approche  peimet  de  prdvoir  convenablement  les 
conditions  d’ddkement  iPun  tonibiUott.  En  fait,  I'accord 
avec  re:q)£tience  reste  bon  tant  que  le  gradient  de 
pressioa  imposf  au  tourinUon  s’applique  sur  one  distant 
pas  trop  grande  devant  r,  [(rj/Al^).(dI^/dx)^  i  IIP]. 
Pour  des  ghidients  s’a{q>liquant  sur  ^  distances  plus 
grandes  ((r,/AKp).(d^/(fa).„.,  i  10"^)  il  est  indispensable 
de  tenir  compte  de  I'influenKae  la  I 
les  profils  de  vitesse  moyenne. 


t  turbulence  qui  modifie 


3.2  Equation  de  Navier-Stokcs  en  approxiaution 
quasi-csdindriqiK 


apparait  qu’un  accroissement  de  U^,  obtenu  dans 
I’expdtience  par  un  soufilage  sur  TiMe,  stalnlise  le 
tourt^on  et  repousse  I’dclament  vers  I’avaL 

Siu  le  plan  tbforique,  la  rfsolution  des  equations 
de  Navier-Stol^  laminaires  a  montre  que  Ton  pouvait 
obtenir  un  bon  accord  avec  I’eiqierience  pour  la 
determination  des  conditions  d’edatement  Cependant,  ce 
modeie  laminaire  ne  permet  pas  d’obtenir  de  bon  resultats 
lorsqu’O  s’agit  de  d&erminer  revolution  des  profils  de 
titesse  au  coeur  du  toutUUon  sur  de  grandes  distances  en 
amont  de  Tedatement  Le  meme  defaut  se  retrouve  dans 
I’approximation  quasi-cylindrique.  Une  prise  en  compte  de 
la  turbulence  est  alors  necessaire. 

Cette  etude  a  ete  rdalisee  avec  le  soutient 
financier  du  Service  Technique  des  Programmes 
Aeronautiques  du  Ministhre  de  la  Defense. 
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On  appelle  approximation  quasi-c^drique  des 
equations  de  Nataer  Stokes,  I’approximation  qui  consiste  i 
sunposer  que  Pechelle  des  ^xrlutions  radiales  des 
grandeurs  est  petite  devant  celle  des  evolutions  axiales.  On 
obtient  ainsi  un  systime  parabolique,  semblable  aux 
equations  de  la  couche  liinite  dans  le  cadre  de 
I’appronmation  du  l”  ordre,  qui  peut  etre  rdsolu  par  une 
methode  de  marche  en  espace.  C^e  appronmation  peut 
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I’apparition  d’un  dngularite,  du  m£me  type  que  la 
singularite  de  Goldtiem  (11],  rencontree  au  point  de 
defilement  d’une  couche  limite  laminaire. 

Sur  la  figure  15  ont  ete  portees  les  ev'olutions  de 
dflerminees  par  le  code  Navier-Stokes  et  le  code 
quasi-cylindrique  pour  les  memes  profils  initiaux  et  te 
rnfme  champ  de  presdon  exterieur  dans  le  cas  d'un 
ecoulement  laminaire.  Dans  le  cas  sans  edatement 
(nombre  de  Reynolds  faible),  les  deux  codes  dorment  des 
resultats  extr£mement  proches.  Pour  un  nombre  de 
Reyiiolds  plus  eieve  conduisant  k  redatement,  la 
pr^ction  de  la  podtion  du  point  d’edatement  foumie  par 
le  code  quad-tylindtique  est  proche  du  point  d’arret 
calcuie  par  le  code  Navier-Stokes. 

La  figure  16  presente  une  evolution  de  en 
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fur  et  a  mesure  que  x  augmente,  la  courbe  obtenue  par  le 
calcul  s’eioigne  de  rerqrerience  En  particulier,  le  point 
d’edatement  est  beancoup  plus  en  avaL 
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SUmASY 

A  numerical  investigation  of  leading-edge 
vortex  breakdown  on  a  delta  wing  at  high  angles  of 
attack  is  presented.  The  analysis  has  been 
restricted  to  low  speed  flows  on  a  flat  plate  wing 
with  sharp  leading  edges.  Both  Euler  and 
Navier-Stokes  (assuming  fully  laminar  and  fully 
turbulent  flows)  equations  have  been  used  in  this 
study  and  the  results  are  compared  against  exper¬ 
imental  data.  Predictions  of  vortex  breakdown 
progression  with  angle  of  attack  with  both  Euler 
and  Navier-Stokes  equations  are  shown  to  be 
consistent  with  the  experimental  data.  However, 
the  Navier-Stokes  predictions  show  significant 
improvements  in  breakdown  location  at  angles  of 
attack  where  the  vortex  breakdown  approaches  the 
wing  apex. 

The  location  of  the  primary  vortex  and  the 
level  of  vorticity  in  the  pre-breakdown  regions  in 
these  flowfield  solutions  are  affected  very  little 
by  the  viscous  effects,  even  though  the  Navier- 
Stokes  solutions  exhibit  viscous  phenomena  such  as 
secondary  and  tertiary  vortices  which  are  not 
present  in  the  Euler  solutions.-  In  the  post¬ 
breakdown  regions,  however,  the  levels  of  vor¬ 
ticity  in  the  primary  vortex  have  increased 
differences  between  the  Euler  and  Navier-Stokes 
solutions  at  comparable  locations.  Navier-Stokes 
Indicates  the  presence  of  a  secondary  vortex  even 
after  the  primary  vortex  is  burst.  The  predicted 
trajectories  of  the  primary  vortex  are  in  very 
good  agreement  with  the  test  data,  the  laminar 
solutions  providing  the  overall  best  comparison. 
The  Euler  shows  a  small  displacement  of  the 
primary  vortex,  relative  to  experiment,  due  to  the 
lack  of  secondary  vortices.  The  turbulent 
Navier-Stokes,  in  general,  fall  between  the  Euler 
and  laminar  solutions.  These  findings  are  based 
on  solutions  from  meshes  that  are  not  usually 
considered  fine  enough  for  resolving  vortical 
flows..  To  further  understand  the  vortex  breakdown 
phenomenon  and  the  fine  details  of  the  vortical 
flow  structure,  further  calculations  with  the 
finer  meshes  and  in^roved  turbulence  models  are 
necessary. 


1.  DRROOUCnON 

The  accurate  calculation  of  vortical  flows  is 
a  very  important  yet  challenging  task  in  the 
design  of  modem  fighter  aircraft  which  are 
required  to  maneuver  at  high  angles  of  attack.  A 
flat  plate  delta  wing  with  sharp  leading  edges 
presents  a  simple  configuration  for  the  study  of 
vortical  flows.  At  sufficiently  high  angles  of 
incidence  the  dominant  feature  of  flows  over  such 
wings  is  a  pair  of  counter-rotating  vortices  (the 
so-called  primary  or  leading-edge  vortices). 

These  vortices  form  over  the  upper  surface  of  the 


wing  as  a  result  of  the  roll-up  of  the  vortex 
sheet  shed  from  the  leading  edges.  The  flow 
induced  by  these  primary  vortices  can  separate 
near  the  wing  surface  due  to  the  adverse  pressure 
gradient  the  flow  encounters  in  the  spanwise 
direction  (Reference  1).  This  separated  flow  may 
then  form  an  oppositely  rotating  secondary  vortex 
which  tends  to  move  the  primary  vortex  inboard  and 
away  from  the  wing  upper  surface.  These  secondary 
vortices  can  also  form  tertiary  vortices  by  the 
same  process.  The  formation  of  these  vortices 
over  delta  wings  has  been  successfully  demon¬ 
strated  in  a  number  of  numerical  solutions  of  the 
Navier-Stokes  equations  (e.g..  References  2-7). 

The  leading-edge  vortices  at  high  angles  of 
incidence  can  experience  a  phenomenon  called 
breakdown  or  '’burst”.  The  vortex  breakdown  is 
characterized  by  a  sudden  deceleration  of  the 
axial  flow  in  the  vortex  core,  and  a  decrease  in 
the  circumferential  velocity  associated  with  the 
rapid  expansion  of  the  vortex  core  (References 
8-13).  Typically,  this  process  occurs  over  a 
distance  on  the  order  of  the  vortex  core  size  and 
results  in  the  vortex  core  transitioning  from  a 
well-defined  vortical  structure  before  burst  to  a 
more  diffuse  structure  with  milder  velocity 
gradients  and  higher  levels  of  turbulence  after 
the  burst.  The  location  of  burst  on  a  delta  wing 
is  seen  to  move  forward  toward  the  wing  apex  in  a 
smooth  fashion  with  increasing  angle  of  attack. 

The  bursting  of  the  vortex  on  a  flying  aircraft 
may  result  in  several  adverse  effects,  e.g., 
abrupt  change  in  pitching  moment,  loss  in  lift, 
buffet,  etc.,  and  can  be  a  strict  limitation  of 
its  maneuverability.  Effects  of  the  bursting  may 
be  felt  not  only  by  the  individual  aerodynamic 
surfaces  on  which  the  bursting  occurs,  but  also  on 
those  in  their  close  proximity.  Realistic  flow 
calculation  about  an  aircraft  at  high  angles  of 
attack,  therefore,  requires  an  accurate  prediction 
of  vortex  breakdown.  While  the  leading-edge 
vortex  and  the  effects  produced  by  the  presence  of 
such  a  vortex  have  been  studied  extensively  by  re¬ 
searchers,  there  is  currently  no  universally 
accepted  theory  on  the  mechanism  of  vortex  break¬ 
down.,  Analytical  efforts  have  been  restricted  to 
only  simplified  vortex  models  without  including 
the  presence  of  the  wing  (References  14  and  15). 

Nurcrical  solutions  obtained  using  Euler 
equations  have  recently  been  shown  to  be  qualita¬ 
tively,  and  somewhat  quantitatively,  realistic  for 
sharp-edged  delta  wings  (e.g..  References  8-10, 
16).  It  is  also  concluded  in  References  9  and  10 
that  the  leading-edge  vortex  breakdown  is  governed 
primarily  by  inviscid  effects  and  that  the  viscous 
effects  are  only  secondary.  However,  one  would 
expect  that  the  viscotis  effects  would  strongly 
affect  the  inviscid  results  if  the  pressure 
gradients  in  the  vortex  core  due  to  the  burst  are 
large.  Also,  the  effects  of  secondary  and 
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tertiary  vortices <  as  observed  in  the  Navicr* 
Stokes  solutions  1  are  absent  in  the  Euler  results. 
Such  details  of  the  vortical  flowfield  can  only  be 
obtained  from  the  Navier-Stokes  equations. 

The  intent  of  the  present  study  is  to  analyse 
in  detail  the  differences  between  Euler  and 
Navier-Stokes  solutions  on  a  delta  wing  at  high 
angles  of  attack,  with  a  particular  emphasis  on 
predicting  flowflelds  before  and  after  the  occur¬ 
rence  of  vortex  breakdown.  Differences  between 
the  inviscid  and  viscous  solutions  are  addressed 
in  order  to  determine  which  set  of  equations  best 
predicts  the  flow  in  the  pre-  and  post-breakdo%m 
regions.  The  geometry  chosen  for  this  study  is  a 
flat  plate  semispan  delta  wing  with  a  leading-edge 
sweet>  of  70*  and  a  25*  bevel  on  the  lower  surface 
along  the  leading  and  trailing  edges  as  shown  in 
Figure  1.  An  extensive  experioental  database 
exists  for  this  configuration  (References  17  and 
18).  The  database  consists  of  flow  visualisation, 
force  and  moment,  surface  pressures,  three  compo¬ 
nent  Laser  Doppler  Veloclmetry  (LDV)  and  seven- 
hole  probe  flowfield  surveys.  These  data  were 
obtained  by  McDonnell  Aircraft  Company  (HCAIR)  in 
conjunction  with  McDonnell  Douglas  Research 
Laboratories  (HDRL)  as  part  of  a  United  States 
Navy  funded  investigation  of  leading-edge  vortex 
behavior  on  delta  wings. 
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to  alleviate  oscillations  near  high  gradient 
regions  such  as  shock  waves.  The  Baldwin-Lomax 
turbulence  model  is  used  to  calculate  the  turbu¬ 
lent  viscosity.  This  code  is  used  extensively  in 
the  aerospace  industry  and  has  been  verified  for 
numerous  geometries  and  flow  conditions. 


3.  MESH  TOFOLOGY 

An  H-0  type  mesh  topology  for  a  half  plane 
model  of  the  delta  wing  was  used  in  this  study. 

The  half  plane  wing  was  used  to  provide  the  best 
mesh  resolution  around  the  wing  for  a  given  number 
of  points.  The  delta  wing  mesh  was  constructed  by 
successive  generation  of  two-dimensional  meshes 
normal  to  the  wing  centerline..  These  wete 
generated  using  a  computer  program  which  solves  an 
elliptic  system  of  partial  differential  equations. 
This  program  is  based  on  the  method  described  in 
Reference  19.  It  automatically  sections  the 
cross-plane  domain  into  a  number  of  simpler 
domains  based  on  singular  points  on  the  surface 
geometry,  such  as  the  wing  leading  edge.  High 
quality  meshes  are  first  generated  on  these 
simpler  domains  and  then  matched  smoothly  at  their 
common  boundaries.  This  procedure  results  in  a 
highly  orthogonal  mesh  near  difficult  areas,  such 
as  the  sharp  leading  edges  of  the  wing,  as  shown 
in  Figure  2a.  The  surface  mesh  along  with  the 
synmetry  plane  and  a  crossflow  plane  is  shown  in 
Figure  2b.  The  mesh  dimensions  are  61  (axial),  65 
(radial),  and  89  (circumferential).  These  dimen¬ 
sions  were  used  for  most  of  the  analyses,  and  will 
be  referred  to  as  the  medium  mesh.  A  mesh  embed¬ 
ding  technique  was  also  utilized  to  refine  the 
medium  mesh  around  the  leading  edge  and  the  upper 
side  of  the  wing  from  the  apex  to  the  trailing 
edge.  The  extent  of  embedding  in  the  normal 
direction  was  just  far  enough  to  include  the 
region  where  most  of  the  vortical  flow  phenomenon 
is  observed.  Such  a  refinement  of  the  medium  mesh 
yielded  an  embedded  region  with  dimensions  81 
(axial),  87  (radial),  and  133  (circumferential). 
Figure  3  shows  a  partial  view  of  the  embedded 
region  in  a  crossflow  plane.  In  addition,  a  few 
calculations  were  performed  on  a  mesh  of  dimen¬ 
sions  61  X  33  X  89,  to  be  referred  to  as  the 
coarse  mesh  in  this  paper. 
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Figure  1.  Flat  Plate  Semispan  Delta  Wing  Model 


The  results  for  this  analysis  were  computed 
using  an  Euler/Navier-Stokes  code,  CFL3D  (Refer¬ 
ence  2),  briefly  described  in  the  next  section. 
The  computational  mesh  topology  and  results  are 
discussed  in  sections  3  and  A,  respectively.  The 
conclusions  drawn  from  this  study  are  summarized 
in  section  5. 


2.  NIKBRIGAL  KBIBQD 

The  computational  algorithm  in  CFL3D  is  based 
on  a  thin-layer  approximation  of  the  three-dimen¬ 
sional,  time-dependent,  conservation  lav  form  of 
the  compressible  Navier-Stokes  equations.  The 
code  solves  the  discretized  flow  equations  i2q>lic- 
itly  using  an  upwind-biased  spatial  differencing 
scheme  with  either  flux  difference  splitting  or 
flux  vector  splitting  for  the  convective  and 
pressure  terms,  and  central  differencing  for  the 
shear  stress  and  heat  transfer  terms.  In  this 
study  the  Roe-averaged  flux  difference  splitting 
scheme  was  applied  for  the  spatial  differencing. 
This  scheme  does  not  require  the  addition  of 
artificial  dissipation  terms  which  can  adversely 
affect  the  solution.  Flux  limiting  is  also  used 
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Figure  2g.  Cross-Section  View  of  the  Medium 
Computstlmiil  Mesh 

Mesh  Dtmen^ns*  61  (Axial)  x  65  ( Rad^l)  x  89  (Circumferential) 
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Figure  2b.  Partial  View  of  the  Computational 
Mesh  for  Delta  Wing 

Medium  Mesh  61  (Axial)  x  65  (  Radial)  x  89  (Circumferential) 


Figure  3.  CrosS'Coctlon  View  of  the  Embedded  Medium  Mesh 

Mesh  Dimensions  in  the  Embedded  Region  81  x  87  x  133 

4.  RESULTS 

The  numerical  results  presented  here  have 
been  obtained  using  the  CFL3D  coce.  Calculations 
were  performed  at  a  free  stream  Kach  number-  ^ 
0.3  and  several  angles  of  attack  (a).  The  Rey¬ 
nolds  number  based  on  the  root  chord  (He  )  was  one 
million.  Wiiie  only  steadj-state  solutions  were 
sought,  there  were  indications  ot  unsteadiness  in 
the  flow  solutions  at  the  higher  anglo.<  of  attack. 
The  level  of  unsteadiness,  however,  appeared  to  be 
quite  small  as  the  fluctuations  in  lift,  drag  and 
pitching  moment  coefficients  at  the  as.<umed 
steady-state  conditions  were  less  than  17,  for  most 
calculations.  Solution  convergence  on  the  medium 
mesh  was  achieved  in  appioximately  three  CPU  hours 
on  the  Cray-2  computer  at  the  National  Aerodynamic 
Siculation  (NA5)  facility.  On  the  coarse  mesh, 
runs  were  executed  on  a  Cray-XM?,  and  convergence 
was  reached  in  a  CPU  time  equivalent  to  one  hour 
of  CPU  on  the  Cray-2,  The  average  residuals  were 
reduced  by  approximately  two  to  three  orders  of 


magnitude  in  1000  to  2000  iterations,  depending  on 
the  mesh  size  and  angle  of  attack.  At  the  higher 
angles  of  attack,  where  vortex  breakdown  is 
observed  over  the  wing,  the  solution  convergence 
was  slower  although  it  was  always  possible  to 
achieve  convergence  of  integrated  forces  and 
moments.  Figure  4  shows  typical  residual  and  lift 
convergence  histories  for  an  angle  of  attack  where 
vortex  breakdown  is  observed.  Navier-Stokes 
solutions  were  obtained  using  either  a  fully 
laminar  or  a  fully  turbulent  flow  model.  Results 
from  these  calculations  are  shown  in  Figures  5 
through  19. 

The  location  or  trajectory  of  the  leading- 
edge  vortex  from  the  Euler  and  Navier-Stokes 
solutions,  for  several  angles  of  attack,  using  the 
medium  mesh  are  shown  in  Figures  Sa  through  Sc. 
Three  orthogonal  views  of  the  wing  are  given  in 
this  figure  to  completely  define  the  primary 
vortex  location  relative  to  the  wing.  Available 
flow  visualization  data  are  also  shown.  The 
vortex  location  from  the  computed  solutions  was 
identified  by  locating  the  points  of  minimum  total 
pressure  in  the  primary  vortex  at  each  axial 
station.  The  computational  solutions,  in  general, 
show  excellent  agreement  with  each  other  and  the 
experimental  data  before  vortex  breakdown  occurs 
(as  indicated  on  the  plots).  A  closer  inspection 
of  the  planfom  views  in  Figures  5a-Sc  indicates 
that  the  vortex  locations  from  the  Euler  solutions 
are  slightly  outboard  of  the  other  data.  The 
leading-edge  vortices  in  the  laminar  and  turbulent 
solutions  are  further  inboard  which  gives  somewhat 
better  agreement  with  the  experimental  data.  Such 
a  trend  in  these  solutions  is  not  too  surprising 
as  the  secondary  and  tertiary  vortices  usually 
outboard  of  the  primary  ones  are  absent  in  the 
Euler  solutions.  The  secondary  vortex  is  formed 
by  the  separation  of  the  spanwise  flow  under  the 
primary  vortex  due  to  viscous  effects.  This 
secondary  vortex  displaces  the  primary  vortex 
inboard  and  slightly  upward.  Another  point  worth 
noting  here  is  that  although  the  laminar  and 
turbulent  results  are  very  similar  and,  in  some 
cases,  almost  identical  (e.g.,  for  a  »  20*,  Figure 
5a),  the  laminar  solutions  overall  provide  the 
best  comparison  with  the  test  data.  In  general, 
the  turbulent  solutions  fall  between  the  Euler  and 
laminar  solutions. 

The  various  views  shown  in  Figures  Sa-5c  also 
indicate  that  the  vortex  follows  an  almost  linear 
path  in  the  pre-breakdown  regions,  whereas  they 
become  jagged  beyond  the  breakdown.  After  vortex 
breakdown  has  occurred  the  point  of  minimum  total 
pressure,  which  was  used  to  define  the  vortex 
center,  can  be  seen  to  enter  a  swirling  type 
oiotion  as  it  moves  downstream.  This  swirling  of 
the  vortex  center  is  consistent  with  the  behavior 
observed  experimentally  in  what  is  referred  to  as 
a  spiral  type  vortex  breakdown  (Reference  11). 

Tne  experimental  data  shown  is  from  flow  visual¬ 
ization  of  the  leading-edge  vortex  using  smoke  and 
a  thin  laser  light  sheet.  A  video  image  of  the 
flow  visualization  was  digitized  and  the  approxi¬ 
mate  location  of  the  vortex  center  selected  by 
visual  inspection  (Reference  18).  Since  the  video 
images  of  the  vortex  after  breakdown  show  only  a 
large  diffuse  vortex  core  area,  the  center  was 
selected  and  therefore  no  spiraling  motion  is 
obser'^cd  in  the  experimental  data. 

The  vortex  sheet  or  shear  layer  shed  from  the 
leading  edge  of  the  delta  wing  rolls  up  above  the 
wing  to  form  the  piimaiy  vortex.  It  is  possible 
Co  trace  the  location  of  this  sheet  by  plotting 
the  locus  of  maximum  swirl  in  an  axial  plane* 

These  plots  are  created  by  performing  radial 
sun'eys  outward  from  the  vortex  center.  The  point 
of  saximuQ  swirl  along  these  lines  is  determined 
by  linear  interpolation  of  the  available  data.  By 
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plotting  the  maximum  swirl  points  along  the 
different  radial  lines  the  sheet  position  can  be 
determined.  Shown  in  Figure  6  is  a  comparison  of 
the  shear  layers  determined  by  this  method  for  the 
CFL3D  solutions  and  the  Laser  Doppler  experifoental 
data.  The  trend  in  vortex  locations  shown  in  this 


figure  is  similar  to  that  shown  in  Figures  Sa'Sc 
for  vortex  centers.  Again»  the  Euler  solution 
shows  the  most  outboard  location  of  the  primary 
vortex  and  the  laminar  solution  the  most  inboard. 
Some  jaggedness  is  apparent  in  the  shape  of  these 
curves  due  to  the  linear  interpolation  and  a 
relatively  coarse  mesh  size. 


Figure  4.  Lift  and  Residual  Histories  for  CFL3D  Euler  Solutions 
Medium  Mesh.  M  ^  ■  0  30,  a  ■  30* 
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Figure  5a.  Comparison  o(  Predicted  Vortex 
Location  with  Test  Data 
Medum  Mesh,  M_  =  0.30,  Rec=lxi(f.a-20° 
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Figure  5b.  Comparison  of  Predicted  Vottex 
Location  with  Test  Data  , 
Medium  Mesh.  M..a  0.30.  Rec  -1x10^ 
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Figure  6b.  Comparison  of  Shear  Layers  Dedned  by  the 
Locus  of  Maximum  Swirl 
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Figure  5c.  Comparison  of  Predicted  Vortex 
Location  with  Test  Data 
Medium  Mesh,  M.  •  0  30.  Rec  *  1  x  1C^ .  a  •  35^ 


Medium  Mesh.  -  0  30.  a  -  30*.  Rec  •  1  x  ICP 


The  lift  coefficients  obtained  from  the  CFL3D 
solutions  are  shown  in  Figure  7.  The  predicted 
values  of  lift  are  in  fair  agreei&ent  with  the 
experimental  data.  However*  the  experimental 
values  can  be  seen  to  be  offset  from  the  computa* 
tional  results.  The  negative  camber  produced  by 
the  lover  surface  bevel  on  the  delta  wing  produces 
a  shift  in  the  point  of  zero  lift  predicted  by  the 
computational  codes.  The  experimental  data  shows 
less  effects  from  this  negative  camber  due  to  flow 
separation  on  the  trailing  edge  bevel.  The 
predictions  of  pitching  moment  (not  shown  here) 
suffer  from  the  same  problem  as  the  lift.  It 
appears  that  the  separation  on  the  beveled  sur* 
faces  is  not  being  modeled  with  the  medium  mesh 
used  for  most  of  the  analysis.  Increasing  the 
mesh  density  along  the  axial  direction  is  expected 
to  improve  the  predictions  of  this  separation  and 
thereby  the  lift. 
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A  comparison  of  the  surface  pressures  on  the 
upper  surface  of  the  delta  wing  at  50Z  of  the  root 
chord  is  shown  in  Figure  8,  for  a  ■  30®.  The 
pressure  distribution  shown  at  this  station  can  be 
seen  to  agree  with  the  trends  shown  in  Figures 
5a-Sc.  The  peak  suction  pressures  occur  under* 
neath  the  primary  vortex,  which  again  indicates 
that  in  the  Euler  solutions  the  primary  vortex  is 
further  outboard  than  either  of  the  Navier*Stokes 
solutions  or  the  experimental  data.  These  peak 
pressures  for  the  experimental  data  are  shown  to 
be  higher  than  any  of  the  computational  results. 
The  Euler  Solution  shows  the  best  agreement  with 
these  peak  values  followed  by  the  turbulent  and 
laminar  solutions,  respectively.  The  peak  suction 
pressures  on  the  upper  surface  of  the  wing  at  each 
axial  station  are  shown  in  Figure  9.  The  experi* 
mental  data  from  the  row  of  pressure  taps  along 
the  65Z  local  span  stations,  which  also  corre¬ 
sponded  to  the  peak  suction  pressures,  are  shown 
for  comparison  with  this  data.  The  Euler  solu¬ 
tions  are  again  seen  to  predict  higher  peak 
suction  pressures  on  the  wing  than  the  Navier- 
Stokes  solutions  (Figures  8  and  9).  The  pressure 
contours  on  the  entire  upper  surface  of  the  wing 
at  a  *  30®  arc  shown  in  Figure  10.  The  breakdown 
locations,  which  correspond  to  those  marked  in 
Figure  5b,  are  also  indicated. 

The  experimental  surface  pressures  were 
obtained  in  the  wind  tunnel  with  blockages 
approaching  lOZ  at  the  highest  angle  of  attack 
tested  (40®).  The  effects  of  this  blockage  on  the 
vortex  location  and  burst  characteristics  were 
found  to  be  negligible  when  compared  with  wings 
with  half  the  calculated  blockage  in  the  same 
facility.  Therefore,  the  comparison  of  these 
surface  pressures  with  the  computational  results, 
which  do  not  account  for  the  presence  of  these 
walls  and  the  resulting  blockage  effects,  may  be 
misleading.  The  comparison  of  these  pressures 
with  computational  solutions  on  meshes  which  model 
the  wind  tunnel  walls  is  a  possible  solution. 
However,  attempts  to  obtain  solutions  on  such  a 
mesh  have  shown  poor  convergence  for  the  70®  delta 
wing  with  vortex  breakdown  occurring  over  the 
wing.  Further  efforts  are  required  to  obtain  such 
solutions. 
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Figures.  Comparisonof  Predicted  Upper 
Surface  Pressure  with  Test  Data 
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Figure  9.  Maximum  Negative  Surface  Pressure  Coefficients 
Medium  Mesh.  M  ^  -  0  30.  a  -  30®,  Re.  »  1  x  1 0® 


Figure  10.  Pressure  Contours  on  the  Upper 
Surface  o'.  Delta  Wing 

Medium  Mesh,  ■  0.30,  a  -  30®.  Rec  -  1  x  10^ 


Figure  11  shows  the  particle  traces  from  the 
Euler  and  laminar  solutions  on  the  coarse  mesh,  at 
several  angles  of  attack.  This  gives  a  qualita** 
tive  picture  of  the  flowfields  in  the  leading-edge 
vortex.  The  abrupt  change  in  the  traces  from  a 
regular,  ordered  structure  is  an  indication  of  the 
vortex  breakdown  occurring  in  the  flowfield,  which 
is  clearly  illustrated  in  this  figure.  Figure  11 
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alv'o  illustrates  that  the  apparent  location  of  the 
vortex  bre^Kdovn,  as  in  experiiaental  investiga- 
tions>  tooves  toward  the  apex  with  increasing  angle 
of  attack.  These  plots  were  generated  using  a 
postprocessor,  PL0T3D  (Reference  20) »  developed  at 
the  NASA  Ames  Research  Center.  The  breakdown 
location  was  identified  by  inspection  of  the 
streaowise  component  of  velocity  on  each  axial 
mesh  plane  using  PL0T3D.  A  rapid  decrease  In  this 
velocity  component  and  increase  in  vortex  core 
size  are  observed  at  the  onset  of  vortex  break¬ 
down. 


For  comparison  purposes,  the  particle  traces 
from  the  Euler,  laminar  and  turbulent  solutions 
obtained  on  the  medium  mesh  are  shown  in  Figure  12 
for  a  *  25*,  28*  and  30®.  This  mesh  relative  to 
the  coarse  mesh,  had  twice  the  number  of  points  in 
the  direction  normal  to  the  surface.  This  figure 
shows  behavior  which  appears  quite  similar  to  that 
shown  for  the  coarse  mesh  in  Figure  11.  The 
location  of  the  burst  regions  indicated  by  the 
particle  traces  appears  qualitatively  similar  to 
that  of  the  coarse  mesh  solutions.  Also,  it 
appears  that  at  a  fixed  angle  of  attack  the 


Figure  1 1 .  Vortex  Breakdown  Regions  Indicated  with  Particle  Traces  from  Euler  and 
Navler-Stokes  (Lamlruir)  Solutions 
Coarse  Mesh,  •  0  30.  Rec  *1x10^ 
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Figure  12.  Vortex  Breakdowrt  Regions  Indicated  with  Particje  TraMS  from  Euler  and  Navler-Stokes  Solutions 

MediUTri  M^,  6.30^  Re.  -Tx  10® 
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breakdown  moves  aft  if  the  viscous  effects  are  not 
Included.  On  the  other  hand,  comparison  of  the 
laminar  and  turbulent  traces  indicate  that  the 
breakdown  occurs  slightly  downstream  for  the 
laminar  case.  Although  it  appears  that  Increasing 
the  mesh  dimensions  in  the  normal  direction  does 
not  significantly  alter  the  particle  traces,  a 
closer  inspection  of  the  flowfield  (presented 
later  in  this  section)  indicates  that  for  properly 
resolving  the  flowfield  gradients  in  the  boundary 
layer  and  in  the  vortex  core,  mesh  dimensions  need 
to  be  Increased  even  further. 

At  this  point,  a  more  refined  criterion  to 
determine  the  burst  location  is  in  order.  While 
PLQT3D  gives  a  reasonably  good  idea  of  the  break¬ 
down  regions,  the  precise  location  of  the  onset  of 
vortex  breakdown  from  the  computational  results 
was  determined  by  inspecting  the  axial  velocity 
distribution  in  the  leading-edge  vortex.  To 
accomplish  this,  the  location  of  the  center  of  the 
vortex  core  was  determined  using  the  point  of 
minimum  total  pressure  in  each  axial  plane.  These 
vortex  center  locations  were  then  used  to  deter¬ 
mine  an  average  angular  orientation,  in  the  region 
before  burst,  of  the  vortex  relative  to  the  wing 
centerline  and  the  upper  surface  of  the  wing.  The 
vortex  trajectory  was  then  approximated  as  being  a 
straight  line  originating  at  the  apex  of  the  wing 
and  the  velocities  were  transformed  to  this  new 
coordinate  system.  After  such  a  transformation, 
the  axial  velocities  were  inspected  using  contour 
plots  as  shown  in  Figure  13.  The  nature  of  the 
distribution  of  axial  velocities  c^n  be  seen  to 
alter  after  the  onset  of  vortex  breakdown.  Before 
breakdown,  the  axial  velocity  is  shown  to  Increase 
to  a  single  peak  value  at  the  vortex  center.  With 
the  onset  of  vortex  breakdown  the  axial  velocity 
at  the  core  of  the  vortex  begins  stagnating  and 
shows  significant  asymmetry.  The  burst  point  was 
thus  determined  by  locating  the  axial  station 
where  this  transformation  in  the  axial  velocities 
was  first  observed. 


The  progression  of  the  vortex  breakdown 
location  with  increasing  angle  of  attack  was 
determined  from  the  Euler,  laminar  and  turbulent 
solutions  for  the  medium  mesh.  The  sensitivity  of 
the  flowfieids  to  mesh  refinement  is  evaluated  by 
comparison  of  coarse  mesh  breakdown  locations 
(Figure  14)  with  those  of  the  medium  mesh  (Figure 
15).  These  figures  show  the  quantitative  predic¬ 
tions  of  the  breakdown  locations  for  various 
angles  of  attack  along  with  the  experimental  data. 
The  breakdown  locations  shown  here  also  correlate 
with  those  shown  in  Figures  11  and  12. 


Figure  14.  Vortex  Breakdown  Progression  wHh  Angie  o)  Attack 

Coarse  Mesh.  0  30.  Rep  «  1  x  10® 
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Figure  15.  Vortex  Breakdown  Progression  with  Angle  of  Attack 

Med.um  Mesh.  .  0  30.  RCc  -  1  x  10® 


It  should  be  noted  that  both  the  location  and 
the  rate  at  which  the  vortex  breakdown  progresses 
with  the  angle  of  attack  are  different  for  the 
Euler  and  Kavler-Stokes  solutions  (Figures  14  and 
15).  These  figures  also  show  that  the  breakdown 
location  predicted  frozn  the  laminar  solutions 
better  matches  experiment  than  the  Euler  solu¬ 
tions.  This  is  particularly  evident  when  the 
angles  of  attack  are  above  30^ »  which  corresponds 
to  the  maximum  lift  from  experiment.  This  is 
believed  to  be  due  to  the  viscous  effects  which 
play  an  important  role  when  the  primary  vortex  is 
burst,  but  the  secondary  vortex  may  still  exist. 
Similar  conclusions  for  the  turbulent  case  can  not 
be  drawn  as  yet  due  to  insufficient  data  points 
for  comparison,  although  results  from  the  turbu¬ 
lent  solutions  are  found  to  be  similar  to  the 
laminar  results. 

Figures  16  and  17  show  the  streamwise 
vorticity  contours  in  the  pre-  and  post-breakdown 
regions,  as  determined  from  the  Euler  and  Navier- 
Stokes  solutions  at  a  »  30*  on  the  medium  mesh. 

The  experimental  data  and  the  embedded  mesh 
solution  for  the  laminar  case  are  also  included. 
The  experimental  data  shown  in  these  figures  is 
from  an  LDV  survey  of  4912  points  with  the  survey 
point  spacing  near  the  vortex  center  being  about 
0.8  millimeters  for  x/c  ■  0.25.  For  x/c  ■  0.70, 
the  number  of  points  in  the  Ii)V  survey  was  5007 
with  the  spacing  near  the  vortex  center  being 
about  2.2  millimeters.  The  experimental  data  was 
interpolated,  where  necessary,  to  obtain  a  square 
matrix  of  velocity  data  for  use  in  PL0T3D.  The 
velocities  were  non-dimensionalited  by  the 
freestream  value  in  both  experimental  and 
computational  data  while  the  physical  dimensions 
are  in  dimensional  units. 

Comparison  of  experimental  and  computational 
vorticity  levels  shows  that  the  computed  results 
have  lower  maximum  values  of  vorticity  in  the 
primary  vortex  and  a  slight  spreading  of  the 
vortical  flow  relative  to  the  experimental  data 
(Figure  16).  The  predicted  contour  levels  in  the 
primary  vortex  core  are  very  similar,  although  the 
maximum  value  of  vorticity  in  the  vortex  core  is 
nearly  five  times  greater  in  the  LDV  data  than  in 
any  of  the  computed  solutions.  Navier-Stokes 
solutions  and  the  experimental  data  indicate  the 
presence  of  a  secondary  vortex,  shown  by  the 
negative  magnitudes  of  the  vorticity.  The  laminar 
solution  shows  a  much  larger  secondary  vortex  than 


the  turbulent  solution  which  is  consistent  with 
the  observations  from  previous  experiments. 
Presence  of  a  tertiary  vortex  having  positive 
vorticity  is  also  seen  in  the  laminar  solution 
with  mesh  embedding.  The  Euler  solution,  as 
expected,  shows  no  indication  of  a  secondary  or  a 
tertiary  vortex.  The  increased  resolution  with 
mesh  embedding  results  in  more  pronounced  vor¬ 
tices,  as  also  shown  by  several  researchers  (e.g.. 
References  21-22).  For  example,  the  vorticity 
level  in  the  primary  vortex  core  is  significantly 
higher  with  the  embedded  mesh  than  without  it. 

This  also  results  in  a  closer  match  with  the 
experimental  data  as  seen  from  the  figure.  The 
level  of  vorticity  in  the  secondary  vortex,  on  the 
other  hand,  is  predicted  quite  well  from  the 
Navier-Stokes  solutions,  even  without  the  mesh 
embedding.  Only  laminar  calculations  were  per¬ 
formed  with  the  embedded  mesh.  It  is  again  noted 
here  that  the  predicted  location  of  the  primary 
vortex  is  slightly  outboard  and  above,  as  compared 
against  the  test  data. 

Figure  17  shows  the  vorticity  contours  at  a 
location  where  the  primary  vortex  is  burst.  The 
vorticity  levels  in  the  primary  vortex  are  now 
found  to  be  much  smaller  than  in  the  pre-breakdown 
region.  Another  observation  is  that  the  secondary 
vortex  is  present  in  the  Navier-Stokes  solutions 
even  after  the  primary  vortex  is  burst,  but  the 
level  of  vorticity  in  the  secondary  vortex  core 
after  burst  is  lower  than  that  found  in  the 
pre-breakdown  region.  The  decrease  in  vorticity 
level  after  breakdown  is  consistent  with  the 
experimental  data.  Figure  17  also  shows  that  the 
predicted  vorticity  distribution  in  the  primary 
vortex  after  burst  is  asymmetric.  This  asymmetric 
pattern  is  not  exhibited  m  the  LDV  data.  One 
possible  explanation  for  this  discrepancy  is  the 
inability  of  the  CFD  method  to  properly  model  the 
increase  in  the  level  of  turbulence  in  the  burst 
vortex  region,  exhibited  in  the  LDV  data.  In 
spite  of  the  complex  flowfield  in  the  burst  vortex 
region,  the  overall  agreement  with  experiment  is 
considered  to  be  fair. 


The  velocity  data  obtained  with  the  LDV 
surveys  can  provide  further  insight  into  the 
reasons  for  the  apparent  differences  between  the 
computed  solutions  and  the  wind  tunnel  data.  A 
survey  of  the  velocity  data  along  a  line  parallel 
to  the  upper  surface  of  the  wing  was  used  to 
compare  the  predicted  solutions  with  the  LDV  data. 
This  line  was  selected  to  coincide  with  the 
maximum  chordwise  velocity  in  the  LDV  data  which 
should  be  near  the  center  of  the  primary  vortex. 
The  computed  solutions  were  interpolated  on  this 
line  and  are  compared  with  the  test  data  in  Figure 
18,  which  shows  the  non-dimensional  chordwise 
velocity  distribution.  It  is  readily  seen  that 
the  computed  results  do  not  match  either  the  peak 
value  or  the  shape  of  the  velocity  distribution 
obtained  from  the  experiment.  The  medium  mesh 
size  apparently  does  not  have  sufficient  resolu¬ 
tion  in  the  center  of  the  vortex  to  capture  this 
detail.  However,  the  mesh  embedding  does  improve 
the  predictions  at  and  outboard  of  the  vortex 
center  locations.  From  this  plot,  it  can  be 
anticipated  that  further  refinement  of  the  mesh 
near  the  vortex  core  is  needed  to  better  resolve 
the  sharp  gradients  occurring  in  the  primary 
vortex. 


To  further  understand  the  breakdown  phenome¬ 
non,  it  is  helpful  to  examine  the  pressure  dis¬ 
tribution  in  the  vortex  core.  Figure  19  shows 
such  a  plot  of  pressure  coefficients  versus  the 
distance  from  the  wing  apex  for  the  computed 
solutions  at  a  B  30*.  The  pressures  shown  are  at 
the  same  location  as  the  minimum  total  pressure  in 
the  primary- vortex.  It  is  readily  observed  that 
the  suction  (negative  pressure  coefficient)  at  the 
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center  of  the  vortex  increases  rapidly  as  the 
leading^edge  vortex  develops  above  the  delta  wing. 
After  reaching  a  peak  value  near  the  wing  apex 
this  suction  begins  to  decrease  fairly  rapidly. 

The  slopes  of  the  three  solutions  in  this  area  are 
very  close  to  each  other.  The  adverse  pressure 
gradient  is  encountered  as  the  axial  flow  in  the 
vortex  core  begins  to  slow.  The  breakdown  occurs 
as  this  pressure  gradient  becones  large,  or  as  the 
pressure  increases  rapidly  foi  a  fairly  short 
distance.  The  locations  of  vortex  burst  deter* 
mined  through  the  inspection  of  the  axial  velocity 
contours  are  also  shown  on  this  figure.  Vortex 
burst  is  shovm  to  fall  approximately  in  the  center 
of  the  region  where  the  pressure  is  increasing 
most  rapidly.  This  is  consistent  with  the  changes 
in  axial  velocity  in  the  vortex  core  in  this 
region.  The  Euler  and  Navier*Stokes  solutions  in 
the  figure  show  fairly  similar  trends  in  pressure 
in  the  vortex  core.  The  Euler  solution,  however, 
shows  a  stronger  vortex  before  breakdown  which  is 
consistent  with  the  other  comparisons  made  in 
previous  figures.  The  relative  locations  of 
vortex  breakdown  are  also  evident  from  this 
figure. 

The  findings  from  this  study  are  based  on 
solutions  from  meshes  that  are  not  usually  con* 
sidered  fine  enough  for  resolving  flowfields  in 
the  primary  vortex  regions.  Further  study  is 
required  to  properly  understand  the  breakdoim 
phenomenon  and  the  complex  flowfield  structure  in 
the  primary  '‘ortex.  Effort  is  under  way  to 
resolve  the  flowfield  gradients  in  the  vortex  core 
with  much  finer  mefbcs  obtained  with  a  higher 
level  of  mesh  embedding.  Recently,  a  two  level 
embedding  on  a  delta  wing  was  shown  to  improve 
predictions  significantly  (Reference  23).  Several 
areas  of  further  research  have  been  identified  in 
the  course  of  this  study.  For  example,  an  adap* 
tive  mesh  embedding  technique  would  be  very  useful 
in  reducing  the  high  cost  of  computing,  suggested 
by  several  researchers  (e.g.,  Refetonce  24).  The 
standard  Baldwin*Lomax  turbulence  model  is  not 
adequate  at  large  angles  of  attack  (Reference  25). 
Therefore,  future  research  should  also  consider 
improved  turbulence  models,  non*equilibrium 
turbulence  models,  transition  nx)dels,  etc.,  on  the 
vortex  breakdown  prediction.  Finally,  the  effects 
of  wind  tunnel  walls  which  may  be  significant  at 
higher  angles  of  attack,  should  be  Included. 
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Figure  19.  Pressure  Coefficients  Along  the  Vortex  Core 
Mednjm  Mesh,  «  0  30.  o  •  30®.  Re^  -1x10® 


5.  CONCLUSIONS 

A  numerical  investigation  of  leading*edge 
vortex  breakdown  at  high  angles  of  attack  was 
conducved  on  a  flat  plate  delta  wing  with  sharp 
leading  and  trailing  edges.  Predicted  solutions 
of  Euler,  laminar  and  turbulent  Navier*Stokes 
equations  were  compared  against  an  extensive 
experimental  database.  The  vortex  breakdown 
progression  with  angle  of  attack  with  both  Euler 
and  Navier-Stokes  equations  was  found  to  be 
consistent  with  the  experimental  data.  The 
Navier-Stokes  solutions,  however,  snowed  signifi¬ 
cant  improvements  in  Vireakdovn  location  at  angles 
of  attack  where  the  vortex  breakdown  approached 
the  wing  apex. 
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The  locations  of  the  primary  vortex  predicted 
by  the  solutions  were  in  very  good  agreement  with 
the  test  data,  particularly  in  the  pre-breakdown 
region.  The  laminar  solutions  provided  the 
overall  best  comparison.  Relative  to  experiment, 
the  Euler  solutions  showed  a  small  displacement  of 
the  primary  vortex  due  to  the  lack  of  secondary  or 
tertiary  vortices  in  these  solutions.  The  turbu¬ 
lent  Navier'Stokes  solutions,  in  general,  fell 
between  the  Euler  and  laminar  solutions. 

The  location  of  the  primary  vortex  and  the 
level  of  vorticity  in  the  pre-breakdown  regions  in 
these  flowfield  solutions  were  affected  very 
little  by  the  viscous  effects,  even  though  the 
Navier-Stokes  solutions  exhibited  viscous  phenom¬ 
ena  such  as  secondary  and  tertiary  vortices.  The 
tertiary  vortex  was  only  observed  in  the  laminar 
solution  on  an  embedded  mesh.  In  the  post- 
breakdown  regions,  however,  the  levels  of  vor¬ 
ticity  in  the  primary  vortex  had  increased  differ¬ 
ences  between  the  Euler  and  Navier-Stokes  solu¬ 
tions  at  comparable  locations.  The  predicted 
vorticity  distribution  in  the  primary  vortex  after 
burst  was  found  to  be  asymmetric.  Also,  the 
Navier-Stokes  solutions  Indicated  the  presence  of 
a  secondary  vortex  even  after  the  primary  vortex 
was  burst,  but  the  level  of  vorticity  in  the 
secondary  vortex  core  after  burst  was  lower  than 
that  found  in  the  pre-breakdown  region. 
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Analysis  of  the  pressure  distribution  in  the 
vortex  core  indicated  that  the  breakdown  occurs  as 
the  adverse  pressure  gradient  in  the  core  becomes 
very  large  or  as  the  pressure  increases  very 
rapidly  for  a  fairly  short  distance.  The  Euler 
and  Havier-Stokes  solutions  showed  similar  trends 
in  pressure  near  the  vortex  core. 

These  findings  are  based  on  solutions  from 
meshes  that  are  not  usually  considered  fine  enough 
for  resolving  vortical  flows.  To  further  under* 
stand  the  vortex  breakdown  phenomenon  and  the  fine 
details  of  the  vortical  flow  structure*  further 
studies  are  necessary. 
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Abstract 

This  paper  updates  the  progress,  of  continuing  investigations  on  vortex  control  techniques  pursued  by  the 
author  and  his  associates.  The  folloiving  topics  are  briefly  discussed  and  salient  results  of  exploratory  low- 
speed  wind  tunnel  experiments  presented:  1)  Vortex  flaps  adapted  for  high-alpha  control;  2)  Alleviation  of 
LEX  vortex  induced  twin-tail  buffet;  3)  Controlled  de-couphng  of  interactive  forebody  chine  and  wing  vortices; 
4)  Forebody  vortex  manipulation  by  mechanical  and  pneumatic  techniques;  and  5)  Stall-departure  alleviation 
of  high  aspect-ratio  wings.  The  investigations,  primarily  aimed  at  concept  validation,  were  performed  on  generic 
configurations  utilizing  flow  visualizations  and  pressure  and  balance  measurements.  Selected  results  included 
in  this  paper  illustrate  the  efficacy  and  potential  for  development  of  specific  vortex  control  concepts  for 
improved  high-alpha  configuration  aerodynamics. 


1.  Introduction 

Aerodynamics  technology  is  historically  rooted  in 
the  principle  of  avoiding  or  reducing  the  dissipative 
and  largely  unpredictable  flow  phenomena  as¬ 
sociated  with  separation,  turbulence  and  vortices,  by 
shape  design  as  well  as  angle-of-attack  restrictions  to 
ensure  efficient  and  safe  operation  of  flight  vehicles. 
Of  relatively  recent  origin  is  the  idea  of  promoting 
and  manipulating  dominant  vortical  flow  structures, 
to  enhance  aerodynamic  control  of  vehicles  at  the 
limits  of  lift  and  into  the  post-stall  regime.  This 
approach  has  been  spurred  by  the  need  for  super¬ 
maneuverability  and  agility  aaoss  a  virtually  un¬ 
limited  angle  of  attack  range,  of  the  new  generation 
of  combat  aircraft  within  the  configurational  con¬ 
straints  as  dictated  by  low  observables. 

During  the  past  decade  of  thts  research,  a  host  of 
vortex  manipulation  principles  and  devices  have 
been  conceived  and  tested,  and  exploration  con¬ 
tinues  for  vortex  management  techniques  of  increas¬ 
ing  sophistication.  While  the  initial  attempts  were 
essentially  intuitive  and  experiment-based,  impres¬ 
sive  progress  is  being  made  in  the  numerical  modell¬ 
ing  and  p.''ediction  of  naturally-generated  as  well  as 
architectured  vortical  flows  of  high  technological 
potential. 

The  intent  of  this  paper  is  to  update  (following 
a  1987  review,  ref.  1)  the  progress  of  an  on-going 
research  program  concerning  vortex  control  techni¬ 
ques  being  pursued  by  the  author  and  his  associates. 
The  topics  selected  for  this  update  are:  1)  Adapta¬ 
tion  of  vortex  flaps  for  high-alpha  control;  2)  Allev¬ 
iation  of  vortex  engendered  twin-tail  buffet;  3)  Con¬ 
trolled  de-coupling  of  chine/wing  vortex  interac¬ 
tions;  4)  Chine-forebody  vortex  manipulation  by 
mechanical  and  pneumatic  techniques;  and  5)  Stall- 
departure  alleviation  of  high  aspect-ratio  wings. 

The  reported  studies  were  primarily  aimed  at 
concept  validation  on  generic  configurations,  emplo¬ 
ying  standard  low-speed  wind  tunnel  test  techniques 
and  at  relatively  low  Reynolds  numbers.  Some 
justification  for  this  approach  is  provided  by  the 
growing  literature  and  experience  supporting  the 
technological  value  of  small-scale  laboratoiy  explora¬ 
tions  of  vortex  flows  and  vortex  modification  tech¬ 
niques  utilizing  water  facilities  (re&.2, 3),  usually  at 
Reynolds  numbers  much  less  than  those  obtaining  in 
these  wind  turmel  tests  (about  500,000).  Unlike  the 
majority  of  water  tunnel  investigations  which  are 


limited  to  qualitative  studies  however,  the  present 
experiments  consistently  attempt  to  obtain  quantitive 
evaluat'ons  for  the  purpose  of  identifying  key  param¬ 
eters  requiri-ig  further  research  and  testing  in  large- 
scale  facilities. 


2.  Vortex  Flaps  for  High-Alpha  Control 

The  vortex  flap  (ref.  1)  was  conceived  originally 
as  a  means  of  drag  reduction  of  slender  supersonic 
wings,  whose  thin  and  highly  swept  wings  are  prone 
to  separation  and  vortex  formation  at  relatively  low 
angles  of  attack.  The  down-deflected  leading-edge 
flaps  confine  the  vortex  suclion  to  »!ieir  upper 
surfaces  and  thus  create  an  aerodynamic  thiust 
component.  Conversely,  up  deflection  of  the  flaps 
extends  the  vortex  suction  foot-print  across  the  hinge 
line  to  the  wings  while  generating  a  drag  component 
from  the  aft-inclined  flap  normal  force.  Whereas 
the  aerodynamics  of  vortex  flaps  in  the  moderate 
incidence  range  are  now  well  understood,  their  post¬ 
stall  characteristics  are  inadequately  known.  Prelim¬ 
inary  balance  data  were  therefore  acquired  on  a  60 
deg.  flat-plate  delta  wing/body  configuration  with 
symmetrically  deflected  fbll-span  leading  edge  flaps 
at  angles  of  attack  to  50  deg  (ref.  4).  The  axial 
force  data  (fig  1)  provide  a  sensitive  measure  of  the 
flap  thrust  and  drag  characteristics,  which  are  found 
to  be  approximately  linear  with  flap  angle  and  also 
to  remain  effective  well  beyond  the  maximum  lift. 
As  indicated  in  fig.  2,  flap  deflection  of  ±45  deg. 
provides  nearly  equal  and  opposite  flap  thrust/drag 
and  wing  lift  increments  in  the  post-stall  regime. 

The  above  high-alpha  vortex  flap  characteristics 
formed  the  basis  of  a  proposed  arrangement  of 
segmented  flaps  disposed  in  pairs  forward  and  aft  of 
the  aircraft  center  of  gravi^,  each  segment  being 
independently  actuated  to  positive  or  negative  angles 
(fig.  3).  By  selecting  appropriate  differential  settings 
of  the  flap  segments,  their  thrust  and  drag  forces 
were  intended  to  generate  control  moments  compen¬ 
sating  for  the  declining  effectiveness  of  conventional 
trailing-edge  surfaces  in  post-stall  flight.  The  flap 
segments  of  course  may  still  be  deployed  in  the  con¬ 
ventional  vortex  flap  sense  for  drag  reduction.  Typi¬ 
cal  test  results  with  45  deg.  deflected  flap  segments 
on  the  60  deg.  delta  wing  model  provide  a  prelimi- 
naiy  assessment  of  their  control  potential.  For  yaw 
control,  the  forward  aft  flap  pairs  were  set  differen¬ 
tially  and  in  opposition;  this  flap  configuration  was 
compared  with  the  conventional  nidder  at  15  deg. 
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deflection.  As  seen  in  fig.  4,  the  rudder  effective¬ 
ness  drops  rapidly  above  a =30  deg.  whereas  the 
differential  flaps  maintain  yaw  control  (at  a  level 
equal  to  the  low-alpha  rudder  power)  up  to  the 
maximum  angle  of  attack.  Also  noteworthy  is  that 
the  induced  rolling  moment  in  the  post-stall  range 
remains  proverse  when  differential  flaps  are  employ¬ 
ed  for  yaw  control. 

When  the  forward  and  aft  flap  pairs  are  deflec¬ 
ted  differentially  but  in  a  like  sense  (i.e.,  both 
segments  down  on  one  side  and  up  on  the  other), 
the  unbalanced  lift  on  the  wing  panels  generates  a 
rolling  moment  directed  towards  the  side  of  up- 
deflected  flaps  (as  may  be  expected  from  the  in¬ 
cremental  lift  characteristics  already  seen  in  fig.  2). 
When  the  flaps  are  coordinated  with  eleven  deflec¬ 
tion,  the  combined  rolling  moment  capability  above 
0=30  deg.  is  nearly  twice  that  provided  by  elevens 
alone  The  induced  yawing  moment  with  flap- 
elevon  combination  remains  proverse. 

When  considered  for  use  as  control  surfaces,  the 
flap  hinge  moment  should  be  minimized  in  order  to 
facilitate  rapid  actuation.  In  this  respect,  the  hinged 
flap  may  pose  a  limitation.  An  alternate  design, 
called  the  ’pivoted’  flap,  was  proposed  where  both 
mass  and  aerodynamic  balance  help  to  reduce  the 
actuator  power  requirements.  A  preliminary  aerody¬ 
namic  assessment  was  performed  to  compare  the 
pivoted  and  hinged  flaps  of  equal  area  on  the  same 
60  deg  delta  model.  As  before,  the  incremental 
axial  force  at  constant  flap  angle  provides  a  relative 
assessment  of  the  flap  thrust  characteristics  (fig.  6). 
As  seen,  the  pivoted  flap  produces  significantly 
higher  thrust  force  in  the  high  alpha  region,  par¬ 
ticularly  at  45  deg.  deflection,  lliis  is  consistent 
with  flow  visualizations  (not  presented  here)  which 
showed  the  vortex  to  persist  on  the  pivoted  flap  at 
high  angles  of  attack  when  the  hinged-flap  vortex 
had  migrated  inboard  to  the  wing  (see  sketches  in 
fig.  6).  Comparative  yaw  control  measurements  (fig. 
7)  corroborate  the  advantage  of  the  pivoted  flap 
design,  including  a  significant  alleviation  of  the 
induced  rolling  moment  (which  still  is  proverse). 
Further  tests  are  needed  to  determine  the  hinge- 
moment  characteristics  and  also  the  drag  reduction 
capability  of  pivoted  flap  in  comparison  with  hinged 
vortex  flap. 


3.  INvin  Vertical  Tail  Buffet  Alleviation 

Highly  swept  strakes  integrally  affixed  to  the 
leading  edge/foselage  junction  (or  LEX’s)  were 
historically  the  first  usage  of  custom-generat^  large 
scale  vortices  for  augmenting  the  maximum  lift 
capability  of  trapezoidal  wings,  as  employed  on  the 
F-16  and  F-18  fighters  (ref.  5).  The  twin  vertical 
stabilizer  configuration  of  F-18,  combined  with  its 
unrestricted  alpha  capability  however  revealed  an 
unanticipated  consequence  of  the  LEX  vortex  break¬ 
down  in  the  vicinity  of  the  vertical  tails  (fig.  8), 
leading  to  intense  tail  buffet  and  diminished  fatigue 
life  of  the  tail  structure.  Although  industry-develop¬ 
ed  fixes,  e.g.,  the  LEX  fence,  have  contained  the  tail 
buffet  problem  on  in-service  aircraft,  this  experience 
underscores  the  need  to  understand  the  causative 
flow  phenomena  and  to  develop  alternate  buffet 
alleviation  techniques,  for  the  benefit  of  future  fight¬ 
er  configurations  which  are  likely  to  feature  forward 
vortex-generating  components  such  as  nose  chines, 
canards  etc.,  together  with  twin  tails  (ref.  6). 


Detailed  LDV  surveys  m  a  cross-plane  located 
immediately  upstream  of  the  vertical  tails  (ref.  7) 
have  identified  regions  of  vortical  concentration  and 
high  level  of  velocity  fluctuations  surrounding  the 
tail  region,  which  are  traceable  to  LEX  vortices  (fig 
9).  The  results  at  a  =  15  deg  show  the  LEX  vortex 
located  close  to  the  wing  upper  surface  and  some¬ 
what  outboard  of  the  vertical  tail  which  lies  in  a 
relatively  undisturbed  flow.  At  a =25  deg.  however,, 
the  vortical  region  expands  greatly  and  envelops  the 
entire  tail.  RMS  contours  show  that  the  expanded 
vortical  flow  contains  high  levels  of  lateral  fluctua¬ 
tions  which  can  be  expected  to  generate  con¬ 
siderable  dynamic  loading  on  the  tail.  The  mean 
velocity  surveys  at  o = 25  deg.  indicate  a  considerable 
rotation  of  the  vortical  mass  as  well  as  a  strong 
outflow  across  the  tail  root.  These  measurements 
are  indicative  of  a  fundamental  change  in  the  tail 
flow  environment  between  « =  15  deg.  and  25  deg , 
which  flow  visualizations  show  to  be  associated  with 
LEX  vortex  breakdown  moving  upstream  of  the 
tails. 

Two  alternate  approaches  to  tail  buffet  allevia¬ 
tion  recently  explored  (ref.  8)  consisted  of-  1) 
passive  dorsal  extensions  of  the  tail  roots,  and  2) 
controllable,  longitudinally-hinged  edge  section  of 
the  LEX,  (fig.  10).  The  dorsal  extension  was  in¬ 
tended  to  create  a  new  longitudinal  vortex  from  the 
strong  outflow  induced  m  the  tail-root  region  (see 
fig.  9),  rotating  counter  to  the  corresponding  LEX 
vortex  and  intended  to  re-structure  and  diffuse  the 
vortical  flow  at  the  tail.  The  dorsal  additionally 
could  serve  to  stiffen  the  tail  attachment  thereby 
relieving  the  dynamic  stresses  associated  with  buffet. 
The  controllable  LEX  was  intended  to  directly 
influence  the  vortex-production  mechanism  and  thus 
its  interaction  with  the  wing  and  tail  flowfields 
including  the  breakdown  characteristics.  The  in¬ 
dividually  up-rotated  edge  section  could  also  serve 
to  unload  the  LEX  surfaces  on  either  side,  sym¬ 
metrically  or  non-symmetrically,  as  a  potential 
means  of  improving  the  post-stall  handling  charac¬ 
teristics. 

Smoke  flow  visualizations  and  tail  vibration 
measurements  were  performed  on  a  semi-span 
generic  model  representing  a  LEX/twin-tail  con¬ 
figuration  to  evaluate  the  above  tail  buffet  allevia¬ 
tion  concepts.  Tracings  of  voi  ;ex  patterns  in  a  cross 
flow  plane  immediately  upstream  of  the  tail  at 
increasing  angles  of  attack,  with  and  without  the 
dorsal  extension,  are  compared  in  fig.  11.  The  base¬ 
line  case  shows  a  well-formed  LEX  vortex  just 
outboard  of  the  tail  at  o=15  deg,  which  moves 
inboard  with  increasing  alpha  until  at  a =25  deg,  it 
is  positioned  directly  on  the  tail,  when  it  also  was 
observed  to  become  quite  unsteady  as  a  result  of 
breakdown.  With  the  dorsal  attached,  the  vortex 
cross-section  expands  and  assumes  a  S-shaped 
structure,  with  the  counter-rotating  dorsal  vortex 
clearly  discernible  below  the  primary  LEX  vortex  at 
all  four  angles  of  attack  shown.  The  tail  vibration 
(first-order  bending  mode)  measurements  in  the 
baseline  case  show  the  typical  rapid  increase  of 
RMS  after  aossing  a=20  deg.  and  reaching  a  peak 
at  a=40  deg.;  with  doisal  attached  (without  touc¬ 
hing  the  vertical  tail),  the  vibration  characteristics 
are  seen  to  be  considerably  alleviated. 

Similar  tail  vibration  measurements  made  with  a 
45  deg.  up  LEX  (fig.  12)  show  a  reduction  of  the  tail 
vibration  RMS  in  the  entire  high-alpha  range.  The 
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data  also  indicate  that  addition  of  dorsal  extension 
to  the  LEX  up-deflected  configuration  produced 
further  small  improvements  in  the  tail  RMS  charac¬ 
teristics.  The  tail-buffet  alleviation  capability  of  the 
dorsal  extension  and  deflected-LEX  concepts  were 
verified  in  NASA  Langley  tests  on  a  complete-span 
generic  model  of  a  twin-tail/LEX  configuration.  It 
should  be  emphasized  that  in  none  of  these  tests 
was  the  tail  structurally  modeled  as  required  for  a 
standard  aero-elastic  investigation;  the  purpose  of 
the  experiments  was  essentially  to  v^idate  the 
effectiveness  of  proposed  vortex-modification  con¬ 
cepts  in  reducing  the  dynamic  energy  of  the  tail  flow 
environment. 

The  effects  of  LEX  deflection  on  the  high-alpha 
aerodj'namic  characteristics  were  measured  in  NASA 
Langley  tests  of  the  complete-span  generic  model. 
As  shown  in  fig.  13,  the  partial  unloading  of  the  45“ 
up-deflected  LEX  only  marginally  reduces  the 
maximum  lift,  but  provides  a  measure  of  pitch-up 
relief  and  also  improves  the  lateral  instability 
characteristics.  By  deflecting  more  of  the  LEX  area 
and  also  to  a  greater  angle  than  45  deg.,  these  high- 
alpha  stability  improvements  may  be  further  en¬ 
hanced  (ref.  9). 


4.  Forebody-Chine/Delta  Wing  Vortex  Decoupling 

Closely-coupled  configurations  such  as  forebody 
chines  blending  with  sharp,  highly  sept  leading  edges 
are  well  known  to  promote  strong  vortex  interactions 
which  lead  to  unique  high-alpha  aerodjmamic 
characteristics.  While  the  maximum  lift  capability  of 
such  configurations  is  enhanced  by  the  interacting 
vortices,  several  adverse  effects  are  manifested  at 
post-stall  angles  of  attack,  e.g.,  pitch  up,  zero-beta 
asymmetiy,  reduced  roll  and  yaw  damping,  and 
dynamic  excitation  of  the  vertical  stabilizers.  Con¬ 
trolled  de-coupling  of  the  forebody  and  wing  vortex 
systems  was  proposed  in  order  to  selectively  prevent 
their  interaction  in  the  post-stall  range,  to  avoid  the 
above  mentioned  difficulties. 


were  obtained  with  the  inboard  leading  edge  flaps, 
as  shown  in  fig.  16;  in  this  case,  the  chine  vortices 
were  observed  to  lift  away  freely  with  little  spanwise 
migration  during  their  downstream  convection, 
attesting  to  a  total  liberation  from  the  wing  pressure 
field. 

The  effects  of  chine  modification  on  the  wing 
characteristics  at  sideslip  and  a =30  deg.  are  shown 
in  fig.  17.  On  the  baseline  configuration,  the 
windward  leading  edge  vortex  breakdown  occurs 
sooner  while  being  delayed  on  the  leeward  wing, 
resulting  in  the  characteristic  unstable  roll  as  sug¬ 
gested  by  the  asymmetric  spanwise  Cp  distributions 
The  modified  chines  de-couple  the  leeward  vorte,\ 
interaetion  thus  reducing  the  associated  suction 
peak;  at  the  same  time  the  windward  suction  level 
IS  augmented,  thus  creating  a  stabilizing  roll  poten¬ 
tial. 

Six-component  balance  measurements  on  the 
chine/delta  configuration  (incorporating  a  central 
vertical  tail)  provide  corroborating  evidence  of  the 
vortex  de-coupling  benefits  in  the  directional/lateral 
characteristics.  The  yawing  and  rolling  moment  as 
a  function  of  sideslip  angle  at  a =30  deg.  compared 
for  the  baseline  and  de-coupling  configurations  are 
presented  in  fig.  18.  In  the  range  fi  =  ±5  deg.  a 
remarkable  improvement  in  both  the  directional  and 
lateral  stability  is  produced  by  vortex  de-coupling 

Forebody/wing  vortex  interactions  and  break¬ 
down  generate  a  high-energy  dynamic  environment 
at  the  vertical  stabilizer  locations,  as  already  dis¬ 
cussed  in  Sec  3.  Vortex  de-coupling  can  play  a 
beneficial  role  by  alleviating  the  unsteadiness  and 
vortical  concentration  causing  tail  buffet.  Prelimi¬ 
nary  measurements  on  a  wing  mounted  twin-tail 
arrangement  show  significant  reduction  of  the  tail 
vibration  RMS  at  high  angles  of  attack,  as  shown  in 
fig.  19. 


5.  Chine  Forebody  Vortex  Control 


Two  alternate  de-coupling  means  considered  for 
preliminary  investigations,  viz,  a  passive  modification 
and  an  active  control,  are  illustrated  in  fig.  14.  The 
passive  modification  consisted  simply  of  discon¬ 
necting  the  chine  from  the  wing  apex,  thus  allowing 
the  chine  vortices  to  break  away  before  being 
’captured’  by  the  downwash  field  contaired  between 
the  wing  vortices.  In  the  active  technique,  part-span 
inboard  leading-edge  flaps  are  employed  primarily  to 
suppress  the  wing  vortices  in  the  critical  apex  region, 
and  also  to  disconnect  the  chine  to  force  a  shedding 
of  the  forebody  vortices,  as  an  effective  means  of 
preventing  vortex  interaction. 

Initial  flow  visualizations  and  wing  upper- 
surface  pressure  measurements  were  performed  to 
investigate  the  feasibility  of  the  proposed  techniques 
on  a  60  deg.  flat  plate  delta  wing  in  combination 
with  a  chined  forebody  (ref.  12).  Vortex  patterns 
were  visualized  in  a  cross-flow  plane  passing  through 
the  wing  centroid  which  also  contained  a  spanwise 
row  of  upper-surface  pressure  orifices.  A  typical 
result  presented  in  fig.  IS  indicated  the  effectiveness 
of  the  modified  chine  in  de-coupling  the  forebody 
and  wing  vortex  pairs;  also  shown  is  the  correspond¬ 
ing  effect  on  spanwise  pressure  distributions,  where 
the  asymmetiy  of  the  baseline  configuration  is 
removed  by  the  modification.  Comparable  results 


The  feasibility  and  attendant  benefits  of  forebo¬ 
dy/wing  vortex  de-coupling  discussed  in  the  forego¬ 
ing  section  suggests  that  direct  control  of  the  foreb¬ 
ody  chine  vortices,  and  their  interaction  with  the 
lifting  and  empeimage  surfaces,  may  be  worth 
investigating  as  a  means  of  enhancing  the  high- 
alpha  controllability  of  such  configurations  Modific¬ 
ation  of  chine  vortex  development  requires  controll¬ 
ing  the  vorticity  production  over  a  substantial  length 
of  the  chines,  for  which  mechanical  or  pneumatic 
techniques  may  be  viable.  An  exploratory  study  was 
performed  on  a  generic  chine  forebody/55  deg.  delta 
wing  configuration.  This  initial  study  was  limited  to 
flow  visualizations  and  wing  upper-surface  pressure 
measurements  in  order  to  obtain  a  preliminary 
evaluation  of  the  proposed  chine  control  concepts 
(fig.  20). 

A  mechanically  controlled  chine  concept  that 
combines  simplicity,  robustness  and  ease  of  integra¬ 
tion  is  the  longitudinally  hinged  chine  that  may  be 
rotated  to  a  variable  anhedral  or  dihedral  an^e. 
This  hinged  chine  idea  has  a  basis  in  prior  investiga¬ 
tions  of  the  articulated  LEX  (ref.  9)  and  deflec¬ 
table  forebody  strakes  (ref.  13).  For  pneumatic 
confrol  of  chine  vortice^  spanwise  blowing  via 
narrow  slots  coincident  with  the  chine  edges  was 
proposed.  Controlled  injection  of  fluid  momentum 
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directly  at  the  site  of  vorticity  production  has  been 
demonstrated  previously  on  thin,  highly-swept  delta 
wings  to  strongly  influence  the  roll-up  characteris¬ 
tics  of  the  vortex  layer  as  well  as  displace  the  vortex 
core  trajectory  (ref.  14). 

The  ’hinged’  chines  were  simulated  on  the  test 
model  by  means  of  flat-plate  chines  inserted  in  the 
horizontal  meridian  plane  of  the  ogive  forebody, 
bent  at  45  deg.  up  or  down  to  represent  dihedral/ 
anhedral  cot^gurations.  An  alternate  forebody 
incorporating  a  plenum  chamber  with  wedge-shape 
chine  attachments  containing  blowing  slots  was 
provided  for  pneumatic  testing. 

The  effea  of  chine  deflection  on  the  forebody 
vortex  positions  in  a  cross-plane  passing  through  the 
wing  apex,  as  determined  by  smoke  visualizations  in 
shown  in  fig.  21  at  increasing  angles  of  attack.  The 
examples  presented  depict  the  effects  of  symmetric 
chine  configurations.  In  comparison  with  the  basel¬ 
ine  (i.e.,  undeflected  chines),  dihedral  draws  the 
vortices  inwards  and  elevates  them  at  all  angles  of 
attack.  The  anti-symmetric  chines  produce  a  cor¬ 
responding  spatial  anti-symmetry  in  the  forebody 
vortex  pair,  which  also  persists  through  the  angle  of 
attack  range.  The  effect  of  vortex  mam'puiation  due 
to  chine  deflection  on  the  wing  pressures  at  a==30 
deg.  is  shown  in  figs.  22  and  23,  for  the  symmetric 
and  anti-symmetric  cases  respectively.  Dihedral  and 
anhedral  have  opposite  effects  on  the  wing  suction 
levels,  which  translate  into  increased  or  decreased 
normal  force  Q  respectively  in  the  post-stall  alpha 
range  as  shown  in  fig.  23.  Similarly,  the  opposite 
suction  levels  induced  on  the  two  wing  panels  by 
anti-symmetric  chines  generate  a  potential  for  rolling 
moment.  This  effect  is  also  produced  by  non-sym- 
metrical  (i.e.,  one  sided)  chine  configurations;  the 
three  test  cases  and  their  rolling  moment  (Qa,) 
characteristics  are  compared  in  fig.  25.  A  significant 
post-stall  roll  control  capability  is  indicated  by  these 
data. 

Turning  next  to  pneumatic  chines,  the  case  of 
symmetric^  (i.e.,  both  chines)  blowing  will  be  first 
considered.  The  Cp  distributions  at  a=30  deg.  (fig 
26)  show  that  symmetric  blowing  tends  to  eliminate 
the  pronounced  asymmetry  prevailing  on  the  basel¬ 
ine  (i.e.,  unblown)  configuration  at  this  alpha. 
Alleviation  of  zero-beta  asymmetry  during  approach 
to  maximum  lift  is  thus  a  potential  advantage  of 
pneumatic  chine  control. 

The  effect  of  non-symmetric  blowing  is  to  aug¬ 
ment  the  suctions  levels  on  the  blown  side  of  the 
wing,  as  shown  in  fig.  27  for  the  case  of  left  chine 
blowing  at  a =30  deg.  This  allows  a  controllable  lift 
asymmetry  to  be  introduced  between  the  wing  pan¬ 
els,  generating  a  rolling  moment  potential  in  the 
post-stall  alpha  range,  as  depicted  in  fig.  28.  for 
both  left  and  right  blowing.  The  local  rolling 
moment  coefficient  (based  on  intragaited  upper- 
surface  Cp  distributions)  in  either  direction  is  found 
to  increase  linearly  with  blowing  momentum  up  to 
C^=.015  approximately  (fig.  29).  The  constructional 
limitations  of  the  test  model  precluded  any  defini¬ 
tive  attempts  at  slot  optimization  (e.g.,  vaiying  slot 
width  and  length,  tapered  slots,  etc.),  which  is 
believed  to  have  potential  for  improving  the  pneum¬ 
atic  efficiency  of  the  blown  chine  concept 


The  preliminary  results  presented  in  this  section 
have  indicated  substantial  lateral  control  potential  m 
the  post-stall  regime  via  differential  lift  characteris¬ 
tics  generated  by  either  mechanically  or  pneu¬ 
matically  controlled  chine  vortices.  A  forebody  side 
forceaccompanyingnon-symmetrical chine  activation 
(fig.  30)  should  produce  a  coordinated  yawing 
moment  in  order  for  the  roll  control  to  be  useful  for 
maneuvering.  This  aspect  requires  further  investiga¬ 
tion  of  the  six-component  aerodynamics  of  the 
controlled  chine/wing  configurations  at  high  angles 
of  attack. 

6.  Stall  Departure  Alleviation  of  High  Aspect 

Ratio  Wings 

In  this  last  example  of  applying  vortex  control 
techniques  to  enhance  high-alpha  aerodynamics,  we 
turn  from  highly-swept  and  vortex  dominated  con¬ 
figurations  considered  in  the  foregoing  sections  to 
the  case  of  unswept  wings  of  high  aspect  ratio  such 
as  commonly  employed  on  general  aviation  and 
sport  aircraft.  Such  wings  are  well  know  to  have 
abrupt  stall  and  uncontrollable  departure  charac¬ 
teristics.  The  stall  onset  is  preceeded  by  the  ap¬ 
pearance  of  ’stall  cells’,  i.e.,  localized  regions  of 
reversed  flow  spaced  along  the  wing  span,  producing 
a  distinctive  three-dimensional  breakdown  pattern 
The  stall  cells  develop  non-symmetrically  resulting 
in  powerful  rolling  moments  as  >s  approached. 

These  observations  suggested  that  the  post-stall 
behavior  of  high  aspect  ratio  wings  might  be  con¬ 
trolled  by  forcing  the  stall  pockets  to  grow  symmetri¬ 
cally,  and  also  by  striving  to  maintain  attached  flow 
in  the  tip  regions  even  past  Oftler  to 

improve  post-stall  roll  damping  and  aileron  effective¬ 
ness.  An  approach  to  this  end  developed  by  NASA 
Langley  is  the  use  of  part-span  leading  edge  droop, 
which  has  been  proven  in  wind  tunnel  and  flight 
tests  to  be  an  effective  departure  alleviator  How¬ 
ever,  a  potential  cruise-drag  penalty  as  well  as 
aesthetic  considerations  have  reportedly  inhibited 
the  adoption  of  this  technique  by  aircraft  manufac¬ 
tures. 

An  alternative  proposal  for  ’fixing’  the  stall  cells 
on  a  high  aspect  ratio  wing  was  to  cut  narrow 
vertical  notches  or  slots  in  the  leading  edge  at 
selected  span  locations.  These  slots,  penetrating  to 
less  than  5  percent  of  the  local  chord,  each  gener¬ 
ate  a  contra-rotating  vortex  pair  on  the  wing  upper 
surface  from  the  cross-jets  created  by  the  leading- 
edge  pressure  differential  (fig.  31).  Interaction  with 
the  upper-surface  bounding  layer  initiates  local 
wedge-shaped  how  shear  regions  between  these 
vortex  pans,  which  ultimately  develop  into  stall  cells. 
This  postulated  flow  mechanism  was  verified  in 
smoke  and  oil  flow  visualization  tests  on  a  generic 
high  aspect  ratio,  semi-span  wing  model,  (fig.  32) 
typical  results  obtained  with  a  pressure  instrumented 
wing  at  a  stalled  angle  of  attack  (fig.  33)  show  that 
the  vortex  slots  restore  the  upper-surface  suction 
peaks  at  the  alternate  span  stations  lying  between 
the  slot-generated  stall  cells.  The  modified  stall 
behavior  due  to  the  vortex  slots  is  evident  in  the 
balance  data  (ref.  18)  presented  in  fig.  34.  The 
resulting  lift  curve  has  a  flat  top  feature  with  con¬ 
siderably  reduced  negative  slope  after  C^max 
comparison  with  the  basic  wing,  which  is  the  key  to 
stall  departure  alleviation,  i&o  shown  for  com¬ 
parison  is.the  effect  of  a  typical.N^SA  part-span 
droop  addition,  which  produces  a  stall  modification 
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Similar  to  the  vortex  slots.  While  the  .iroop  im¬ 
proves  as  expected,  it  also  creates  '.ignificani 
drag  penait>'  at  cruise  lift  coefficient  over  and  above 
that  caused  by  vortex  slots. 

A  unique  arrangement  of  the  NASA  part-span 
droop  and  vortex  slot  ivas  developed  for  application 
to  a  general  aviation  design,  the  ’Questair  Venture'. 
This  involved  the  use  of  a  moderate  degree  of  droop 
combined  with  a  vortex  slot  at  its  inner  end  plus  a 
second  slot  provided  further  inboard  on  the  ua- 
drooped  leading  edge  (fig.  35)  NASA  Langley  wind 
tunnel  tests  (ref.  19)  of  the  tuft-visualized  stall 
patterns  indicate  the  progressive  improvements  due 
to  the  part-span  droop  alone  and  then  in  combina¬ 
tion  with  the  vortex  slots.  These  stall  improvements 
are  reflected  in  the  corresponding  lift  curves,  which 
show  that  addition  of  slots  to  the  droop  essentially 
removes  the  negative  lift-slope  feature.  In  addition, 
the  combined  modification  provides  a  significant 
increase  in  the  post-stall  aileron  control  due  to  the 
tup  regions  retaining  attached  flow. 


7.  Conclusions 

Selected  results  of  recent  low-speed  'wind  tunnel 
>osts  of  several  vortex-control  concepts  have  been 
presented  to  illustrate  their  potential  in  five  specific 
applicatioas; 

1)  Adaptation  of  the  vortex  flap  concept  in  a 
unique  segmented  leading  edge  arrangement 
'jr  lateral/directional  control  at  post-stall 
angle  of  attack; 

2)  Twin-tail  buffet  alleviation  via  LEX  vortex 
manipulation; 

3)  Controlled  de-coupling  of  interactive  forebo- 
dy-chine  and  delta  wing  vortices; 

4)  Mechanical  and  pneumatic  manipulation  of 
forebody  chine  vortices;  and 

5)  Leading  edge  slot  vortex  generators  to 
alleviate  stall  departure  of  high  aspect  ratio 
wings 

The  above  examples  presented  in  this  review  are 
illustrative  of  the  scope  of  problem  areas  concerning 
high-alpha  aerodynamics  of  flight  vehicles  under 
continuing  study,  with  emphasis  on  vortex  control 
techniques. 
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Fig.  1  Axial  force  characteristics  versus  angle  of 
attack  for  syininetric  flap  deflections 


Fig.  2  Incremental  axial  force  and  lift  coefficients 

versus  symmetric  flap  deflection  angle  at  C,  max 


Fig.  4  Yawing  moment  and  associated  rolling  moment 
versus  angle  of  attack  with  differential  flaps. 


Fig.  5  Rolling  moment  and  associated  yawing  moment 
versus  angle  of  attack  with  differential  flaps 
in  combination  with  elevons. 
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Fig.  6  Incremental  axial  force  versus  angle  of  attack 
at  three  flap  deflection  angles,  comparing 
hinged  and  pivoted  flaps. 


Fig.  7  Yawing  moment  and  associated  rolling  moment 
versus  angle  of  attack,  comparing  hinged  and 
pivoted  flaps. 
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Fig,  8  LEX  vortex  breakdown  as  a  source  of  vertical 
tail  dynamic  excitation. 


Fig.  10  Papive  and  active  control  concepts  for  vertical 
tail  buffet  alleviation  vertical. 
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Fig.  9  LDV  flow  surveys  in  a  vertical  tail  entry 
crossplane  (taken  from  ref.  7). 
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Fig.  12  Vertical  tail  vibration  characteristics  versus 
^glc  of  attack  with  and  without  LEX  deflec¬ 
tion  and  dorsal  combination. 


Fig.  1 1  Vertical  tail  vibration  characteristics  versus 

angle  of  attack  with  and  without  dorsal  extension 
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Fig.  13  Lift,  pitching  moment  and  lateral  stability 
characteristics  versus  angle  of  attack 
with  and  without  basic  and  dihedral  LEX. 
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Fig.  14  Chine/delta  wing  vortex  coupling,  and  passive 
and  active  de-coupling  concepts. 
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Fig.  16  Vortex  de-coupling  via  inboard  leading  edge 
flaps;  flow  visualizations  and  pressure 
measurements  at  ct=2S  deg. 


Fig.  IS  Vortex  de-coupling  via  modified  chines;  flow 
visualizations  and  pressure  measurements 
at  a =25  deg. 
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Fig.  18  Directional  and  lateral  stability  charac¬ 
teristics  of  chine/delta  wing  configuration, 
with  and  without,  modified  chines  and  leading- 
edge  flaps  at  ct=30  deg. 


Fig.  17  Vortex  de-coupling  via  modified  chines  at  a=30 
deg.  and  C=5  deg. 


Fig.  19  IVvin  vertical  tail  vibration  characteristics 

versus  angle  of  attack  on  a  chine/delta  wing 
configuration  with  and  without  leading  edge  flaps. 
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Fig.  20  Forebody  chine  vortex  control  concepts 
mechanical  and  pneumatic. 
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Fig.  21  Chine  vortex  manipulation  by  symmetric  and 
anti-symmetric  45  deg.  chine  deflections. 


Fig.  22  Delta  wing  pressure  distributions  due  to  45 
deg.  symmetric  dihedral  and  anhedral  chine 
deflection  at  <2=30  deg. 


Fig.  24  Delta  wing  pressure  distributions  due  to  45 

deg.  anti-symmetric  chine  deflection  at  o=30  deg. 


Fig.  23  Pressure-integrated  local  normal  force 
characteristics  versus  angle  of  attack 
as  modified  by  symmetric  dihedral  and 
anhedral  chine  deflection. 
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Fig.  25  Pressure-integrated  local  rolling  moment 
characteristics  versus  angle  of  attack  with 
three  types  of  non-symmetric  chine  deflection. 
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Fig.  26  Delta  wing  pressure  distributions  as  modified 
by  symmetric  chine  blowing  at  a  =30  deg. 
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Fig.  27  Delta  wing  pressure  distributions  as  modified 
by  left-side  chine  blowing  at  a=30  deg. 


Fig  28  Delta  wing  pressure  distributions  at  a =30  deg., 
and  local  rolling  moment  characteristics  versus 
angle  of  attack  due  to  one  left-side  and  right-side 
chine  blowing. 


Fig.  29  Local  rolling  moment  characteristics  versus 
momentum  coefficient  with  left-side  and 
right-side  chine  blowing  at  a=30  deg. 


Fig.  30  Non-symmetric  chine  vortex  manipulation  for 
co-ordinated  directional/lateral  control. 
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Fig.  31  Leading-edge  slot  vortex  generator. 
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Fig.  32  Upper-surface  pressure  distributions  on  a  high 
aspect  ratio  unswept  wing  at  post-stall  angle 
of  attack,  with  and  without  vortex  slots. 
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Fig.  33  Effect  of  vortex  slots  on  stall  oattern  of  high 
aspect  ratio  wing. 
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Fig.  34  Lift  and  drag  characteristics  of  higlt  aspect 
ratio  wing  with  and  without  vortex  slots 
and  part-span  droop. 
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Fig.  35  Combination  of  vortex  slots  and  part-span 
droop  on  ’Questair’. 
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SUMMARY 

In  tlie  first  part  of  this  paper,  investigations  on  tlie 
formation  and  structure  of  wing  tip  vortices  are  presented. 
A  computational  method  for  the  time-dependent  roll-up 
process  is  derived,  which  is  based  on  the  Biot-Savart 
approach  with  a  particular  technique  of  amalgamadon 
which  preserves  energy,  center  of  vorticity  and  the  second 
moment  of  vorticity  distribution.  The  results  are 
compared  with  LDV  measurements  performed  in  a  water 
tunnel. 

In  the  second  part  of  the  paper  the  influence  of  lift 
distribution  on  maximum  circumferential  velocity  of 
trailing  vortices  is  investigated.  Moreover,  some  special 
devices  for  vortex  wake  alleviation  were  experimentally 
investigated  in  order  to  reveal  the  potential  of  three 
methods  for  vortex  wake  alleviation: 

•  artificially  destabilizing  the  vortex, 

-  inducing  breakdown  of  the  vortex  cote  and 

-  spreading  and  splitting  the  vorticity  of  trailing 
vortices. 


INTRODUCTION 

Trailing  vortices  generated  by  larger  aircraft  can  present 
severe  hazard  to  other  aircraft  which  inadvertently 
encounter  the  vortices.  This  topic  is  of  growing  interest 
because  of  the  increasing  air  tr^fic  density  and  the  airport 
congestion.  Runway  capacity  could  be  enlarged  if  the 
vortex  problem  will  have  been  alleviated. 

During  this  study  it  became  obvious  that  a  successful 
control  of  vortices  depends  largely  upon  the 
understanding  of  the  basic  fluid  motions  involved  in  the 
formation  of  trailing  vortices.  For  controlling  the  roll-up 
of  wing  vortex  sheet  or  imposing  disturbances  on  the 
core  of  a  concentrated  vortex,  a  detailed  knowledge  of  the 
birth  process  and  the  structure  of  trailing  vortices  is 
mandatory. 

After  a  short  overview  on  methods  for  wake  hazard 
reduction,  the  pa^  is  concenied  with  two  main  topics 

-  the  formation  of  trailing  vortices 

-  methods  to  reducing  the  strength  of  trailing  vortices 


WAKE  HAZARD  REDUCTION 

The  hazards,  imposed  by  trailing  vortices,  can  be  reduced 
if  the  vorticity  in  the  trailing  vortex  sheet  is  prevented 
from  becoming  concentrated  or  if  concentrate  vorticity  is 
dissipated  fast  enough. 

In  principle,  two  ways  for  reducing  the  wake  hazard  are 
possible,  which  can  be  distinguished  as  prenatal  and 
postnatal  methods  (Fig.  1). 

Prenatal  methods  should  prevent  the  development  of 
strong  trailing  vortices.  Two  ways  look  promising: 

1.  The  design  of  a  wing  configuration  with  a 
favourable  lift  distribution  which  implies  that  the 
vorticity  after  roll-up  is  less  concentrated, 

2.  Methods  of  disturbing  or  disordering  the  roll-up 
process  which  could,  in  the  most  favourable  case, 
lead  to  a  chaotic  and  widespread  vorticity 
distribution. 

The  postnatal  vortex  alleviation  intends  to  disturb  the 
already  concentrated  vortex  cote  by  one  of  the  following 
method 

3.  Destabilizing  the  vortex 

4.  Stimulating  vortex  break-down 

5.  Splitting  the  tip  vortex  in  sub-vortices  of  lower 
strength 

6.  Controlled  meandering  to  stimulating 
selfdestruction  of  vortices 

7.  Methods  to  magnify  the  ageing  process 

In  general,  all  active  methods  should  apply  devices  which 
put  limited  penalties  on  aircraft  empty  weight  and  drag. 

In  this  paper  the  methods  (1),  (3),  (4)  and  (5)  are 
consida^  in  more  detail. 


THE  FORMATION  OF  TRAILING  VORTICES 

In  this  section,  some  fundamentals  of  the  roll-up  process 
will  be  treated  first  Then,  LDV  measurements  of 
velocity  components  in  trailing  vortices  will  be 
presented.  A  main  subject  is  the  introduction  of  a  new, 
simple  numerical  method  for  calculating  the  roll-up 
process.  Finally,  theoretical  results  will  be  compared 
with  experiments. 
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Fundamentals  of  the  roll-up  process 

In  the  following  diagrams,  the  strcamwise,  spanwise  and 
wing  normal  coordinates  ate  denoted  by  x,  y,  z, 
respectively.  Vc  is  the  circumferential  velocity,  induced 
by  the  vorticity  in  the  crossflow  plane. 

Fig.  2  illustrates  the  two  main  effects  which  a  wing 
imposes  on  passing  air  flow.  It  shows  the  wake  of  a 
wing  of  rectangular  planform  shortly  behind  the  trailing 
edge  measured  in  a  water  tunnel  by  an  LDV.  VelociQ' 
components  in  spanwise  and  streamwise  direction  were 
measured  along  a  line  normal  to  the  wing  planform  at 
three  span  stations. 


half  span  behind  the  wing  trailing  edge,  the  vortex 
structure  becomes  practically  constant  which  means  that 
the  roll-up  process  is  practically  finished.  The  advantage 
of  the  rectangular  planform,  used  in  these  experiments,  is 
the  fast  roll-up  process  which  is  already  terminated 
within  the  test  section  of  the  water  tunnel. 

Fig.  6  shows  the  core  radius  as  function  of  the 
downstream  distance.  The  cote  radius  increases  with 
distance  and  a  saturation  can  be  observed  with  a  value  of 
about  2.5%  of  the  halfspan.  The  final  value  depends  on 
the  lift  distribution,  that  is,  on  wing  planform  and  aspect 
ratio. 


The  spanwise  component  reveals  the  shear  layer  of  the 
vortex  sheet  and  shows  a  large  maximum  circumferential 
velocity  near  the  wing  tip  caused  by  a  high 
concentration  of  vorticity  -  already  half  a  chord  length 
behind  the  trailing  edge. 

The  streamwise  velocity  component  indicates  the 
momentum  loss  in  the  boundary  layer  which  is  related  to 
the  profile  drag.  The  deficit  of  the  streamwise  velocity 
component  is  r^uced  towards  the  wing  tip  and  even  a  jet- 
type  profile  is  obtained  at  the  location  of  the  vortex 
center  because  of  the  reduced  static  pressure  in  the  vortex 
core. 

Following  Spreiter  and  Sacks  [1],  the  rate  of  formation 
of  circumferential  energy  in  the  wake,  induced  by  the 
trailing  vortices,  is  directly  related  to  the  induced  drag 
(Fig.  3) 

V  CP 

where  the  integral  must  be  performed  over  an  infinite 
sheet  of  thickness  1  normal  to  the  flight  directiem  c-  Jie 
crossflow  plane  (=CP). 


LDV  measurements 


A  numerical  method  for  calculating  the  roll-up  process 

To  understand  the  experimental  results  better,  a  numerical 
method  is  presented  which  is  based  on  a  modified  point 
vortex  approximation.  This  simple  method  was 
develop^  as  a  design  tool  suitable  to  perform  parametric 
suidies  for  investigating  basic  influences. 

Multi-discrete-vottex  models  have  been  used  for  a  long 
time  to  simulate  the  evolution  of  vortex  sheets 
emanating  from  the  trailing  edges  of  lifting  surfaces,  see, 
e.g.,  the  survey  given  in  Ref.  [2].  In  the  point-vortex 
approach  (better  rectilinear  line-vortex  approach),  the 
three-dimensional  steady  vortex  sheet  is  consider^  to  be 
two-dimensional  and  unsteady.  The  lift  distribution  of  the 
wing  defines  the  initial  distribution  of  the  array  of 
potential  vortices  with  the  strength  of  yj.  The  motion  of 
the  line  vortices  and,  thus,  the  roll-up  process  can  be 
calculated  by  solving  a  system  of  first  order  ordinary 
diflerential  equations,  the  Biot-Savart  equations; 

_L.. _ ^i  ~^j 

dt  j^i  271  ^  (yj  -  yj  )2  +  (zj  -  Zj  )2 

(2) 

dZj  .  ^  1  yj-yj 

dt  j^i27t  ^  (yi-yj)2  +  (zi-zj)2 


Fig.  4  shows  axial  and  circumferential  velocity  profiles  - 
in  units  of  freestream  velocity  -  measured  at  three 
different  downstream  stations  behind  a  wing  witli 
rectangular  planform  and  an  aspect  ratio  of  ARs4. 
Surprising  is  the  rapid  decrease  of  the  axial  velocity 
turning  a  jet-type  into  a  wake-type  profile  (VxA^o»=1.3  - 
>  0.7).  Also  the  maximum  circumferential  velocity 
decreases  with  dovynstream  distance,  but  at  a  much 
smaller  rate.  The  results  of  an  inviscid  numerical 
approach,  a  modified  line  vortex  method  presented  later 
on,  show  similar  tendencies  so  that  no  ageing  process  is 
to  be  assumed  as  the  reason  for  this  behaviour. 

In  Fig.  5  the  axial  velocity  at  the  vortex  center  and  the 
maximum  ctrcumferenfial  velocity  are  shown  as  a 
function  of  downstream  positions.  Both  values  are 
reduced  with  increasing  downstream  distance.  About  five 


Every  multi-disaete-vortex  model  leads  to  the  difficulty 
that  the  vortex  filaments  are  singularities  and  create  large 
velocities  in  their  neighborhood.  Instability  and  sheet 
crossings  during  roll-up  seem  unavoidably  and  Uim  the 
array  of  the  line  vortices  into  chaos. 

Fig.  7  shows  the  result  of  the  classical  point  vortex 
approximation  for  a  wing  with  an  elliptical  lift 
distribution  at  a  non-dimensional  time  x=2.5  (T=tro/s^). 
Even  if  the  roll-up  of  the  vortex  sheet  lodes  quite 
promising,  the  line  vortex  methods  are  not  suitable  for  a 
comparison  with  experimonts  describing  the  roll-up 
process.  This  statement  is  valid  for  the  two-dimensional 
point  vortex  as  well  as  for  three-dimensional  vwtex- 
lattice  methods.  Particularly,  the  most  interesting 
velocity  profile  of  the  circumferential  velocity  can  not  be 
obtain^  from  discrete-vortbc  model  sirhulations.  The 
reason  is  that  the  local  values  of  the  circumferential 
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velocity  are  unsteady,  with  high  peak  values  near  the 
concentrated  singulariues  of  the  chaotically  moving  line 
vortices. 

In  spite  of  the  irregular,  chaotic  motion,  the  Biot-Savart 
approach  meets  some  important  conservation  laws,  as 
can  easily  be  derived  from  the  shown  differential 
equations  [3].  In  particular,  the  so-called  Kirchhoff-Routh 
function 


(3) 


K  =  ^I,Yi7j  ln(r,j/S) 


KJ 


is  time-invarianL  Moreover,  the  spanwise  position  of  the 
center  of  vorticity  (for  each  half  wing),  and  the  second 
moment  of  vorticity  distribudon  (for  likesign  \ordcity) 
are  conserved. 

It  is  a  very  interesting  fact  that  the  K.-R.  function  is 
dirccdy  related  to  the  induced  drag 


(4) 


-K-»Di/p 


if  a  sufficiently  high  number  of  vordces  represent  the 
vortex  sheet  shed  by  the  wing  [4].  Thus,  the  time- 
invariance  of  the  K.-R.  function  is  equivalent  to  the 
conservation  of  the  rotational  energy  in  the  cross-flow 
plane  during  roll-up.  It  is  remarkable  that  in  the  K.-R. 
function  the  singularities  of  the  line  vortices  are 
eliminated  so  that  a  finite  rotational  energy  is  obtained 
corresponding  to  the  finite  value  of  the  induced  drag. 
Moreover,  the  K.-R.  function  can  be  very  easily 
evaluated.  One  only  must  know  the  circulation  of  the 
line  vortices  and  the  relative  distances  between  all  line 
vortex  pairs  ry,  a  knowledge  obtained  by  solving  the 
Biot-Savart  equations.  No  difficult  integration  process  is 
necessary,  as  would  be  the  case  if  Eq.  (1)  must  be 
evaluated. 

The  two  statements: 
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the  case  in  the  chaotic  region  -  this  representation  is 
going  lost. 

For  restoring  the  relationship  between  rotational  energy 
and  K.-R.  function,  the  prevention  of  chaos  or  the 
reconstruction  of  ar  ordered  vortex  sheet  in  the  chaotic 
region  necessary. 

Until  now,  the  prevention  of  chaos  was  not  successful  in 
spite  of  the  many  proposed  modifications  of  the  classical 
line  vortex  method:  Velocity  cutoff  schemes,  use  of 
vortices  with  a  core,  amalgamation  of  a  number  of 
vortices  into  a  single  vortex,  use  of  subvortices,  re¬ 
discretization  of  the  sheet,  and  other  filtering  and 
smoothing  techniques  [2].  In  any  case,  these  "surgical" 
techniques  mean  a  manipulation  of  the  Biot-Savart 
equations  with  uncertain  influences  on  the  vortex 
suucture. 

In  this  paper,  a  special  way  of  reconstruction  of  a  vortex 
sheet  in  the  core  region  is  described.  It  is  based  on  a 
special  amalgamation  process  embedded  in  the  point 
vortex  method.  Vortices  which  are  turning  into  chaos  are 
amalgamated  into  a  concentrated  vortex.  The  proposed 
modification  of  the  point  vortex  approximation  can  be 
described  in  the  following  way: 

1)  The  amalgamation  process  is  initiated  every  time 
when  a  self-crossing  of  the  vortex  sheet  occurs. 

2)  The  amalgamated  vorticity  is  distributed 
homogeneously,  in  accordance  with  a  modified 
Lamb-Oseen  model  (5],  across  a  concentrated  region 
around  the  already  am^gamated  vorticity  cent^. 

3)  The  parameters  of  the  model  are  updated  •  at  every 
amalgamation  step  •  by  the  conditions  that 

•  the  K.-R.  function  is  conserved 

•  the  second  moment  of  vorticity  is  not  changed 
over  an  amalgamation  step  and 

-  the  total  circulation  is  conserved 

-  the  center  of  amalgamated  vorticity  is  kept 
constant 
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-  results  of  the  point  vortex  method  have  no 
relationship  to  experimental  results  (becau.se  of 
singularities  and  chaos)  and 

-  the  time-invariant  K.-R.  function,  which  is  calculated 
by  the  point  vortex  approach,  is  directly  related  to 
induced  drag 

look  controversial.  This  discrepancy  can  be  solved  if  we 
consider  the  derivation  of  the  relation  between  rotational 
energy  and  K.-R.  function.  It  is  not  valid  in  any  case. 
First,  it  is  applicable  only  if  the  vorticity,  distributed 
with  positive  and  negative  sign,  sums  up  to  zero  so  that 
the  circulation  at  large  distances  from  the  vorticity  center 
is  zero.  Othenvise  the  rotational  energy  would  be 
infinite.  This  condition  is  fulfilled  for  vorticity  generated 
by  lifting  surfaces.  Moreover,  the  stated  relationship 
requires  that  the  vorticity  is  distributed  along  a 
continuous  vortex  sheet  which  is  reine^nted  by  point 
vortices  as  finite  elements.  As  soon  as  a  self-crossing  of 
the  vortex  sheet  occurs  or  the  sheet  is  destroyed  -  as  is 


In  this  way,  the  relevance  of  the  conservation  of 
rotational  energy  is  brought  back  into  the  simple  line 
vortex  method. 

Three  time-dependent  parameters  are  incorporated  in  the 
modified  Lamb-Oseen  model 


(5) 


r  =  ram[A -t-  (1  -  A)  r  /  R„]jl  -  | 


ram>  Ro  and  Ri-  Th®  parameter  A  has  a  smaller 
influence  on  the  results  and  was  chosen  as  constant, 
A=0.7.  The  term  in  the  second  bracket  describes  the  well- 
known  Lamb-Oseen  model.  By  adapting,  at  each 
amalgamation  step,  the  "inner  radius"  Ri  —  which  is 
approximately  equal  to  the  core  radius  —  it  is 

possible  to  conserve  the  energy,  given  by  the  Kirchhofi- 
Rouih  function.  The  term  in  the  first  bracket  permits  to 
conserve  the  second  moment  of  vorticity  distribution  by 
adapting  the  "outer  radius"  Rq.  Tam  is  the  time- 
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dqiendent  ciiculation  determined  by  the  already 
amalgamated  vorticity.  Fig.  8  shows  circulation, 
vorticity  distribution  and  circumferential  velocity  profile 
for  the  amalgamated  vortex  after  a  non-dimensional  roll¬ 
up  time  of  x=2.S  for  an  elliptic  lift  distribution.  Details 
of  the  modified  point  vortex  method  ate  presented  in  [6]. 

As  a  first  result.  Fig.  9  shows  the  ordered  roll-up  and 
the  prevention  of  chaos  by  using  the  special 
amalgamation  process  for  the  same  case  as  displayed  in 
Fig.  7  obtained  by  the  classical  point  vortex  method. 

The  proposed  method  has  the  advantage  that  important 
conservation  laws  are  met,  particularly  the  energy 
conservation,  by  suppressing  the  chaos  with  the 
consequence  that 

-  a  viscous-like  vortex  core  with  finite  circumferential 
velocity  is  obtained  and 

-  a  time-dependent,  analytical  model  of  the  vortex  core 
can  be  evaluated  for  a  comparison  with  experiments. 

The  conservation  of  rotational  energy  is  of  paramount 
importance  for  any  numerical  algorithm  which  is  going 
to  describe  the  roll-up  process  and  the  final  vortex 
strucuire.  Fig.  10  shows  the  strong  influence  of  the 
Kirchhoff-Routh  function  on  cote  radius  and  maximum 
circumferential  velocity.  An  error  of  only  10%  in  energy 
provides  a  deviation  of  60%  from  the  true  values  of  core 
radius  and  maximum  circumferential  velocity. 

In  this  respect,  Euler  and  Navier-Stdkes  codes  are 
expected  to  suffer  ftom  the  limited  resolution  in  spatial 
and  time  coordinates,  which  lead  to  core  radii  which  aie 
too  large  and  maximum  circumferential  velocities  whirh 
are  too  low.  Numerical  viscosity  acts  in  the  same  sense. 
It  seems  that,  at  this  time,  it  is  almost  hopeless  that 
three-dimensional  schemes  can  cope  with  ^e  necessary 
spatial  resoludon  (requited  by  the  high  concentration  of 
vorticity  in  the  core  region)  and  the  integration  over  a 
long  distance  (10  to  100  halfspan,  depending  on  lift 
distribution)  without  "loosing"  too  much  energy. 


Fig.  12  shows  the  calculated  maximum  circumferential 
velocity.  If,  again,  the  pre-concentration  phase  is 
exclud^,  a  smooth  decrease  of  the  maximum 
circumferential  velocity  is  reproduced,  similar  as  shown 
in  the  experimental  results  of  Fig.  5.  For  comparison 
purpose,  also  the  simulation  result  for  an  ellipdcal  lift 
distribudon  is  plotted.  The  higher  density  of  vordcity  in 
case  of  the  rectangular  wing  leads  to  final  values  of  the 
circumferential  velocity  which  ate  considerably  higher 
than  for  the  ellipdcal  distribudon. 

As  an  interesting  experimental  result,  the  decrease  of  the 
maximum  axial  velocity  at  the  vortex  center  was  found. 
Also  this  efiect  can  be  derived,  at  least  qualitadvely, 
using  the  proposed  numerical  method. 

Considering  the  balance  between  pressure  and  centrifugal 
forces,  the  stadc  pressure  at  the  vortex  center  is  related  to 
the  circuladon  of  the  amalgamated  vortex  as 


The  integral  and,  therefore,  po  can  be  evaluated  because 
the  circuladon  is  known  as  funcdon  of  the  radial  distance 
and  dme  (or  downstream  distance)  fixxn  the  vortex  center. 
Because  die  integral  decreases  -  due  to  a  widening  of  the 
core,  the  stadc  pressure  in  the  core  region  increases  as 
long  as  the  roll-up  process  has  not  been  terminated, 
thereby  reducing  die  axial  velocity  in  the  vortex  core.  In 
Fig.  13,  the  axial  velocity  at  the  vortex  center  is  shown 
as  funcdon  of  downstream  posidon  for  an  ellipdcal  lift 
distribudon.  The  simuladon  is  evaluated  for  three  values 
of  the  parameter  AR/Cl.  In  this  evaluadon,  the  inidal 
value  of  the  axial  velocity,  which  is  related  to  the  total 
pressure  at  the  vortex  center,  must  be  given.  In  Fig.  13 
an  initial  value  of  V3i/Voo=1.4  was  chosen. 


METHOD  FOR  REDUCING  THE  STRENGTH  OF 
TRAILING  VORTICES 
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Fig.  11  shows  a  comparison  of  simuladon  and  LDV 
measurements  for  the  vortex  core  radius  as  a  funcdon  of 
distance  behind  the  trailing  edge.  The  wing  has  a 
rectangular  planform  of  aspect  rado  AR=4.  The  basic 
tendency  of  a  growing  core  radius,  as  found  in 
experiments,  is  reproduced  by  the  proposed  theoredcal 
approach.  Also  the  final  value  of  the  core  radius 
(Ri>0.034*s)  is  in  good  agreement  with  the  experiments, 
even  if  the  measurement  could  not  be  extended  above  a 
distance  of  ten  halfspans.  But,  the  measurements  show 
larger  core  radii  direedy  behind  the  trailing  edge.  As  Ute 
main  reason  for  this  deviadon,  a  pte-concentradon  of 
vorticity  is  considered  which  occurs  already  over  the  wing 
along  the  wing  tip.  Such  an  effect  is  not  included  in  the 
theory. 


In  the  second  part  of  the  paper,  the  following  effects  and 
methods  for  r^ucing  vortex  strength  will  be  considered: 

-  Influence  of  lift  distribudon 

-  Destabilizing  vortex  cotes 

-  Breakdown  of  cores 

-  Splitting  vorticity  and  generating  subvortices 


Effect  of  lift  distribution  on  maximum  circumferential 

yslficiiy 

The  amalgamation  method  permits  investigations  of  the 
roll-up  process  for  arbitrary  lift  distributions.  Fig.  14 
shows  the  mmeimum  circumferential  velocity,  related  to 
the  ftee^stream  velocity  and  the  lift  coefficient,  for  three 
circulation  distributions:  for  an  elliptical  and  a  parabolic 
distribution  as  well  as  for  rectangular  planforms  of 
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various  aspect  ratios.  The  lift  distribution  has  a 
considerable  influence  on  the  vortex  structure.  The 
maximum  circumferential  velocity  differs  by  a  factor  of 
about  4  between  the  parabolic  distribution  and  the 
rectangular  planform.  A  smaller  reduction  of 
circumferential  speed  is  observed  for  all  distributions  if 
the  aspect  ratio  increases. 


An  instability  criterion,  developed  by  Leibovich  and 
Stewartson  [7],  was  used  for  guiding  experiments.  For 
assessing  vortex  stability,  the  measured  circumferential 
and  axial  velocity  profiles  were  approximated 
analytically.  For  this  purpose,  the  circumferential 
velocity  profiles  near  the  vortex  center  can  be  described 
by  the  Lamb-Oseen  model 


Fig.  IS  should  help  to  understand  the  considerable 
influence  of  the  lift  distribution.  This  diagram  presents 
four  different  circulation  distributions;  a  rectangular  wmg 
case  with  an  aspect  ratio  of  8,  the  elliptical,  the  parabolic 
lift  distribution  and  a  special  configuration;  an  Ogee-type 
wing  tip.  The  last  wing  has  a  circulation  distribution 
which  is  in-between  the  elliptical  and  parabolic  case.  All 
distributions  provide  the  same  lift  The  values  of  the 
induced  drag  of  the  parabolic  distribudon  and  the 
rectangular  cases  are  almost  equal  and  differ  by  about 
10%  from  the  elliptical  case.  The  plot  indicates,  that  the 
values  of  the  circuladon  at  midspan  (the  maximum 
value)  are  remarkably  different  from  each  other,  where  the 
parabolic  distribudon  has  the  largest  value  (30%  above 
the  rectangular  case).  It  seems  surprising  that  just  the 
distribudon  with  the  highest  nudspan  circuladon  gives 
the  lowest  maximum  circumferential  speed 
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Vc(r) 
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while  the  axial  velocity  profiles  are  assumed  to  be  of 
Gaussian  type 


(8) 


Va(r) 

y» 


l-8e■'^‘'^ 


Byinserdng  these  analydcal  models  in  the  Leibovich- 
Stewartson  theory,  a  sufficient  condidon  for  vortex 
instability  can  be  derived,  where  parameteis  of  the  vortex 
structure  are  combined  to  a  stability  measure  S 

(9)  <0.9,  with  (T  =  X/ii. 
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This  effect  can  be  easily  understood  if  it  is  nodced  that 
the  induced  drag  varies  only  little  among  the  four  cases. 
An  increase  of  the  midspan  circuladon  by  a  factor  to 
leads  to  an  induced  drag  proportional  to  to^  if  the  core 
radius  would  be  held  constant  Thus,  a  stretching  of  the 
vortex  cores  is  mandatory  to  compensate  for  the  increased 
rotational  energy  in  the  outer  field.  Fig.  16  shows 
quandtadvely  the  large  influence  of  midspan  circuladon 
on  the  maximum  circumferential  velocity.  The  30% 
higher  value  of  the  midspan  circuladon  of  a  parabolic 
distribudon  reduces  the  maximum  ciicumferendal 
velocity  by  a  factor  of  about  7  compared  to  the 
rectangular  planforms.  A  variadon  of  induced  drag  is  of 
minor  importance  on  this  strong  influence,  as  shown  by 
the  plots  in  the  figure. 

For  proving  this  large  effect,  a  wing  with  an  Ogee-tip 
was  investigated.  The  chosen  wing  configuration  is 
shown  in  Fig.  17.  The  dp  vortex  structure  of  the  Ogee 
conflguradon  was  investigated  by  LDV  measurements  of 
axial  and  circumferential  velocity  profiles  as  shown  Fig. 
18.  The  axial  velocity  reveals  a  widely  spread  wake  for 
the  Ogee  configuration  compared  to  the  strong  and  very 
concentrated  wake  of  a  rectangular  planform.  As  a 
consequence,  the  voitex  ewe  is  considerably  larger  and 
the  maximum  circumferential  velocity  for  the  Ogee  tip  is 
reduced  by  an  Oder  of  magniuide  compared  to  the 
rectangular  reference  case. 


Hydrodynamic  instability  of  vortices 

One  method  of  controlling  tip  vortices  might  be  the 
stimulation  of  hydrodynamic  instability  which  could 
possibly  lead  to  vortex  breakdowa 


For  instability,  S  must  be  less  than  0.9.  Most  important 
for  the  following  considerations  is  the  fact,  that 
instability  is  particularly  fostered  by  increasing  the  axial 
velocity  defect  8. 


EApgrimspls  with  spoilers 

To  increase  the  wake  defect,  an  experiment  was  carried 
out  in  which  a  small  spoiler  has  b^  installed  near  the 
wing  tip  at  such  a  position  that  the  additional  wake  of 
the  spoiler  penetrated  the  center  of  the  trailing  vortex. 
The  ^iler  was  placed  on  the  wing  tip  in  a  part  where  a 
high  concentration  of  vorticity  is  to  be  expected.  Its 
position  uimed  out  to  be  very  sensitive  for  destabilizing 
the  vortex.  The  final  spoiler  position  is  shown  in  Fig. 
19.  Results  are  presented  for  a  rectangular  wing 
planform  of  aspect  ratio  AR=4. 

Hg.  20  shows  the  velocity  profiles  of  the  axial  and 
circumferential  velocity  componoits  for  three  different 
downstream  positions.  The  axial  velocity  profiles  change 
significantly  over  a  short  length  in  streamwise  direction. 
From  x/s=0.5  to  0.6,  the  axial  velocity  defect  increases 
r^idly,  firom  0.1  Voo  to  about  0.5*Voo,  but  changes 
only  slightly  over  the  following  distance,  between  0.6  s 
and  2  s.  Within  the  investigated  range  the  circumferential 
velocity  is  only  slightly  reduced. 

A  flow  visualization  experiment  revealed  that  the  sudden 
change  in  the  axial  velocity  coincides  with  a  widening  of 
the  core  region  where  the  straight  vortex  center  winds  up 
to  a  helix  with  a  diameter  in  the  order  of  the  vortex  core, 
Fig.  21.  Downstream  of  that  position  (see  arrow),  the 
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flow  character  does  not  change  any  mote  as  the  photo 
illustrates. 

Evaluating  the  stability  parameter  at  a  downstream 
position  of  x/s=0.6  gives  S=1.03,  a  value  which  comes 
close  to  the  stability  boundary  of  0.9.  Further 
downstream,  at  x/s=2,  the  vortex  is  considered  as  slightly 
unstable,  corresponding  to  S=0.84.  Thus,  it  can  be 
concluded  that  the  change  in  the  flow  behavior,  observed 
in  the  photo,  is  caused  by  a  destabilizing  mechanism 
induced  by  the  additional  wake  of  the  ^iler.  Even 
though  S  falls  a  little  below  the  stability  boundary, 
vortex  breakdown  does  not  appear. 

A  comparison  of  the  time-averaged  velocity  profiles  at 
x/s=2,  with  and  without  a  ^iler,  is  given  in  Fig.  22. 
Beside  the  large  difference  in  the  axial  velocity  —  the 
defect  grows  up  from  about  0  to  about  0.5’Voo,  also  the 
core  radius  and  the  maximum  circumferential  velocities 
differ.  But,  the  most  interesting  maximum 
circumferendal  velocity  is  only  slightly  reduced,  by 
about  20%. 


Breakdown  of  cores 

Yet  another  configuration  was  investigated  which  directly 
stimulates  breakdown. 

As  is  well  known  from  delta-wings  at  high  angle  of 
attack,  leading  edge  vortices  can  breakdown  v^  closely 
behind  <w  even  above  the  wing.  In  general,  this  type  of 
vortex  breakdown  is  combined  with  a  drastic  change  of 
the  flow  pattern.  Now,  the  question  arose  whether  it  is 
possible  to  stimulate  dso  tip  vortices  of  more 
conventional  wing  planforms  to  breakdown.  For  this 
purpose,  a  specially  shaped  wing  with  a  half-delta  tip  was 
designed  and  investigate  in  the  water  tunnel. 

Top  and  front  views  of  the  half-delta  configuration  are 
shown  in  Fig.  23,  in  addition  to  a  reference  wing  tip.  In 
both  cases  the  wing  has  a  rectangular  planform  of  aspect 
ratio  AR=S  with  a  Claik-Y  airfoil.  The  half-delta  is  a 
sharp  edge  plate  which  extends  the  flat  lower  side  of  the 
wing  profile.  In  addition,  a  reference  configuration  with 
the  same  span  width  was  tested.  In  this  case,  the  airfoil 
of  the  inner  wing  is  continued  to  the  tip  and  tapered  with 
the  same  chord  distribution  as  the  half-delta;  leading  and 
muling  edges  are  equally  swept  rearward  and  forward  by 
the  same  angle. 

It  was  found,  that  the  chosen  half-delta  configuration 
generates  a  leading  edge  vortex  as  a  regular  delta  wing 
does.  But,  at  the  same  angle  of  attack,  the  leading  edge 
vortex  is  stronger  at  the  half-delta  and  breaks  down  earlier 
than  leading  edge  vortices  of  delta  wings  because  lift 
coefficient  and  circulation  are  larga  at  a  given  angle  of 
attack.  Fig.  24  indicates,  that,  at  an  angle  of  attack  of 
0=13  de^,  a  concentrated  leading  edge  vortex  breaks 
down  at  apprioxim^ly  the  half  chord  position. 
Corresponding  velixity  profiles  ate  given  in  the  Hg.  2S. 

At  the  half-delta  configuration,  core  radius  and  velocity 
profiles  are  tcmaricably  different  fiom  the  reference  case. 


The  reference  wing  generates  an  axial  velocity  profile 
with  a  narrow  and  deep  defect  revealing  a  smaU  core 
radius.  For  the  half-delta,  the  core  radius  grows  by  a 
factor  of  almost  three  while  the  maximum 
circumferential  velocity  is  reduced  by  about  35%,  related 
to  the  reference  case.  Since  the  angle  of  attack  was  kept 
constant  in  this  experiment,  the  reduction  of  the 
maximum  circumferential  velocity  would  amount  to 
about  45%  at  equal  lift. 


Stator  located  in  a  tin  vortex 

The  last  example  for  alleviating  trailing  vortex  strength 
is  addressed  to  the  splitting  of  the  concentrated  tip  vortex 
into  several  subvortices.  Fw  this  purpose  a  stator  was 
investigated  which  was  located  in  the  tip  vortex  center 
behind  the  wing.  The  stator  consisted  of  four  blades. 

The  redistribution  of  wing  vorticity  by  a  stator  may  be 
described  as  follows.  The  vorticity  in  the  wing  wake  is 
assumed  to  be  highly  concentrated  so  that  the  inflow  to 
the  stator  has  a  strong  rotational  component  If  the 
stator,  with  hub  and  blades,  is  properly  designed  for 
working  in  a  rotational  flow  field,  vorticity  is  transferred 
from  the  wing  tip  vortex  to  the  blade  tip  vortices,  as 
visualized  in  Fig.  26.  The  strength  of  these  vortices 
depends  on  the  blade  design  and  the  number  of  blades. 

Kesults  of  this  effect,  obtained  by  LDV  measurements, 
are  shown  in  Fig.  27.  Here,  the  flow  fields  behind  the 
clean  configuration  and  downstream  of  a  four-bladed 
stator  with  a  radius  of  40%  of  wing  chord  are  compared. 
In  the  latter  case,  axial  and  circumferential  velocity 
components  were  measured  along  two  different  lines.  The 
largest  values  of  maximum  circumferential  velocity  are 
obtained  along  a  line  which  cuts  two  of  Uie  blade  tip 
vortices  (marired  as  0  degree)  while  a  smoothed  profile  is 
measured  along  the  45-degree  line.  In  the  clean 
configuration,  the  maximum  circumferential  velocity  is 
about  five  times  as  high  as  it  is  downstream  of  the 
stator.  The  scattering  of  the  measurements  of  the  axial 
velocity  indicates  that  the  level  of  turbulence  is  raised  by 
the  presence  of  the  stator  which  may,  in  addition,  lead  to 
a  faster  ageing  process. 

In  addition  to  the  velocity  jvofiles,  forces  and  pitching 
momentum  were  measured  in  the  water  tunnel,  using  a 
five-component  strain  gage  balarxe,  to  investigate  the 
perfcvmance  of  different  configurations.  For  the 
configuration  described  above,  the  total  drag  is  reduced  by 
about  7%  at  the  same  lift.  In  principle,  a  stator  in  a 
vortex  field  redistribute  the  vorticity  concentrated  in  the 
tip  vortices.  Behind  a  wing  tip,  the  flow  can  be  deviated 
in  such  a  way  that  some  of  the  rotational  energy  of  the 
tip-vortex  is  recovered.  The  change  in  flow  direction  leads 
to  a  reaction  force  on  the  blades  which  can  reduce  the 
resultant  induced  drag.  A  simple  model  illustrates  this 
effect  where  it  is  assumed  that  the  vorticity,  concentrated 
in  the  wing  tip  vortex,  is  transferred  to  the  tip  vortices  of 
stator  blades  and  spread  over  a  cylindrical  ting  with  the 
radius  of  the  blades  -  as  would  be  the  case  for  a  large 
number  of  staux-  blades.  Then,  the  induced  drag  can  easily 
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be  calculated  using  the  Kuchhoff-Routh  function.  The 
result  of  Uiis  calculation  is  summarized  in  Fig.  28 
showing  a  considerable  reduction  of  the  induced  drag  with 
increasing  values  of  the  ring  radius  a. 

For  radii  of  the  blades  of  10%  of  the  half-span,  about 
20%  of  mduced  drag  can  be  saved  as  a  benefit  offered  in 
addition  to  the  mainly  intended  considerable  reduction  of 
maximum  circumferential  velocity. 


CONCLUSIONS 

Experiments  which  investigated  the  roll-up  process  of  a 
vortex  sheet  behind  lifting  surfaces  of  rectangular 
planform  provided  tlie  results  that 

-  the  core  radius  grows, 

-  the  maximum  circumferential  velocity  decreases  even 
though  the  circulation  in  the  vortex  grows, 

-  the  axial  velocity  at  the  center  of  the  vortex  is 
considerably  reduced. 

These  characteristics  were  reproduced  by  a  computational 
method  for  the  time-dependent  roll-up  process,  developed 
as  a  design  tool,  which  is  based  on  the  Biot-Savart 
approach  with  a  particular  technique  of  amalgamadon. 
The  results  agree  well  with  LDV  measurements 
performed  in  a  water  tunnel. 

The  theoretical  results,  presented  in  the  second  part  of  the 
paper,  showed  a  large  influence  of  the  lift  distribution  on 
maximum  circumferential  velocity.  The  special  devices 
for  vortex  wake  alleviation,  even  if  not  optimized, 
provided 'emaikable  reduedon  of  the  maximum 
circumf  ,  id  velocity.  As  pardcularly  promising,  a 

stator  coii.'iguradon  was  found  which  not  only  reduces 
the  vortex  strength  considerably  but  also  leads  to  a 
decrease  in  the  total  drag  of  the  wing-stator  combinadon. 
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Fig.  7  Point  vortex  simulation  (Biot-Savart) 
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Fig.  8a  Circulation  and  vorticity  distribution  of  the 
amalgamated  vortex 

Fig.  8a  Circumferential  velocity  profile  of  the 
amalgamated  vortex 
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Fig.  9  Simulation  results  obtained  by  the  modified  point  vortex  method  with  amalgamation 


( 


26-11 


Fig.  10  The  dependence  of  vortex  structure  on  rotational 
energy  (K.-R.  Function) 


Fig.  1 1  Comparison  of  measured  cott  radius  with 
simulation  results 


Fig  12  Maximum  circumferential  velocities  depending  on  Fig.  13  Axial  velocity  at  the  vortex  center 
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Fig.  16  Influence  of  midspan  circulation  on  maximum 
circumferential  velocity 


Fig.  17  An  Ogee-type  wing  configuration 


Fig.  20  Velocity  profiles  behind  spoiler  configuration  lug.  21  Flow  visualization  behind  spoiler  configuration 


Fig.  26  Stator  located  in  a  tip  vertex 


Fig.  27  Effect  of  stator  on  velocity  profiles 
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Fig.  28  Reduction  of  induced  drag  by  spreading  voiticity 
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SUMMARY 

The  concept  of  applying  suction  at  the  nose  of  fore- 
bodies  at  high  angle  of  attack  to  control  the  vortex  flow  has 
been  applied  in  static  and  dynamic  wind-tunnel  tests  on  the 
RAE  High  Incidence  Research  Model.  The  first  series  of 
static  tests  showed  that  sideforce  and  yawing  moment 
varied  near-finearly  with  flow  rate  (or  mass  flow)  coefficient, 
rather  than  momentum  coefficient,  up  to  a  maximum,  but  the 
maximum  control  powers  available  were  small  on  the  original 
drooped  forebody.  The  results  for  suction  on  a  large  ogival 
forebody  give  yawing  moment  equivalent  to  about  2S°  of 
rudder  at  an  angle  of  attack  of  30°,  and  significantly  higher 
for  higher  angles.  They  also  show  some  dependence  on 
whether  separation  Is  laminar  or  turbulent,  and  parameters 
defining  the  variation  with  flow  rates  are  compared.  Dyna¬ 
mic  experiments  on  a  f  ree-to-yaw  rig,  with  active  control  of 
flow  rates,  ware  inconclusive  and  further  experiments  are 
being  conducted. 

1  INTRODUCTION 

It  is  wail  known  that  the  vortices  shed  by  the  forebody 
of  an  aircraft  tend  to  become  asymmetric  at  high  angles  of 
attack,  even  at  zero  sideslip  angle,  causing  large  sideforce 
and  yawing  moment  (see  the  summary  in  Ref  1).  Relative  to 
their  symmetric  positions,  one  of  the  vortices  moves  away 
from  the  surface,  and  the  other  moves  closer,  but  which  of 
the  two  moves  in  a  given  direction  appears  to  be  arbitrary. 
Thus  the  sign  of  the  sideforce  is  also  arbitrary,  and  may 
change  as  angle  of  attack  is  increased.  However,  for  a 
given  configuration  at  particular  angle  of  attack,  the  m^ni- 
tude  of  the  sideforce  is  bounded^.  Such  asymmetries  in  the 
sideforce,  yawing  and  possbiy  rolling  moments  cause  air- 
aaft  to  depart  from  symmetric  flight  conditions,  and  may 
lead  to  departure  from  controlled  flight 

Several  experiments^-^  have  been  conducted  using 
small  jets  d  air  very  closa  to  the  nose  to  control  the 
pos'itions  of  the  vortices,  but  most  experiments  repotted 
have  Iwen  static  tests  in  wind  tunnels.  Heydari^  showed 
that  it  is  possible  to  control  a  simple  missile  configuration 
rnounted  on  a  free-to-yaw  rig  by  applying  suction  differen¬ 
tially  at  the  port  and  starboard  holes,  the  amount  of  suction 
being  actively  ccntrotled  using  the  angle  of  skfeslb  as 
feedbag. 

*^0  investigations  reported  here  are  the  first  stages  of 
a  wntinuing  rematch  programme  to  investigate  the  possi¬ 
bility  of  controlling  an  idrcratt  at  high  angle  of  attack  using 
suction  to  influence  the  asymmetric  development  of  the 
nose  vortices.  Section  2  describes  the  models  used,  whilst 
scions  3  and  4  cover  respectively  the  static  and  dynamic 
wind-tunnel  tests.  The  conclusions  of  these  tests  atd 
plans  for  further  work  are  discussed  in  section  5.  Each  of 
these  aspects  of  the  research  programme  is  also  summar¬ 
ised  briefly  below. 


A  lightweight  model  of  the  RAE  High  Incidence 
Research  Modal  (HIRMI )  had  been  made  for  experiments  on 
the  Whirling  Arm  at  Cranfield  Institute  of  Technology,  and 
was  modified  to  have  a  sharp  nose  with  two  suction  holes, 
h  was  also  possible  to  fit  a  suction  control  system  inside 
the  fuselage,  and  to  make  provisbn  for  mounting  the  model 
on  the  free-to-yaw  rig. 

Definitive  static  tests  using  a  conventional  sting  and 
strain-gauge  balance  in  the  13  x  9  ft  wind  tunnel  at  RAE 
Bedford  were  conducted  first,  to  give  data  on  forces  and 
moments  over  ranges  of  angles  of  attack  and  sideslip,  for 
varying  suction  rates.  The  Investigation  by  Heydari^ 
apfMared  to  show  that  the  effectiveness  depended  on 
momentum  of  the  flow  through  the  holes,  so  the  sharp  nose 
was  made  with  smaller  diameter  holes  than  the  original  nose 
tip  used  on  the  missile.  However,  the  results  from  the  first 
series  of  static  tests  showed  that  effectiveness  depends 
on  mass  fbw  (or  flow  rate),  and  the  suction  levels  needed  to 
achieve  the  required  mass  flow  through  the  smaller  holes 
were  too  high  to  be  practicable. 

The  static  tests  were  repeated,  with  the  holes 
enlarged  and  with  flow  meters  to  measure  flow  rates 
directly.  Results  at  nominal  angles  of  attarrit  near  30°  and 
33°  are  as  exited,  with  sideforce,  yawing  and  rolling 
moments  varjring  near-lineariy  with  mass  flow  up  to  a 
maximum  effect,  beyond  which  increasing  mass  flow  does 
not  change  the  force  or  moments.  At  angles  of  attack 
above  about  35°,  the  variation  with  mass  flow  is  not  so 
definitive,  possibly  due  to  the  induced  effects  of  the 
vortices  on  the  canard/wingAail/fln.  Flow  visualisation 
using  a  laser  light  sheet  with  smoke  showed  the  movement 
of  the  vortices  as  flow  rates  were  varied. 

The  results  for  yawing  moment  at  a  >30°  were  used 
to  design  control  laws  for  controlling  the  model  on  the  free- 
to-yaw  rig.  A  ventral  fin  had  to  be  added  to  the  model,  to 
improve  directional  stability  at  high  angles  of  attack,  ft  was 
Just  possbie  to  hold  the  model  at  a  demanded  small  or  zero 
angle  of  skJesrtp,  but  it  was  very  unsteady  on  the  rig,  with 
large  amplitude  oscillations  in  Mh  pitch  and  yaw. 

Several  tonger  forebodies,  without  droop,  have  been 
tested,  in  order  to  obtain  greater  control  powers  from  the 
stronger  vortices  for  angles  of  attack  near  30°,  A  selectbn 
of  the  results  for  the  largest  of  these  forebodies  is 
described,  in  particular  to  show  the  increased  magnitudes 
of  sideforce  and  yawing’ moment  due  to  flow  rate,  and  the 
effects  of  transition  on  the  forebody. 

2  DESCRIPTION  OF  MODEL  AND  TEST 

CONDITIONS 

The  nghtwelght  Model  2206  is  a  4/9-scale  versbn  of 
the  f  ree-flight  model  known  as  HIRMI  (High  Incidence 
Research  Modal),  and  has  canard  and  tai^lane  surfaces 
which  can  be  set  to  various  angles.  The  original  model  had 


ths  long  nos«  probe  as  used  in  the  free-flight  tes's^,  but  for 
the  worit  reported  here  this  was  replaced  initially  by  a  sharp 
nose  on  the  drooped  forebody',  and  later  by  the  saine  sharp 
nose  on  a  longer  undrooped  ogival  forebody.  Both  configur¬ 
ations  are  shown  in  Fig  1 .  and  the  geometric  details  of  the 
model  are  given  in  Table  1 .  The  sting  mounting  in  the  13  x  9 
tunnel  was  compatible  with  the  modal,  so  a  strain  gauge 
balance  could  be  used  for  the  static  tests.  It  was  also 
possbie  to  provide  a  mounting  from  underneath  the 

fuselage  at  the  reference  cen'  so  that  the 

model  could  be  tested  on  the  ti<.-  .o-yaw  rig  for  the 
dynamic  tests. 

The  sharp  nose,  of  iT  Included  angle,  has  two  holes 
about  4  mm  back  from  the  apex,  situated  circumferentially 
at  30°  down  from  the  top,  which  had  been  found^  to  be  the 
optimum  position  for  affecting  the  forebody  vortices  by 
blowing.  An  enlarged  sketch  of  the  ncse  tip  is  shown  on 
Fig  2,  together  with  the  systems  for  applying  the  suction. 
Each  hole  is  connected  to  a  plenum  chamber,  in  which  the 
suction  levels  are  controlled  to  give  varying  flow  rates 
through  the  holes.  For  the  static  wind-tunnel  tests,  the 
constant  suction  levels  were  ^lled  using  suction  equlf^ 
ment  outside  ths  working  section,  and  were  .nonitored  with 
flow  meters  and/or  pressure  gauges.  For  ths  dynamic 
experiments,  the  flow  rates  through  the  two  holes  were 
controlled  by  needle  valves  housed  in  the  fuselage  (see 
Fig  2),  the  positions  of  the  needle  valves  being  changed 
according  to  the  chosen  control  laws.  The  varying  pres¬ 
sures  were  recorded,  but  it  was  not  possible  to  obtain 
continuous  records  of  flow  rates  from  the  flow  maters. 

The  original  nose  used  by  Heydari  had  holes  of 
nominal  diameter  of  1  mm,  but  it  had  been  suggested  that 
smaller  holes  might  be  beneficial,  so  the  new  nose  made  for 
Model  2206  had  holes  of  0.5  mm.  These  holes  did  not  give 
sufficient  flow  through,  since  high  suction  levels,  up  to 
6  psi  instead  of  1  psi,  had  to  be  used  to  change  the  side- 
force  from  one  extreme  to  the  other.  The  original  nose  was 
re-fitted  to  Model  2206  for  part  of  the  first  series  of  tests, 
and  the  new  nose  was  modified  to  have  holes  of  0.75  mm 
diameter,  the  maximum  diameter  possible  for  this  nose 
design,  for  later  tests.  The  nose  cones  also  fit  on  to  the 
ogival  forebody,  which  was  designed  to  blend  with  the  lines 
of  the  original  fuselage  near  the  cockpit  apex. 

A  laser  light  sheet  waa  used  to  visualise  the  vortices 
as  part  of  the  static  experiments,  with  smoke  Introduced 
upstream  of  the  model  at  about  the  height  of  the  nose. 

Video  records  were  taken  of  the  positions  and  movement  of 
the  forebody  vortices  as  flow  rates  were  varied^.  Oil  flows 
were  also  photographed,  most  attention  being  paid  to  the 
separation  and  re-attachment  lines  on  the  forebody^. 

Tests  have  been  made  with  control  settings  to  give 
zero  pitching  moment  near  a  »  30° ,  re  canard  either  zero  or 
-10°,  and  tailplans  -20°.  Tunnel  speed  had  to  be  restricted 
to  33  m/s  with  a  <  37°,  and  to  20  for  higher  angles  of 
attack,  because  of  model  strength  considerations. 
Comparisons  made  by  OrmerocF  with  results  obtained  at 
higher  speeds  (40  mA  and  70  m/s)  on  Model  2130,  fg 
identicat  geometry  and  size,  showed  some  small  Ganges  In 
lift  and  pitching  momarrt  at  wing  stall,  but  these  had  to  be 


*  The  Vnse’  is  defined  here  as  the  nose  tip  shown  in  Fig  1, 
which  is  the  same  external  geometry  for  all  tests,  and  the 
lorebody'  Is  the  fuselage  between  the  nose  tip  and  the 
cockpit. 


accepted  as  it  is  necessary  to  use  ths  lightweight  model  on 
the  free-t'vyaw  rig. 

3  STATIC  WIND  TUNNEL  TESTS 
3.1  Initial  results  for  drooped  forebody 

The  variations  of  tho  control  powers  available  in  side- 
force  and  yawing  moment  due  to  suction  on  either  port  or 
stariMard  side  are  shown  In  Fig  3,  for  a  >  30.9° .  Ths  asyn>- 
metry  In  the  vortex  flow  at  zero  section  is  indicated  by  the 
non-zero  values  of  Cy  and  Cn ,  for  this  test  series  being 
negative.  Suction  on  the  starboard  side  causes  a  positive 
Increment,  and  zero  values  of  Cy  and  Cp  are'eachedat 
the  highest  suction  applied.  Suction  on  ths  port  side 
(shown  on  ths  left-har^  side  of  the  graphs  with  suction 
increasing  in  ths  negative  direction),  causes  a  nsgative 
irwrement,  and  a  limH  appears  to  be  reached  at  the  highest 
suction  levels.  However,  the  control  powers  do  vary 
smoothly  as  suctbn  changes,  and  are  approximately 
additive,  as  shown  by  the  results  for  constant  suction  on 
one  side  and  varying  suction  on  the  other.  These  results 
are  typical  for  angles  of  attack  up  to  about  36°,  and  the 
maximum  control  powers  available  increase  with  of 
attack  in  this  range. 

The  variation  of  sideforce  (or  yawing  moment)  with 
suction  is  presented  in  Fig  3  in  terms  ot  flow  rale  (or  mass 
flow),  although  the  previous  results  on  the  missile  con¬ 
figuration  had  been  presented  in  terms  of  momentum 
coefficient^,  following  the  usage  for  experiments  with 
blowing.  The  two  coefficients  are  defined  as 

Cq  ■  m/pVSpiEF  •  (flow  rate)/VSc)^  assuming 

incompressible  flow  (1) 

Cji  ■  mUH/’/2pV®SREF  .  where  (2) 

m  -  massftow  >  phUhAh' pUhAh  (3) 

/VH  ••  area  of  hole 

Uh  velocity  of  air  through  hole 
Sref  -  wing  area  (0.4073  m^)** . 

It  may  be  shown^  that  the  assumption  of  incompress¬ 

ible  flow  is  acceptable  for  the  low  levels  of  suction  a^^lied, 
less  than  1  psi,  the  maximum  value  of  Ur  being  less  than 
100  m/s. 

It  was  found  that  the  results  measured  for  the  two 
noses  with  different  hole  sizes  did  not  collapse  using  Cn  as 
parameter,  as  shown  in  Frg  4a.  The  sideforce  measureo  at 
a  a  35° ,  whh  suction  applied  through  the  nose  with  0.5mm 
diameter  holes  at  two  tunnel  ^eds,  are  plotted  with  the 
corresponding  results  for  suction  applied  through  the  orig¬ 
inal  nose  (used  on  the  missile  modeP)  with  larger  holes. 
Different  levels  of  asymmet^  were  present  at  zero  suction 
for  these  three  tests,  and  analysis  of  later  results^  (des¬ 
cribed  in  section  3.2)  showed  that  comparisons  should 


**  Wing  area  has  been  used  for  this  report,  but  recent  tests 
in  the  RAE  5m  tunnel  on  the  free-flight  model  indicate 
that  Sref  should  refer  to  hole  geometry  in  some 
manner. 
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be  made  by  considering  incrementai  suction  relative  to  that 
for  symmetric  flow  (fe  zero  sideforce  and  yawing  moment). 
The  data  are  thus  plotted  against  ACp. ,  although  a  similar 
result^  is  obtained  if  aCy  versus  Is  used,  taking  the 
incremental  sideforce  from  that  at  zero  suction.  'Hie 
change  m  sidaforcs  with  momentum  coefficient  is  much 
smaller  for  the  nose  with  smaller  holes,  compared  with 
results  for  the  nose  with  larger  holes.  The  maximum  effect 
had  not  been  reached  at  V  ■  20  m/s  for  suction  on  the 
starboard  side.  A  few  results  at  V  -  34  m.'s  gave  consis¬ 
tent  results.  In  contrast,  tests  with  the  original  nose  at 
V  -  34  m/s  showed  that  the  maximum  effects  on  Cy 
could  be  achieved  with  suction  through  port  or  staiboard 
holes,  and  the  initial  variation  of  Cy  with  is  much 
steeper. 

The  altsrnative  parameter.  How  rate  (or  mass  flow)  is 
more  acceptable  from  a  physical  point  of  view,  since 
suction  should  be  represented  oy  a  sink.  This  does  not 
introduce  a  region  of  flow  in  the  mainstream  with  different 
total  pressure,  in  contrast  to  jets  blown  in  the  stream.  The 
two  holes  in  the  original  nose  were  founo  to  be  of  slightV 
different  diameters,  so  that  same  suction  level  gives 
different  flow  rates.  The  slopes  cf  Cy  with  ACq  are  the 
same  for  the  port  and  staneoard  holes  on  both  noses,  and 
for  the  two  speeds,  as  shown  in  Fig  4b.  The  collapse  of  the 
lesults  on  to  a  mean  line  is  remaikably  good,  as  the  model 
was  unsteady  on  the  sting,  leading  to  scattered  data. 

Repeat  readings  were  taken,  to  Indicate  the  magnitude  of 
the  unsteadiness,  and  these  are  shown  in  Fig  4  for  one  of 
the  tests  at  V  >  20  m/s  . 

3.2  Control  powers  with  the  large  forebody 

The  tests  with  the  original  forebody  (without  nose 
probe)  showed  that  the  sideforce  and  yawing  moments 
generated  by  suction  through  one  of  the  holes  near  the 
apex  ware  near  their  maximum  values  with  flow  rats 
coefficients  of  Cq  ■  2.S  x  10'® .  The  results  for  these  flow 
rates  applied  to  the  original  and  la^e  forebodies  are  shown 
in  Fig  5.  It  may  be  seen  that  significant  control  powers  are 
present  (or  a  >25“  for  the  large  lorebody,  and  that  there 
is  a  factor  of  about  f  0  between  maximum  powers  for  the  two 
different  forebodies  at  a  >33°  The  results  (or  flow  rates 
through  port  and  staiboard  holes  aie  also  symmetric  for  the 
large  forebody,  indicating  that  the  vortex  flows  from  the 
forebody  are  mirrornmages  of  each  other  for  large  equal 
flow  rates  through  port  or  starboard  holes,  despite  the 
random  asymmetry  at  zero  flow  rates. 

The  yawing  moment  due  to  10°  of  rudder  is  also  shown 
in  Rg  5;  the  rudder  Is  still  effective  at  a  >  30° ,  and  the 
small  control  power  available  with  the  original  forebody  is 
obvious.  However,  the  maximum  yawing  moment  on  the 
large  ogival  forebody  is  equivalent  to  about  25°  of  rudder  at 
c  -  30° ,  and  at  higher  angles  of  attack  the  rudder  loses 
effectiveness  while  suction  at  the  nose  causes  increasing 
yawing  moment,  up  to  the  highest  angle  of  attack  tested, 

41°. 

The  variations  of  sideforce,  yawing,  rolling  and  pitch¬ 
ing  moments  with  varying  flow  rates  are  shown  In  Fig  6a-d, 
for  angles  of  attack  between  25°  and  37°.  Results  for  flow 
rates  through  the  port  holes  are  shown  on  the  left  of  each 
graph,  increasing  flow  rate  being  plotted  in  the  negative 
direction,  with  conventional  increasing  flow  rate  through  the 
starboard  hole  shown  on  the  right. 


The  shape  of  the  variations  of  Cy  and  Cn  with  Cqp 
and  Cqs  (Fig  6a&b)  are  similar  to  those  obtained  with  the 
original  forebody,  but  the  maximum  positive  and  negative 
values  arc 'almost  symmetric,  even  though  sideforce  and 
yawing  moments  are  not  zero  at  zero  flow  rate.  The  results 
were  analysed  to  see  if  a  suitable  approximate  formula 
could  represent  the  variation  adequately,  based  on  empiri¬ 
cal  data.  It  was  found  that  the  same  form  could  be  chosen 
for  Cy  and  Cn  for  variation  between  the  maximum  pos'itive 
and  negative  levels,  re 

^-T(3-2iyl'''0,  W 

where  y>(Q-Qo)/Ql,  and  O  is  How  rate,  Qq  is  the 
value  at  which  Cy  is  zero,  [QL-i-Oo]and[-Q[.  +  Oo]are 
the  values  at  which  the  maximum  ±Cyi.  aie  attained.  For 
(.low  rates  greater  than  these,  sideforce  and  yawing  moment 
remain  at  the  maximum  positive  and  negative  values  for  flow 
rates  on  starboard  and  (Mrt  sides  respectively.  Q  is  here 
taken  to  be  positive  for  flow  rate  through  staitxsard  hole, 
and  negative  through  port  hole.  The  values  of  Cyi.,Qo 
and  Ql  were  chosen  to  obtain  a  good  fit  to  the  experimen¬ 
tal  data,  by  the  method  described  in  the  /tppendix.  A  come- 
sponding  expression  for  Cn  was  used,  with  different  values 
of  Qq  and  Ql  at  given  angle  of  attack.  (Note  that  the 
coefficient  form  of  How  rate  could  be  used,  but  it  is  not 
necessaiy  to  denote  this  in  the  equations  because  only 
ratios  are  needed.) 

The  variation  of  these  parameters  with  angle  of  attack 
is  discussed  in  the  section  3.3,  where  further  comparisons 
are  made.  The  mean  curves  oUained  from  these  empirical 
formulae  are  shown  in  Rg  6a&b,  and  are  seen  to  be  accept¬ 
able  representations  of  the  variations  with  flow  rate.  It  was 
also  found^  that  the  formulae  could  be  used  using  differen¬ 
tial  How  rate,  as  Indicated  by  the  earlier  results  shown  in 
Fig  3. 

it  has  not  been  thought  worthwhile  to  find  approximate 
formulae  for  rolling  and  pitching  moments,  although  it  may 
be  possible  to  derive  nonlinear  forms.  The  variation  of 
rolling  moment  with  flow  rates  is  shown  in  Rg  6c,  and  is 
seen  to  be  irregular  for  angle  of  attack  greater  than  31  °, 
having  a  large  effect  for  small  flow  rates,  but  then  decreas¬ 
ing  as  flow  rate  increases  further.  Such  characteristics 
would  be  difficult  to  use  in  a  flight  control  system.  Pitching 
moments  (Fig  6d)  are  also  affected,  particularly  at  the 
higher  angles  of  attack  and  small  flow  rates,  but  these  may 
possibly  be  alleviated  if  the  flight  control  system  includes  a 
control  law  to  maintain  constant  angle  of  attack. 

3.3  Effect  of  transition  strips  on  forsbody 

During  the  first  series  of  tests  (October  1969)  with  the 
large  forebody,  D  G.  Mabey  suggested  that  the  position  of 
the  change  from  laminar  to  turbulent  separation  on  the  fore¬ 
body  could  affect  the  control  powers,  although  previous 
work  by  Mundell®  using  small  geometric  asymmetry  to  trip 
the  vortex  asymmetry  had  shown  no  effect  on  sideforce  and 
yawing  moment  due  to  changing  Reynolds  number,  and 
tests^  at  the  two  wind  speeds  of  20  m/s  aruf  33  m/s  on  the 
original  forebody  had  not  shown  any  deHnite  trends.  Transi¬ 
tion  strips  of  gritted  paper  were  stuck  on  the  forebody  at 
about  60°  radial  position,  fa  below  the  expected  laminar 
separation  line,  and  soma  measurements  were  made  with 
the  model  on  the  strain-gauge  balance  and  sting.  These 
showed  appreciable  changes  in  the  rttaximum  magnitude  of 
the  control  forces,  but  later  experiments  (January  1990) 
with  flow  visualisation  using  oil  flows  sirowed  that  the 
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transition  had  not  boon  complata.  Repeat  force  measure¬ 
ments  were  undertaken  in  January  1M0,  using  longer 
transition  strips  on  the  large  forebody,  from  near  the 
junction  of  the  nose  apex  and  the  forebody  to  the  cockpit 
position,  as  shown  in  Fig  7. 

Although  the  same  nose  cone  and  same  large  fore¬ 
body  were  used  for  the  two  test  series,  the  sign  of  the 
asymmetries  was  reversed,  as  shown  by  the  results  for 
yawing  moment  with  zero  suction  in  Rg  7.  The  addition  of 
the  transition  strips  did  not  change  the  sign  of  the  basic 
asymmetry  in  vortex  flow,  although  there  are  small  changes 
in  the  magnitude  of  Cp.  However,  with  flow  rate  coeffi¬ 
cients  of  2.5  X 10*^ ,  the  results  for  maximum  yawing 
moments  for  the  two  series  of  tests  are  similar  when 
transition  is  free,  as  shown  in  Fig  7,  any  differences 
between  the  two  sets  of  results  for  free  transition  being 
much  smaller  than  the  difference  at  zero  flow  rate. 

The  results  in  Rg  7  also  show  that  the  transition 
strips,  which  causa  the  separation  to  be  turbulent  along  the 
foreb^y,  cause  a  loss  in  maximum  effects  of  flow  rates, 
the  loss  increasing  as  angle  of  attack  increases,  re  there  is 
less  control  power  available  if  the  boundary  layer  is  turbu¬ 
lent.  However,  at  angle  of  attack  below  the  onset  of  asym¬ 
metry  with  zero  suction,  which  occurs  at  about  a  •  29° 

(Rg  7),  the  control  powers  are  nominally  unaffected  by 
transition. 

Analysis  of  the  resuKs  for  varying  flow  rate  showed 
that  the  same  form  of  variation  of  Cy  and  Cp  could  be 
used,  with  different  values  of  the  parameters  at  a  given 
angle  of  attack.  An  example  is  shown  in  Rg  8a,  for  yawing 
moment  at  a  •  30.9° .  The  two  important  parameters  are 
CpL ,  the  maximum  control  power  shown  in  Rg  7,  and  Cqi.  , 
the  range  of  effectiveness  of  flow  rate.  It  was  found  that 
fixing  transition  also  reduced  this  range  (see  Rg  8b),  as 
well  as  reducing  the  maximum  control  power,  but  there  is  a 
progressive  change  in  yawing  moment  with  flow  rates.  Also 
shown  on  Rg  8b  is  the  pressure  difference  required  to  give 
these  levels  of  flow  rate  for  a  full-scale  aircraft  flying  at 
M  •  0.3  at  20K  ft  assuming  that  SreF  (Eq-(1))  refers  to 
hole  geometry.  For  values  of  Ap  <' 2  psi,  the  internal  flow 
can  be  assumed  to  be  Incompressible,  so  such  flow  rates 
are  achievable  without  choking. 

As  mentionsd  above,  the  maximum  yawing  moments 
shown  in  Rg  7  give  the  parameter  Cpi.  ,  and  the  value  of 
Cyl  may  also  be  obtained.  These  viilues  have  been  used 
to  derive  the  moment  arm  of  the  maximum  asymmetric  side- 
force.  When  the  position  is  plotted  relative  to  the  model 
geometry  ahead  of  the  centre  of  moments  (shown  in  Rg  9), 
it  is  obvious  that  forebody  effects  dominate  over  those  of 
the  fin,  with  sideforce  acting  near  the  front  of  the  cockpit. 
The  effects  of  transition  state  are  seen  to  be  small,  so  it  is 
the  magnitude  of  maximum  sideforce  which  is  changed  by 
the  change  from  laminar  to  turbulent  separation,  rather  than 
its  axial  location. 

3.4  Effect  of  eldeellp 

Results  are  available^  for  angles  of  sideslip  between 
-4°  and  44°,  over  the  range  of  angle  of  attack  and  flow  rates. 
The  values  of  derivatives  for  the  model  with  the  original  fore¬ 
body  were  not  significantly  dependent  on  flow  rates,  but  the 
data  for  the  large  ogival  forebody  were  very  nonlinear.  The 
derivatives,  evaluated  for  P  -  x1° ,  showed  significant 
changes  for  small  flow  rates,  but  are  not  discussed  here. 


4  DYNAMIC  TESTS  WITH  ORIGINAL 

FOREBODY 

For  the  dynamic  tests  the  model  was  mounted  on  a 
spindle  with  bearings,  so  that  it  was  free  to  yaw  about  the 
b^y  axis,  and  the  vertical  support  was  bra^  with  wires, 
as  may  be  seen  in  Rg  10.  Initial  tests  were  with  the  model 
tied  to  load  cells  mounted  at  the  side  of  the  tunnel,  to  check 
that  steady  flow  rate  gave  similar  effects  to  previous  results 
from  the  static  tests.  For  the  actual  dynamic  tests,  the 
wires  attaching  the  model  to  the  load  cells  were  lengthened, 
to  restrain  the  model  to  a  maximum  sideslip  angle  of 
Ifil  •>  3.9° .  The  model  could  be  fixed  at  angles  of  attack  of 
30°  and  35°  (plus  higher  angles  not  investigated),  and  was 
found  to  be  rather  unsteady  in  pitch.  The  directional  stabil¬ 
ity  in  yaw  is  unstable  for  a  >  22° ,  so  a  ventral  fin  was 
added  (a  spare  canard  surface),  and  tests  showed  that 
stabilfty  was  about  neutral  at  a  >  30° . 

The  needle  valves  and  actuators  were  mounted  in  the 
model,  but  the  analogue  computer  with  the  control  laws  was 
outside  the  tunnel,  as  were  the  flow  meters  indicating  the 
changes  in  flow  rates.  (It  was  not  possible  to  record  flow 
rates,  but  analogue  records  were  taken  of  pressures  in  the 
nose  cavities,  and  of  signals  in  the  analogue  computer.) 

The  computer  controlled  the  flow  rates  to  starboard  and  port 
holes  via  the  needle  valves,  changing  the  rates  differen¬ 
tially  in  response  to  the  angle  of  sideslip.  The  aim  of  the 
control  law  was  to  hold  a  steady  demanded  angle  of  side¬ 
slip,  usually  zero,  so  a  proportional  plus  integral  feedback 
of  the  error  in  sideslip  (or  yaw)  angie  was  us^. 

Tire  model  was  very  unsteady  In  both  pitch  and  yaw  at 
a  ■  35° ,  but  some  results  were  achieved  with  the  model  at 
30°  and  two  examples  are  discussed  here.  The  mean  yaw 
angle  of  the  model  {»  sideslip  angle)  could  be  changed 
using  the  demand  system,  but  the  unsteady  oscillation  was 
of  similar  amplitude  to  the  changes  which  could  be  made 
before  maximum  flow  rate  was  reached,  so  quantitative 
measurements  of  lags  or  response  to  varying  gains  could 
not  be  made.  The  changes  in  p-demand  are  indicated  on 
Fig  1 1  by  the  number  of  turns  on  the  potentiometer  deter¬ 
mining  the  offset  level  on  the  input  amplifier. 

For  the  first  50  seconds  of  the  record,  shown  on  the 
left-hand  side  of  Rg  1  la,  the  model  was  being  held  at  a 
positive  sideslip  angle  of  about  2°  with  flow  rates  just  above 
half  that  available  (Rg  1 1c),  indicated  by  the  positions  of 
the  servos  controlling  the  needle  valves.  Note  that  the  sign 
of  the  port  senro  is  opposite  to  that  of  the  starboard,  so  that 
records  appear  to  be  (wal’el  rather  than  mirror  images  in 
Rg  1 1c.  The  mean  value  of  the  error  signal  is  zero 
(Fig  1  la),  shown  by  the  dashed  line.  As  the  demand  is 
changed  to  a  smaller  angle.  In  the  approximate  time  intenral 
between  about  55  seconds  and  65  seconds,  the  needle 
valves  controlling  the  flow  rate  move  to  very  near  their 
limiting  position  (maximum  (low  rate  on  startoard  and  zero 
on  port),  while  the  model  moves  to  a  near-zero  sideslip 
angle.  However,  the  error  signal  is  not  zero,  and  a  limiting 
position  is  reached,  but  the  model  does  not  diverge  com¬ 
pletely  because  of  limiting  imposed  in  the  control  Taws.  The 
records  on  the  right-hand  side  show  that  the  model  moves 
back  to  near  its  original  positive  sideslip  angle  when  the 
demand  is  changed  back  again.  Theampiftudeofthe 
oscillatory  disturbance  appears  to  be  greater  when  the  flow 
rates  are  near  the  limits. 

Experiments  were  made  to  investigate  the  effects  of 
changing  the  relative  gains  on  the  proportional  and  integral 
terms,  and  a  differential  term  was  also  added.  There  were 
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differences  in  the  responses,  but  it  was  not  possible  to 
determine  an  optimum  control  law,  although  the  responses 
shown  in  Fig  1 1  are  typical  of  the  best  achieved. 


The  model  with  the  large  forebody  was  also  tested  on 
the  freeMo-yaw  rig,  but  the  increased  control  powers 
available  meant  that  the  needle  valves  were  only  working 
over  a  small  part  of  their  range.  The  model  was  controlM 
for  short  intervals,  but  a  divergent  oscillation  occurred,  of 
high  frequency.  Experiments  are  continuing  to  investigate 
whether  this  instability  is  due  to  aerodynamic  or  servo 
characteristics. 


5  CONCLUSIONS 


The  static  tests  have  shown  that  the  force  and 
moments  due  to  the  asymmetry  in  forebody  vortices  on 
HIRM1 ,  at  angles  of  attack  greater  than  28°,  can  be 
affected  by  suction  applied  through  two  small  holes  very 
near  the  nose  apex.  The  effectiveness  appears  to  deper^d 
on  flow  rate,  rather  than  momentum  coefficient  used  for 
blowing  tests,  so  most  results  are  presented  in  terms  of  flow 
rats  coefficient. 


The  control  powers  available  in  sideforce  and  yawing 
moment  are  highly  dependent  on  the  forebody  length  at  a 
given  angle  of  attack,  as  they  depend  on  the  strength  of  the 
forebody  vortices.  Results  for  suction  applied  at  the  nose 
of  the  large  forebody  also  showed  that  the  maximum  control 
powers  are  also  de^ndent  on  the  position  of  the  change 
from  laminar  to  turbulent  separation  on  the  forebody,  so 
future  tests  will  be  with  transition  fixed  by  strips  along  the 
80°  generator.  Further  series  of  static  and  dynamic  tests  in 
wind  tunnels  are  being  undertaken,  with  a  selection  of 
undrooped  forebodies  of  various  fineness  ratios. 


Dynamic  tests  with  the  model  mounted  on  a  free-to- 
yaw  rig  were  not  conclusive,  due  mainly  to  the  unsteadiness 
of  the  rig  and  model  in  pitch  and  yaw.  A  simple  proportkinal 
+  integral  control  law  was  derived  to  minimise  the  error 
between  actual  and  demanded  sideslip  angle,  using  sideslip 
angle  as  feedback,  and  needle  valves  to  control  flow  rates 
to  the  port  and  starboard  holes  individually.  It  was  just 
possible  to  maintain  the  modal  with  the  drooped  forebody  at 
zero  sideslip  or  at  demanded  positive  sideslip  angle,  with 
angle  of  atUmk  at  30°. 


Plans  are  being  made  to  incorporate  the  active  control 
of  flow  rates  on  a  free-flight  model  d  HIRMI,  to  be  tested  at 
RAE  Larkhill.  The  origin  j  drooped  forebody  will  be  replaced 
by  a  longar  ogival  forebody,  probably  using  one  of  the  nose 
tips  from  the  wind-tunnel  models,  and  the  needle  valves 
can  also  be  used.  Suction  will  be  provided  by  an  electric 
pump.  The  existing  Departure  Prevention  System  will  be 
used  to  give  stabilised  flight,  but  it  is  unlikely  that  angles  of 
attack  greater  than  about  33°  will  be  controllable,  bemuse 
the  rudder  becomes  Ineffective  for  a  >  35° . 


Appendix  Evaluation  of  parameters  In 
empirical  formula 


The  parameters  defining  the  maximum  control  power 
and  the  range  of  control  effectiveness  are  used  in  the 
empirical  formula  for  Cy  and  Cp  as  functions  of  flowrate 
given  in  Eq.(4)  in  the  main  text,  re  for  yawing  moment. 
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where  (Q  -  QqVQl  .  These  parameters  are  shown  in 
Tig  8a,  for  yawing  momenL  together  with  the  parameter 


Cqo  ,  which  may  have  a  random  value  depending  on  the 
amount  of  asymmetry  in  the  vortex  flow  at  zero  suction  in  a 
particular  test. 


The  value  of  Cpj,  is  given  directly  by  the  experimental 
data,  as  shown  In  Fig  8a,  where  a  mean  value  is  chosen  if 
there  is  a  difference  in  positive  and  negative  levels.  The 
flow  rales  at  which  half  the  maximum  positive  and  negative 
CpL  are  obtained  may  be  interpolated  from  the  expenmental 
data,  and  Eq.(4)  gives  that 


-  ±  ^  wh„n  y  -  ±0.25 . 


These  values  of  flow  rates  through  port  and  starboard  holes 
are  designated  -Opj  and  Qsi  respectively,  and  are  used 
to  give 


Ql  -  2(Qsi+Qpi) 


QSt-Qpt 
Qo  -  - 2 - 


It  should  be  noted  that  analysis  of  Cy  and  Cp  at  a  given 
angle  of  attack  usually  gives  different  values  of  Qj.  and 

Qo. 


Table  1  Geometric  details  of  Model  2206 


area  S  •  0.40731  m^  (gross) 

span  b  »  1.1572  m 

chord  c  >  0.38575  m  (aerodynamic  mean) 

LE  sweep  42° 


TE  sweep  14° 
LE  droop  20° 


Forebody 


droop 
length,  m 


maxdia,m  0.156 


0.79  (from  canard/ 
body  junction) 

C.15B 

27°  (cone  angle) 


Canard  deflection 


Tail  deflection 


Centre  of  moments  0.125  c  (0.84965  m  behind  original 
nose  apex) 
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Fig  10  Model  on  Iree-to-yaw  rig,  showing  support  wires,  load  cell  and  ventral  tin 
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AN  EXPERIMENTAL  INVESTIGATION  OP  VORTEX  FLAPS  ON  A 
CANARD  COMBAT-AIRCRAFT  CONFIGURATION 


D.  A.  Lovell 

Royal  Aerospace  Establishment 
Famboiough,  Ham^hireGU146TD,  England 


SUMMARY 


A  low-speed  wind-tunnel  investigation  of  two  vortex- 
flap  configurations  fitted  to  a  canard-delta  combat-aircraft 
research  model  having  a  53°  sweep  wing  is  reported.  The 
effect  of  foreplane  interference  and  vortex-flap  geometry  on 
the  aerodynamic  performance  of  the  vortex  flaps  Is  deter¬ 
mined.  It  is  concluded  that  vortex  fla(»  can  generate  large 
gains  In  trimmed  lift  and  lift  to  drag  ratio,  particularfy  whan 
used  in  conjunction  with  trailing-edge  flaps. 

1  INTRODUCTION 

For  an  effective  combat  aircraft,  high  aerodynamic 
efficiency  needs  to  be  maintained  up  to  high  angles  of 
incidence,  on  configurations  for  which  the  wing  shape  is 
largely  determined  by  transonic  and  supersonic  perform¬ 
ance  requirements.  Variable-camber  leading-edge  and 
trailing-^e  devices  have  commonly  bean  used  to  provide 
good  sustained-turn  performance  at  moderate  values  of  lift 
coefficient.  At  higher  angles  of  inddance,  appropriate  to 
instantaneous-turn  performance  and  combat  agility,  the 
flow  on  combat-aircraft  wings  with  round  leading  edges 
becomes  lass  ordered,  leading  to  a  large  increase  in  drag 
and  a  reduction  In  controllability  of  the  aircraft.  Vortex  flaps 
(Fig  1)  have  been  Investigated  extensively  as  a  potential 
means  of  providing  a  controlled  vortex  flow  at  high  angles  of 
incidence,  and  more  eff'cient  lift  generation.  The  pioneering 
work  by  Rao1  at  NASA  Langley,  and  the  subsequent  work  at 
Langley  reviewed  by  Rao  and  Campbell^,  has  shown  that  a 
sharp-edged,  flat  plate,  extending  from  the  leading  edge  of 
wings  with  sweeps  in  the  range  60°  to  74°,  can  produce 
significant  gains  in  lift  to  drag  ratio  at  moderate  to  high 
angles  of  inddence.  This  work  led  to  the  successful  flight 
test  of  a  fixed,  leading-edge  vortex  flap  on  an  F106  aircraft. 

The  aim  of  the  research  on  vortex  flaps  at 
Aerodynamics  Department,  RAE,  Is  to  investigate  the 
potential  gains  in  aerodynamic  performance  from  the  use  of 
a  vortex-control  device  that  could  be  incorporated  as  a 
variable  geometry  device  on  the  wing  of  a  canard-delta 
combat  aircraft.  The  cavity-flap  arrangement  proposed  by 
Rao^  (Fig  1)  has  been  chosen  as  being  more  acceptable 
structurally  than  the  leading-edge  vortex  flap.  With  a  cavity 
flap  it  is  envisaged  that  by  fixing  the  flap  on  the  wing  lower 
surface  (typically  at  5%  <^rd  aft  of  the  nose)  a  vortex  shed 
from  the  sharp  leading  edge  may  be  contained  within  the 
cavity  formed  between  the  top  surface  of  the  flap  and  the 
undersurface  of  the  basic  wing  leading  edge.  The  cavity 
flap  has  been  investigated  at  RAE  using  a  canard-delta 
research  model  having  a  wing  of  53°  sweep  (Fig  2)  to  deter¬ 
mine  the  effect  of  a  foreplane  on  the  aerodynamic  perform¬ 
ance  of  a  vortex  flap,  arid  whether  the  device  remains 
effective  on  wings  of  lower  sweep  than  those  tested  at 
Langley.  The  combat-aircraft  research  model  has  been 
used  previously  for  extensive  investigations  of  canard 
configurations^.  This  paper  presents  results  from  low 
speed  wind-tunnel  tests  of  two  vortex-flap  planforms 
(Fig  3),  rxrnstant  chord  and  constant  percentage  chord, 
covering  a  range  of  flap  chords  and  deflection  angles. 
Measurements  of  longitudinal  forces  and  moments  have 
been  made  up  to  an  angle  of  incidence  of  47°,  for  a  range  of 


foreplane  deflection  angles,  and  without  a  foreplane.  The 
effect  of  deflecting  trailIng-edge  flaps  in  conjunction  with 
vortex  flaps  has  l^n  examined,  and  a  comparison  has 
been  made  between  the  vortex  flaps  and  the  conventional 
leading-edge  flaps  fitted  to  the  model.  These  data  have 
been  used  to  assess  the  trimmed  lift  and  drag  performance 
of  the  canard  configuration  for  several  arrangements  of 
wing  high-lift  devices. 

2  DESCRIPTION  OF  THE  MODEL 

A  general  arrangement  of  the  RAE  canard  research 
model  is  shown  In  Fig  2,  and  the  prindpal  dimensions  are 
given  In  Table  1.  The  general  characteristics  of  the  model 
have  been  investigater^  for  three  wing  sweep  settings  (48°, 
53°  and  58°).  The  model  features  a  low  asped-ratio  wing 
design^  having  a  camber  and  twist  distribution  chosen  to 
meet  a  design  point  of  Cl  -  0.45  at  M  •  0.9,  for  the  58° 
sweep  setting.  Two  alternative  camber  shapes  were 
incor^rated  by  means  of  full-span  deflection  of  leading- 
edge  and  trailing-edge  sections  of  the  wing,  to  meet 
manoeuvre  conditions  at  M  «  0.8  (Cl  •  0.6),  and  M  «  0.7 
(Cl  «  0.7).  The  wing  design  for  the  58°  sweep  setting  has 
also  been  tested  in  an  extensive  high-incidence  research 
programme,  including  free-flight  and  wind-tunnel  measure¬ 
ments^.  The  fuselage  has  a  basically  rectangular  cross- 
section  with  rounded  comers,  an  axisymmetric  nose  and  a 
faired  canopy.  Fig  3  shows  a  photograph  of  the  basic 
model.  Two  types  of  planform  were  tested  for  the  vortex 
flaps,  constant  chord  and  constant  percentage  chord  {ie 
linearly  tapered),  and  these  are  sketched  in  Fig  4.  Table  2 
lists  the  range  of  values  of  the  geometric  parameters 
tested.  All  the  flaps  extend  over  the  full  wing  span,  and 
have  streamwise  edges.  Fig  5  shows  a  photograph  of  the 
model  fitted  with  the  constant-choid  vortex  flaps.  Fore¬ 
plane  detlecten  angles  covering  a  range  from  0°  to  -25°,  and 
wing  trailing-edge  flap  deflections  of  5°  and  10°  were  tested. 
To  provide  a  comparison  with  a  conventional  leading-edge 
device,  the  basic  wing  leading-edge  flap  was  drooped  to 
10°,  as  shown  in  Fig  1. 

3  DESCRIPTION  OF  TESTS 

The  tests  were  made  in  the  3.5m  x  2.6m  Low-speed 
Atmospheric  Wind  Tunnel  at  RAE  Famborough,  at  a  wind- 
speed  of  85  m/s.  Reynolds  number  based  on  aerodynamic 
mean  chord  was  2.2  million.  A  transition-fixing  band  was 
attached  to  the  body  60  mm  aft  of  the  nose,  but  tiansition 
was  allowed  to  occur  naturally  on  the  wings  and  foreplanes. 
The  model  was  mounted  on  an  internal  6-componenl  strain- 
gauge  balance,  which  was  connected  to  a  20°  cranked 
sting.  With  this  mounting  arrangement  an  angle  of  indd- 
eneo  range  from  13°  to  47°  was  covered  in  2°  increments. 
Corrections  were  applied  to  the  model  angle  of  inddence  to 
allow  for  the  bending  of  the  model  sting  under  load. 

Because  of  the  small  size  of  the  model;  wing  area  is  3%  of 
the  tunnel  cross-sectional  area,  no  corrections  were  applied 
for  the  constraint  effects  of  the  wind-tunnel  walls.  All  of  the 
results  are  refened  to  a  moments  reference  centre  at 
0.2413c. 


4.2  Effect  Of  vortaX'fiap  gaomotry 


4  RESULTS  AND  DISCUSSION 
4.1  Effacta  of  laading-adga  davicaa 

Fig  6  shows  the  variation  with  angle  of  incidence  of 
the  lift  performance  of  the  model,  starting  from  the  basic 
wing-body  combination  and  adding  various  high-lift  devices. 
While  the  foreplane  produces  only  a  moderate  increment  in 
lift  at  low  angles  of  inddence  it  has  major  effect  at  high 
incidence,  where  a  large  increment  in  lift  is  produced.  The 
dose-coupled  foreplane  functions  in  a  similar  manner  to  a 
wing  leading-edge  slat  by  reducing  the  loading  on  the 
inboard  section  of  the  wing,  and  hence  allowing  attached 
flow  to  be  maintained  to  a  higher  angle  of  incidence.  At  the 
higher  angles  of  Incidence  the  vortex  f  bw  generated  by  the 
foreplane  interacts  with  the  wing  fbw  to  stabilise  the 
separation  of  the  wing  fbw,  in  a  similar  manner  to  a  leading- 
edge  root  extension.  Drooping  the  leading-edge  sectbn  of 
the  wing  produces  a  further  small  Increment  In  lift  coeffident 
(0.035).  Adding  a  vortex  flap  to  the  base  wing  profile  gives 
a  large  Increment  in  lift  at  the  higher  angles  of  incidence 
test^.  The  fractional  gains  in  lift  are  typically  up  to  30% 
higher  than  the  fractbnal  increases  in  projected  area 
obtained  by  depbying  the  vortex  flaps.  The  constant- 
percentage-chord  vortex  flap  (15%  of  local  chord)  produces 
a  deaement  In  lift,  relative  to  the  basb  wing,  at  the  bwer 
angles  of  incidence.  This  may  be  due  to  the  effect  of  the 
large-chord  inboard  section  of  the  flap  on  the  effective 
inr^ence  of  the  wing  in  the  root  regbn,  combined  with  the 
effect  of  the  downwash  flow  from  the  foreplane.  In  contrast 
the  constant-chord  vortex  flap  (40%  of  tip  chord)  produces 
a  gain  in  lift  over  the  whob  incidence  range.  Some  prevbus 
measurements  of  forces  and  moments  for  angles  of  incid- 
ence  in  the  range  -5°  to  20°  had  shown  that  separated  flow 
existed  on  the  underside  of  the  vortex  flap  up  to  angles  of 
incidence  greater  than  10°. 

Fig  7  shows  the  variatbn  of  axial  force  coefficient 
with  angle  of  inddence  for  the  same  set  of  model  configur- 
atbns.  For  all  of  these  configuratbns  negative  values  of 
axial  force  (re  a  thrust  force  abng  the  body  axis)  are 
obtained.  The  effect  of  adding  the  foreplane  to  the  basic 
wing-body  combination  is  to  delay  the  loss  of  thnjst  by  10° 
incidence,  and  to  maintain  some  significant  thrust  compon¬ 
ent  up  to  the  highest  angle  of  incidence  tested.  Drooping 
the  leading  edge  produces  an  increment  in  thnrst  of  ^ut 
-Ca  >  0.03  over  most  of  the  incidence  range  tested.  Adding 
vortex  flaps  to  the  basic  wing  produces  a  very  large 
increase  in  thrust,  with  a  maximum  increment  of  -Ca  -  0.13. 
Comparison  of  the  changes  in  projected  vertical  area  for  the 
wing  with  the  drooped  leading  edge  and  with  the  vortex  flaps 
fitted  indicates  that  a  greater  mean  suetbn  is  acting  on  the 
upper  surface  of  the  vortex  flap.  The  thrust  product  at 
bwer  angles  of  incidence  by  the  constant-percentage- 
chord  vortex  flap  is  bwer  than  that  from  the  constant-chord 
flap,  presumably  because  the  former  has  a  larger  proportbn 
of  the  flap  area  inboard  on  the  wing,  whbh  is  subj^^  to 
the  downwash  field  from  the  foreplane.  Fig  8  shows  the 
variatbn  of  L/D  with  lift  coefficient  for  the  set  of  high-lift 
devices.  Combining  the  benefits  of  increased  lift  and 
reduced  drag,  the  foreplane  produces  a  very  large  gain  in 
L/D  performance  when  added  to  the  basb  wing-body 
combinatbn.  The  further  gains  from  dtooFring  the  leading 
edge  become  small  above  Cl  •  1.2,  but  this  device  matdies 
the  performance  of  the  constant-percentage-chord  vortex 
flap  for  Ct  <  1 .0.  At  values  of  lift  coeffident  greater  than  1 .0 
the  vortex  flaps  produce  considerabla  gains,  wHh  the 
constant<hord  vortex  flap  being  consistently  better  than 
the  conMant-percentage-chord  flap,  up  the  the  maximum  Cl 
attained. 


Fig  9  shows  the  effect  of  vortex  flap  size  for  the 
constant-percentage-chord  flap,  plotted  as  L/0  versus  lift 
coefficient.  The  5%  chord  flap  gives  similar  gains  to  those 
obtained  with  the  drooped  leading  edge.  It  should  be  noted 
that  the  5%  flap  produces  no  increase  in  planform  area, 
because  the  hinge  line  is  at  5%  chord,  arid  that  the  increase 
in  projected  vertbal  area  is  similar  to  that  produced  by  the 
droops  leading  edge.  Doubling  the  size  of  the  flap  to  10% 
of  the  local  chord  gives  a  large  gain  in  L/D  for  Cl  >  0.9.  A 
further  increase  in  the  size  of  the  flap  to  15%  of  the  local 
chord  has  a  negligible  effect  on  L/D,  and  in  fact  produces 
Inferior  performance  for  1.0  <  Cl  <  1.4.  Fig  10  shows  the 
corresponding  effects  of  vortex  flap  size  for  the  constant- 
chord  flap,  again  pbtted  as  L/D  versus  lift  coeffbient. 
Increasing  the  flap  size  from  20%  to  40%  of  the  wing  tip 
chord  prepuces  progressive  gains  in  performance  at  high 
Cl,  but  for  Cl  <  1 .2  the  30%  tip-chord  flap  is  the  most 
effective. 

Fig  1 1  shows  the  effect  of  varying  the  deflectbn 
angle  of  the  constant-chord  vortex  flap  on  the  variatbn  of 
L/D  with  Cl.  There  are  gains  in  aeitxlynamb  performance  as 
flap  deflection  is  increased  from  30°  to  40°,  but  these  are 
small  when  compared  with  those  obtained  in  deflecting  the 
flap  to  30°.  From  these  figures  it  is  evident  that  the 
improved  L/D  performance  obtained  with  vortex  flaps  on  this 
canard  configuratbn  changes  in  a  nonlinear  manner  with 
variatbn  of  geometry,  and  varies  considerably  with  lift 
coefficient. 

4.3  Flow  development 

The  surface  fbw  on  the  wing  and  vortex  flap  was 
examined  using  a  fluorescent  powder  suspensbn  in 
pa.'affin,  which  was  painted  on  the  wing  and  the  oil  evapor¬ 
ated  at  the  85  m/s  test  windspeed.  Figs  12, 13  and  14 
show  some  photographs  of  the  resulting  fbw  visualisatbn, 
for  angles  of  incidence  of  25°,  35°  and  45°  respectively.  The 
wing  was  fitted  with  a  constant-chord  vortex  flap  (40%  of  tip 
chord),  deflected  40°.  At  25°  incidence.  Fig  12,  a  slender- 
wlng  type  ol  vortex  fbw  develops  from  the  apex  of  the 
vortex  flap  at  the  wing  toot.  This  vortex  grows  in  an  approxi¬ 
mately  conical  manner  over  the  inner  20%  of  the  flap  span. 

A  kink  then  occurs  in  the  separatbn  line  under  the  leading- 
edge  vortex,  possibly  due  to  transitbn  having  occurred  in 
the  fbw  approaching  separatbn.  The  vortex  then  runs 
paralbl  to  the  flap  leading  edge  until  about  60%  span  when  it 
has  grown  suffb'iently  to  spill  over  the  bading  edge  of  the 
basb  wing.  In  the  photograph  of  the  wing  upper  surface 
there  is  evidence  of  the  vortex  leaving  the  upper  surface  of 
the  wing  outboard  of  60%  span,  and  possibly  merging  with 
the  vortex  springing  from  the  highly-swept  wing  tip.  Super¬ 
imposed  on  this  fbw  is  the  effect  of  the  vortex  flow  gener¬ 
ated  by  the  lifting  foreplane,  which  causes  the  general 
outfbw  on  the  wing  upper  surface.  With  increase  in  the 
angle  of  incidence  to  35°  (Fig  13)  the  vortex  formed  at  the 
wing  apex  grows  more  qubkiy  and  b  swept  aft  more  r^bly- 
There  is  again  evidence  of  a  change  in  direetbn  of  the 
secondary  separation  line,  but  this  occurs  ebse  to  the 
leading  edge  of  the  basb  wing  whbh  may  be  influencing  the 
vortex  growth.  The  vortex  from  the  flap  leading  edge  spills 
over  onto  the  top  surface  of  the  wing  at  about  30%  span.  At 
this  angb  of  incidence  the  upper-surface  fbw  on  the  wing 
appears  b  be  dominated  by  the  foreplane  Interference 
effect  At  an  angb  of  incidence  of  45°  (Fig  14)  the  vortex 
from  the  flap  bading  edge  spilb  over  onto  the  top  surface  of 
the  wing  at  about  20%  span,  and  interacts  with  the  fore- 
plane-body  fbw  to  produce  a  strong  rsdrculating  regbn 
inboard  on  the  wing  upper  surface.  Thus  in  general,  and 
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contraiy  to  the  simple  two-dimensional  model  for  the  flow, 
the  vortex  from  the  leading  edge  of  the  vortex  flap  does  not 
remain  trapped  in  the  cavity  between  the  flap  upper  surface 
and  the  wing  nose  undersurface,  for  the  53°  sweep  wing. 
Relating  the  flow  visualisation  results  on  this  and  other 
vortex  flap  configurations  to  the  measurements  of  model 
axial  force  it  appears  that  maximum  thrust  is  produced  when 
the  vortex  spills  over  the  basic  wing  leading  edge  at  about 
mid  semi  span. 


4.4 


Effect  of  varying  foraplana  and  wing 
trailing-adga  daflactlon  anglaa 


Fig  15  shows  the  effect  on  LTD  versus  lift  coefficient 
of  varying  the  foreplane  deflection  angle  over  the  range  -25° 
to  0°,  for  the  wing  with  a  constant-peicentaga-chord  vortex 
flap  (15%  of  local  chord),  deflected  30°.  Decreasing  the 
forep'ane  deflection  angle  to  more  negative  angles  than  -10° 
produces  considerable  reduction  in  the  maximum  lift.  Two 
mechanisms  related  to  the  flow  development  on  the  fore¬ 
plane  are  likely  to  contribute  to  this  effect.  At  moderate 
values  of  C).  the  more  negative  setting  angles  for  the  fore¬ 
plane  will  lead  to  a  higher  loading  on  the  inboard  section  of 
the  wing,  so  that  local  flow  separation  on  the  wing  will  occur 
at  a  lower  angle  of  incidence.  At  the  higher  values  of  Cl 
vortex  flow  generated  by  the  foreplane  will  be  far  weaker 
with  the  more  negative  foreplane  setting  angles,  so  this  flow 
will  not  be  able  to  influence  the  development  of  the  wing 
upper-surface  flow  to  the  same  extent,  and  hence  this  flow 
will  breakdown  completely  at  a  lower  angle  of  incidence. 

Note  that  even  with  a  foreplane  deflection  angle  ol-25° 
useful  benefits  in  L/0  and  Cl  remain,  relative  to  the  per¬ 
formance  of  the  basic  wing-body  combination.  However  to 
maximise  the  aerodynamic  peiformance  of  a  canard  con¬ 
figuration  at  high  lift  it  is  obviously  worthwhile  examining 
means  of  maintaining  foreplane  angle  in  the  range  of 
settings  -10°  to  0°.  Fig  16  shows  the  effect  on  L/D  versus 
lift  coefficient  of  varying  the  deflection  angle  of  the  full-span 
flap  on  the  wing  trailing  edge,  for  the  wing  fitted  with  a 
constant-chord  vortex  flap  (40%  of  tip  chord)  deflected  40°, 
and  with  the  foreplane  deflected  -5°.  Deflecting  the  trailing- 
edge  flap  downwards  5°  produces  increments  in  Cl  and  U/D 
that  decrease  with  increasing  incidence,  reaching 
AL/D  -  0.2  at  Cl  •  1 .7.  Further  deflection  of  the  flap  to 
10°  is  of  no  benefit  below  Cl  •  1.2,  but  at  Cl  >  1.7  an 
additional  gain  of  0.2  in  L/D  is  obtained,  and  there  is  an 
associated  gain  in  maximum  lift. 
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Pitching  moment  characteristics  and 
longitudinal  trim 


Fig  1 7  shows  the  pitching-moment  behaviour  for  the 
range  of  high-lift  configuration  considered  in  section  4.1 
above.  The  basic  wing-body  combination  has  small  positive 

HO 

stability  with  the  centre  of  gravity  at  24?!c,^^»  -0.015. 
Addition  of  the  foreplane  produces  an  unstable 

HO 

configuration  tor  which  0-13'  Drooping  the  wing 

leading  edge  to  10°  has  a  negligible  effect  on  stability  but 
adding  either  type  of  vortex  flap  (constant-percentage- 
chord,  10%  of  local  chord,  or  constant  chord,  40%  of  tip 
chord)  to  the  basic  wing  produces  a  slight  inaease  in  the 


overall  slope  of  the  versus  Cl  curve 


However  the  curves  are  mors  nonlinear,  and  there 
are  areas  where  the  local  instability  is  much  higher.  The 
pitch  up  that  occurs  at  the  stall  on  the  basic  wing  and  on  the 


wing  wHh  the  drooped  ieading  edge  becomes  iess  severe 
when  the  vortex  flaps  are  added.  From  this  figure  it  is 
evident  that  decrements  in  prtching-moment  coefficient  in 
the  range  0.05  to  0.15  are  necessary  to  trim  the  configur- 
aton  at  moderate  to  high  values  of  lift  coefficient. 

Fig  18  shows  the  effect  on  pitching-moment  coef¬ 
ficient  of  variation  in  the  deflection  angles  for  the  foreplane 
and  the  wing  trailing-edge  flap.  At  values  of  lift  coefficient 
up  to  1.4  the  effectiveness  of  the  foreplane  and  the  wing 
trailing-edge  flap  remains  approximately  constant,  with  the 
flap  typically  30%  more  effective  than  the  foreplane 

-0.010  and  -^--0.007  respectively  at 

diip  dii^ 

constant  lift  coefficient^ .  At  the  higher  values  of  lift 
coefficient  the  foreplane  effectiveness  is  reduced  by  up  to 
50%  for  the  range  of  deflection  angles  tested  (-25°  to  0°), 
but  the  effectiveness  of  the  trailing-edge  flap  is  only  slightly 
reduced.  With  the  eg  at  24%  of  the  aerodynamic  mean 

chord  (conesponding  to  a  low-incidence  instability  of  15%c) 
Rg  18  shows  that  the  canard  configuration  may  be  trimmed 
in  pitch,  using  foreplane  and  flap  deflections  within  the 
ranges  tested,  for  values  of  lift  coefficient  up  to  1.54,  albeit 
with  a  greatly  increased  level  of  instability  at  the  highest 
value  of  Cl.  A  reduction  in  the  instability  of  the  configura¬ 
tion  (eg  by  the  choice  of  a  more  forward  eg),  or  the  use  of 
larger  ranges  of  deflection  angles  for  the  foreplane  and  the 
wing  trailing-edge  flap,  would  allow  trimmed  conditions  to  be 
obtained  at  higher  values  of  lift  coefficient. 

Fig  1 9  shows  a  comparison  of  the  trimmed  aerodyna¬ 
mic  performance,  as  trimmed  L/D  versus  trimmed  lift  coef¬ 
ficient,  for  six  wing  configurations  with  the  eg  at  24%c.  The 
trim  curves  were  obtain^  by  varying  foreplane  deflection 
angle  over  the  range  -25°  to  -5°.  All  of  the  leading-edge 
high-lift  devices  produce  gains  in  L/D  and  Cl  relative  to  the 
peiformance  of  the  wing  with  the  basic  leading  edge.  For 
the  configurations  with  undeflected  tiailing-edge  flaps  those 
with  vortex  fiaps  become  superior  to  that  with  the  drooped 
leading  edge  for  Cl  >  1.0,  comparing  the  latter  with  the 
constant-percentage-chord  vortex  flap,  deflected  30°.  The 
constant-chord  vortex  flap  gives  consistently  better 
trimmed  L/D  and  Cl  than  the  eonstant-percentage-chord 
vortex  flap,  as  can  be  seen  by  comparing  the  cunres  for  the 
two  vortex-flap  planforms  in  conjunction  with  5°  deflection  of 
the  trailing-edge  flap.  Deflection  of  the  traiiing-edge  flap  to 
10°,  in  conjunction  with  the  constant-chord  vortex  fiap, 
produces  the  highest  trimmed  Cl  and  substantial  benefits  in 
L/D  at  the  higher  values  of  Cl-  The  results  for  this 
configuration  indicate  that  further  gains  in  aerodynamic 
performance  should  be  possible  by  the  use  of  la^er 
deflection  angles  for  the  wing  flap. 

To  interpret  these  findings  in  the  context  of  improved 
manoeuvre  performance  for  a  combat  aircraft,  it  shouid  be 
noted  that  for  a  constant  drag  of  Cp  -  0.2  these  results 
show  that  the  vortex  flap  provides  a  gain  in  trimmed  lift  of 
approximately  15%.  For  a  combat  aircraft  with  high  thrust- 
to-weight  ratio  this  may  be  translated  directly  into  inaeased 
sustained  turning  performance  at  subsonic  Mach  numbers. 
Similarly  for  a  constant  drag  of  Cp  >  0.4,  appropriate  to 
instantaneous  turning  performance,  gains  of  over  30%  in 
trimmed  lift  may  be  exposed.  As  an  altemative  to  increas¬ 
ing  turn  rate  these  gains  in  aerodynamic  performance  may 
be  used  to  reduce  the  energy  loss  for  a  given  level  of  turn¬ 
ing  performance. 
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5  CONCLUSIONS 

Low-spaed  wind-tunnel  measurements  of  the 
longitudinal  force  and  moment  characteristics  of  a  canard 
combat-aircraft  research  model  having  a  53‘  sweep  wing 
fitted  with  two  planforms  of  vortex  flaps  have  shown: 

(1 )  At  moderate  angles  of  Inctdence  the  deployment  of  a 
vortex  flap  from  the  wing  lower  surface  prepuces 
comparable  values  of  lift-to-drag  ratio  to  those 
obtained  with  a  conventional,  drooped  leading-edge, 
high-lift  device. 

(2)  At  high  values  of  lift  coefficient  the  vortex  flaps 
produce  considerable  gains  in  L/D  relative  to  the 
drooped  leading  edge. 

(3)  A  constant-chord  vortex  flap  produces  a  greater 
Increase  In  L/D  than  a  constant-percentage<hord  (/e 
linearly  tapered)  vortex  flap. 


(4)  Variatbn  of  foroplane  deflection  angle  produces  a 
large  dtange  in  the  L/D  obtained  with  the  vortex-flap 
configurations. 

(5)  Wing  trailing-edge  flaps  remain  effective  up  to  an 
angle  of  incidence  of  47°  when  used  in  conjunction 
with  the  vortex  flaps. 

Overall  the  gains  in  trimmed  L/D  and  trimmed  lift 
generated  by  the  vortex  flaps  offer  the  prospect  of  greatly 
enhanced  manoeuvrability  for  canard  combat-aircraft 
configurations. 

6  ACKNOWLEDGMENT 

The  author  wishes  to  thank  Mr  I.A.  Cheema  who 
carried  out  the  experimental  investigation  of  the  constant- 
percentage<hord  vortex  flap. 


Table  1 

Principal  dimensions  modal 


Wingarea(S)  0.2918  m® 

Wing  span  (b)  0.8940  m 

Wing  aerodynamic  mean  chord  (fi)  0.381 7  m 

Wing  leading-edge  sweep  53° 

Distance  of  moments  reference  centre  aft  of  wing  leading  edge  (equivalent  to  0.2413  c)  0.3185  m 

Overall  length  of  body  1 .230  m 

Foreplane  net  area  0.0497  m^ 

Foreplane  gross  span  0.4484  m 

Forsplane  leading-edge  sweep  58° 

Distance  of  foreplane  pivot  forward  of  moment  reference  centre  0.3170  m 


Table  2 
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Rap  hinge  line  5%  of  local  chord 
Flap  chord 
Deflection  angle 


5%,  10%,  15%  of  local  chord 
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Streamwise  section 
through  wing 


Flap  hinge  line 


Flap 

deflection 

angle 


Flap  chord 


Constant-percentage-chord  flap 


Constant-chord  flap 


Fig  4  Definition  of  geometry  of  vortex  flaps 


Fig  5  Combat  aircraft  raMafch  uH^l  fitted  with  vortex  flaps 


Foreplane  -5' 


0  10  20  30  40  50 

Incidence  o<.° 

Fig  6  EHacI  of  loading-edge  high-lllt  devices 
on  lift  coefficient 


Lift  coefficient  Cl 

Fig  8  Effect  of  leading-edge  hlgh-llft  devices  on  UD 


Incidence  ot° 


Constant  %  chord  VF,  30°  deflection 
Foreplane  -5°  deflection 


Constant  chord  VF,  40%  tip  chord,  40°  detlactlon 


Foreplane  •  5°  deflection 


Fig  12  Surface  flow  pattern  at  25°  Incidence 


Constant  chord  VF,  40%  tip  chord,  40°  deflection 
Foreplane  •  5°  deflection 


Fig  13  Surface  flow  pattern  at  35°  Incidence 


Constant  %  chord  VF,  15%  local  chord  Constant  chord  VF,  40%  tip  chord 


V  l.v  I.&  l.*t 

Lift  coefficient  Cl  Lift  coefficient  Cl 


Fig  16  Effect  of  tralllng-adge  flap  deflecflon  angle  on  UD 


Fig  15  Effect  of  foreplene  daflectlor.  angle  on  UO 


Foreplane  -5° 


Fig  17  Enact  of  leading-edga  high-lllt 
devices  on  pitching  moment  coefltctent 


Forepiane  deflection  angle  range  -25'  to  •  5° 


Constant  chord  VF,  40%  tip  chord, 
40°  deflection 


TE  flap  deflection 
5°  - 


Fig  18  Effect  of  foreplane  and  wing  tralling-edge 
flap  deflection  on  pitching  moment  coefltctent 


Fig  19  Trimmed  UO  lor  vortex  flap  configurations 
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SUMMARy 

Results  are  presented  and  discussed 
for  the  low  speed  test  of  a  straked  wing 
model  oscillating  In  pitch  that  was 
conducted  during  1986  at  the  National  Aero¬ 
space  Laboratory  of  The  Netherlands  In 
cooperation  with  General  Dynamics.  The 
model  was  oscillated  about  mean  angles  of 
attack  ranging  from  -4  deg  to  48  deg  with 
amplitudes  varying  from  2  dag  to  18  deg  for 
a  maximum  Incidence  range  of  -8  deg  to  50 
deg.  It  was  also  oscillated  In  pitch  at 
side  slip  angles  of  +5  deg  and  -5  deg. 
Force,  pressure  and  flow-visualization  data 
were  recorded,  processed  and  documented  In 
a  final  report  as  well  as  digital  and  ana¬ 
log  magnetic  tapes.  This  paper  presents  a 
description  of  the  model,  test  program, 
steady  aerodynamic  characteristics  and  un¬ 
steady  aerodynamic  characteristics.  These 
results  are  used  to  provide  a  better  under¬ 
standing  of  the  unsteady  forces  experienced 
by  rapidly  pitching  wings  at  low  speed 
conditions  ranging  from  zero  Incidence  to 
fully  stalled  flows.  Dynamic  rolling 
moments  for  the  pitching  model  at  steady 
side-slip  are  also  discussed  to  Illustrate 
asymmetric  aerodynamic  hysteresis  effects. 
Finally,  implications  for  aircraft  flight 
dynamics  modeling  are  discussed  with 
particular  emphasis  on  non-linear  time 
dependency  effects. 

1.0  INTRODDCnoN 

Post  stall  maneuvering  capability 
requirements  for  fighter  aircraft  are 
becoming  a  distinct  possibility  as  em¬ 
phasized  in  recent  research  programs  being 
conducted  by  NASA,  U.S.  Air  Force,  O.S. 
Navy  and  OARPA.  Two  basic  classes  of  hi- 
AOA  maneuvers  have  evolved;  (1)  a  low- 
speed  rapid  turn  with  high  decelerations 
going  into  the  turn  and  high  accelerations 
coming  out  of  the  tum;^  and  (2)  a  rapid 
pitch-point  fire  maneuver  at  higher 
speeds.2i3  iphe  first  type  of  maneuver  is 
akin  to  a  "hammerhead"  stall  where  as  the 
second  is  a  pitch-doublet  similar  to  that 
demonstrated  by  Pougachev  In  a  Russian  Su- 
27  at  the  Paris  Air  Show  in  1989,  nicknamed 
the  "Cobra"  maneuver. 

Although  aerodynamic  loads  encountered 
in  low  speed  rapid  turns  would  be  small, 
those  produced  during  rapid  pointing  maneu¬ 
vers  at  higher  speeds  would  be  significant 
and  highly  dynamic.  Horeover,  the  dyneuzlc 
aerodynamic  loads  In  the  latter  case  would 
be  quite  different  from  sustained  maneuver 
loads  in  both  magnitude  and  character. 
Hysteresis  effects  In  forces  and  moments  as 
well  as  dynamic  overshoots  of  steady  maxi¬ 
mum  forces  are  typical  of  the  differences. 
Many  of  the  current  fighter  aircraft  which 
have  the  potential  to  perform  such  maneu¬ 
vers  are  straked  wing  configurations  as 
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exemplified  by  the  F-IG,  F-18,  HlG-29,  and 
Su-27.  Thus,  the  unsteady  aerodynamic 
loads  would  be  produced  by  vortex  flows 
peculiar  to  straked  wing  planfcrms,  subject 
to  bursting  and  stalled  conditions  at  high 
incidences  and  high  pitch  ratet . 

In  order  to  better  understand  the 
development  of  unsteady  air  loads  for  these 
fighters  maneuvering  beyond  stall,  a  low 
speed  wind  tunnel  test  of  an  oscillating 
straked  wing  model  was  performed  during 
1986  In  a  cooperative  program  between 
General  Dynamics  and  the  National  Aerospace 
Laboratory  (NIR)  of  The  Netherlands.^  The 
testing  was  funded  by  the  Air  Force  Hrlght 
Research  and  Development  Center  using  the 
model  that  was  designed  and  built  at  NLR 
with  funds  provided  by  General  Dynamics  and 
NLR. 

This  paper  will  present  steady  and 
unsteady  force  and  moment  results  from  the 
1986  test  of  the  straked  wing  model 
pitching  at  large  amplitudes  and  varying 
frequencies  up  to  maximum  Incidences  of  50 
deg.  The  discussions  will  represent  an 
extension  of  those  already  given  in  Refer¬ 
ences  5,  6,  and  7  through  the  addition  of 
(1)  dynamic  pitching  moment  and  axial 
force  characteristics  for  pitching  motions 
at  zero  side-slip  as  well  as  (2)  steady  and 
unsteady  normal  force,  pitching  moment  and 
rolling  moment  results  for  the  model  pitch¬ 
ing  with  fixed  values  of  side-slip  angle. 
Pressure  and  flow-visualization  data  will 
be  used  to  provide  insight  as  to  how  the 
flow  fields  interact  with  the  model  to 
produce  the  observed  force  and  moment 
characteristics.  Implications  for  aircraft 
flight  dynamics  modeling  will  be  discussed 
with  particular  emphasis  on  non-linear  time 
history  effects. 

2.0  MODEL  AND  TEST  PROGRAM 

The  full-span  model  shown  in  Figure  1 
was  Instrumented  with  a  six-component 
balance,  42  In-situ  pressure  transducers, 
nine  vertical  accelerometers  and  an  angle- 
of-attack  sensor.  Boundary  layer  transi¬ 
tion  was  not  fixed  on  the  model.  The 
model  was  mounted  on  the  dynamic  support 
system  also  shown  in  Figure  1  with  the 
capability  of  maxlmxm  amplitudes  of  +  18 
deg  (36  deg  peak-to-peak)  and  maximum 
frequencies  of  16  hz  (limited  to  t  2  deg 
amplitude) .  The  total  Incidence  range  was 
from  -8  deg  to  50  deg  with  the  capability 
of  statically  yawing  the  model  and  support 
system  as  Indicated  In  Figure  1.  Flow- 
visualization  of  the  vortex  structure  was 
accomplished  with  smoke  injection  from  the 
model  nose  with  laser  light  sheet  Illumina¬ 
tion.  For  unsteady  flows,  the  laser  sheet 
was  pulsed  in  phase  with  model  motion  to 
provide  illumination  at  a  fixed  model  inci¬ 
dence  during  the  cycle. 

Force,  pressure  and  flow-visualization 
data  were  obtained  for  a  wide  variety  of 
static  and  dynamic  conditions  at  incidences 
up  to  50  deg.  An  extensive  data  base  was 
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Figure  1  straked  Wing  Model,  Inetrumentatlon,  and  Dynamic  Support  System 

developed  from  over  1200  test  points  and  3.1  Symmetric  Steady  Aerodynamic 

3600  flow-vlsuallzatlon  photos  and  la  fully  caiarecterlstlcs 

documented  In  References  4  and  5.  In  order 

to  minimize  any  significant  transonic  The  variations  of  steady  normal  force, 

effects,  the  test  speeds  were  limited  to  Cj,,  pitching  moment,  Cj,,  and  axial  force, 
about  M  -  0.2  utilizing  the  NLR  2.25  X  Cm,  with  angle  of  attack,  o,  are  shown  In 
3.00m2  Low  Speed  Tunnel.  Figure  3  for  zero  side-slip.  Important 

flow  field  characteristics  and  transitions 
The  tests  were  conducted  using  a  are  also  denoted  where  the  "sections" 
matrix  of  mean  Incidence,  amplitude  and  referred  to  In  those  notations  are  the 
frequency  so  that  the  effects  of  pitch  pressure  transducer  rows  shown  In  Figure  l. 
rate,  amplitude  and  incidence  range  could  Corresponding  steady  pressure  data  for  all 
be  systematically  separated.  Tine  his-  four  sections  are  shown  in  Figure  4  for  o  • 
tories  as  well  as  harmonic  component  10  deg,  19  deg,  22.4  dog,  36  dog  and  42.3 
results  were  recorded  for  forces,  moments  deg.  The  pressure  data  where  chosen  to 
and  pressures.  Results  were  also  obtained  highlight  various  flow  regimes  and 
for  the  model  pitching  at  fixed  yaw  angles  transitions, 
of  +  S  deg.  Flow-visualization  data  were 

recorded  at  dynamically  similar  conditions  The  "Linear"  range  of  aerodynamic 

selected  from  the  larger  test  matrix.  Sign  force  development  is  clearly  evident  in 
conventions  for  the  forces,  moments,  and  Figure  3  in  both  the  Cjj  and  Cj,  data  from  a 

angles  are  shown  in  Figure  2.  -8  deg  to  8  deg  .  Maximum  Cy  is  noted  at 

_  a  0  deg  and  development  of  leading  edge 

3.0  SYMMETRIC  FLOW  suction  is  evident  in  the  linear  range. 

Beyond  8  deg,  the  and  Cjg  curves  show  an 
The  key  to  understanding  the  unsteady  upward  change  in  slope  that  is  indicative 
aerodynamics  is  to  first  understand  the  of  the  development  of  vortex  flows  over 

steady  aerodynamics.  The  combination  of  both  the  wing  and  strake.  This  is  lllus- 
force,  pressure  and  flow-visualization  data  trated  by  the  pressure  data  in  Figure  4  at 
available  from  this  test  makes  it  possible  a  ~  10  deg  for  pressure  section  2.  The 

to  break  down  the  angle  of  attack  range  of  small  peak  at  2y/b  -  0.45  is  produced  by 
-8  deg  to  50  deg  into  definable  flow  the  strake  vortex  and  the  stronger  peak  at 
regimes  separated  by  smaller  transition  2y/b  -  0.8  by  the  wing  vortex.  The  vortex 
regimes.  structure  is  also  llllustrated  by  the 
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Figure  3  Steady  Force  and  Moment  Results 
for  Symmetric  Flow 


accompanying  sketch  in  Figure  4.  A  simi¬ 
lar  development  in  C^f  Indicating  increased 
suction  slope  change  with  incidence,  does 
not  appear  in  Figure  3  until  about  12  deg. 

The  vortex  flow  range  continues  to 
develop  until  a  •  18  deg  to  19  deg  where  a 
distinct  break  occurs  in  the  C)(,  C^,  and  Or 
data.  This  break  signals  the  onset  of 
vortex  burst  which  represents  the  limit  of 
vortex  strength  that  can  be  maintained  by 
the  flow  fields.  Bursting  tends  to  occur 
simultaneously  for  the  wing  and  strake  vor¬ 
tices  when  the  two  merge  as  discussed  in 
References  6  and  7  with  the  flow-visuali¬ 
zation  results.  The  pressure  data  for  a  = 
19  deg  in  Figure  4  show  well  developed  vor¬ 
tices  at  both  the  forward  pressure  sections 
(1  and  2)  but  a  deterioration  of  pressure 
recovery  on  the  outboard  half  of  the  trail¬ 
ing  edge  section  (3).  The  burst  vortex 
structure  is  also  illustrated  in  the 
sketch  for  a  =  19  deg  in  Figure  4. 


For  increasing  a  in  the  burst  vortex 
regime,  the  strake  vortex  strength  in¬ 
creases  but  the  burst  point  continues  to 
move  forward.  These  opposing  trends 
result  in  a  much  lower  slope  in  the  C]; 
curve  as  shown  in  Figure  3,  however,  the 
slope  is  almost  constant  from  a  «  19  deg  to 
about  34  deg.  The  gain  in  lift  forward  due 
to  strake  vortex  strength  Increase  and  the 
loss  in  lift  aft  due  to  vortex  burst  for¬ 
ward  movement  produces  a  pitch-up  in  the 
Cji  curve  as  shown  in  Figure  3.  Minimum 
at  about  22  deg  is  indicated  by  the  C.p 
curve  in  Figure  3  after  which  leading  edge 
suction  deteriorates  with  the  further  de¬ 
velopment  of  vortex  bursting.  The  pressure 
data  in  Figure  4  for  a  -  19  deg,  22.4  deg, 
and  36  deg  show  the  deterioration  of  the 
wing  vortex  strength  at  section  2  and  the 
continued  increase  of  the  strake  vortex 
strength  up  to  36  deg  at  section  1.  These 
characteristics  are  illustrated  in  the 
sketches  for  a  -  19  deg,  22.4  deg  and  36 
deg. 


Figure  4  Variation  of  Steady  Pressure  Distributions  with  Alpha 
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Beyond  the  maximum  value  of  Cj)  at  a  - 
36  deg  the  flow  over  the  entire  wing  and 
strake  rapidly  collapses  to  completely 
separated  or  flat  plate  flow.  Under  these 
conditions  for  Increasing  a  the  normal 
force  Is  falling  off  and  the  center  of 
pressure  Is  moving  toward  the  geometric 
centroid  of  the  planfoi-"  as  Indicated  by  a 
rapid  decrease  In  pltc.  -  7  moment.  Axial 
force  Is  Increasing  Incidence  and 
crosses  zero  at  about  42  deg  near  the 
beginning  of  fully  separated  flow.  The 
pressure  data  at  a  -  42.3  deg  In  Figure  4 
show  that  the  pressure  distributions  are 
nearly  flat  at  about  the  same  level  for  all 
sections  except  section  1  on  the  strake. 
At  this  angle,  the  strake  vortex  burst  has 
progressed  forward  of  section  1  as  shown  in 
the  sketch  for  a  -  42.3  deg. 


3.2  Symmetric  Unsteady  Aerodynamic 
CSiaracterlstlcs 


The  symmetric  unsteady  flow  fields 
associated  with  the  pitching  straked  wing 
model  at  zero  side-slip  and  their  effect  on 
the  dynamic  normal  force  characteristics 
were  discussed  In  References  €  and  7.  An 
extension  to  that  discussion  will  be  pre¬ 
sented  here  that  Includes  the  unsteady 
flow  field  effects  on  pitching  moment  and 
axial  force.  These  results  are  shown  in 
Figures  5,  6,  and  7  at  low  frequency  at  the 
three  Important  Incidence  ranges;  (1)  low 
incidence,  a  4  deg  to  24  deg,  linear/ 
vortex  flow;  (2)  medium  Incidence,  a  =  8 
deg  to  38  deg,  vortex/burst  vortex  flow; 
and  (3)  high  Incidence,  a  ”  22  deg  to  50 
deg,  vortex  burst/stalled  flow.  The 
effect  of  a  constant  starting  angle,  auin, 
and  constant  peak  angle,  “max'  also 
Illustrated  In  each  of  these  flares.  In 
all  cases,  the  pitch  direction  on  the  dyna¬ 
mic  hysteresis  loops  is  denoted  by  solid 
lines  for  pltch-up  and  dashed  lines  for 
pitch-down.  Arrows  are  added  where  pos¬ 
sible.  The  steady  mean  characteristics 
are  shown  in  each  dynamic  plot  as  dash-dot- 
dash  lines  for  reference. 


The  hysteresis  effects  In  the  three 
components  and  incidence  ranges  are  quite 
different  for  various  amplitudes  depending 
on  whether  the  minimum  angles  or  maximum 
angles  are  fixed.  These  differences  are 
related  to  how  the  max  and  min  angles  are 
positioned  relative  to  the  Important  flow 
field  transition  points  such  as  vortex 
burst  (about  18  deg)  and  total  flow  separa¬ 
tion  (about  42  dog) .  The  effect  of  pitch 
rate  is  to  Introduce  a  change  in  the  inci¬ 
dence  at  which  a  given  transition  takes 
place  relative  to  the  static  angle.  Since 
a  finite  time  is  required  for  a  transition 
to  occur,  the  apparent  incidence  delay  in 
flow  breakdown  or  re-establishment  tends  to 
Increase  with  higher  pitch  rates.  This 
delay  is  also  affected  by  t'...^  types  of  flow 
fields  encountered  during  the  pitch  excur¬ 
sion. 

Results  shown  In  Figure  5  for  a  *•  4 
deg  to  24  deg  emphasize  the  second  order 
effects  of  pitching  motion  whore  the  flow 
fields  are  dominated  by  linear  and/or  un¬ 
burst  vortex  flows.  Since  the  transition 
from  attached  to  vortex  flow  Is  benign,  the 
potential  for  generating  significant  hys¬ 
teresis  effects  is  very  small.  The  primary 
effect  of  pitch  rate  seen  in  Figure  5  is  to 
retard  vortex  flow  on  pitch-up  and  promote 
it  on  pitch-down.  This  results  in  lower 
normal  force,  a  less  nose-up  pitching  mo¬ 
ment  and  higher  axial  force  (reduced 
leading-edge  suction)  for  positive  pitch 
rate.  The  opposite  is  true  for  negative 
pitch  rate.  The  influence  of  amplitude 
with  either  constant  or  onax' 

likewise  quite  small  and  is  almost  lost  in 
the  plots. 

The  enclosure  of  vortex  burst  at  a  - 
18  deg  within  the  pitch  excursions  leads  to 
more  pronounced  dynamic  effects  In  the  mid- 
incidence  range  of  o  •  8  deg  to  38  deg  as 
shown  in  Figure  6.  The  loops  are  more 
dynamic  if  the  burst  angle,  a  burst* 

enclosed  within  the  pitch  excursion,  that 

is  “max  ^  “burst  .  “min  “  burst- 
For  the  results  shown  in  Figure  6,  the 
maximum  center  of  pressure  hysteresis  is  on 
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the  order  of  2%  -  3%  of  the  wing  root 
chord,  Cr-  The  effect  of  positive  pitch 
rate  is  to  delay  vortex  burst  and  produce 
less  pitch-up  in  Cj,.  Negative  pitch  rate 
has  the  opposite  effect  by  prolonging  the 
existence  of  vortex  burst  to  lover  angles 
and  promoting  pitch-up  in  Cj,. 

Dynamic  effects  of  model  pitching  mo¬ 
tion  on  axial  force,  C^,  as  shown  in  Figure 
6  are  much  more  pronounced.  This  is  due  to 
the  reversal  of  trends  with  a  at  vortex 
burst  as  well  as  the  low  level  of  forces 
involved  which  shows  greater  sensitivity  to 
changes  in  the  flow  fields.  With  the  onset 
of  vortex  burst,  the  development  of  in¬ 
creased  leading-edge  suction  with  a  is 
reversed  at  a  slightly  higher  angle,  to 
decreasing  leading-edge  suction  with  in¬ 


creasing  a .  Thus,  the  delay  of  vortex 
burst  with  positive  pitch  rate  is  clearly 
evident  where  the  dynamic  Cy  loop  shows 
reversal  at  angles  higher  than  that  for 
steady  flow.  For  the  maximum  amplitude, 
this  reversal  is  delayed  from  22  deg  sta¬ 
tically  to  about  26  deg  dynamically.  With 
negative  pitch  rate  the  persistence  of 
burst  vortex  flow  is  indicated  by  a  lower 
angle  at  which  the  leading  edge  suction 
reversal  occurs.  This  angle  is  reduced 
from  the  static  value  of  22  deg  to  a  dyna¬ 
mic  value  of  about  15  deg.  Asymmetry  of 
the  dynamic  lag  for  suction  reversal  is  a 
result  of  the  time  required  for  vortex 
bursting  (Aa  =  4  deg,  pitch-up)  being  much 
less  than  for  re-establishing  unburst  vor¬ 
tex  flow  (Ao-  -7  deg,  pitch-down). 


Figure  6  Effect  of  and  Omax  Symmetric  Force/Moment  Characteristics 

at  k  -  0.09  and  Mid-Incidence  a  «=  8  deg  to  38  deg 


a.  DEC 


«.DEa 


a.  OEG 


Figure  7  Effect  of  and  Cb^x  Symmetric  Force/Moment  Characteristics 

at  k  •>  0.09  and  High  Incidence  a  •>  22  deg  to  50  deg 
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Stalling  of  the  flow  fields  in  the 
high  incidence  range  of  22  deg  to  50  deg  is 
a  more  chaotic  transition  than  vortex 
bursting,  and  thus  leads  to  even  more  pro¬ 
nounced  dynamic  effects  as  shown  in  Figure 
7 .  The  influence  of  a  jjin  “  max  rela¬ 
tive  to  the  stall  angle,  a  stall' 

42  deg  is  also  more  evident.  For  constant 

“min  “max  “  stall'  ^N' 

Cji  results  in  Figure  7  show  very  little 
dynamic  effects  since,  for  o  nin  *  “burst' 
no  major  flow  transition  points  occur  with¬ 
in  the  pitch  excursion.  As  soon  as  e  max 
exceeds  a  stall'  dynamic  effects  are  much 
more  pronounced.  The  extension  of  burst 
vortex  flow  characteristics  to  higher 
angles  with  positive  pitch  rate  is  seen  in 
C)j,  Cji,  and  Cj  for  all  values  of  in 
Figure  7 .  (This  is  not  the  case  for  a  jj)  „ 
>  a  stall  shown  by  smaller  amplitude 
data  in  Reference  4.)  Likewise,  the  exten¬ 
sion  of  stalled  flow  characteristics  to 
angles  lower  than  static  a  stall  "ith  nega¬ 
tive  pitch  rate  is  also  seen  in  Figure  7. 
For  fixed  a  results,  negative  pitch 
rate  effects  arc  quite  sensitive  to  a nax- 
However,  for  Ojjax  fi^^ed  well  above  o  stall# 
negative  pitch  rate  affects  are  not  as 
sensitive  to  Ojjin- 


The  previous  discussions  on  dynamic 
axial  force  characteristics  in  the  mid¬ 
incidence  range  are  equally  applicable  to 
Che  high-lncldence  range  results  in  Figure 
7.  Since  a  is  equal  to  or  greater  than 
the  leading  edge  suction  reversal  angle, 
032^  -  22  deg,  the  persistence  of  burst 
vortex  flow  characteristics  is  dominant 
with  positive  pitch  rate.  This  persis¬ 
tence  is  almost  unaffected  by  anin  “max 
and  the  dynamic  trends  tend  to  follow  the 
static  curve. 


For  negative  pitch  rate  with  a  nax  > 
“  stall'  dynamic  Cj  characteristics  re¬ 
flect  a  similar  persistence  of  the  stalled 
flow.  These  characteristics  take  the  form 
of  a  tendency  to  maintain  a  constant  level 
of  that  is  about  the  same  as  the  peak 
value  reached  at  a  nax*  This  is  illustra¬ 
ted  in  Figure  7  for  the  maximum  amplitude 


where  the  initial  reduction  of  Op  begins  at 
about  36  deg.  This  point  is  at  an  angle 
greater  than  that  for  re-establishment  of 
burst  vortex  flow  from  stalled  flow.  This 
angle  is  indicated  by  the  corresponding 
loop  to  be  about  25  deg  on  pitch-down 
(where  the  stalled  flow  Cq  characteristic 
rejoins  the  static  C.  curve) .-  A  change  in 
the  Cp  curve  slope  is  also  noted  at  about 
27  deg  on  pitch-down  which  may  be  a  more 
sensitive  indication  of  re-established 
burst  vortex  flow.  The  reduction  of  Op 
between  36  deg  and  27  deg  is  attributed  to 
(1)  the  build  up  of  higher  pressure  on  the 
upper  surface  aft  of  the  pitch  axis  and  (2) 
Increased  leading-edge  suction  due  to 
higher  vertical  velocities  normal  to  the 
leading  edge.  Each  of  these  two  effects  is 
a  direct  result  of  negative  pitch  rate. 
Once  burst  vortex  flow  is  re-established 
the  transition  toward  the  static  curve  is 
quite  abrupt  as  is  also  shown  for  the  other 
amplitudes  where  Unax  fixed  at  50  deg. 

The  effect  of  frequency  on  Cjj  for  the 
three  incidence  ranges  is  shown  in  Figure  8 
for  fixed  a  and  a  max-  expected, 

not  much  effect  is  seen  in  the  lower  inci¬ 
dence  range.  At  the  mid- incidence  range  of 
8  deg  to  38  deg,  the  dynamic  loops  are 
simply  higher  and  the  effects  of  amplitude 
for  fixed  a  or  a  nax  similar  to 
those  seen  in  Figures  5,  6,  and  7.  The 
same  observation  is  seen  at  the  higher 
incidence  range  of  22  deg  to  50  deg  with 
exception  that  an  apparent  displacement  of 
the  loop  end  points  at  a  or  a  -jx  item 
the  static  curve  is  more  pronounced  at  the 
higher  frequency. 

4.0  asymmetric  plow  with  side-slip 

The  important  flow  transitions  discus¬ 
sed  above  for  symmetric  flows  are  equally 
Important  for  asymmetric  flows  with  side¬ 
slip.  The  principle  difference  is  that 
side-slip  affects  where  and  how  these 
transitions  occur  and  it  causes  them  to 
occur  differently  on  the  windward  and 
leeward  wings.  This  is  bast  understood  by 
first  examining  the  steady  aerodynamics  as 
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Figure  s  Effect  of  cnin  °»ax  Syxametric  Cjj  Characteristics 
at  k  *•  0el5  and  AIX  incidence  Ranges 
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was  done  above  for  aymmet-.rlc  flows.  The 
unsteady  aerodynanics  are  then  developed  by 
considering  the  effects  of  dynamic  lag  on 
the  steady  aerodynamics. 


4.1  Steady  Aerodynamic  characteristics 
with  Slde~Sllp 

Measurements  were  made  with  the  model 
placed  at  +  5  dag  side-slip  by  rotating  the 
turn  tabl^  as  shown  in  Figure  l.  steady 
normal  force,  C^,  pitching  moment,  Cj,,  and 
rolling  moment,  C^,  variations  with  a  are 
shown  in  Figure  9  for  side-slip  of  6  -  -5 
deg.  These"  curves  were  constructed  from 
mean  values  of  forces  and  moments  taken 
from  low  amplitude  and/or  low  frequency 
unsteady  data  since  no  steady  side-slip 
data  were  recording  during  the  test.  For 
reference,  corresponding  results  for  symme¬ 
tric  flow,  S  ••  0  deg,  are  also  shown  in 
Figure  9  as  dashed  lines. 

Similar  to  the  symmetric  data,  the 
"linear”  range  in  Figure  9  is  evident  in 
the  %  ana  Cq  data  from  -  8  deg  to  8  deg. 
Beyond  S  deg  the  development  of  vortex  flow 
is  also  seen  in  Figure  9  but  the  effect  of 
side-slip  is  indicated  by  an  earlier  (1 
deg)  pitch-up  in  the  Cj,  curve  at  about  17 
deg.  This  is  a  result  of  earlier  vortex 
bursting  on  the  windward  wing  which  is  also 
indicated  by  a  corresponding  but  less  dis- 
cernable  break  in  the  curve.  Above 
vortex  burst,  the  developments  of  C{|  and  Cq 
follow  trends  similar  to  those  shown  for 
symmetric  flow  in  Figure  3.  The  lower 
levels  for  either  quantity  are  due  to 
earlier  development  of  vortex  bursting  as 
precipitated  by  the  lower  sweep  of  the 
windward  wing.  It  is  also  clear  in  the  Cj, 
curve  that  fully  separated  flow  occurs 
earlier  with  side-slip.  Pressure  data  In 
Reference  4  support  this  observation  where 
fully  separated  flow  exists  on  the  wind¬ 
ward  wing  well  below  a  ••  36  deg  as  a  re¬ 
sult  of  lower  sweep. 

The  more  interesting  result  shown  In 
Figure  9  is  rolling  moment,  C^,  variation 
with  o .  For  the  sign  conventions  shown  in 
Figure  2,  a  ■»  -5  dog  places  the  nose  right 
and  positive  C^  is  for  windward  wing  to 
roll  up.  Positive  is  therefore  stabi¬ 
lizing  for  negative  B  since  it  tends  to 
reduce  B.  Thus,  in  the  linear  range  up  to 
o  “  8  deg,  the  development  of  Cj  with  B  is 
stabilizing  as  a  result  of  the  windward 
wing  with  lower  sweep  experiencing  higher 
lift  than  the  leeward  wing. 

The  development  of  vortex  flows,  be¬ 
ginning  at  about  8  deg  to  10  deg,  signals 
the  onset  of  a  destabilizing  trend  in  Ci. 
Under  these  flow  conditions  the  windward 
wing  rolling  moment  increase  with  a  is  less 
than  that  of  the  leeward  wing.  This  is 
attributed  to  (1)  a  more  rapid  growth  of 
the  strake  vortex  induced  lift  inboard  on 
the  windward  wing  and  (3)  slower  growth  of 
the  wing  vortex  Induced  lift  outboard  on 
the  windward  wing.  These  two  effects 
result  in  an  Inboard  movement  of  the  span- 
wise  center  of  pressure  (CP)  on  the  wind¬ 
ward  wing.  Since  the  opposite  process  is 
occurring  on  the  leeward  wing  with  increas¬ 
ing  a  ,  the  net  result  Is  a  deterioration 
of  c^  with  side-slip. 

Unlike  simple,  highly  swept,  delta 
wings  which  experience  stabilizing 
trends  with  side-slip  in  vortex-  flows,  the 
straked  wing  acts  just  the  opposite.  The 
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Figure  9  Steady  Force  and  Moment  Results 
for  Asyaastric  Flow 

strake  flow  fields,  however,  do  act  like  a 
simple  delta  wing  in  that  lift  o..  the  wind¬ 
ward  strake  Increases  with  incidence  over 
that  on  the  leeward  strake.  The  slower 
growth  of  wing  vortex  induced  lift  on  the 
outboard  windward  wing  is  bolieved  to  be 
caused  by  aispiacemant  of  that  vortex 
through  influence  of  a  stronger  strake 
vortex.  This  is  evidenced  in  pressure  data 
in  Reference  4  where  the  suction  peak  under 
the  wing  vortex  is  displaced  inboard.  The 
paak  is  also  weakened  and  flattened  which 
is  indicative  of  displacement  away  from  the 
wing  surface.  Both  of  these  displacements 
would  be  expected  as  a  result  of  mutual 
Influence  of  the  wing  and  strake  vortices 
on  the  windward  wing.  Finally,  because  of 
the  larger  moment  arm  for  the  decreasing 
wing  vortex  Induced  lift,  this  loss  in 
rolling  moment  tends  tc  override  the  gain 
from  the  strake  vortex  induced  lift. 

The  destabilizing  trei'4  in  that 
began  with  onset  of  vortex  flows  is  greatly 
intensified  with  vortex  bursting.  This 
trend  is  consistent  with  highly  swept  delta 
wings  where  burst  is  initiated  on  the  wind- 
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ward  wing  because  of  the  lower  sweep.  4,2  Unsteady  Aerodynulc  Characteristics 
Burst  development  and  consequent  loss  of  with  Side-Slip 

lift  on  the  windward  wing  precedes  that  on 

the  leeward  wing  and,  thus,  maintains  a  The  asymmetric  unsteady  flow  iields 

destabilizing  tendency  to  roll  the  leeward  associated  with  the  pitching  straked  wing 

wing  up  and  increase  side-slip.  Burst  itodel  with  side-slip  and  their  effect  on 

onset  is  noted  in  the  curve  in  Figure  9  dynamic  normal  force,  pitching  moment  and 

at  about  17  deg  where  a  change  in  slope  rolling  moment  are  presented  in  this  I 

with  respect  to  a  is  seen.  This  downward  section.  These  results  were  obtained  with 

slope  continues  until  about  25  deg  where  it  the  model  dynamically  pitching  at  turntable  • 

abruptly  changes  to  a  nearly  flat  "bottom”  positions  of  5  deg  and  -5  deg  relative  to 

or  "bucket".  The  occurrence  of  this  the  freeotream  direction.  Thus,  the  dyna- 

"bucket"  also  coincides  with  static  Cjjjjgjj  mic  aerodynamic  characteristics  are  repre- 

and  Cjmax  noted  in  the  other  curves  sentative  oi  an  airplane  pitching  in  a 

shown  Tn  Figure  9.  Based  on  the  pressure  plane  that  is  yawed  relative  to  the  flight 

data  in  Reference  4,  it  is  postulated  that  path.  These  results  are  shown  in  Figures 

the  windward  wing  vortex  Is  fully  burst  at  10.  11,  and  12  for  different  frequencies 

about  25  deg.  and  amplitudes  in  the  same  three  incidence 

ranges  covered  in  Figures  5,  6,  and  7  for 
Within  the  "buckot",  the  windward  wing  symmetric  flow.  The  primary  difference  is 
remains  essentially  unchanged  from  its  that  Cjj,  C-,  and  are  presented  for  side- 
fully  separated  condition  and  contributes  slip.  Again,  line  symbols  are  the  same  as 
very  little  to  the  development  of  Cjj,  Cj,,  were  used  for  symmetric  flow, 
and  Ct  with  a  ,  which,  in  fact,  is  true  up 

to  the  maximum  tested  incidence  of  50  deg.  The  hysteresis  effects  in  the  three 

Since  Cjj,  Cj,,  and  are  nearly  constant  components  are  quite  different  for  differ- 
over  the  a  range  of  the  "bucket",  about  25  ent  incidence  ranges  depending  on  the 
deg  to  33  deg,  the  development  of  vortex  relationship  between  t  ®bd  a  -jjj  and 
burst  over  the  leeward  wing  apparently  has  major  flow  transition  points.  The  dlstinc- 
little  effect  on  lift.  It  is  highly  pro-  tion  between  symmetric  and  asymmetric  flows 
bable  that  the  stalled  flow  field  over  the  is  that  the  major  flow  transitions  occur  at 
windward  wing  is  partly  responsible  for  different  angles;  and,  as  discussed  for 
this  behavior.  steady  flow,  a  transition  may  not  occur  on 

the  windward  and  leeward  wing  at  the  sane 
The  destabilizing  "bucket"  is  abruptly  angle.  As  just  discussed  above  for  steady 
terminated  starting  at  about  33  deg  where  asymmetric  flow,  wing  stall  was  suspected 
the  curve  becomes  stabilizing  at  37  deg.  to  occur  at  about  25  deg  to  27  deg  on  the 
This  Is  attributed  to  the  stalling  process  windward  wing  but  at  about  33  deg  to  37  deg 
on  the  leeward  wing  which  happens  very  on  the  leeward  wing, 
quickly  as  has  been  observed  in  various 

flow  visualization  tests.®  Once  both  wings  The  effect  of  pitch  rate  is  to  intro- 

are  stalled,  the  influence  of  side-slip  duce  a  change  in  the  angle  at  which  a  given 
through  changes  in  leading  edge  sweep  is  no  transition  may  take  place  relat.lve  to  the 
longer  important.  The  stabilizing  level  static  angle.  This  is  due  to  the  finite 
of  Cj  remains  nearly  constant  from  about  40  time  required  for  a  transition  to  occur 
deg  up  to  90  deg  as  has  been  shown  in  other  which  is  similar  to  symmetric  flow.  A 
tests  of  the  subject  straked  wing  plan-  distinction  between  symmetric  and  asymme- 
form.®  This  characteristic  is  quite  per-  trie  flows,  however,  is  that  an  additional 
sistent  once  the  wing  is  totally  stalled  as  time  lag  is  introduced  for  the  development 
will  be  demonstrated  later  in  unsteady  of  asymmetric  flows.  This  results  in  a 
flow.  tendency  for  transitions  to  occur  more 


-10.  a  10.  a  30.  4t.  so.  -10  0.  to  a  30  <0.  »  .10.  0  10.  a  »  «  so. 

a.  M6  o.  DE6  a,  DEG 


Figure  10  Effect  of  Frequency  and  Amplitude  on  Asymmetric  Cjj,  and  Ci 
at  Low  Incidence,  o  -  -4  deg  to  24  deg,  B  -  -5  deg 
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nearly  ainultsneoualy  on  both  wings,  even 
with  aide-slip,  and  to  initially  aininlze 
asytmetric  effects.  With  sufficient  pitch 
rate  it  is  possible  to  almost  entirely 
eliminate  atymmotric  effects  under  certain 
conditions.® 

The  rosults  shown  in  Pagure  10  for  a  •> 
-  4  deg  to  J4  deg  epphasire  the  similarity 
with  symaatrlc  Cjj  and  Cj,  reaulti;  as  shown 
in  Figure  f.  These  dynamic  effects  ere 
again  second  order  where  the  flow  fields 
are  dominated  by  linear  and/or  unburst 
vortex  flows.  The  dynamic  effects  on 
are  giilto  pronounced,  however,  and  chow 
considerable  hysteresis  in  the  vicinity  of 
the  lower  side  of  the  destabilizing 
"bucket".  This  hysteresis  appears  as  a 
simple  lag  in  the  development  of  vortex  and 


burst  vortex  flows  on  pitch-up  and  reesta¬ 
blishment  of  flows  on  pitch-down.  The 
effect  of  higher  frequency  is  to  widen  the 
hysteresis  loop  width  but  not  significantly 
alter  the  slopes.  Loop  height  for  the 
reduced  amplitude  Is  also  remarkably  simi¬ 
lar  to  that  for  the  large  amplitude  loop  at 
the  high  frequency. 

The  mid-incidence  range  for  a  >•  8  deg 
to  38  deg  encloses  both  vortex  burst  and 
stalled  flews  on  the  windward  and  leeward 
wings.  Burst  occurs  at  17  deg  and  stall  at 
about  25  deg  to  27  deg  on  the  windward  wing 
in  steady  flow,  where  es  these  transitions 
occur  at  about  25  deg  and  37  deg  repective- 
ly  cn  the  leeward  wing.  As  a  result  of 
enclosing  both  burst  and  stall  points,  the 
dynamic  effects  for  maximum  amplitude  in 


o.  DEC 


o.  KC 


a.  DEG 


Figure  11  Effect  of  Frequency  and  Amplitude  on  Asymmetric  Cj;,  Cjj  and 
at  Mid-Incidence,  a  »  8  deg  to  38  deg,  0  =  -5  deg 


-to  I.  U.  EG.  m  «  so  -1G  0.  n  EG  GO.  <0  so.  -10  0.  <0  EG  U  40  so 

a,  OEQ  a.  DEO  a.  &ES 


Figure  12  Effect  of  Frequency  and  Amplitude  on  AsjTaaatric  Cn,  and  Ci 
at  High  Incidence,  a  =  22  deg  to  50  deg,  0  =  -5  deg 
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this  incidence  range  are  much  more  pro- 
ncunced  with  side-slip  as  shown  by  the 
results  in  Figure  11.  Comparing  Cj,  and  Cj, 
results  in  Figure  11  with  those  for  symme¬ 
tric  flow  in  Figure  6  indicates  that  the 
hysteresis  loops  have  amplitude  excursions 
that  are  more  like  those  seen  in  symmetric 
flow  at  the  higher  incidence  in  Figure  7. 
This  is  attributed  to  the  enclosure  of  the 
stall  point  within  the  pitching  motion 
which  emphasizes  importance  of  flow  transi¬ 
tion  similarity  on  affecting  dynamic 
characteristics  as  opposed  to  incidence 
rimilarity.  The  peculiar  dynamic  loops  for 
Cl  are  directly  tied  to  inclusion  of  the 
two  major  flow  transition  points  and  will 
be  more  easilv  understood  after  discussing 
dynamic  effects  in  the  high  Incidence 
range. 

The  results  shown  in  Figure  12  cover 
the  incidence  range  of  22  deg  to  50  deg 
which  encloses  vortex  burst  on  the  leeward 
wing  and  stall  transition  on  both  wings. 
Because  the  flow  field  characteristics  for 
maximum  amplitude  motion  are  more  similar 
between  symmetric  and  asymmetric  flows,  the 
dynamic  Cjj  and  Cq  loops  are  aisc  similar  as 
can  be  seen  by  comparing  Figures.  7  and  12. 
The  dynamic  mechanism  is  essentially  a 
flip-flop  between  vortax  burst  flow  and 
stalled  flow  on  the  leeward  wing  while  the 
windward  wing  is  essentially  stalled  during 
the  pitching  motion.  Tine  lag  in  the 
transition  tc  or  from  stalled  flow  on  the 
leeward  wing  produces  the  hysteresis  loops 
shown  in  Figure  12.  Dynamic  loops  for  Ci 
results  particularly  emphasize  the  flip- 
flop  characteristics  with  simple  lag..  The 
effects  of  frequency  and  amplitude  on  the 
dynamic  Ci  loops  are  minimal  as  long  as  the 
leeward  wing  stall  transition  is  enclosed 
in  the  pitching  notion.  This  suggests  that 
there  exists  a  limit  pitch  rate  above  which 
the  dynamic  Ci  loops  are  essentially  un¬ 
changed  at  higher  rates. 

Returning  to  the  dynamic  loops  in 
Figure  11  at  the  mid-incidence  range,  it  is 
now  evident  how  the  shape  of  the  loops  for 
maximum  amplitude  is  tied  to  the  two  flow 
transition  points.  The  "Figure  8"  charac¬ 
teristic  at  k  “  0.C9  in  Figure  11  is  an 
almost  quasi-steady  distortion  with  simple 
lag  of  the  "bucket".  The  rapidity  of  tran¬ 
sition  to  stalled  flow,  as  indicated  by  a 
very  rapid  rise  in  at  o  is  quite 
remarkablo  and  is  in  aoreement  with  earlier 
observations  on  how  quickly  flow  fields  can 
stall.®  Increasing  frequency  to  k  *=  0.15 
for  the  maximum  amplitude,  however,  does 
not  allow  enough  time  for  stall  transition 
to  occur  and  the  curve  on  pitch-down 
tends  to  retrace  its  path  generated  on 
pitch-up.  This  retracing  implies  that 
perhaps  vortex  bursting  was  not  encountered 
on  the  leeward  wing  until  about  30  deg, 
soraetiae  after  pitch-down  had  started; 
otherwise,  hysteresin  would  be  present 
similar  to  that  also  shown  in  Figure  11  for 
the  lower  amplitude  and  k  -  0.15.  The 
lower  negative  slope  of  Cj  versus  «  on 
pitoh-up  for  maximum  amplitude  and  k  »  0.15 
(which  is  similar  to  the  static  slope  for 
unburst  vortex  flow  between  3-12  deg  and 
IV  deg)  is  further  evidence  supporting  this 
contention. 

5.0  IHFDICR.TIOHS  FOR  FLIGET  DTOMacS 
MODEUHS 

The  non-linearities  and  time  history 
(or  path  dependency)  effects  in  the  aero¬ 
dynamic  forces  and  moments  discussed  in 


this  paper  must  be  accounted  for  in  the 
accurate  modeling  of  flight  path  character¬ 
istics  associated  with  dynamic  maneuvering 
at  post  stall  conditions.  The  influences 
of  pitch  rate  and  the  incidence  range 
encountered  during  such  maneuvers  are 
dominant  in  driving  the  aerodynamic  charac¬ 
teristics  along  one  branch  or  another 
depending  on  previous  developments  of  the 
flow  field  time  history.  Results  that  hava 
been  discussed  in  this  paper  are  directly 
applicable  to  full-scale  post-stall  maneu¬ 
vering  where  the  maximum  incidence  is  50 
deg  or  higher.  Maximum  pitch  rates  scale 
to  about  25  deg/sec  for  full-scale  flight 
for  a  root  chord  of  30  ft  and  velocity  of 
300  FPS.  The  following  discussions  will 
cover  two  basic  classes  of  non-linear 
behavior  that  have  been  illustrated  in  this 
paper. 

The  first  type  of  aerodynamic  non¬ 
linear  behavior  will  be  referred  to  as 
"state  non-linearity".  This  type  refers  to 
characteristics  that  can  be  described  on 
the  basis  of  current  stats  variables  such 
as  Mach,  a,  a,  etc.  As  an  example, 

consider  dynamic  Cjj  variation  in  Figure  7 
for  fixed  a  positive  d ,  the  Cjj 

increase  over  static  values  can  be  fairly 
well  defined  on  the  basis  of  a  and  u .  For 
negative  d ,  the  Cjj  decrease  from  static 
values  also  can  be  defined  as  a  function  of 
a  and  a  ,  however,  the  coefficients  will 
not  be  the  same  as  for  d  >  0.  As  can  be 
seen  in  Figure  7,  the  Cjj  reduction  for  d  < 
9  is  much  greater  than  the  Cjj  increase  for 
d  >  0.  In  this  case  the  incremental 
changes  from  static  curves  duo  to  dynamic 
effects  are  dependent  or.  a  and  d .  Th(  s 
first  type  of  non-linearity  is  applicable 
to  dynamic  conditions  in  wliich  the  aircraft 
encountors  similar  flow  fields  and  flow 
field  transitions  within  a  given  maneuver 
range.  The  incidence  range  for  linear 
attached  flow  and  vortex  flow  up  to  burst 
is  a  good  example  of  flow  regimes  to  which 
state  non-linearity  is  applicable.  It  can 
also  be  used  to  define  aerodynamic  charac¬ 
teristics  where  vortex  and  burst  vortex 
flows  or  stalled  flows  are  encountered 
without  transition  occurring. 

The  second  type  of  aerodynamic  non¬ 
linear  behavior  will  bo  referred  to  as 
"path  dependent  non-linearity".  This  type 
exhibits  bifurcations  that  are  controlled 
by  the  time  history  development  of  the  flow 
fields  resulting  from  model  or  aircraft 
motions.  As  an  example,  the  dynamic  varia¬ 
tion  of  Cp  in  Figure  7  for  fixed  a„in  shows 
a  noticeable  sensitivity  to  a depending 
on  whether  a  j,jix  greater  than  or  less 
than  the  stall  angle.  The  loop  for  a-aiiX  “ 
36  deg  does  not  enclose  stall  and  is  not 
very  dynamic .  However ,  when  “max 
increased  to  43  deg  and  does  enclose  stall, 
the  loop  is  much  more  dynamic  and  shows  a 
strona  similarity  to  the  loop  for  “max  “  5° 
deg.  ■  This  example  illustrates  the  impor¬ 
tance  of  inclusion  or  exclusion  of  major 
flow  transitions  within  the  model  or  air¬ 
craft  motion. 

A  more  disturbing  example  of  path  de¬ 
pendent  r.on-1  inear ity  is  shown  in  Figure  11 
for  dynamic  variation  with  frequency.  At 
the  low  frequency,  k  «  0.09,  the  dynamic 
loop  had  the  appearance  of  a  lag  distorted 
"bucliaf.  This  was  a  result  of  encounter¬ 
ing  both  asymmetric  vortex  burst  and  total 
stall  within  the  range  of  the  pitch  excur¬ 
sion.  At  the  higher  frequency,  k  -  0.15, 
the  dyneuaic  Cj  loop  appearance  changed 
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significantly  and  no  longer  reflected  the 
occurrence  of  leeward  wing  stall  at 
In  fact,  the  data  Indicated  that  vortex 
burst  did  not  even  occur  on  the  leeward 
wing  during  pitch-up.  Thus,  the  stalled 
flow  branch  taken  at  the  lower  pitch  rate 
was  not  taken  at  the  higher  pitch  rate 
since  sufficient  tine  was  not  available  for 
the  leeward  wing  to  stall  in  the  latter 
case.  In  this  example,  bifurcation  was 
driven  by  pitch  rate  rather  than  incidence 
range,  however,  a  nln  “max 

within  certain  ranges  for  this  phenomenon 
to  occur. 

Clearly,  state  parameter  values  are 
not  sufficient  to  define  dynamic  aerody¬ 
namic  characteristics  where  path  dependency 
is  dominant.  In  the  cases  of  large  ampli¬ 
tude  aircraft  maneuvers  where  several  flow 
field  types  are  encountered  ranging  from 
linear  attached  flow  to  post  stall,  an 
integration  approach  is  necessary  for  this 
definition.  The  integration  technique  must 
have  the  intelligence  to  select  the  appro¬ 
priate  paths  when  encountering  aorodynanic 
bifurcation  points.  it  must  also  bo  able 
to  perform  these  functions  witnout  prior 
Scnowledge  of  what  stato  parameter  values 
will  be  encountered.  This  capability  is 
necassarj'  for  non-linear  flight  path  model¬ 
ing  where  the  aerodynamic  forces  that  drive 
the  aircraft  are  determined  by  feedback 
from  the  aircraft  past  and  current  dynamic 
state. 

6.0  COKCLDSIOKS 

This  paper  has  proBsntod  a  discussicn 
of  force  and  moment  data  results  from  the 
:ow  speed  wind  tunnel  tost  of  an  oscillat¬ 
ing  straked  wing  modal .  The  modal  was 
oscillated  in  pitch  in  symmetric  flow  and 
in  a  yawed  plane  in  asymmetric  flow.  Kor- 
mal  force,  pitching  moment  and  axial  force 
results  were  analyzed  for  symmetric  steady 
and  unsteady  flow  whore  as  normal  force, 
pitching  moment  and  rolling  moment  results 
were  analyzed  for  the  asymmetric  condi¬ 
tions.  Pressure  and  flow-visualization 
data  also  obtained  in  that  test  were  used 
to  interpret  flow  field  characteristics 
associated  with  static  and  dynauic  force 
and  moment  trends. 

Four  basic  flow  regimes  ware  iden¬ 
tified  in  steady  symmetric  flow  as  {1, 
linear,  (2)  vortex  flow,  (3)  burst  vortex 
flow  and  (4)  fully  separated  or  stalled 
flow.  The  relationships  botveen  the  frow 
regimes  and  the  development  of  normal 
force,  pitching  moment  and  axial  force  were 
discussed.  These  relationships  formed  the 
basis  for  discussing  the  unsteady  aorodyna  -- 
mic  characteristics. 

Unsteady  symmetric  flow  results  were 
presented  for  three  incidence  ranges;  (1$ 
low  incidence  with  linear  and  vortex  flows, 
(2)  mid- incidence  with  vortex  tnd  burst 
vortex  flows,  and  (3)  high  incidence  with 
burst  vortex  and  stalled  flows.  Hystere¬ 
sis  effects  in  unsteady  flows  were  shown  to 
be  more  significant  for  the  more  chaotic 
flow  fields  associated  with  increasing 
incidence.  These  effects  also  increased 
with  frequency  of  oscillation  and  with  ths 
inclusion  of  flow  transition  points  in  Che 
pitch  excursion.  As  an  example,  very 
little  hysteresis  was  observed  for  model 
oscillation  between  the  vortex  burst  and 
stall  angles  without  enclosing  either  point 
within  the  oscillation  range,  Fnclosing 
either  vortex  burst  or  stall  angle  within 


the  oscillation  range  produced  a  signifi¬ 
cant  increase  in  hysteresis  effects.  This 
was  true  for  all  three  components  of  force 
and  moment  that  were  discussed. 

The  four  basic  flow  regimes  identified 
in  symmetric  flow  were  also  identified  in 
asymmetric  flow.  The  effect  of  side-slip 
was  to  shift  the  flow  field  transitions  to 
higher  cngles  ar  lower  angles  on  the  lee- 
••rard  or  windw.ard  wings  respectively. 
Influence  on  normal  force  and  pitching 
moment  wore  not  large  for  a  -f-S  deg  or  -5 
deg  yawing  of  the  pitch  plane.  Stabilizing 
rolling  moments  were  developed  in  the 
linear  flow  regime  which  were  reduced  with 
the  oneat  of  vortex  flow.  Destabilizing 
roll.ing  moments  were  produced  with  asynne- 
tric  vortex  burst  and  were  returned  to  a 
stable  condition  with  total  wing  stall. 

Unsteady  asysaaetrlc  flow  results  in 
the  three  incidence  ranges  revealed  some 
very  interesting  characteristics.  The 
effects  of  side-slip  on  dynamic  normal 
force  and  pitching  moment  were  noticeable 
due  primarily  to  the  existence  of  stalled 
flow  on  the  windward  and  leeward  wings 
within  the  mid-incidence  range.  Thus, 
characteristics  typical  of  the  high  inci¬ 
dence  range  in  symmetric  flow  were  seen  in 
the  mid-range  in  asymuistric  flow.  Dynamic 
rolling  moments  were  very  much  affected  by 
frequency  and  pitch  amplitude  in  the  mid- 
incidence  range.  At  a  low  frequency  and 
maximum  amplitude,  the  dynamic  rolling 
moment  loop  showed  tho  characteristics  of 
vortex,  burst  vertex  and  stalled  flows.  At 
a  higher  frequency  and  same  amplitude, 
stalled  flow  was  not  achieved  on  the  lee¬ 
ward  wing  which  resulted  in  completely 
different  dynamic  loop  charaoteristi  oa .-  In 
the  high  incidence  range,  a  persistant 
flip-flop  characteristic  was  seen  in  the 
rolling  moment  dynamic  loops  that  was 
attributed  to  the  Iseward  wing  being 
unscalled  on  pitch  up  and  stalled  on  pitch 
down. 

Tho  non-llnsar  and  path  dependent 
effects  on  unsteady  aerodynamic  forces  and 
moments  presented  in  this  paper  ware  then 
discussed  with  regard  to  accurate  modeling 
of  flight  path  characteristics  associated 
with  dynamic  manauvering  at  post  stall 
conditions.  Two  types  of  non-linear  be¬ 
havior  were  presented  and  referred  to  as 
"state  non-linearity"  and  "path  dependent 
non-linearity".  It  was  demonstrated  that 
state  parameters  were  insufficient  to 
define  the  aynanic  aeroiivnamios  where  path 
dependency  and  bifurcation  processes  are 
dominaut.  A  time  integration  technique  was 
considered  nccessniy  which  has  the  intelli¬ 
gence  to  select  tha  correct  aarodynamic 
path  when  encountering  a  bifurcation  point. 
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SOME  CHAR^tTERlSTICS  AND  EFFECTS  OF  THE  F/A- 18  LEX  VORTICLS 


by 
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Institute  for  Aerospace  Research 
National  Research  Council 
Ottawa,  Ontario  Kl  A  0R6,  Canada 


SUMMARY 

The  first  phase  of  a  wind  tunnel  programme  to 
measure  mean  and  unsteady  farces  and  moments  and 
pressure  distributions  on  the  forward  fuselage,  leading- 
edge  extension,  fins  and  in  the  LEX  vortex  wake  of  a  6% 
rigid  model  of  the  F/A-18  aircraft  has  been  accomplished 
The  effect  of  compressibility  up  to  M-o.8  has  been  studied. 
Tfie  mean  chord  Reynolds  number  range  was  1  2  to  3.8  X 
106. 

Mean  pressures  were  measured  at  84  orifices 
distnbufed  between  canopy,  forward  fuselage  and  the  LEX 
Unsteady  and  mean  pressure  measurements  were  made  at 
four  points  on  the  LEX  and  at  24  points  on  each  side  of  the 
fin.  The  vortex  wake  measurements  were  made  with  a  49 
tube  total  pressure  rake  of  which  13  tubes  were  capable  of 
acomring  unsteady  as  wall  as  mean  pressures. 

The  effects  of  the  I.EX  fences,  that  have  been 
retroactively  fitted  to  CF-18  aircraft  In  service,  have 
been  assessed.  The  Influence  on  aircraft  lift  and  pitching 
moment  :s  small.  The  data  shows  their  local  effect  on  LEX 
pressures,  reduction  in  fin  mean  and  unsteady  loading  that 
they  cause  and  thalr  effect  on  the  stagnation  pressure 
disbribution  In  the  vortex  wake 

Symbala 

fif  tin  area 

Aj  area  of  jth  panel  on  fin 

5  wing  aerodynamic  mean  chord 

ci  fin  local  chord 

cr  fin  mean  aerodynamic  chord 

mean  pitching  moment  about  reference 
point  (23.73  inches  behind  nose) 

Cm  nns  value  of  unsteady  pitching  moment 

Q.  lift  coefficient 

Qr  rms  value  of  unsteady  normal  force  coefficient 

Cm  I  fin  mean  normal  force  coefficient 

Cn,  rms  value  of  unsteady  normal  force 
on  fin  inner  surface 

Q/o  rms  value  of  unsteady  normal  force 
on  fin  outer  surface 
Cp  mean  pressure  coefficient 

^  rms  value  of  unsteady  pressure  coefficient 
f  frequency  (Hz) 

F)  time  function  of  pressure  at  point  1 

Fa  time  function  of  pressure  at  point  2 

k  non-dimensional  frequency  (fc/U) 

M  freestream  Mach  number 

Pi  mean  pressure  on  fin  Inner  surface 
Pu  mean  pressure  on  fin  outer  surface 

Pi  rmtj  tins  value  of  unsteady  pressure  on  fin 
Inner  surface  at  jth  panel 
Po  rmsj  this  value  of  unstea^  pressure  on  fin 
outer  surface  at  jth  panel 
q  freestream  dynamic  pressure 

Re;  Reynolds  number  based  one 

Ri,2(T)cross  correlation  function  of  Ft  andFj 
t  time 

U  freestream  velocity 

x,y,z  aircraft  model  co-ordinate  system  with 
origin  at  nose 


xi,yi,Z|fin  co-ordinate  system  with  origin  at 

intersection  of  leading  edge  and  fuselage 

a  angle  of  incidence  (degrees) 

T  time  delay 

INTRODUCTION 

The  high  degree  of  manoeuverability  of  modern 
fighter  aircrah  at  subsonic  flight  speeds  is  largely  due  to 
the  ability  of  the  wing  planform  to  generate  vortical  flows 
that  produce  useable  lift  coefficients  at  high  angles-of- 
attack  that  are  substantially  higher  than  possible  with 
earlier  planforms. 

The  F/A-18  by  virtue  of  its  high  lift  devices, 
optimized  fin  and  sfabllator  arrangement,  an  advanced 
digital  control  system  and  effective  engine  alt  induction 
system  is  capable  of  controlled  flight  at  angles-of-attack 
up  to  more  than  50°. 

Among  the  wings'  high  lih  devices  i.e  leadmg-edge 
extension  (LEX),  full  span  leading  and  tralling-edge  flaps 
(llap/aileron  outboard),  the  LEX  has  been  credited  with 
effecting  a  22%  increase  in  maximal  lift  coefficient  and 
with  increasing  the  angle  of  atfack  for  max.  Cl  by  10°, 
compared  with  a  LEX  off  configuration  (Reference  1). 

As  is  well  known  the  lift  enhancement  arises  from 
the  rolling-up  of  separated  flows  at  the  highly  swept 
leading  edges  of  the  LEX  into  a  pair  of  intense  vortices  that 
trail  rearwards.  These  inouce  a  low  pressure  field  over 
the  LEX,  uoper  surface  of  the  fuselage  and  inner  regions  of 
the  wings.  At  high  angles  of  aftack  a  strong  outflow  is 
apparent  over  much  of  the  wing  upper  surface. 

Ultimately  the  vortices  burst  and  they  degenerate 
into  strongly  turbulent  flow.  Interaction  of  the  burst 
region  with  aircraft  structure  results  in  vibration  which 
can  be  damaging.  Peak  accelerations  up  to  450g  close  to 
the  tip  of  the  vertical  fin  have  been  reported  from  flight 
tests  at  the  Aeronautical  Engineering  Test  Establishment  at 
Cold  Lake  (Reference  2).  The  same  reference 
demonstrates  the  efficacy  of  the  standard  LEX  fences  in 
reducing  the  peak  acceleratioii  to  20Gg. 

Flow  visualization  wo.A  at  small  scale  (1/72)  in 
water  tunnels,  supported  by  wind  tunnel  Investigations 
with  a  6%  model  and  full  scale  flight  measurements  have 
established  an  approximately  linear  relation  between  the 
aircraft  angle-of-attack  and  the  axial  position  of  vortex 
burst  (Reference  2)  Since  the  vertex  originates  at  a 
sharp  edge  the  axial  position  is  in-ansithre  to  Reynolds 
number  -  the  measurements  cited  in  Reference  2  cover 
three  orders  of  magnitude  Also  the  variation  of  burst 
position  appears  to  be  insensitive  to  Mach  number  up  to 
0.4  at  least. 

The  relahon  between  burst  position  and  angle-of- 
attack  indicates  that  below  15°  the  burst  occurs 
sufficiently  to  the  rear  to  have  little  adverse  effect  on  the 
fins.  Above  a>15°  the  burst  position  is  sufficiently  far 
forward  for  the  turbulent  regions  to  subject  the  fins  to 
increasingly  severe  random  loading  as  a  increases. 

This  paper  describes  the  measurements  and  gives 
data  from  a  wind  tunnel  investigation  on  a  6%  scale  rigid 
model  of  the  F/A-1B,  with  and  without  LEX  fences.  The 
measurements  were  performed  in  the  5ft  X  5ft  blowdown 
wind  tunnel  of  the  High  Speed  Aerodynamics  Laboratory. 


Data  are  presented  for  mean  and  unsteady  force  and 
moments  on  the  model,  LEX  and  fin  pressures  (mean  and 
unsteady)  and  stagnation  pressure  measurements  in  the 
vortex  wake  behind  the  fin.  The  investigation  was  made  at 
Mach  numbers  0.19,  0  246,  0.6  and  0.8  and  the  angle-of- 
attack  range  was  from  0”  to  35°. 

MODEL  AND  IMSTRUMENTATION 

1  .  Model 

This  is  a  6%  scale  F/A-18  shown  in  Figure  1  ft 
consists  of  3  major  pieces,  namely  an  aluminum  alloy 
forebody  with  integral  strakes  (equipped  with  removable 
fences)  and  a  single  place  canopy:  a  stainless  steel  centre- 
fuselage  vrith  integral  wings:  and  a  stainless  steel  rear 
fuselage.  These  parts  are  made  with  close  tolerance 
spigotled  joints  and  are  dowelled  and  bolted  together.  The 
centre  fuselage  is  bored  to  accept  a  1  5  inch  diameter  sting 
balance 

Leading-  and  irailing-edge  flaps  are  fastened  to  the 
wings  by  simple  bolted  lap  joints.  For  these 
measurements  the  flap  deflections  were  35“  (LE.F.)  and 
0"  (T.E.F.). 

The  vertical  fins  are  bolted  to  the  rear  fuselage 
which  also  carries  adjustable  angle  stabilators.  These 
were  set  at  -9“  for  the  measurements. 

The  wing  tips  carried  models  of  the  AIM9  missile 
and  launcher  rail  but  the  underwing  pylons  were  not  fitted 
Transition  trips  were  placed  on  upper  and  lower  surfaces 
of  the  LEX,  wings,  fins  and  stabilators  at  approximately 
0.4  inches  from  the  leading  edge.  Trips  were  also  placed 
around  the  forebody  and  along  the  tower  generator  in  a 
manner  simitar  to  that  described  in  Ref.  4. 

2 .  Model  Support 

Figure  2  illustrates  the  sting  mounting 
arrangement  of  the  model  in  the  transonic  test-section  of 
the  5ft  X  Sft  blowdown  wind  tunnel  at  the  tnstitute  for 
Aerospace  Research.  A  cranked  sting  was  used  to  obtain  a 
wind-off  anqie-of-attack  range  of  0-33°.  Under 
aerodynamic  loading  an  increment  of  2°,  due  to  sting 
bending  is  typically  obtained. 

3 .  Instrumentation  of  Model 

The  forebody  was  instrumented  with  84  pressure 
orifices  located  on  the  canopy,  starboard  fuselage  side  and 
upper  and  lower  surface  of  the  starboard  LEX.  Orifice 
pressures  were  measured  on  5  electronically  scanned 
pressure  modules  that  were  located  In  a  cavity  under  the 
canopy.  The  LEX  upper  surface  also  contained  4  surface 
mounted  Endevco  8S15B  (50  psia)  absolute  pressure 
transducers  for  dynamic  pressure  measurement.  The 
locations  of  orifices  and  dynamic  pressure  transducers  are 
indicated  in  Figure  3  and  deflned  in  Tables  1  and  2 
respectively. 

For  these  measurements  the  standard  starboard  fin 
was  replaced  by  an  extensively  instrumented  version 
containing  48  (24  per  side)  Endevco  851 5B  (50  psia) 
absolute  transducers.  These  are  embedded  a  short  distance 
under  the  surface  to  give  high  dynamic  response.  The  fin 
was  also  Instnimented  with  root  strain  gauges  and 
contained  an  accelerometer  near  the  tip  (3/4  span,  1/3 
local  chord). 

Pressure  calibration  of  the  transducers  was 
effected  by  fitting  a  pressure  tight  'glove'  over  the  entire 
fin,  mounted  on  the  model,  thus  subjecting  each  transducer 
to  a  common  pressure  from  a  nitrogen  supply.  The  fin 
pressure  tran^ucer  locations  are  indicated  in  Figure  4. 
Table  3  gives  the  locations  of  the  transducers. 

4 .  Vortex  Rake 

Stagnation  pressure  in  a  6-inch  square  cross- 
section  behind  the  starboard  fin  was  measured  by  the  49 
tube  rake  depicted  In  Figure  5.  This  was  mounted  on  the 
sting.  Thirteen  of  the  45  active  tidies  (the  comer  tubes 


were  not  connected)  contained  1/16  inch  diameter  Kulite 
25  psi  differential  pressure  transducers  for  high 
frequency  response  The  reference  side  of  these 
transducers  were  connected  to  an  external  pressure 
source. 

Internal  cham'ers  of  40°  included  angle  were 
machined  in  the  ends  of  the  dynamic  and  the  mean  pressure 
tubes  so  as  to  reduce  the  directional  sensitivity  of  the  rake 
since  It  was  required  to  operate  over  a  35°  angle-of- 
attack  range.  The  rake  was  aligned  wilh  the  freestream 
direction  when  the  model  was  at  20°  angle-of-allack 

RESULTS  AND  DISCUSSION 

1 .  Balance  Data 

The  variations  of  lift  coefficient  Cl  and  pitching 
moment  Cm  at  M-0.8  and  Rea-3.8X10fl  are  shown  in 
Figures  6(a)  and  6(b).  These  figures  demonstrate  that  the 
effect  of  the  LEX  fences,  especially  on  Cl,  is  smart.  The 
effect  on  Cm  is  mixed,  an  increase  (decreased  nose  dawn 
value)  is  noted  for  Cl>1  .3  with  a  decrease  for  0.7<Cl<1  3 
and  a  slight  increase  lor  low  and  negative  lift.  These  data 
were  obtained  with  the  vortex  rake  m  place.  As  shown  in 
Figures  7(a)  and  7(b),  the  presence  of  the  rake  causes  a 
noticeable  and  even  significant  Interference  on  the 
measured  aerodynamic  characteristics.  The  results  shown 
in  Figures  7(a)  and  7(b)  were  obtained  at  M>0.6  (the 
only  Mach  number  for  which  we  have  rake  on  and  off 
comparisons).  It  is  seen.  Figure  7(a),  that  there  Is  a 
slight  decrease  in  Cl  due  to  the  presence  of  the  rake,  the 
discrepancy  becoming  greater  as  Cl  increases  up  to  about 
1  6  and  then  diminishing.  The  greater  interference  may  be 
seen  in  Cm,  Figure  7(b)  For  values  of  Cl<1.5,  the 
discrepancy  amounts  to  about  13%  of  the  total  range  In  Cm, 
the  effect  being  an  increase  in  the  moment. 

However  the  effect  of  the  LEX  fences  is  not  obscured 
by  the  presence  of  the  vortex  rake.  The  minimal  effect  of 
the  fences  on  Cl  is  apparent  in  Figure  7(a)  while  the 
decrease  in  Cm  due  to  the  fences,  seen  in  Figure  7(b),  is 
similar  for  vortex  rake  on  and  off.  This  being  the  case  the 
changes  in  Cl  and  Cm  already  noted  at  M<0.8  in  Rgures 
6(a)  and  6(b)  are  held  to  be  valid  within  the  limitations 
of  experimental  errors.  The  loop  is  more  pronounced 
(0.5<  Cl<1  3)  for  M.0.6  than  for  M-O  8  (0.7<Cl<1  .3) 

The  variation  of  unsteady  normal  force  and  pitching 
moment  coefficients  (rms  values)  is  shown  in  Figures 
8(a)  and  (b)  for  M>0.8.  Some  results  at  M>0.19  and 
M-0.246  are  also  included.  Both  quantities  indicate  a 
sharp  rise  in  unsteadiness  in  the  a-range  of  25°-27.5°. 
The  effect  of  the  fences  is  to  effect  some  delay  in  the  rise 
Normal  force  rather  than  lift  coefficient  was  chosen  to 
illustrate  the  variation  of  unsteadiness  for  the  sake  of 
simplicity.  It  being  possible  to  record  the  rms  value  of  the 
balance  output  directly.  Similar  characteristics  occur  for 
M>0.6,  as  shown  in  Figures  9(a)  and  (b).  These  cunres 
show  that  the  onset  of  the  shaqi  increases  in  Cn  and  Cm 
occurs  between  2°  and  5°  earlier  than  at  M>0.8  but 
approximately  the  same  values  of  Cn  and  Cm  are  attained 
for  0230°. 

Our  data  at  the  low  Mach  numbers  of  0.19  and 
t.246  are  limited  to  a«30°  and  24.5°  respectively.  The 
unsteady  force  and  moment  coefficients  for  these  conditions 
are  also  included  In  Figures  8(a)  and  (b).  These  results 
indicate  slightly  higher  values  of  unsteady  force'  and 
moment  coefficients.  However  there  are  insufficient  data  to 
reach  a  conclusion  regarding  Mach  number  effects. 

2.  Forward  tuselaoe  and  LEX  nrenaure 

diatrlbullon 

( a )  Canopy  centre>line 

Pressure  coefficient  distributicns  along  the  canopy 
centre-line  are  shown  from  a-0°  to  35°  at  M-0.8, 
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Flec>3  8X10^  in  Figure  10.  The  critical  value  Cp*. 
assuming  isentropic  flow,  is  marked  at  the  appropriate 
level  for  each  cun/e.  Each  curve  is  characterized  by  a 
compression-expansion-compression-expansion  followed 
by  a  region  of  more  uniform  pressure  prior  to 
compression  and  expansion  on  the  fuselage  behind  the 
canopy.  Even  at  a>0°  there  is  a  small  zone  of  supersonic 
flow  in  the  vicinity  of  the  orifice  at  x/c>1.319.  This 
region  grows  in  extent  and  local  Mach  numbers  Increase 
such  that  at  a-3S°  supersonic  flow  Is  indicafed  from 
x/c-1.228  to  1.798  with  the  peak  Mach  number  of  1.33. 

It  should  however  be  noted  that  it  may  be 
inappropriate  to  ascribe  isentropic  external  flow  over  the 
canopy  at  some  of  the  higher  angles  of  incidence,  due  the 
presence  of  vortical  flow  eiTianating  from  the  forebody  of 
the  model  with  consequent  loss  of  total  pressure.  However 
total  pressure  losses  due  to  vortices  shed  from  the 
forebody  are  expected  to  be  small  so  that  assuming 
isentropic  flow  for  the  canopy  region  would  not  be  a 
serious  error. 

(  b )  Upper  fuselage  side 

The  development  of  the  Cp  distnbution  along  this 
line  of  pressure  orifices  (17-28  in  Figure  3)  is  shown  at 
M-0.8,in  Figure  11,  from  a-0“  to  35”.  The  formation  of 
forebody  vortices  is  believed  to  commence  at  some  a 
slightly  greater  than  15°  since  at  this  angle  the  pressure 
IS  almost  constant  from  x/c>1.336  to  1.728.  Peak 
suction  occurs  near  x/c>1.728  for  all  angles  up  to  35°, 
which  was  the  highest  angle  in  this  experiment. 

At  all  values  of  a  there  Is  a  short  zone  near 
X  /c-1.06  where  near  freestream  velodties  occur  but 
upstream  of  this  point  local  velocities  rise  rapidly  with  a. 
Up  to  a-25°  the  values  of  Cp  af  x/c-0.965  are  lower  than 
at  the  downstream  suction  peak  but  beyond  this  angle  the 
lowest  pressures  are  seen  at  the  downstream  peak.  The 
difference  is  largest  at  a>30°.  The  peak  suction  is 
obtained  with  o«32  5*  at  x/c-i.728. 

The  large  adverse  velocity  gradients  to  be  seen  near 
X  i^-1,  and  also  1.75,  exhibit  similar  shapes  for  Cp 
distribution  to  those  where  shock-wave  termination  of 
supersonic  flow  occurs. 

The  above  results  apply  to  the  LEX  fences  off  case 
but  closely  similar  ,.'es$ure  distributions  were  also 
obtained  with  the  fences  on. 

Mach  number  effects  on  the  fuselage  pressure 
distribution  are  exemplified  in  Figure  12  where  Cp 
distribution  curves  are  shown  for  the  fences  off  case  at 
0-30°  for  M-0.19,  0.6  and  0.8. 

(  c )  Upper  surface  of  LEX 

The  development  of  the  LEX  upper  surface  pressure 
distrioutions  along  the  two  lines  of  orifices  (y/&0.253 
and  0.355)  are  shown  for  M<0.8  for  the  fences  off  case  in 
Figures  13(a)  and  13(b).  The  inner  row  distributions 
indicate  the  incipience  of  the  vortex  near  a»5°,  when  a 
reduction  of  pressure  at  the  first  orifice  (x/cL1.662), 
brought  on  by  separation  at  the  sharp  leading  edge,  is  seen. 
Subsequent  Increases  in  a  to  10°  and  15°  bnng  on 
extensive  zones  of  low  Cp  with  the  peak  suction  point 
moving  back  to  x/5-1 .993.  A  further  increase  in  a  to  20° 
causes  a  wholesale  shift  of  the  pressure  profile  to  lower  Cp 
values  and  a  slight  backward  shift  of  the  peak  to 
x/c-2.060. 

The  minimum  Cp  that  we  could  discern  occurred 
near  ix>22.5°.  Further  increases  in  a  cause  a  tundamental 
change  in  the  pressure  pronie  in  that  the  suctian  peak 
near  x/c-2  collapses  but  the  pressure  from  x/f-1.927 
forward  goes  on  decreasing  monotonically  with  a  to  form  a 
broad  forward  peak  as  indicated  in  the  a>35°  curve. 

This  figure  also  shows  the  values  of  Cp  deduced 
frotm  a  hxed  pressure  transducer  at  x/o-1.894, 
y/&-0.263.  Values  of  Cp  Indicated  by  this  Instrumentation 
are  usually  close  to  the  data  from  the  pressure  orifices, 
although  a  large  discrepancy  can  be  seen  at  ow10°.  Since 
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this  transducer  is  at  a  different  lateral  position  from  the 
line  of  orirrces  a  difference  in  Cp  may  be  indicative  of 
lateral  pressure  gradients. 

The  positions  of  vortex  bursts  as  detennined  in 
water  tunnel  tests  (Reference  2)  are  marked.  It  will  be 
noted  that  the  position  at  a>30°  roughly  coincides  with  the 
collapse  of  the  pressure  peak.  At  a<25°  there  is  an  abrupt 
flattening  of  the  Cp  profile  a  short  distance  forward  of  the 
marked  burst  point.  These  effects  may  be  related. 

Unlike  the  Cp  profiles  (or  the  upper  fuselage  side 
these  LEX  pressure  profiles  do  hot  exhibit  precipitous 
increases  in  pressure.  It  seems  that  there  are  extensive 
areas  of  supersonic  flow  at  all  angles  above  10°  (precise 
limits  cannot  be  set)  but  relatively  gradual  diffusion  of  the 
(low  rather  than  deceleration  through  shock  waves  appears 
to  predominate.  The  positive  peak  pressures  behind  the 
diffusion  zone  move  rearwarite  with  a  increasing. 

Pressure  distributions  at  the  outer  row  are  shown 
in  Figure  13(b).  The  suction  peak  that  is  established  at 
a>>15°  increases  sharply  to  Cp— 1.25  and  moves  back  to 
x'c«  2.425  for  a-20°.  The  lowest  value  of  Cp  was  found 
to  be  -1  3  occurring  at  x/c-2.36  for  a-22.5°  but  a 
subsequent  Increase  in  a  to  25°  effected  a  fonvard  shift  of 
the  peak  to  x/c«2  292  and  an  increase  in  Cp  to  -1.17. 
Complete  collapse  of  the  peak  followed  increases  of  a  to 
30°  and  35°  and  unlike  the  inner  row  profile  the  low 
pressures  do  not  appear  to  have  been  re-established  at 
0-35°. 

Values  of  Cp  from  two  fixed  pressure  transducers, 
at  x/c°2.392  and  2.59,  are  shown  in  Figure  13(b).  The 
data  from  these  agree  well  in  some  cases  but  poorly  In 
others.  Again  their  lateral  positions  were  not  quite  the 
same  as  that  of  the  line  of  orifices. 

The  positions  of  the  vortex  bursts  are  in  qualitative 
agreement  with  the  collapse  of  the  pressure  peaks  for 
a>25°.  Diffusion  from  the  peak  low  pressures  occurs 
fairly  gradually,  as  at  the  inner  row. 

Profiles  of  Cp  for  the  'fences  on'  case  at  MfO.8  are 
shown  in  Figure  14(a).  The  development  of  the  vortical 
flow  follows  that  with  fences  off,  with  similar  collapse  of 
the  suction  peak  (near  x/c-2)  at  a-30°  and  establishment 
of  a  broad  peak,  located  forward,  at  a«35°.  At  a>15°  to 
30°  inclusive  the  effect  of  tho  fence  Is  lo  cause  a  very 
abrupt  rise  in  pressure  very  close  to  the  fence  leading 
edge.  Figure  14(b)  shows  Cp  profiles  for  the  outer  row  of 
orifices  in  the  presence  of  the  fence.  The  local  effect  of  the 
fence  is  exhibited  In  this  figure  through  the  sharply 
peaked  profiles  that  are  produced  These  commencing  at 
a-10°  reach  higher  suction  peaks  than  the  fence  off  case, 
with  the  highest  occurrence  at  a.25°.  Unlike  the  inner 
row  the  suction  peak  is  maintained  to  a>30°  but  at  35°  it 
collapses. 

Some  direct  comparisons  between  fence  ''ll  and 
fence  on  Cp  profiles  are  shown  in  Figure  15(a).  For 
clarity  symbols  are  omitted  and  the  origins  are  staggered. 

It  is  seen  that  at  all  angles  of  inodence,  forward  regions  of 
the  profiles  are  virtually  unaffected  by  the  presence  of  the 
fence  but  for  a-35°  the  entire  profile  is  unaffected. 
Possibly  this  is  because  the  vortex  has  burst  well  forward 
of  the  fence  and  there  is  no  organised  vortical  flow  to  act  on 
it.  Similar  results  for  M-0.6  are  reported  in  Reference  2 
but  the  pressure  gradients  seen  with  fences  on  are  less 
acute  at  this  lower  Mach  nuinber. 

Comparisons  for  the  outer  LEX  Cp  profiles  are 
shown  in  Figure  15(b),  They  demonstrate  a  large  effect  of 
(he  fence  over  the  entire  range  of  x/g  with  the  exception  of 
data  at  o>35°  where  again  it  can  be  seen  that  the  fence  has 
virtually  no  effect  due  to  vortex  bursting  well  ahead  of  the 
fence  (at  x/c-1.66).  However  if  the  burst  position  at 
a-30°  with  fences  on  is  close  lo  that  'fence  off 
( x/c«2.13)  it  would  appear  that  the  fence  is  effective  in 
promoting  the  high  peak  suction  in  spite  of  being  immersed 
in  turbulent  flow. 

Mach.number  effects  at  M«0.19,  0.6  and  0.8  on  the 
inner  and  outer  row  of  LEX  orifices  at  a-30°  are  shown  in 


Figure  16(3)  (fences  off)  and  Figure  16(b)  (fences  on), 
it  will  bo  noted  'hat  the  Mach  number  effect  is  iarge  -  the 
peak  suction  bsing  approximately  halved  between  M>0.19 
and  0  8.  It  is  also  noticeable  that  whereas  the  addition  of 
LEX  fences  has  litfle  effect  on  the  forward  part  of  the  inner 
pressure  distribution  (y/c»0.253)  at  M<r0.6  and  0.8. 
this  is  not  the  case  at  M<0.19  since  Cp  is  Increased  from 
-2.8  to -2.55  with  the  fences.  Figures  17(a)  and  17(b) 
show  effects  at  a*25°  and  M>0.246,  0.6  and  0.8  at  the 
inner  row  of  orifices  only.. 

The  foregoing  pressure  data  was  obtained  with  the 
vortex  rake  mounted  since  results  at  M>0.19,  0.246  and 
0  8  were  obtained  with  this  configuration  only. 

Comparative  data  fOr  vortex  rake  on  and  off  is  shown  at 
M<0.6  in  Figure  18  for  a  fence  off  condition.  At  a-15° 
the  rake  interference  is  quite  small  but  at  a«30°  ft  is 
obviously  a  matter  for  some  concern,  if  absolute  accuracy 
is  required.  However  the  relative  performance 
comparisons  that  have  been  made  are  consxJered  to  be 
valid. 

In  Figure  19  unsteady  pressure  effects  at  M-0  8  on 
the  LEX  upper  surface  are  shown  as  plots  of  the  rms  values 
of  Cp,  measured  at  the  four  surface  pressure  transducers, 
versus  a.  The  data  is  presented  for  fence  oft  and  on 
configurations.  The  first  transducer  indicates  a  sharp  rise 
in  Cp  between  32.5°  and  35°,  the  presence  of  the  fence 
having  a  small  but  beneficial  effect  in  reducing  the 
unsteadiness.  Transducer  2  which  is  almost  in-line  with 
the  fence  and  ahead  by  0.175  in  x/c  shows  a  large 
reduction  in  Cp  for  a>2S°.  Transducer  3  which  is 
adjacent  to  the  fence  and  just  outside  indicates  a  sharp 
upturn  in  C^  at  a-22.5°  with  fences  off  and  5°  later  with 
fences  on.  In  the  interval  from  a«30°  to  35°  the 
improvement  is  reduced.  The  fourth  transducer  which  is 
downstream  of  the  fence  and  well  outside  Hs  line  shows  the 
greatest  effect  of  the  fence  for  22.S°sas32.5°. 

Similar  results  are  given  in  References  2  and  3  for 

M.0  6. 

At  low  speeds  we  tabulate  Cp  at  a»24.5°  and  30°  as 
follows: 

M  a°  Configura-  C^1  C^  C^  C^4 

lion 

0.19  30  fences  off  0.047  0.096  0.073  0.085 

0.19  30  fenceson  0.039  0.086  0.50  0.264 

0.246  24.5  fences  off  0.032  0.058  0.045  0.053 

0.246  24.5  fenceson  0.03  0.053  0.52  0.225 

The  fences  off  values  of  Cp  at  each  transducer  generally 
agree  with  values  shown  in  Figure  19,  as  do  the  fences  on’ 
values  at  the  fust  two  transducers.  The  very  high  values  of 
Cp  fences  on'  at  transducers  3  and  4  are  noted  ^t  we 
cannot  suggest  reasons  for  them.  We  have  no  reason  to 
fault  the  instrumentation.  These  values  exceed  the 
comparable  data  at  M-0.6  and  0.8  by  up  to  a  factor  of  5. 

3.  Surface  Ffow  Vltuilizallon 

Figure  20  displays  surface  streamlines  cn  the 
upper  surface  of  the  wing  and  part  or  whole  or  the  LEX  for 
fence  ofT  and  fence  on'  configurations.  The  display  was 
obtained  by  'dotting'  the  surface  with  an  oil  and  lamp¬ 
black  mixture  then  performing  a  10  second  wind  tunnel 
run  at  a  fixed  angle-of-lncldence.  The  streamlines  show 
features  of  the  surface  flow  for  M*0.6  at  a-30°.  The 
influence  of  the  LEX  fence  is  seen  to  be  local,  the  surface 
flow  on  the  leading-edge  flap,  wing  and  fuselage  fillet  being 
virtually  the  same  in  each  case.  This  conclusion  is 
supported  by  the  small  changes  that  have  been  seen  in  Cl 
and  Cm  from  fences  off  to  fences  on'. 


4.  Fin  Pressure  Distribution 

Examples  of  the  fin  steady  Cp  distributions  on  eacii 
side  of  the  fin  at  McO.8,  0.6  and  0.19  at  a«30*,  fences  on 


and  off,  are  shown  in  Figures  21,  22  and  23  respectively. 
The  locations  of  the  rows  of  pressure  transducers  are 
indicated  In  Rgure  4  and  given  in  Table  3.  For  clarity 
each  set  of  curves  Is  displaced  upwards,  the  position  of  the 
baseline  being  indicated  In  the  figures  with  the  row 
number  in  parentheses. 

At  M-0.8  (Figure  21)tlia  effect  of  the  fence  is 
quite  substantial  on  each  surface,  unlike  the  results  for 
M-0.6  (Figure  22)  where  the  effect  of  the  fences  on  the 
outboard  surface  Is  small  but  quite  large  on  the  inboard. 

At  M-0.8  the  fences  consistently  increase  Cp  along  each 
row  of  transducers  on  the  outboard  surface  On  the  inboard 
surface  the  effect  Is  to  increase  Cp  along  rows  1  and  2 
(near  the  fin  root)  but  the  opposite  holds  for  the  four 
outer  rows.  At  M>0.6  (Figure  22)  the  effect  of  the  fences 
is  to  decrease  Cp  substantially  at  all  measurement  points 
on  the  inboard  surface.  The  shape  of  the  pressure 
distributions  Is  genera'Iy  the  same  at  M-0.8  and  0.6  but 
this  does  not  hold  at  M<0.19. 

Figure  23  indicatas  a  mixed  effect  of  the  fences  at 
M-0.19.  The  effects  are  roughly  similar  on  each  surface 
but  with  the  exception  of  rows  2  and  5  on  the  inboard  and 
rows  4,  5  and  6  on  the  outboard  surface  there  is  no  dear 
effect  of  the  fence  at  this  low  speed.  On  these  rows  the 
effect  of  the  fences  is  to  increase  Cp.  Unlike  the  results  at 
the  high  speeds  some  of  the  greatest  increases  in  Cp  now 
occur  towards  the  tip  of  the  fin 

As  may  be  expected  the  Cp  profiles  are  affected  by 
the  presence  of  the  vortex  rake. 

Figures  24,  25  and  26  show  the  variation  of  the 
normal  force  coefficient  acting  on  the  fin.  These  were 
computed  from  the  measured  pressure  distributions  by  the 
equation 

24 

and  is  positive  in  the  outward  direction.  The  areas  A)  for 
each  panel  are  indicated  in  Figure  4.  It  is  assumed  ‘.hat  the 
pressure  is  constant  over  each  panel. 

Figures  24  and  25  show  the  variation  of  Cm  with 
a  at  M-0.8  and  0.6  respectnrely  with  the  vortex  rake 
mounted  while  Figure  26  gives  Cm  at  M-0.6  with  *he 
vortex  rake  removed.  At  each  Mach  numb?*  a  reduction  in 
Cm  is  effected  by  the  LEX  fences  (starting  at  about  15°  in 
a)  but  the  decrement  is  larger  at  M-0.6  and  extends  to 
0-35°  compared  with  25°  at  M-0.8.  The  peak  values  are 
about  the  same.  The  change  in  Cm  between  a-‘15°  and 
27.5°  indicates  a  large  change  in  the  effective  angle-of- 
attack  of  the  fin. 

The  pressure  data  on  which  Cni  is  based  was  found 
to  be  extremely  repeatable  -  at  M-0.6  data  from  two  runs 
at  0-30°  and  three  runs  at  35°  gave  a  variation  in  Cm  of 
only  0.001  while  at  M-0.8  repeated  multiple  incidence 
runs  also  showed  vanations  of  only  0.001  at  all  angles 
above  20°  and  0.002  bek  w  this. 

Comparison  of  Figures  25  and  26  illustrates  the 
influence  of  the  vortex  rake  on  the  fin  steady  force.  It  will 
be  noted  that  aside  from  increases  in  peak  values  of  about 
12%  on  the  positive  side  the  removal  of  the  rake  does  not 
materially  change  any  conclusions  to  be  drawn  regarding 
the  fence  effects. 

Unsteady  pressures  on  the  fins  are  shown  in 
Figures  27.  28  and  29  relating  to  M-0.8,  0.6  and  0.19 
respectively  at  a-30°.  The  curves  are  displaced  for 
clarity.  It  is  dear  that  the  fences  confer  distinct 
improvements  in  redudng  the  unsteady  pressure 
coeffidents  on  the  fin  inboard  surface  at  each  Mach 
number,  the  reductions  becoming  greater  as  the  Mach 
number  is  reduced.  On  the  outboard  surface  consistent 
reductions  in  unsteady  pressure  coeffidents  along  each 
row  are  seen  only  at  M-0.19.  They  are  generally  smaller 
than  on  the  Inboard  surface.  At  M-0.8  and  0.6,  for  the 
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rows  nearer  the  (in  root  <\ie  effect  is  mixed. 

The  unsteady  (orcas  on  each  skO  of  the  "h  were 
derived  by  integration  of  the  unsteady  pressure 
coefficients  by  a  scheme  surJar  to  that  for  derivation  of 
the  fin  steady  force.  The  unsteacfy  normal  force  coeflicient 
on  the  iriboard  surface  is  grren  by: 


Cni^ 
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Ip, 

i-t 


and  the  coefficient  for  the  outboard  surface  is  found  by 
replacing  p,  ms  by  po  rm»-  ''he  inboahl  a'd  outboard  sides 
were  summed  separately  as  we  had  no  informaton  on 
phasing  of  signals  from  Inboard  and  outboard  transducers 
at  the  time  of  the  data  reducton. 

This  fonnufjtion  assumes  that  the  rms  pressures 
are  constant  over  each  panel  of  the  fin  and  that  the 
fluctuations  are  oonelated  on  the  panel  but  uncorrelated 
between  adjacent  panels.  ^  , 

Figure  30  shows  the  variation  o'  Cn,  and  Cno  with  « 
at  M'O  8.  On  the  inboard  surface  smali  reductions  in  Cm 
due  to  the  LEX  fences  are  noted  between  a-IS"  and  22  5° 
but  become  large  in  th.a  interval  22.5'’  to  30”  -  up  to  40% 
ot  the  'fence  off  value  is  seen  at  a«27  5”.  Reductions  in 
04  on  the  outboard  sudace  commence  at  a>15”  and 
remain  fairly  constant  at  about ^16%  of  the  'fence  off  level 
up  to  a«30°.  A  rapid  rise  in  CKjfregardless  of  (incus) 
commences  between  o«5”  and  t  O”  conipared  with  about 
22.5'  lor  the  inboard  surface.  ^  ^ 

F'lgure  31  stiows  the  variation  of  Cm  a:  d  C^o  with  a 
at  M-O.S.  The  general  shape  of  the  curves  is  dif(e''9nl  and 
the  va'ues  achieved  fence  on  and  off  are  considerably  more 
than  at  M«0.8.  The  effectiveness  of  ths  fences  In  reducing 
the  unsteady  'orco  coefficients  is  rather  loss  than  at 
M  -0.8  e.g.  at  a-2/.5'  a  reduction  of  33%  n  Cni  is 
achieved 

Ttw  results  displayed  in  Figures  30  and  31  were 
obtained  with  ihe  vortex  rake  in  place. 

At  low  spee'J  vs  have  Ihe  following  results: 

.Fenceson  , 
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0.19 
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The  reductions  in  unsteady  force  coefticiont  are  close  to 
those  at  M-0.8  for  the  inner  surface  and  rather  iegher  on 
the  outor  surface. 

5.  Analysis  of  Unsteady  SlonaiS 

V  a )  LEX  Pressure  transducer  signals 

Figures  32  and  33  show  the  power  spectral  density 
c(  the  unsteady  signals  from  the  first  and  third  pressure 
transducei'S.  that  are  fixed  in  the  LEX  surface  (Figure  3). 
at  M>0.6 

In  figure  32  Ihe  P.S.D.  is  plolled  against  the  non- 
dimensional  frequency  k  at  p*00°,  fences  off  and  on  while 
Figure  33  gives  results  at  o»35”. 

It  will  be  seen  ttiat  the  effect  of  the  fences  is 
generally  to  lower  the  level  at  each  transducer  for  0-30' 
whereas  at  a-35'  the  level  at  transducer  1  is  lowered  but 
increased  at  transducer  3. 

There  is  a  difference  in  lavil  of  the  signal  at 
transducer  1  between  o»30”  and  35‘.  The  low  speed 
water  tunnel  data  (Reference  2)  suggests  that  the  vortex 
bursting  takes  place  benind  this  transducer  at  a-30°  but 
ahead  of  it  at  35”.  The  higher  level  of  Cp  al  transducer  1 
(or  a-35'  would  be  caused  by  the  high  turbulence  ii.  the 
bursting  vertex. 


(o;  rfn  presture  transducer  signals 
Figures  34  to  37  show  broadband  cross- 
correlation  functions  on  the  inboard  and  outboard  surfaces 
of  the  fin.  in  which  the  first  transducer  in  the  second  row 
(transducer  6)  is  used  as  the  referance. 

The  cross-correlation,  defined  as 


'12  (x). 


Mm  Fi(t)F2(t+T)dt 


was  obtained  by  processing  digitized  FM  tape  recordings  of 
the  unsteady  signals  using  the  IEEE  CCSE  routine 
(Reference  5).  The  sampling  frequency  and  FFT  length  for 
each  case  were  80,000  Hz  and  8192  samples  respectively. 

T  he  test  rxindltions  were  M*0.6,  a»30”  with  LEX  fences  on 
and  the  vorlex  rak„  off  Figure  34  shows  that  the  unsteady 
pressure  field  on  Iha  inboard  surface  is  well  correlated  in 
the  chordwise  direction  along  the  second  row  The  average 
broatfband  eddy  convection  velocity,  computed  from  the 
distance  between  the  reference  transducer  and  those 
following  and  the  time  displacements  of  the  peak 
correlation  funcflon  ’S  490  tt/second  i.e.  0.72U. 

Figure  35  shows  Ihe  results  of  cross-correlation 
I..  the  spanwlse  direction  from  transducer  6  along 
IransducOrs  11,16  and  20.  The  correlation  becomes  poor 
rapidly  rewards  the  tip  ot  Ihe  fir  as  indicated  by  Ihe  curves 
labelled  R(6,  16,  t)  and  R(6,2C.  t). 

On  the  outboard  surface  we  see  the  opposite  to  these 
''fleets.  Figure  36  shows  a  poor  correlation  in  the 
chordwise  direction,  considering  transducer  6  (outboard) 
•IS  the  iv'lerence,  whereas  Figure  37  demonstrates  the 
unsteady  pressure  field  out  tevards  the  tip  from 
transducer  6  to  be  well  correlated.  The  average  broadband 
eddy  convection  volocily  is  lound  ;o  be  about  600  ft/second 
(0.8SU). 

Good  spanwlse  correlation  is  also  seen  beyond  the 
fin  mid-chord  line.  Figure  38  shows  the  correlation 
cu’ves  for  transducer  4  (the  reference)  and  transducers 
9, 14, 19  and  22  on  the  outboard  suiface.  An  eddy 
convection  /elocity  of  about  300  ff/second  (0.44U)  is 
es''mated.  Tha  reason  for  the  large  correlation  distance 
along  Ihe  line  of  these  transducers  is  believed  to  be  that 
they  lie  c'ose  to  the  surface  streamlines  on  the  fin  surface 
(Reference  2,  Figure  13(b)). 

6.  Vorlex  Wake 

Stagnation  pressure  uoetficient  contours  at  M-0.19 
and  a>30',  in  the  voTical  flow  immediately  behind  the 
verJcal  fin,  are  shown  for  'fences  off  and  fences  on' 
conTigurallons  respectively  in  Figures  39  and  40.  At  this 
low  Mach  number  the  freestream  value  of  Cp  is  t  .009  so  it 
■s  clear  that  in  each  case  the  entire  cross-section  of  the 
flow  shown  'n  each  figure  Is  below  freestream  stagnation 
pressure.  The  effect  cf  the  LEX  fence  appears  to  be  an 
etongation  and  a  flattening  of  the  low  pressure  region  that 
straddles  the  fin,  e.g.  the  Cp-0  contour  and  the  occurrence 
of  ce'Is  of  low  Cp  on  eacn  side  of  the  fin.  Also  the  mean 
value  ot  Cp  Inside  the  Cp>0  contour  appears  to  be  higher 
with  the  fences  on. 

Unsteady  pressure  coefficients  are^ghien  in  the 
following  rabies  which  show  the  value  ot  Cp  along  the 
vertical  and  hoiizonlal  centre-lines  of  the  vortex  rake. 

riS  V4  H4  H5  H6 


HI  H2 

0.341  0.262  0.1  St  0.208  0.27S  0.300  0  394 
0.262  0  23$  O.tSe  0.176  0  270  0.195  0  330 

VI  V2  V3  V4  V5  V6  V7 


Point 

Cp  ttenc«s  off) 
(ftncM  on) 

Point 


Cp  (loncM  0(1)  0.392  0.221  0.1S9  0.20S  0.31$  0.433  0.417 
(^(IwlCMOn)  0.374  0  252  0  161  0.176  0.248  0.3S1  0391 
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At  all  horizontal  points  the  fences  bring  about  a  reduction 
in  Cp.  The  effect  Is  mixed  In  the  vertical  direction  but  the 
majority  show  a  reduction. 

Figures  41  and  42  give  contours  of  Cp  at 
M-0.8  and  a-30°,  fences  off  and  on  respectively.  At  the 
high  speed  condition  the  freestream  value  of  Cp  is  1.17.  It 
may  be  Inferred  lhat  Ihe  region  of  vortical  flow  is  larger 
than  in  the  low  speed  case, by  a  comparison  of  the  areas 
inside  the  contours  e.g.  the  Cp-4>  and  -0.24  contours 
enclose  considerably  larger  areas  at  high  speed.  Also 
regions  of  lower  Cp  are  seen  at  M-0.8  than  at  0.19. 

With  the  fences  on,  the  shape  of  the  vortical 
region  changes  to  a  more  elongated  region  but  contrary  to 
the  low  speed  case  the  lowest  pressure  regions  aie  now 
seen  with  fences  on. 

The  lobe  on  the  inside  of  the  fin,  Figure  42, 
with  fences  on  is  very  similar  In  shape  to  that  observed  at 
low  speed.  Figure  40.  This  appears  to  be  a  region 
influenced  by  the  LEX  fence  tip  vortex. 

Values  of  df!  measured  at  the  rake's  dynamic 
transducers  are  as  follows: 


Point 

H1 

H2 

H3 

V4 

H4 

H5 

H6 

Cp  (r«noe« 

off) 

0  2SS 

0  216 

0.1S 

0.123 

0  210 

0.260 

0  453 

Cp  (fencM 

on) 

0,111 

0.093 

0.096 

0  139 

0.242 

0  262 

0  435 

Point 

VI 

V2 

V3 

V4 

VS 

V6 

V7 

Cp 

off) 

0  311 

0.204 

0.14S 

0.123 

0.191 

0.373 

0.536 

Cp  (foncM 

on) 

0.21S 

0  136 

0  119 

0  139 

0.221 

0  379 

0  519 

At  M-0.8  these  data  indicate  that  the  fences  promote  a 
reduction  in  unsteadiness  outboard  and  towards  the  tip  of 
the  fin  but  an  increase  Inside  the  fin  and  towards  the  root. 


aONCLUSIQNS 

The  following  conclusions  are  drawn  from 
the  wind  tunnel  Investigalion: 

The  measurements  generally  exhibited  good 
repeatability  and  gave  us  confidence  in  the  data.  The 
interference  effects  of  the  vortex  rake  were  established  at 
M>0.6.  The  Interference  did  not  obscure  the  incremental 
effects  (mean  or  unsteady)  that  occur  when  the  LEX  fences 
were  mounted. 

The  aircraft  mean  force  and  moment 
characteristics  were  only  marginally  changed  by  the 
addition  of  the  LEX  fences  either  at  M-O.e  or  0.8  (or  at  the 
low  Mach  numbers  of  0.t9  and  0.246  for  which  data  were 
limited  to  single  angles).  However  the  unsteady  values  of 
Cm  and  Cm  were  quite  distinctly  reduced  by  the  presence  of 
the  fences. 

Pressure  distributions  in  the 
neighbourhood  of  and  on  the  LEX  show  large  changes  over 
the  angle-of-attack  range.  The  upper  fuselage  side 
pressure  distribution  appears  to  be  influenced  by  the 
forebody  vortices  In  Its  forward  regions.  LEX  pressure 
distributions  Indicate  the  formation  of  the  LEX  vortex  at  a 
quite  low  angle-of-attack,  near  5".  Very  high  suction 
peaks  were  measured  on  the  LEX  and  very  rapid  re- 
compresslons  with  LEX  fences  on.  Mach  number  influence 
on  LEX  pressure  distributions  are  strong  especially  at  a  - 
30°.  For  this  angle  the  pressure  peak  at  M>0  8  collapses. 
The  effect  of  the  vortex  rake  on  mean  pressure 
distribution  on  the  LEX  is  significant  at  a-30°  but  quite 
small  at  a>1S°.  Incremental  effects  however  are  hardly 
affected.  Rapidly  rising  unsteady  pressures  were  recortied 
on  the  LEX  at  angles-of-attack  in  excess  of  about  225°. 
depending  on  location  of  the  monitored  point,  at  M>0.8, 
similar  to  some  earlier  reported  results  at  M-o.6.  The 
LEX  fences  delay  the  rise  in  unsteady  pressures.  At  the 
lowest  Mach  numbers  some  very  high  values  of  the 
unsteady  pressure  coefficients  were  noted  at  two  locations 
near  the  LEX  fence.  Further  investigation  is  required  to 
validate  these  data. 

The  mean  value  of  aerodynamic  force 
coefficients  on  the  fins  was  reduced  by  fte  presence  of  the 


LEX  fences  at  M-0.8  over  most  of  the  range  of  o.  but  the  — f  i 

reductions  were  not  as  large  as  those  for  M-0.6. 

Significant  reductions  were  also  obsenred  at  low  speed.  i 

At  the  higher  values  of  a  unsteady  force  | 

coefficients  computed  from  pressures  on  the  fin  surfaces 

indicate  that  reductions  due  to  the  fences  are  relatively  j 

insensitive  to  Mach  number  on  the  inboard  surface  but  on 

the  outboard  surface  larger  reductions  are  to  be  seen  at  i 

low  Mach  number. 

Processing  of  'fence  on'  unsteady  pressure 
signals  at  a>30°  for  M-0.6  at  various  points  on  the  fin 
revealed  shaiply  differing  correlations  in  chordwise  and 
spanwise  directions  from  the  inboard  and  outboard 
surfaces  respectively.  Other  Mach  numbers  and  model 
attitudes  may  exhibit  different  behaviour. 

The  vortex  wake  measuiements  of 
stagnation  pressure  demonstrate  a  low  pressure  region 
with  lateral  and  vertical  directions  considerably  larger 
than  fin  height.  The  LEX  fences  cause  large  changes  in  the 
shape  of  the  pressure  contours  and  the  signature  of  the 
fence  vortex  is  clearly  seen.  At  low  Mach  number,far 
a-30°,  Ihe  fence  has  the  effect  of  raising  the  stagnation 
pressure  across  the  vortex  field  but  the  opposite  hold  at 
M-0.8. 

At  Ihe  high  angles-ol-attack  that  are  of 
interest  the  measurements  on  the  model  and  in  the  vortex 
wake  indicate  a  very  complicated  flowfield.  Considerable 
work  IS  further  required  to  achieve  more  understanding  of 
the  phenomena. 
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MULTIPLE  ROLL  ATTRACTORS  OF  A  DELTA  WING  AT  HIGH  INCIDENCE* 
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Lockheed  Missiles  &  Space  Company,  Inc. 
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Abstract 

A  comprehensive  roll  oscillation  test  program  on  a  65°  delta  wing  has  been  conducted  at  the  lAR  (formerly  NAE)  2m  ; 
3m  low-speed  wind  tunnel.  The  principal  objectives  of  the  program  were  to  obtain  a  better  insight  of  the  vortex 
dynamics  associated  with  large-amp'itude  and  high-rate  roll  oscillations  and  to  validate  the  hypersurface 
representation  of  aerodynamic  loads  as  a  means  of  improving  prediction  of  aircraft  dynamics  in  the  non-lmear  regime 
Although  some  of  the  observed  unusual  roll  response  characteristics  can  be  qualitatively  explained  in  terms  of 
existing  knowledge  regarding  unsteady  aerodynamic  effects  of  separated  flow,  further  tests  and  data  analyses  will  be 
needed  to  reach  the  in-depth  understanding  of  the  flow  phenomena  which  is  required  for  the  successful  design  of 
future  high-agility  aircraft. 

Nomenclature 


b  Wingspan 

c  Mean  aerodynamic  chord 

Cr  Rolling  moment  coefficient  = 


Aerodynamic  roll  stiffness  =  — - 

ag 

Aerodynamic  roll  damping  = 

30 

Oscillation  frequency 
Reduced  frequency  = 

Rolling  moment 
Dynamic  Pressure 
Model  planform  area 
Time 

Freestream  velocity 

Angle  of  attack 

Roll  oscillation  a.7iplitude 

Pitch  angle  (of  body-fixed  model  axis) 

Roll  angle 

Mean  roll  angle 

h  ap 

Reduced  roll  rate  =  — - 


h  a® 

Reduced  roll  acceleration  =  - 

2U-  at 

Leading-edge  sweep  angle 
Angular  frequency  =  2jtf 


*  Work  conducted  under  Joint  Research  Program  of  U.S.  Air  Force  Office  tor  Sdentno  Research  and  Wright  Research  and  Development 
Center  FEght  Dynamics  Ud).,  Instrtute  for  Aerospace  Research  and  Canadian  Dept  ui  National  Defence, 
t  Senior  Research  Officer 
tt  Formerly  National  Aeronautical  Establishment 
ttt  Senior  Ccnsulling  Eo^neer 
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Introduction 

The  evolution  of  high-pertormance  aircraft  requires  ever-increasing  maneuverability  and  agility  capabilities,  including 
flight  at  high  angle  of  attack  and  motions  involving  large  amplitudes  and  high  angular  rates,  where  unsteady 
separated  flow  conditions  prevail.  Under  these  conditions,  the  flow  physics  needs  to  be  better  understood  and  new, 
more  effective  aerodynamic  models  have  to  be  used  to  account  for  the  highly  non-linear,  time  dependent  loads  that 
may  be  present.  The  latter  requirement  arises  from  the  inability  of  fully  or  partially  linear  mathematical  models,  implicit 
in  the  stability  deiivative  formulation,  to  handle  the  loads  at  handi>2.3.4. 

Consequently,  a  different  approach  to  represent  aerodynamic  reactions,  that  does  not  rely  on  assumptions  of  linearity, 
and  can  thus  be  used  for  simulations  in  the  non-linear  flight  regime,  has  been  proposedS.  The  simulations  are  based 
on  the  utilization  of  the  instantaneous  values  of  the  pertinent  aerodynamic  loads  as  forcing  functions  in  the  equations 
of  motion.  Special  wind-tunnel  testing  techniques  are  required  to  provide  the  information  on  the  airloads  as  a 
function  of  the  motion  variables.  One  such  technique,  which  permits  efficient  measurement  of  instantaneous  values  of 
aerodynamic  reactions  in  terms  of  the  corresponding  instantaneous  values  of  the  pertinent  motion  vanables,  has  been 
descnbed  in  Ref.6.  The  measured  reactions  are  stored  as  a  function  of  the  motion  vanables  in  look-up  tables  that  can 
be  used  directly  in  simulations.  In  a  topological  sense,  the  look-up  tables  that  descnbe  the  reactions  as  functions  of  n 
motion  variables,  correspond  to  reaction  hypersurfaces  in  n+l  dimensions. 

It  bears  mentioning  that  the  measurement  technique  and  load  representation,  in  addition  to  improving  flight  mechanics 
prediction  capabiiities,  also  provide,  by  virtue  of  the  detailed  information  they  generate,  a  means  to  increase  the 
understanding  of  flows  in  the  non-linear  regime. 

Experimental  program 

A  es"  delta  wing  model  (Fig  1)  was  tested  statically  and  under  forced  roll-oscillation  conditions  in  a  progriim  that 
comprised  steady  and  unsteady  force  and  pressure  measurements  as  well  as  high-speed  laser-sheet  and  slrface-oil 
flow  visualization.  Moreover,  free-to-roll  tests  were  also  conducted.  The  test  matrix  for  the  complete  program  is  shown 
in  Table  I  A  single  degree  of  freedom  motion  in  roll  was  selected  for  the  dynamic  tests  because  of  iis  relevance  to 
wing  rock  problems  and  its  relatively  simple  mechanical  implementation.  Details  on  the  wi.nd-tunnel  rig  have  been 
described  in  Ref.  7- 

The  force  tests  provided  the  data  base  required  to  conduct  single  degree-of-freedom  (roll)  simulations  that  could  then 
be  validated  through  a  comparison  with  actual  motions  obtained  in  the  free-to-roll  tests.  Flow  visualization  and 
pressure  tests  were  conducted  to  complement  the  global  load  data  by  providing  a  better  insight  of  the  physical 
mechanisms  underlying  the  measured  loads  The  substantial  number  of  force  tests,  involving  a  variety  of  oscillation 
amplitudes,  frequencies  and  roll  offset  angles  shown  in  Table  I,  were  required  to  generate  an  adequately  populated 
data  base  for  the  instantaneous  aerodynamic  reactions  as  functions  of  the  instantaneous  values  of  (>,  <i>  and  O .  The 
various  offset  angles  are  needed  to  independently  control  these  quantities 

Inasmuch  as  each  run  entailed  the  acquisition  of  data  for  20-40  seconds,  most  of  the  noise  was  eliminated  from  the 
signals  by  an  ensemble  averaging  process,  resulting  in  very  good  repeatability.  Tare  measurements  were  done  in  air 
due  to  the  impossibility  of  evacuating  the  wind  tunnel.  Moreover,  no  support  or  wall  interference  corrections  were 
attempted.  A  similar  test  program,  to  be  conducted  shortly  at  another  wind  tunnel,  is  expected  to  shed  some  light  on 
the  possible  impact  of  interference  effects. 

The  free-to-roll  tests,  intended  to  validate  the  aerodynamic  load  representation  by  comparing  single  DOF  motion 
predictions,  based  on  force  data,  with  actual  motions  obtained  under  free-to-roll  conditions,  were  conducted  by 
releasing  the  model  from  any  desired  roll  angle  at  zero  initial  roll  rate.  In  spile  of  the  removal  of  ail  beanng  seals  and 
use  of  light  oil  for  lubrication  in  these  tests,  some  friction  still  remained  that  needs  to  be  accounted  for  in  the 
simulations. 

Experimental  results 

A  large  body  of  data  was  acquired  in  the  test  program,  much  of  it  not  having  been  fully  analyzed  to  date.  Expenmental 
results  obtained  from  the  forced-oscillation  and  free-to-roll  tests  conducted  in  1989  at  a  roll  axis  inclination  of  o  =  30° 
have  been  previously  described®.  The  most  important  findings  are  summarized  in  this  section,  complemented  with 
data  for  the  same  case  obtained  in  a  subsequent  test  senes  (1990).  In  ihe  following  section  an  attempt  to  qualitatively 
explain  the  physical  mechanisms  underlying  the  observed  characteristics  is  presented.  Although  the  forced- 
oscillation  data  were  obtained  as  functions  of  <>,  6and  <P.  the  dependence  on  <t>  has  not  yet  been  utilized.  It  should  be 
pointed  out  that  the  requirement  for  higher  time  derivatives  depends  on  the  flow  conditions  at  hand  and  the  specific 
goals  of  the  analysis®. 

Reaction  surfaces  corresponding  to  the  rolling  moment  coeffident  in  terms  of  iji  and  <i>  are  shown  in  Fig.2  (a)  and  2(b) 
for  oscillations  about  410  =  0  and  28°  respectively.  The  surfaces  were  obtained  on  the  basis  of  the  fundamental 
frequency  component  as  well  as  five  harmonics  of  Ihe  rolling  moment.  The  trajectories  on  the  iji-®  phase  planes 
correspond  to  oscillations  with  Aiji  =  5, 12, 19, 26, 33  and  40  degrees  at  k  =  0.14  They  are  not  exactly  elliptical  due  to 
slight  distortions  of  the  motion.  Note  that  the  surfaces  have  been  offset  by  AC/  =  0.1  in  order  to  fadlitate  viewing  and 
that  they  use  the  same  axes  and  perspective. 

It  has  been  shown®  that  in  this  representation  the  static  and  ^namic  stability  derivatives  are  related  to  the  orientation 
of  the  surface  relative  to  the  axes  at  the'  point  of  interest,  spedfically,  they  are  equal  to  the  direction  numbers  (with 


i 
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respect  to  $  and  i  respectively)  of  the  normal  to  the  surface  at  that  point.  Moreover,  a  stable  attractor  (trim  condition)  is 
present  wherever  the  p  axis  penetrates  the  reaction  surface  at  a  location  exhibiting  static  and  dynamic  stability. 

Figures  3(a)  -  3(d)  show  the  intersections  of  the  reaction  surfaces  with  planes  at  different  values  of  ifi.  The  figures 
reveal  that  the  surface  for  $0  =  0  is  quite  distinct  from  the  others,  which,  in  fact,  tend  to  coalesce  into  one;  except  for  the 
region  of  iii>10°  and  positive  O,  where  the  surface  corresponding  to  ^0=  14°  is  somewhat  displaced  toward  the  one 
for(|io=  0°.  is  represented  in  Fig.  3  by  the  slopes  of  the  curves,  indicating  that  the  damping  associated  with  the 
po  -  0  surface  is  generally  considerably  higher  than  those  for  the  other  surfaces. 

The  intersection  of  the  reaction  surfaces  with  the  plane  6  =  0  is  shown  on  Fig.4,  where  the  static  information  has  been 
superimposed.  Here  again  the  above  mentioned  clustering  of  the  reaction  surfaces  can  be  observed  uo  to  the  largest 
roll  angles  encountered,  with  the  exception  of  the  points  for  the  case  of  60  =  7°  and  (>  >  0  which  gradually  approach 
those  for  qa=  0  with  increasing  (>.  The  statically  measured  rolling  moment  coefficient  (diamonds  and  solid  triangles) 
for  <1  >  7°  agree  quite  well  with  the  corresponding  points  on  the  reaction  surfaces  for  4>o  >  7°,  indicating  a  negligible 
rolling  acceleration  effect  For  3°  <  l^l  <  7“  the  static  and  dynamic  data  are  quite  different,  with  the  former  exhibiting 
static  instability.  On  the  other  hand  for  -3°  <  iji  <  3°  the  static  data  agrees  well  with  the  dynamic  one  for  <10  =  0.  Finally, 
for  q  <  -7°,  the  static  data  agrees  with  the  antisymmetric  dynamic  data  obtained  for  negative  values  of  410  (not  shown). 
The  figure  shows  that  the  stiffness  associated  with  the  i^q  =  0  reaction  surface  is  higher  than  for  00  0  and  that  C/  is  0 
at  the  statically  stable  points  0=0  and  0  =  21°,  which  F^g  3  (a)  and  (c)  show  to  be  also  dynamically  stable.  Keeping  in 
mind  the  antisymmetry  of  the  reaction  surfaces,  it  follows  that  there  are  stable  attractors  at  0  =  0  and  0  =  ±21°. 

The  characteristics  of  the  reaction  surfaces  seem  to  reflect  the  existence  of  three  flow  regimes,  depending  on  the 
mean  roll  angle  of  the  oscillation,  where  two  such  regimes  were  described  above  and  the  third  one  is  represented  by 
the  reaction  surfaces  for  negative  mean  roll  angles.  Additional  testing  and  a  detailed  analysis  of  the  flow  visualization 
and  pressure  data  is  expected  to  yield  an  explanation  for  the  observed  charactenstics. 

Free-to-roll  experiments  were  conducted  using  a  variety  of  initial  roll  angles.  As  mentioned  before,  the  initial  roll  rate 
was  always  zero  due  to  characteristics  of  the  experimental  set-up.  In  all  cases  the  model  behaved  in  a  stable  fashion, 
tnmming  at  0  =  0°  or  0  =  ±21  °  depending  on  the  initial  roll  angle.  If  the  model  was  released  from  ~2°<  I0 1<  -60°  the 
trim  angle  was  21°  on  the  same  side  as  the  initial  roll  angle,  whereas,  if  the  initial  roll  angle  was  outside  the  above 
range  the  model  trimmed  at  0  =0°.  Interestingly,  multiple  attractors  were  also  observed  at  other  angles  of  attack  as 
well  as  in  the  case  of  an  80°/65°  double  delta  configurations  (Table  II). 

Simulations  were  conducted  using  both  the  locally  lineanzed  method  based  on  the  measured  static  rolling  moment 
coefficient  C<(0)  and  damping  derivative  C/0(0o),  as  well  as  the  non-linear  method  descnbed  in  Ref.  10.  Various  free- 
to-roll  motion  histories  with  increasing  initial  roll  angle  0(0)  are  depicted  in  Fig.  5.  Simulations  are  superimposed  on 
Fig.  5(a)  and  5(d).  A  complete  discussion  on  these  results  can  be  found  in  Ref.  8.  It  is  clear  that  the  non-linear 
simulations  agree  considerably  better  with  the  observed  motions  than  the  traditional,  locally  lineanzed,  simulations. 
However,  the  possibility  that  the  good  agreement  is  fortuitous  cannot  be  ruled  out  at  this  stage.  There  is  obviously  a 
need  to  understand  better  the  underlying  physics  of  the  observed  unusual  charactenstics  . 

To  this  end,  high-speed  laser  sheet  flow  visualization  videos  were  taken,  which  are  still  being  analyzed,  and  unsteady 
surface  pressures  were  obtained  on  the  leeside  of  the  model  at  the  locations  indicated  on  Fig.  1.  Carpet  and  isobar 
plots  of  the  pressures  obtained  under  static  conditions  for  -42°  <  0<  42°  and  a  =  30°  are  shown  in  Fig.  6(a),  where 
they  are  displayed  as  if  they  were  due  to  a  slow  oscillation  about  0o  =  0  with  A0  =  42°.  The  measurements  were  taken 
on  the  port  wing  which  is  to  leeward  of  the  model  centerline  for  0  >  0°  and  its  downstroke  corresponds  to  0  <  cat  <180°. 
Fig.  6(b)  shows  the  pressures  for  an  oscillation  about  0o  =  0°  with  A0  =  40°  and  k=0.14,  and  Fig.  6(c)  for  the  same 
conditions  but  with  0o  =  28°.  A  plot  of  the  pressures  on  the  starboard  wing  (obtained  on  the  port  wing  when  using 
00  =  -28°)  for  the  last  case  is  given  in  Fig.  6(d).  Likewise,  Figs.  6(e)  and  6(f)  depict  the  pressures  on  the  port  and 
starboard  wings  respectively  for  0o  =  28°,  A0  =  26°  and  k  =  0.14.  Note  that  to  time-correlate  the  pressures  of  both 
wings,  roll  angles  of  equal  magnitude  and  opposite  sign  must  be  aligned.  The  importance  of  the  dynamic  effects  is 
clearly  underscored  by  the  differences  among  the  various  figures.  As  can  be  observed,  there  are,  in  addition  to  large 
time  lags,  important  changes  in  the  flow  structure  that  result  in  quite  different  pressure  fields. 

Fluid  mechanics  considerations 

The  observed  phenomena  are  clearly  the  result  of  complex  fluid  mechanics  processes  that  make  it  difficult  to  provide  a 
detailed  explanation  of  the  observations  on  the  basis  of  the  information  available  at  this  point.  Here  an  attempt  is 
made  to  provide  a  qualitative  explanation  pending  additional  experiments  and  data  analysis.  We  start  by  identifying 
the  mechanisms  that  define  the  observed  static  characteristics  (Fig.  4).  Fig.  7  shows  the  experimentally  determined 
boundaries  for  breakdown  of  delta-wing  leading  edge  vorticesH.  Breakdown  occurs  over  the  trailing  edge  of  the  wing 
when  the  angle  of  attack  reaches  the  boundary  and  progresses  forward  as  the  angle  of  attack  is  increased  further’ 2 
(Fig.  8). 
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At  an  arbitrary  roll  angle  41.  the  angle  of  attack  and  effective  leading  edge  sweep  of  the  delta  wing  are  given  by: 

a((»  =  tan'’(tana  cosifi)  (1) 

A((|>)  =  A  ±  tan"’  (tana  sinp)  (2) 

where  the  effective  sweep  of  the  wing  half  that  rolls  up  (leeward  wing  halt)  increases  and  that  of  the  other  decreases, 
resulting  in  an  aft  and  forward  motion,  respectively,  of  the  corresponding  leading  edge  vortex  breakdown  locations 
These  motions  lead  to  an  Increase  of  vortex-induced  lift  on  the  leeward  wing  half  and  a  decrease  on  the  windward 
wing  half,  both  contributing  to  a  statically  destabilizing  rolling  moment. 

It  can  be  seen  in  Fig.  8  that  for  o  =  30°  and  A  =  65°,,  small  changes  in  effective  sweep  (say  <  2°),  corresponding  to 
|iti|<3.5°  according  to  Eq.  2,  result  in  rather  small  shifts  in  the  position  of  the  breakdown  points  (<  10%).  The 
corresponding  statically  destabilizing  effect  is  insignificant  compared  to  the  increase  in  roll  stability  due  to  the 
crossflow-induced  changes  of  the  loads  generated  by  attached  flow  and  by  the  (intact)  leading  edge  vortices  upstream 
of  the  breakdown  locationsf^  As  the  roll  angle  is  increased  further,  the  position  of  the  breakdown  point  on  the 
leeward  wing  half  moves  very  rapidly  aft.  in  fact  reaching  a  discontinuity  as  it  jumps  from  about  50%  centerline  chord 
to  the  trailing  edge.  Figure  7  shows  that  for  a  =  30°  this  occurs  at  A  =  69°,  which  according  to  Eq.  (2)  requires  a  roll 
angle  of  7°  (note  rapid  change  in  pressure  in  Rg.  6(a)  at  the  appropriate  range  of  ())).  This  large  shift  of  the  breakdown 
point  due  to  small  roll  angle  vaiiatiuns  leads  to  significant  changes  in  the  vortex-induced  lift,  which  thus  becomes  the 
dominant  mechanism  producing  the  local  static  roll  instability  observed  experimentally.  It  should  be  noted  that  the 
change  in  angle  of  attack  under  the  above  conditions  is  insignificant  (0.2°). 

For  l(ji|  >7°.  the  fully  attached  vortex  on  the  leeward  wing-half  has  a  stabilizing  effect,  whereas  the  statically 
destabilizing  effect  of  the  vortex  breakdown  on  the  windward  wing  half  becomes  more  and  more  insignificant  because 
of  the  slow  forward  progression  of  the  breakdown  location  (Rg.  8).  This  leads  to  the  off-zero  trim  angles  observed  at 
g  =  ±21°.  Thus,  the  static  charactenstics  depicted  in  Fig.  4  can  be  explained  in  a  straightforward  manner. 

Explaining  the  dynamic  charactenstics  shown  in  Figs  2  through  6  presents  more  difficulties  than  the  previously 
discussea  static  charactenstics.  The  non-linear  aerodynamics  under  consideration  and  the  limited  success  of  the 
localiy  lineanzed  model  in  predicting  the  free-to-roli  motions  suggest  that  the  dynamics  in  the  latter  must  be  explained 
in  terms  of  phenomena  that  occur  under  realistic  motion  amplitudes  and  rates.  An  indication  of  this  need  can  be  found 
from  a  comparison  of  the  pressure  plots  in  Rg.  6  which  dramatically  demonstrate  the  effect  of  the  motion  parameters 
on  the  flow  field.  Of  particular  interest  is  the  very  large  time  lag  in  the  position  of  the  vortex  breakdown  point  under 
oscillatory  conditions  and  the  significant  changes  in  the  magnitude  and  location  of  the  suction  peak  as  a  function  of 
these  conditions. 

Unlike  the  case  of  fully  attached  vortices,  where  changes  in  the  vortices  (e.g.  due  to  a  step  in  angle  of  attack) 
propagate  downstream  from  the  apex  at  close  to  the  freestream  velocity'll,  resulting  in  relatively  small  phase  lags, 
here  we  are  concerned  with  the  motion  of  the  breakdown  points  themselves.  In  this  case  flow  inertia  effects  limit  the 
propagation  speed  to  values  considerably  lower  than  the  freestream  velocity,  yielding  the  observed  very  large  time 
lags.  As  can  be  expected,  under  dynamic  conditions  involving  substantial  angular  rates,  such  as  those  encountered 
in  the  free-to-roll  tests,  these  time  lags  have  a  profound  effect  on  the  rolling  moment  as  a  function  of  the  roll  angle. 
Therefore  a  fairly  detailed  knowledge  of  the  flow  field  as  a  function  of  time  is  required  to  explain  the  free-to-roil 
histories.  It  is  expected  that  the  analysis  of  the  high-speed  flow  visualization  videos,  currently  in  progress,  will 
contnbute  significantly  to  such  knowledge.  In  the  meantime,  we  will  attempt  to  explain  some  of  the  free-to-roil 
observations  in  terms  of  the  available  pressure  data.  To  this  end,  pressure  data,  obtained  for  an  oscillation  waveform 
and  frequency  that  approximately  correspond  to  the  first  half  cycle  of  the  free-to-roll  motion  history,  is  used  to  provide 
some  insight  of  the  observed  behavior.  Of  course  care  has  to  be  exercised  in  utilizing  pressure  data  obtained  under 
oscillatory  conditions  to  interpret  the  transient  free-to-roll  motions,  as  the  flow  initial  conditions  are  quite  different. 
Therefore  it  is  necessary  to  limit  the  discussion  to  sections  of  the  motion  histories  sufficiently  removed  from  the  starting 
point,  where  it  is  probably  realistic  to  assume  the  transient  pressure  field  adequately  approximates  the  oscillatory  one 
for  the  purpose  at  hand 


The  motion  history  shown  in  Fig.  5(a)  barely  reaches  the  discontinuity  observed  statically  at  41  =  7°  and  thus  is 
expected  to  converge  on  the  41  =  21°  attractor.  The  fact  that  the  locally  linearized  simulation  reasonably  predicts  the 
motion  history,  indicates  that  the  non-linear  effects  are  of  relatively  little  importance  in  this  case.  The  release  depicted 
in  Fig.  5(b),  however,  is  more  interesting  as  the  model  stopped  virtually  exactly  at  the  4>  =  0°  attractor  and  rather  than 
remain  there,  returned  to  settle  at  41  =  21°.  Inasmuch  as  the  kinetic  energy  is  zero  at  the  first  overshoot  peak,  the 
subsequent  motion  is  due  to  the  aerodynamic  moment  produced  by  the  lime-delayed  flow  field.  In  fact.  Fig  6(e) 
indicates  that  at  the  end  of  the  downstroke  (41  =  0°)  the  port  wing  leading  edge  vortex  was  attached  at  least  up  to  75% 
centerline  chord  (pressure  measurement  station),  whereas  Rg  6(f)  shows  very  little  suction  on  the  starboard  wing, 
thus  providing  the  necessary  restonng  mcment  to  force  the  model  away  from  tne  zero  attractor.  The  importance  of  the 
dynamic  effects  is  underscored  by  the  dramatic  difference  between  this  situation  and  a  static  one  where  for  41  =  0°  the 
suction  on  both  wings  is  the  same.  In  Fig.  5(c)  the  model  is  released  from  close  to  the  maximum  initial  roil  angle  that 
converges  on  the  4>  =  21°  tnm  angle.  Here  the  first  overshoot  peak  is  close  to  the  41  =  -21°  attractor  where,  according 
to  the  static  data,  the  model  should  tnm.  Clearly  the  same  time  delay  effects  cause  the  model  to  reverse  its  motion 


and  eventually  converge  on  the  41  =  21°  attractor.  It  is  interesting  to  note  the  presence  of  the  first  undershoot  which 
indicates  a  tendency  to  return  to  the  zero  trim  point.  As  expected,  time  lag  effects  extend  this  tendency  to  much  higher 
values  of  the  toll  angle  (0°  <  41  <  14°)  than  those  predicted  from  the  static  data  (0°  <  41  <  3°).  Finally.  Fig.5(d)  shows  a 
release  from  41  ~  66°  where  the  first  overshoot  peak  is  exactly  at  the  41  =  -21°  attractor  and  then  continues  on  to  the 
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zero  attractor.  Fig.  6(c)  shows  that  at  the  first  overshoot  peak  the  suction  is  approximately  at  its  maximum  (vortex 
probably  fully  attached)  and  occurs  on  the  winriward  half-wing  (({>  <0  for  port  wing),  whereas  the  corresponding  suction 
on  the  starboard  wing  is  considerably  lower  (Fig.  6(d)),  thus  providing  the  restoring  moment  that  prevents  the  model 
from  remaining  at  the  attractor  located  there. 

The  motion  history  plots  show  that  larger  initial  roll  angles  lead  to  larger  damping  during  the  first  cycle.  Companng 
Figs.  5(a)  and  5(d)  one  finds  that  in  the  latter  the  amplitude  is  reduced  from  Aiji  ~  66°  to  A(|)  -  12°  after  one  cycle, 
whereas  in  the  former  the  reduction  is  only  from  A<^  ~  19°  to  AiJ)  ~  8°.  The  enormous  increase  in  damping  for  the  case 
of  the  larger  release  angle  is  the  result  of  catching  the  discontinuity  in  the  vortex  breakdown  location  However  the 
flow  mechanism  that  determines  the  eventual  trim  point  is  not  yet  understood.  Some  evidence  indicates  that  the 
maximum  rate  achieved  during  the  free-to-roll  motion  influences  this  process®.  In  any  case  if/is  clear  that  kinetic 
energy  and  time  lag  plays  an  important  role.  It  is  possible  that  in  addition  to  the  history  effects  already  discussed, 
accelerated  flow  and  moving  wall  effectsiS-i®  may  also  be  of  significance,  especially  in  the  case  of  wings  with 
rounded  edges.  Additional  testing  and  analysis  is  required  before  the  highly  non-linear  vehicle  dynamics  of  the  65° 
delta  wing  at  high  incidence  can  be  fully  understood 

Conclusions 

Wind-tunnel  rolling  tests  conducted  on  a  65°  delta  wing  at  30°  inclination  of  the  roll  axis  have  revealed  the  presence  of 
severe  aerodynamic  non-linearities  that  are  not  amenable  to  treatment  by  a  locally  linearized  mathematical  model.  Of 
particular  interest  is  the  existence  of  multiple  roll  attractors  (trim  angles).  An  explanation  lor  the  observed  static 
charactenstics  has  been  given  in  terms  of  existing  knowledge  of  aerodynamics  of  della  wings.  A  tentative  explanation 
of  the  dynamic  charactenstics,  which  have  not  been  observed  before,  has  been  presented  on  the  basis  of  unsteady 
surface  pressure  measurements.  The  measured  data  clearly  demonstrates  the  different  characteristics  of  the  flow 
under  large-amplitude  and  high-rate  oscillation,  from  those  under  static  or  more  benign  dynamic  situations,  such  as 
those  usually  encountered  in  conventional  dynamic  stability  testing  or  less  demanding  flight  maneuvers. 

Aerodynamic  non-linearities  as  well  as  attractor  multiplicity  could  be  handled  well  by  simulations  utilizing  the 
hypersurface  representation  of  aerodynamic  loads,  suggesting  that  this  approach  can  provide  considerable 
improvements  for  the  prediction  of  aircraft  behavior  in  the  non-linear  regime. 
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TABLE  I 

lAR  ROLL  EXPERIMENTS  TEST  MATRIX  (1989/90) 


TEST 

0(deg) 

•liolffeg) 

A(}i  (deg ) 

k 

Reg 

(millions) 

Static  force 

30, 35, 40 

±(42,28.14,7,6, 5, 

4, 3, 2,1,0) 

N/A 

N/A 

24 

Dynamic  force 

30, 35, 40 

42, 28, 14,  (7),  0 

5,12, 19,26, 33, 40 

0  08, 0.14,02 

24 

Free-to-roll 

20. 25, 30, 
35, 40 

-6510  65 

N/A 

N/A 

24 

Static  surface 
pressure 

30,35 

±(42,28,14,11,9, 7, 
6. 5, 4. 3. 2, 1,0) 

N/A 

N/A 

24 

Dynamic  surface 
pressure 

30,35 

±(42, 28, 14. 7. 0) 

_ 

5,12,19,26, 33,40 

0  08,0  14 

2.4 

Laser  sheet  flow 
visualization 

30, 40 

42. 28, 14. 0 

5,12,19,26, 33, 40 

011,02 

17 

Surface  oil  flow 
visualization 

30,35 

42,28,14,7,0 

N/A 

N/A 

B 

TABLE  II 

ROLL  ATTRACTOR  LOCATIONS 


MODEL  NOSE 

0 

65° 

00 

o 

o 

20’ 

0° 

0° 

25° 

±1.5°* 

0° 

30° 

0,  ±21’ 

0,  ±16° 

35° 

±11° 

±14° 

40° 

0° 

0° 

*  Data  is  insufficient  to  exclude  the 
possibility  of  an  attractor  at  0" 


i 

i 


Fig.1  Delta  wing  model 
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Preliminary  results  and  computational 
method  reviews  are  presented  for  the 
simulation  of  a  vortex  street  impinging  on 
three  different  leading  edge  geometries  of 
sharp,  blunt  and  elliptic  type,  making  use 
of  Lagrangian  and  mixed  Lagrangian-Eulerian 
vortex  methods.  Two  new  computer  codes  have 
been  developed  to  capture  the  essential 
features  of  the  interaction  mechanisms  near 
the  edge  surface.  The  first  method  utilizes 
Discrete  Vorticity  Method  (DVM)  where  a 
fixed  Euler lan  mesh  system  is  needed  to 
move  the  vortices  through  the  flow  domain. 
A  more  advanced  computer  model  of  the  full 
Navier  Stokes  equations  of  motion  combines 
the  Lagrangian  convection  and  Eulerian 
diffusion  schemes  and  is  called  Hybrid 
Moving  Vortex  Diffusive  Method  (KMVDM).  An 
unsteady  shear  layer  flow  arising  from 
boundary  layer  separation  at  a  bluff 
trailing  edge  creates  the  downstream  vortex 
street.  The  models  simulate  most  features 
of  the  impingement  including  the  secondary 
vortex  shedding  as  a  truly  self ^generated 
phenomenon  arising  from  impingement  of  the 
large-scale  incident  disturbances.  The 
approaching  vo^'tox  street  is  effected  by 
the  diverging  flow  around  the  eliptic 
edge.  Vortex  impingement  on  a  blunt  edge 
causes  the  most  complex  features  of  the 
interaction.  The  unsteady  pressure 
distrloutions  agree  with  the  common 
observations. 


since  the  role  of  vorticity  in  the  dynamics 
of  the  problem  is  very  important.  A  number 
of  Lagrangian  schemes  have  been  designed  to 
provide  a  more  natural  and  efficient 
description  of  the  vortical  structures. 
These  schemes  have  been  evolved  from  the 
inviscid  Discrete  Vorticity  Method  (DVM). 
DVM  represents  the  vorticity  field  as  the 
sum  of  large  numbers  of  discrete  vortex 
blobs.  Dynamically,  these  points  follow  the 
fluid,  like  particles.  Representation  of 
the  shear  layer  and  its  convection  by 
discrete  vortices  constitute  the 
essentials  of  the  Lagrangian  description 
[  3  ].  Viscous  diffusion  can  be  taken  into 
account  by  allowing  the  blobs  to  increase 
in  size  with  time.  Alternatively,  addition 
of  a  random  walk  to  the  discrete  vortices 
can  be  used  to  represent  the  effects  of 
viscosity  t  5  ].  Although  the  Lagrangian 
Vortex  Methods  turn  out  to  be  more  stable 
than  most  Eulerian  Methods, they  are  very 
costly.  The  DVM  in  its  Cloud-in-Cel 1  (CIC) 
formulation  copes  with  this  difficulty  by 
speeding  up  the  computation  of  the  velocity 
fields.  The  simulation  of  various  types  of 
flows  by  CIC  Methods  are  very  well 
documented  in  refsrence  [  4  ]. 

Lagrangian  schemes  are  economical  for 
flows  with  a  strong  convection  of 
vorticity.  However  they  are  less  succesful 
to  the  representation  of  viscous  diffusion 
in  the  fluid.  In  these  situations,  Eulerian 
Methods  work  without  diffuculty. 


I. INTRODUCTION 

Several  different  computational  approaches 
to  making  time  accurate  simulations  of 
unsteady  shear  layers  are  currently  of 
great  interest  [1,2,3].  Solutions  produced 
by  various  computational  models  could 
provide  cheap  and  effective  alternatives  to 
experimental  testing. 

However,  accurate  and  practical 
numerical  methods  do  not  yet  exist  to 
compute  unsteady  shear  layers  which  are 
highly  vortical.  Although  various  Eulerian 
Method  formulations  in  the  form  of  finite 
difference  and  finite  element  methods  are 
available,  such  methods  become  exteremely 
costly  at  moderate  or  high  Reynolds 
numbers.  On  the  other  hand,  Lagrangian 
Vortex  Methods  provide  an  alternative  for 
high  Reynolds  number,  vorticity  dominated, 
unsteady  flows.  The  capabilities  of^  the 
Vortex  Methods  are  very  well  .  reviewed  in 
references  [  3,4  ]. 

The  vorticity  formulation  is  appropriate 
in  the  study  of  unsteady  shear  layers 


A  detailed  survey  of  Eulerian  finite 
difference  solutions  of  the  Navier  Stokes 
(  N-S  )  Equations  may  be  found  in  Roache 
[  6  ].  In  the  Eulerian  mesh  methods,  the  2- 
dimensional  N-S  equations  are  often  solved 
in  their  vorticity-transport  form.  The 
finite  difference  approximation  on  a  fixed 
Eulerian  mash  system  is  capable  of  treating 
two-dimensional  flows  with  large 
separation,  at  Reynolds  numbers  of  at  least 
10e03  .  The  difficulty  increases  with 
increase  of  Reynolds  number  since  the 
requirement  of  small  grid  size  near  the 
body  surface  is  crucial  so  as  to  model 
boundary  layers  accurately. 

It  appears  that  presently  neither  the 
Lagrangian  Methods  nor  the  Eulerian  Methods 
alone  can  treat  high  Reynolds  number  flows. 
A  combination  of  Lagrangian  convection  and 
Eulerian  diffusion  schemes  could  therefore 
eliminate  many  of  the  problems  of  both 
methods.  A  mixed  Lagrangian-Euler iah  method 
the  so  called  Hybrid  Moving  Vortex 
Diffusive  Method  (HMVDM)  is  an  alternative 
method  to.,  obtain  solutions  for  the^  N-S 
vorticity  transport  equations.  The  HMVDM 
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was  employed  to  extend  the  DVM  xn  its  research  in  this  area.  Interaction  of  a  1  [ 

for.mulation  to  study  vortex  shedding  from  mixing  layer  vortex  with  a  sharp  edge  has  > 

f lat'bottomed  barges  with  various  bilge  been  examined  with  the  objectives  of 
geometries  [  7  ]  .  This  was  the  first  study  studying  the  unsteady  flow  mechanism  and 

in  which  the  Hf^VOM  was  used  to  simulate  induced  unsteady  pressure  fields.  Figuro  4a  | 

vortex  shedding.  No  previous  research  in  shows  the  important  features  of  the  ' 

this  area  was  met  in  the  literature.  In  an  interaction  mechanism  [  12,21  ].  The  • 

extension  of  this  study  Kaykayoglu  and  secondary  vortex  shedding  at  the  tip  is  the 
Graham  [  8  ]  adopted  the  method  to  study  result  of  the  impinging  large  scale 
vortex  interaction  with  a  sharp  edge.  coherent  incident  vortex.  Another  category 

IS  shown  in  Figure  4b  where  a  planar  jet 
Regions  of  fluctuating  organized  is  impinging  on  a  sharp  edge  [  14,22  ]. 

vorticity  are  inherent  to  all  self  The  vortex  induced  boundary  layer 
sustained  oscillations  of  unsteady  shear  separation  creates  a  secondary  vortex.  This 
layers  that  impinge  on  a  downstream  edge. In  vortex  pairs  with  the  primary  jet  vortex 
most  situations  they  result  from  natural  and  convects  downstream  along  the  edgn 
instability  of  the  shear  layer  separating  surface.  The  interaction  of  a  vortex  with  a 
from  a  body:  continued  growth  of  the  sharp  corner  is  shown  in  Figure  4c  [  13  ]. 

instability  leads  to  formation  of  vortices.  While  some  share  of  the  vortex  passes  above 
whose  concentration  of  the  vorticity  varies  the  corner,  a  fraction  of  the  incident 
with  time  and  spatial  position  in  vorticity  is  swept  along  the  front  face 
accordance  with  the  feedback  mechanism  causing  secondary  separation.  The  incident 
generated  [  9  ].  Figure  la  shows  the  vorticity  field  is  spread  out  by  diverging 

basic  explanation  of  the  vortex  impingement  flow  near  the  elliptic  leading  edge  in 

mechanism.  A  central  aspect  of  the  Figures  4d  and  4e  [  23,24  ]. 

interaction  is  the  classification  of  the 

flow  patterns  at  the  edge.  These  A  number  of  challenging  aspects  of 
interaction  patterns  are  highly  repeatable  vorticity  f ield‘'leading  edge  interaction 
and  set  the  stage  for  a  complex  unsteady  pose  interesting  numerical  research 
boundary  layer  development  downstream  of  possibilities.  Some  of  these  aspects  are 
the  edge.  The  fact  that  an  unsteady  vortex  reviewed  in  Figure  5.  In  a  general  sense, 
street  aft  of  a  bluff  trailing  edge  unresolved  predictions  are:  to  simulate 
involves  well-defined  vortical  structures  secondary  shedding  due  to  the  nature  of  the 
is  chosen  as  a  basis  of  testing  the  edge  (Fig.  5a),  the  vortex  induced  boundary 
efficiency  of  the  numerical  methods  layer  separation  (Fig.  5b).  incident  vortex 
developed.  The  schematic  of  the  problem  edge  boundary  layer  interaction  (  Fig.  5c). 
under  investigation  is  depicted  in  Figure  Another  real  challenge  is  the  phasing  of 
lb.  the  interaction  between  the  incident 

vorticity  and  the  edge  separation  as 
This  paper  concerns  the  application  of  the  depicted  in  Figure  5d. 

DVM  and  HMVOM  described  above  to  the 

problem  of  2-0  vortex  street  development  Clearly  the  most  important  deficiency 
and  its  subsequent  interaction  with  a  of  the  presently  available  numerical 
downstream  leading  edge  having  various  methods  is  the  inability  to  accommodate  the 
geometries.  Three  different  edge  types  are  details  of  the  deformation  of  the  incident 
considered  a  sharp  edge  with  an  including  vortical  field  at  the  edge  and  the 

edge  angle  of  30*,  a  blunt  edge  and  an  generation  and  shedding  of  vorticity  of 

elliptic  edge(see  Figure  2).  opposite  sense  at  the  leading  edge.  There 

is  also  a  strong  need  for  an  improved 
An  understanding  of  the  interactions  of  numerical  model  to  simulate  the 
regions  of  vorticity,  or  vortox-like  redistribution  and  possible  severing  of 

structures,  with  leading  edges  or  bluff  two  regions  of  concentrated  vorticity  at 

dimensional  bodies  is  of  fundamental  the  impingement  surface.  The  structure  of  « 

importance  in  a  number  of  applications.  the  incident  vortices  will  depend  on  how 
Such  Interactions  occur  at  the  leading  they  are  generated,  i.e.  their  upstream 

edges  of  wings,  helicopter  blades,  turbine  history.  Generation  of  the  vortex-edge 

blades,  heat  exchangers,  bridge  decks,  interaction  mechanism  without  specific  , 

turbulence  attenuators  and  weapon  bays  as  knowledge  of  the  degree  of  vorticity 
well  as  at  a  variety  of  flap,  cavity,  tube  concentration  upstream  is  inappropriate, 
bundle  and  valve  /  gate  configurations  Experimental  observations  indicate  that  one 

(  10  ].  must  accommadate  an  arbitrary  distribution  ,  ^ 

of  vorticity  in  the  incident  vortex  and  a  ‘ 

Most  of  the  attention  has  been  means  of  occounting  for  viscous  effects  at  ^ 

focussed  on  the  experimental  investigations  the  edge.  '  ^ 

of  the  vorticity  field  -  edge 

interactions  and  important  developments  The  present  work  on  numerical  simulation  of 

have  been  achieved  (11,12,13,14].  Practical  a  vortex  street  represents  several  major  i 

numerical  methods  are  not  available  to  innovative  contributions.  First,  the  ’ 


compute  vorticity  dominated-unsteady  flows  Discrete  Vortex  Method  (DVM)  has  been  • 

and  their  consequent  interaction  with  developed  to  predict  the  vortex  shedding  t 

impinging  surfaces.  Although  several  from  a  bluff  trailing  edge  and  simulate  | 

categories  of  simulation  methods  have  been  impingment  on  a  downstream  body  of  | 

tried  for  vortex-body  interactions  arbitrary  geometry  via  a  specially  prepared  | 

[  15,16,17,18,19  ]  there  is  still  a  demand  inverse  transformation  technique.  Thus,  | 

for  more  eloborate  and  more  exacx  methods.  upstream  history  and  means  of  generation  of 

Figures  3a  through  3j  shows  the  previously  vorticity  for  an  upstream  body  is  well 

investigated  configurations  of  point  simulated  for  the  first  time.  Secondly,  the  ^ 

vortex-edge  boundary  interactions.  inviscid  discrete  vortex  method  coupled  , 

with  the  viscous  diffusion  is  a  new  ' 


Concerning  the  category  of  impinging  shear 
flow  experiments,  Rockwell  et.al.  (  20,21, 
22,23,24  ]  has  conducted  the  primary 


innovative  method,  HMVOM,  is  applied  to 
study  bluff  trailing  edge  wake  flows  (  see 
Figure  8  ).  Trailing  edge  vortex 
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shedding  mechanisms  were  investigated  with 
extensive  numerical  experimentation.  The 
basic  fundamentals  of  vortex  street 
leading  edge  interactions  were 
revealed.  Finally*  we  may  also  note  that 
both  methods  are  able  to  simulate  the 
details  of  the  incident  vorticity  field.  An 
accurate  modelling  of  the  detailed 
structure  of  the  incident  vortices  is  a 
real  challenge  to  the  predictor  in  the 
simulation  of  vortex  impingement  upon  a 
surface. 


with  a  numerical  algorithm  based  on  the 
technique  discussed  by  Davis  [  25  ] .  The 
general  numerical  Schwartz-Christof f el 
transformation  algorithm  based  on  Davis’s 
approach  has  been  developed  by  Cozens[  7  ]. 
In  this  study  this  routine  was  modified  and 
used  to  generate  grids  including  the 
generation  of  the  trailing  edge  and  the 
impingment  edge  geometries.  The  details  of 
the  grid  structures  used,  both  for  free  and 
impinging  vortex  streets,  are  shown  in 
Figure  8. 


II.  DISCRETE  VORTICITY  MODEL  (  DVM  )  OF 
IMPINGING  VORTEX  STREET 

Organized  vortices  have  been  observed 
within  the  self ^sustained  oscillations  of 
an  impinging  vortex  street  [  9.24  ].  These 
vortices  are  generated  by  the  instability 
of  the  shear  layer  separating  from  the 
upstream  body.  Using  discrete  vortices  an 
attempt  is  made  to  simulate  self -^sustained 
oscillations.  Although  various  models  have 
been  applied  .  this  is  the  first  work  which 
includes  the  simulation  of  the  "feedback** 
event  to  the  best  of  the  authors*' 
knowledge.  The  process  of  feedback  and 
disturbance  amplification  in  the  shear 
layer  is  accommodated.  Conlisk  and 
Rockwell  [  16  j  use  experimentally 
determined  locations  and  strength  of 
vortices  to  simulate  the  vortex-corner 
interactions.  Similarly,  Panaras  [  17,18  ) 
represents  impinging  vortices  by  a  vortex 
sheet  of  finite  thickness  composed  of  four 
rows  of  discrete  vortices.  Neither  Panaras 
work  nor  Conlisk  and  Rockwell  study  were 
able  to  simulate  the  upstream  flow  details. 

The  modelling  of  vortex  street-edge 
interaction  described  herein  involves 
formulation  of  the  irrotational  flow  past  a 
bluff  trailing  edge,  with  discrete  vortices 
originated  from  the  fixed  separation  points 
of  the  edge.  The  modelling  is  considered  in 
several  phases.  These  steps  are 
investigated  below  at  various  levels. 

Numerical  Solution  of  Schwartz-Christof fel 
Transformation 


Investigation  of  the  unsteady  vortex 
street-edge  interaction  involves  generation 
of  trailing  edge  wake  flow  impinging  on  a 
downstream  edge.  Due  to  its  higher  accuracy 
in  representing  the  boundary  conditions  on 
the  body  a  numerical  Schwartz  Christoffel 
transformation  was  employed  to  obtain  the 
desired  set  up  in  the  present  study.  This 
transformation  algorithm  enables  the  bluff 
trailing  edge  and  the  leading  edge  of 
arbitrary  geometries  (  physical  plane  )  to 
be  transformed  to  a  straight  line  segment 
(intermediate  plane)  as  depicted  in  Figure 
7.  In  the  application  of  the  HMVDM  the 
computations  are  performed  on  rectangular 
grids  (transformed  plane).  The  appropriate 
general  transformation  can  be  shown  to  have 
the  form; 


-|f-  =  M  n  a- 


(2.1) 


where  the  symbols  are  defined  in  the  Figure 
7.  A  grid  system  which  will  be  used  later 
by  both  numerical  methods  is  succesfully 
set  up  using  the  rectangular  mesh  system  in 
the  transformed  plane.  The  full 
integration  of  Equation  (2.1)  is  handled 


Basis  of  the  DVM  and  the  Numerical  set  up 

The  oldest  and  most  simple  vortex  method  is 
the  DVM  in  which  the  vortices  are 
represented  by  Dirac  distributions.  Then 
the  vorticity  field  is  represented  by  : 

N 

(t))  (2.2) 

k.l 


in  which  X(((t)  IS  the  instantaneous 
position  of  the  point  vortex  with  index  k 
and  circulation  and  6  is  the  Dirac 
distribution. 

To  satisfy  the  2-D  inviscid  vorticity 
transport  equation 


+  (a-V)w  0  (2.3) 


the  velocity  of  each  vortex  has  the  value 
of  the  velocity  field  at  its  present 
location 

ax.  (t) 

-5^  =  u(Xj^,t)  (2-4) 

This  local  fluid  velocity  U(X|^,t)  is 
induced  by  all  other  vortices,  except  the 
vortex  itself,  together  with  an  additional 
potential  velocity  representing  the  free 
stream  potential  flow  past  the  body.  Figure 
9  shows  the  appropriate  planes  with  the 
potential  flow  models.  A  uniform  flow- 
doublet  combination  transforms  into  the 
potential  flow  past  the  trailing  and 
leading  edge  combination  in  the  physical 
plane  as  is  shown  in  Figure  9c.  Hence,  the 
mean  flow  chosen  for  this  study  is  given  by 


»jc)  =-iuC  +  u/Z  (2.5) 


The  basis  of  the  DVM  consists  in  the 
representation  of  the  shear  layer  from  a 
bluff  trailing  edge  by  a  series  of  point 
discrete  vortices  (  see  Figure  10  ) .  In 
general,  the  form  of  the  vortex  system 
and  its  image  in  the  intermediate  plane  are 
known.  In  the  intermediate  plane,  the 
complex  potential,  W(^),  for  a  set  of 
discrete  vortices  superposed  on  a  mean  flow 
is  given  by 


w(c)  =  w„ic)  +  i:  -2-  .  iog(c-c.i  )  - 

N  ir. ,  N  ir., 

t  -if  iog(c-c.  )  -  log(C-c.,,) 

j=l  2TI  j=l  2n 

N  ir.^ 


z  ■ 

j=l  2)1 


r.log(C-C.,) 


(2.6) 


32-4 


where  in  equation  (2.6).  N  is  the  number  of 
vortices  released  into  the  mean  flow  from 
the  upper  and  lower  separation  points  of 
the  trailing  edge.  and  are  the 

strength  of  the  separating  vortices  from 
the  upper  and  lower  separation  points. 
and  are  their  respective  positions. 

The  equation  of  motion  of  the  vortices  can 
be  written  in  the  physical  plane  at  each 
point  2  of  the  vortex  sheet  with  Routh's 
correction. 
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The  vortices  are  >hed  from  the  points 
corresponding  to  the  edges  into  the  shear 
layers  as  a  result  of  the  separation  of  the 
boundary  layers  along  the  tipper  and  lower 
faces  of  the  trailing  edge. 


Among  the  various  critical  aspects  of  the 
method,  particularly  the  problem  of 
advancing  the  vortices,  deserves  more 
attention  due  to  the  complexity  of  the 
transformations  between  the  physical  and 
intermediate  planes.  For  this  reason  , 
"Scan  Line  Algorithm"  has  been  developed  to 
obtain  the  corresponding  position  of  the 
vortex  in  the  computational  space 
(intermediate  plane).  On  the  other  hand, 
the  transformation  2-f ( ^  )  is  carried  out 
with  the  numerical  integration  of  the 
Schwartz  Christoffel  transformation.  Given 
each  vortex  position  in  the  physical  plane, 
the  new  vortex  positions  are  computed  by  a 
system  of  first  order  differential 
equations  of  motion  with  one  step  Euler 
integration  .The  corresponding  position  of 
the  vortex  in  the  intermediate  plane  is 
required  for  the  next  advancement  and  this 
task  IS  carried  out  with  numerical  inverse 
transformation.  This  inversion  task  is 
accomplished  with  the  use  of  the  grid 
structures  in  the  two  successive  planes. 

III.  HYBRID  MOVING  VORTEX  DIFFUSIVE  METHOD 
(HMVDM)  MODEL  OF  IMPINGING  VORTEX  STREET 


elliptic  Vorticity-Stream  function  Poisson 
equation,  the  Navxer-Stokes _  vorticity 
transport  equation.  The  computations  are 
performed  in  the  transformed  plane  where 
the  computational  grids  are  set  up  (see 
figure  8d).  Viscous  diffusion  is  carried 
out  in  a  standard  way  by  finite  differences 
on  a  fixed  grid.  But  the  convection  terms 
in  the  vorticity  transport  equation  are 
simulated  by  convecting  point  vortices  as 
in  the  inviscid  method  through  the  grid.  A 
split  time  step  approach  is  used  to 
separate  diffusion  and  convection. 

The  flow  field  is  transformed  as  before 
into  rectangular  domain  with  the  solid 
boundaries  along  the  top  and  bottom  walls  . 
The  2-D  unsteady  Navier  Stokes  equations  in 
vorticity  stream  function  form  in  the 
computational  plane  (transformed  plane)  are 


-  -j-'u 

(2.8) 

V  3  CO 

j  +  u-7co 

(2.9) 

where 

J  is  the  Jacobian 

of  the 

transformation.  For  convection  purposes  the 
vorticity  field  is  represented  by  a 
distribution  of  discrete  vortex  points. 

The  details  of  the  method  are  given  in 
Cozens  C  7  ].  Here  the  main  steps  of  the 
HMVDM  will  be  given. 

1.  Perform  the  general  Schwartz-Chnstof f el 
transformation  to  obtain  the  mesh 
network  in  accordance  with  the 
arrangement  presented  in  Figure  2. 

2.  Distribute  the  point  vorticity  onto  the 
mesh  system  by  bi^linear  weighting. 

3.  Solve  the  Poisson’s  Equation  (2.8)  on 

the  mesh  and  obtain  mesh  values  of  the 
stream  function.  This  is  done  by  Fast 
Fourier  Transform  and  Gaussian 

elimination  of  the  resulting  tridiagonal 
set  of  equations. 

4.  Perform  diffusion  by  finite  differences 
on  the  meshes  subject  to  the  vorticity 
boundary  condition  on  the  solid  walls. 

5.  Repeat  step  3  using  the  values  of  mesh 
vorticity  computed  in  step  4. 

6.  Project  the  new  mesh  vorticity  back  onto 
the  system  of  point  vortices. 


This  new  simulation  model  based  on  a 
mixed  Lagrangian-Eulerian  Vortex  Method 
for  the  simulation  of  two  dimensional 
separated  flow  from  a  trailing  edge  and 
Its  consequent  impingement  on  the 
downstream  leading  edge,  will  be  presented 
in  this  section.  The  fluid  is 
incompressible  and  the  Reynolds  number  is 
high.  This  numerical  method  combines  the 
Lagrangian  convection  and  Eulerian 
diffusion  schemes  thereby  eliminating  the 
disadvantages  of  the  purely  Lagrangian 
inviscid  model  using  discrete  vortices  of 
the  previous  section.  This  new  vortex 
method  represents  a  new  approach  to  the 
solution  of  the  Navier  Stokes  equations 
and  is  called  the  Hybrid  Moving  Vortex 
Diffusive  Method  (HMVDM)  (  7  ]. 

The  method  solves,  subject  to  the 


7.  Compute  mesh  velocities  from  the  stream 
function  using  a  finite  difference 
approximation. 

8.  Compute  convection  velocities  at  the 
point  vortices  from  the  known  mesh 
velocities  and  convect  the  vortices 
according  to  their  respective  convection 
velocities . 

The  HMVDM  is  in  general  similar  to  finite 
difference  Navier  Stokes  methods  but  with 
Lagrangian  Convection. 

IV. RESULTS 

The  flow  structure  in  the  leading  edge 
region  involves  different  mechanisms  for 
each  edge  type.  The  structures  will  be 
Illustrated  through  the  use  of  computed 
vortex  distributions,  instantaneous 


1  , 


i 

32-5 


streamlines  and  velocity  vectors  in  moving 
and  fixed  reference  planes.^  and 
instantaneous  vorticity  contours. 

In  this  section  the  results  of  the 
simulation  models  will  be  presented. 
Concerning  the  modelling  of  the  impinging 
vortex  street  on  sharp  and  blunt  leading 
edges  ,  DVM  applications  and  the  results 
will  be  discussed.  The  instantaneous  vortex 
distribution  and  the  streamlines  in  a 
reference  frame  moving  with  accompanied 
by  velocity  vectors.  The  time  dependent 
pressure  fluctuations,  that  are  induced  on 
a  point  of  the  interaction  surface,  will  be 
related  to  the  deformations  of  the  incident 
vortical  struottires. 

An  extensive  numerical  experimentation  with 
the  viscous  HMVOM  showed  that  the 
interaction  of  vortices  with  a  leading  edge 
produces  different  interaction  patterns 
depending  upon  the  Reynolds  number  and  the 
edge  geometry.  The  corresponding 
Reynolds  number  chosen  in  the  present 
numerical  simulation.  based  on  the 
thickness  of  the  trailing  edge,  is  Re^ldOO. 

(  Re-Ub/ V  ) . 

Numerical  Simulation  of  a  Free  Shear  Laver 

The  trailing  edge  wake  flow  was  computed  as 
a  test  case  by  the  two  new  computer  codes. 
Vortex  shedding  and  the  formation  of  the 
vortex  street  behind  the  bluff  vrailing 
edge  have  been  simulated  and  presented  m 
Figures  11  and  12. 

The  instantaneous  vortex  distribution  and 
streamlines  in  a  reference  frame  moving 
with  accompanied  by  instantaneous 
velocity  vectors  are  shown  in  Figures  11a 
through  11c.  Vortices  of  alternate  sign  are 
formed  which  convect  from  the  trailing  edge 
under  their  mutually  induced  velocity  field 
and  the  main  free  stream.'  Both  the 
streamline  contours  and  the  velocity 
vectors  represent  the  nature  of  vortical 
structures. 

Figures  12  a  -  c  show  the  nature  of  the 
unsteady  viscous  flow  from  left  to  right 
past  the  bluff  trailing  edge  obtained  via 
HMVW.  The  Reynolds  number  based  on  the 
trailing  edge  thickness  is  1800.  Figure  12a 
shows  that  the  development  of  the  vortex 
street  is  purely  laminar  and  shows  some 
signs  of  instability  downstream.  The 
numerical  experiments  showed  that  this 
instability  may  be  removed  with  more  fine 
mesh  structure  which  crowds  the  points  in 
the  downstream  area.  However,  the  cost  of 
computing  becomes  really  high  due  to  the 
increase  of  mash  points.  The  instantaneous 
streamlines  on  a  fixed  reference  frame 
represents  the  wavy  character  of  the  vortex 
sheet.  The  developing  vortical  regime  of 
the  flow  are  depicted  in  Figure  14c  with 
the  help  of  instantaneous  velocity  vectors 
at  a  reference  frame  moving  with  -0.7  U^. 
The  careful  screen  by  screen  study  of  the 
evolution  of  the  free  shear  showed  that  the 
vorticies  are  conveeting  with  an 
approximate  velocity  of  0.7  . 

Numerical  Simulation  of  an  Impingino  Shear 


Concerning  the  simulation  of  an  impinging 
vortex  street,  the  OVM  computer  code  has 
been  applied  for  flow  past  sharp  and  blunt 
leading  edge  geometries.  Figure  13  shows  an 
overview  of  the  vortex-street  sharp  edge 


interaction  patterns  at  three  instants  of 
time.  The  distribution  of  point  vortices  at 
the  corresponding  times  are  given  in  the 
left  column.  The  flow  past  the  trailing 
edge  produces  a  vortex  street  with  the 
main  features  of  a  wake  flow  at  high 
Reynolds  number.  When  the  vortex 
distr ibutions  are  studied  at  successive 
times  it  is  realized  that  alternating  sign 
vortices  are  subjected  to  rapid  distortion 
near  the  edge.  The  vortical  structures  are 
split  in  two  and  some  portion  of  the 
vorticity  is  swept  along  the  other  side  of 
the  sharp  edge  surface  depending  on  the 
character  of  the  approaching  vorticity. 
Similar  to  the  planar  jet-edge  interactions 
[14,22]  unsteady  flow  distortion  on  both 
sides  of  the  edge  causes  periodic 
interaction  patterns.  Contours  of  the 
constant  streamlines  constructed  after 
superposing  -U.  on  the  entire  flow  field 
are  shown  in  the  middle  column  (  See 
Fig.  13  ).  The  flow  field  shows  closed 
streamlines  having  an  appearance  similar  to 
the  pattern  of  classical  vortex-street .  The 
splitting  of  the  incident  vorticity  field 
into  two  portions  are  very  well  simulated 
in  these  figures.  The  computed 
instantaneous  velocity  vectors  are  shown  on 
the  right  column. 

The  ::omputed  interaction  mechanisms  for 
vertex  street  blunt  edge  interactions  are 
presented  in  Figure  14.  It  is  impetant  to 
note  that  the  wavelength  of  the  vortex 
street  is  much  higher  than  that  of  the  case 
in  Figure  13.  This  is  due  to  different 
geometric  properties  of  the  impingment  set 
up  (  different  impingment  length  and  edge 
thickness  ).  The  partial  clipping  of  the 
incident  vortical  structure  on  the  edge 
boundary  is  then  followed  by  severe 
distortion  along  the  surface.  The  splitting 
mechanism  of  the  incident  vorticity  field 
13  different  than  thv.  distortions  observed 
in  the  sharp  edge  case. 

Figure  15  shows  Che  corresponding  unsteady 
pressure  coefficient  variation  obtained 
during  the  impingement  process.  The 
pressure  traces  are  obtained  with  the 
unsteady  Bernoulli's  Equation.  For  direct 
comparison  two  points  are  chosen  on  two 
opposite  sides  of  the  edges.  It  is  clear 
that  pressures  are  periodic  and  repeatable 
with  small  scale  noise  components  on  each 
trace.  This  is  due  to  the  chaotic  behaviour 
of  the  discrete  vortices  near  the  surface 
unuer  the  influence  of  their  images  inside 
the  body.  Furthermore  there  is  almost  180* 
phase  difference  between  the  fluctuating 
pressure  signals. 

Although  the  method  has  a  very  gsod 
computational  efficiency  and  is  able  to 
simulate  the  distortion  of  the  vortical 
structures  at  the  edge,  possible  generation 
of  secondary  vortex  or  vortex  induced 
boundary  layer  separation  requires  separate 
modelling.  This  is  why  the  second  viscous 
computer  coda  has  been  developed. 

The  nature  of  the  organized  vortices  within 
the  oscillating  vortex  street  that  impinge 
on  leading  edges  are  very  well  simulated 
with  the  viscoue  ^vortex  method.  HMVDM.  in 
the  present  study.  Figure  16  shows  an 
overview  of  the  computed  interaction 
mechanisms  at-  six  successive  times  for  each 
leading -edge  type.  The  vortical  regions  are 
characterized  with  a  high  density  of  point 
vortex  distributions.  The  dense  cloud  of 
ooint  vortices  is  distorted  at  the  sharp 


edge.  The  impingement  scenario  for  each 
case  starts  at  the  same  elapsed  computation 
time.  There  is  a  distinct  phase  lag  between 
the  appearence  of  the  events  near  the  edge. 
This  IS  the  clear  evidence  of  the 
“feedback*  from  the  downstream  edge.  The 
upstream  moving  perturbation  excites  the 
separation  point  and  shedding  occurs  in 
accord  with  the  downstream  flow 
fluctuations  near  the  edge  surface.  As  the 
bluntness  of  the  downstream  leading  edge 
increases,  both  the  wavelength  and  the  size 
of  the  vortical  structures  decrease.  The 
distorted  incident  vorticity  field 
conserves  its'  identity  further  downstream 
of  the  sharp  leading  edge  whereas  the 
incident  vorticity  field  loses  coherence 
during  the  interaction  with  elliptic  and 
blunt  edges. 

In  order  to  examine  in  detail  the  effect  of 
the  impingement  edge  on  the  flow  field  the 
instantaneous  vorticity  contours  are 
studied  at  successive  times.  It  is  realized 
that  the  vortices  are  subjected  to  rapid 
distortion  near  the  edge,  deforming  into 
elongated  structures.  In  Figure  17,  regions 
of  negative  vorticity  (  shaded  areas  )  and 
positive  vorticity  (  open  areas)  at  six 
successive  times  during  the  period  are 
shown  in  the  loft  column.  Contours  of 
constant  dimensionless  vorticity  at  the 
corresponding  times  are  given  in  the  right 
column.  The  vortical  structures  are  split 
in  two  and  some  portion  of  the  negative 
vorticity  is  swept  along  the  lower  surface 
of  the  edge  (  see  Figure  17a).  The  major 
part  of  the  incident  vortex  with  negative 
vorticity  interacts  with  the  edge  boundary 
layer.  The  vorticity  within  the  incident 
vortices  convecteo  by  the  mean  flow  is 
small  compared  to  the  large  vorticity  in 
the  edge  wall  layer.  Numerical  simulations 
show  that  the  vortex  Reynolds  number 
Re-r/v  is  around  5000.  Similar  mechanisms 
are  responsible  for  the  lower  surface  flow 
activity.  The  nature  of  the  edge  boundary 
layer  deserves  special  attention  .  The  sign 
of  the  vorticity  fluctuation  changes  around 
the  stagnation  point.  The  vorticity  within 
the  vortical  structures  is  redistributed 
during  the  sweep  along  the  surface  of  the 
edge  (see  Figure  17). 

Figures  18  and  19  present  the  cases  for  the 
blunt  and  elliptic  edge  interactions.  In 
the  case  of  vortex-street  impingement  on  an 
elliptic  edge,  important  features  of  the 
laboratory  observations  [24]  were  revealed 
by  the  viscous  computer  code.  The  pasing  of 
the  primary  vortices  do  not  induce  strong 
boundary  layer  separation.  The  edge 
boundary  layer  is  attached  most  of  the 
time. 

The  viscous  numerical  model  predicts  the 
rapid  distortion  of  vortex  structures  near 
the  blunt  edge.  Furthermore  a  Sharp  blunt 
edge  corner  causes  the  flow  to  separate  and 
leads  to  the  formation  and  shedding  of 
small  scale  vortices.  An  extensive 
numerical  study  is  underway  to  investigate 
the  coupling  of  these  vortices  with  the 
primary  vortices  of  the  vortex-street. 
Inspection  of  sequences  of  the  vortex 
impingement  shows  that  approaching  vortex 
is  split  into  two  unequal  parts.  A  major 
part  of  the  vortex  continuous  to  roll  up 
over  the  edge  surface  while  the  other 
portion  ceases  on  the  other  side.  The  split 
and  arrival  of  the  vortices  affects  also 
temporal  development  of  vorticity  near  the 
front  surface  of  the  blunt  edge. 
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Figure  13.  Discrete  Vorticity  Method  (DVM)  simulation  of  the  vortex 
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Summary 

A  non  linear  unsteady  vortex  lattice  method  is  used  to  predict  the  geometry  ot  the 
wakes  and  the  distribution  of  aerodynamic  loads  on  impulsively  started  wings. 

Wings  are  assumed  to  have  negligible  thickness,  arbitrary  aspect  ratio  and  planforra. 
They  can  undergo  a  general  unsteady  motion.  Multi-wing  configurations  can  be  treated. 

Hakes  can  be  released  in  the  flowfield  from  any  of  the  sharp  edges  of  the  lifting 
surfaces,  depending  on  planform,  aspect  ratio  and  attitude  of  the  wings. 

Particular  emphasis  is  placed  on  the  simulation  of  vortex  core  diffusion  which  is 
regarded  as  a  prominent  factor  in  a  correct  development  of  unsteady  wakes.  A  vortex  core 
diffusion  model  is  proposed  which  seems  to  be  able  to  deal  even  with  the  severe  roll-up 
of  the  shear  layers  past  highly  swept  multi  wing  configurations  with  leading  edge 
separation. 

The  prediction  capabilities  of  the  method  are  verified  by  comparison  of  the 
numerical  results  with  experimental  data  published  by  various  Authors. 


List  of  symbols. 


AR 

aspect  ratio 

T 

dimensionless  time  T=CU/C 

b 

shear  layer  thickness 

Uf 

«, 

u> 

components  of  the  absolute 

C 

wing  root  chord 

velocity  V  in  the  local  frame 

Cl 

lift  coefficient 

of  reference 

Cm 

pitching  moment  coefficient 

U 

characteristic  velocity  (of 

the 

Of 

normal  force  coefficient 

body) 

e 

unit  vector  in  Biot-Savart  law 

V 

velocity  (absolute  frame 

of 

(see  Fig.l) 

reference) 

K 

constant  in  the  turbulent 

V, 

z 

local  cartesian  frame 

of 

diffusion  model 

reference 

h 

distance  of  a  generic  point  from 

X, 

Y, 

z 

absolute  cartesian  frame 

of 

a  vortex  segment  in  the 

reference 

Biot-Savart  law  (see  Fig.l) 

a 

angle  of  attack 

1 

spanwise  dimension  of  the 

i 

velocity  potential 

elementary  portion  of  shear 

1 

linear  vortex  density  vector 

layer 

r 

circulation 

m 

number  of  vortex  segments  on  the 

A 

sweep  angle 

lifting  surfaces 

M 

doublet  strength  distribution 

M 

number  of  vortex  segments 

angle  (see  Fig.l) 

released  in  the  wake 

n 

local  unit  vector  normal  to  the 

body  surface 

suffixes 

N 

number  of  panels  laying  on  the 

lifting  surfaces 

B 

body 

r 

vortex  core  radius 

D 

turbulent  diffusion 

R 

absolute  position  vector 

L 

lower 

line  delimiting  surface  S 

ST 

stretching  (transversal) 

S 

surface  of  the  cross  section  of 

SB 

body  surface 

an  elementary  portion  of  shear 

Sh 

weike  surface 

layer,  surface  of  the  cross 

u 

tipper 

section  of  the  vortex  core 

0 

initial  value  (time  t=Q) 

t 

time 

ss 

steady  state 

1  -  Introduction. 


Modern  fighter  aircraft  operation  at  high  angle  of  attack,  during  take-off,  landing 
and  unsteady  naneuvering,  is  dominated  by  the  interaction  of  vortical  type  flows  and 
lifting  surfaces. 

In  such  flight  conditions,  unsteadyness  and  flow  separation  can  produce  nonlinear 
aerodynamic  effects  which  significantly  Influence  the  instantaneous  load  distribution  on 
the  lifting  surfaces  and  the  controllability  of  the  aircraft. 

Numerical  simulation  of  unsve'.tdy  aerodynamics  and  the  consequent  wake  dynamics  is 
therefore  much  needed  in  flight  dynamics  and  for  structural  load  analysis. 

Unfortunately,  detailed  solution  of  the  complete  time  dependent  fluid  dynamic 
equations  (Navier-Stokes  equations)  requires  storage  capabilities  and  computing  times 
which  are  still  unacceptable.  However,  when  high  Reynolds  numbers  are  involved  and  flow 
separation  is  induced  by  sharp  edges,  Prandtl's  hypotheses  apply  and  simplified  fluid 
dynamic  equations  can  be  used.  While  retaining  three  dimensionality  and  unsteadyness, 
the  flowfield  can  be  assumed  to  be  irrotational  and  vorticity  is  only  confined  in  shear 
layers  of  negligible  thickness. 

A  wide  family  of  formulations  for  the  velocity  potential,  based  on  these 
assumptions,  has  been  developed  during  the  past  years.  They  involve  the  solution  of  a 
Laplace's  equation.  An  additional  advantage  of  potential  formulations  lies  in  the  use  of 
Green's  theorem.  This  results  in  an  integral  equation  which  is  then  solved  on  the  body's 
boundary  only,  rather  than  over  a  complex  grid  spanning  the  whole  fluid  volume. 

Starting  from  initial  work  by  Belotzerkowskii  (1967),  Hess  and  Smith  (1967), 
Woodward  (1968),  Labruyere  et  al.  (1970)  and  others,  related  to  steady  flow  problems,  in 
which  wakes  were  assigned  and  their  geometries  were  assumed  to  be  rigid,  various 
extensions  in  simulation  capability  have  been  introduced. 

Potential  methods  were  extended  to  include  small  harmonic  wing  oscillations  about  small 
angles  of  attack  by  Morlno  and  Kuo  (1974) . 

Limitations  on  the  angle  of  attack  were  removed,  in  steady  flow  conditions,  by 
introducing  nonlinear  effects,  such  as  tip  and  leading  edge  separation,  by 
Belotzerkowskii  (1969),  Rehbach  (1973),  Weber  et  al. (1976) ,  Kandil  et  al.  (1977)  and 
Hoeijmakers  and  Bennekers(1978) .  Wakes  are  determined  as  a  part  of  the  solution  of  the 
problem  by  the  use  of  iterative  techniques  relaying  on  a  first  guess  and  successive 
corrections  of  the  configuration  of  the  wakes. 

Finally,  potential  schemes  have  been  formulated  capable  to  cope  with  fully  unsteady 
and  highly  nonlinear  phenomena. 

Following  a  two-dimensional  scheme  formulated  by  Giesing  in  1968,  wakes  and  flowfield  are 
determined  simultaneously,  starting  from  an  initial  state  of  rest..  Wings  are  Impulsively 
started  and  wakes  are  generated  with  a  Lagrangian  process  during  which,  at  each  time 
step,  the  vorticity  present  on  the  edges  of  the  wings  is  convected  in  the  field 
(Belotzerkowskii,  1977;  Kandil  et  al.,  1977;  Hook,  1988;  Konstandinopoulos  et  al.,  1985; 
Katz  and  Haskew,  1988) . 

With  time  dependent  approaches,  aerodynamic  loads  and  geometries  of  the  wakes  during 
unsteady  maneuvers  can  be  easily  simulated  considering  the  actual  time  dependent  boundary 
conditions  which  represent,  at  each  time  step,  the  instantaneous  velocity  and  flight 
attitude  of  the  aircraft.  Moreover,  a  Lagrangian  generation  does  not  require  a  first 
guess  of  the  shape  of  the  vortical  sheets,  which  can  be  critical  when  multi-wing 
configurations  of  low  aspect  ratio  have  to  be  treated. 

In  all  of  these  methods  the  vorticity  of  the  wakes  is  discretized  into  a  lattice  of 
vortex  filaments. 

Vortex  filaments  are  extremely  efficient  from  a  computational  point  of  view  and  their  use 
is  in  practice  compulsory  when  iterative  or  time  marching  schemes  have  to  be  used. 
Nevertheless,  a  discrete  vortex  representation  for  continuous  vortex  sheets  can  turn  out 
to  be  a  too  crude  approximation  when  rapidly  stretching  and  rolling-up  wakes  are  involved 
(Hoeijmakers,  1983) .  As  a  result,  difficulties  can  arise,  mainly  in  the  simulation  of 
the  flow  past  delta  wings,  such  that  no  converged  solution  can  be  obtained. 

Many  numerical  techniques  have  been  developed  in  the  attempt  of  overcoming  this 
problem,  such  as  the  vortex  filament/feeding  sheet  model,  suggested  by  Smith  (1978)  and 
Hoeijmakers  (1989),  or  the  replacement  of  the  system  of  discrete  vortex  lines  with  a 
single  concentrated  core  (Kandil,  1985),  or  the  "hybrid"  method  proposed  by  Jepps  (1978). 
None  of  these  techniques,  however,  can  be  applied  to  the  simulation  of  unsteady 
three-dimensional  flow  fields,  because  of  the  simultaneous  presence  of  both  streamwise 
and  spanwlse  time  dependent  components  of  the  vorticity  vector. 

The  use  of  a  numerical  method  developed  by  Baron  and  Boffadossi  (1989)  for  the 
simulation  of  the  unsteady  nonlinear  three-dimensional  flow  past  multi  wing 
configurations  confirmed  once  more  that  vortex  modelling  is  a  crucial  aspect  in  the 
numerical  simulation  of  vortical  flows. 

While  the  use  of  Rankine  vortices  together  with  viscous  core  diffusion  has  been 
successful  in  treating  Impulsively  started  wings  (regardless  of  their  plahform,  aspect 
ratio  and  angle  of  attack) ;  .  provided  leading  edge  separation  wa-j  absent,  numerical 
solution  of  the  flow  around  delta  wings  with  leading  edge  separation,  on  ^e  contrary, 
proved  to  be  extremely  sensitive  to  the  value  of  the  artificial  viscosity  coefficient 
used  to  produce  viscous  core  diffusion. 

In  the  present  wcrk  a  physically  consistent  and  numerically  efficient  viscous  core 
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diffusion  mechanism  is  proposed,  capable  to  cope  with  the  rapid  roll-up  process  of 
unsteady  wakes,  whatever  wing  geometries,  discretization  and  angle  of  attack.  Even 
multiple  delta  wing  configurations  can  be  analyzed  and  reliable  predictions  of  both 
geometries  of  the  wakes  and  aerodynamic  load  coefficients  are  obtained. 

2  -  The  computational  method. 

On  the  basis  of  a  formulation  first  introduced  by  Belotzerkowskii  (1977)  and  Kandil 
et  al.(1977),  a  nonlinear  vortex  lattice  scheme  has  been  developed  (Baron  and  Boffadossi, 
1989)  to  model  the  unsteady  incompressible  flow  past  thin  wings  of  arbitrary  planforn. 
The  basic  assumptions,  relationships  and  limitations  of  the  method  are  briefly  summarized 
in  the  following,  for  the  sake  of  completeness. 

Wings  are  assumed  to  have  a  negligible  thickness  and  are  simulated  as  rigid  or 
flexible,  plane  or  cambered  surfaces. 

They  can  undergo  general  motion. 

Geometry  of  the  wakes  and  distribution  of  aerodynamic  loads  are  predicted,  as  a  function 
of  time,  starting  from  an  initial  state  of  rest. 

Wakes  can  be  released  in  the  flowfield  from  any  of  the  sharp  edges  of  the  wings, 
depending  on  planform,  aspect  ratio  and  attitude  of  the  wings. 

The  code  can  treat  general  planforms,  whatever  their  aspect  ratio  and  number  of  edges, 
and  multi-wing  configurations,  provided  the  lines  along  which  separation  takes  place 
(regardless  of  their  number)  are  prescribed. 

The  unsteady  flow  of  an  Incompressible  ideal  fluid  is  irrotational  in  the  region 
outside  of  the  lifting  surfaces  and  the  separated  vortex  sheets.  It  is  therefore 
governed  by  the  taplace's  equation: 

v“d(R,t)=0  (2.1) 

where  d  is  the  velocity  potential,  at  time  t,  expressed  in  terms  of  the  absolute  position 
vector  R. 

The  second  order,  linear  differential  equation  (2.1)  can  be  solved  once  appropriate 
boundary  conditions  are  prescribed  at  any  time  t.  These  express  the  far  field  condition 
(7d=0,  R-*®)  and  the  no-penetration  condition  on  the  material  surfaces  Sb: 

(7^(R,t)-VB(R,t))*n(R,t)  =0  on  SB  (2.2) 

where  Va(R,t)  is  the  local  body  velocity  vector  and  n(R,t)  is  the  local  unit  vector 
normal  to  the  surface,  both  at  time  t. 

Using  Green's  theorem  according  to  Hunt  (1980),  the  velocity  at  the  generic  point 
P,  at  time  £,  can  be  written  in  the  usual  integral  form: 
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where  Vpand  V^denote  the  gradient  operators  evaluated  in  P  and  Q,  |P-Q|  is  the  distance 

between  point  P  and  the  generic  point  Q  laying  on  the  lifting  surfaces  Sb  or  on  the 
vortex  sheets  Sw  across  which  the  jump  in  the  velocity  potential  (/>  is 

For  the  solution  of  equation  (2.3)  wings  and  wakes  are  discretized  into  a  finite 
number  of  surface  panels  with  constant  doublet  strenght  ti  =  ttp.  Due  to  the  equivalence 
between  doublet  and  vorticity  distributions  (Hoeijmakers  1989) ,  each  panel  is  therefore 
made  up  of  straight  vortex  segments  lying  on  its  perimeter,  forming  a  closed  loop  of 
circulation  r=Ad  (Mook  1988) . 

Note  that  closed  loop  vortices  are  more  convenient  than  usual  horseshoe  vortices  for 
representing  both  streamwise  and  spanwise  vorticity  components  present  in  time  dependent 
flows. 

Once  vorticity  has  been  discretized  and  Biot-Savart  law  is  applied,  equation  (2.3) 
reduces  to: 


V(R,t)=  Vgp(R,t)  +  Vs„(R.t) 
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where  m  and  H  are  the  numter  of  vortex  segments  laying  bn  the, lifting  surfaces  and  on 
tte  free  wakes  respectively,.  The  terms  in  'equation  (2.4)  are  identified  in  Fig.l. 

Note  that  when  velocity  is  computed  in  a  point  laying  on  the  lifting  surfaces,  one  has, to 
account  for  the  self-induced  tangential  velocity  due,  to  the  .local  strenght  of  the  vortex 
sheet. 

The  unknown  values  of  the  N  circulations  r(t)i  on  the  lifting  surface  panels  are 


determined,  at  each  time  step.  Imposing  the  zero  normal  velocity  condition  (2.2)  on  the 
panel  control  points.  Velocities  are  evaluated  at  control  points  through  equation  (2.4). 

A  linear  system  of  N  algebraic  equations  is  obtained,  to  be  solved  at  each  time  t: 


H 

r(t)j  =  [v^(t)-n(t)j  -  [Vg^(t-At)-n(t)j  (2.5) 

1  •  1  *  * 

where: 

A(t) i.j-(VsB-n)  1  is  the  normal  component  of  the  velocity  induced,  at  time  t,  in  the 
control  point  of  the  i-th  panel  by  a  unit  circulation  lying  on  the  j-th 
panel; 

r(t)j  circulation  present,  at  time  t,  on  the  j-th  panel: 

VB(t)i  velocity  of  the  control  point  of  the  i-th  panel  ensuing  from  unsteady  motion 

of  the  lifting  surface: 

Vs«(t-At)i  velocity  induced  by  the  wakes  on  the  control  point  of  the  i-th  panel  at  time 
(t-At),  which,  at  time  t=0,  is  assumed  equal  to  zero,  consistently  with  the 
hypothesis  of  impulsive  start: 

n(t)i  unit  vector  normal  to  the  i-th  panel,  at  time  t. 

Equation  (2.5)  is  more  conveniently  formulated  in  a  body  fixed  reference  frame  in 
which,  when  rigid  lifting  surfaces  are  involved,  A(t)ij  and  n(t)i  become  independent  on 
time. 

Starting  from  the  rest,  wakes  are  generated  in  a  Lagrangian  process,  by  releasing  in 
the  field  the  vorticity  present  on  the  edge  panels.  At  the  instant  motion  begins  no 
vorticity  has  been  convected.  Ho  wakes  exist  but  a  starting  vortex  forms  along  the  sharp 
edges  and  is  subsequently  shed  in  the  field. 

In  order  to  obtain  this,  from  the  edges  along  which  vorticity  is  shed,  panels  are 
"moved"  in  the  field  and  form  a  first  row  of  wake  panels.  At  next  time  steps,  each  node 
of  the  existing  wake  is  convected  to  a  new  position  and  a  new  row  of  panels  is  added  to 
the  wakes. 

The  instantaneous  local  velocity  is  computed  and  used  to  displace  the  nodes  in 
order  to  produce  force  free  vortical  sheets. 

Displacement  can  be  obtained  by  integration  of  velocity  according  to  a  first  order  Euler 
formula : 

R(t+At)  =  R(t)  +  V(R,t)  At  (2.6) 

Iterative  techniques  similar  to  those  used  in  steady  flow  problems,  are  suggested 
by  Kandil  (1985)  and  Hook  (1988)  to  account  for  the  error  introduced  by  equation  (2.6). 
Nevertheless  much  longer  computing  times  are  the  counterpart  for  increased  accuracy. 

In  the  present  method,  a  second  order  Adams-Bash forth  integration  formula  is  used 
instead  of  (2.6) : 

R(t+At)  =  R(t)  +  —  V(t) - i-  V(t-At)j  At  (2.6) 

which  proved  to  give  more  accurate  results,  without  Influencing  at  all  computing  times. 

In  the  Lagranglan  process,  vorticity  is  conserved  and  circulation  around  each  vortex 
segment  in  the  wakes  remains  constant,  according  to  Kelvin's  theorem. 

The  distribution  of  the  net  pressure  coefficient  on  the  lifting  surfaces  is 
calculated  by  using  Bernoulli's  unsteady  equation  written  in  a  body  fixed  reference  frame 
(Kandil  1985) . 

The  total  load  coefficients  are  obtained  by  integration  of  pressure. 


3  -  Vortex  core  modelling. 

The  discretization  of  vorticity  into  vortex  filaments  (point  vortices  in  plane 
flows) ,  although  computationally  attractive,  introduces  in  the  flowfleld  lines  along 
which  the  induced  velocity,  according  to  the  Biot-Savart  law,  tends  to  infinity.  This 
situation  is  not  only,  unrealistic  from  a  physical  point  of  view,  but  can  also  turn  out  to 
be  numerically  inadequate'. tp  simulate  flows  in  which  region's' bf  high  vorticity  content 
are  present' .(typically,  toe  roll-up  region  of  three  dimensional  wakes)  .  'Th'e  singular 
behavior  of  vortex  filamtots  can  be  such  to  produce  numerical  instabilities  and  may  cause 
toe  solution  to  diverge '(Baron  and  Bo’ffadossl,  '1989) .  ■  - 

In  principle,  the  problem  can  be  easily  eliminated  by  preventing  toe  induced 
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velocity,  in  points  close  to  the  vortex  axes,  from  increasing  above  a  certain  value. 
This  can  be  done  in  a  variety  of  ways  and  basically  consists  in  introducing  what  is 
called  a  vortex,  or  vortex  core,  model. 

Some  authors  overcome  numerical  instabilities  by  adopting  an  "appropriate"  cut-off 
radius  below  which  the  velocity  induced  by  vortex  filaments  is  assumed  to  be  equal  to 
zero.  Satisfactory  results  are  reported,  even  in  unsteady  flow  simulation,  by  Mook 
(1988).  Solutions,  however,  depend  significantly  on  the  assigned  value  of  the  cut-off 
radius  which  must  therefore  be  carefully  tuned  in  order  to  deal  with  each  particular 
application  (i.e.  wing  aspect  ratio,  angle  of  attack,  geometrical  discretization,  etc.) 

Rankine  vortices,  having  a  viscous  core  in  solid  body  rotation,  have  been  also  used 
by  many  authors  involved  in  the  numerical  simulation  of  vortical  three-dimensional  steady 
flows  (Rusak  at  al.,  1985;  Surest!  and  Lombardi,  1989).  Although  Rankine  vortices 
approximate  to  a  larger  extent  the  physical  behaviour  of  real  vortices,  the  same  problem 
arises  when  the  radius  of  their  viscous  core  must  be  assigned  (Rusak  et  al.,  1985). 

Artificial  diffusion  of  the  vortex  cores  (Bloom  and  Jen,  1974)  can  further  improve 
the  simulation  capabilities  of  vortex  lattice  schemes  provided,  once  again,  a  suitable 
diffusion  law  is  prescribed. 

Nevertheless,  none  of  the  above  mentioned  techniques  proved  to  be  fully  successful, 
in  author's  experience,  in  the  simulation  of  unsteady  vortical  flows  past  highly  swept 
delta  wings  with  leading  edge  separation  (Baron  and  Boffadossi,  1989). 

An  attempt  is  made  in  the  present  work  to  extend  the  applicability  of  the  simple 
Rankine  vortex  model,  while  avoiding  recourse  to  any  form  of  tuning.  In  order  to  do 
this,  the  diffusion  process  of  turbulent  shear  layers  is  followed  and  a  turbulent 
diffusion  law  for  the  vortex  core  radius  is  derived. 
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4  -  Vortex  core  turbulent  diffusion 

At  trailing  edges  of  finite  span  wings,  at  angle  of  attack,  vorticity  is  shed  in  the 
flowfield  due  to  a  difference  in  direction  of  the  flow  on  the  upper  and  lower  surfaces. 

If  Reynolds  number  is  large,  convection  dominates  diffusion  and  vorticity  remains 
confined  within  thin  free  shear  layers.  Due  to  self  induction,  shear  layers  tend  to-roll 
up  into  vortex  cores  in  which  vorticity  is  continuously  fed.  As  a  consequence,  a 
continuous  stretching  is  applied  to  the  shear  layers  in  spanwise  direction  and  vortex 
core  radii  progressively  grow  with  time. 

At  this  stage,  diffusion,  either  viscous  or  turbulent,  begins  to  play  a  dominant  role  in 
the  physical  roll-up  process. 


:  r.«  - 


Unfortunately  most  of  the  discrete  vortex  methods,  and  vortex  lattice  among  them, 
are  only  consistent  with  the  vorticity  convection  equation  but  completely  neglect 
diffusion.  Therefore,  when  diffusion  becomes  a  prevailing  phenomenon,  it  must  be 
accounted  for  by  explicit  modelling. 

A  physically  consistent  diffusion  mechanism  can  significantly  extend  the  simulation 
capability  of  vortex  lattice  schemes,  while  retaining  their  intrinsic  simplicity. 

In  the  following,  a  turbulent  diffusion  model  is  derived  in  which  vortex  cores  spread 
according  to  the  turbulent  diffusion  rules  of  continuous  shear  layers. 

Consider  an  elementary  portion  of  a  continuous  shear  layer  small  enough  as  to  assume 
its  curvature  to  be  negligible  and  vortex  strength  ir=Vu-VL  to  be  uniformly  distributed  on 
its  surface  (Fig. 2)  and  select  a  cartesian  local  frame  of  reference  with  V  axis  normal  to 
the  shear  layer  and  T  parallel  to  the  local  direction  of  vector  i. 


A  conventional  shear  layer  thickness  b  is  defined  (Fig. 3),  at  each  time  t,  according 
to  Oster  and  Hygnanskl  (1982): 

(4.1) 


b  =  V  -  V 

0.1  0.9S 

with:  j  corresponding  to  the  location  at  which  u>  =  ia^+  o.l  &u> 

corresponding  to  the  location  at  which  <a  =  <o^+  .95  dio. 

The  shear  layer  thickness  b  varies  in  time  owing  to  two  phenomena,  namely  turbulent 
diffusion  and  stretching  in  planes  normal  to  vector  r  (transversal  stretcljing) . 

As  a  matter  of  fact,  a  stretching  in  planes  parallel  to  vector  ?  (longitudinal 
stretching)  also  exists.  However,  its  effect  is  negligible  with  respect  to  the 
transversal  one  and  to  turbulent  diffusion.  This  is  true  in  both  the  Initial  stage  of  the 
shear  layer  roll-up  (starting  vortex)  and  in  the  downstream  roll-up  process  in  which,  as 
formerly  mentioned,  diffusion  becomes  dominant. 

Therefore,  the  rate  of  change  of  thickness  b  of  a  shear  layer  can  be  expressed  as: 

(4.2) 

namely,  as  the  sum  of  the  contributions  due  to  turbulent  diffusion  (suffix  o)  and 
transversal  stretching  (suffix  si) . 

Let  us  examine  the  two  contributions  separately..  The  term  due  to  turbulent 
diffusion  is -roughly  independent  -  on  Reynolds  number!  and,  according'.to  - Prandtl's  .mixing 
length  approximation,  is  proportional  to  velocity  fluctuations  which,  in  turn,  can  be 


f  db  ] 

dt 

1  dt  Jd 

^  dt  J 

(4.3) 


considered  to  be  proportional  to  the  velocity  jump  Aca  across  the  layer.  Therefore; 

»  K  Am  =  JC  r 
dt 

These  assunptlons  are  supported  by  a  large  number  of  experiments  (Liepmann  and  Laufer 
1947;  Brown  and  Roshko,  1974;  Lesieur  1987).  In  particular,  a  work  by  Oster  and 
Wygnanski  (1932) ,  in  which  an  exhaustive  review  of  experimental  results  on  forced  and 
unforced  shear  layers  is  reported,  allows  to  define  a  value  for  the  universal  diffusion 
constant  K  equal  to  0.095. 

Examine  now  the  second  contribution  in  equation  (4.2),  related  to  transversal 
stretching.  Consider  the  cross  section  of  an  elementary  portion  of  shear  layer  (Fig. 4), 
having  spanwise  dimension  I,  thickness  b  and  cross  sectional  area  S.  Circulation  of 
velocity  along  line  a  delimiting  surface  S  is  conserved  in  the  stretching  process.  The 
area  of  S  remains  also  unchanged,  provided  the  fluid  behaves  as  incompressible  and 
longitudinal  stretching  is  negligible.  One  can  therefore  write: 

(W)]  =  f-^]  f .  b  =  0 

dt  'ST  ^  dt  'ST  '  dt  'ST  ^  dt  -^ST 

which  turns  into: 

db  )  _  _  *  dt 

dt  'SI  £  dt 

Coming  back  to  equation  (4.2),  the  tine  race  of  change  of  thickness  b  is  given  by: 

db  ^  f  _  J>_  dt 
dt  (  dt 

Once  the  evolutive  behavior  of  a  continuous  shear  layer  has  been  expressed, 
discretization  into  Rankine  vortices  is  carried  out.  Each  discrete  vortex  is  assumed  to 
behave  in  the  same  way  as  the  portion  of  continuous  shear  layer  it  replaces.  Equivalence 
must  be  intended  in  terms  of  circulation  r,  diffusion  and  stretching  (fig  S). 

In  other  words,  the  "equivalent"  Rankine  vortices  are  assumed  to  spread  in  a  way  such 
that  their  cross  sectional  area  S  and  circulation  T.yl  are  equal,  at  each  time,  to 
spreading  and  circulation  of  a  continuous  shear  layer  containing  t-ke  sarie  vorticity. 

This  brings  to  the  relation: 


(4.4) 

(4.5) 

(4.6) 


dS 

dt 


/U) 

dt 


dt» 

1  S  1»  7  IT  r- 

dr 

d£ 

V  T  •  O  ^  £  H  f 

dt 

dt 

which  implies  a  rate  cf  change  of  their  radius  r: 


(4.7) 


dr 

dt 


b  d£  } 

I  at  ^ 


(4.8) 


Equation  (4.8)  is  therefore  used  tc  model  the  core  diffusion  process  of  each  Rankine 
vortex  in  the  vortex  lattice  scheme.. 

It  states  that  vortex  core  diffusion  is: 

-  proportional  to  the  circulation  r  of  the  vortex, 

-  inversely  proportional  to  its  radius, 

-  indepe.ident  on  transversal  stretching,  namely  on  the  rate  of  change  of  the  distance 
between  the  axes  of  the  vortices. 

Integration  of  (4.8)  brings  to: 


r(t) 


(4.9) 


where  r  is  the  core  radius  at  the  initial  time  £»=t  . 

0  o 

Forms  analogous  to  (4.8)  are  also  proposed  by  Squire  (1965),  Govindaraju  and  saffman 
(1971)  and  Leonard  (1980)  for  the  turbulent  diffusion  of  single  line  vortices,  however 
they  involve  empirical  constants  the  -value  of  which  can  not  be  defined  in  a  general  form. 
The  present  approach  brings  to  a  diffusion  model  consistent  with  the  behavior  of 
continuous  turbulent  shear  layers  and,  in  addition,  information  of  experimental  nature  is 
introduced  in  a  fully  general  way. 

A  final  observation  can  be  done  on  the  vortex  core  diffusion  model.  Other 
techniques,  as  mentioned  above,  turn  out  to  be  strongly- dependent  on  the  number  of  vortex 
filements  used  to  discretize  the  continuous  distribution  of  vorticity  in  the  flowfield 
(Rus^  et  al;,  1985)..  The  present. approach,  on  thei contrary;  is”vlrtually  independent  on 
discretization,  being,  turbulent  diffusion  explicitly  related  to  the  circulation  of  each 
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vortex  filament  and,  therefore,  to  the  number  of  vortices.  This  brings  to  a  kind  of 
"self  adaptation"  of  the  model  and  explains  why,  in  a  variety  of  applications  (see  next 
paragraph) ,  no  tuning  is  necessary  for  a  correct  simulation  of  vortex  core  diffusion. 

5  -  Numerical  results. 

Some  applications  of  the  unsteady  vortex  lattice  scheme  are  presented  with  the 
purpose  of  comparing  numerical  predictions  obtained  with  the  present  method  with 
experimental,  theoretical  or  ntmerical  data  published  by  various  Authors.  Although  the 
present  method  can  treat  either  impulsive  starts  or  general  unsteady  motion  of  wings,  in 
most  cases  comparative  data,  both  experimental  and  numerical,  are  only  available  for  the 
steady  state.  This  implies  that  transient  computations  can  often  be  only  analyzed  in  a 
qualitative  way. 

Vortex  core  diffusion  is  modelled  according  to  equation  (4.9)  without  any  form  of 
tuning  of  the  numerical  parameters.  An  integration  time  step  equal  to  one  dimensionless 
panel  chord  is  used  for  time  discretization,  which  brings  to  nearly  uniform  vortex 
elements  on  wakes  and  lifting  surfaces. 

S.l  -  Rectangular  wings. 

Numerical  results  concerning  two  rectangular  wings  of  AR=6  and  AR=1  are  presented  in 
Figures  6  to  11. 

The  above  mentioned  difficulties  relative  to  vortex  modelling  and  diffusion  are  not 
critical  for  this  type  of  wings  for  which  leading  edge  separation  is  absent  and  the 
roll-up  of  the  wake  is  not  so  intense.  Nevertheless,  many  experimental  and  theoretical 
studies  are  available  in  the  literature  for  wings  of  this  type,  which  makes  it  possible 
to  verify  some  of  the  prediction  capabilities  of  the  present  method. 

For  rectangular  wings  of  relatively  high  aspect  ratio  (6  in  the  present  case)  an 
extension  to  finite  span  wings  of  the  two  dimensional  potential  theory  of  airfoils  in 
nonuniform  motion  (Jones,  1940)  can  be  used  to  verify  the  time  evolution  of  the  lift 
coefficient  consequent  to  an  impulsive  start. 

A  comparison  between  theoretical  and  numerical  predictions  is  shown  in  Figure  6  for  an 
angle  of  attack  of  12  degrees.  Results  are  reported  in  dimensionless  form  due  to  the 
fact  that  theory  predicts  an  asymptotic  lift  coefficient  slightly  higher  than  the  real 
one  (the  computed  value  of  the  steady  state  lift  coefficient  is  .91,  which  agrees  with 
experiments,  while  the  extension  of  the  two  dimensional  potential  theory  brings  to  .97). 
The  comparison  is  limited  to  a  dimensionless  time  interval  from  T=0  to  T“6.  The 
predicted  behaviour  of  the  transient  lift  coefficient  closely  matches  the  theoretical 
one. 


For  the  same  wing  and  angle  of  attack,  the  time  dependent  development  of  the  wake  is 
shown  in  Figure  7,  at  three  different  stages  (.5,  1  and  2  chords).  Solid  lines  in  the 
wake  represent  longitudinal  and  transversal  vortex  filaments.  A  starting  vortex  forms 
first,  along  the  wing  tip  and  trailing  edge  during  the  impulsive  start  and  is  then 
convected  downstream.  Steady  state  configuration  of  the  near  wake  is  reached  for  a 
dimensionless  time  T  approximately  equal  to  6. 

The  spanwise  load  distribution  is  reported  in  Figure  8,  as  a  function  of  time.  It  is 
interesting  to  note  how,  despite  of  the  relatively  high  aspect  ratio,  and  according  with 
experimental  observations,  a  suction  peak  appears  close  to  the  wing  tip,  produced  by  a 
correct  simulation  of  the  tip  separation. 

Three  dimensional  features  obviously  become  more  evident  in  the  flow  past 
rectangular  wings  of  lower  aspect  ratio. 

The  time  evolution  of  the  wake  configuration  and  that  of  normal  force  and  moment 
coefficients  are  shown  in  Figures  9  and  10,  for  a  wing  of  unit  aspect  ratio  at  an  angle 
of  attack  of  14.5  degrees.  Dotted  lines  represent  longitudinal  vortex  filaments, 
transversal  ones  are  omitted  and  solid  lines  show  cross  sections  of  the  wake  in  planes 
normal  to  the  wing.  Steady  state  aerodynamic  characteristics  are  in  good  agreement  with 
experimental  data  by  Belotzerkowskii  (1969). 

The  spanwise  load  distribution,  at  the  same  angle  of  attack,  is  reported,  as  a 
function  of  time,  in  Figure  11.  A  peak  in  the  load  distribution  again  appears  near  the 
wing  tip,  grows  and  progressively  tends  toward  the  tip  as  lift  increases  with  time.  When 
steady  state  is  approximated,  load  distribution  closely  matches  measurements  by  Scholz 
(1949). 

5.2  -  Delta  wing  of  unit  aspect  ratio. 

Numerical  results  relative  to  a  delta  wing  of  unit  aspect  ratio,  at  an  angle  of 
attack  of  20.5  degrees,  are  presented  in  Figures  12  to  H.  This  test  case  has  been 
chosen  as  an  example  of  flow  involving  both  leading  edge  and  severe  roll-up  of  the  wake, 
phenomena  for  the  simulation  of  which  vortex  core  modelling  and  diffusion  are  believed  to 
play  a  determinant  role.  Furthermore,  exhaustive  experimental  Information  is  available 
for-this  37ing  pianform. 


The  time  dependent  development  of  the  we*e  is  shown  in  Figure  12  at  four  different 
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stages  (.25,  .5,  1  and  2  root  chords).  Again  dotted  lines  represent  longitudinal  vortex 
filaments,  transversal  ones  are  omitted  and  solid  lines  show  cross  sections  of  the  wake 
in  planes  normal  to  the  wing. 

A  starting  vortex  forms  first,  along  the  sharp  edges,  during  the  impulsive  start,  which 
rapidly  rolls-up  and  is  then  convected  downstream.  Steady  state  configuration  of  the 
near  wake  is  approximately  reached  for  a  dimensionles.s  time  T  equal  to  3. 

A  correct  roll-up  of  the  wake  (Fig. 13)  is  obtained  despite  of  the  limited  number  of 
vortex  panels  used  in  this  example  (8  by  16  panels  in  chorduise  and  spanwise  directions, 
respectively) .  The  effect  of  the  counter-rotating  vorticity  shed  at  the  trailing  edge  is 
also  captured  and,  compatibly  with  discretization,  vorticity  distribution  across  the  wake 
is  quite  well  approximated.  In  Figure  13  a  comparison  is  made  with  measured  total 
pressure  contours  (Hummel,  1979)  and  numerical  results  (Hoeijmakers,  1989)  in  a  plane 
normal  to  the  free  stream  direction,  0.133  root  chords  downstream  the  trailing  edge 
(equivalent  to  0.533  half  spans).  Solid  circles  in  Figure  13  have  radii  proportional  to 
the  circulation  of  each  vortex  filament.  Being  comparative  data,  both  experimental  and 
numerical,  relative  to  the  steady  state  condition,  computation  has  been  carried  on  until 
almost  invariant  loads  and  near  wake  configuration  are  reached. 

The  evolution  in  time  of  the  aerodynamic  loads  acting  on  the  wing  (lift  coefficient 
and  longitudinal  location  of  the  centre  of  pressure)  is  reported  in  Figure  14.  A  good 
agreement  with  steady  state  measurements  by  Peckham  (1958)  is  again  observed. 

Oscillations  in  the  time  evolution  of  the  loads  appear  during  the  initial  stage  of 
generation  of  the  wake.  This  is  due  to  the  fact  that  leading  edge  vortices  require  a 
time  interval  approximately  equal  to  one  chord  before  they  reach  the  trailing  edge  and 
their  influence  is  exerted  on  the  entire  wing. 

Note  that,  when  intense  roll-up  of  the  wake  is  involved,  vortex  filaments  may 
sometimes  tend  to  cross  the  lifting  surface  being  the  no-penetration  condition  imposed 
only  on  a  limited  number  of  panel  control  points.  To  avoid  this,  a  minimum  distance  of 
the  vortex  filaments  from  the  solid  surface  can  be  imposed.  However,  wake  body  distance 
cannot  be  arbitrarily  selected  as  it  significantly  influences  induction  of  the  vortices 
on  panel  control  points  and,  consequently,  both  loads  distribution  and  development  of  the 
wake.  In  the  present  method,  consistently  with  physics,  a  local  minimum  distance  is 
considered  equal  to  the  local  core  radius  of  each  vortex,  the  time  evolution  of  which  is 
computed  according  equation  4.9. 


5.3  -  Double  delta  wing-canard  configuration. 


A  time  dependent  generation  of  the  wakes  is  particularly  suitable  for  treating 
multiple  wing  configurations,  even  i^  a  steady  state  condition  has  to  be  simulated.  This 
is  due  to  the  fact  that  a  time  de’  endent  scheme  does  not  require  a  first  guess  of  the 
shape  of  the  vortical  sheets  whir  .,  as  mentioned  above,  can  become  crucial  mainly  w.hen 
planform,  attitude  and  relative  position  of  the  wings  are  such  to  produce  closely 
interfering  wakes. 

As  a  counterpart,  a  time  dep'  ident  scheme  is  computationally  more  expensive  than  a 
relaxation  method  as  a  greater  number  of  terms  is  involved  (the  circulations  of 
transversal  vortical  filaments,  which  are  virtually  absent  at  steady  state) .  In 
addition,  longer  computing  times  are  necessary  in  order  to  develop  the  wakes  for  .t 
sufficient  length. 

However,  a  significant  time  saving  can  be  obtained  if,  after  reaching  a  certain  stage  ol 
development  of  the  wakes,  only  the  mutual  induction  of  wakes  and  wings  is  accounted  for, 
while  self  induction  of  the  vortex  filaments  is  neglected.  As  a  matter  of  fact,  self 
induction  produced  in  the  far  wake  proves  only  to  increase  roll-up  and  stretching, 
without  changing  at  all  the  Influence  of  the  wake  on  load  distribution. 

It  turns  out  that,  for  practical  purposes,  in  most  cases,  vorticity  in  the  wake  can  be 
simply  convected,  starting  from  a  distance  of  the  order  of  a  couple  of  chords  downstream 
the  trailing  edge.  Being  the  number  of  vortices  shed  in  the  wakes  proportional  to  tha 
length  of  the  wake,  this  procedure  enormously  speeds  up  the  computations. 

Numerical  results  are  presented  in  Figures  16  to  17  for  a  double  delta  wing-canard 
configuration  (Fig. 15)  for  which  wind  tunnel  tests  were  carried  on  in  co-operation  with 
Aermacchi  S.p.A.  (Trabucchi  and  Travostino,  thesis  work;  1938) .  ’ 

Wing  and  canard  have  the  same  planform,  the  canard  is  scaled  1:2.58  with  respect  to  the 
wing  and  is  located  0.09  wing  chords  above  the  wing  and  0.09  wing  chords  upstream.  The  ' 

aspect  ratio  of  both  is  2.5.  I 

The  development  of  the  wake  is  shown  in  Figure  16  for  an  angle  of  attack,  of  both  wing  1 

and  canard,  of  12  degrees.  Due  to  the  relatively  high  aspect  ratio  and  to  the  presence  ! 

of  rounded  leading  edges,  separation  of  the  vortical  sheets  is  only  observed  at  the  tips  f 

and  trailing  edges  of  the  lifting  surfaces.  The  same  condition  is  imposed  to  the  , 

numerical  scheme.  i 


Time  evolution  of  the  lift  coefficient  is  presented  in  Figure  17,  where  a  comparison 
is  made  with  steady  state  measurements.  The  lift  coefficients  of  wing  alone,  interfering 
wing  and  complete  configuration  are  referred  to  the  area  of  the  wing,  while  the  lift 
coefficient  of' the  canard  is  referred  to  its  own  area. 

The  lift  growth  of  the  wing-rcanard.  combination  difftts  somewhat  from^the  monotonlc  lift 
Increase  of  the  wing  alone.  The-starting  vortex  released  by  the  canard  induces  on  the 
wing  a  lift  higher  than  that  of  the  wing  alone,  during  the  initial  stage  of  the-  impulsive 
start,  until  it  reaches  a  downstream  location  of  approximately  one  quarter  of  the  wing 
root  chord.  After,  its  influence  is  such  to -reduce  the  wisig's  lift  as»long>as  it  passes 
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over  the  wing  (T=l) .  Finally  wing's  lift  begins  to  increase  slowly  and  reaches  a  steady 
state  value  which,  as  known,  is  significantly  lower  than  that  of  the  wing  alone.  This  is 
due  to  the  canard  induced  downwash  while  an  upwash  effect  is  produced  by  the  wing  with 
the  result  of  an  increase  in  the  canard's  lift. 


6  '  Conclusions. 

A  nonlinear  vortex  lattice  scheme,  capable  to  treat  a  general  unsteady  motion  of 
multiple  lifting  surfaces,  is  used  fcr  the  simulation  of  the  flow  past  impulsively 
started  wings . 

The  comparison  of  numerical  results  with  data  available  in  the  literature  indicates 
that  reliable  predictions  can  be  obtained  for  a  variety  of  wing  planforms  and  attitudes, 
even  when  leading  edge  separation  is  present  and  lifting  surfaces  are  subject  to  strong 
mutual  interference. 

The  satisfactory  behaviour  of  the  code,  in  highly  unsteady  flow  conditions,  as  are 
impulsive  starts,  is  probably  ascribable  to  the  use  of  a  physically  consistent  vortex 
core  diffusion  model  to  the  .'ormulation  and  validation  of  which  most  of  the  present  work 
is  devoted. 
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Flg.l-  Velocity  Induced  by  a  vortex  segment:  definition  Fig*2  -  Elementary  portion  of  shear  layer 
of  the  terms  appearing  in  the  Biot-Savart  law. 


Fig. 3  -  Velocity  distribution  across  the  elementary 
portion  of  shear  layer  and  definition  of  the 
conventional  shear  layer  thickness  o. 

Fig.4  -  Effect  of  transversal  stretching  on 
mentary  portion  of  shear  layer. 

C,(T)/C,„ 

present  method 


Fig.  5  >  Equivalence  between  a  continuous  shear  layer 
and  discrete  vortices; 


Fig. 6-Tine  evolutionof  lift  consequent  to  aninpulsive 
start  of  a  rectangular  wing  (AR*s6,  eal2*). 
Theoretical  prediction  by  Jones  (1940). 


Fig. 9  -  Tine  evolution  of  the  wake  past  a  rectangular  wing  of  unit  aspect  ratio  (osX4.5') 


ROUNDTABLE  DISCUSSION 


Mr.  J.H.B.  Smith 


The  first  point  to  make  is  that  these  are,  as  it  says  in  the  progranne,  the  remarks  of  the  Technical 
Evaluator.  They  are  certainly  not  a  preview  of  his  report,  which  he  will  have  a  little  longer  to  .hink 
about.  Then  1  should  like  to  express  my  regret  at  the  absence  of  Jim  Campbell  and  Jim  Luckring  from  this 
meeting.  It  was  Jim  Campbell  who  arranged  for  me  to  act  as  Technical  Evaluator,  and  1  understand  he  was 
responsible  for  most  of  the  planning.  That  contribution  would  have  been  completed  by  his  presence  here. 

We  shall  miss  him  in  the  discussion  which  follows.  We  have  already  missed  Jim  Luckring's  review  of 
computational  techniques.  This  would,  1  am  sure,  have  concentrated  on/Navier-Stokes  methods  and  U.S. 
work..  It  would  have  complemented  Harry  Hoeijmakers  excellent  review,  with  its  concentration  on  inviscid 
approximations  and  European  work. 

This  was  the  first  of  our  invited  papers,  and  it  sec  a  standard.  1  am  happy  to  say  that  the  other  invited 
papers  lived  up  to  chat  standard.  We  have  been  treated  to  a  set  of  authoritative  and  well'-presented 
accounts  of  a  range  of  Important  topics.  However,  it  is  perhaps  invidious  to  single  out  the  invited 
papers  because  all  the  papers  at  this  meeting  have  been  interesting.  The  quality  of  the  presentation  has 
been  high.  The  interest  the  papers  generated  has  been  demonstrated  by  the  keen  discussions  which  have 
followed  the  papers.  It  is  a  tribute  to  the  abilities  of  our  chairmen  and  the  self-discipline  of  our 
speakers  that  time  has  been  found  for  these  discussions.  1  should  say  that  I  wrote  that  last  night*  Time 
alone  is  not  enough,  we  also  need  papers  that  are  full  of  ideas  and  we  need  an  informed  audience »  and  we 
have  clearly  had  both. 

Of  course,  there  is  always  room  for  improvement.  This  time  I  would  like  to  pick  on  slide  quality.  Why  is 
it  that  when  we  become  authors  we  forget  the  frustrations  that  we  have  suffered  as  viewers  of  slides  on 
which  the  lines  are  too  thin  and  the  symbols  are  coo  small?  Let  us  remember  when  we  make  our  slides  that 
some  unfortunate  person  has  got  to  try  and  read  them  from  the  back  of  the  room. 

I  have  been  going  to  conferences  on  vortex  flows  for  many  years  and  it  is  very  easy  to  comment  that  the 
same  unsolved  problems  turn  up  every  five  years  or  so,  from  one  meeting  to  another.  However,  it  is  also 
very  easy  to  see  that  real  progress  Is  being  made.  I  think  that  this  has  been  the  case  across  the  whole 
field  that  has  been  created  at  this  conference.  We  have  seen  steady  progress  in  computational  techniques 
and  in  the  associated  validating  experiments,  particularly  now  at  transonic  speeds.  There  is  now  a  large 
body  of  experimental  data,  at  least  on  one  configuration.  If  anybody  ever  does  make  an  aircraft  with  a  65 
degree  swept  wing,  we  should  be  in  a  good  position.  Much  of  this,  of  course,  has  come  from  the 
International  Vortex  Flow  Experiment  and  the  lEPC  exercise  which  followed  it.  It  may  be  that  there  is  a 
message  here  for  the  ACARO  FDP  in  coordinating  international  efforts  on  particular  problems  on  a  rather 
wider  scale* 

We  also  saw  rather  dramatic  progress  in  the  simulation  of  vortex  breakdown.  At  Che  AGAKD  Rotterdam 
meeting  in  1983  we  were  impressed  by  the  calculation  of  the  breakdown  of  a  single  vortex  by  an  Euler 
code.  The  discussion  there  was  still  dominated  by  the  rival  theories  of  stability  and  finite  transition. 
Yesterday  we  were  all,  I  Imagine,  impressed  by  Dr.  Agrawal's  calculation  of  the  whole  flow  field  of  a  wing 
with  vortex  breakdown.  Let  us  remember  that  what  we  were  looking  at  were  contours  of  vorticlty  derived 
from  experiment  and  derived  from  three  different  calculation  models  and  we  were  comparing  the  labels  on 
those  vorticlty  contours*  Now,  this  seems  to  me  to  represent  a  real  advance  in  predictive  capability*  Of 
course,  he  shouldn't  just  have  dismissed  those  experimental  results  on  the  right-hand  side  of  his  picture 
when  they  didn't  agree  with  his  calculations,  but  nonetheless  this  represented  a  substantial  achievement. 
Although  the  concentration  was  on  breakdown  prediction,  one  of  the  interesting  features  was  that  even  with 
that  extremely  dense  grid  of  points  with  his  imbedded  grid,  he  was  not  able  to  reproduce  the 
circumferential  velocity  component  near  the  vortex  core.  You  will  remember  that  that  was  the  chief 
difficulty  when  we  were  concerned  with  Inviscid  solutions  of  similar  flows.  Ve  were  very  bothered  that 
total  pressure  losses  occurred  in  the  core  vortices.  There  was  a  great  deal  of  speculation  about  where 
these  came  from,  Aether  they  were  convected  from  the  leading  edge,  and  so  on.  I  believe  it  is  now 
accepted  that  those  losses  are  local  discretization  errors  which  arise  in  the  region  of  the  vortex  core. 

At  that  time,  ws  believed  that  when  we  went  to  the  Navler-Stokes  equations  we  would  be  expecting  total 
pressure  losses  and  these  would  no  doubt  be  calculated  correctly.  What  we  now  see  is  that  there  are  still 
residual  errors  in  the  region  of  the  vortex  core  in  the  Navler-Stokes  solution,  we  are  still  not  agreeing 
with  experiment.  It  may  be  that  turbulence  has  something  to  do  with  it,  but  1  suspect  that  it  is  much 
more  the  difficulty  of  constructing  a  mesh  which  will  adequately  reflect  the  structure  of  the  flow  in  the 
neighborhood  of  the  vortex  core,  whether  it  is  supposed  to  be  inviscid  or  viscous. 


The  study  of  Dr.  Agrawal  was  of  course  a  very  expensive  study.  A  much  less  expensive  study,  but  I  thought 
an  equally  impressive  one  was  the*  work  at  Braunschweig  presented  by  Mr.  Oelker.  We  shall  remember  that 
pocket  of  dye  sitting  behind  the  trailing  edge  of  the  canard  and  above  the  apex  of  the  wing  in  his  water 
tunnel.  Of  course,  this  was  a  laminar  flow,  and  no  doubt  a  turbulent  flow  behaves  differently.  But,  how 
differently?  We  will  wait  to  find  oui;  somebody  should  try  and  tell  us.  X  think  that  sheds  a  whole  new 
light  on  the  account  of  how  the  canard  vortices  Interact  with  the  wing.  Of  course,  the  other  significant 
thing  in  his  paper  was  the  dramatic  changes  in  the  aerodynamic  characteristics  which  arose  when  vortex 
breakdown  reached  the  apex  of  the  wing.  For  a  long  time  ve  have  worried  about  when  vortex  breakdown 
reached  the  trailing  edge  of  the  wing;  it  is  now  clear  that  the  really  dramatic  change  is  when  vortex 
breaiuiowa  reaches  the  apex. 

Something  else  we  should  remember  is  the  sight  of  the  tail  of  the  F-18  bending  to  and  fro  in  front  of  our 
eyes.  We  need  a  lot  more  progress  of  some  sort,  certainly  if  ve  are  going  to  predict  that  with 
Navler-Stokes  solutions.  Of  course,  onn  might  say  that  you  don't  actually  need  CFD  techniques  to  tell  you 
not  to  put  a  tail  plane  ip  a  vortex.  Before  I  realized  how  the  time  was  going  I  was  going  to  chailenge 
Dennis  Habey  to  explain  to  us  just  why  he  believed  there  was  no  feedback  mechanism  between  the  vortex  and 
the  fin.  There  may  not  be  time,  Dennis,  but  prepare  yourself. 
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Tills  is  not  the  only  example  of  how  far  our  understanding  and  predictive  capability  is  from  the  real  world 
even  in  this  central  area  of  fighter  wing  design,  tdilch  has  been  the  main  subject  of  the  meeting.  The 
vortex  flap  that  David  Lovell  was  describing  was  conceived  in  terms  of  capturing  a  vortex  along  its  whole 
length.  It  worked  quite  well  with  the  vortex  spilling  over  the  trailing  edge  of  it  quite  early.  The 
problems  all  apparently  arise  in  asymmetric  flow,  not  in  symmetric  flow  at  all.  How  many  CFD  codes  can 
provide  for  asymmetric  calculations? 

We  had  some  good  news  about  turbulence  modelling.  That  is  sufficiently  unusual  to  be  worth  a 
celebration.  Dr.  Knynak  and  his  colleagues  from  Turkey  showed  that  changing  to  the  Johnson**King  model 
made  very  little  difference  to  the  position  of  a  swept  separation  line.  Now  we  know  that  this  change  is 
very  important  for  unswept  separation  lines.  This  suggests  that  turbulence  modelling,  which  is  the 
limiting  consideration  in  the  calculation  of  unswept  separations,  may  not  be  a  problem  in  highly  3-^ 
situations.  This  is  an  advance  which  we  really  need  to  pursue  and  attempt  to  exploit. 

Another  piece  of  fundamental  work  which  seemed  at  the  time  to  have  a  rather  negative  outcome  was  the  study 
by  Mr.  Pailhas  from  ONERA  who  looked  at  the  flow  downstream  of  an  attachoent  line  and  found  that  it  was  in 
fact  not  very  exciting.  I  believe  that  this  is  because  the  vortex  that  he  used  was  rather  lar^e  so  that 
the  flow  which  was  attaching,  not  re-attaching,  behind  the  vortex  was  coming  essentially  from  the  free 
Scream.  It  would  be  very  useful  to  repeat  the  exercise  for  smaller  vortices  in  which  the  turbulence  of 
the  vortex  is  contaminating  the  flow  ^ich  is  attaching  further  downstream  (or  further  inboard,  depending 
on  what  geometry  you  are  thinking  of)..  It  seems  that  we  have  two  difficulties  between  French  and 
English.  One  is  that  there  are  two  words  for  separation  in  French,  one  of  which  you  can  define  and  the 
other  one  means  something  physical.  The  other  difficulty  is  that  there  are  two  words  in  English: 
'attachment  line*  and  're-attachment  line*.  Although  we  tend  to  use  them  in  a  confusing  way,  they  are 
available  with  distinct  meanings  so  that  we  could  keep  're-attachment  line*  for  a  line  along  which  fluid 
which  has  already  left  the  surface  arrives  back  on  the  surface,  that  is  re-attachment.  In  the  other 
circumstances  we  can  call  it  an  attachment  line.  Now  when  you  think  of  turbulence  the  distinction  is  not 
so  clear  of  course,  but  there  is  a  significant  difference  there  which  we  would  do  well  to  bear  in  mind. 

Well,  we  are  getting  a  little  bit  abstract  now  aren't  we.  I  should  mention  the  papers  that  reminded  us  of 
very  different  vortex  flows,  Professor  Staufenbiel's  trailing  vortices  certainly  had  some  of  us  wondering 
about  the  fundamentals  of  our  subject  again,  and  if  you  did  destroy  the  trailing  vortices,  what  kept  the 
wing  up  was  fdiat  was  passing  through  my  mind.  Seriously,  I  think  that  one  does  have  to  worry  about  what 
happens  very  much  further  downstream  than  you  can  examine  in  a  windtunnel.  It  seems  possible  that  the 
fragmented  structures  which  you  can  produce  on  the  scale  of  a  span  or  two  may  well  look  on  the  scale  of  an 
aircraft  separation  distance  really  rather  similar.  It  is  very  difficult,  of  course,  to  do  anything 
either  experimentally  or  theoretically  on  this.  It  does  seem  to  me  there  is  a  danger  of  recosbination  of 
vortices. 

Professor  Rizzi  reminded  us  that  heat  transfer  is  sometimes  more  important  than  pressure.  He  didn't  say 
very  much  about  transition,  and  of  course,  neither  did  most  of  the  other  calculators.  The  person  that  did 
say  a  lot  about  transition,  of  course,  was  Deimis  Mabey  again.  I  am  a  little  worried  about  this.  It  is 
not  enough  to  stick  some  roughness  grains  here  and  there  and  say  that  we  have  fixed  transition.  How  do 
you  know  you  fixed  transition?  It  is  not  too  bad  with  a  wing  so  long  as  it  is  not  too  highly  swept*  Ve 
know  more  or  less  what  to  do*  But  when  the  flow  is  going  to  leave  the  surface  and  come  back  on  again  at 
some  other  position,  then  we  need  to  be  fixing  transition  where  it  comes  back  on.  And  when  we  are  dealing 
with  forebodies  ^ere  there  is  a  strong  expansion  of  the  flow  along  the  lower  surface  attachment  line, 
then  fixing  transition  is  by  no  means  straightforward.  I  detected,  I  thought*  a  somewhat  cavalier 
attitude  to  this  question.  A  lot  of  results  were  claimed  to  be  with  transition  fixed  when  it  was  by  no 
means  clear  to  me  that  they  necessarily  were. 

For  myself  I  have  to  admit  to  being  fascinated  by  the  paradoxes  of  the  side  force  on  slender  bodies  at 
incidence.  Ian  Moir's  discovery  that  the  hand  of  the  asynoietry  at  the  rear  of  the  body  is  determined  by 
the  nose,  even  when  the  nose  flow  is  apparently  symmetric  is  something  that  cal^s  for  a  deal  of 
explanation.  Jean  Ross's  success  in  obtaining  a  proportional  control  out  of  vortex  asymmetry,  when  tbe 
standard  form  of  vortex  asynnetry  is  a  step-function  variation  with  roll  angle  is  something  else  which 
needs  explaining.  1  should  like  to  think  that  the  work  on  non-conical  flows  like  Mike  Pidd  described  on 
our  behalf  may  help  vl*’h  that.  The  very  oultiplicity  of  flows  which  can  arise  on  a  circular  cone  with  the 
same  incidence,  Hach  number  and  Reynolds  number  is  quite  a  challenge  to  aerodynemics. 


Today  1  was  certainly  impressed  by  the  reaction  to  Professor  Baron's  presentation*  When  be  started  1 
thought,  more  old  stuff,  but  in  fact  this  was  a  very  convincing  account  and  the  interest  which  it 
generated  among  people  who  wish  to  use  it  shows  that  there  is  life  in  these  ai^roaches  yet.  Of  course. 
Dr.  Cunningham's  paper  was  also  of  great  interest.  1  don't  know  how  he  imagines  that  he  is  ever  going  to 
take  all  that  data  into  bis  head  and  produce  an  intelligible  account  of  it,  but  it  is  a  splendid 
as^ition.  It  was  nice  to  see  the  applications  of  dynamical  systems  in  the  paper  on  the  role  of  the  delta 
tring  also. 

1  think  it  has  been  a  very  worthwhile  conference,  a  very  successful  conference,  but  then,  vortex  flow 
conferences  always  are. 


Prof. 


always 
A.D.  Young 


Well)  our  tlae  Is  getting  short,  but  vhat  I  would  like  to  do  at  this  stage  Is  to  Invite  tbe  cbslinen  of 
the  different  sessions  to  make  any  points  that  they  would  like  to  make,  very  briefly  please  -  a  minute  or 
two,  arising  from  the  sessions  which  they  chaired  In  addition  to  what  Jeremy  has  Just  covered  In  his 
excellent  survey.  Dr.  Bonnet,  do  you  have  any  points  that  you  want  to  raise  at  this  stage? 

If  past  practice  still  applies,  1  think  that  this  discussion  will  be  recorded,  so  If  anyone  speaks,  would 
they  give  their  name  and  affiliation  before  they  start  their  address. 
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Prof.  A.  Bonnet 

In  fact  the  main  purpose  of  the  first  session  was  comparison.  I  have  noted  three  points  of  comparison: 
Point  A:  Comparison  of  Euler  codes  together  but: 

Al  either  keeping  the  same  algorithm  and  using  structured  or  unstructured  grids. 

Mr.  Selffiin*8  paper  shows  clearly  the  advantages  or  the  drawbacks  of  both  approachs* 

A2  or  keeping  the  same  mapping  techniques  and  using  various  algorithms. 

Point  B:  Comparison  of  Euler  codes  with  a  Havier-Stokes  one 

Point  C:  Comparison  of  numerical  codes  (Euler  or  Navier-Stokes)  with  experiments!  results. 

If  I  start  with  the  point  A2,  that  la  to  say  the  comparison  of  Euler  codes  together  with  various 
algorithms,  we  can  say  that  we  have  to  make  a  distinction  between  the  either  global  or  local  point  of 
view.  For  the  global  point  of  view,  I  mean,  for  example,  the  determination  of  aerodynat&lc  coefficients 
like  the  lift,  the  pitching  moment  or  the  drag,  apparently  all  the  methods  are  very  close  together.  On 
the  other  band,  the  local  point  of  view,  the  pressure  coefficient  Cp  distribution  for  example,  it  seems 
that  good  agreement  appears  except  for  the  trailing  edge,  coming  certainly  from  a  mistreatment  of  this 
zone.  In  the  same  spirit,  a  great  difference  appears  in  the  calculation  of  the  loss  of  total  pressure  due 
certainly  to  artificial  or  numerical  viscosity,  I  think.  On  the  point  fi,  that  is  to  say  the  comparison  of 
Euler  codes  and  Navier-Stokes  code,  or  on  the  point  C,  that  is  to  say  comparison  with  experimental 
results,  the  most  interesting  thing  is  what  has  been  called  secondary  separation,  but  Mr.  Delery  showed 
that  there  exists  also  tertiary  separation.  This  secondary  separation  appears  in  the  experiments  and  is 
predicted  by  the  Havier-'Stokes  code  but  not  by  the  Euler  codes.  The  effect  is  that  the  high  Cp  peak  which 
arises  in  Euler  code  simulations  disappears  and  consequently  the  lift  coefficient  in  Navler^Stokes  is  less 
than  this  in  Euler  codes,  and  appears  close  to  experimental  measurements. 

Or.  R.G.  Bradley,  General  Dynamics 

Actually,  Mr.'  Smith  did  an  excellent  Job  in  commenting  on  the  second  session.  He  made  connents  on  several 
cf  the  papers.'  The  only  thing  1  would  like  to  add  is  that  it  is  quite  obvious  from  the  results  presented 
in  my  session,  and  other  sessions,  that  we  are  really  talking  about  two  classes  of  experiments  here.  We 
have  analogue  experimentation  (wind  tunnel)  for  idiich  we  take  data,  and  we  have  numerical  experimentation 
(CFO)  for  which  we  generate  flow  field  data.  There  are  still  a  number  of  questions  in  both  areas 
concerning  the  data  that  result.  We  continually  talk  about  things  such  as  transition  and  turbulence 
models  in  CFD.  We  should  also  talk  about  grids  in  CFD  and  scales  of  flow  in  both  types  of  experimentation 
when  considering  accuracy. 
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Prof.  Young 

Could  we  open  up  now  for  a  general  discussion  on  the  first  two  sessions  dealing  with  vortex  computation  < 

techniques.  Does  anyone  want  to  make  a  particular  point  from  their  reactions  to  the  discussions  and  papers 

presented,  additional  to  the  ones  that  have  already  been  raised.  j 


Dr.  U.  Kaynak,  TUSAS 

I  would  like  to  be  controversial  on  the  Euler  vs  Navier-Stokes  computations.  The  Impression  that  I  got 
from  this  conference  and  from  similar  and  earlier  symposia,  there  is  always  a  controversy  between  Euler 
and  Navier-Stokes.  Let  me  give  you  some  numbers  which  are  generally  accepted.  For  example,  if  you  have 
an  isolated  wing  Euler  computation,  people  tend  to  use  about  300,000  grid  points.  For  Navier-Stokes  there 
are  different  numbers  starting  from  300,000,  600,000,  to  one  million,  sometimes  two  million  grid 
points.  But  the  fact  is  that  you  don't  have  to  go  as  hi^i  as  one  million  or  two  million,  but  200,000  to 
500,000  grid  points  is  Just  fine*  In  fact  300,000  grid  points  could  be,  for  example,  enough  for  both 
computations,  Euler  and  Navier-Stokes.  Another  fact  is  that  Euler  equations  are  unable  to  capture,  of 
course,  the  secondary  separation.  Furthermore,  the  overhead  of  Navier-Stokes  computation  against  Euler 
using  the  same  grid  is  maybe  30  or  40Z.  So  if  you  can  use  the  same  grid  with  only  30  or  40  Z  increase  in 
the  computational  cost,  I  wonder  if  anybody  wants  to  do  Euler  coisputatlon  for  the  Isolated  wing  from  now 
on  anymore. 

Prof#  Young 

It  is  a  challenge.  Anybody  wish  to  take  up  the  challenge? 

Dr.  S.  Agrawal,  McDonnell  Douglas 
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I  Just  want  to  oake  a  coonent  on  the  remarks  that  Hr.  Kaynak  Just  made  regarding  the  grid  sizes.  The 
number  of  grid  points  concerned  really  depends  on  what  you  are  looking  for,  what  exactly  you  are  after. 

If  you  are  looking  for  the  pressure  dlstrlbutlrst,  1  think  that  Is  a  reasonably  good  number,  but  If 
somebody  wants  to  look  at  skin  friction,  for  example,  then  that  la  not  good  enough  and  you  do  have  to  use 
a  higher  number  of  grid  points,  because  you  want  to  resolve  the  boundary  layer  accurately.  I  think  that 
also  applies  on  his  second  comment  about  whether  Euler  calculations  should  be  sufficient  or  whether 
somebody  should  really  do  the  Navier-Stokes  calculations  because  It  adds  only  a  20  or  30Z  additional 
cost.  For  somebody  on  a  project,  the  cost  Is  an  Issue,  l.e.,  even  though  you  are  adding  only  30Z  to  the 
cost,  still  you  are  adding,  so  why  do  Navier-Stokes  calculations? 


RTD-4 


Mr.  S.  Hltzel,  Dornler 

A  few  of  Che  questioas  you  were  raising  here  already  are  answered  by  our  colleagues  from  McDonnell 
Douglas.  We  now  have  quite  a  lot  of  experience  with  Euler  calculations  and  also  made  up  some  numerical 
experiments  in  order  to  find  out  what  is  necessary  to  obtain  a  good  Euler  solution  with  regard  to 
experiments.  Our  experience  is  that  for  an  Isolated  wiog*  a  mesh  of  about  200|000  to  300,000  grid  points 
is  quite  sufficient  in  case  you  are  aware  what  you  are  doing  with  Euler  and  you  are  remembering  all  the 
restrictions.  If  you  would  do  the  same  wing  with  Navier-Stokes,  e.g.,  on  a  laminar  case,  1  would  guess 
you  have  to  triple  or  have  even  four  times  the  number  of  grid  points,  but  you  also  have  to  keep  in  mind 
that  with  the  usual  meshes  used  you  are  only  resolving  the  area  around  the  surface,  thus  you  only  get  a 
quite  good  resolution  in  the  secondary  separation  and  in  the  boundary  layer.  With  all  the  Nsvier-Stokes 
results  I  saw  in  recent  months  and  years,  I  saw  that  nobody  really  cared  about  the  vortex  core  and  about 
the  vortex  sheet.  At  Domier  we  investigated  a  delta  wing  configuration  by  an  Euler-simulation  in  an 
adaptive  block  structural  mesh  in  the  vortex  area.  The  mesh  provided  an  equivalent  of  6  million 
gridpolnts  at  the  expense  of  1.4  million  points.  The  final  outcome  provided  a  distinct  vortex-sheet 
rolling  up  more  than  360  degrees  Into  a  vortex  core.  For  the  first  time  we  experienced  the  flow  on  Che 
wing*8  upper  surface  to  be  almost  free  of  total-pressure  losses.  Indicating  that  the  numerical  dissipation 
or  the  artificial  viscosity  was  falling  to  zero  there,  as  it  should  be.  This  shows  the  need  of  very  dense 
meshes  in  this  vortex  sheet  and  core  area  and  this  again  multiplies  the  number  of  grid  points  mentioned 
earlier.  You  are  ending  up  with  5  or  6  or  10  million  grid  points  and  you  never  can  afford  this 
regularly.  Thus  the  only  way  to  go  with  chat  is  to  have  an  adaptive  grid  somehow.  This  may  be  achieved 
by  an  adaptive  block-structured  approach,  adaptive  grid-techniques  or  their  combination  or  you  may  have  to 
go  Co  unstructured  grids  which  may  add  grid  points  in  the  area  where  you  arc  interested  in.  All  the 
Navier-Stokes  results  we  see  with  300,000  or  500,000  equally  distributed  grid  points  are  just 
insufficient.  For  the  flow  considered,  nobody  compared  the  relative  size  of  the  artificial  viscosity  so 
to  name  with  the  real  viscosity  that  is  coming  out  of  the  equations.  I  think  it  would  be  a  worthwhile 
effort  to  show  whether  the  Mavier-Stokes  results  really  are  Navier-Stokes  solutions  rather  than  modified 
Euler  solutions.  This  would  provide  knowledge  to  push  Navier-Stokes  simulations  to  become  superior  to 
Euler  solutions  with  regard  to  experiments. 

Dr.  W.J.  McCroskey 

X  don't  want  to  prolong  this  particular  part  of  the  discussion,  but  for  the  benefit  of  those  who  were  not 
at  our  last  symposltis  in  Friedrichshafen  on  Missile  Aerodynamics,  I  would  like  to  make  an  observation 
about  discussions  along  these  lines  that  we  had  there  at  that  time.  The  basic  controversy  might  be 
sumoarlzed  by  someone  saying  the  discussion  was  about  CFD,  fact  or  fiction.  The  Euler  coonunity  said  that 
Euler  was  fact  and  Navier-Stokes  was  fiction  because  of  all  the  problems  with  turbulence  oodellicg  and 
lack  of  resolution,  etc.  Of  course,  the  Navier-Stokes  coonmnlty  was  saying  that  Euler  is  fiction  and 
Navier-Stokes  is  fact.  From  the  point  of  view  of  stimulating  creative  thinking  about  what  to  do  as  we  try 
to  improve  our  codes  to  get  better  ultimate  utility  and  accuracy,  1  think  that  it  is  healthy  that  this 
discussion  continue. 

Prof.  Young 

One  more  comment  on  this  point  and  then  we  will  have  to  move  on  to  the  other  sessions. 

Dr.  A.N.  Cunningham,  General  Dynamics 

Vlch  regard  to  unsteady  aerodynamics,  1  would  like  to  point  out  that  Dost  of  these  solutions  use  local 
time  stepping,  and  if  you  are  doing  an  unsteady  solution  you  have  to  use  global  time  stepping.  The 
resulting  unsteady  computations  end  up  vlth  much  more  than  a  30Z  increase  in  cost,  and  more  realistically, 
orders  of  magnitude  increase.  This  point  was  made  by  John  Edwards  in  Sorrento  this  Spring,  that  we  are 
looking  at  hundreds  to  thousands  of  hours  on  a  CRAY  U  to  do  a  real-time  buffet  simulation  for  one  data 
point. 

Prof.  Young 

Perhaps  we  should  move  on  from  there.  These  are  problems,  obviously,  that  we  are  going  to  discuss  time 
and  time  again,  but  it  is  useful  to  have  them  aired  at  this  stage.  Session  3  was  Measurements  and 
Visualization  and  Prof.  Onorato  was  the  Chairman. 

Prof.  M.  Onorato 

Starting  from  the  invited  paper,  we  have  to  be  grateful  to  the  Program  CoaiBlttee  of  this  Symposium  for 
inviting  Mr.  Mabey  to  review  the  meeting  of  the  AGARD  Structures  and  ^teterial  Panel.  It  has  been  very 
comfortable  to  sit  here  and  to  have  a  condensed  version  of  all  aerodynamic  aspects  that  were  discussed  in 
that  meeting.  Ftom  this  lecture  we  get  suggestions  that  much  greater  attention  should  be  given  to 
establishing  the  magnitudes  of  the  possible  scale  effect  and  also  much  attention  to  predict  buffeting. 

The  message  to  the  experimental  aerodynamicists  is  then  to  maJce  use  of  the  cryogenic  wlndtunnel,  if  you 
have  one  of  course,  and  to  assess  and  remove  any  unsteady  effects  from  your  tunnel  that  are  not  genuine. 

I  think  that  this  work  is  going  on  in  many  vlndtuni^ls.  Going  to  the  four  contributed  papers,  two  of  them 
deal  with  complete  configurations  and  they  give  in  a  complementary  way  a  satisfactory  and  complete  picture 
of  vortical  How  around  the  configurations  at  low  Mach  number.  Tbe  first  Del  Ftate  paper  is  characterized 
by  showing  the  correlstions  between  flight  test  and  ground  test  and  personally  as  a  wlndtunnel  worker,  1 
was  hajipy  to  learn  that  these  correlations  were  in  general  good.  The  second  Eckler  paper  is  characterized 
by  showing  canard  effect  on  the  system  of  vortices  and  on  the  relative  breakdown  and  by  showing  the 
results  also  in  the  case  of  non-symnetrical  flow. 
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The  paper  of  Elsenaar,  coming  from  an  Intemaclonal  cooperation,  extended  the  physical  picture  of  the 
vortex  system  at  transonic  and  supersonic  speed*  In  my  opinion,  the  very  complex  flow  structure  of 
vortices  and  shock  waves  on  a  delta  wing  was  clearly  interpreted,  and  I  think  that  when  the  program  flow 
field  measurements  will  be  completed  we  will  have  a  very  good  reference  experiment  for  looking  at  the 
pl^sics  of  such  flows  and  we  will  have  a  useful  database  for  the  validation  of  numerical  methods*  The 
only  wrong  thing  in  the  paper  of  Elsenaar  was  that  the  witten  version  of  the  paper  was  not  available  at 
the  time  of  this  meeting*  Finally,  a  mention  to  Pailha*s  paper,  they  showed  that  complex  measuremets, 
turbulent  flow,  may  be  done  in  complex  boundary  layer  and  they  show  that  this  is  possible*  1  think  that 
if  they  will  go  ahead  applying  this  methodology,  maybe  to  moat  realistic  flow,  we  will  have  data  that  may 
give  some  confidence  to  the  users  of  l-'d  boundary  layer  numerical  methods.  Concluding,  I  was  happy  to 
chair  this  session,  both  for  the  high  quality  of  the  papers  and  for  the  exciting  discussion  that  came  from 
the  audience* 

Prof.  Young 

Would  anybody  like  to  raise  any  points  associated  with  that  session? 

Dr.  L«E*  Ericsson,  Lockheed 

I  would  like  to  make  two  comments.  One  is  in  regard  to  stri^tural  response  to  separated  flow.  In  the 
AGARD  SHP  meeting  in  Sorrento  earlier  this  year  there  vas  one  paper  presented  on  three  types  of  structural 
response  to  separated  flow.  It  is  reference  number  17  in  Hr.  Hsbey's  review  at  this  meeting.  Being  a 
review~type  paper,  he  probably  thought  it  outside  of  the  scope  of  his  review.  In  it  was  shown  that  the 
slmpHst  problem  is  that  of  buffet  response,  where  the  interaction  with  the  structural  response  does  not 
change  the  aerodynamics.  In  this  case  I  think  it  is  alright  to  have,  as  we  have  had  in  Industry,  separate 
departments  for  the  determination  of  structural  response  and  definition  of  the  aerodynamics.  However,  1 
don't  think  this  works  now  idien  we  are  flying  in  the  separated  flow  region,  where  you  get  two  other  types 
of  much  more  complicated  structural  responses.  You  can  no  longer  have  this  isolation  of  the  two  groups. 
They  have  to  interact  much  more.  The  second  type  of  response  is  what  I  call  self-^exclted  response.  In 
chat  case  the  interaction  between  the  structural  response  and  the  aerodynamics  causes  a  change  of  the 
aerodynamics,  which  can  produce  negative  aerodynamic  damping  (or  undamping,  if  you  will),  that  surpasses 
Che  structural  damping.  The  result  can  be  a  catastrophic  increase  of  the  response  amplitude,  leading  to 
structural  failure.  In  contrast,  in  the  case  of  buffet,  the  structural  damping  available  often 
guarantees  a  limited  response.  Furthermore,  because  the  buffet  response  usually  is  associated  with  a 
critical  frequency,  one  can,  at  least  in  principle,  avoid  the  problem  by  changing  the  structural  stiffness 
or  the  flight  condition.  It  is  easy  in  principle,  maybe  not  in  practice.  In  the  case  of  the  self^excited 
response,  it  occurs  over  a  wide  frequency  range.  Finally,  the  most  complicated  case  of  all  is  when  the 
interaction  of  the  structural  response  with  the  aerodynamics  changes  the  aerodynamic  forcing  function 
itself.  One  example  of  that  is  the  translatory  response  of  a  circular  cylinder  to  Karman  vortex 
shedding.  There  is  a  frequency  window  in  which  this  interaction  will  result  in  lock-on  of  the  vortices. 

In  this  case)  the  maximum  response  amplitude  does  tK>t  occur  at  the  critical  frequency,  but  at  20Z  lower 
frequency,  and  can  be  three  to  four  times  as  large  as  the  resonant  response.  In  the  Sorrento  meeting  I 
suggested  that  we  need  to  have  something  like  the  interaction  that  has  taken  place  between  the  Flight 
Dynamics  and  Fluid  Dynamics  Panels  in  the  case  of  rigid  body  dynamics.  An  initial  meeting  in  1978  in 
Athens  and  a  later  meeting  in  Gottingen  in  1985  have  proved  to  be  very  fruitful.  Professor  Forshing,  when 
summing  up  the  meeting,  expressed  similar  sentiments;  it  really  may  be  time  to  have  joint  meetings  with 
the  Fluid  Dynamics  Panel. 


Hy  second  comment  is  much  shorter.  It  is  in  regard  to  scaling,  a  subject  that  was  also  touched  upon  by 
Mr.  Habey  in  his  review  paper.  He  suggested  that  we  use  tripping  devices  to  fix  boundary  layer 
transition.  I  will  expand  on  Professor  Smith's  comments  earlier,  that  this  requires  that  you  know  exactly 
what  you  are  doing.  Unless  the  full  scale  flight  veMcle  is  flying  with  such  ^xed  boundary  layer 
transition,  you  cannot  use  fixed  transition  in  your  wlndtunnel  experiment  and  hope  to  get  dynamic 
simulation.  There  is  a  very  strong  interaction  between  vehicle  motion  and  boundary  layer  transition.  One 
example  of  it  is  the  bending  wing  response  published  by  hbybe  et  al  (J.  Aircraft,  Vol  24,  July  1984), 
where  you  can  see  that  the  structural  response  was  of  the  self-excited  type  and  could  have  led  to 
structural  failure.  Both  Hiybe  and  I  agree  that  transition  Is  the  mechanism  that  drives  that  bending 
oscillation.  What  we  can't  agree  upon,  as  readers  of  the  Journal  of  Aircraft  know,  is  the  flow  mechanism 
behind  that  interaction.  The  problem  is  that  to  guarantee  dynamic  simulation  in  the  subscale  tests,  you 
have  to  have  free  transition  if  you  have  It  in  full  scale,  and  you  have  to  test  at  the  full-scale  Reynolds 
number.  That  is  a  big  problem.  You  usually  cannot  test  at  the  full-scale  Reynolds  number.  In  a  recent 
issue  of  Progress  in  Aerospace  Sciences  (Vol.  27,  1990,  pp.  121-144)  this  problem  of  dynamic  simulation  is 
addressed,  and  it  is  suggested  that  one  possible  solution,  while  we  are  all  waiting  for  ready  access  to 
the  cryogenic  wlndtunnel,  is  to  do  subscale  testing  and  use  what  I  call  analytic  extrapolation  to  predict 
the  full-scale  vehicle  dynamics. 

Prof.  Young 

I  don't  want  to  get  involved  in  what  is  really  another  topic  for  a  big  symposium,  modelling  dynamic 
phenomena  generally*  But  I  feel  that  Dennis  Hsbey  must  have  an  opportunity  to  respond  to  that  briefly. 

Dennis  Habey 

Both  the  questions  that  have  been  addressed  are,  of  course,  very  serious.  First  of  all  I  have  been 
accused  of  treating  the  difficulties  of  fixing  transition  in  a  cavalier  fashion.  When  you  have  a  three 
day  meeting  summarized  in  thirty  minutes,  you  have  to  ride  like  a  cavalier.  I  think  the  difficulties  of 
fixing  transition  have  to  be  considered  seriously,  but  equally  they  are  often  over-emphasized.  Those  of 
you  \Aio  want  to  follow  this  controversy  more  fully  should  look  at  the  paper  that  I  presented  to  ICAS  in 
Septenber  1990  (ICAS  90-3.4.1)  which  is  the  first  half  of  a  monumental  tose  on  "A  review  of  scale  effects 
in  unsteady  flows**. 


Most  of  the  flows  that  we  have  been  conalderlog  here  are»  in  fact,  unsteady.  Whether  or  not  they  are 
steady  in  your  matheoatical  solutions,  in  reality  they  are  highly  unsteady  flows.  Transition  is  a 
phenonenon  unsteady  both  In  space  and  tlae.  If  you  are  going  to  get  that  mixed  up  with  the  other 
unsteadiness  in  the  flow,  then  you  are  going  to  be  in  trouble.  If  you  want  to  hear  the  second  half  of 
that  tome,  hopefully  that  will  be  given  at  an  AGARD  SMP  meeting  in  San  Diego  in  October  1991. 

I  would  like  to  move  on  to  the  Mini-lectures  that  lars  gave  us  on  the  different  aeroelastlc  phenomena, 
with  ^ich  most  of  us  are  familiar.  All  three  phenomena,  carefully  delineated,  are  illustrated  in  a  paper 
on  model  response  at  high  angles  of  incidence  (ICAS,  90-3-8R).  With  respect  to  the  important  question  of 
what  is  the  precise  mtion  on  the  F-18  fin,  I  will  call  two  independent  witnesses  to  prove  that  the 
phenomena  is  buffeting  and  not  single  degree  of  freedom  flutter.  The  first  witness  is  Marty  Fetman  from 
McDonnell  Douglas.  In  paper  2  of  AGARD  CP-483,  he  showed  that  starting  from  pressure  fluctuation 
measurements  on  a  rigid  model,  you  can  predict  the  same  motion  that  he  measured  on  a  correctly  scaled 
dynamic  model. 

The  second  witness  is  my  own  unpublished  work.  Generally,  in  a  buffeting  test,  the  frequency  parameter  is 
varied  simply  by  changing  the  velocity  with  a  fixed  modal  frequency.  It  is  essential,  if  you  want  to 
establish  the  type  of  phenomenon,  to  vary  the  frequency  parameter  by  changing  either  the  stiffness  (which 
is  generally  difficult)  or  the  generalized  mass.  This  is  very  easy  on  a  fin,  by  putting  on  tip  pods.  If 
you  do  an  experiment  like  that  you  can  calculate  the  buffet  excitation  parameter  as  a  range  of  frequency 
parameter  for  a  idiole  range  of  different  F-18  type  configurations.  Fbr  every  configuration  a  unique 
buffet  excitation  parameter  is  found  as  a  function  of  frequency  parameter,  despite  the  enormous  variation 
in  the  amplitude  of  the  model  motion. 

Therefore,  ladles  and  gentlemen,  in  this  particular  problem  there  is  no  aerodynamic  feedback.  Despite  the 
very  large  accelerations  measured,  which  are  astronomically  high  (as  much  as  600  or  800  g),  this  really  is 
buffeting*. 

Prof.  Young 

Perhaps  we  had  better  pass  on  from  there  quickly.  Otherwise  we  will  be  talking  about  the  P-18  even  more 
than  we  have  during  the  course  of  this  Symposiua.  Let's  go  on  to  the  slender  body  vortex  flows.  I  wonder 
whether  Professor  Gersten  would  like  to  say  something. 

Prof.  Gersten 

One  of  the  main  aspects  in  the  slender  body  session  was  asynmetry  of  the  flow.  I,  in  particular,  enjoyed 
the  paper  by  Nr.  Pidd  and  Nr.  Smith  >here  they  showed  that  with  inviscld  theory  you  can  predict  things 
quite  nicely.  The  only  drawback  is  that  you  have  to  assume  something  about  the  separation  line.  This 
could  perhaps  be  avoided  by  adding  boundary  layer  calculations  in  order  to  get  the  separation  line.  Maybe 
there  is  a  possibility  to  get  certain  information  about  the  separation  line  by  the  inviscid  theory  only, 
e.g«,  a  certain  kind  of  extended  Kutta  condition.  Bor  example,  the  proper  solutions  of  the  inviscid  flow 
case  may  be  those  with  no  singularity  at  the  separation  line,  like  in  the  two-dimensional  free-streamline 
theory.  So,  there  might  be  criteria  for  the  separation  line  even  without  a  boundary  layer  calculation.  I 
wonder  why  the  results  are  so  good  without  any  further  precise  prediction  of  the  separation  line.  So,  I 
believe,  there  is  still  space  for  the  good  old  boundary  layer  theory  or  even  for  something  simpler  which 
comes  out  of  Inviscid  theory  as  criterion  for  the  separation  line. 

Prof.  Young 

Are  there  any  other  comments  on  that  session?  1  wasn't  quite  clear,  Klaus,  whether  you  were  arguing  in 
favor  of  boundary  layer  theory  coupled  with  some  inviscid  model  or  dispensing  with  boundary  layer  theory? 

Prof.  Gersten 

Sometimes  I  wonder  why  people  go  all  the  way  Into  fbvier-Stokes  before  they  try  the  boundary  layer 
theory.  1  am  very  much  in  favor  of  the  boundary  layer  theory,  but  in  this  particular  case,  obviously  Mr. 
Pidd  and  Mr.  Smith  did  a  good  job  even  without  the  boundary  layer  theory.  I  wonder  if  this  is  so,  or  is 
there  something  behind  it? 

J.  Smith 

I  think  the  answer  to  that  is  fairly  simple.  In  fact  the  separation  line  positions  in  the  cases  that  we 
were  looking  at  are  not  very  different,  whether  the  vortex  motion  is  symmetric  or  asymmetric,  the 
difference  in  separation  line  position  is  relatively  small.  It  is  there  and,  of  course,  it  does  affect 
the  actual  forces  that  come  out.  If  we  move  the  separation  line  position,  then  we  certainly  get  different 
forces.  Ke  were  not  really  trying  to  predict  the  magnitudes  of  the  forces.  We  were  trying  to  demonstrate 
the  structure  of  the  flow.  I  think  that  if  you  want  to  go  beyond  the  question  of  the  mechanisms  that  are 
operative,  if  you  want  to  know  what  the  actual  forces  were,  then  you  have  a  very  much  more  difficult 
task.  You  would  certainly  need  a  much  more  elaborate  flow  model  than  the  slender  body  model  that  we 
used.  Well,  I  don't  really  see  how  you  are  going  to  do  it  at  all,  actually,  because  I  think  to  do  it  you 
have  to  resolve  a  very  small-scale  flow  at  the  apex  of  the  body.  1  don't  think  there  is  any  way  that  the 
Navier-Stokes  people  can  do  this.  I  think  that  the  only  way  that  we  are  going  to  get  predictable  results 
is  by  not  talking  about  pointed  bodies,  but  admitting  that  all  bodies  must  have  finite  radii  of  curvature. 

Prof.  Young 

The  next  session  was  devoted  to  Vortex  Development  and  Breakdown.  Zk.  Elsenaar  was  the  Chairman. 
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Dr.  Elsenaar 

Ju5t  a  few  rsoarks.  One  la  that  1  an  a  bit  afraid  about  Euler/Navler-Stokea  calculations  that  they  smear 
out  a  lot  of  the  details  and  a  lot  of  the  physics  of  the  flow.  The  message  of  Delery  and  others  is  that 
you  really  should  look  to  the  physics  of  the  flow  as  well  and  the  surface  topology  that  Delery  described 
is  a  good  example  of  how  you  can  do  that.  There  were  more  examples  in  the  conference,  fiut  if  you  look  at 
a  paper  like  Riley,  about  the  coupling  of  boundary  layers,  going  on  with  the  remark  that  Klaus  made,  the 
coupling  of  boundary  layer  and  invlscid  flow,  the  detail  of  physics  that  is  in  that  coupling  is  very 
important  and  you  should  look  into  this  in  your  Euler/Kavier-Stokes  calculations  as  well.  The  same 
applies  if  you  look  at  the  vortex  breakdown  phenomena.  I  was  happy  to  have  in  my  session  a  very 
fundamental  study  of  vortex  breakdown  from  Naviei^Stokes,  an  almost  empirical  study  of  experimental  study 
of  vortex  breakdown  and  an  overall  Euler/Navier-Stokes  view  of  vortex  breakdown.  It  would  be  very 
interesting  in  the  future,  I  think,  to  see  chose  three  different  approaches  combined  in  the  unified  view 
what  vortex  breakdown  really  is,  because  although  the  comparison  with  experiment  was  very  well  for  the 
paper  of  Agrawal,  I  still  don't  understand  the  reasons  why. 

Prof.  Young 

Are  there  any  other  comments  on  vortex  breakdown,  how  it  should  be  treated? 

Dr.  D«  Woodward,  RAE 

X  was  particularly  struck  in  Mr.  Agrawal's  paper  by  the  good  agreement  he  showed  between  the  vortex 
positions  calculated  by  Euler  and  Navler-Stokes.  This  contrasts  quite  markedly  with  the  large  differences 
that  I  was  showing  in  the  paper  that  1  presented.  His  wing  is  75^  leading  edge  sweep  and  the  lEPG  wing 
is,  as  we  have  heard,  65^.  Hr.  Agrawal  wait  on  to  say,  if  I  remember  correctly,  that  he  felt  that  the 
secMidary  separation  waa  having  a  major  effect  on  the  vortex  breakdown.  If  that  is  true,  then  perhaps  one 
ought  to  be  looking  more  seriously  at  vortex  breakdown  at  lower  sweeps,  where  the  secondary  separation 
influences  the  flow  development  more  severely. 

Or.  A.  Cumlngham,  General  Dynamics 

I  would  like  to  also  point  out  that  vortex  breakdown  can  be  significantly  influenced  by  downstream 
blockages,  sting  Interference,  leading  edge  shapes,  and  undersurface  interference.  There  is  also  an 
Influence  due  to  velocity,  which  I  don't  know  if  it  is  veloci^  or  Reynolds  number,  but  in  our  test  of  a 
straked  delta  wing  we  saw  a  2^  difference  in  vortex  burst  characteristics  depending  on  whether  we  were 
testing  at  30  meters  per  second  or  80  meters  per  secend.  1  would  like  to  caution  about  these  points, 
particularly  the  support  interference. 

S.  Hitzel,  Domler 

I  Just  would  like  to  give  a  short  comment  on  what  Dr.  Woodward  was  stating  on  the  paper  from  McDonneli 
Douglas.  We  had  this  discussion  before  with  the  mesh  densities.  It  was  a  typical  example  of  mesh  density 
problems.  This  was  a  mesh  quite  suitable  for  some  Euler  investigations,  keeping  in  mind  that  you  have  a 
tremendous  amount  of  numerical  viscosity  in  there.  He  used  as  far  as  1  understood,  exactly  the  same 
meshes  for  the  Kavier^Stokes  cslcultlons  and  thus  he  probably  never  revealed  the  natural  viscosity  In  the 
proper  manner.  This  is  probably  the  reason  why  you  got  alxoost  the  same  vortex  paths  and  also  a  very  good 
agreement  with  some  experimental  results.  So,  I  would  suggest  to  Invest  a  little  more  in  meshes  and  try 
again  with  the  Havier-Stokes  solution  and  compare  It  again.  This  also  may  give  some  ideas  on  the  vortex 
breakdown  phenomenon  you  calculated. 

S.  Agrawal,  McDonnell  Douglas 

The  mesh  density  is  certainly  a  critical  issue.  We  have  not  resolved  that.  We  are  resolving  that  ri^t 
now  with  me^  embedding,  higher  level  of  me^  embedding,  and  X  think  that  ought  to  make  the  comparison  a 
little  bit  better  between  the  numerical  and  experimental  data.  I  wanted  to  go  back  to  the  comment  that 
was  made  about  the  effect  of  the  secondary  vortex  oo  the  breakdown.  1  think  vhat  is  going  on  here  is  that 
the  pressure  distribution  In  the  vortex  core  Is  being  modified  by  the  presence  of  the  secondary  and 
tertiary  vortices  that  we  may  have  there  and  it  is  the  pressure  distribution  that  is  responsible  for 
breakdown.  As  far  as  how  ouch  of  an  effect  it  has  on  the  breakdown,  it  depends  on  the  Reynolds  number, 
depends  oo  the  size  of  the  secondary  vortex  which  should  be  analyzed  further.  I  think  we  are  going  to  do 
some  of  that  later  on  for  some  additional  test  cases.  A  very  quick  comment  on  the  sweep  angle  that  you 
mentioned.  The  sweep  angle  was  70^  rather  than  75^*  One  more  comment  on  Mr*  Hitzel's  remarks  about  the 
mesh  density,  the  same  mesh  being  used  for  the  Euler  and  Havier-Stokes  calculations.  That  is  1 
showed  yesterday,  same  mesh  for  both  calculations.  However,  we  bad  also  used  a  smaller  mesh,  smaller  in 
the  normal  direction,  for  the  Euler  calculations*  We  got  more  or  leas  the  same  solution.  So  the  Euler 
calculations  were  done  on  two  different  meshes,  with  no  shift  in  the  vortex  positions.  However,  the 
breakdown  locations  were  differait. 

Prof*  Young 

Perhaps  we  should  pass  on.  The  next  session  was  one  which  I  chaired  oo  Vortex  Control.  1  will  be  very 
brief.  There  were  a  number  of  interesting  papers  about  different  devices  idiich  can  be  used  in  various 
ways  to  produce  control.  Jeremy  Smith  referred  to  the  interesting  control  system  that  Jean  Ross  has  been 
working  on  using  suction  at  the  nose  of  a  body*  1  would  also  endorse  Jeren^  Smith's  query  to  Prof* 
Staufenblel  as  to  whether,  if  you  use  devices  to  break  up  tip  vortices  In  a  way  that  at  first  sign  looks 
very  promising,  what  happens  further  downstream  may  not  go  against  your  Initial  optimism;  an  aircraft 
following  in  the  wake  of  another  one,  might  still  be  subject  to  quite  large  vertical  velocities  because 
the  vortices  may  by  then  reassemble  and  resume  the  strength  that  they  had  without  the  device. 
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The  vortex  flAp  clearly  Is  a  device  of  considerable  laportance  and  effectiveness  and  it  is  perhaps  the 
only  one  of  the  devices  talked  about  for  which  we  have  sone  kind  of  physical  understanding  of  what  is 
happening.  1  would  like  to  see  iDore  work  done  on  the  other  devices  to  see  tdiat  the  physics  of  the 
processes  that  they  Induce  la.  I  %rill  offer  no  further  commts.  I  don*t  know  whether  Prof.  Staufenblel 
would  like  to  react  to  the  points  that  1  have  just  made  or  which  Jeremy  Smith  made  earlier. 

Would  anybody  else  like  to  make  a  comment  on  that  particular  session  on  vortex  control. 

Vc  will  come  now  to  the  last  session  on  unsteady  effects  for  which  Dr.  Orlik*RUckemann  was  chairman.  Have 
you  any  points  you  ^  make  on  that  session? 

Dr.  K.  Orlik*‘RUckemaon,  Canada 

I  would  like  to  comment  briefly  on  the  three  ik^pers  on  the  unsteady  wlndtunnel  experiments  that  were 
presented  this  morning  in  my  session.  If  there  was  any  common  denominator  in  these  papers*  and  In 
particular  In  papers  by  Dr.  Cunnln^iam  and  Dr.  Hanff*  it  is  that  at  rapid  manoeuvres  at  high  angles  of 
attack  the  old  linear  approach  is  no  longer  adequate.  It  is  mandatory  to  develop  prediction  methods  chat 
are  non-linear  and  that  take  Into  account  the  path  and  rate  dependency  of  the  aerodynamic  reactions,  and 
this  should  Include  time  lags  and  tine  histories.  We  need  to  present  our  data  in  a  way  that  could  make 
this  possible,  by  Introducing  new  methods  of  representing  aerodynamic  loads  such  as  perhaps  the  one 
presented  by  Dr.  Hanff  In  the  form  of  hypersurfaces.  We  also  need  a  much  better  understanding  of  unsteady 
vortical  flows  around  manoeuvring  configurations  and  we  need  non-linear  and  unsteady  CFD  codes  to 
calculate  such  flows.  The  Fluid  Dynamics  Panel  is  organising  a  Specialista'  Meeting  next  Spring,  where 
these  matters  will  be  discussed  In  more  detail. 

Prof.  Young 

Well  I  suspect  that  the  last  comment  would  be  enough  material  for  a  symposium  or  two.  There  Is  room  for 
one  more  comment  and  then  we  must  close  the  proceedings. 

B.  Masure,  France 

It  is  a  general  remark.  The  scope  and  title  of  this  meeting  was  Vortex  Flow  Aerodynamics.  In  my  mind 
wtien  you  speak  of  vortex  flow  you  think  first  of  vortex  flow  around  a  propellar;  second,  vortex  flow 
around  helicopter  rotor;  third,  vortex  flow  around  missiles;  and  fourth,  and  only  fourth,  vortex  flow 
around  wing  and  aircraft.  It  appears  that  almost  no  papers  was  presented  on  the  three  first  topics.  This 
is  for  me  a  surprise.  1  do  not  say  that  everything  was  not  interesting.  It  was  very  Interesting,  but  I 
ask  the  committee  programmers  If  they  tried  to  have  papers  on  the  two  first  topics,  l.e»,  propellar  and 
helicopter  rotor,  and  why  there  were  so  few  papers  on  missiles? 

Prof.  Young 

Well,  I  haven't  got  the  call  for  papers  In  front  of  me,  but  my  recollection  was  that  It  was  fairly 
general,  and  we  had  to  take  the  papers  that  were  submitted  and  select  those  that  would  offer  a  reasonably 
coherent  program.  I  am  not  sure  that  I  would  agree  with  you  about  putting  those  first  three  topics  before 
the  last  one.  In  my  mind  the  last  one  Is  the  most  important. 

Now  perhaps  we  should  close  the  proceedings.  At  this  stage,  it  remains  only  for  me  to  thank  all  the 
speakers,  they  presented  papers  ^ch  I  found  most  interesting  and  valuable,  and  to  also  thank  you,  the 
audience,  for  so  eagerly  and  energetically  participating  in  the  discussions  I  think  were  very 

stimulating.  Now  1  will  hand  over  to  Dr.  HcCroskey,  our  Chairman,  who  will  close  the  proceedings. 

Dr.  W.J.  McCroskey 

Thank  you  Prof.  Young.  Now  It  la  time  to  bring  this  67th  Meeting  of  the  Fluid  Dynamics  Panel  to  a  close. 
Whatever  your  secret  emotions  about  vortlcity  and  what  kinds  of  problems  it  applies  to,  or  transition 
fixing,  or  Navier-Stokes  calculations,  idiatever,  I  hope  that  you  found  the  Symposium  both  Informative  and 
stimulating  and  that  you  have  enjoyed  the  local  envlroment  as  much  as  I  hove. 

Just  a  brief  word  from  our  sponsor,  as  we  say  In  the  OS,  here  are  some  of  the  events  that  you  will  find  in 
the  A6ARD  "cable  chatnel"  in  the  near  futiire.  I  would  just  mention  in  coonecticn  with  the  last  question, 
that  we  had  a  meeting  in  Friedrlchshafen  last  May  on  "Missile  Aerodynamics".  Anyway,  we  have  in  our  1991 
program  a  pair  of  specialist  meetings  in  Toulouse  next  Spring.  One  is  on  "Effects  of  Adverse  Weather  on 
Aerodynamics",  and  a  second  one  on  "Manoeuvring  Aerodynamics"  which  mi^t  be  considered  in  some  ways  an 
extension  of  the  last  session  of  this  meeting.  Of  course,  there  is  a  lot  more  in  that  specialist's 
meeting  as  well.  In  the  f&H,  our  venue  changes  to  Texas  In  the  US  where  we  have  a  meeting  on  Aerodynamic 
Engine/Airframe  Integration.  Then  we  will  sponsor  two  special  courses  to  be  held  at  von  Karman  Institute 
and  other  locations,  as  noted  here,  "Aircraft  Dynamics  at  High  Angles  of  Attack  -  Experiments  and 
Modelling"  and  "Engineering  Methods  In  Aerodynamic  Analysis  and  Design  of  Aircraft".  These  are  closely 
related  to  our  Panel  activities  addressing  a  somewhat  different  audience  than  this  one  here. 


u®“  ‘“If °f  "y  address  In  the  Interest  of  time  and  just  say  that,  assuming  that  you 
found  something  here  to  cheer  about,  I  would  like  on  your  behalf,  the  audience,  to  thank  the  Program 

es^ciaUy  the  co-chairmen.  Dr.  Campbell  who  could  not  be  here,  and  Prof.  Young  who  served 
very  a^lrably.  We  appreciate  your  efforts  very  much.  Of  course,  we  thank  the  speakers  for  their 
participation,  and  a  special  word  to  our  technical  evaluator,  Mr.  Jeremy 
^  ®“<‘  hosts  who  kept  things  scvlng,  particularly  Captain 

So  f  "““f'*  psttlcularly  mention  Itadame  Slooff  and  Madame  Steketee,  and  also 

on  ebo  of  «  ®'^8anlte  the  spouses  program.  Successful  meetings  like  this  one  rely  heavily 

includes  our  Panel  Executive,  Dr.  Winston  Goodrich,  our  Panel  Secretary, 
Madame  Ann^Marle  Rlvault  and  the  technicians  who  operated  the  projections  and  audio  equipment  during  the 
pfff  Mr.  Kohler.  Next  to  last,  special  thanks  and  compliments  to  our  panel  musicians, 

®"’  ®f  Nf*  ««<!  fhrof.  Steketee.  That  was  really  a  special  eve^t  and 

we  appreciate  It.  Haw  to  mention  out  Interpretora  who  worked  very  hard  all  week  keeping  up  with  our 
conversations,  tea.  Hertz,  tea.  Wabbe  and  Mr.  Shir.  FlnaUy,  and  once  again,  thanks  to  you 
at  Lm  ^^®®  sentleaen,  have  a  nice  lunch  and  a  pleasant  trip  home,  but  Panel  Members  come  back 
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